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Preface

Polymer composites are increasingly used in aerospace applications because of their
excellent strength and durability compared to weight. The revised edition of this
book summarizes the latest research and developments on the design, manufacture,
and performance of composite components for aerospace structures. It provides
detailed discussion on the design, modeling, and analysis of conventional and
advanced polymer composites with an in-depth understanding of mechanical proper-
ties and long-term performance, such as strength, stiffness, impact, blast resistance,
and fatigue. The book features additional chapters on aircraft-specific topics such as
lightning strike protection, damage tolerance, and airworthiness.

Part one includes chapters on the modeling, structure, and behavior of 2D and 3D
woven composites; the manufacture processes used for composite materials and
components; buckling and compressive strength of laminates; and manufacturing
defects in composite materials. Part two discusses aspects of composite performance
in aerospace structural design, including chapters on modeling stiffness and strength
of structural elements; fatigue under uniaxial and multiaxial loads; fracture mechanics;
impact strength; crashworthiness; design and failure analysis of bolted joints; response
of aerospace composite to temperatures and humidity; blast response; repair; nonde-
structive evaluation of damage; structural health monitoring (SHM); airworthiness;
and certification.

There is general acceptance that the current practice of designing a damage-tolerant
structure is to take advantage of composite material heterogeneity and to configure the
material such that it will withstand certain types of damage and will naturally arrest its
propagation. Yet, this is a passive approach and for this reason it is subject to its own
limitations. On the other hand, the development of SHM techniques for composites is
an emerging technology, which seemingly can provide the means to enhance reliability
and safety by ensuring early detection and monitoring of damage. Predictive capabil-
ities enabling estimations of residual stiffness and strength of a composite structure
with a known state of damage are also emerging. It is envisioned that new strategies
for designing damage-resistant and -tolerant composite structures may become avail-
able, if we first develop and then synergistically combine new capabilities enabling
in-service damage detection and characterization, health monitoring, and structural
prognosis. The assurance of structural reliability of aircraft systems will greatly
enhance confidence in their safety, reduce the probability of premature failures, and
diminish the costs of operation and maintenance. The threads running through these



chapters can be drawn together, leading to an understanding of the structural behavior
and integrity of modern composite structures.

Polymer Composites in the Aerospace Industry, Second Edition is an essential
reference resource for engineers, scientists, and designers working in the development
of composite materials in aerospace applications.
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1
Constantinos Soutis
School of Mechanical, Aerospace and Civil Engineering and the Aerospace Research
Institute, University of Manchester, Manchester, United kingdom

1.1 Introduction

Composite materials have gained popularity (despite their generally high cost) in high-
performance products that need to be lightweight, yet strong enough to take high loads
such as aerospace structures (tails, wings, and fuselages), wind turbine blades, boat
construction, bicycle frames, and racing car bodies. Other uses include storage tanks
and fishing rods. Natural composites (wood and fabrics) have found applications in
aircraft from the first flight of the Wright Brothers’ Flyer 1, in North Carolina on
December 17th, 1903, to the plethora of uses now enjoyed by man-made (engineered)
composite materials on both military and civil aircraft, in addition to more exotic
applications on unmanned aerial vehicles (UAVs), space launchers, satellites, and
solar sails. Their adoption as a major contribution to aircraft structures followed on
from the discovery of carbon fiber at the Royal Aircraft Establishment at Farnborough,
UK, in 1964. However, not until the late 1960s did these new composites start to be
applied, on a demonstration basis, to military aircraft. Examples of such demonstrators
were trim tabs, spoilers, rudders, and doors. With increasing application and experi-
ence of their use came improved fibers and matrix materials (thermosets and thermo-
plastics) resulting in CFRP composites with improved mechanical properties, allowing
them to displace the more conventional materials, aluminum and titanium alloys, for
primary structures. In the following sections, the properties and structure of carbon
fibers are discussed together with thermoplastic and thermoset resins and the signifi-
cance of the interface between the fiber and the matrix (resin) that affect performance.

1.1.1 Carbon fiber types and properties

High strength, high modulus carbon fibers are about 5e6 mm in diameter and consist
of small crystallites of “turbostratic” graphite, one of the allotropic forms of carbon.
The graphite structure consists of hexagonal layers, in which the bonding is covalent
and strong (w525 kJ/mol) and there are weak Van der Waals forces (<10 kJ/mol)
between the layers [1,2]. This means that the basic crystal units are highly anisotropic;
the in-plane Young’s modulus parallel to the a-axis is approximately 1000 GPa and
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Young’s modulus parallel to the c-axis normal to the basal planes is only 30 GPa.
Alignment of the basal plane parallel to the fiber axis gives stiff fibers, which, because
of the relatively low density of around 2 Mg/m3, have extremely high values of
specific stiffness (w200 GPa/(Mg/m3)). Imperfections in alignment, introduced during
the manufacturing process result in complex-shaped voids elongated parallel to the
fiber axis. These act as stress raisers and points of weakness, leading to a reduction
in strength properties. Other sources of weakness, which are often associated with
the manufacturing method, include surface pits and macro-crystallites. The arrange-
ment of the layer planes in the cross-section of the fiber is also important since it affects
the transverse and shear properties of the fiber. Thus, for example, the normal
polyacrylonitrile-based (PAN-based) Type I carbon fibers have a thin skin of circum-
ferential layer planes and a core with random crystallites. In contrast, some mesophase
pitch-based fibers exhibit radially oriented layer structures. These different structures
result in some significant differences in the properties of the fibers, and of course, those
of the composites.

Refinements in fiber process technology over the past 20 years have led to consider-
able improvements in tensile strength (w4.5 GPa) and in strain to fracture (more than
2%) for PAN-based fibers. These can now be supplied in three basic forms, high
modulus (HM, w380 GPa), intermediate modulus (IM, w290 GPa), and high tensile
strength (HS,w4.5 GPa with a modulus of around 230 GPa). The more recent develop-
ments of the high strength fibers have led to what is known as high strain fibers, which
have strain values of 2% before fracture. The tensile stress-strain response is elastic up to
failure, and a large amount of energy is released when the fibers break in a brittle
manner. The selection of the appropriate fiber depends very much on the application.
For military aircraft, both high modulus and high strength are desirable. Satellite appli-
cations, in contrast, benefit from the use of high fiber modulus, improving stability and
stiffness for reflector dishes, antennas, and their supporting structures.

Rovings are the basic forms in which fibers are supplied, a roving being a number of
strands or bundles of filaments wound into a package or creel, the length of the roving
being up to several kilometers, depending on the package size. Rovings or tows can be
woven into fabrics, and a range of fabric constructions are available commercially,
such as plain weave, twills, and various satin weave styles, woven with a choice of
roving or tow size depending on the weight or areal density of fabric required. Fabrics
can be woven with different kinds of fiber, for example, the carbon in the weft and
glass in the warp direction, and this increases the range of properties available to
the designer. One advantage of fabrics for reinforcing purposes is their ability to drape
or conform to curved surfaces without wrinkling. It is now possible, with certain types
of knitting machines, to produce fiber performs tailored to the shape of the eventual
component. However, generally speaking, the more highly convoluted each filament
becomes, as at crossover points in woven fabrics, or as loops in knitted fabrics, the
lower its reinforcing ability.

1.1.2 Fiber-matrix interface

The fibers are surface treated during manufacture to prepare adhesion with the polymer
matrix, whether thermosetting (epoxy, polyester, phenolic, polyimide resins) or
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thermoplastic (polypropylene, Nylon 6.6, PMMA, PEEK). The fiber surface is rough-
ened by chemical etching and then coated with an appropriate size to aid bonding to
the specified matrix. Whereas composite tensile strength, primarily, is a function of
fiber properties, the ability of the matrix to both support the fibers (required for
good compression strength) and provide out-of-plane strength is, in many situations,
equally important. The aim of the material supplier is to provide a system with
a balanced set of properties. While improvements in fiber and matrix properties can
lead to the improved lamina or laminate properties, the all-important field of the
fiber-matrix interface must not be neglected.

The load acting on the matrix has to be transferred to the reinforcement via the
interface. Hence, fibers must be strongly bonded to the matrix if their high strength
and stiffness are to be imparted to the composite. The fracture behavior is also depen-
dent on the strength of the interface. A weak interface results in a low stiffness and
strength but high resistance to fracture, whereas a strong interface produces high stiff-
ness and strength but often a low resistance to fracture, i.e., brittle behavior. Conflict
therefore exists, and the designer must select the material most nearly meeting his
requirements. Other properties of a composite, such as resistance to creep, fatigue,
and environmental degradation, are also affected by the characteristics of the interface.
In these cases, the relationship between properties and interface characteristics are
generally complex, and analytical/numerical models supported by extensive
experimental evidence are required [3].

1.1.3 Resin materials

Thermoplastic materials are becoming more available; however, the more conven-
tional matrix materials currently used are thermosetting epoxies. The matrix material
is the Achilles’ heel of the composite system and limits the fiber from exhibiting its full
potential in terms of laminate properties. The matrix performs a number of functions
some of which are stabilizing the fiber in compression (providing lateral support),
translating the fiber properties into the laminate, minimizing damage due to impact
by exhibiting plastic deformation, and providing out-of-plane properties to the lami-
nate. Matrix dominated properties (interlaminar strength, compressive strength) are
reduced when the glass transition temperature is exceeded, whereas, with a dry lami-
nate this is close to the cure temperature, the inevitable moisture absorption reduces
this temperature, and hence, limits the application of very high-temperature-cure
thermoset epoxy composites to less than 120�C.

Conventional epoxy aerospace resins are designed to cure at 120e135�C or 180�C,
usually, in an autoclave or closed cavity tool at pressures up to 8 bar, occasionally with
a postcure at a higher temperature. Systems intended for high-temperature applications
maybe undergo curing at temperatures up to 350�C. The resins must have a room
temperature life beyond the time it takes to lay-up a part and have time/temperature/
viscosity suitable for handling. The resultant resin characteristics are normally
a compromise between certain desirable characteristics. For example, improved
damage tolerance performance usually causes a reduction in hot-wet compression
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properties, and if this attained by an increased thermoplastic content, then the resin
viscosity can increase significantly. Increased viscosity is especially not desired for
a resin transfer molding (RTM) resin where a viscosity of 50 cPs or less is often
required, but toughness may also be imparted by the fabric structure, such as a stitched
noncrimped fabric (NCF).

The first generation of composites introduced to aircraft construction in the 1960s
and 1970s employed brittle epoxy resin systems leading to laminated structures with a
poor tolerance to the low-energy impact caused by runway debris thrown up by aircraft
wheels or the impacts occurring during manufacture and subsequent servicing opera-
tion. Although the newer toughened epoxy systems provide improvements in this
respect, they are still not as damaged tolerant as thermoplastic materials. A measure
of damage tolerance is the laminate compression after impact (CAI) and the laminate
open-hole compressive (OHC) strengths. The ideal solution is to provide a composite
exhibiting equal OHC and CAI strengths, and although the thermoplastics are tougher,
they have not capitalized on this by yielding higher notched compression properties
than the thermoset epoxy composites. Polyetheretherketone (PEEK) is a relatively
costly thermoplastic with good mechanical properties. Carbon fiber-reinforced
PEEK is a competitor with carbon fiber/epoxies and AleCu and AleLi alloys in
the aircraft industry. On impact at relatively low energies (5e10 J) carbon fiber-
PEEK laminates show only an indentation on the impact site, whereas in carbon
fiber-epoxy systems, ultrasonic C-scans show that delamination extends a considerable
distance affecting more dramatically the residual strength and stiffness properties of
the composite. Another important advantage of carbon fiber-PEEK composites is
that they possess unlimited shelf-life at ambient temperature; the fabricator does not
have to be concerned with proportioning and mixing resins, hardeners, and accelera-
tors as with thermosets; and the reversible thermal behavior of thermoplastics means
that components can be fabricated more quickly because the lengthy cure schedules
for thermosets, sometimes extending over several hours, are eliminated.

It can be seen that in the effort to improve the through-the-thickness strength prop-
erties and impact resistance the composites industry has moved away from brittle
resins and progressed to thermoplastic resins, toughened epoxies, through damage-
tolerant methodology, Z-fiber (carbon, steel or titanium pins driven through the
z-direction to improve the through-thickness properties), stitched fabrics, stitched
performs, and the focus is now on affordability. The current phase is being directed
toward affordable processing methods, such as nonautoclave processing, nonthermal
electron beam curing by radiation, and cost-effective fabrication [4,5]. NASA Langley
in the USA claims a 100% improvement in damage tolerance performance with
stitched fabrics relative to conventional materials (ref. Advanced Composites Technol-
ogy (ACT), a program where noncrimped fabric (NCF) laminates are processed by
resin film infusion (RFI)). It is essential that if composites were to become affordable,
they must change their basic processes to get away from pre-preg material technology,
which currently results in an expensive solution, and hence, product. However,
autoclaved continuous fiber composites will still dominate for the high levels of
structural efficiency required.

6 Polymer Composites in the Aerospace Industry



1.2 Analysis and design

Aircraft design from the 1940s has been based primarily on the use of aluminum
alloys, and as such, an enormous amount of data and experience exists to facilitate
the design process. With the introduction of laminated composites that exhibit aniso-
tropic properties, the methodology of design had to be reviewed, and in many cases,
replaced. It is accepted that designs in composites should not merely replace the
metallic alloy but should take advantage of exceptional composite properties if the
most efficient designs are to evolve. Of course, the design should account for
through-thickness effects that are not encountered in the analysis of isotropic materials.
For instance, in a laminated structure, since the layers (laminae) are elastically con-
nected through their faces, shear stresses are developed on the faces of each lamina.
The transverse stresses (sz, sxz, syz), thus produced can be quite large near a free
boundary (free edge, cut-out, an open hole) and may influence the failure of the
laminate [6].

The laminate stacking sequence can significantly influence the magnitude of the
interlaminar normal and shear stresses, and thus, the stacking sequence of plies can
be important to a designer. It has been reported that the fatigue strength of a (�15/
�45)s Boron fiber/epoxy laminate is about 175 MPa lower than a (�45/�15)s laminate
of the same system. The interlaminar normal stress szz, changes from tension to
compression by changing the stacking sequence, and thus, accounts for the difference
in strengths. In this case, progressive delamination is the failure mode in fatigue.
Approximate analytical methods and numerical approaches, such as finite difference
and finite element (FE) techniques [7] can be used to analyze the interlaminar stress
distributions near free edges, open holes, bolted joints, and help to identify the
optimum fiber orientation and laminate stacking sequence for the given loading and
kinematic boundary conditions. Generally, the determination of local stress distribu-
tion in a bolted joint is a three-dimensional problem due to bending effects and clamp-
ing of the fastener. The stress state in the vicinity of a bolted hole depends on many
complex factors, such as friction properties of the members, contact problem, geome-
try, and stiffness of the joined members, joint configuration, clamping force, and
loading conditions. To precisely include all these factors in stress analysis of a joint
based on conventional analytical methods is extremely cumbersome [8e11].
Fig. 1.1 illustrates a finite element model used to analyze a single bolt fastener in a
double-lap joint and simulate the clamping force in the joint [10].

The lay-up geometry of a composite strongly affects not only crack initiation but
also crack propagation, with the result that some laminates appear highly notch sensi-
tive, whereas others are insensitive to the presence of stress concentrators [12e14],
especially in 3D woven fiber architectures [15]. The selection of fibers and resins,
how they are combined in the lay-up, and the quality of the manufactured composite
must all be carefully controlled if optimum toughness is to be achieved. Furthermore,
materials requirements for the highest tensile and shear strengths of laminates are often
incompatible with requirements for highest toughness. Compared with a fracture in
metals, research into the fracture behavior of composites is in its infancy. Much of
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the necessary theoretical framework is not yet fully developed, and there is no simple
recipe for predicting the toughness of all composites. However, we are not able to
design the structure of any composite with certainty to produce the optimum combi-
nation of strength and toughness.

In metallic and plastic materials, even relatively brittle ones, energy is dissipated in
nonelastic deformation mechanisms in the region of the crack tip. This energy is lost in
moving dislocations in metal and viscoelastic flow or craze formation in a polymer.
In composites stressed parallel to the fiber axis, the fibers interfere with crack growth,
but their effectiveness depends on how strongly they are bonded to the matrix (resin).
For example, if the fiber/matrix bond is strong, the crack may run through both fibers
and matrix without deviation, in which case, the composite toughness would be low
and approximately equal to the sum of the separate component toughness. On the other
hand, if the bond is weak, the crack path becomes very complex, and many separate
damage mechanisms may then contribute to the overall fracture work of the composite.
For example, a brittle polymer or epoxy resin with a fracture energy G y 0.1 KJm�2

and brittle glass fibers with Gy 0.01 KJm�2 can be combined together in composites,
some of which have fracture energies of up to 100 kJm�2. For an explanation of such a
large effect, we must look beyond simple addition [16,17].

If the crack is oriented parallel to the fibers and is subjected either to tensile stresses
perpendicular to the fibers or shear stresses parallel to them, the fibers have little influ-
ence on crack propagation. In these circumstances, a weak fiber-matrix bond can cause
the crack to propagate rapidly along the fiber/matrix interface. If the interface bond is

Top plate     Bolt head

Washer

Middle plate            
(half of thickness)                            

Radial clearance
Bolt shank        

Figure 1.1 A finite element solid bolt model, where the clamping force is represented by a
negative displacement at the bottom surface of the bolt shank [10].
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stronger than stresses required to fail the matrix in either shear or direct stress, crack
growth is largely a function of matrix strength and toughness.

Fracture in composite materials seldom occurs catastrophically without warning but
tends to be progressive, with substantial damage widely dispersed through the mate-
rial. Tensile loading can produce matrix cracking, fiber bridging, fiber pull-out,
fiber/matrix debonding, and fiber rupture, which provide extra toughness and delay
failure [16]. The fracture behavior of the composite can be reasonably well explained
in terms of some summation of the contributions from these mechanisms, but as said
earlier, it is not yet possible to design a laminated composite to have a given toughness.

Another important modeling issue is the fatigue life of the composite. In contrast to
homogeneous metallic materials, in which fatigue failure generally occurs by the initi-
ation and propagation of a single crack, the fatigue process in composite materials is
very complex and involves several damage modes, including fiber/matrix de-bonding,
matrix cracking, delamination, and fiber fracture (tensile or compressive failure in the
form of fiber microbuckling or kinking); Fig. 1.2 shows a typical fiber microbuckling
failure observed in currently used carbon fiber/epoxy systems [18,19]. By a combina-
tion of these processes, widespread damage develops throughout the bulk of the
composite and leads to a permanent degradation in mechanical properties, notably,
laminate stiffness and residual strength [20,21]. Despite these complexities, the
in-plane fatigue strength of both glass and carbon fiber laminates is significantly
superior to most metallic alloys, to such an extent that in-plane fatigue durability is
no longer a design issue. As in the static loading case, it is the out-of-plane fatigue
properties which can limit design strains, and this is where 3D textile composites
may be found attractive [22,23].

Although these complexities (free edge effects, impact damage, joints, fatigue life
prediction) lengthen the design process, they are more than compensated for by the
mass savings and improvements in aerodynamic efficiency that result. The finite
element analysis is also a crucial component, and the biggest time-saving strides
have been in the user-friendly developments in creating the data and interpreting the
results using modern, sophisticated graphical user interfaces. The key is using
parametric software to generate geometry and meshes.It used to take Boeing (Phantom
Works) in St Louis, USA, more than 6 months to perform the initial FE element
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Figure 1.2 Fiber kinking induced by fiber instability or fiber microbuckling observed in a
carbon fiber/epoxy laminate; fiber diameter is about 6 m [18].
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stiffness and strength analysis for a complete aircraft; now, this takes less than 3 weeks
with a handful of engineers, and composites have become more attractive and econom-
ically viable.

The majority of aircraft control-lift surfaces produced has a single degree of
curvature due to the limitation of metal fabrication techniques. Improvements in
aerodynamic efficiency can be obtained by moving to double curvature allowing,
for example, the production of variable camber, twisted wings. Composites and mod-
ern mold tools allow the shape to be tailored to meet the required performance targets
at various points in the flying envelope. A further benefit is the ability to tailor the aero-
elasticity of the surface to improve the aerodynamic performance further. This
tailoring can involve adopting laminate configurations that allow the cross-coupling
of flexure and torsion, such that, wing twist can result from bending and vice-versa.
Finite element analysis allows this process of aeroelastic tailoring, along with strength
and dynamic stiffness (flutter) requirements to be performed automatically with a
minimum of postanalysis engineering yielding a minimum mass solution.

Early composite designs were replicas of those, which employed metallic materials,
and as a result, the high material cost and man-hour-intensive laminate production
jeopardized their acceptance. This was compounded by the increase in assembly costs
due to initial difficulties of machining and hole production. The cost is directly propor-
tional to the number of parts in the assembly and, as a consequence, designs and manu-
facture techniques had to be modified to integrate parts, thereby reducing the number
of associated fasteners. A number of avenues are available for reducing the parts count,
such as the use of integrally stiffened structures, co-curing or co-bonding of substruc-
tures onto lift surfaces like the wings and stabilizers, and the use of honeycomb
sandwich panels. Hand lay-up techniques and conventional assembly results in
manufacturing costs 60% higher than the datum and only with the progressive intro-
duction of automated lay-up and advanced assembly techniques, composites compete
with their metallic counterparts. Also, the introduction of virtual reality and virtual
manufacturing will play an enormous role in further reducing the overall cost. The
use of virtual reality models in engineering prior to manufacturing to identify potential
problems is relatively new but has already demonstrated great potential. Bell Textron
in the USA made significant use of IT during the product definition phase (for the V22
Osprey Tilt-rotor, Fig. 1.3) to ensure “right first-time” approach. Other manufacturing
tools that can reduce production cost and make composites more attractive are Virtual
Fabrication (creating parts from raw materials), Virtual Assembly (creation of assem-
bly from parts), Virtual Factory (evaluation of the shop floor). Virtual manufacturing
validates the product definition and optimizes the product cost; it reduces rework and
improves learning, making Industry 4.0 possible, and the smart factory for composites
a reality. Industry 4.0 is a name given to the current trend of automation and data
exchange in manufacturing technologies, commonly referred to as the fourth industrial
revolution. It includes cyber-physical systemsdphysical assets connected to digital
twinsdthe Industrial Internet of Things (IIoT), cloud computing and cognitive
computing, data analytics, 3D printing, and artificial intelligence. With Industry 4.0,
the physical world is merging with the virtual world. PLM Software from Siemens
is an example of how this can work [24]. The software is used to virtually develop
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and extensively test products even before a single screw is turned in real life. With this
technology, products reach the market as much as 50% faster, with at least the same
level of quality achieved without PLM. This is possible thanks to simulation with a
digital twinda virtual image of the product into which different designs of its
individual components can be inserted and tested along the entire development chain.
This approach was used to simulate the landing of the Mars Curiosity Rover in 2012.
The landing was tested 8000 times using Siemens PLM software.

Information technology, telecommunications, and manufacturing are merging, as
the means of production becomes increasingly autonomous. However, it is impossible
to say what smart factories will exactly look like in the future. The smart factory,
sometimes referred to as “the factory of the future” is the keystone of the fourth indus-
trial revolution. Indeed, it is often represented as the aggregate of all the Industry 4.0
technologies, the IIoT, and systems. One possible scenario in the factory of the future,
whereby connecting equipment up to the cloud environment, the machines will
organize themselves to a great extent, delivery chains will automatically assemble
themselves, and orders will transform directly into production information and flow
into the production process. Still, people will remain essential in an Industry 4.0
worlddas the creative leaders and thinkers who will use their intelligence to conceive
of all the processes and procedures in advance and who will write the right software to
convey that information to machines. Then the challenge arises of how to improve and
optimize human-machine interaction and whether this can also be achieved by big data
analytics.

1.3 Manufacturing techniques

The largest proportion of carbon fiber composites used in primary class-one structures
is fabricated by placing layer upon layer of unidirectional (UD) material to the

Figure 1.3 V22-Osprey Tilt-rotor plane.
Photo by C. Soutis.
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designer’s requirement in terms of ply profile and fiber orientation. On less critical
items, woven fabrics very often replace the prime unidirectional form. A number of
techniques have been developed for the accurate placement of the material, ranging
from labor-intensive hand lay-up techniques to those requiring high capital investment
in automatic tape layers (ATLs). Tape-laying machines operating under numerical
control are currently limited in production applications to flat lay-up or gently curved
panels, and significant effort is being directed by machine manufacturers at over-
coming these problems associated with laying on more complex contoured surfaces.
The width of UD tape applied varies considerably from about 150 mm down to a
single tow for curved structures. The need for individual tows or a single wideband
should always be a compromise between surface geometry and the manufacturing
throughput. Simple geometries over large surface areas are typically approached by
industry with w150 mm (w6}) wide tapes. While this solution may adequately handle
the overall simple geometry, localized pad-ups and occlusions may still demand hand
lay-up or pre-kitted plies and hand trimming on the part surface. Complex ATL
systems with “flying knife” technology may trim to a perfect edge of ply, but the scrap
generated needs to be removed by hand. This precision capability adds to machinery
complexity, which increases cost and manufacturing time.

In general, the cost of ATL machinery is high, and deposition rates low. In 1988, the
first Cincinnati tape layer was installed in the Phantom Works, and in 1995, a 7-axis
Ingersol fiber placement machine was installed. This gave the capability to steer fibers
within an envelope of 40 ft � 20 ft with a 32-tow capability. An over-wing panel had
been manufactured which was able to steer around cut-outs. Collaboration with DASA
on global optimization software was completed at the end of 1998. This software is
claimed to have produced a 13% weight saving. Other applications include an engine
cowling door, ducting with a complex structure, FA18 E/F, and T45 horizontal stabi-
lizer skins. Its capacity was extended to take a 6-inch wide tape, and Boeing 777 has
been converted from hand lay-up to fiber placed (back to back then split) spars with a
saving of $5000 per set. Bell Textron has a 10-axis Ingersol, contoured, automatic tape
laying machine for the B609 skin lay-up, which is placing a six in wide T300 tape onto
an inner mold line Invar tool with preinstalled hat stringers. Fiber placement and
filament winding technologies are also being used to manufacture components for
the V22 [4].

Once the component is laid-up on the mold enclosed in a flexible bag tailored
approximately to the desired shape and the assembly is enclosed usually in an auto-
clave, a pressure vessel designed to contain a gas at pressures generally up to
1.5 MPa and fitted with a means of raising the internal temperature to that required
to cure the resin. The flexible bag is first evacuated, thereby removing trapped air
and organic vapors from the composite, after which the chamber is pressurized to
provide additional consolidation during cure. The process produces structures of
low porosity of less than 1% and high mechanical integrity. Large autoclaves have
been installed in the aircraft industry capable of accommodating complete wing or
tail sections.

Alternatively, low-cost nonautoclave processing methods, such as the vacuum
molding (VM), resin transfer molding (RTM), vacuum-assisted RTM (VARTM),
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and resin film infusion (RFI), can be used. The vacuum molding process makes use of
atmospheric pressure to consolidate the material while curing, thereby obviating the
need for an autoclave or a hydraulic press. The laminate in the form of preimpregnated
fibers or fabric is placed on a single mold surface and is overlaid by a flexible mem-
brane, which is sealed around the edges of the mold by a suitable clamping arrange-
ment. The space between the mold and the membrane is then evacuated, and the
vacuum is maintained until the resin has cured. Quite large, thin shell moldings can
be made in this way at a low cost. The majority of systems suitable for vacuum
only processing are cured at 60e120�C and then postcured typically at 180�C to fully
develop properties. In 1991, the evaluation of this method started at the Phantom
Works using the resin system LTM10 (low-temperature molding), and they created
a small allowables database for their X36 fighter research aircraft study. In 1996,
McDonnel Douglas characterized LTM45 EL for the Joint Strike Force (JSF) proto-
type and generated design allowable data. In 1998, Boeing also produced LTM45
EL data. LTM10 applications demonstrated for complex parts with a 140�F cure under
vacuum include a serpent inlet duct. A box using LTM10 was shown at the 1998
Farnborough Air show. A research program at NASA Langley invested effort at the
development of 180�C material properties using low-temperature curing resins.
The main advantages of LTM systems are the potential to use autoclave free cures,
the use of cheaper tooling and reduced spring-back of parts.

RTM and RFI are the predominant curing processes among the several variations
being developed today. In traditional preimpregnated (prepreg) technology, the resin
has already infiltrated the fibers and processing mainly removes air and volatiles,
consolidates and cures. RTM, in its simplest form, involves a fabric preform being
placed in an enclosed cavity and resin forced into the mold to fill the gaps under pres-
sure and cure. The RFI method utilizes precast resin tiles with thickness ranging from
0.125 to 0.25 in. This approach reduces the number of consumables used but is very
process sensitive relying on the resin being of sufficiently low permeability to fully
impregnate the fabric before cure advances too far. The use of an autoclave or press
to apply pressure varies. The RFI process is being applied within the Advanced
Composites Technology (ACT) Program in conjunction with traditional autoclave
processing. Heat is the energy source to activate the resin cure, but some resin systems
can be activated by radiation. It is claimed that thermal oven processing could save
90% of autoclave processing time and energy, and hence, 50% cost. There is also a
radiation curing process developed jointly by NASA and Advanced Composites
Group (ACG) and of innovative electron beam cured structures being developed by
Foster-Miller, Lockheed Martin, and Oakridge National Laboratories in the USA [4].

The Vacuum Assisted RTM (VARTM) is a liquid resin infusion process and is
currently considered by the aircraft industry to be the favored low-cost manufacturing
process for the future. It is an autoclave-free process that has been identified as
reducing the cost of component processing. It is reported that dimensional tolerance
and mass measurements are comparable with stitched RFI autoclave panels. A conven-
tional blade stiffened test panel (3 ft � 2 ft with a 4} high blades 0.5} thick) was
manufactured recently at NASA by using the VARTM method achieving a reasonable
quality.
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Further cost reduction when manufacturing with composites will be achieved by
reducing the assembly cost, by moving away from fastening (drilling of thousands
of holes followed by fastener insertion and sealing) toward bonding and to assembly
with less or no expensive jigging. Bell Textron, among others, built and developed
several structures (for the V22 and B609) where they applied state-of-the-art compos-
ites technology/processes to achieve a unitized approach to manufacturing and assem-
bly. There are, of course, significant certification challenges with an adhesively bonded
joint without fasteners for a primary aircraft structure application that needs to be
addressed.

The airliner Boeing 787 and the Airbus A350 XWB (Extra Wide Body) where the
fuselage, wing box, and wings are mostly made of CFRP composites still require
assembly with thousands of mechanical fasteners, since it is the easiest and least
expensive way to meet current certification requirements, which mandate proof that
each and every adhesively bonded joint will not separate and cause structural failure
should it reach its critical design load. Many in the industry argue that the full cost
and weight savings of composites cannot be realized until bonded joints can be
certified without fasteners.

In 2018, research effort by the aircraft industry in USA and EU offered the hope of
building reliability into the bonding process and of gauging final bond strength via a
coordinated certification system that includes design, process control, and quality
assurance.

1.4 Applications in aircraft construction

In the pioneering days of flight aircraft structures were composite being fabricated
largely of wood (natural composite), wire, and fabric. Aluminum alloys took over in
the 1930s and have dominated the industry until recent time. Wooden structures
did, however, persist until World War II and the de Havilland Mosquito aircraft
(DH98) constructed of a plywood-balsa-plywood sandwich laminate probably repre-
sents the high point of engineering design with wood. The DH91 Albatross airliner
in 1937 was molded as a ply-balsa-ply sandwich construction, and the Spitfire fuselage
in 1940 was designed and built of Gordon Aerolite material that was a phenolic resin
incorporating untwisted flax fibers that could be regarded as the precursor of modern
fiber-reinforced plastics.

Current civil aircraft applications have concentrated on replacing the secondary
structure with fibrous composites where the reinforcement media have either been
carbon, glass, Kevlar, or hybrids of these. The matrix material, a thermosetting epoxy
system is either a 125 or 180�C curing system with the latter becoming dominant
because of its greater tolerance to environmental degradation. Typical examples of
the extensive application of composites in this manner are the Boeing 757, 767, and
777 and from Europe the Airbus A310, A320, A330, and A340 airliners. The A310
carries a vertical stabilizer (8.3 m high by 7.8 m wide at the base) a primary aerody-
namic and structural member fabricated in its entirety from carbon composite

14 Polymer Composites in the Aerospace Industry



(now £10e20/kg for large tow HS fiber) with a total weight saving of almost 400 kg
when compared with the Al alloy unit previously used. In addition, the CFRP fin box
comprises only 95 parts excluding fasteners, compared with 2076 parts in the metal
unit, thus making it easier to produce. The A320 has extended the use of composites
to the horizontal stabilizer in addition to the plethora of panels and secondary control
surfaces, leading to a weight saving of 800 kg over Al alloy skin construction. As an
indication of the benefit of such weight saving, it has been estimated that 1 kg weight
reduction saves over 2900 L of fuel per year. From nose to tail, Airbus continues to
utilize advanced composites in its A320neo narrow-body airliner launched in 2010
and introduced by Lufthansa on 25 January 2016 with improved fuel efficiency and
much-reduced noise and emissions.

Larger amounts of FRPs are used in the bigger A330, A340 models, and of course,
in the A380 superjumbo airliner built by the European Airbus consortium. The wing
trailing edge panels are made of glass and carbon fiber-reinforced plastics using a new
resin film infusion method (RFI), in which resin film, interleaved between glass and
carbon fabric layers, when the laminate is laid up, melts when the heat is applied.
Melted low-viscosity resin migrates easily through the thickness of the laminate, where
it cures to form the final component. A hybrid aluminum/glass-reinforced plastic
system (GLARE) is used for the A380 fuselage crown, Fig. 1.4, which results in
reduced weight, increased damage tolerance, and improved fatigue life.

Figure 1.4 A380 all-composite tail assembly (empennage) with Glare fuselage crown.
Photo by C. Soutis, Farnborough Air Show, July 2018.
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The application of CFRP reached new proportions with the A350 XWB, which
boasts the application of composites throughout the structure with an amount of
52% by weight. Most of the wing is carbon fiber (CF) made, including the upper
and lower covers, measuring 32 m long by 6 m wide, making them among the largest
single aviation parts ever made from CF. According to Airbus, the A350 requires 50%
fewer structure maintenance tasks, while the threshold for airframe checks is 12 years
compared to 8 years for the A380.

Similarly, the new Boeing 787 Dreamliner structure, including the fuselage, wings,
tail, doors, and the interior is made of over 50% by weight composite materials (80%
by volume). The all-composite fuselage made it the first composite airliner in produc-
tion (its first flight was before the A350). Each fuselage barrel is manufactured in one
piece (about 45 ft long) eliminating the need of more than 50,000 fasteners used in
conventional aircraft building. However, major assembly issues with the composite
fuselage sections were encountered that caused long delays in delivering the aircraft
to the customer and there were problems with what was coming out of the autoclave,
which is certainly a costly experience. Other technical issues that had to be resolved
were on safety with electromagnetic hazards like lightning strikes, since the polymer
material does not conduct away electric energy. Another major worry, but mostly for
the operator, will be damage detection, which as it was said earlier occurs mainly inter-
nally and becomes difficult to detect. Soutis and coworkers [25e29] have demon-
strated the possibility of using a linear array of piezoelectric transducers for the
detection of delaminations and other modes of damage in composite plates. In order
to detect low-velocity impact damage in multidirectional laminates they employed
the fundamental antisymmetric A0 Lamb mode at frequencies of 15e20 kHz;
Fig. 1.5 illustrates an ultrasonic C-scan image of the undamaged and damaged config-
uration together with time of flight method used to detect the location of damage; its
location was calculated with an error of just 2.3% from the actual position [27].
Electromagnetic sensors have also been developed and applied successfully to nonde-
structively detect impact-induced delaminations [30]. Some success, but further
research and development in damage detection is required, especially on monitoring
bonded repair [31,32] and structural health monitoring of repaired configurations
[33e35]. Fig. 1.6 illustrates the test set up for bending fatigue of a patch repaired
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Figure 1.5 (a) An ultrasonic C-scan image (across the width, W) of undamaged and 2 J impact
damaged laminate and (b) response of pristine and damaged composite plate [29].
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helicopter stabilizer, where PZT transducers were employed for Lamb waves moni-
toring [36]. In that study, composite bonded patch repairs have been performed and
successfully monitored, but for them to be certified by the Aviation Authorities a
robust real-time damage monitoring system will be required, where signals are not
affected by the service environment.

Composites have been used in Bell helicopters (Dallas Fort Worth, USA) since the
1980s following their advanced composites airframe program (ACAP) when they were
able to achieve a 20% reduction in weight on metallic airframes. All blades on their
newer vehicles (412, 407, 427, 214, 609, OH58D, V22) are all composite. The V22
Osprey tilt-rotor has a composite fuselage stiffened skin and an all-composite wing,
chosen for its stiffness critical design, which was only possible in composites at low
enough weight. The skins of the V22 wing are I-stiffened with cobonded spars and
bolted on ribs (the civil 609 version will use bonded ribs). It should be noted that
buckling can generate severe stresses in the bond line between skin and stiffeners.
Early demonstrators (from the 1960s onwards) did not meet expectations until
composites were available. The pylon support spindle is currently filament wound,
but it is planned to have fiber replace this part. Over 60% of the whole vehicle weight
is carbon composite, plus a further 12% in GRP. The V22 uses tape laying, hand
lay-up, and filament winding for most of the composite construction but is moving
to fiber placement for the 609 civil version [4]. Mechanical fastening features heavily
in the composite structure, some 3000 each side of the wing, is introduced by manual
drilling with templates, but they are looking toward the use of automated drilling and
probably involving water jet cutting.

Other examples where composites are extensively applied are the new military
cargo Airbus A400M and the tail of the C17 (USA). A 62 ft C-17 tail demonstrator
has been successfully completed yielding 4300 fewer parts (including fasteners),

Figure 1.6 A composite bonded patch repair of a helicopter stabilizer with PZT transducers for
Lamb wave SHM monitoring [36].
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weight reduced by 20% (260 kg) and cost by 50% compared with the existing metal
tail. The A400M is a long-range military transport aircraft, has a much larger payload
(37,000 kg) than the C-160 Transall and C-130, and the design makes extensive use of
composite materials, Fig. 1.7. The first A400M aircraft was officially rolled out in June
2008, and the long-awaited maiden flight took place on 11 December 2009.

Without exception all agile fighter aircraft currently being designed or built in the
USA and Europe (e.g., JSF/F-35 and the European Typhoon, Fig. 1.8) contain about
40% of composites in the structural mass, covering some 70% of the surface area of the
aircraft. The essential agility of the a/c would be lost if this amount of composite
material was not used because of the consequential mass increase.

Many of the materials, processes, and manufacturing methods discussed earlier in
the chapter have been implemented in their construction. Another interesting and rela-
tively new field of development in the military aircraft sphere is that of “stealth,”
a concept that requires the designer to achieve the smallest possible radar
cross-section (RCS), to reduce the chances of early detection by defending radar
sets. The essential compound curvature of the airframe with a constant change of
radius is much easier to form in composites than in metal while radar-absorbent
material (RAM) can be effectively produced in composites [37].

Figure 1.7 Composite tail of the A400M long-range aircraft.
Photo by C Soutis.
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1.5 Conclusion

The application of carbon fiber has developed from small-scale technology demonstra-
tors in the 1970s to large structures today. From being a very expensive exotic material
when first developed relatively a few years ago, the price of carbon fiber has dropped
to about £10/kg, which has increased applications such that the aerospace market
accounts for only 20% of all production [38,39]. The main advantages provided by
CFRP include mass and part reduction, complex shape manufacture, reduced scrap,
improved fatigue life, design optimization, and generally improved corrosion resis-
tance. The main challenges restricting their use are material and processing costs,
damage tolerance, repair and inspection, dimensional tolerance, and conservatism
associated with uncertainties about relatively new and sometimes variable materials.
Claims of 100% improvement in damage tolerance performance with stitched fabrics
(3D woven fabrics) relative to conventional pre-preg materials are made; however,
autoclaved continuous fiber composites will still dominate for the high levels of
structural efficiency required in primary aircraft structures.

Carbon fiber composites are here to stay in terms of future aircraft construction
since significant weight savings can be achieved. For secondary structures, weight
savings approaching 40% are feasible by using composites instead of light metal
alloys, while for primary structures, such as wings and fuselages 20% is more realistic.
These figures can always improve, but innovation is the key to making composites
more affordable. Some recent progress on composites failure analysis and design,
where modern finite elements techniques have been employed to simulate blast
behavior of fiber metal laminates [39] and model resin cracking and delamination
developed during an impact event or a bolted joint are reported in Refs. [40,41].

Figure 1.8 The Typhoon jet fighter, Eurofighter.
Photo by C. Soutis.
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The reader will be informed in the following chapters of the publication of the latest
developments on new materials, 2D and 3D woven architectures, fabrication
techniques, environmental effects (temperature and humidity), fracture and fatigue,
design and analysis of impact, crash (at laminate and component level) and blast
energy absorption, joints, in addition to repair, nondestructive evaluation and
real-time structural health monitoring.
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2.1 Introduction

Textile, and more narrowly, woven composites are an important class of high-
performance composite materials, used in aerospace. In the production of composite
parts, the use of textile reinforcements brings benefits in handability of the fabrics
and easier applicability of closed-mold processes. In performance, due to the interlac-
ing of yarns in textile, damage tolerance is improved in comparison with unidirectional
cross-ply laminates, even if stiffness and strength are to a certain extent compromised
because of yarn crimp, inherent for textile reinforcements. For the general introduction
in the field of textile reinforcements and textile composites, as well as modeling of a
dry textile behavior during forming, the reader is referred to the classical works [1e3],
books [4e7], on-line encyclopedia [8,9], and proceedings of conference series on
textile composites (the latest was TexComp-13, Milan, 2018 [10]), which can serve
as a starting point for studying the current literature.

Modeling of textile composites may be seen as an integrated simulation process that
involves two integration paths. On the one hand, the behavior of a composite (be it in
processing or in performance) is determined by its reinforcement fibrous architecture.
This dictates the necessity to develop a scale integration of the models: from micro-
scale, representing the local behavior of dry or impregnated fibrous yarns and plies,
through mesoscale, corresponding to a unit cell (representative volume element,
RVE) of textile reinforcement up to macroscale analysis of a composite part. On the
other hand, processing of a composite (involving reinforcement deformation in
draping, its impregnation, and the material consolidation) defines the final reinforce-
ment architecture, as well as its defects (voids, fiber misplacement). Hence, the perfor-
mance models on all the scale levels should be integrated with process models. Fig. 2.1
illustrates this integration of models.

This chapter is dedicated to meso-level modeling of internal architecture, mechan-
ical behavior, and damage of 2D and 3D woven composites, focusing on meso-level
models of a textile reinforcement unit cell. The chapter is intended to represent
personal views and approach of the authors in the context of the state-of-the-art rather
than a review of the current literature and the history of the subject; therefore the
reference list is by no means exhaustive.
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For adequately representing property-structure dependencies between the reinforce-
ment woven architecture and mechanical behavior of the composite, it is necessary first
to introduce a generic way for a description of the internal geometry of a woven unit
cell. The geometrical models and algorithms of weave coding are general enough to
cover all 2D and 3D weaves used as composite reinforcements. Then two types of
mechanical models of a woven composite are presented. Calculation of the composite
stiffness can be based, of course, on a finite element (FE) model of the unit cell and
rigorous asymptotic homogenization theory. However, less rigorous homogenization,
employing representation of the unit cell with an assembly of Eshelby inclusions,
which are subject to Mori-Tanaka homogenization scheme, give quite adequate predic-
tions of the full stiffness matrix of the composite even for complex weaves, accounting
for peculiarities of the architecture better than simple iso-strain orientation averaging.
When details of the stress-strain distribution in the composite, damage behavior, and
ultimate strength of the composite is the simulation goal, a full representation of the
geometry and use of finite elements becomes indispensable. The chapter explores
both approachesdinclusion and meso-FE models.

2.2 Architecture of a woven unit cell

2.2.1 2D and 3D weave topology and geometry

The mathematical description of the weave topology is the first necessary step in
modeling the architecture of the unit cell. The matrix weave coding for 3D fabrics,
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Impregnation
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Figure 2.1 Integration of textile composite models.
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described here, was proposed in Refs. [11,12], and is implemented in the software
WiseTex [13] with GUI for definition and editing the weave (the images in this chapter
are produced using this software). Note that this approach differs from the approach
used in Refs. [14e16], who aim at technological issues, such as, for example, the
shedding lifting plan for a loom. In Ref. [17] the specific matrix coding is applied
to produce 3D images of a fabric, and their approach is closer to the one described here.

Consider a warp-interlaced 3D weave (rather “multilayered” weave) e Fig. 2.2.
The topological coding of a multilayered weave is based on the warp yarns paths.
The i-th warp path is coded by a sequence of intersection levels wijddenoting either
the index number of the weft layer situated above the warp yarn in its intersection with
the jk -th weft row, or 0, if the warp yarn lies on the face of the fabric. Let a fabric have
L weft layers. Then warp in intersections with the weft can occupy Lþ1 levels, level
0 corresponding to the face of the fabric, level Ldto the back of the fabric. Each warp
can be now coded as a sequence of level codes, and the entire weavedas a matrix, as
shown in Fig. 2.2. The matrix coding of a one-layer weave also represents a checker-
board pattern, if level 0 were identified with a black square, level 1dwith a white
square Fig. 2.2(b). In the pattern shown in Fig. 2.2(a), all the warps are situated side
by side. It is very often in composite reinforcements that warps are also layered,
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Figure 2.2 Matrix coding of a multilayered weave: (a) building the matrix; (b) warp in zones;
(c) angle interlock; (d) “missing weft” algorithm.
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as shown in Fig. 2.2(c). Paths of the warps, in this case, can also be coded as a
sequence of level codes. For representing their layered positioning, a notion of warp
zones is introduced. A warp zone is a set of warp yarns layered one over another.
The yarns going through the thickness of a fabric are called Z-yarns.

Once a weave coding is defined, an analysis of the weave matrix allows answering
questions about mutual positions of the yarns. Consider a warp yarn between two in-
tersections with weft. Which weft yarns is it interacting with in these intersections?
What is its position vis-�a-vis these yarns? An answer to these questions is evident
for one-layer weave, but for multilayered weaves, it needs analysis of the weave
code. Knowing these answers allows, on the one hand, the definition of interactions
between warp and weft, which is needed for building a geometrical model of the
unit cell based on mechanics of these interactions, and on the other hand, the definition
of contacts between the yarn needed for the creation of meso-level finite element
models.

Consider a warp yarn first, e.g., the first warp yarn in Fig. 2.2(a), up. Its level codes
are {wi} ¼ {0,2,4,2}. The yarn can be subdivided into crimp intervals, which constitute
a part of the yarn between two intersections. At the first crimp interval, the yarn is
supported (interacts with at the ends of the interval) with weft yarns in the layers
l1
1 ¼ 1 and l1

2 ¼ 2 (the subscript gives the number of the crimp interval, the superscript
identifies one of its ends). The yarn is situated above its supporting weft at the left end
of the crimp interval and below the supporting weft at the right end.

The intersection codes and parameters of crimp intervals of warp are used to
construct the same description for weft yarn. Consider a weft yarn i at layer l. First,
looking up the lists of crimp interval parameters, find the first warp which has in its
lists li

1 ¼ l or li
2 ¼ l (i.e., supported by the weft yarn i at layer l). This would be the

left end of the first crimp interval on the weft yarn. The support warp number is
thus found, and the position sign of the weft would be inverse to the position sign
of the warp. Then find the next warp yarn supported by the weft (l,i). This would
be the right end of the first crimp interval on the weft yarn and the left end of the second
crimp interval. Continue until all the crimp intervals would be defined. Note that in
multilayered structures the number of crimp intervals on a weft yarn can be smaller
than the total number of the warp zones. For example, the first weft yarn in the first
layer of the weave Fig. 2.2(a), up (eight warp zones) has only five crimp intervals,
as it does not intersect with three of the Z-yarns.

The matrix coding is further developed to represent weaves, which do not have
necessarily the same number/placement of the weft yarns in the weft rows/layers
(d). The topology on Fig. 2.2(d) can be in principle described by the coding explained
above (with a shift of weft layers when the geometry is built), but this will not lead to
an adequate reconstruction of the yarn shapes. The simple solution to represent such
weaves is to skip weft yarns in certain positionsda “missing weft” algorithm [18].
This is done by introducing Boolean values WEli, which are true if the weft yarn is
present in the position (l,i) and false if not. When processing the weave topology,
the weft yarns with WEli ¼ false are considered as not present. The coding based on
the intersection levels can be further developed for more complex yarn paths. First,
a modification of the matrix coding is needed to take into account the eventual
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“missing”wefts. To describe cases where a warp yarn goes through space where a weft
yarn has been removed, negative values for the matrix coding have been introduced
(Fig. 2.2(d)). Consider a missing weft on the first weft layer number L: if a warp
goes through this empty space, the corresponding value of the matrix coding will be
equal to -L. In this case, the matrix coding value does not correspond directly to the
supporting weft layer but indicates the position of the warp yarn in the weft network.
Then a modified algorithm of the definition of supporting wefts is used to decide which
of the above or below weft yarn is considered as supportive.

Once crimp intervals are defined, the spatial positions of the interval ends should be
defined. These positions depend on yarn cross-section dimensions and yarn crimp
heights. These parameters of the yarn geometry can be either measured on the actual
composite or calculated using textile mechanics models for relaxed fabric and the
fabric compressed and deformed during composite production. The reader is referred
to Refs. [13,19] for a description of these models. With the interval ends defined, the
full yarn paths are reconstructed by connecting the interval ends with curves satisfying
the contact conditions of the supporting yarns in the interval and the least elastic
energy requirements between the supports. The result is the full geometrical model
of the fabric unit cell, which defines the yarn volumes and direction of the fibers inside
the yarns.

2.2.2 Geometrical model: yarn volumes

The geometrical description of the fabric unit cell, outlined in the previous section, is
constructed using the specific textile information, such as weave codes, ends/picks
spacing, and retains this information. For further transformation into input data for
micromechanical models and finite element models of the unit cell, the geometrical
description is transformed into yarn volume definition. The format of the latter is
unified for different textile structures (woven, braided, knitted), which are character-
ized by certain spatial arrangement of yarns in periodically repeating unit cells.
The yarn volume description loses the particularities of the specific textile. It “forgets”
that the unit cell represents a certain weave or knitted pattern. However, it contains all
the information necessary to reconstruct the volumes of the yarn, local fiber volume
fraction, and fiber direction inside them. The gain is generality and the unification
of the data format.

The yarn volume description data is shown in Fig. 2.3. The midline of the yarn
is given by an array of the spatial positions of the centers of the yarn cross-sections
O: r(s), where s is the coordinate along the midline, r is the radius-vector of the point
O. Let t(s) be the tangent to the midline at point O. The cross-section of the yarn,
normal to t, is defined by its dimensions d1(s) and d2(s) along axes a1(s) and a2(s).
These axes are “glued” with the cross-section and rotate around t(s); if the yarn is
twisted along its path Because of this rotation the system [a1,a2,t] may differ from
the natural coordinate system along the spatial path [n,b,t] (t ¼ dr/ds, n ¼ dt/ds,
b ¼ t � n). The shape of the cross-section can be assumed to be elliptical, lenticular,
etc. The shape type does not change along the yarn, but dimensions d1 and d2 can
change because of varying compression of the yarn in the contact zones and between
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them. The reader is referred to Ref. [20] for more details of the yarn geometry
description.

Based on the yarn volume description, the fibrous structure of the yarn, or, more
generally, the fibrous structure of the unit cell is described as follows. Consider a point
P and the fibers in the vicinity of this point. The fibrous assembly can be characterized
by physical and mechanical parameters of the fibers near the point (which are not
necessarily the same in all points of the fabric), fiber volume fraction Vf and direction
f of them. If the point does not lie inside a yarn, then Vf ¼ 0 and f is not defined. For a
point inside a yarn, fibrous properties are easily calculated, providing that the fibrous
structure of the yarn/ply in the virgin state is known and its dependency of local
compression of the yarn/ply, bending and twisting of the yarn are given. Searching
the cross-sections of the yarns, cross-sections Si ¼ S(si) and Siþ1 ¼ S(siþ1) (s is a co-
ordinate along the yarn midline) containing between their planes the point P, are found
(binary search in the unit cell volume is employed to speed up the calculations). Then,
using interpolation by s, the cross-section S(s), which plane contains the point P, is
built. By using the dimensions of the cross-section S, for a given shape of it, point
P is identified as lying inside or outside the yarn. In the former case, with the position
of the point P inside the yarn known, using the model of the yarn microstructure, the
parameters of the fibrous assembly in the vicinity of the point P are calculated.

2.2.3 Transformation of the geometry into FE model

Geometrically, woven reinforcement is a very complex object. During weaving, yarns
are interlaced, stretched, and compacted. Yarns, being compliant transversely, are
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Figure 2.3 Geometry of yarn volumes: (a) a set of cross-sections defining the yarn volume;
(b) the parameters of a cross-section; (c) fiber parameters near a point P in a yarn.
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diversely shaped due to interactions with mold and with each other. An ideal meso-
scale model must capture the main geometric features of the textile architecture
without running into excessive nuances of its highly uncertain geometry.

In this paragraph, we select the most important criteria of correspondence of a
model to reality. Then, we overview both the peculiarities of textile reinforcement,
which must be accounted for in an ideal damage model and the requirements to the
solid models asserted by various finite element (FE) approaches. Mesoscale 3D FE
models available in the literature are classified according to the selected geometric
features. Models of 2D braided composites are included in the overview to give a
wider perspective. In many aspects, challenges for modeling 2D braided and 2D
woven yarn architectures are exactly the same.

2.2.3.1 Geometrical challenges

Interyarn fiber and yarn volume fractions. Within the mesoscale modeling para-
digm, yarns are considered as a continuous solid medium with effective properties,
which are primarily governed by the fiber volume fraction (FVF). The correct overall
FVF (o-FVF) is an obligatory feature of any acceptable model as it has to match the
fabric areal density, resin content, and specific composite weight. The o-FVF is deter-
mined as the product of the yarn volume fraction (YVF) and the local intrayarn FVF
(iy-FVF). The latter depends on the yarn compressibility, the pressure used for preform
consolidation, and even the matrix viscosity.

As will be shown below, it is difficult to match the correct iy-FVF using a simple
representation of yarn geometry. In general practice, certain freedom for an interplay
of o-FVF and iy-FVF is deemed acceptable: yarn volume is generally taken lower to
allow for simpler yarn cross-section shapes, and the iy-FVF is then increased to
compensate discrepancy in the o-FVF. There is a natural constraint to this approach:
yarns have a fiber packing limit.

Experimental studies of various textile composites show that the maximum possible
values of iy-FVF are in a relatively narrow band. Summarizing various observations
across literature (e.g., Refs. [21e23]) it can be stated that (1) actual iy-FVF can hardly
exceed 75% and in most cases it is lower, (2) the o-FVF for some typical textile
composites is rather high (above 50%) and can exceed 60%. That gives the YFV of
70%e80% and higher, which is not easy to achieve in a model.

Composite thickness and ply nesting. Actual composite thickness is another
“must-comply” requirement, not only because it directly relates to the o-VFV, but
also because it delimits the span of the yarn walk from one unit cell surface to the other
one. Consequently, it governs the out-of-plane yarn crimp. The geometry of interply
boundaries is stochastic due to noncontrolled positioning and nesting of the plies.
In an extreme case of very open architecture, the maximum local one-ply thickness
of may exceed 100% of the average ply thickness and minimum local ply thickness
will be zero [24]. The nested plies exhibit at least 5%e10% higher compaction than
the single-ply 2D preforms [23]. Hence, a conventional model with a flat ply surface
has at least 10% higher iy-FVF than in reality and underestimates yarn crimp.
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In contrast to 2D woven and braided fabrics, yarns of various layers in 3D fabrics
are stacked regularly. Hence, nesting in 3D weaves appears to be less pronounced
except for the cases of unbalanced fabric patterns [25].

Yarn spacing overlap and side crimp. Comparing the compressibility limits of
single-ply twill fabric, and yarns extracted from this fabric leads to an important insight
into fabric topology [23]. Conventional geometrical models of fabrics imply that yarn
width is smaller than the interyarn distance. It means that for balanced and sparse
fabrics, the yarn thickness constitutes half of the ply thickness. However, in the
case of dense fabric, the yarn width exceeds the interyarn distance and overlaps the
neighboring yarns of the same direction. In other words, the weft yarns are squeezed
between two parallel warp yarns and vice versa. Disregarding the yarn overlap may
result in underestimating yarn volume and overestimating iy-FVF: 30% for a sheared
fabric and above 10% error for a simple orthogonal configuration. Another conse-
quence of the yarn overlap is the side crimp of the yarns.

Local fiber volume fractions. Fibers are distributed non-uniformly within the
yarns. Experimental measurements show that the distribution of fibers in yarn can
vary and be up to 15% lower at the yarn edges than in the middle zone [26e28].
In contrast, the local FVF in the overlap configurations may be up to 30% higher at
the edges. Introduction of the local FVF variation within given iy-VFV constraints
reduces o-FVF. This is why accounting for FVF variation is often treated as an unnec-
essary luxury. On the other hand, the introduction of FVF variation may be useful for
FEA to smooth down artificial stress concentration imposed by the edges (see below).

2.2.3.2 Overview of 3D meso-FE models

Table 2.1 aims to give a flavor of typical models created during the past 20 years. The
selection of the discussed models is restricted by full 3D FE models of unit cells, where
the yarn paths are continuous and smooth (voxel models are discussed below sepa-
rately). The list does not include (semi-) analytical, orientation averaging, inclusion,
discrete mosaic models as far as they are founded on completely different modeling
principles.

To classify geometric features, we select two thresholds for FVF. The values above
75% of iy-FVF are called high or excessive. Models with such iy-FVF do not neces-
sarily exaggerate the actual fiber packing. The 75% boundary shows the models
created at their geometrical limits. Likewise, moderate and low iy-FVF does not
mean a better quality or a higher precision of the models. Relatively low o-FVF of
considered sparse architectures (in the range of 22%e46%) does not push these
models against the iy-FVF roof. The category of particular interest is populated by
the models for dense architectures, where the o-FVF is high, and iy-FVF is still within
the realistic limits. The threshold for o-FVF was selected as 50%, though woven
fabrics can be much denser (up to 60%) and 3D woven triaxial systems may have a
lower o-FVF limit (w45%).

The other factors that indirectly influence yarn crimp and o-FVF are nestings, ply
waviness, side interaction of yarns, and yarn overlap. If they are not in a model, it may
mean that either these peculiarities have not been observed in the studied materials or
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they have not been taken into account. The overview aims at giving an overall picture,
rather than demanding all the models to have the same level of geometric refinement.

Some published models are not intended for the description of actual fibrous geom-
etry, but rather discuss general concepts and modeling principles, such as boundary
conditions [29e32], peculiarities of stress distribution [33,34], material model [35]
or a finite element approach [36]. These models are not included in the table. Table 2.1
summarizes other known models that are targeted at the prediction of mechanical
properties and where iy-FVF or o-FVF is specified.

The presented summary illustrates the actual complexity of the problem. Despite
vast efforts from the research community, a realistic description of the fabric remains
a challenge in many practically relevant cases. The vast majority of mesoscale models
of 2D woven or braided composites in the past and till date consider composite plies to

Table 2.1 Summary of mesoscale 3D FE composite models.

Parameter References

iy- FVF and o-FVF High/excessive iy-FVF (>75%) [24,37] ¼ [38] ¼ [39]a

(for graphite and carbon), [40e44] ¼ [24,45,46] ¼ [47]
(lenticular cross-sections), [48e50] ¼ [51e53]

Moderate/low iy-FVF (<¼75%)b [37] (glass), [21,54e60],
[61] ¼ [62e65] (twill), [66e68] ¼ [69e79]
o-FVF >¼ 50% and iy-FVF <¼75% [21,46] ¼ [80] ¼ [81]
(flattened cross-sections), [74] (o-FVF ¼ 49%), [52]
(through binder yarns 89% iy-FVF), [82e84]

Nesting and ply
waviness

Flat laminate [85,86] (modeling top ply of a laminate), [82]
(modeling three-ply laminate), [83]
(modeling four-ply laminate), [87]
(CT reconstruction of 8-ply laminate and
modeling 2 nested plies)

Curved laminate [85,86]
(modeling three-ply laminate on cylindrical tool)

FVF variation across
yarn

Employed [28,44]

Edges Sharp edges
[21,31,37,38,40,41,54,58,59,61,62,67,68,71e73,88e90]
Blunt edges [50,52,82]
Elliptical edges [57,59,63], [91,91]
Rectangular or trapezoid with sharp corners [64,66,71,74]
Complex shapes (result of premodeling) [48,49,85]

Interyarn/interply
matrix layer

Inserted [24,42,44], [24,57,59,63,65] [31,48,68,88]
[48,73,79,90,92], [52,76,91,93]

Direct interyarn contact [21,37] ¼ [38] ¼ [39,40,46] ¼ [47],
[45,51,55,56,58], [54,64,66,67,72,74,82], [77,78,83,94]

a"¼"Denotes the fact that the same or similar geometrical model has been employed.
bo-FVF is in the range of (22%e46%) if sometimes specified.
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be limited by two straight parallel ply boundaries. This approach dramatically
constrains the space available for yarns or leads to unrealistic matrix pockets, compro-
mises the actual YVF, and resolves in either excessive iy-FVF or unrealistically low
o-FVF. Considerate progress has been made in the recent years to generate realistic
geometries with full considerations of nonorthogonal reinforcement [59,60] and
modeling multiaxial reinforcement with three or more interlacing yarns [24,43,71].
Promising modeling of nested architectures has been demonstrated by Iarve et al.
[86], Pickett et al. [85], Grail et al. [83] followed by the exploiting this modeling
approach by Doitrand et al. [77,94], Wehrkamp-Richter et al. [82], Sevenois et al.
[87]. In Refs. [21,74], the composite architectures were made through the detailed
reconstruction of the actual geometry. In Ref. [50], it has been achieved through
employing a particular flattened cross-section shape. In [6] contact compaction
modeling served as a basis for mechanical model construction. In Ref. [82], a sophis-
ticated yarn surface matching algorithm was developed. In Ref. [87], the reconstructed
architecture of nested laminates is compared with the modeling approach, where
neighboring plies are shifted and brought together.

Some features of textile architecture remain to be tough challenges for modeling:

(1) Apart from the cases when the deformation of reinforcement is modeled in direct consoli-
dation/forming simulations, the side interaction of yarns and yarn overlap have rarely
been approached and examined in the textile architectures. However, it is essential both
for preform density, laminate thickness, and yarn crimp. Lomov et al. [95] and Wendling
et al. [96] suggested analytical algorithms enabling the inclusion of this feature in the model.

(2) Manufacturing induced features have massive implications on mechanical properties and
structural performance of textile composites. At present, only a few of the published models
demonstrate the ability to take these features into account. While preform shearing resultant
from forming and draping is paid attention to in Refs. [59,97], geometrical distortions of unit
cells related to corner features, gradients in consolidation pressure, irregularities of yarn
spacing present substantial difficulties from the modeling point of view. One of the essential
issues in modeling these geometries come from the fact that their characteristic scale is
significantly larger than the unit cell size. El Said et al. [98,99] demonstrated mechanical
modeling of composite with 3D reinforcement formed over a complex tool through direct
stimulation of compaction and forming processes.

(3) Recent progress with modeling nesting in textile laminate is a significant step forward but
does not address nesting of plies oriented at an angle to each other. This is a fundamental
challenge not only from the geometrical point of view but also because the conventional
multiscale framework for modeling materials is based on periodic boundary conditions.
The periodicity assumption fails to address non-matching unit cell patterns in the interacting
plies which have their individual geometrical configurations.

2.2.3.3 Paths forward

As the history of research shows, reconstruction of the internal geometry demands
complex solid modeling of yarn volumes. Perhaps, the most promising concept is
direct mesoscale modeling of fabrics. Miao et al. [100] have employed the digital
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element method, where yarns are modeled as chains of truss elements. The output
example of such an approach is shown in Ref. [101] for the case of 3D woven com-
posite. A similar concept has been employed by Mahadik and Hallett [102], Green
et al. [103], El Said et al. [98,99], Joglekar and Pankow [104], Tsukrov et al. [48]
for modeling 3D woven fabrics and Thompson et al. [105] for 2D textile laminate.
Iarve [86] has also applied this approach to get braided geometry and handle the prob-
lem of nesting. Pickett et al. [85] have reconstructed a fragment of three-ply triaxial
braided composites by (1) modeling braiding process with 1D beam elements, (2)
inflating yarns along with solving contact problem. Stig and Hallstr€om [49] employed
a similar strategy to reproduce the yarn geometry of a fragment of a 3D woven com-
posite. Solid modeling of yarns volumes under compaction as preprocessor for the me-
chanical volume has been suggested by Grail et al. [83] and demonstrated for the case
of nested laminate. Nilakantan et al. [106] suggested an iterative algorithm of unit cell
based on the thermal growth of yarn volumes.

Robitaille et al. [107] started 3D modeling of yarn volumes considering the 2D
geometries of the yarn volume projections on unit cell faces. Then tow surfaces are
constructed based on predefined yarn midlines and interaction of yarns with unit
cell boundaries, as well as with each other. Hivet et al. [108,109] have introduced a
so-called model for the non-intersecting yarn volumes with a variable nonsymmetrical
cross-sectional shape of the yarn. Wendling et al. [96] developed an algorithm for
modeling 3D interlock fabrics based on detailed considerations of various yarn inter-
action modes. Isart et al. [110,111] suggested an analytical approach to high fidelity
reconstruction of orthogonal interlock woven composites based on examination of
composite cross-sections. Another modeling philosophy is based on a direct conver-
sion of micro-CT measurements into a voxel model of representative elements.
Good examples of such an approach have been presented by Straumit et al.
[112e114], Vanaerschot et al. [115e118], Sevenois et al. [87], Rinaldi et al. [119].
This approach, although requiring high-resolution measurements of the architecture
and numerical algorithms to track fiber orientation, allows releasing assumptions asso-
ciated with geometrical or mechanical modeling of textile reinforcement.

2.2.3.4 Specifics of finite element modeling of textile
composites

In traditional finite element models, the tractions and displacement are continuous
across the yarn-yarn and yarn-matrix interface boundaries. The elements cannot be
shared between different materials, but the nodes on the interfaces belong to the ele-
ments of both the phases. The mesh continuity demands an ideal geometrical match
between the volumes of matrix and yarns. Adjacent yarns can either contact each other
directly or be separated by a thin layer of matrixdTable 2.1. In reality, the thickness of
the matrix layer does not exceed the interfiber distance, i.e., just a few
micrometers. Obviously, the need for quality meshing forces to make the layer
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much thickerdcomparable to the yarn thickness. There are two reasons for using this
feature in a model:

(1) It is easier to generate and mesh the volumes of yarns independently. The inter-yarn matrix
layer connects these volumes.

(2) The matrix layer guarantees that there is no interface where three different materials meet,
i.e., two yarns and matrix. It has been shown by Sihn et al. [33,34] that such contact leads to
stress singularity.

Inserting a matrix layer leads to a number of problems. Its finite thickness impacts
the YVF and, consequently, raises the iy-FVF. On the other hand, a very thin layer
inevitably leads to highly distorted elements and poor quality of stress approximation
in that region.

Another problem associated with the interfaces is the shape of yarn edges. In most
cases, the yarn cross-section contours look seemingly sharp. Lenticular-like yarn
cross-section edges are typical for 2D woven architectures due to yarn spreading under
compacting pressure. The razor blade tips create a substantial stress concentration both
in the matrix and the yarn volumes. Moreover, the neighboring edges of contacting
warp and weft yarns create a scissoring effect, which is particularly pronounced in
the matrix at off-axis loadings. In reality, there is no physical edge: dispersed fibers
are held together by the matrix spreading continuously from the volume within the
yarn to the matrix pocket volume. Hence, the stress concentration caused by intro-
ducing a yarn-matrix boundary is rather artificial. This statement is supported by the
experimental observations indicating that damage hardly ever initiates at the yarn
edges.

In general, these variations of the geometry may have a distinct effect on the local
stress. It means that at a certain level of geometry refinement the model becomes
unstable in the sense of a system (geometrical input)-(mechanical output). This under-
standing poses the question of how sophisticated should a model be.

Various numerical schemes are used to resolve the problem of matrix pocket mesh-
ing. For instance, within the Domain Superposition Technique (DST) [36,120e125]
yarn and matrix meshes share the same space. Independent meshes interact through
the integration points of the elements. The yarn stiffness is reduced to account for
the combined action of these volumes. Hence, the matrix can mesh with regular
elements. The extended finite element formulation (X-FEM) [70] deals with the prob-
lem by enriching the shape function of an element with additional degrees of freedom,
allowing the strain discontinuity. Thus, a rough mesh can contain a complex yarn-
matrix boundary crossing the element in arbitrary locations. In Ref. [85] the yarn
volumes mesh independently and the elements are connected through the numerical
meshless method: Smooth Particle Hydrodynamics (SPH).The Independent Mesh
Method (IMM) [86] combines rough mesh within the yarns with local voxel-type
refinement in the vicinity of the interface.

The voxel meshing follows the route of a very fine discretization of the unit cell and
offers a highly attractive feature of a versatile, robust, and universal mesh tool. A sig-
nificant volume of mesoscale models is following the voxel meshing route to generate
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geometrically complex architectures, where yarn geometry is created in prior compac-
tion or geometrical modeling [84,98,99,103,110,126,127]. In many cases, voxel treat-
ment allows generating a correct balance of iy-FVF and o-FVF (e.g., Ref. [103]e
58.5% o-FVF, 70% iy-VF for 3D woven fabric). On the other hand, a rough step-
wise representation of yarn surfaces results in spurious stress concentration and numer-
ical noise. This creates a challenge for mesh-independent stress analysis and damage
modeling. A promising solution to this problem was suggested by Fang et al. [127]
where stress is smoothed in a postprocessing operation by locally averaging the stress
field. The paper also showed the importance of such postprocessing operation to pre-
dict damage pattern correctly.

2.3 Stiffness modeling: method of inclusions

2.3.1 Analytical approaches to stiffness calculations

Due to the inherent symmetry of as-produced textile fabrics, woven composite plates
are orthotropic. Their stiffness can be represented by engineering constants: Young
modules Eii, shear modules Gij and Poisson coefficients nij, i,j ¼ 1.3. If the reinforce-
ment is deformed during the production of the composite, or if the preform is net-
shaped, or for some knitted performs, then the assumption of orthotropy does not
necessarily apply, and the full stiffness matrix has to be introduced.

The stiffness of woven reinforcements made of yarns, which are straight in-plane,
can be calculated, as a first rough approximation, using the Classical Laminate Theory
(CLT), which considers an equivalent cross-ply laminate with ply directions corre-
sponding to the principal directions of the yarns in the textile composite, the thickness
and fiber volume fraction are the same as in the textile composite, and the thickness of
the plies is proportional to the amount of the fibers with the corresponding direction.
Such a calculation provides an overestimation of the woven composite stiffness
because yarn crimp causes deviation of the fiber directions from the cross-ply laminate
model. For the engineering constants in fiber directions, the CLT-calculated modules
can be corrected using empirical knock-down factors, which would account for crimp.
With low out-of-plane inclination angles, such a calculation gives acceptable results,
especially for modules in the fiber direction.

More elaborate approaches have to be used to account for the crimp. Calculation of
the homogenized stiffness must take into account the fact that the fibers are organized
into impregnated yarns; hence, the homogenization calculation should be two-step:
first, homogenize the stiffness of the impregnated yarns, second, homogenize the stiff-
ness of the unit cell, taking into account their orientation.

Impregnated yarns are considered as UD reinforced composites (twist of the yarns
used in composite reinforcement is normally negligible) with the given fiber volume
fraction Vy

f ; this value is determined by the dimensions of the cross-section of the
yarn (which can differ from point to point in the unit cell, but most often assumed
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to be constant) and the number of fibers inside the yarn, given by the fiber count or yarn
linear density:

Vy
f ¼

Ty
Ay$rf

¼ Nf Af

Ay

where T is linear density, Adcross-section area, rddensity, Nfdnumber of fibers in
the yarn, subscript “f ” means “fiber,” “y”d“yarn.” With the fiber volume fraction Vy

f
given, homogenized stiffness of the impregnated yarn can be calculated using one or
another set of micromechanical formulae for UD plies, for example, Chamis formulae
[128]:
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where E is the Young modulus, Gdshear modulus, n e Poisson coefficient; sub- or
superscript “f ” means “fiber,” “y” e “yarn,” “m” e matrix; axis one of the Cartesian
coordinate system 123 is aligned with the fiber direction.

Another alternative, the closed-form expressions for Mori-Tanaka homogenization
can be found in Ref. [129].

Once the homogenization of the impregnated yarns is performed, the homogenized
stiffness of the textile composite can be calculated using different methods. The
simplest one, orientation averaging (OA) (also called fabric geometry model) [130]
uses the iso-strain assumption for the unit cell of the textile composite. Based on
the geometry of the reinforcements, N groups of segments of the yarns are defined
inside the unit cell, so that inside a group i the orientation of the fibers (or centerline
of the yarn) is approximated by the coordinate system CSi, aligned with the fibers. Vi

y is
the volume fraction of the impregnated yarn segments belonging to the group i. In the
geometrical model described in the previous section, the segments represent the yarn
volumes between the subsequent yarn cross-sections. The homogenized stiffness of
the composite is then calculated as

Ceff ½GCS� ¼Cm½GCS�,ð1� VyÞ þ
XN
i¼1

Cy
i ½CSi/GCS�,Vi

y; Vy ¼
XN
i¼1

Vi
y

(2.1)
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where Ceff is averaged stiffness matrix of the composite, Cm e stiffness of the matrix,
Cy e homogenized stiffness of the impregnated yarns; Vy is the total volume fraction
of the impregnated yarns. All the stiffness matrices are written in or transformed into
the global coordinate system (GCS).

With all the simplicity of the OA method, it produces reasonable predictions for the
fiber-dominated properties and low crimp when deviations from the iso-strain assump-
tion play a minor role. For off-axis properties, or for cases when transverse parts of the
reinforcement (for example, weft yarns for warp direction loading) play an important
role, or in the presence of high-crimp yarns (for example, 3D reinforcements with
significant fraction of binder) the iso-strain assumption is not valid anymore, and
quality of the OA predictions is decreased. There are approaches which combine
iso-strain and iso-stress formulations [3], but these approaches leave open the choice
of the combination rules open, which makes their predictive abilities limited.

This chapter describes the method of the stiffness homogenization for textile
composites based on Eshelby solution of the elastic problem for an ellipsoidal inclu-
sion and Mori-Tanaka homogenization scheme. The approach was proposed by Huys-
mans et al. [131e134] and is successfully applied to very different textile composites,
woven [135], braided [136], and knitted [131,132]. In short, the approach is called
method of inclusions (MoI). It was extended to the modeling of visco-elastic behavior
[137].

2.3.2 Method of inclusions and Mori-Tanaka homogenization

MoI homogenization of a heterogeneous medium, which should have a homogeneous
matrix with a second (discontinuous) phase, or more phases of reinforcement
embedded in it, is done via the following steps:

1. Build a geometrical model of the RVE of the reinforcement
2. Subdivide the reinforcement into elements, which somehow could be represented as

ellipsoids.
3. Consider the assembly of the ellipsoidal inclusions in the matrix
4. Using properties of the reinforcement, assign stiffness tensors to the inclusions (micro-

homogenization may be performed on this step)
5. Apply the Mori-Tanaka/Eshelby theory to calculate the equivalent stiffness of the RVE

The application of MoI is straightforward if the reinforcing particles/fibers are short,
slender, straight, and can be effectively approximated as ellipsoids. For textile compos-
ites, with well-organized structure (vs. randomness in short fiber composites) and
consist of crimped yarns (vs. straight, short fibers), a mechanically equivalent assem-
bly of inclusions should be constructed first. This is based on the segmentation of the
yarn geometry described in Section 2.

First, elastic properties of each impregnated yarn segment are calculated using
homogenization formulae (for example, Chamis’ above) for the unidirectional array
of fibers, using local fiber volume fraction at the segment, properties of the fibers
and elastic properties of the matrix. The result is the stiffness matrix Cy

i , expressed
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in the local 123 coordinate system. Then each yarn segment is represented by an ellip-
soidal inclusion with the axis

a1¼ad1; a2 ¼ ad2; a3 ¼ l
ffiffiffiffiffiffiffiffiffi
a1a2

p

where a is the volume correction coefficient, and the elongation l depending on the
curvature of the yarn segment:

l ¼ 3:14
Rffiffiffiffiffiffiffiffiffi
d1d2

p

where R is the radius of curvature of the yarn path in the segment (Fig. 2.4). The
volume correction factor a ensures that the volume of the inclusion is equal to the
volume of the yarn segment. The stiffness of the inclusion in the local coordinate

(a)

(b)

R

a3

a1

a2

Figure 2.4 Equivalent ellipsoidal inclusions for yarn segments: (a) a scheme of the inclusion
parameters; (b) an inclusion set for 3D woven unit cell.
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system CSi is equal to Cy
i . Note that the spatial location of the inclusions is irrelevant

for the Mori-Tanaka homogenization; the only important geometrical factors are
orientation and elongation of the inclusions.

Fig. 2.4(b) illustrates the inclusion assembly for a very rough segmentation of yarns
in a 3D woven reinforcement.

Once the inclusion assembly has been constructed, the homogenized stiffness
matrix of the composite is calculated as follows. First, calculate Eshelby tensors Si
for the inclusions [138,139] in local coordinates CSi. Transform the result in the global
coordinate system GCS. Then calculate the strain concentration tensors for all the
inclusions:

Ai ¼ Am
i

 
cmIþ

X
i

cjAm
j

!�1

(2.2)

where I is the unit tensor, ci are relative volumes of the inclusions, cm is the relative
volume of the matrix:

cmþ
X
i

cj ¼ 1 (2.3)

and Am
i are calculated as:

Am
i ¼ �Iþ SiC�1

m ðCi � CmÞ
��1

(2.4)

The homogenized stiffness matrix Ceff of the composite is then calculated as

Ceff ¼Cm þ
X
i

ciðCi � CmÞAi (2.5)

For the iso-strain assumption Si ¼ 0 (strain in inclusions equal the far-field strain),
Ai ¼ I, and formulae (2e5) are reduced to Eq. (2.1).

2.3.3 Example: 3D angle interlock composites

This case study [18] considers carbon/epoxy ply-to-ply interlock woven composites,
with the textile structure illustrated in Fig. 2.5. The full weave pattern is defined in
several warp and weft plans by shifting the position of warp interlacing yarns. The
aim of the parametric study is to establish dependency of the mechanical properties
of the composite (presented below as normalized values) on the fiber volume fraction
and spacing of the weft. As the warp spacing is fixed by the dimensions of the reed
during the weaving process, this parameter is not investigated.

The geometrical model is built using the “missing weft” approach described in
Section 2. Fig. 2.5(a) illustrates the placement of the supporting wefts for a given
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warp yarn. Fig. 2.5(a) and Table 2.2 compare geometry calculated by WiseTex with
experimentally measured shapes of the yarn.

WiseTex models of this interlock fabric have been created with the evolution of the
pick spacing. For representing the real materials, fiber volume fraction has to remain
constant in the composite models and equal to 58%. Compression was then applied to
maintain the fiber volume fraction at the level of 58%. This means that the thickness of
WiseTexmodels and samples decreases with pick spacing. The average interlock angle
decreases, and the warp/weft ratio in the unit cell increases in the warp direction but
decreases in the weft direction. The undulations in the warp path imposed by the tight-
ened weft network for low pick spacing are attenuated when the fabric becomes looser.
The effect of these changes in the geometry on the elastic mechanical properties is
discussed below.

The evolution of modulus in the warp direction is shown in Fig. 2.6(a). We notice
first a strong increase of the modulus. This can be explained by both the increase of
warp ratio in the unit cell and by the decreasing interlock angle. The orientation of
warp yarns becomes closer to the x-axis, increasing mechanical properties in this
direction. Fig. 2.6(b) shows the evolution of the modulus in weft direction. We notice
a drop of the modulus with the increase of the pick spacing. Only the drop of the weft
ratio in the unit cell is responsible for this. Indeed, an increase of the pick spacing has
no effect on crimp or orientation of the weft yarns. The results of homogenization in
the thickness direction shows that modulus in the thickness direction remains con-
stant when pick spacing is increased. However, the modulus in Z direction should
decrease because of the decrease of interlock angle caused by the rise of the pick

Weft

Warp

Warp direction Weft direction

(a) (b)

Figure 2.5 Angle interlock fabric: (a) warp plan for the ply-to-ply interlock fabric and definition
of the interlacing sites; (b) cross-sections calculated (above) and observed (below).

Table 2.2 Parameters of the angle interlock fabric.

Warp crimp (%) Well crimp (%) Average interlock angle (degrees)

Measured 1.44 1.49 9.2

Calculated 1.5 1.5 8.0
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spacing, which means fewer fibers in the thickness direction. Indeed, compression was
used to maintain constant fiber volume fraction of the unit cells, compression that has
increased intrayarns fiber volume fraction, and transverse properties of yarns. This
means that the decrease of Ezz that should be observed is balanced by this increase
of transverse properties of yarns, introduced by compression of the fabric. Shear
modulus is influenced by the orientation of fibers in xz plane, which means interlock
angle. That what is shown in Fig. 2.6(c) with the first model where warp yarns are
straight in the interlock direction. The increase of pick spacing, which causes a dimi-
nution of interlock angle, for effect, has an important drop of Gxz modulus. The intro-
duction of a crimp in the interlock angle direction with the second model causes a
strong decrease of Gxz for lower pick spacing. Then the decrease of Gxz that should
occur is balanced by the progressive elimination of local undulations in the interlock
direction while increasing pick spacing. No experimental characterization of this
behavior has been achieved for validation, but this result shows the importance of
yarn crimp in the three main directions. Finally, Fig. 2.6(d) shows a linear dependence
of the modulus with fiber volume fraction, and this is for the two different pick
spacings.

All these mechanical results demonstrate the ability of 3D woven fabrics to be
adjusted to requirements and cover a wide range of mechanical properties by modi-
fying weaving or manufacturing parameters, such as spacing between yarns or fiber
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Figure 2.6 Dependencies of mechanical properties of angle interlock reinforced composite on
parameters of the reinforcement (normalized values): (a) Young’s modulus in the warp
direction, Vf ¼ 58%; (b) Young’s modulus in the weft direction, Vf ¼ 58%; (c) shear
modulus, Vf ¼ 58%; (d) Young’s moduli versus fiber volume fraction, PS1 and PS2 refer to
two values of the pick spacing.
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volume fraction of the composite. Databases of materials can be built, in order to help
design or selection of these 3D textile reinforced composites.

2.4 Stress and strength modeling: FE analysis

2.4.1 Stress modeling

The previous investigations [30,31] have clearly illustrated the dependence of the
mesoscale stresses on (a) the number of plies in laminate, (b) the distance between a
ply and composite surface, (c) the position of plies relatively to each other. Hence,
the interaction of plies has a dramatic effect on intrayarn crack initiation, inter-ply
delamination, longitudinal splitting, and stress in fibers. For instance, consider two
material configurations of a carbon-epoxy twill composite differing in a position of
the plies relative to each other. The shift between the plies is of an order of just a
few millimeters. However, it appears that there is a strong contrast in stress states.
Failure criteria predict 1.7 times difference between the load levels at damage initia-
tion, 2.5 times difference in delamination occurrence and 1.3 times difference between
the expected strengths. These studies also show that the crack onset must be different
in outer and inner plies, and 1-ply composite behaves differently than a thick laminate.
In other words, one ply of the composite is representative neither in the sense of stress
distribution nor in regards to the damage pattern. For avoiding the modeling of the full
laminate stack, a multiscale concept based on laminate decomposition has been
proposed [31]. It allows construction of boundary conditions for one ply in a laminate
explicitly taking into account the position within a laminate, number of plies, and inter-
ply configuration. This concept appears to be convenient for modeling delamination as
a process of transformation of multiply laminate into noninteracting single-ply
composites [140].

2.4.2 Specifics of damage accumulation in textile composites

The primary purpose of the mesodamage modeling is to describe failure as processes
occurring at the yarn scale. Compared to unidirectional laminated composites, damage
accumulation in textile composite has a number of specific features: (1) the early initi-
ation of intrayarn cracking (0.1%e0.3% of applied deformation), (2) the concurrent
accumulation of crack density and incremental crack length growth [9,141].

To simulate intrayarn cracking the vast majority of the known models employ local
damage mechanics, where yarn properties at any point evolve as a function of local
stress, strain or energy. There are two major problems associated with this approach:
(1) a local model is sensitive to the peculiarities of textile geometry, such as edges,
shape of interyarn matrix volume, multimaterial contacts, (2) approximation of intra-
yarn cracks by locally damaged material has no physical ground. The second problem
relates to the scale resolution. Few (2e3) discrete cracks per yarn width cannot be
simulated by a model lacking information on the crack geometry and not distinguish-
ing damage initiation and propagation. In particular, the presence of intrayarn shear
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stress forces the damage zone to extend across the fiber direction [142]. As a result, the
damage pattern has an unrealistic geometry. There are very few attempts to model
crack geometry explicitly, e.g., by Doitrand et al. [94] for intrayarns cracks and inter-
yarn debonds. This is a promising approach and may highlight many important
features of yarn interaction yet computationally efficient and robust estimates of
stiffness degradation offered by continuous damage mechanics are also attractive.

To avoid the problems of unphysical damage patterns, the size of a damaged zone
can be selected with respect to typical features of textile architecture. We suggest
defragmenting the yarn along its midline into short segments where the fiber orienta-
tion can be assumed constant Fig. 2.7.

In agreement with available experimental observations, it is stated that cracks prop-
agate step-wise. They instantly cross straight intervals of yarn and may stop at the loca-
tion where yarn changes its orientation. The dominant damage mechanism within
segments is crack density accumulation. It makes a segment analogous to a ply in a
flat laminated composite. Hence, a damage evolution law tuned and validated for
the flat laminated composites can be used.

This concept offers not only an exemption from the fundamental problems of local
damage mechanics, but it also gives a few extra advantages. First of all, a different
degree of stiffness degradation along the yarn midline has a clear physical interpreta-
tion: it reflects variation in the crack density along the yarn and hence reflects the
incremental crack length growth. Secondly, it naturally diminishes the sensitivity of
a model to local stress concentration. In the authors’ opinion, the segment is the
smallest entity where the damage mechanics paradigm may be employed without
compromising a physical sense of the mesoscale simulations.

2.4.3 Local stiffness degradation and damage evolution law

We consider damage as a measure of property degradation. The complexity of textile
architectures does not allow making a flawless choice of degradation scheme. Analyt-
ical and numerical models developed for the flat laminates clearly show that at a given
crack density ply degradation depends on the stiffness of constraining plies, the
thickness of a cracked ply, and the ply position in a laminate. The situation with the
textile composite is more complicated. The degradation of a particular segment may
also depend on interply nesting configuration, segment location and crack length.

(a) (b)

Figure 2.7 (a) Example of twill reinforcement. Different colors represent the segments; (b)
Meshed segment of a yarn.
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The implementation of a sophisticated multiparametric damage model does not make
sense unless all these peculiarities are taken into account. Currently, the error intro-
duced by the simplifications of actual reinforcement geometry exceeds all possible
benefits of employing a complex damage model.

To capture the stiffness evolution, it seems reasonable to follow the physically
founded and very simple idea of Zinoviev [143], who suggested that the effective
transverse and shear stresses in the damaged ply do not exceed the level at which
cracks initiate. The model of Zinoviev proved to be one of the five most successful
models of the World-Wide Failure Exercise I [144]. Another successful degradation
model of WWFE, the model of Puck [145], employs a similar postcracking assump-
tion. It requires reducing the elastic constants in a way which keeps the failure initia-
tion index at a constant level. Upon active loading, both the models exhibit a stress-
strain response resembling the curve of ideal plasticity. Both the damage models do
not require any material constants other than those needed for the failure initiation
prediction.

Zinoviev’s model is formulated as an elaborated conditional algorithm distinguish-
ing various possible situations in loading and unloading. In overcoming the difficulties
of implementing this algorithm in multisegment textile architectures, we marry this
concept with damage evolution laws offered by continuous damage mechanics. A sin-
gle damage evolution law can then be obtained.

Following the considerations of Murakami and Ohno [146], the damage is intro-
duced as a second rank tensor. For a case of an open crack (transverse stress is tensile),
energy equivalence of cracked and homogenous damaged media imposes the
following reduction of the elastic constants:

E2¼E0
2ð1� d2Þ2 v21 ¼ v021ð1� d2Þ

v23 ¼ v023ð1� d2Þ G12 ¼ G0
12ð1� d12Þ

(2.6)

where E; G are Young’s and shear moduli, and d2; d12 degradation of the elastic
constants, index “0” corresponds to intact material, coordinate “1” denotes the fiber
direction, 1-3 is the plane of the crack defined by means of the Mohr-Hashin-Puck
failure initiation criteria [147]. Without contradicting available experimental data, it is
postulated that all the cracks in a segment have the same orientation [148]. All the
other elastic constants remain unaffected by cracking. The symmetry of the stress
tensor in the damaged media leads, as described by Zako et al. [57], to the following
relation between degradation of the Young’s and shear moduli:

d2 ¼
2
�
1� ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi

1� d12
p ��

2� ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi
1� d12

p � (2.7)

The damage factors d2 and d12 are nearly proportional at small values, and the trans-
verse degradation is slightly higher at the advanced damage levels. Following the
continuum damage models [149], we employ the energy release rate Y12 as a factor
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driving damage accumulation. It is introduced as the derivative of the elastic energy of
the damaged material J with respect to the degradation parameter:

Y12¼
ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi
Sup
s�t

ðZ12Þ
r

Z12 ¼ � v

vd12
J (2.8)

where operator Sup
s�t

ð.Þ denotes the maximum over the time period t and reflects the

fact that the damage state is non-healing. The square root is used for convenience, to
make it proportional to strain. The elastic energy may be written as a function of
the damage parameters d2; d12, the elastic stiffness matrix of intact material C0, and
the strains averaged over the segment volume ε. This allows differentiation of the
expression explicitly, which results in the following definition:
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vd12

ε22
�
ε22C

0
22ð1� d2Þ þ ε11C

0
12 þ ε33C

0
23

�þ 1
2

�
G0
12g

2
12 þ G0

23g
2
23

�
(2.9)

In the case of a closed crack (transverse compression), the normal stress traction is
assumed to be continuous across the crack face. Hence, the degradation factor d2 ¼ 0

and vd2
vd12

¼ 0. Zinoviev’s and Puck’s assumptions are in good correspondence with the

following damage evolution law:

d12¼ 1� Yi
12

Y12
(2.10)

where index i reflects the value of a variable at the moment of failure onset and Y12 �
Yi
12. Eq. (2.10) matches the shear diagram assumed in Ref. [143]e Fig. 2.8(a), as it is

reduced to d12¼ 1� gi
12

g12
in pure shear. The stress-strain responses in other loading

situations are obtained from the solution of Eqs. (2.8) and (2.10) relative to d12.
Fig. 2.8(b) shows predicted response in uniaxial transverse tension. Right after the
damage onset, the stress drops and before settling down at a value of about 80%e90%
of transverse strength.

0 0.5 1 1.5 2 2.5 3 0 0.5 1 1.5 2 2.5 3

στ

γ12,% ε22,%

12 22

S12 S22

0

0.2

0.4

0.6

0.8

1

0

0.2

0.4

0.6

0.8

1

(a) (b)

Figure 2.8 Stress-strain diagrams of an elementary unidirectional fiber bundle in (a) pure shear
(input), (b) pure transverse tension (as follows from the damage evolution law). S12; S22 are
shear and transverse strengths, s12; s22 are the correspondent stresses.
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Such a law has an analogy with classical fracture mechanics, where the energy
released through crack propagation is linked to the crack length. The meaning of
(2.10) is that the stiffness reduction is proportional to the energy, which can be released
through damage accumulation.

As far as the numerical implementation is concerned, it is required to (a) calculate
the damage parameters at a given strain state, (b) redefine the elastic constants accord-
ing to (2.1). An iteration procedure is needed to ensure convergence and satisfaction of
(2.8) and (2.10) at the same time. The procedure is found to be insensitive to load step
size and defragmentation of yarns into segments.

2.4.4 An example of failure modeling

Uniaxial tensile tests have been performed for 4-ply and 1-ply composites based on
glass plain-weave reinforcement Table 2.3. The composites are produced by resin
infusion molding using Dow Derakane 8084 Epoxy-Vinyl Ester resin. The weave
architecture is slightly unbalanced exhibiting different crimp in warp and weft direc-
tions. The lay-up of 4-ply composite has been balanced.

The thicknesses of a single ply in 4-ply and 1-ply composites are essentially
different. Due to the nesting, they differ by factor 1.2, although the same production
parameters have been used for both the materials. As a result, the crimp of the 1-ply
composite is higher and the total fiber volume fraction is 6% lower. The dimensions
of the fabric unit cell are 10.3 � 12.5 mm in the plane of the textile.

The tensile tests have been accompanied by acoustic emission (AE) registration,
full-field surface strain-mapping (SM), progressive crack imaging at different load
levels, and micrographic inspection of the cross-sections of samples. The results of
testing have been reported in Refs. [150,151].

The geometrical model of the reinforcements has been created byWiseTex and pro-
cessed by the MeshTex program to get rid of interpenetrations, insert interyarn matrix,
and mesh matrix/yarns. The correct iy-FVF of the one-ply composite has been
achieved using relatively simple cross-section shapes. Nesting has not been modeled.

Table 2.3 Principal parameters of the 2D preforms and composites.

Parameter Four-ply laminate One-ply composite

Ply orientation 0�/90�/90�/0�a 90�

Composite thickness, mm 2.45 � 0.08b 0.73

Average ply thickness, mm 0.61 0.73

Total areal density of preform, g/m2 3260 815

Total fiber volume fraction in composite, % 52.4 44.0

Crimp of warp/weft, % 0.1/0.2 02/0.3

a0� or 90� corresponds to the angle between the warp and loading directions.
b
“�”designates standard deviation.
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Hence, to achieve the realistic iy-FVF of the multiply composite, the YVF has been
artificially increased in a simple procedure. After the meshing is complete, the first
row of matrix elements enveloping yarns has been attributed to the corresponding
yarn. This procedure violates the smoothness of the yarn surface. However, since dam-
age evolution is governed by the average stress within the yarn, it does not affect the
results. The periodic boundary conditions have been used in-plane, and the novel lami-
nate conditions [30] have been used for modeling the interaction of the plies. Failure
initiation and the orientations of crack planes have been predicted by the criterion of
Puck [145]. Intraply cracking has been simulated by the model described above, the
plasticity of the matrix can be ignored when testing orthogonal fabric along yarns,
the delamination has been modeled as a gradual reduction of the plies in the laminate,
matrix in the resin-rich zones is assumed to be elastic, and fiber failure has been
considered as a single failure event leading to the catastrophic fiber rupture and a
disintegration of the composite.

The simulation of the one-ply composite shows that the post-critical assumptions
and the simple modeling procedure work fairly well Fig. 2.9. Hence, this approach
can be used further for the simulation of the 4-ply laminate. A slight stiffening
response of the material at the end of the test is probably caused by straightening of
the yarns in the loading direction, which has not been accounted for in the model.

Modeling of the four-ply laminate has a number of specific problems. The
mismatch of the unit cell dimensions does not allow modeling of the (0�/90�)s
composite configuration explicitly. Strictly speaking, the periodic building block of
such a laminate does not exist. The in-phase and the out-of-phase configurations of
the unbalanced (0�)4 laminate are considered separately to simplify the analysis.
The crimp of warp and weft yarns is different. Hence, there is a strong contrast in
the stress-strain curves of the unbalanced laminate loaded in the orthogonal directions
Fig. 2.10. By disregarding the interaction between the 0� and 90� plies, it can be
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Figure 2.9 Tensile test for one-ply composite: “Experiment” experiments (3 representative
samples) and “FEA” the simulation results. The model has the following features:
O-FVF ¼ 44%, iy-FVF ¼ 74.5%, interyarn matrix layer is 20 microns. The transverse strength
is assumed to be 40 MPa, the longitudinal strength is 1280 MPa at 60% FVF. The local stress is
used to predict the failure.
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assumed that an average curve gives a rough representation of the behavior of the
balanced composite. Indeed, it appears to be in good correspondence with experiments
until 1.5% of the applied deformation Fig. 2.10. At this stage, active delamination is
observed experimentally.

In order to account for the influence of delamination, the transformation of the 4-ply
laminate to 3-ply and 1-ply composite is considered. The occurrence of this event is
governed by the criterion for cracking of brittle matrix in the interply space. However,
as can be seen, this event does not cause a significant drop in average laminate stress.
Hence, elaborated modeling is required to describe the spreading of the delaminated
zone.

The concurrent experimental-modeling study shows several important effects:

(1) One-ply composite and multiply laminate behave substantially different. The model of intra-
yarn cracking has to be verified in the one-ply case;

(2) Delamination plays a significant role in the textile composite performance and stiffness
degradation;

When modeling textile composites, it is important to find a proper balance between
the finest details of all three: geometrical model, finite element approach, and damage
mechanics. As has been discussed above, some details may appear to be not only
excessive but even harmful for the analysis. The refinement of geometry affects the
robustness of stress/damage calculations and makes the analysis sensitive to irrelevant
features. There is a certain controversy about the textile geometry actualities.
For instance, precise replication of the yarn cross-section shape is needed as it guaran-
tees the correct YVF and iy-FVF. Yet, it promotes artificial stress concentration at the
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Figure 2.10 Tensile test for four-ply composite: “Experiment” experiments (average curve) and
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O-FVF ¼ 52.4%, iy-FVF is in the range of 60.1%e75.1%, direct contact of the yarns (no
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curve FEA is built by averaging all the four simulations.
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sharp yarn edges. By doing a segment-wise damage analysis, we disregard the local
instabilities of the stress field and tolerate a coarse mesh, which is just fine enough
to respect the YVF. We also choose the minimum damaged zone to be courser than
the resolution of the stress field, avoiding issues with the non-physicality of local dam-
age mechanics. Hence, from the viewpoint of the discussed problems, course geometry
and stress resolution appear to be effective if chosen in the correct way.

All of these issues illustrate the fact that in the wide field of available modeling
options, there is a narrow path to the effective analysis. We believe that the chosen
modeling paradigm allows capturing the essential features of the composite
deformations.

2.5 Conclusions

Modeling of textile, and in particular, woven composites is an established, mature
field, which has passed a long way of increasing model complexity from early models
referring to the Classical Laminate Theory, adapted to account for knock-down factors
due to fiber crimp, to advanced models of today, based on meso-level (woven unit cell)
FE analysis. Several specialized commercials and open-source numerical tools for
simulation of textile unit cells are now available.

Predictions of 2D and 3D woven composite stiffness properties have the adequacy
level necessary for their use in practical design optimizations. Meso-level predictors
for composite stiffness are integrated with macro-level FE tools for structural analysis.

The strength and damage models are rather in the research phase of development.
Empirical damage models for woven plies are available and are implemented in
commercial FE packages. However, damage and strength models on the meso-level,
which would allow predictions of the ply model parameters based on the internal
architecture of the composite and matrix/fiber properties, are just attaining the level
of adequacy needed for their use in engineering design practice. One of the main stum-
bling block is consistent geometrical models of 2D and 3D woven unit cells. Available
geometrical modeling tools just started to approach automated creation of the internal
geometry, which is free from yarn volumes interpenetrations, suitable for quality
meshing and preserving the realistic fiber volume fraction inside the yarns. Computa-
tional requirements for such modeling are very high; however, the predictive capabil-
ities are still limited. Along with technical questions on geometry generations, there are
still pending fundamental questions on multiscale modeling of nonperiodic interaction
of plies of nonmatching orientations, modeling processing features at larger structural
scales, and computationally efficient modeling of damage at higher structural levels.
Solutions to these challenges begin to appear. There is a clear perspective that an
adequate automated FE tool for meso-level analysis of woven composites will emerge
in the near future.
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3.1 Introduction

Throughout the last 40 years of using polymer composites in the aerospace sector,
designers and manufacturing engineers have progressed from relatively small, lightly
loaded components and sections of structure, such as ailerons and fairings to heavily
stressed and critical items, such as the main wing and fuselage of the Boeing 787, the
Airbus A400 M and the Airbus A350 aircraft, which are constructed from up to 50%
(53% in the case of the A350) carbon-fiber-reinforced polymer composite (by weight
of aircraft), and in which the main wings and fuselage are largely manufactured from
composite materials.

Early manufacturing processes for lightly stressed components were small scale,
involving significant elements of manual intervention in the process. They relied on
the low density and high stiffness and strength of the raw materials to deliver the
required performance. As the size, stress values, and criticality of the parts all
increased, manual input has declined dramatically, substituted by complex, sophisti-
cated robotic machinery. The robots have delivered consistency, freedom from defects,
and increased processing speed to cope with the manufacture of wings and fuselage
sections of large civil aircraft. However, the essentials of this prepreg route have
remained unchanged, and there are still issues of the cost effectiveness of this route.
In parallel, manufacturing researchers are pursuing lower cost options. In this chapter,
the prepreg route in its various guises will be described and the state-of-the-art in
alternative processes contrasted with it.

In the past, the principal drivers for the use of composites for aircraft components
were:

• Reduced weight
• Cost reduction
• Improved performance
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The emphasis has now shifted toward environmental issues. Hence, the prime
drivers are now:

• Reduced fuel burn
• Reduced pollution
• Reduced noise

In order to achieve these aims, smaller, more efficient engines are used producing,
all things being equal, less thrust, and thus, for force balance, the aircraft must produce
less drag. While the form drag (due to the shape of the aircraft) remains essentially
unchanged, the reduction must come from a reduced induced drag. For the perfor-
mance characteristics to remain stable, the lift/drag (L/D) must be the same, and hence,
less lift is generated. Again for force balance, with less lift and reduced drag (L/D fixed
under similar conditions) then, if the payload accommodation is to remain the same,
the structural weight of the aircraft must be reduced. The direct implication of this
will be reduced operating costs.

Taylor (2000) [1] states that “increasing the use of composites to replace aluminum
in the manufacture of airframes brings about numerous performance advantages such
as the potential for weight reduction (due to higher specific strength and modulus),
increased flexibility of design (due to the ability to build performance in specific direc-
tions), greater corrosion resistance and improved fatigue resistance. Weight reduction
leads to improved fuel efficiency.” Furthermore, the reduced number of fasteners on
composite structures give a more aerodynamic surface to the aircraft compared to
riveted aluminum.

This chapter begins by looking at key property and process requirements for
composites before going on to look first at developments in processes using preim-
pregnated fibers (known as prepegs). It then looks at newer, alternative processes,
such as resin transfer molding (RTM) and vacuum-assisted resin injection (VARI)
molding.

3.2 Key property and process requirements

High fiber volume is essential for good aircraft structure performance. It is also impor-
tant that the distribution of both fiber and resin is uniform throughout the component.
To illustrate, the simple rule of mixtures (ROM) approach for the calculation of
longitudinal modulus falls into the mechanics of materials category; the modulus of
elasticity in the longitudinal direction (EL), which is the direction parallel to the fibers,
is given as:

EL¼Ef
lVf þ Emð1� VfÞ

where Vf is the fiber volume fraction of the composite, Ef
l is the modulus of the fiber

and Em is the modulus of the resin. The typical Vf values for aerospace autoclaved
prepreg components are approximately 54%, aerospace RTM components could be
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57%, and some new resin infusion and advanced pultrusion processes could be above
60%. Although the simple ROM approach predicts an increase in performance with
increased Vf , in reality, some important material properties, such as compression after
impact strength begin to diminish as the resin content becomes insufficient to support
the fibers.

One of the major difficulties associated with composite manufacture is that of void
formation during impregnation and cure [2]. As these gaseous voids become entrapped
within the matrix, stress concentrations can be established within the matrix. These
may originate in a number of ways, including:

• During the mixing of the resin formulation.
• During filling of the cavities in components of more complex shape.
• Due to the complex nature of the textile reinforcement since air can become entrapped in the

interstices of the fabric structure. This can be particularly evident when coarse yarns
(or tows) are used or in complex three-dimensional (3-D) structures, e.g., braided or woven,
and could be most prevalent at the tool/composite interface.

• During the complex chemical reactions which take place during the cure of thermosetting
resins, as volatile gases are released and become encapsulated in the crosslinked resin [3].

A critical requirement of any process is that it is able to minimize void formation
and ensure uniform distribution of resin as well as fibers throughout the component.
These are major factors, alongside cost and flexibility in manufacturing different types
of component, in assessing the merits of any particular manufacturing technique.
These process variations must be understood at the design stage. For example, varia-
tion in fiber volume fraction can have a negative effect on the structural performance of
the component which must be allowed for in the design by applying a B-basis knock-
down factor to the allowable stress on the aircraft structure. On the other hand, if
efforts are made to control Vf tightly, a negative impact on part thickness control could
result, creating significant difficulties at the assembly stage where shimming might be
required. In general, Vf is related to component thickness by:

Vf ¼ AW

rf t

where AW is the areal weight of the fibers, rf is the density of the fiber and t is the
component thickness.

Selection of both manufacturing process type and resin/fiber system will be influ-
enced by the specific properties required for different parts of the aircraft. High fiber
strength and stiffness combined with low density are obvious general requirements
for all parts of the aircraft structure. These properties have been best achieved from
composites produced using layup of unidirectional preimpregnated fibers (known as
prepreg) coupled with autoclave cure. The high levels of composite stiffness and
strength achieved by prepreg technology, combined with the low density of the
constituents, make components manufactured this way suitable for wing and fuselage
structures. Compression properties, in particular, will reduce if the fiber volume
fraction is low. The upper wing skin and parts of the spar structure, which are placed
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under compression loading will, therefore, benefit most from the use of unidirectional
prepreg material where control of fiber distribution is good.

Other parts of the aircraft are not so severely stressed and require different sets of
properties. As an example, leading edges of the wings, empennage and nose cone all
have a high risk of bird strike and will require high composite toughness and resistance
to impact and delamination. Optimized compression strength will be of less impor-
tance. The degree of fiber crimp, strength and volume fraction in the matrix can all
be at less demanding values than for the wing skins or fuselage. Other parts of the
aircraft with more complex geometries, such as fuselage doors, fairings, pressure bulk-
heads, and landing gear doors might be manufactured using processes more suited to
forming these complex, relatively small-scale components than can be achieved using
prepreg processes.

As has been noted, early examples of polymer composite manufacture on aircraft
often used prepreg coupled with manual layup techniques followed by an autoclave
cure. This process can produce composites with straight fibers, high and uniform
volume fraction, and freedom from voids and porosity. Such composites, thus achieve
optimum stiffness and static strength. While the production cost may have been
competitive with aluminum for limited production runs, generally the cost of
manufacturing structures with composites via this labor-intensive route was greater
than with aluminum. The performance advantages of composites in terms of stiffness
and strength to weight had to be weighed against the increased cost of manufacture.
There has been, therefore, an increasing focus on reducing the cost of composite parts
by reducing the costs of both materials and manufacturing processes [4].

Many of the alternative processes to prepreg production reduce cost via elimination
of the autoclave stage, forming the composite by weaving, winding stitching or assem-
bling a dry fiber preform which is then infused or infiltrated with a fluid resin to
produce the final component. Composite components produced via these processes
do not achieve the same levels of stiffness and strength as those produced via the
prepreg route. Although their properties may not be as good as composites manufac-
tured using prepreg technology, there will be components, where the reduced process
cost makes them competitive with aluminum, and the non-optimal stiffness and
strength do not matter. These alternative processes have other advantages, e.g., fiber
arrangements can be multidirectional (e.g., a 3-D fiber architecture), giving significant
improvements in delamination and impact resistance, a particular weakness of prepreg
composites.

3.3 Prepreg/autoclave processes

Manufacturers of composite structures have traditionally used prepreg tape to manu-
facture structural components. Fibers are initially combined into unidirectional tows
(bundles) of fibers combined into fabrics, e.g., by weaving or knitting. The vast major-
ity of the tows employed in woven, braided or knitted reinforcements comprise low
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twist or untwisted continuous filament yarns. Three-dimensional technical textiles can
be produced by weaving [5], knitting [6], and braiding [7], or as noncrimp fabrics.

Sheets of fibers are soaked or coated in the partially cured resin. Controlled preim-
pregnation using dip coating and lick roll technology is used to apply a uniform
amount of uncured resin to the reinforcement (Fig. 3.1). The resin contains both the
base matrix resin and hardeners. The sheets are protected on both sides by the backing
paper or film to stop them sticking. They must be stored at low temperatures to avoid
the further curing and crosslinking of the resin matrix, which occurs at room temper-
ature. Rolls of prepreg are stored under refrigerated conditions for a given period of
time before the shelf life of the product expires. This is normally 90 days at �18�C
for aerospace quality materials. A sophisticated materials handling system is required
to track all the materials to ensure that out-of-life prepreg is not used.

Prior to processing, rolls are removed and allowed to thaw and condition. After
reaching room temperature, the fabric is cut into shaped plies, taking into account fiber
orientation. Computer-based nesting is used to optimize fabric utilization. These plies
are labeled to ensure they are used in the correct sequence. Plies of prepreg are cut into
the appropriate shape either by hand or by an automated process, such as a Gerber
cutter system. Plies are placed in a precise order and orientation on the surface of a
tool made in the shape of the component to be manufactured. Since the layup sequence
and orientation of the plies is critical to the performance of the composite, the plies
must be hand laid into the thoroughly degreased and clean molding tool correctly.
Constant inspection and signing-off of the layup at each stage is necessary to ensure
performance and quality. Where the component comprises a large number of plies,
frequent debaulking is required; i.e., the layup is compressed under vacuum, after
which a further series of plies are laid-in.

Once the layup is completed, a layer of release film is laid on top of the ply layup to
prevent the resinous stack of plies from adhering to the fibrous breather cloth which is
used to absorb any excess resin and distribute the applied pressure evenly over the
layup. Since a single tool surface is utilized, a good finish is secured on only one
surface of the component, the other surface being in contact with the release film.

Contact mould Gel coat

Reinforcement

Resin

Laminate

Figure 3.1 Hand layup.
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However, caul plates can be used to produce a good surface finish on both sides of the
component, even for reasonably complex shapes. Under these conditions, the pressure
applied between the caul plate and tool surface holds the reinforcement in position,
allowing the resin to flow in the space around the outer edge of the reinforcement
before being drawn into the reinforcement, completely wetting it out. Thickness
variations using this technique are much less pronounced than for matched tooling
under pressure unless very stiff tooling is used. It is essential to ensure that the layup
is contamination free. Such contamination can seriously impair the performance of the
composite component. A clean room is required, and protective clothing should be
worn at all times for both production of defect-free components and also for health
and safety reasons.

The vacuum bagging system is used for producing noncritical components
(Fig. 3.2). The complete assembly is enclosed in a sealed bag. Alternatively, the
bagging layer is sealed to the surface of the tool surround beyond the boundaries of
the component. A vacuum connector is inserted into this bagging film so that the
ply stack can be consolidated under approximately 1 atm of vacuum. After confirming
the integrity of the seal, the bagged assembly, while still under vacuum, is placed in a
computer-controlled autoclave which is programmed to follow a particular processing
cycle of both temperature and pressure [8].

The cycle is so designed that the maximum flow is achieved up to and including the
hold period so that the fabric can be completely wetted-out and the interstices and the
interfilament regions in the fabric structure completely filled with resin. The applica-
tion of pressure, through inert nitrogen gas, at a very early stage in the cycle consol-
idates the composite structure and minimizes the risk of fire and explosion. The
autoclave is typically operated at a maximum of approximately 1 bar to consolidate
the plies into a “homogeneous” layer. However, this low pressure may sometimes
be insufficient to compact the layers adequately to produce a high-performance
component with high fiber volume fraction and low void content, and higher pressures
may be required. As the temperature increases to the maximum, the resin commences
crosslinking through an exothermic chemical reaction. Heat-up rates, typically at
2e5�C/min, are kept slow to ensure that exothermic reactions are kept under control
[8]. Dielectric analysis, differential scanning calorimetry, and thermo-gravimetric
analysis can be used to establish the correct set-up conditions.

Sealant tape

Resin

Resin drawn across and through
reinforcements by vacuum

Reinforcement
stack

Mould tool

To vacuum
pump

 Vacuum bag

Peel ply and/or resin
distribution fabric

Figure 3.2 Vacuum bag resin infusion.

64 Polymer Composites in the Aerospace Industry



Good quality in a composite component requires that the cure cycle is carefully
adhered to and key stages checked during processing. Cure monitoring is essential
for ensuring the optimum mechanical and thermal properties of composites materials
balanced against reducing manufacturing costs. Once the cure cycle has been
completed, and the component cooled, also at a slow rate, the excess resin around
the periphery is trimmed off and holes drilled where necessary (e.g., for bolting
components together). Finally, the various components are put together to form the
final assembly.

This prepreg route can be used to manufacture high quality, small to medium scale
composite components for aerospace applications. (n.b. Manufacture of large wing
skins, wing spars and fuselage sections in transport aircraft is performed instead by
AFP and ATL processes; variants of the filament winding process, and will be
described in Section 3.5) The fiber volume fraction for carbon fiber composites is
typically in the region of 60% and the void content <1%. Nondestructive quality
control is performed using ultrasound scans or X-ray micrographs to confirm this.

While prepreg processing provides high-performance composites, it is expensive.
Costs include:

• To guarantee the quality of the component and the generation of high added-value waste
material

• The need for low-temperature storage space
• The limited shelf life of prepreg
• The labor-intensive nature of the manual ply layup procedure both in terms of implementa-

tion and inspection to guarantee the quality of the component
• The large capital outlay required, e.g., for the autoclave

As noted, autoclaves have to be large enough to accommodate components, and
they need to process several components of uniform thickness to be both cost effective
and ensure effective curing. The autoclave can often form a bottle-neck for composites
manufacturing since commercial autoclaves are large, and full loads have to be assem-
bled, to be viable. Since components of similar thickness must be processed under the
same cure cycle, good production scheduling is crucial to the success of the operation.

3.4 Filament winding

There are many other processes that have been developed with prepreg technology.
Filament winding is a simple and effective method for producing parts, such as pipes
and cylindrical containers in a wide range of sizes using both prepreg and other
methods [9]. Part diameters ranging from 25 mm to 6 m are commonly fabricated.
The process consists of wrapping bands of continuous fiber or roving over a mandrel
in a controlled operation (Fig. 3.3). The production cycle for most filament wound
composites can be subdivided into the following stages:

• winding of a preform
• heating of a preform with the mandrel up to the temperature of binder polymerization
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• curing at constant or variable temperature
• cooling
• removal of the article from the mandrel

Many layers of the same or different patterns can be placed on the mandrel. The
repeated patterns and reinforcement spacing are subject to close control. During wind-
ing, fiber tension generates pressure between layers of uncured composite. This pres-
sure influences the compaction and void content of the article, which in turn controls
the strength and stiffness of component. The resin may be added before winding
(to produce a prepreg) or added during or after the winding operation. Finishing
operations, such as machining or grinding, are usually not necessary.

Many high performance applications adopted in aircraft use epoxy-based resin
systems. Silicones, phenolics, and polyimides are limited to special high temperature
or electrical applications. Although thermosetting resins, such as epoxy, are commonly
used in filament winding, there has been recent research into using thermoplastic
matrix materials [9].

The following major processing factors influence filament wound composite
properties:

• helix angle
• resin content and distribution
• winding tension
• condition of the impregnated strand
• variation in strand bandwidth
• position of the strand
• curing cycle

Defects, such as voids, dry spots, resin-rich areas, premature failures, localized fail-
ure regions, and nonuniform or incomplete cures can occur. Most aerospace compo-
nents are held to within 2% weight tolerance, and for strength, an excessive
variation can result in uneven stress distribution, resulting in component failure.

Rotating mandrel

Moving carriage Fibres

Resin bath

Nip rollers

Angle of fibre warp controlled by ratio
of carriage speed to rotation speed

Figure 3.3 Filament winding.
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Resin content is closely related to the winding tension. A certain amount of flow is
beneficial in removing entrapped air or other volatiles, but excessive tension can
produce significant differences in the amount of resin in the inner and outer layers.
Winding tension is thus, a critical parameter in controlling and limiting void content,
which, in excess, can decrease interlaminar shear strength, lower compressive strength,
and reduce resistance to buckling. Aerospace filament winding has become highly
specialized and is designed for superior performance at a premium price.

3.5 Automated prepreg processes: automated fiber
placement and automated tape layup

Manufacture of large composite aircraft structures (e.g., upper and lower wing skins
and spars and fuselages for aircraft, such as the Boeing 787 and Airbus A350 with
wingspans greater than 30 m) requires composites with the highest performance
obtained using unidirectional prepreg material with autoclave cure. The aerospace
sector also requires consistently accurate dimensional and shape tolerances and
production rates, which are significantly better than those obtained with the manual
layup. The main automated processes developed for these applications are:

• automated fiber placement (AFP)
• automated tape layup (ATL)

In the AFP process, multiheaded robot machinery lays down multiple strands of
prepregged fiber on either flat tools, curved mandrels or complete cylindrical mandrels
or drums (as applied in manufacture of fuselage sections of the Boeing 787). The pro-
cess is shown in Fig. 3.4. The ATL variant of the process lays down tapes of unidirec-
tional prepreg up to 300 mm wide across the mandrel. The AFP process uses smaller
width ribbons of prepreg a few millimeters wide and can cope with more complex
component shapes than ATL but cannot achieve the same laydown rates as smaller
tape widths are involved. During the laydown process, the fibers or tapes are heated
to promote tack and aid consolidation. At intervals, the laydown is suspended and
the partially completed component consolidated under pressure. After completion of
the layup, the sections of the structure are autoclaved under pressure.

The ATL and AFP processes are thus, a cross between filament winding with its
elaborate automated patterns of fiber laydown and unidirectional prepreg layup with
its reliance on the autoclave. The use of automated robotic machinery for the layup
gives increased layup speed (vital to economically manufacture these large items in
feasible timescale), consistency and freedom from errors compared with manual
techniques, as well as ensuring precision in the placement of the tows and tapes.

Manufacture of upper and lower wing covers, spars and fuselages for aircraft, such
as Boeing 787 and Airbus A350 relies on AFP using elaborate and high capital cost
robotic machinery. The empennages (vertical stabilizer and horizontal stabilizer) of
the Boeing 777, Airbus A340 and A380 are also manufactured using AFP. Before
autoclaving, both wing skins and fuselage sections have stringer stiffeners attached.
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These are laid up separately, once again using automated layup of nonwoven unidirec-
tional prepreg, positioned on to the skin and cocured with the skin to produce a
complete skin-stringer fuselage section, panel or wing skin. Front and rear spars for
the main wing are produced using similar techniques of AFP plus cocuring of
separately manufactured stiffeners applied to the very different geometry of a C spar.

Even with modern autoclaves accommodating sections of structure up to 10e12 m
long, it is not possible to manufacture wings and fuselage in a single piece and one
operation. Instead, they are manufactured in parts and then joined. Bonding processes
and the mechanical reliability of adhesive bonds are not yet sufficiently mature for
aircraft regulators to contemplate the elimination of mechanical fasteners. Joining of
the wings and fuselages is, therefore, accomplished by a mixture of mechanical fas-
teners and adhesive bonding.

This means that another mechanical property required for the composite material
for present-day aircraft designs and manufacturing techniques is the strength of
mechanically fastened joints under both static loads and in fatigue loading. Each
A350 wing spar is manufactured in three sections, and these are first drilled using
multiaxis machining centers. Approximately 16,000 holes are required for the six
sections of the two spars. The upper and lower wing skins and stringers are bolted
together also using mechanical fastening. On the 787 fuselage, the sections of fuselage
barrels are bolted and bonded together via circumferential joints. On the A350
fuselage, composite panels are bolted and bonded to composite and metallic frames.

The A380 aircraft, although it has metallic wings and fuselage, is constructed using
almost 30% polymer composite by weight. Many of these parts also are formed using
the ATL or AFP processes. These include the center wing box, the tail cone, the ver-
tical tailplane, and the horizontal tailplane. Other parts of the aircraft use other
manufacturing techniques because the shape or properties required are better achieved
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Compaction roller
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Direction of
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Fibre placement head

Collimated fibre band

Figure 3.4 Automated fiber placement.
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with that technique. For example, the rear pressure bulkhead is manufactured of non-
crimped fabric with a resin film infusion process. The floor beams of the upper deck are
of pultruded constant cross-section carbon fiber composites, and the flap track panels
use RTM carbon fiber polymer composite. Leading edges and noses require above all
else toughness with little stiffness or strength requirement, and glass/thermoplastic
composite is used to confer this.

The ATL and AFP process requires high capital cost equipment, as well as the use
of expensive fiber and toughened resin systems for the polymer composite. Hence,
despite the current level of investment in these processes, a major driver for future
composite process development is, therefore, further manufacturing and material
cost reduction. While larger wide-body aircraft, such as the B787 and A350 can
cost effectively exploit the stiffness and strength of polymer composites using current
ATL and AFP processes production rates and costs, smaller composite aircraft with
higher production rates in long runs are unlikely to be able to compete with metallic
alternatives without further manufacture cost reduction.

3.6 Resin-infusion processes

3.6.1 Manual layup and sprayup techniques

The cost limitations of prepreg processing have led to the development of alternative
techniques in which dry fabric is infused with resin as part of the manufacturing pro-
cess [10].

Advantages of resin-infusion processes (sometimes referred to as “out of autoclave
processes”) include:

• no capital investment in expensive autoclaves is required although mold costs may be higher
• cold storage areas are not necessary, and hence, high value-added materials do not need to be

held in stock
• shelf-life constraints are eliminated
• when dry preforms are used, expensive nesting, cutting-out, and hence, wastage are mini-

mized, and labor-intensive hand layup is dispensed with.

Scott and Heath (1992) [11] have reported that cost savings ranging from 25% to
40% are possible with liquid molding raw materials when compared to prepreg.
This is substantial as up to 50% of an autoclave component cost can be associated
with the raw materials.

There are a number of ways in which fibers or reinforcements can be impregnated
with thermosetting resin during production. In the early days of composite manufac-
ture, the resin system was hand mixed and then applied by brush to each layer and
consolidated using pressure applied through a hand-held roller.

The sprayup process is ideal for low to medium volume applications and is partic-
ularly well suited for efficient fabrication of large shapes. The decision to choose
sprayup over hand layup is based on both the mechanical properties required and
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the processing constraints. This process has been superseded in some applications by
other advanced fabrication techniques, such as RTM which are discussed in later
sections.

3.6.2 Matched-die molding

To achieve a more uniform distribution of resin throughout the reinforcement, more
automated systems have been developed [12]. In matched-die molding, premixed resin
and hardener are injected under pressure from a pressure pot into the reinforcement
placed in a closed matched cavity tool [13]. The resin spreads out radially from the
point of injection, permeating through the reinforcement until the cavity is completely
filled with resin.

In this process, the flow paths must be fully understood and predictable. Effective
control of the filling operation is required to ensure resin “racing” or “tracking” does
not occur. If this is not controlled, the resin flow front will race ahead (or fall behind)
before re-joining the pressure flow front, leading to unimpregnated enclosed dry
regions. Resin starved areas can be created even in very simple geometric configura-
tions in which the resin front impinges on the cavity boundary wall when the flow front
can no longer expand in the radial direction. Two such fronts on adjacent walls will
result in the flow converging on a point within the reinforcement. This region will
remain dry, i.e., not impregnated with resin.

Such problems have led to a considerable amount of effort to model and predict the
precise point where the molten resin front is with respect to time [13e15]. These
approaches, applied at the design stage, have permitted fill procedures to be developed
by which resin-starved areas are eliminated through the use of accurately positioned
vents and/or different resin injection points. These predictive approaches require
greater knowledge of the properties of the reinforcements, particularly their perme-
ability which, depending upon the nature of the reinforcement, may be different in
the longitudinal and transverse directions. Modeling of the isothermal flow Q in
volume/Sec of resin of constant viscosity m through textile reinforcements with
isotropic permeability K is based on DArcy’s equation:

Q ¼ �KA

m

ðPb � PaÞ
L

where K is the permeability, m the resin viscosity, (Pb�Pa)/L is the pressure P drop per
unit length L, and A is the area of the cross section.

For random mat nonwoven reinforcements, permeability is isotropic in-plane while,
for other textile structures, the permeability will be different in different directions,
depending upon the nature of the textile structure (number and size of tows, warp
and weft densities, etc). This differential permeability will result in complex flow pat-
terns in the tool, making flow prediction even more important, although the use of
DArcy’s equation then becomes an oversimplification.
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3.6.3 VARI molding

The development of the matched-die molding process is to vacuum assist the resin into
the tool. Dry reinforcements are placed in an open tool. The layup is sealed by a flex-
ible vacuum bag, and vacuum is applied. The resin is forced under pressure into the
tool, thus wetting out the fiber. Curing takes place from room temperature up to
180�C. This approach is known as VARI (vacuum assisted resin infusion) [16]. Using
vacuum assistance initially to evacuate the cavity and then to draw the degassed resin
into the reinforcement can produce high-performance composites.

Investigations into different combinations of gating and pressure/vacuum injection
have shown that peripheral gating and vacuum injection provide the most effective
route to achieve this aim [6]. In this arrangement, the flow surrounds the reinforce-
ment, and then the flow front converges toward the vacuum exit point. The position
of this is not critical since initial vacuum removal of all the air from the sealed tool
permits the inflow of resin throughout the reinforcement. The progression of the fill
of a rectangular plaque with the exit point deliberately off-set has been described by
Abraham and McIlhagger (1995) [17]. Venting is much less critical. The liquid mold-
ing route with vacuum assistance can be used to produce structural composites with
high fiber volume fraction and low void content using either ply layup or more
complex 3D reinforcements. The process is less costly if near-net-shape textile
reinforcements are employed.

3.6.4 RTM

The further development of the use of a vacuum to improve processing is RTM (resin
transfer molding). The process is shown in Fig. 3.5. A key reason for using the RTM
route as a manufacturing route is to reduce costs. The simple definition of RTM is “the
injection of liquid resin at low viscosity, under vacuum or low pressure, into prear-
ranged reinforcement materials or preform, which are contained in a closed mold
die” [15]. Potter (1999) [18] provides a history of the RTM process over the last 60
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Figure 3.5 Resin transfer molding (RTM).
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years and identifies the developments that have taken place over this period. The
process is described in detail by Ref. [19].

In the RTM process, the fabric is placed inside the cavity between two matched
molds with their inner surfaces having the shape of the final component. Fabric plies
are stacked to the required orientation and sequence inside the mold, which is then
sealed and clamped. Liquid resin is injected into the mold, flowing through the
open spaces of the fabric until the mold is completely filled. When heated and pressure
or vacuum is applied, the resin flows to completely fill the interstices in the reinforce-
ment and the spaces between the filaments. After injection, the mold is heated to cure
the matrix. Once cured, the mold can be opened and the component removed for
finishing. This is a much more rapid method which overcomes the time-consuming
process of deaerating the resin system to ensure void-free composite manufacture. It
can be used for mass production of components, including complex 3D
reinforcements.

The need for low capital cost tooling and process flexibility was first appreciated in
the automotive industry. The RTM method was extensively developed by the automo-
tive industry in the 1980s. In the 2000s, through the development of high-strength
resin systems and more advanced pumping systems, RTM has advanced to new levels.
These recent developments have promoted this technology as a practical
manufacturing option for high-strength composite designs in the aerospace industry.
Brinkman et al. (1995) [20], for example, concluded that “the inherent cost savings
and reduced equipment dependency of RTM therefore make it an excellent composite
fabrication candidate for general aviation hardware manufacturers.”

Aerospace Technologies of Australia (ASTA) Components first recognized the
potential of the RTM process for the manufacture of aerospace structures to reduce
the cost and undertook the development of the RTM process for aerospace applica-
tions. ASTA Components now manufactures various composite structures for Boeing
and Airbus aircraft, such as rudders for Boeing 757 and 777, landing gear doors for
Airbus A330/A340, F/A-18 flap shroud and landing gear doors. The last, for example,
is 15% lighter compared to the conventional sandwich version and has incorporated
features, such as molded counter sink holes and ribbed hard point attachments. Other
aircraft components such as radomes, bullet fairings, and propeller blades have been
produced by RTM [15].

One advantage of RTM is the wide range of process variants, which range from
relatively simple vacuum impregnation processes, requiring little by way of capital
equipment, to more complex hybrid RTM operations (discussed in Section 3.10).
This makes it possible to design and manufacture a wide range of different component
shapes.

Another important advantage of RTM, compared to prepreg, is that complex 3D
structures can be produced with through-thickness reinforcement, which simply
cannot be made using prepreg. Complex components can be manufactured in a single
step, combining multiple, detailed components into one configuration. Bushings and
inserts can be molded in. One method of creating 3D structures is by weaving on a
conventional Jacquard loom. These 3D preforms can be placed directly in the RTM
tooling.
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Other advantages of RTM include component quality [19]:

• Mechanical properties are similar to those of prepreg.
• A good surface finish is produced on both sides of a component.
• It has low part variability and good dimensional tolerances.
• There is good control of fiber/resin ratio, typically 55%e70% by weight. This produces parts

that are lightweight and high in strength.
• Preforms can be manufactured in batches with no special storage conditions required.

In addition, RTM has a number of cost and process advantages:

• Low capital investment costs. Because the method of heat transfer is integrated into the mold
die, the need for an autoclave is eliminated. The initial capital investment costs of RTM are
low when compared with the many other molding processes.

• Cost savings from using cheaper dry, bulk materials which do not need special handling
requirements, such as freezer storage.

• Extended shelf life of raw materials (especially carbon fabrics).
• Reduced cycle times.
• Near-net molded components, resulting in reduced postmolding finishing processes and less

material scrap.
• Minimal training costs. The basic injection operation of RTM is straightforward and easily

learned. Hence, minimal training is required to bring operators online.
• Low worker exposure. In most cases, RTM materials can be used with minimal chemical

exposure to workers and their environment. Many high-performance resin systems are stable
and release low volatiles. Since RTM is processed within a closed system, workers are
exposed to the resin only when loading the dispensing equipment.

• Abraham and McIlhagger (1996) [21] compared the RTM and autoclave processing routes
and found that the main advantage of the autoclave route was that the higher consolidation
pressure used led to higher values of fiber volume fraction which favorably influenced
component mechanical properties. They also confirmed that the RTM method offers mate-
rials and labor cost savings compared with conventional autoclaving as well as operational,
health, and safety benefits.

However, the RTM process is not free from disadvantages, which include the
following:

• Unidirectional layups are difficult to use and may result in reduced structural performance or
increased weight or both.

• There is high initial tooling expenditure.
• Large components require complex/innovative tooling.
• Resin injection process requires a tight control of process parameters.
• There is limited flexibility to modify the tools for any design changes of the component.
• There is a possible reduction in the mechanical properties of the structures due to binders or

tackifiers in preforming fabrics.

As has been noted, the utilization of matched tooling in RTM increases mold costs.
In addition, great care must be exercised to ensure that both sides of the tool are suf-
ficiently stiff to resist plate deflection, thus introducing thickness variations in the
component. Such variations will result in fiber volume fraction and performance
variations throughout the composite structure. Stiffer tooling also has a large thermal
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mass which will, in turn, necessitate longer cycle times to complete the cure of the
component. One of the most serious problems in RTM is the presence of voids in
the finished component [15]. In common with all fabrication processes, it is important
to maintain voidage in the final laminate as low as possible. Since RTM (generally)
involves no further consolidation, the impregnation process needs to be controlled
with some care.

3.6.5 Variants of VARI and RTM processes

A number of variations of VARI and RTM processes have been developed to reduce
processing times/costs or for particular applications [10,19]. These include:

• vacuum-assisted resin transfer molding (VARTM)
• resin film infusion (RFI)
• light RTM (LRTM)
• seemann’s composite resin infusion molding process (SCRIMP)
• vacuum-induced preform relaxation (VIPR)
• fast remotely actuated channeling (FASTRAC)
• structural reaction injection molding (S-RIM)
• coinjection resin transfer molding (CIRTM)
• compression resin transfer molding (CRTM)
• resin infusion between double flexible tooling (RIDFT)

These processes are described briefly:

• VARTM: In this process (which is a variation of the VARI process), the preform is placed in
an open rigid tool (Fig. 3.6). The layup is sealed in a flexible vacuum bag. As a vacuum is
applied, the resin is drawn into the preform, which is compacted on the tool surface. The
general advantages of vacuum processes, such as VARTM are discussed below.

• RFI: In this process, instead of injecting the film into the mold, sheets of resin are produced
as thin films and placed on the bottom or top or both of the preform. Tool inserts are placed
around the preform, and the assembly is placed in a vacuum bag. When the tool is heated and
pressurized, the resin film or films melt, flow into the preform and are cured. Advantages
include higher fiber volume fractions and less expensive molds.
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Figure 3.6 Vacuum-assisted resin transfer molding (VARTM).
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• LRTM: In this process, the upper mold is made from a semi-transparent composite shell,
sometimes supported by a steel structure. Advantages include lower tooling costs and shorter
production cycles.

• SCRIMP: This process involves placing a peel-ply and distribution medium between the
fiber preform and the vacuum bag (Fig. 3.7). Advantages include speeding up the filling
process, i.e., resin infusion.

• VIPR: This process is the development of VARTM and SCRIMP (Fig. 3.8). It involves
placing a vacuum chamber over the vacuum bag. Advantages include reduced filling time
and the ability to direct the flow to regions which are difficult to fill.

• FASTRAC: This process involves the use of a primary and secondary vacuum bag together
with a noncontacting tool to allow the resin to penetrate the preform more rapidly and
completely (Fig. 3.9).

• S-RIM: This process uses separate resin components and catalysts, which are mixed just
before injection into the mold.

• CIRTM: This process allows two or more resins to be simultaneously injected into the mold.
Advantages include the ability to create multilayer and multiresin structures.

• CRTM: Also known as injection compression molding, the process involves a gap between
the mold surface and the fiber perform (Fig. 3.10). Resin is injected into the gap, and the
mold closed to compress the resin into the fiber preform. This reduces the injection pressure
and filling time required in RTM.
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Figure 3.7 Seeman’s composite resin infusion molding (SCRIM).
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Figure 3.8 Vacuum induced preform relaxation (VIPR).
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• RIDFT: In this process, the resin is injected into a fiber preform placed between two flexible
tools. The vacuum is used to shape the saturated preform into the shape of the component.

Two of the most popular of these processes are CRTM, which is reviewed by Bick-
erton and Kelly (2012) [22] and VARTM, which is discussed by Hsiao and Heider
(2012) [23]. The use of vacuum to develop resin-infusion processes has been one of
the most successful developments in reducing the problem of voidage, as well as
speeding up the process. Vacuum-based processes have enjoyed enormous growth
in popularity over the last few years, primarily because they enable the
cost-effective fabrication of relatively large, complicated structures. Vacuum-based
processes require less expensive consumables, such as bagging materials and
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distribution media. Hayward and Harris (1990) [24] investigated the effects of vacuum
assistance and reported a reduction in voidage during positive pressure RTM.
Abraham and McIlhagger (1996) [21] considered several injection strategies and
gating arrangements and found these to affect the degree of visual porosity and mold-
ing translucency. The qualitative comparison showed that vacuum impregnation and
peripheral gating produced the best quality moldings. Clearly, the properties of
vacuum impregnated moldings are also strongly dependent upon the fiber volume
fraction that is achieved. Unlike conventional RTM, which is carried out in a fixed
height cavity, the use of a flexible membrane to close the cavity means that the degree
of fabric compaction (thus, the fiber volume fraction) depends upon the pressure
difference across the membrane.

3.6.6 Pultrusion

Pultrusion is a cost-effective automated process for manufacturing continuous,
constant cross-section composite profiles [25,26]. It is similar to the extrusion process
used for manufacturing metallic aircraft stringers except the material is pulled through
a die instead of being pushed through (Fig. 3.11). Raw materials are a liquid resin
mixture (containing resin, fillers and specialized additives) and flexible textile reinforc-
ing fibers.

The basic process is as follows:

• Continuous fibers (tows) are pulled off storage spools.
• They are drawn through a liquid resin bath.
• After removal of excess resin, the resin-impregnated tows are pulled through a heated die in

the shape of the final component.
• As the material passes through the die, it assumes the shape of the component and is cured.
• The cured component leaves the die and is cut to the appropriate length.
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Figure 3.11 Pultrusion.
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The fibers can be orientated to react best to the applied load. The woven cloth can be
folded over or placed off-axis as it passes through one or more forming devices. As the
reinforcements are saturated with the resin mixture “wet-out” in the resin bath and
pulled through the die, the gelation, or hardening of the resin is initiated by the heat
from the die, and a rigid, cured profile is formed that corresponds to the shape of
the die. A variant of the process involves forcing the resin under pressure directly
onto the reinforcements within an enclosed injection die before they pass into the heat-
ed pultrusion die.

Often overlooked by manufacturers of aerospace parts, pultrusion is clearly a viable
candidate for certain applications, where the very low cost and the automated process
can deliver high-performance constant cross-section parts. It has been demonstrated,
for example, that pultruded parts could be suitable for low-cost unmanned aerial
vehicles (UAV), e.g., hollow wing sections [27]. The 555-passenger Airbus A380
uses pultruded profiles for the stiffeners and stringers of the huge vertical tail. Pul-
truded components have also been used for high-strength floor beams in aircraft [28].

3.7 Process monitoring

The manufacturing of composites has traditionally been as much of an art as a science.
This is because information directly related to internal process variables, such as the
degree of cure of the epoxy resin has not been available. Typically external process
parameters, such as mold temperature and resin supply pressure were known, but no
information was available regarding the actual state of the curing epoxy. The curing
process has been identified as the most critical and costly stage in the manufacturing
of composite structures. Mijovi�c et al. (1993) [29] have argued that a significant aspect
of composite processing still in need of fundamental research relates to the develop-
ment and implementation of a special class of in situ sensors capable of relaying funda-
mental information about the mechanism and rate of chemical reactions during cure.

Joshi et al. (1999) [30] illustrate the problem of effective control through the
example of the curing of thermosetting resins as an exothermic reaction. The temper-
ature profiles in the curing part depend not only on the heat supplied to the tool but also
on the heat generated by the curing resin. The total mass fraction of resin in the mold
and the resin system used to determine the generated heat, with the exothermic reaction
associated with a low thermal conductivity of the resin potentially lead to excessively
high localized temperatures in the part. This can result in nonuniform cure and an
increase in the residual thermal stresses leading to degradation of the matrix. They
conclude that “it is therefore necessary to study the curing of a component along
with a chosen tooling assembly to obtain an optimum cure cycle.”

Recent developments in sensor technologies for in situ monitoring have made it
possible to obtain some insight into the state of the curing resin. Parameters are
calculated from sensor measurements and analytical models developed in terms of
the epoxy cure behavior [31]. It is clear that it would be more beneficial if the compos-
ite part could be continually monitored during the curing process. Online cure
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monitoring [32] holds great appeal for materials and process engineers, with advan-
tages, such as:

• The online sensor data eliminate the need for off-line collection and the analysis of control
samples.

• Online sensing allows continuous verification of the progress of reactions against a known
processing model, and hence, provides the basis for a closed-loop “smart” process control
system.

• Variations can be identified and resolved, e.g., from batch to batch or between process
cycles.

The aerospace industry is continually developing higher temperature resins but
does not have the sensors that can operate at these high temperatures. This industry
desires a better understanding of what is happening to the whole part and not just a
section. Embedded sensors have been utilized for through the thickness readings,
but serious concerns about performance properties are expressed due to the intrusive
nature of these sensors. A major factor is the need to tailor the sensors to meet process-
ing requirements.

3.8 Conclusions

Prepreg production processes for aircraft can achieve the best properties but at a rela-
tively high cost. Alternative lower cost processes, such as VARTM have been devel-
oped, but while they have superior performance in some areas, such as toughness,
through-thickness properties, and impact resistance, they have not, however, achieved
the performance levels of which the prepreg route components are capable. While
smaller scale, lightly stressed components on the aircraft could be made by a variety
of the lower cost techniques, the major aircraft structural elements in existing and pro-
jected aircraft of main wings, fuselage and empennage are exclusively manufactured
using prepreg as the starter material and high capital cost robotic layup and autoclave
techniques to process it. Unless raw material and process costs can be reduced, the ben-
efits of composites will be realized only on a limited range of aircraft types.

References

[1] A. Taylor, RTM material developments for improved processability and performance,
SAMPE J. 36 (4) (July/August 2000) 17e24.

[2] J.R. Lowe, M.J. Owen, C.D. Rudd, Void formation resin transfer moulding, in:
Proceedings of the 4th International Conference on Automated Composites, ICAC95,
Nottingham, Institute of Materials, pp. 227e234.

[3] B.J. Hill, R. McIlhagger, Resin impregnation and prediction of fabric properties, in:
A. Miravete (Ed.), 3eD Textile Reinforcements in Composite Materials, Woodhead
Publishing Limited: Cambridge (UK).

Manufacturing processes for composite materials and components for aerospace applications 79



[4] C. Harries, J. Starnes, M. Stuart, Design and manufacturing of aerospace composite
structures: state-of-the-art assessment, J. Aircr. 39 (2002) 545e560.

[5] B.J. Hill, R. McIlhagger, C.M. Harper, W. Wenger, Woven integrated multilayered
structures for engineering preforms, Compos. Manuf. 5 (1) (1994) 25e30.

[6] B. Gommers, I. Verpoest, Tensile behaviour of knitted fabric reinforced composites, in:
Proceedings of the 10th International Conference on Composite Materials (ICCM10), vol.
IV Whistler: Canada, pp. 309e316.

[7] W. Li, M. Hammad, A. El-Shiek, Structural analysis of 3D braided preforms for com-
posites. Part 1 the 4 step process, J. Text. Inst. 81 (4) (1990) 491e514.

[8] P. Hubert, G. Fernlund, A. Poursartip, Autoclave processing for composites, in: S. Advani
K.T. Hsiao (Eds.), Manufacturing Techniques for Polymer Matrix Composites (PMCs),
Woodhead Publishing Limited: Cambridge (UK).

[9] J. Mack, R. Schledjewski, The filament winding process in thermoplastics, in: S. Advani,
K.T. Hsiao (Eds.), Manufacturing Techniques for Polymer Matrix Composites (PMCs),
Woodhead Publishing Limited: Cambridge (UK).

[10] J. Schlimbach, A. Ogale, Out-of-autoclave curing processes for polymer matrix compos-
ites, in: S. Advani, K.T. Hsiao (Eds.), Manufacturing Techniques for Polymer Matrix
Composites (PMCs). Woodhead Publishing Limited: Cambridge (UK).

[11] F.N. Scott, R. Heath, Resin Transfer Moulding for Civil Aircraft Manufacture, SAMPE
European Chapter.

[12] K.N. Kendall, C.D. Rudd, M.J. Owen, V. Middleton, Characterisation of the resin transfer
moulding process, Compos. Manuf. 3 (2) (1992) 235e249.

[13] T. Creasy, Sheet forming in polymer matrix composites, in: S. Advani, K.T. Hsiao (Eds.),
Manufacturing Techniques for Polymer Matrix Composites (PMCs), Woodhead Publish-
ing Limited: Cambridge (UK).

[14] P. Ferland, D. Guittard, F. Trochu, Concurrent methods for permeability measurement in
resin transfer moulding. Modelling and simulation of resin transfer moulding, Polym.
Compos. 17 (1) (1996) 149e153.

[15] B. Lui, S. Bickerton, G. Advani, Modelling and simulation of resin transfer moulding-gate
control, venting and dry spot prediction, Compos. Part A 27a (2) (1996) 135e141.

[16] F.L, Matthews, R.D, Rawlings, Composite Materials: Engineering and Science, Woodhead
Publishing Limited: Cambridge (UK).

[17] D. Abraham, R. McIlhagger, Vacuum assisted resin transfer moulding for high perfor-
mance carbon fibre composites, in: Proceedings of the 4th International Conference on
Automated Composites, ICAC95, Nottingham, pp. 299e306.

[18] K.D. Potter, The early history of the resin transfer moulding process for aerospace ap-
plications, Compos. Part A Appl. Sci. Manuf. 30 (5) (May 1999) 619e621.

[19] E. Sozer, P. Simacek, S. Advani, Resin transfer molding (RTM) in polymer matrix
composites, in: S. Advani, K.T. Hsiao (Eds) Manufacturing Techniques for Polymer
Matrix Composites (PMCs), Woodhead Publishing Limited: Cambridge (UK).

[20] B.G. Brinkman, C. Cadenas, R. Phillips, A. Arnold, K. Bowman, Evaluation of tackifier
agents for resin transfer molding, in: 40th International SAMPE Symposium, May 8e11,
1995, pp. 1523e1530.

[21] D. Abraham, R. McIlhagger, A review of liquid injection techniques for the manufacture of
aerospace composite structures, Polym. Polym. Compos. 4 (6) (1996) 437e443.

[22] S. Bickerton, P. Kelly, Compression resin transfer moulding (CRTM) in polymer matrix
composites, in: S. Advani, K.T. Hsiao (Eds.), Manufacturing Techniques for Polymer
Matrix Composites (PMCs), Woodhead Publishing Limited: Cambridge (UK).

80 Polymer Composites in the Aerospace Industry



[23] K.T. Hsiao, D. Heider, Vacuum assisted resin transfer molding (VARTM) in polymer
matrix composites, in: S. Advani, K.T. Hsiao (Eds.), Manufacturing Techniques for
Polymer Matrix Composites (PMCs), Woodhead Publishing Limited: Cambridge (UK).

[24] J.S. Hayward, B. Harris, Effect of process variables on the quality of RTM mouldings,
SAMPE J. 26 (3) (May/June 1990) 39e46.

[25] S. Joshi, The pultrusion process in polymer matrix composites, in: S. Advani, K.T. Hsiao
(Eds.), Manufacturing Techniques for Polymer Matrix Composites (PMCs), Woodhead
Publishing Limited: Cambridge (UK).

[26] T. Starr, Pultrusion for Engineers, Woodhead Publishing Limited: Cambridge (UK).
[27] S. Black, Pultruding costs out of aerospace parts, High Perform. Compos. (March 2009).
[28] A. Mouritz, Introduction to Aerospace Materials, Woodhead Publishing Limited: Cam-

bridge (UK).
[29] J. Mijovi�c, M. Kenny, A. Maffezzoli, A. Trivisano, F. Bellucci, F. Nicolais, The principles

of dielectric measurements for in situ monitoring of composite processing, Compos. Sci.
Technol. 49 (3) (1993) 277e290.

[30] S.C. Joshi, X.L. Liu, Y.C. Lam, A numerical approach to the modeling of polymer curing
in fibre-reinforced composites, Compos. Sci. Technol. 59 (1999) 1003e1013.

[31] I.K. Partridge, G.M. Maistros, Dielectric cure monitoring for process control. Compr.
Compos. Mater 5 413e426.

[32] A. McIlhagger, D. Brown, B. Hill, The development of a dielectric system for the on-line
cure monitoring of the resin transfer moulding process, Compos. Part A Appl. Sci. Manuf.
31 (12) (December 2000) 1373e1381.

Manufacturing processes for composite materials and components for aerospace applications 81



Manufacturing defects in
composites and their effects on
performance

4
Ramesh Talreja
Department of Aerospace Engineering, Department of Materials Science and Engineering,
Texas A&M University, College Station, TX, United States

4.1 Introduction

Lightweight structures in aerospace applications are mostly made of polymer matrix
composites. The size and shape of the structure, and its usage, e.g., as primary or sec-
ondary structure in aircraft, dictate the choice of the manufacturing process. While the
early aerospace applications in defense were mainly performance driven, the cost of
manufacturing today is of increasing concern. Therefore, the traditional design
approach of ‘defect-free’ structures must be revisited. In fact, no structure is without
defects; a low threshold of measurable defects is essentially taken to define the
defect-free condition. If the cost of manufacturing is to be managed, i.e., reduced in
a controlled way, then the effects of defects must be assessed. This requires a
mechanics-based knowledge base on the characterization of defects and quantification
of their effects on specific performance characteristics. Reducing the cost of
manufacturing further requires that the manufacturing process be quantified with
parameters that can be varied to minimize cost.

This chapter reviews a few common manufacturing defect types for illustration. A
cost-effective manufacturing strategy is then described, followed by a discussion of the
role of manufacturing defects in affecting the performance of the composite part that
has been produced. Three examples are given to illustrate how the manufacturing
defects can be characterized, and their effect on the relevant performance characteris-
tics can be evaluated. This mechanics-based analysis methodology can be utilized in
other cases and can become what may be called a defect engineering framework for
cost-effective manufacturing of composite structures.

4.2 Defects in composite materials

Composite materials can be manufactured by a variety of methods. Polymer matrix
composites (PMCs), for instance, can be processed by compression molding, liquid
molding, injection molding, resin infusion, etc. and can be joined by adhesive bonding,
mechanical fastening, fusion bonding, etc. For a good overview of the processing and
manufacturing of PMCs, see Månson et al. [1]. Each processing and manufacturing
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route will induce defects. A systematic way to categorize defects is to group them into
a matrix, fiber, and interface defects. Thus, matrix defects can be incomplete curing
and voids; fiber defects can be misalignments, waviness and broken fibers and irreg-
ularities of fiber distribution in the matrix; and interfaces can carry defects as unbonded
regions on fiber surfaces and between layers (delamination). These defects will be dis-
cussed next.

Voids are the most common type of matrix defects and are found in virtually all
PMC parts, whether manufactured by autoclave, liquid compression molding, or
resin transfer molding (RTM). The void formation can be, to some extent, controlled
by manufacturing process parameters such as vacuum pressure, resin viscosity, cure
temperature, and consolidation pressure. In one study [2], for example, void
morphology and spatial distribution in a circular disc of glass/epoxy were studied
in an RTM process in which the resin was injected under pressure into a mold con-
taining fiber bundle preform. The voids were found to vary in size, shape, and spatial
location. These characteristics were found to depend on the resin flow kinematics in
the mold. Fig. 4.1 taken from that work shows representative images of voids.

Fig. 4.2 shows voids in a unidirectional carbon/epoxy composite made by the auto-
clave technique [3]. The two sections, cut parallel and perpendicular to the fiber

Matrix Fiber Void

Figure 4.1 Representative microscopic images of voids resulting in an E-glass/epoxy com-
posite from an RTM process.
From Y.K. Hamidi, L. Aktas, M. Cengiz Altan, Formation of microscopic voids in resin transfer
moulded composites, J. Eng. Mater. Technol. Trans. ASME (126) (2004) 420e426.
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direction, display the voids that appear as elongated cylindrical-shaped entities lying
mostly between the plies. These voids are typical of the autoclave process where
they form as a consequence of trapped air in ply interfaces during the composite layup
or by evaporation of water and volatiles inside the prepregs during curing. The vacuum
and applied pressure during the curing process cause vapor and volatiles to diffuse into
existing air pockets. Reducing voids in the autoclave process generally increases the
cost of manufacturing and can become prohibitive for large structures. For this reason,
the autoclave process is not used for structures such as wind turbine blades.

One of the ways considered to reduce the cost of manufacturing by the autoclave
technique is to eliminate external pressure and use vacuum pressure only. One study
looked at the effect of moisture formation resulting from dissolved moisture in the
prepregs [4]. Significant voids resulted in this case when the pressure was not
applied. Fig. 4.3 shows an example of the voids formed. On the other hand, elimi-
nating vacuum in the autoclave technique also produces voids. An example of this
is shown in Fig. 4.4 [5].

Fiber defects, as noted above, are fiber misalignment and waviness, and broken
fibers. In composites, where fibers are assumed to be straight, parallel and oriented
in intended directions, deviations due to misalignment and waviness can reduce
initial properties, particularly compression strength and stiffness and lead to reduc-
tions in aircraft design limit load and design ultimate load capability in service.
Fig. 4.5 illustrates the level of misalignment found in a typical as-delivered unidirec-
tional prepreg [6]. A study of the effect of fiber waviness in unidirectional compos-
ites under axial compression [7] showed that the stiffness and strength reduced
severely due to this type of defect. Stress analysis and experimental observations
indicated that the interlaminar shear stress developed due to fiber waviness was
responsible for delamination and subsequent failure. Fig. 4.6 taken from that work
illustrates occurrence of delamination (separation of individual layers that were
intentionally made with wavy fibers) and final failure in axial compression. In an
experimental and analytical study of the failure of unidirectional composites loaded
in combined compression and shear, Vogler et al. [8] also found a significant effect of

A section parallel to the fiber direction A section perpendicular to the fiber direction

(a) (b)

Figure 4.2 Voids in a unidirectional carbon/epoxy composite made by the autoclave process.
From K.J. Bowles, S. Frimpong, Void effects on the interlaminar shear strength of unidirectional
graphite-fibre-reinforced composites, J. Compos. Mater. (26) (1992) 487e1509.
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fiber waviness on strength. The mechanism of failure, in this case, was
microbuckling-induced kink band formation. A severe example of fiber defect is
shown in Fig. 4.7 where tangled fibers are seen in a carbon/epoxy prepreg [9]. It
is difficult to predict quantitatively the effects of such defects on design stresses
except by testing to measure the degradation. If the manufacturing process control
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Figure 4.3 Voids resulting in a composite laminate from dissolved moisture in the prepregs in
an autoclaving process where vacuum bagging was used, but no external pressure was applied.
From L.K. Grunenfelder, S.R. Nutt, Void formation in composite prepregs e effect of dissolved
moisture, Compos. Sci. Technol. (70) (2010) 2304e2309.
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makes the occurrence of such defects possible, then designers must ensure that the
ultimate design strength can be achieved in the presence of such defects.

Interface defects are largely caused by inadequate conditions for generating bonds
at interfaces between fibers and matrix and between layers of composites during

Figure 4.4 An example of voids formed between prepregs when the vacuum is eliminated from
the standard autoclave technique for manufacturing composite laminates.
From Y. Huang, J. Varna, R. Talreja, The effect of manufacturing quality on transverse cracking
in cross ply laminates, in: D. Bhattacharrya, R.J.T. Lin, T.S. Srivatsan (Eds), Proceedings of
Processing and Fabrication of Advanced Materials XIX, PFAM-19, New Zealand, Auckland,
pp. 552e559.

Figure 4.5 Level of fiber misalignment in a typical as-delivered unidirectional prepreg.
From K. Potter, B. Khan, M. Wisnom, T. Bell, J. Stevens, Variability, fibre waviness and
misalignment in the determination of the properties of composite materials and structures,
Compos. Appl. Sci. Manuf. (39) (2008) 1343e1354.

Manufacturing defects in composites and their effects on performance 87



Delamination

Figure 4.6 Illustration of the fiber waviness effect on failure under axial compression of a
unidirectional carbon/epoxy composite. Top: graded waviness of fibers before loading; Middle:
occurrence of delamination under compression; Bottom: final failure.
From H.M. Hsiao, I.M. Daniel, Effect of fibre waviness on stiffness and strength reduction of
unidirectional composites under compressive loading, Compos. Sci. Technol. (56) (1996)
581e593.
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manufacturing. If the resin is infused into a fiber preform, it may not wet the entire fiber
surface, resulting in unbonded regions of the fiber surface. If preimpregnated layers of
composites (prepregs) are stacked in a manufacturing process, then air can be trapped
between the layers. The pockets of air in the interlaminar region can flatten during the
consolidation of layers resulting in planes of no contact, and therefore, no bond, be-
tween layers. These defects are often called delaminations, although this term more
appropriately describes separation (debonding) of bonded layers at interfaces.

4.3 Modeling with defects

A given manufacturing process results in a composite part that is specific to that pro-
cess and can be described by itsmaterial state. The conventional representation of the
material state is by homogenization that produces direction-dependent overall proper-
ties (e.g., anisotropic elastic constants). Explicit knowledge of the size and distribution
of fibers is not retained in this representation. This is adequate and efficient if the pur-
pose is to determine initial deformation characteristics, such as deflections and rota-
tions of the produced composite part. When service loading is applied, the
composite part suffers damage that in many cases initiates from the manufacturing-
induced defects. Stress analysis using homogenized material state is then inadequate
in analyzing the formation and progression of failure. A new approach to the represen-
tation of the material state is needed (discussed next).

Instead of the conventional homogenization, the material state description should
retain the knowledge of the heterogeneities in a statistical sense to the degree that their
effects on the local stress states generated at the microlevel are properly represented.
Additionally, the defects described in Section 5.2 should be incorporated in the mate-
rial state description along with the other heterogeneities (e.g., fibers and differently
oriented layers) in a manner that the perturbations in the local stress field are explicitly

Figure 4.7 A region of entangled fibers in a carbon/epoxy prepreg.
From R.D. Adams, P. Cawley, A review of defect types and non-destructive testing techniques
for composites and bonded joints, NDT Int. 21 (1988) 202e222.
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attributable to the defects. This can allow evaluation of the defects from the viewpoint
of failure initiation and progression.

4.4 Implications for cost-effective manufacturing

Fig. 4.8 depicts the overall methodology of a cost-effective design. Manufacturing
plays a central role in this methodology since a substantial part of the total cost of a
structure lies in steps such as processing, machining, and assembly. On completion
of these steps, the manufactured part is characterized by its geometry and the
material state described in Section 4.3. This characterization may require various
efforts such as polymer process modeling, microscopy, and nondestructive inspec-
tion. The quantified material state enters into the next group of items placed in the
box labeled as properties/performance evaluation. Of particular note is the explicit
separation of information concerning the material state (‘microstructure’) into the
‘homogenized’ and ‘defects’ parts. This is a departure from the traditional design
approach where defects are not considered as a variable in the material state but
only as a threshold for ‘accept/reject’ criteria. For instance, in some aerospace
applications, a 2% void content is used as a threshold to accept or reject a manu-
factured part. In the strategy proposed here, the defects are viewed as a result of
a well-defined manufacturing process, and it is assumed that they can be varied
by controlled variation of the manufacturing parameters. The role of defects in
determining the properties and performance (i.e., degradation of properties in ser-
vice) is a key to assessing the effectiveness, and thereby the cost-effectiveness,
of the manufacturing process. However, to ensure that each aircraft can achieve
design ultimate and design limit strength values, the manufacturing process must
be well in statistical process control producing a level of defects that will guarantee

Cost/performance
trade-offs

Materials characterization
• Material state ('microstructure')

Idealized (homogenized)
Defects

Manufacturing
• Process modelling and simulation
• Tooling, machining, assembly

Properties/performance
evaluation

• Stiffness
• Integrity, durability

Figure 4.8 Cost-effective design process for composite structures.

90 Polymer Composites in the Aerospace Industry



that design ultimate and limit strengths are consistently achieved. The outcome of
the properties/performance evaluation enters in the last piece of the iterative process
for cost reduction where cost/performance trade-offs are done. Conducting these
trade-offs requires balancing the manufacturing cost with the properties and the
level of the achieved performance.

4.5 Mechanics-based analysis of defects

4.5.1 Effect of voids on effective elastic properties

Traditionally the analysis of the effects of voids on the effective elastic properties is
conducted by using inclusion theories where the inclusions are assigned zero prop-
erties [10]. Typically, the voids are distributed as embedded entities in the homog-
enized composite and the reduction in the elastic properties caused by their
presence is estimated. Simulating the geometry of actual voids in a unidirectional
composite, Huang and Talreja [11] showed that such estimates were generally
not accurate. Basically, instead of cutting out a volume in a homogenized compos-
ite and replacing it with a void, as is commonly done, this work displaced the fibers
locally in the composite to accommodate the void. This approach produced the
effect of voids more accurately. A parametric study of the effects of voids in
that work also showed that the void shape generally has significant effects on the
matrix-dominated elastic properties, such as the modulus transverse to fibers
(both in-plane and out-of-plane) and the shear modulus. An example of the
through-thickness elastic modulus reduction [12] and its comparison with model
prediction [11] is shown in Fig. 4.9.
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Figure 4.9 Percentage reduction in the through-thickness elastic modulus (Ezz) induced by
voids. Modeling prediction [11] compared with test data from Ref. [12].
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4.5.2 Effect of voids on delamination growth

If delamination exists in a composite part either as an initial interlaminar defect or
induced by service loading, such as lateral impact, then it is common to assess the
effect on the failure of the part by fracture mechanics methods. These methods typi-
cally analyze the propensity of the delamination, viewed as a crack, to grow unstably
to failure. The driving force for crack growth, or the strain energy release rate
(SERR) of the delamination crack front, is compared with the fracture toughness,
i.e., the resistance to crack growth, of the material in the interface in which the delam-
ination lies. Thus if G is the SERR of a given delamination crack, then G ¼ Gc is the
criterion for incipient unstable crack growth (fracture). Gc, the interface fracture
toughness is evaluated by certain standard experimental techniques. Generally, the
loading conditions on the structural part could result in a mixed-mode delamination
growth, in which case the SERR and the fracture toughness will have different values
corresponding to each mode. For most PMCs, the mode I (opening mode) fracture
toughness is the lowest of the three possible crack growth modes. To evaluate the
failure potential of existing delamination, therefore, one commonly uses the opening
mode fracture criterion GI ¼ GIc.

Depending on the manufacturing process, voids can be produced in the interfacial
region between the composite layers, or in the layers themselves, or both. For delam-
ination growth, the overall void content is of little consequence. What matters is the
presence of voids in the delaminated (cracked) interface. Ricotta et al. [13]
demonstrated this in a study of delamination growth by analyzing the so-called double
cantilever beam (DCB) specimen containing voids ahead of the crack tip (Fig. 4.10).

Fig. 4.11 shows the computed effect of the presence of circular voids in the inter-
face as a function of the distance D of the nearest void from the crack tip. As seen, the
effect of the nearest void has the most influence on the SERR, while adding more voids
has an increasingly lesser effect. In Fig. 4.12, the effect of multiple voids as a function
of the distance of the additional voids from the nearest void to the crack tip is illus-
trated. The results shown for a fixed distance of the first void from the crack tip indicate
that the additional voids enhance the SERR, but as they move away from the first void,
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Figure 4.10 A schematic of a DCB specimen with voids ahead of the crack tip.
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that enhancement decreases. More results of the parametric study of the effects of the
voids on SERR are given in Ref. [13].

4.5.3 Effect of defects on progressive intralaminar cracking

The first failure mechanism in multidirectional composite laminae is matrix cracking
along fibers within plies. This mechanism described as transverse cracking, or intrala-
minar cracking is often the basis of design, i.e., the applied load level is kept below the
threshold for initiation of these cracks. These cracks do not cause the failure of the
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Figure 4.11 Variation of SERR (GI,v) with the distance D from the crack tip of the nearest
circular void of 0.1 mm radius. Effect of up to three voids of mutual distance 2.0 mm is also
shown.
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the nearest void being fixed.
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laminate but lead to other mechanisms that eventually cause failure. The transverse
cracking process in laminates progresses in stages commonly described as noninterac-
tive and interactive. In the noninteractive stage, the cracks initiate from defects in the
plies, the largest defect (with most favorable orientation and size) initiating the first
crack. As the load is increased, more cracks initiate from smaller defects at random
locations. The noninteractive stage shows an increasing rate of crack formation with
loading until the cracks begin interacting, i.e., the perturbation in the local stress field
induced by one crack is affected by the presence of another crack. The subsequent
cracks form between the preexisting cracks at locations where the stress exceeds the
material strength (with or without defects). Thus, in this interactive stage, the role
of manufacturing defects diminishes as the stress field becomes increasingly affected
by the cracks of reducing mutual spacing. In Fig. 4.13 the transverse cracks as seen
from the edge of a specimen are shown. Fig. 4.13(a) shows an array of parallel cracks
in the 90 degrees plies of a cross-ply laminate, while in Fig. 4.13(b) one sees the same
type of parallel cracks within transverse bundles of an 8-harness woven fabric
composite.

For investigating the effect of manufacturing defects on the transverse cracking
process, a study was recently conducted to test how different irregular manufacturing
processes influence the progressive transverse cracking in cross-ply laminates [5].
Composite laminates with a thermosetting polymer matrix are manufactured in the
aerospace industry commonly by the autoclaving process. In this process, a prespe-
cified temperature and pressure variation is followed along with the application of
vacuum to draw out air from the composite part. The process cost is elevated due

Figure 4.13 (a) Transverse cracks in 90 degrees plies of a cross-ply laminate; (b) cracks within
transverse bundles of an 8-harness woven fabric composite.
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to the requirement of placing the mold in a closed space in which the part is subjected
to controlled temperature, pressure, and vacuum. The cost could be reduced if the
application of vacuum or pressure could be omitted without adversely affecting
the part quality. It is expected that omitting vacuum or pressure will result in voids
and possibly other defects such as inadequate wetting of the fibers by resin prior to
curing.

Three plates of a (0/90)s laminate were fabricated in an autoclave using prepregs of
HexPlyM10/38%/UD300/CHS. Plate 1 was produced by the standard process with the
exception that the air was intentionally left entrapped between prepregs by not
applying consolidation pressure during the lamination (stacking of prepregs) process.
For plate 2, the standard process was followed, except no vacuum was applied during
the curing process. For plate 3, the standard process was strictly followed. The coupons
cut from the laminated plates were subjected to monotonic axial tension.

The study [5] focused on the noninteractive stage of the transverse cracking pro-
cess and accounted for the random defects by a statistical description of strength.
Specifically, Weibull distribution was used to represent the random strength, and
the two parameters of the probability distribution function were estimated from the
test data. The result of the analysis is presented in Fig. 4.14, where the crack density
(average number of cracks per unit specimen length) is plotted against the applied
axial stress. Three different curves illustrate the differences due to the defects
induced by the three manufacturing processes. At the same applied stress, plate 1
made with air-entrapped layups consistently has highest crack density, followed
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Figure 4.14 Variation of the density of transverse cracks in cross-ply laminates produced by
three manufacturing processes. The manufacturing process for the lowest curve (Plate 3) is the
standard autoclave process (specified by the manufacturer), while in Plate 2 vacuum was not
applied, and Plate 1 was not consolidated by external pressure, trapping air between layers.
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by plate 2 cured without applying vacuum, while plate 3 made by the standard
process has the lowest crack density. Also, the onset stress for the initiation of the
transverse crack is much lower for plate 1.

4.6 Summary

This chapter has briefly reviewed some of the common forms of defect found in com-
posites structures and their effects on some mechanical properties. A good engineering
design should not only meet the performance specifications required of the composite
structure, but it should do so at the lowest cost feasible for that structure. The tradi-
tional design focuses on meeting performance requirements and uses quality control
measures to accept or reject the manufactured part. This is not going to be feasible
for acceptance of large wings and fuselage structures e the cost will be prohibitive,
and instead, the service performance of composite aircraft structures must rely on
manufacture with consistent levels of defect severity produced by a process that is
strictly within manufacturing process control. This can be accomplished if the effects
of defects on mechanical performance are evaluated. Three examples given here
illustrate that average measures of defects, e.g., void volume fraction, are inadequate
for this purpose. Instead, the size, shape, and location of defects need to be accounted
for to do a proper assessment of performance. The manufacturing process must be
understood sufficiently well to allow process modification to control the level of
defects produced.
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Buckling and compressive
strength of laminates with
optimized fiber-steering and
layer-stacking for aerospace
applications
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Richard Butler, Andrew T. Rhead, Mark W.D. Nielsen
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5.1 Introduction

A high proportion of aerospace structures consist of relatively thin panels that are
stiffened by stringers and frames or ribs. These panels are prone to buckle under
compressive load, and in order to prevent delamination due to interlaminar shear
stress, buckling is usually prevented up to ultimate levels of load.

Compared with aluminum, composites have the capacity to deliver significant
weight saving, largely because of improved specific stiffness. For example, Fig. 5.1
compares the panel buckling efficiency of aluminum with optimized carbon fiber-
reinforced polymer (CFRP) laminates, illustrating theoretical improvements of
30%e40%. However, impact damagedwhich may not be visible on the surface of
laminated compositesdcan occur from such objects as runway debris, hailstones,
and dropped tools. Current regulations specify that during design, this barely visible
impact damage (BVID) must be assumed within most components. This means that
weight savings may reduce for more highly loaded panels.

In this chapter, we will describe the different kinds of elastic coupling effects that
can arise in anisotropic composite laminates before developing expressions that are
used to determine laminate buckling loads. We then illustrate the optimization (or
elastic tailoring) of laminates using straight fibers, followed by a presentation of the
potential advantage of a new manufacturing technique that incorporates in-plane steer-
ing of fibers to achieve curved, elastically tailored, tows. Finally, we use an analytical
model to examine the damage tolerance of a variety of straight fiber stacking
sequences, highlighting improvements in compressive strength that can be made
when plies are either stacked in sequences that maximize damage tolerance or use
nonstandard ply orientations.
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5.2 Elastic properties of laminates

An individual straight fiber layer (lamina) has orthotropic elastic properties, i.e., proper-
ties that can be defined along orthogonal axes, one of which is aligned with the fiber
direction. Most current practices involve the use of layers with 0, þ45, �45, and 90
degrees fiber directions. The freedom to adjust the orientation of fibers within individual
layers of composite laminates sets them apart from metal components. Ordering these
layers into different lay-up sequences to produce a laminate can dramatically change
the overall mechanical behavior, influencing the in-service structural performance.
Here we consider the different forms of elastic coupling that can arise between in-plane
forces (and deformations) and out-of-plane (bending and twisting) moments (and
curvatures).

The elastic coupling of a thin-walled laminate can be described by the well-known
Classical Laminate Theory and ABD matrix notation:
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Figure 5.1 Panel efficiency of optimized CFRP compared with aluminum for a 250 mm wide,
750 mm long, simply supported panel. Nx is compressive load capacity per unit width and m is
mass per unit planform area. The limiting strain, accounting for damage tolerance, is 3,600 mm/
m. Panels (aec) are described in Table 5.3.
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where the sign convention for membrane forces and bending and twisting moments is
shown in Fig. 5.2 and εx, εy and gxy are the direct strains in x and y and the shear strain,
respectively.

Eq. (5.1) is always symmetric and the terms on the leading diagonal are always pre-
sent, as are A12 and D12, due to Poisson’s ratio effects. Other terms within the ABD
matrices are referred to as the elastic coupling terms, summarized in Table 5.1.
Although elastic coupling can be advantageous (in aeroelastic applications, for
example) it is not generally desirable in compressively loaded structures since it can
give rise to greater vulnerability to buckling or structural instability.

In order to minimize coupling, the aerospace industry usually selects laminates that
are both balanced (i.e., they have as manyþ45 degrees layers as they have�45 degrees
layers) and symmetric about their midplane. Balancing eliminates extension-shear
coupling, whereas symmetry eliminates all B-matrix terms, preventing coupling
between in-plane and out-of-plane deformation/load. Grouping of more than four layers
of the same orientation is not normally permitted to avoid large interlaminar stresses, and
at least 8% of each of the 0, þ45, �45 and 90 degrees fiber orientations is usually
required.

The laminates covered by the above rules are hygro-thermally curvature stable,
meaning their curvatures do not vary with changes in temperature and moisture.
This is an important characteristic for manufacture so that laminates are warp-free
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Figure 5.2 Sign convention for displacements, forces, and moments.

Table 5.1 Description of different forms of elastic coupling arising in Eq. (5.1).

Term(s) Elastic coupling Example laminate

A16, A26 Extension-shear [þ45/0/þ45/0]S

B11, B22 Extension-bending [0/0/90/90]T

B16, B26 Extension-twist and shear-bending [þ45/þ45/�45�45]T

B66 Shear-twist [þ45/þ45/0/0]T

D16, D26 Bend-twist [þ45/þ45/�45/�45]S

All Fully coupled [þ45/þ45/0/0]T

None Fully uncoupled [þ45/�45/�45/þ45]A

Note that subscript S denotes symmetry about laminate centerline, A denotes antisymmetry, whereas, T signifies that the
total laminate is defined by the sequence.
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following high-temperature curing of the resin. The rules eliminate all terms in
Table 5.1, apart from bend-twist coupling D16 and D26. The influence of these terms
on the buckling of a simply supported laminate is illustrated in Fig. 5.3(a). In the
most severe case, for the [�q/�q/þq/þq]S laminate, where�q plies are all outermost
(maximizing bend-twist coupling) the knockdown to buckling capacity reaches over
25% when q ¼ 45 degrees. Fig. 5.3(b) shows that this occurs when the sum of D16

and D16 is maximum. With this in mind, it may be important to design laminates
that are fully uncoupled. The research was conducted by Refs. [1,2] into the removal
of all elastic coupling for laminates up to 21 plies thick; Table 5.2 shows that most of
these laminates are nonsymmetric.

5.3 Buckling analysis

The out-of-plane equilibrium of a plate subject to in-plane forces Nx, Ny, and Nxywhich
give rise to buckling instability is defined by
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Figure 5.3 Influence of bend-twist coupling on buckling load of laminate. (a) Variation of
buckling load factor with fiber angle q for laminates with varying bend-twist coupling. (b)
Selected D-matrix terms for [�q/�q/þq/þq ]S laminate.
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Table 5.2 Number of symmetric, antisymmetric and nonsymmetric fully uncoupled laminates with 7 through 21 plies [2].

Number of plies, n

7 8 9 10 11 12 13 14 15 16 17 18 19 20 21

Symmetric e e e e e 4 e 12 4 33 50 110 120 352 344

Antisymmetric 2 1 6 6 24 21 84 76 288 268 1002 934 3512 3290 12,392

Nonsymmetric e e e e e e e e 68 59 780 559 4934 4284 35,521
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Assuming that there is no coupling between in-plane and out-of-plane deformation
(i.e., the B matrix of Eq. 5.1 is null), substitution for bending moments defined in
Eq. (5.1) gives

D11
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(5.3)

Most aerospace structures, such as wing and fuselage panels, are long compared
with cross-sectional dimensions. Hence, strip models, making prismatic assumptions
in the solution of Eq. (5.3), are computationally efficient in many applications. Ap-
proaches that find buckling loads by minimizing potential energy for assumed mode
shapes have been developed [3].

In this chapter, we use a method that solves Eq. (5.3) by using exact, periodic for-
mulations [4]. Here, the eigenvalue analysis is executed on a transcendental stiffness
matrix derived from the solution of the governing differential equations of the constit-
uent strips, which are assumed to undergo a deformation that varies sinusoidally to
infinity in the longitudinal direction. The out-of-plane buckling displacement w is
assumed to be of the form

w ¼ Re
h
FðyÞe

�
ipx
l

�i
(5.4)

For F(y) written as

FðyÞ¼ f1ðyÞ þ i$f2ðyÞ (5.5)

the buckling displacement w is

w¼ f1ðyÞcospx
l
� f2ðyÞsinpx

l
(5.6)

The displacement shape assumed in Eq. (5.6) provides an infinite periodic solution
to the governing differential Eq. (5.3) if the panel and the loading are uniform in the x
direction. The functions f1(y) and f2(y) allow various boundary conditions to be applied
on the longitudinal edges of panels, including free, simple, clamped, and elastic sup-
ports. The displacement amplitudes u, y, w, and rotation about the x axis, j are calcu-
lated repeatedly for a user-specified set of half-wavelengths l,where u and v are shown
in Fig. 5.2. The half-wavelengths are defined by the length of the plate L divided by the
number of half-wavelengths assumed along the length of the plate. The resulting tran-
scendental eigenvalue problem requires an iterative solution that is performed using

106 Polymer Composites in the Aerospace Industry



the Wittrick-Williams algorithm [5] to ensure that no eigenvalues are missed. The
lowest buckling load found for a range of values of l is taken as the critical buckling
for the panel.

For orthotropic panels (D13 ¼ D23 ¼ 0) with no shear loading, f2 is zero, and the
buckling displacements in Eq. (5.6) satisfy the simply supported boundary conditions
at the end of a finite length panel, see Fig. 5.4. For laminates with bend-twist coupling
and/or shear loading, f2 is not zero. In this case, the functions f1 and f2 are such that the
nodal lines of the buckling mode are skewed and not straight and do not coincide with
simply supported, finite length panels, see Fig. 5.5. This so-called VIPASA-type anal-
ysis, therefore, provides conservative results compared with the case forcing the node
lines to be straight along the transverse supports. The conservativeness is overcome by
coupling the VIPASA stiffness matrices for different wavelength responses through a
numerical method, producing VICON-type analysis [6], which gives a good approx-
imation to panels of finite length with transverse supports. VIPASA is more efficient
than VICON in terms of computational cost for optimization. In the wing box and fuse-
lage structures, the skin panels are continuously supported by the adjacent panels and
other structures so that VIPASA has a practical application, where shear loads and
bend-twist coupling are negligible.

5.4 Buckling optimization of straight fiber laminates

The minimum-weight design of the straight fiber laminates for buckling constraints
involves the selection of an optimized stacking sequence with a discrete number of
layers. This is a complex problem that has been solved using a range of approaches,
including genetic algorithms [7], continuous methods [8] and [9], bi-level methods

x

y

Figure 5.4 Buckling mode shape when f2 ¼ 0 in Eq. (5.6), for orthotropic laminate with no
shear load, simply supported along longitudinal edges.

x

y

Figure 5.5 Mode produced by Eq. (5.6) for bend-twist coupled laminate.
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[10], and [11], and lamination parameters [12]. In Table 5.3 we illustrate the continu-
ously optimized laminate designs obtained using VICONOPT [9] for designs A, B,
and C indicated in Fig. 5.1. We also show two sets of discrete (rounded) solutions
for 0.125 mm thick plies, where the second set satisfies the ply grouping rules
described above, requiring the addition of more 90 degrees plies. Note that the percent-
age of 0 degree plies increases with an increasing load to satisfy the damage tolerant
strain limit of 3600 mm/m, and that the outermost positioning of �45 degrees plies is
required to maintain the buckling resistance.

5.5 Variable angle fibers using continuous tow shearing

Variable Angle Tow (VAT) composites have been applied to elastic tailoring of lami-
nated structures to improve structural efficiency of composites panels in the aerospace
sector. Compared with conventional straight fibers, VAT composites allow the
designer to vary the fiber angle as a function of position throughout the structures,
resulting in variable stiffness and strength without adding extra plies [13e15].

In order to bring VAT panels from design to application scenarios, a variety of
manufacturing techniques have been developed. Conventional Automated Fiber Place-
ment (AFP) techniques use tow head turning to control the angle change [16], reduce
the overlap, and cut-off, to improve the quality of the VAT panels.

Two methods can be used to lay tows in terms of a reference tow path when AFP is
applied; parallel paths and shifted (similar) paths. The advantage of parallel paths is
that no gaps or overlaps will occur between tows, resulting in a laminate with uniform
thickness and (theoretically) without any defects. However, the disadvantage is that the
steering radius of parallel tows may result in the violation of the maximum allowable
tow curvature. A geometric singularity can also occur, as shown in Fig. 5.6(a). Shifted
paths keep each tow path the same as the reference tow path, resulting in tow overlaps
and/or tow gaps, as shown in Fig. 5.6(b). The tow overlap occurs when the two courses
are moved closer to eliminate the gap. An overlap (or gap) produces local thickening
(or thinning) which is accompanied by localized out-of-plane fiber waviness, as well
as, locally resin-rich areas, which may decrease the structural strength. Tow cutting
can be used to reduce tow gaps and keep the panel mass as low as the one obtained
from the design stage but produces fiber discontinuity. For both parallel and shifted
cases, fiber wrinkling is caused by localized buckling in the internal radius of the
AFP tows subject to in-plane bending.

A collaborative project between the universities of Bristol and Bath has developed a
Continuous Tow Shearing (CTS) technique [17] for fiber placement, which uses the
deformable characteristic of dry tows in shear and can significantly reduce process-
induced defects compared with the AFP techniques, which use in-plane bending defor-
mation. In addition, the design flexibility is increased by reducing the minimum radius
of curvature of each tow path. The CTS technique offers smooth thickness distribution
rather than the discontinuous thickness caused by tow overlapping in AFP. CTS also
reduces process-induced defects, such as fiber wrinkling, resin-rich areas, and fiber
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Table 5.3 Ply percentages and total laminate thickness T for optimum CFRP buckling designs A, B and C shown in Fig. 5.1. The continuous designs
were obtained assuming a (blocked) stacking sequence of [45/�45/�45/45/0/90/90/0/�45/45/45/�45]T.

Optimum
design

Nx [ 1.0 kN/mm (A) Nx [ 2.0 kN/mm (B) Nx [ 3.0 kN/mm (C)

08
±45
degrees

90
degrees

T
(mm) 08

±45
degrees

90
degrees

T
(mm) 08

±45
degrees

90
degrees

T
(mm)

Continuous 20 74 6 6.486 42 54 4 8.266 61 39 0 9.618

Rounded 21 75 4 6.625 43 54 3 8.375 58 42 0 10.125

Rounded
(rules)

20 73 7 6.875 41 51 8 8.875 54 39 7 10.875
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discontinuity compared with the conventional AFP techniques, which use in-plane
bending to steer tows. In contrast, the CTS technique uses dry tows combined with
an in-situ impregnation to provide shearing capability and prevent the fiber splitting.
In its dry state, the tow can be continuously sheared along the fiber path with
in-plane shearing deformation.

The CTS technique can achieve a minimum radius of tow path of 30 mm. When the
tow is sheared, the thickness is changed according to the shear angle. Assuming that
the fiber volume of the tow element is not changed, the thickness change of the tow
element before and after the shear deformation is shown in Fig. 5.7. The tow shearing

(a) (b)

Geometric

Tow gap 

Tow overlap area or 
tow cutting area

Figure 5.6 Illustration of two AFP tow path methods: (a) parallel paths and (b) shifted paths.
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Figure 5.7 Thickness change of tow element due to shear deformation in the CTS method. The
tow element with cross-section A-A shows tow thickness before shear, whereas B-B shows the
thickness change after shear. Note that b is the tow shearing angle and q is the tow angle
defined in the VIPASA model.
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angle is defined as b, and the angle q is the tow (fiber) angle, relative to the x-axis. The
relationship between the two angles is

q¼ 90� � b (5.7)

The function of f (t0, q) is used to denote the change of the sheared tow thickness t
according to the average tow thickness t0 before shearing and the tow angle q. Because

t0w0 ¼ tw (5.8)

and

w ¼ w0 sin q (5.9)

the sheared tow thickness t is given by

t ¼ t0
sin q

(5.10)

The formula is singular when q ¼ 0. Therefore, q will not be allowed to be equal to
zero degrees for manufacturability reasons. In practice, the tow angle that the tow head
of the prototype CTS machine can handle is 15 degrees � q � 90 degrees.

G€urdal et al. studied two cases of tow paths, which linearly vary along the longi-
tudinal x direction or the transverse y direction. They showed that due to redistribu-
tion of the longitudinal compressive load Nx, fiber angle variation in the y direction is
more efficient than variation in the x direction in the case of initial buckling. In this
chapter, therefore, we focus on variation in the direction transverse to load, in order
to achieve the best structural efficiency while retaining the prismatic conditions. We
apply an efficient optimization strategy for the design of VAT panels with minimum
mass while satisfying the buckling load and CTS manufacturing constraints. We use
a gradient-based method, which suits the continuity of tow paths. Local optima can
be readily avoided by selecting different starting points covering all the design space.
The optimization treats the fiber angles as design variables, and the VIPASA buck-
ling analysis is selected since it suits a transverse variation of angle. As VIPASA is
fast, requiring 0.1% of FEM computation time, its use in optimization is very
efficient.

VAT panels are divided into a number of strips of equal width, and the fiber angle qi
of each strip is free to vary while satisfying buckling constraints. Antisymmetry is
imposed about the panel centerline, as shown in Fig. 5.8. The figure illustrates that
the fiber path q(y) is represented as the fiber angle qi in each strip. The number of strips
for buckling analyses was checked to ensure mesh convergence while maintaining
computational efficiency.

Fig. 5.9 compares the average thickness of optimum designs obtained using
VICONOPT with straight fiber laminates (SF), and variable angle tows obtained
using either CTS or AFP techniques, where the latter assumes shifted (similar)
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tow paths obtained by tow cutting, see Fig. 5.6(b). The results show that AFP pro-
duces weight savings of 10%e20%, whereas, in the case of CTS, the saving can
be as much as 35%. The fiber path for one of the CTS designs, Fig. 5.10, shows
that the axial load (applied as uniform end shortening) is redistributed from the
unsupported panel center to the simply supported boundary. We can also see from
Fig. 5.9 that the buckling strains for the CTS designs are considerably lower than
the comparable AFP values. However, these CTS designs are likely to have low
strength due to the absence of fibers in x and y directions, and the presence of
very high, localized values of Poisson’s ratio [18,19].
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Figure 5.8 VIPASA definition of the VAT panel. qi is the fiber orientation angle in each strip for
a VAT ply.
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Figure 5.9 Comparison of the average thickness t (solid lines) and buckling strains (dashed) for
Straight Fiber optimum designs and variable fiber angle designs obtained using Continuous
Tow Shearing and Automated Fiber Placement. In all cases, the panels are 250 mm wide and
750 mm long with simple supports.
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5.6 Compression after impact and damage tolerance

When laminated CFRP structures are impacted, below surface delaminations can occur,
which can reduce static strength by 60%. Consequently, airworthiness regulations state
that, provided the level of impact required to cause BVID is due to a realistically
expected event (defined as having a probability of occurrence of 1 in 105 flying hours)
it must be assumed that BVID is present and that the structure must tolerate this damage
at ultimate levels of load without failing. At present, the propagation of BVID is sup-
pressed in design by applying empirically derived limits for allowable stress and strain
at ultimate levels of load. Various analytical techniques have been developed to predict
the Compression After Impact (CAI) strength of laminates containing delamination.
These include two-dimensional models [20] that calculate the total strain energy release
rate for propagation of a thin, postbuckled elliptical plate with orthotropic properties and
relate this to the energy required to create a fracture surface under Mode I (peeling) load
conditions.

In this chapter, a computationally efficient, analytical CAI model [21] is applied to
select laminate stacking sequences that offer improved damage tolerance when
compared with a baseline laminate. This extends the previous CAI model [22];
and [23] to now include evaluation of the full 2D sublaminate Strain Energy Release
Rate (SERR). The model uses a simple approximation of BVID morphology and cal-
culates the threshold strain ε

th below which propagation of the delamination damage
will not initiate under any general load. The underlying principle is to find the differ-
ence in energy in the postbuckled sublaminate, see Fig. 5.11, immediately before and
after the growth of delamination and to compare this difference to the Mode I fracture
energy required to create a new area of delamination. If sufficient energy is available,
then a new area of delamination is created, and propagation of the delamination will
occur. Growth is assumed to extend the delamination to a longer elliptical
morphology. A thin-film assumption is made that has the effect of allowing no
bending energy to be released from the lower unbuckled base laminate.

First, the general strain state is converted to its principal strain directions, and the
buckling strain state ε

C of each sublaminate created by delamination is calculated
using VICON-type analysis. Each delaminated sublaminate is modeled as a thin

2.44 m

y

x

8.26 m

Figure 5.10 Optimum fiber path and cross-section of the CTS panel for Nx ¼ 1.0 kN/mm in
Fig. 5.9.
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film, such that the boundary along the circular perimeter of the delamination is
assumed to be clamped, see Fig. 5.11. Circular sublaminates are modeled as a series
of strips, the edges of which are constrained by nodes approximating a circular bound-
ary. For the results presented later, 36 node points are applied at intervals of 10 degrees
around the circular perimeter, creating 18 different width strips defined by vertical
lines spanning the nodes from top to bottom of the circular boundary. Here, con-
strained implies that no buckling displacement or rotation is allowed at the nodes,
thus, approximating a fully clamped boundary. The strips are loaded according to
the biaxial loads applied to the thin film with compression in the strip direction of
the full laminate. It should be noted that VICON buckling analysis is fully general
and can analyze the complex unbalanced and asymmetric sublaminates that can arise
in the delaminated sublaminate.

The propagation model, which accounts for the full energy available in the sub-
laminate at propagation, is applied at each possible interface in turn up to a depth
of 25% of the total thickness away from the face of the laminate. For the case of
enclosed delaminations, multiple delaminations which are representative of impact
damage can be approximated by single delamination at a critical interface. Thus,
at each application, it is assumed that only the delamination being examined is pre-
sent in the laminate and that all secondary effects relating to multiple delaminations
being present in the laminate are ignored. Prior to propagation, the thin buckled
sublaminate is considered to contain bending energy and membrane energy which
are associated with a generalized area A, see Fig. 5.11. Following propagation of
the buckled delamination, this area becomes A þ dA, and the corresponding updated
membrane and bending energies are calculated. Energy for propagation is also avail-
able in the form of membrane energy released from the section of the sublaminate of

ε > ε
C

ε > ε
C

A

δA

Figure 5.11 Postbuckling of circular sublaminate above delamination area A and elliptical
propagation of delamination dA.
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area dA which becomes delaminated during propagation. This comparison results in
the following equation for SERR [21],

�
F2
th þ 2Fth � 3

�
uT ¼ GIC (5.11)
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Here, Fth is the threshold load factor above the buckling strain state at which prop-
agation occurs. The A11, A12 and A22 terms are the in-plane stiffness components of the
sublaminate in principal strain directions and are the only active in-plane stiffness
terms under biaxial strain (A13, A23 can be nonzero but do not contribute to uT ).
The terms εCx and εCy are the buckling strains in the principal directions. Both combine
to form a 2D energy expression uT . By comparing the difference in energies to G1C,
the SERR required to cause Mode I failure of the resin, it is possible to approximately
predict the threshold strain ε

th
x , below which a propagation of delamination will not

occur.

ε
th
x ¼ ε

C
x

 ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi
4þ GIC

uT

r
� 1

!
(5.13)

The sublaminate at which the lowest threshold strain for propagation is deter-
mined will be the first to propagate. Eq. (5.13) is independent of growth direction
and only calculates the strain that corresponds to there being sufficient energy avail-
able for release per unit area to cause Mode I failure of the resin. Note that the
assumption is made that propagation initiates under Mode I conditions, which corre-
sponds to the situation of propagation at the edge of the delamination closest to the
loading edge. For propagation, transverse to the load, it is understood that propaga-
tion is mixed mode (the Mode II contribution being particularly large for 90� domi-
nated sublaminates). However, applying a G1C condition should be conservative
since less energy needs to be developed in the sublaminate to cause propagation
i.e., typically G11C > 2G1C. The results of Eq. (5.13) have been compared with a
range of experimental tests [21] showing agreement to within 12% for balanced
sublaminates in which delamination propagation occurred before intraply cracking.

The use of Eq. (5.13) in laminate design is illustrated for two different stacking se-
quences in Fig. 5.12 where it can be seen that the four �45 degrees surface plies in the
[(45/�45/45/�45)2/(90/0/90/0)2]S laminate provide enhanced damage tolerance under
uniaxial loading. This is due to the combined effect of delayed buckling (Fig. 5.12(a))
and reduced SERR with a lower stiffness of the surface plies in the axial direction. In
the case of the [45/0/�45/90]4S laminate, the near-surface presence of the 0� ply has
the opposite effect. HTA12K/977-2 material properties were used; E11 ¼ 147GPa,
E22 ¼ 8:5GPa, G12 ¼ 4:9GPa, n12 ¼ 0:3, GIC ¼ 478 J

	
m2 and t ¼ 0:125mm.

The most damage-tolerant laminates have outer layers that are softer in the loading
direction, with central layers dominated by stiffer plies. This configuration produces

Buckling and compressive strength of laminates 115



higher buckling strains for the thin, outer sublaminates, and also means they accrue
strain energy more slowly in the postbuckled regime. Stiffer plies in the core of the
laminate increase the effective modulus, raising the threshold stress. If sublaminates
have large numbers of plies orientated in the main load direction, the threshold strain
will drop significantly, leading to a nonoptimal solution.
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Figure 5.12 Comparison of (a) buckling strains and (b) threshold strains for first four interfaces
of [45/0/�45/90]4S and [(45/�45/45/�45)2/(90/0/90/0)2]S laminates. A 30 mm diameter
delamination is assumed at each interface in turn.
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In the damage tolerance design problem, before a stacking sequence is decided
upon and without knowledge of the given impact scenario, it is impossible to know
the severity and morphology of impact damage. A worst-case damage must then be
assumed for any given stack. The worst-case scenario may not necessarily be the
largest delamination. The delamination size that causes the greatest SERR and lowest
propagation strain, does not correspond to the lowest buckling strain, see Fig. 5.13.
The minimum threshold strain ε

th;min
x can be found analytically by using the plate

model applying dεthx
	
dεCx ¼ 0 to Eq. (5.13). Since this minimum does not require

computation of a buckling strain and knowledge of damage size and morphology, it
is possible to consider the minimum threshold strain for each possible sublaminate
for a given laminate. Thus, for any iterative stack in design optimization, the
worst-case propagation strain can be known from assuming this worst-case damage
condition. Stable propagation occurs to the left of the minimum on Fig. 5.13 i.e., it
will take further loading to propagate the delamination further. In contrast to unstable
propagation (right of the minimum on Fig. 5.13), where the loading to cause propaga-
tion is reduced with increase in delamination size. If the most severe delamination is
not the largest and larger than critical delaminations propagate stably, it could be
argued that the largest delamination size is not the most critical because the damage
can still grow without significant failure of the full structure.

Design loadings vary with different parts across an aircraft, and it is more likely that
componentswill be undermultiaxial loads than a simple uniaxial loading condition.There
must, of course, be a compressive component for the buckling-driven delamination prop-
agation mechanism to occur. Fig. 5.14 shows results from a parameter study investi-
gating the platemodel minimum threshold strain for a range of combinations of biaxial

Stable Unstable

Larger delamination

εx
th,min

ε xth

ε xth
ε xC

εx
C

=
/3

Figure 5.13 Variation of threshold strain εthx with buckling strain εCx given by Eq. (5.13), for any
arbitrary sublaminate. The minimum threshold strain ε

th;min
x represents the worst-case delami-

nation scenario [24].
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strain states and sublaminate angles. M21/T700GC material properties were used;
E11 ¼ 136GPa, E22 ¼ 8:9GPa, G12 ¼ 4:5GPa, n12 ¼ 0:35, GIC ¼ 550 J

	
m2 and

t ¼ 0:25mm. The results in Fig. 5.14 indicate that nonstandard angles produce greater
damage tolerance performance than standard angles for the majority of strain states.
This is intuitive as the stiffness of the sublaminate should be tailored to the loading
in order to minimize the SERR, and nonstandard angles offer greater stiffness
tailoring, especially for the low numbers of plies near the surface. Generally, angles
should not be orientated in the main strain direction, and optimal plies can be seen
to align transversely to this direction.

5.7 Conclusion

The primary objective of design in aerospace composites is to minimize weight for a
given loading requirement. For thin laminates subject to compression, this means
ensuring sufficient buckling stiffness while maintaining material strength in the pres-
ence of in-service damage. In effect, stress levels (i.e., applied running load/laminate
thickness) are maximized.

Here, we have shown that buckling stresses for lightly loaded (thin) panels are
relatively low (Nx/T values in Table 5.3 are less than 280 MPa). Note that increased
stiffening could be used in such cases to reduce effective panel widths, but this comes
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with increased manufacturing costs. Alternatively, fibers can be steered in the plane
of the panel to increase the load in the vicinity of supports (Compare maximum stress
levels in Fig. 5.9 for straight fiber design where s ¼ 1500/7.5 ¼ 200 MPa with effec-
tive stress of steered CTS design, where s ¼ 1500/5.1 ¼ 294 MPa). However, such a
design does not include the need to satisfy damage tolerance requirements.

The use of a simple, analytical approach to damage tolerance enables the selection
of optimum stacking sequences. The approach assumes that laminates are locally rigid,
without accounting for the interaction of local damage with laminate buckling modes.
Nevertheless, results suggest that current design practice, which ignores the effect of
stacking sequence on compressive strength, has plenty of room for improvement.
Nonstandard angles specifically show improvement over the use of standard angles
for the majority of laminate loading scenarios.

Future work should explore the above findings in the context of large-scale, semi-
monocoque aerospace structures. Actual in-service experience of the material will be
vital in assessing whether the design approach can be made more sophisticated by,
for example, accounting for better means of detection (health monitoring), improving
the damage resistance and damage tolerance of constituent materials, and/or taking a
statistical, risk-based approach to the likelihood of damage in the first place.

Glossary

AFP Automated Fiber Placement
BVID Barely Visible Impact Damage;
CAI Compression After Impact
CFRP Carbon Fiber Reinforced Plastic
CTS Continuous Tow Shearing
FEM Finite Element Method
SERR Strain Energy Release Rate
VAT Variable Angle Tow;
VICON VIpasa with CONstraints
VICONOPT VICON with OPTimization
VIPASA Vibration and Instability of Plate Assemblies, including Shear and Anisotropy
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6.1 Introduction

In aerospace applications, thin plate-like structures are widely used and often undergo
large transverse deflections and have to carry considerable loads. In conventional
design practices, buckling is often considered as a final failure of structural members.
However, there may be considerable load capacity, particularly for plate-like struc-
tures, beyond buckling limit before final failure occurs. Therefore, it has been a com-
mon practice in aerospace to further explore the load-carrying capacity, or, in other
words, the weight-savings by allowing the structures to operate in their postbuckling
regime. The further load-carrying capacity of thin-walled plates/structures in the
postbuckling regime makes them very attractive in the design of lightweight
aero-structures, which have continuously been in demand in the aerospace industry.
For example, lighter, thinner, still stronger skins can be used in wings and fuselages.
On the other hand, solid knowledge and deep understanding of the postbuckling
behavior of the thin-walled plates/structures must be acquired before performing the
optimal design of such nonlinear structural performance [1]. Laminated composite
materials are increasingly used in the aviation and aerospace industry as the primary
load-carrying components, due to their high strength-to-weight ratios and large stiff-
ness tailoring flexibility. Driven by advanced manufacturing technologies, many novel
composite materials with increased design flexibility and functionality, such as
functionally graded materials, variable angle tow composites, and 3D-printed compos-
ites, have been developed. These novel composite materials provide extensive
opportunities for designers to obtain desirable postbuckling performance for future
aerospace structures.

Postbuckling is a nonlinear elastic behavior of a structure after it enters buckling,
and will induce the stretching-bending coupling irrespective of material anisotropy.
Therefore, the stretching of the middle surface of the plate due to out-of-plane
displacement must be considered in the postbuckling analysis [2]. The fundamental
nonlinear strainedisplacement relations and the partial differential equations for the
large deflection of thin plates were derived by von K�arm�an. Approximate solutions
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for the postbuckling behavior of isotropic plates under compression was first obtained
by Cox [3] and Marguerre [4] using the energy method, in which one-term displace-
ment function and Airy’s stress function was assumed. Later, Levy [2] obtained an
exact solution by expanding the Airy’s stress function and the out-of-plane deflection
in terms of independent Fourier series. The energy method expressed with Airy’s stress
function has been widely used in the postbuckling analysis of isotropic or orthotropic
composite laminated plates by Coan, Yamaki, Prabhakara and Chia, and Shin et al.
[5e8]. On the other hand, only a few research works [9e11] were reported to apply
the energy method expressed in terms of three displacement variables to solve the post-
buckling problem. Harris [12] derived a closed-form expression for the evaluation of
initial postbuckling strength of orthotropic composite plates via a Taylor series expan-
sion near the critical buckling point. Diaconu and Weaver [13,14] also developed
approximate closed-form postbuckling solutions for infinitely long composite plates
with high flexural/twisting anisotropy. The perturbation method provides an alterna-
tive but very effective way to solve the nonlinear problem asymptotically. Koiter
[15,16] is the most well-known researcher who applied this asymptotic approach
and established reliable postbuckling analysis of plates and shells. He also approved
that the third and fourth perturbation terms actually governed the nonlinear behavior.
Stein [17] also derived an asymptotical solution for the postbuckling behavior of
isotropic rectangular plates through taking a loading factor as the perturbation param-
eter, and he also analyzed the phenomenon of buckle wavelength change [18]. Later,
Chandra and Raju (1972) extended Stein’s model for orthotropic plates. Shen and
Zhang [19,20] derived the asymptotic solutions for a series of different postbuckling
problems of rectangular plates using a maximum deflection based perturbation param-
eter. More recently, Wu et al. [21] applied a similar perturbation technique to derive a
more accurate closed-form solution for the postbuckling analysis of orthotropic
composite laminates. Although finite element methods dominate the structural analysis
since last decade, there remain strong research interests in both academic and industrial
fields in developing advanced and efficient modeling methods for the postbuckling
analysis of composite plates, e.g., closed-form solutions [12e14,21], semi-analytical
methods [7,22], and other rapid numerical methods (e.g., DQM [23]).

The optimization of postbuckling behavior of composite laminates is a challenging
task, because it often suffers from high computational costs in tracing the nonlinear
post-buckling equilibrium path. In the post-buckling optimization of laminated com-
posite plates, it is needed to determine the post-buckling behavior of a large number
of lamination configurations. Therefore, most previous works exploit analytical/
semi-analytical formulations or other approximate schemes that can rapidly determine
the nonlinear structural responses, so as to incorporate optimization procedures. Dick-
son and Biggers [24] developed a program (POSTOP) to perform the optimum design
of metal or composite panels with open-section stiffeners under combined loadings.
In their program, analytical/semi-analytical solutions were adopted for the buckling
and postbuckling analysis, and a modified feasible-direction method was applied for
the optimization procedure. Shin et al. [25] presented a work on the minimum-
weight optimum design of specially orthotropic laminates with respect to the postbuck-
ling performance. The postbuckling analysis of composite laminates was performed
using a Marguerre-type energy method, and the phenomenon of mode jumping is
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considered in the optimization process. Bushnell [26] also implemented the function
for the postbuckling design in his PANDA2 program, in which the postbuckling prob-
lem was solved in a semi-analytical way. In addition, an optimization strategy was
introduced to retreat or remove the cases with nonconvergent solutions. Bisagni and
Vescovini [27] developed an efficient semi-analytical postbuckling model based on
the mixed variational principle to carry out the optimization of the nonlinear postbuck-
ling behavior of composite structures using a genetic algorithm. Other routines/tools
integrated with efficient modeling methods were also developed and used for the post-
buckling optimum design, such as NLPANOPT [28,29], VICONOPT [30,31]. As an
alternative to analytical solutions, the high computational costs are reduced in some
works by the application of response surface methodologies that offer a global approx-
imation scheme to predict the postbuckling behavior using a less number of sampled
points [32,33]. More recently, based on a newly derived closed-form solution, Wu
et al. [21] implemented a very efficient two-level optimization routine for the design
of postbuckling behavior of orthotropic composite plates using the lamination param-
eters as the intermediate design variables.

Conventional straight-fiber laminates offer a limited tailoring option by designing
the stacking sequence with constant ply-angles along the thickness direction. The
advent of new advanced fiber/tow placement machines enable the steering of tow paths
(namely VATeVariable Angle Tow) in the plane of composite laminates and result in
variable stiffness structures [34,35]. The development of tow steering technology
enables the stiffness properties of composite materials to vary from one point to
another. As such, it offers a fully three-dimensional tailoring capacity. Previous
research has shown the substantial potential of utilizing the VAT laminates to improve
composite structural performance, particularly the buckling and postbuckling
load-carrying capability [22,23,35e37]. Despite the benefits of VAT laminates, the
postbuckling optimization of such variable stiffness laminates is a particular challenge,
as it involves a large number of design variables and large computational effort
required by an optimization process. These challenges in the optimal design of the
nonlinear postbuckling behavior of VAT composite plates necessitate the development
of new efficient modeling and effective optimization strategies. Several optimization
works on the postbuckling performance of VAT composite plates have been proposed,
which are based on either using genetic algorithms (GA) [37] or a two-level optimiza-
tion framework [38,39]. More recently, Wu et al. [38] designed an effectively “Buckle-
Free” composite panel through the optimal design of the postbuckling behavior of
variable thickness, variable angle tow composite laminates.

In this chapter, we will first present the fundamental theory for the postbuckling
analysis of composite laminates based on the von K�arm�an large deflection equations
and classical lamination theory (CLT). Subsequently, some recent developed analyt-
ical or numerical techniques will be introduced in deriving the closed-form solutions
or the semi-analytical/analytical models for the postbuckling analysis of composite
panels. With the efficient postbuckling models, a two-level optimization framework
that applies the lamination parameters as the intermediate design variables will be
introduced in the optimal design of nonlinear postbuckling behavior of composite
panels. Lastly we will demonstrate and discuss some case studies on the postbuckling
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optimization with the consideration of failure criteria, highlighting the benefits
provided by the elastic tailoring of local or global composite anisotropy to enhance
the structural efficiency.

6.2 Fundamental theory

6.2.1 Constitutive equations of composite laminates

One of the most distinct advantages of fiber-reinforced composite laminates in struc-
tural design is their extensive flexibility in elastic stiffness tailoring. The stiffness prop-
erties of a composite laminate are denoted byA; B; Dmatrices, which are the in-plane,
coupling, and bending stiffness, respectively. Based on the Classical Lamination
Theory (CLT), the constitutive equation for a composite laminate is defined as,"
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The term ε
0 is the midplane strain, k is the curvature, and N, M are in-plane stress

and bending moment resultants, respectively. Alternative to Eq. (6.1), the constitutive
equation is also often expressed in a partially inverted form given byMansfield [40] for
the convenient derivation of the equations in terms of transverse deflection and force
function,"
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where a¼ ðaijÞ ¼ A�1; b ¼ ðbijÞ ¼ �A�1B; D� ¼
�
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ij

�
¼ D� BA�1B. For VAT

composite laminates, their values vary with respect to the coordinates x and y. As only
the symmetric laminates are considered in this section, there is no stretchingebending
coupling and the coupling matrix B ¼ 0; b ¼ 0, and D� ¼ D. By introducing the
material invariants and the lamination parameters [41], the stiffness Aij; Dij

(i, j ¼ 1,2,6) can be expressed as follows,
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where the terms U1;.; U5 are the material invariants, and xA1;2;3;4 and xD1;2;3;4 are the
in-plane and out-of-plane lamination parameters, respectively. qðzÞ is the variation
function of the fiber orientation angles along the normalized thickness z. As shown in
Eqs. (6.3e6.5), the laminate stiffness properties can be arbitrarily tailored through a
specific design of the fiber-angle distribution function qðzÞ, either through changing
the layer fiber orientation angles or the stacking sequence arrangement. This charac-
teristic of a composite laminate provides an extensive design flexibility to enhance the
structural performance through an optimization process of a laminate layup, namely
stiffness tailoring.

6.2.2 Governing equations

The von K�arm�an large deflection equations that define the nonlinear relationship
between the midplane strains and midplane displacements are given by (Bulson, 1970)
[42].
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Applying Eq. (6.6) on the condition of compatibility leads to the following
expression,
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xy

vxvy
¼

�
v2w

vxvy

	2

� v2w

vx2
v2w

vy2
(6.7)
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The stretching behavior of a plate can be modeled by introducing the Airy’s
stress function (F) to model the stress resultants N (Nx; Ny; Nxy), which are then
expressed as,

Nx¼F;yy Ny ¼ F;xx Nxy ¼ �F;xy (6.8)

On the basis of Eqs. (6.2, 6.6e6.8), we rewrite the compatibility and equilibrium
equations for a plate in terms of the out-of-plane deflection w and the Airy’s stress
function F as,

v2

vy2
�
a11F;yy þ a12F;xx � a16F;xy

�þ v2

vx2
�
a12F;yy þ a22F;xx � a26F;xy

�

� v2

vxvy

�
a16F;yy þ a26F;xx � a66F;xy

� ¼ �
w;xy

�2 � �
w;xx

��
w;yy

�
(6.9)

v2

vx2
�
D11w;xx þ D12w;yy þ 2D16w;xy

�þ v2

vy2
�
D12w;xx þ D22w;yy þ 2D26w;xy

�

þ 2
v2

vxvy

�
D16w;xx þ D26w;yy þ 2D66w;xy

�
þ F;yyw;xx þ F;xxw;yy � 2F;xyw;xy ¼ 0

(6.10)

If the variable stiffness composite plates are considered, the expansion of both
compatibility and equilibrium equations of (6.9) and (6.10) involve additional higher
order derivative terms with respect to the in-plane flexibility and bending stiffness
coefficients [23,35], respectively. It will be more tedious if one directly solves these
two coupled governing equations by applying the Galerkin method or the principle
of virtual work (displacement) to solve this postbuckling problem for the variable
stiffness composite plates.

6.3 Postbuckling analysis

6.3.1 Asymptotic closed-form solutions

A closed-form asymptotic solution for the postbuckling problem of straight fiber,
constant stiffness composite plates is derived using the perturbation method [21].
A simply supported laminated plate is subjected to biaxial loading. The ratio between
the longitudinal loading Nx0 and transverse loading Ny0 is denoted by k. The four edges
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are assumed to remain straight during the loading and deformation, which are constant
in-plane displacement boundary conditions:

u;yð0; yÞ¼ u;yða; yÞ ¼ v;xðx; 0Þ ¼ v;xðx; bÞ ¼ 0 (6.11)

For satisfying the boundary conditions and consider nonlinear structural behavior in
the postbuckling regime, the out-of-plane deflection, and the Airy stress function are
expressed in the following perturbation forms.

wðx; yÞ¼ ε
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w1 sin
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3
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where ε is the perturbation parameter,m and n are the number of half-waves of w in the
x and y directions, respectively. Note, the zeroth-, second-, and fourth-order terms of
out-of-plane displacement w and the first- and third-order terms of the Airy function F
are eliminated due to the orthogonality condition [43]. Substituting the expressions of
Eqs. (6.12) and (6.13) into the postbuckling governing equations [Eqs. (6.9) and
(6.10)] result in a set of linear nonhomogeneous equations, where the unknown
coefficients (w1;w3;.; f

ð2Þ
20 ) can be determined using a step-by-step procedure

[19,20]. The difference between Zhang and Shen’s model [25] and the present method
is the assumption for truncating the higher-order terms (O

�
ε
5
�
;O

�
ε
6
�
; /) in the

derivation of closed-form expressions of these unknown coefficients and the choice of
perturbation parameter ε. I have found that retaining more terms for mode shape
assumption [Eq. (6.12)] is beneficial to accurately capturing the nonlinearity of the
postbuckling behavior of composite laminates in the moderately deep range. In Zhang
and Shen’s model [20], the coefficient w3 is assumed to be zero, and the perturbation
parameter is chosen by truncating the expansion of the maximum transverse deflection.
In this work, the perturbation parameter is chosen from the in-plane stress resultant
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along the longitudinal direction at the boundary Nx0. The in-plane stress resultant Nx0

is given by the following series:

Nx0¼N0
x þ ε

2Nð2Þ
x þ ε

4Nð4Þ
x þ. (6.14)

In Eq. (6.14), the term ε
4Nð4Þ

x and higher-order perturbation terms are ignored. The
perturbation parameter is then defined as,

ε
2 ¼ Nx0 � Ncr

x

Nð2Þ
x

(6.15)

Substituting the coefficients in Eqs. (6.12e6.15) into Eqs. (6.9e6.10), the end-
shortening strain and maximum out-of-plane deflection function are written as

εx¼ða11 þ ka12ÞNcr
x þ �
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�
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(6.16)
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(6.17)

where k ¼ Nx0=Ny0 is the specified loading ratio, Ncr
x is the critical buckling load of the

plate, and a ¼ ðna=mbÞ is the buckling mode parameter. Note, the accuracy of the
postbuckling model given by Eqs. (6.16) and (6.17) for biaxial compressive loaded
plates with highly orthotropic material (with a large E1 =E2 ratio) is not satisfactory
when the load factor k and the aspect ratio a =b are both very large. From the numerical
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experience, Eqs. (6.16) and (6.17) are able to give sufficiently accurate postbuckling
solution for highly orthotropic material when k < 0:5 and a =b < 5. The nonline-
arity of the postbuckling equilibrium path is explicitly defined in terms of the com-
posite stiffness matrices aij; Dij, the plate aspect ratio, load factor k, and the increased
portion of external loading

�
Nx0 �Ncr

x

�
. If the nonlinear terms (with respect to the

applied compression loading) are ignored and only the linear terms are retained,
Eq. (6.16) reduces to the exact same form as Harris’s postbuckling model [12].
A unidirectional laminate ½0�s was chosen for the postbuckling model validation. It was
found, in general, that the asymptotic perturbation method yields the least accurate
solutions for the ½0�s laminates with the material properties that were highly orthotropic
(the ratio of E1 =E2 was large). Fig. 6.1 illustrates the postbuckling equilibrium paths
of a ½0�s square plate given by various analytical models and the FEM. The plot
(a) gives the normalized strains εx

�
ε
iso
x as a function of the normalized axial

loads Nx0
�
Niso
x , and the plot (b) shows the normalized maximum transverse

displacement wmax =h as a function of the normalized axial loads Nx0
�
Niso
x . It can be

seen that, for this extreme case, the closed-form model given by Eqs. (6.16) and (6.17)
is able to accurately capture the nonlinear structural behavior in deep postbuckling
regime.

6.3.2 Semi-analytical model based on a mixed variational
principle

Applying the energy method or a variational formulation to derive the semi-analytical
model for the analysis of the nonlinear postbuckling behavior of composite structures
has attracted lots of interest in previous research works [10,25]. This approach is
particularly attractive for the postbuckling analysis of variable stiffness composite lam-
inates because the derivative terms of stiffness coefficients can be avoided, and it
results in an analogous modeling procedure with that for straight fiber laminates.
In this article, a single variational formula expressed in terms of the Airy’s stress
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Figure 6.1 Postbuckling model validation and comparison on a composite laminate ½0�s.
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function and transverse deflection function is proposed to model the postbuckling
behavior of composite plates, which is defined as [27,33],

P� ¼ �1
2

ZZ
s

"
a11

�
v2F

vy2

	2

þ 2a12
v2F

vx2
v2F

vy2
þ a22

�
v2F

vx2

	2

þ a66

�
v2F

vxvy

	2

�2a16
v2F

vy2
v2F

vxvy
� 2a26

v2F

vx2
v2F

vxvy

�
dxdy

þ1
2

ZZ
s

"
D11

�
v2w
vx2

	2

þ 2D12
v2w

vx2
v2w

vy2
þ D22

�
v2w
vy2

	2

þ 4D66

�
v2w

vxvy

	2

þ4D16
v2w

vx2
v2w
vxvy

þ 4D26
v2w

vy2
v2w
vxvy

�
dxdy

þ1
2

ZZ
s

"
v2F

vy2

�
vw

vx

	2

þ v2F

vx2

�
vw

vy

	2

� 2
v2F

vxvy

vw

vx

vw

vy

�
dxdy

þ
Z
c1



Mvo

vw

vv
�
�
Vz0 þ vMvs0

vs

	
w

�
dsþ

Z
c2

½u0Nxv þ v0Nyv�ds

(6.18)

where c1 and c2 denote the portion of boundaries over which stresses and displacements
are prescribed, respectively. The descriptors s and v indicate the tangential and normal
direction respectively, along a specified boundary. One of the advantages of applying
this method to model the postbuckling behavior of composite laminates is able to deal
with the mixed boundary conditions, directly. For the VAT laminates, the displacement
along a stress-free boundary is generally unknown and difficult to determine [36]. For
applying the RayleigheRitz method, the transverse deflection function w and the Airy’s
stress function F are assumed to have the following series forms,

wðx; yÞ ¼
XR
r¼0

XS
s¼0

WrsXrðxÞYsðyÞ (6.19)

Fðx; yÞ¼F0ðx; yÞ þ
XP
p¼0

XQ
q¼0

fpqXpðxÞYqðyÞ (6.20)

where XrðxÞ; YsðyÞ; XpðxÞ; YqðyÞ are shapes functions for the transverse deflection w
and stress function F, respectively. In the authors’ previous works, the Legendre
Polynomials are applied, which had been approved to have the advantages in capturing
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local structural behavior. Substituting Eqs. (6.19e6.20) into Eq. (6.18) and applying
the RayleigheRitz method, a set of nonlinear algebraic equations are obtained and
expressed in the following tensor form,

Kmm
pi fp þ Kmc

li cl þ Kmd
li dl þ Kmb

rsi WrWs ¼ 0

Kcm
pi fp þ Kcc

li cl þ Kcd
li dl þ Kcb

rsiWrWs ¼ Fx
i

Kdm
pi fp þ Kdc

li cl þ Kdd
li dl þ Kdb

rsiWrWs ¼ Fy
i

Kbb
ri Wr � Kbm

rpiWrfp � Kbc
rliWrcl � Kbd

rli Wrdl ¼ 0

(6.21)

where Kmm
pi ; Kmc

li ;. represent various stiffness matrices for a composite plate in the
postbuckled state. The letters (b; m; c; d) in the superscript of each stiffness matrix (K)
denote bending, membrane, the boundaries of loaded edges and transverse edges,
respectively. A combination of two letters represents coupling effects, for example,
Kmb
rsi denotes the nonlinear coupling between stretching and bending. The explicit

expressions of the elements in each matrix can be found in Ref. [22]. A numerical
routine based on Eqs. (6.19e6.21) was implemented for the prebuckling, buckling,
and postbuckling analysis of composite plates, including a specific routine for
analyzing the VAT composite laminates. First, the values of each stiffness matrix in
Eq. (6.21) are computed. The integrations in the stiffness matrices, such as
Kbb
ri ; K

mm
pi ; Kmc

li ; .; that may contain the variable stiffness terms are evaluated
numerically. A modified NewtoneRaphson method [22] is applied to solve the
nonlinear algebraic equations and determine the postbuckling equilibrium paths.
In the NewtoneRaphson method, the applied load (displacement) is subdivided into a
series of small incremental load steps, and in each step, the unknown coefficients of the
deflection function (w) and stress function (f; c; d) are obtained by an iterative
procedure. It is to be noted that the initial step sizes are usually required to be suffi-
ciently small to ensure convergence. The Jacobian matrix of Eq. (6.21) can also be
derived analytically to improve the computational efficiency.

6.3.3 Postbuckling stiffness indices

We normalized the postbuckling solutions with respect to a homogeneous quasi-
isotropic laminate to benchmark the postbuckling analysis of composite laminates.
The equivalent Young’s modulus Eiso, Poisson’s ratio viso and bending stiffness
Diso of the quasi-isotropic laminate are given by Ref. [14],

Diso ¼ Eisoh3

12
�
1� v2iso

�; viso ¼ U4

U1
; Eiso ¼ U1

�
1� v2iso

�
(6.22)

where U1;U2; U4 are material invariants as given in Eq. (6.3). The applied loads and
end-shortening strains in the postbuckling equilibrium paths are normalized with
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respect to that of this quasi-isotropic laminate at its critical buckling state. This
quantity, namely, the relative stiffness (denoted by Kr), reflects the proportion of
stiffness that remains in the postbuckling regime against its initial prebuckling stiffness
(Kpre) [13]. The relative stiffness, however, does not convey any information regarding
laminate configurations. In order to perform the layup comparison and consider the
stiffness in both pre and postbuckling regimes simultaneously, two other quantities are
defined in this work to characterize the postbuckling behaviors of VAT laminates. One
is the normalized postbuckling stiffness (Kpost), which is defined as the slope of the
initial postbuckling range normalized by the prebuckling stiffness (Kiso) of a quasi-
isotropic laminate. The other is the normalized overall stiffness (Ko) that is directly
quantized by the end-shortening strain (εisox ) under a certain load condition (Nx0),
which is often chosen to be in the range of one to three times the critical buckling load
of the quasi-isotropic laminate (Niso

x ). The formulae for calculating these stiffness
indices are expressed as,

Kpre ¼ Ncr
x

ε
cr
x

¼ a
Ncr
x

Dcr
x
; Kr ¼ 1

Kpre

�
dN

dε

	

Kpost ¼ 1
Kiso

�
dN

dε

	
; K0 ¼ 1

Kiso

N0
x

εx

(6.23)

where Ncr
x ; εcrx ; D

cr
x are the critical buckling load, strain, and displacement,

respectively.

6.4 Two-level postbuckling optimization of composite
structures based on lamination parameters

6.4.1 Two-level optimization framework

6.4.1.1 Optimization criteria

In the post-buckling optimization problem, the objectives are to minimize either the
end-shortening strain εx ¼ Dx=a along the loading direction or the maximum trans-
verse deflection wmax under a prescribed service load Nx0. As the applied loading
condition is identical for each optimal design, the overall structural strength, or the
load-carrying capacity, directly relates to the resultant end-shortening strain εx or
the maximum transverse deflection wmax. Their evaluation is based on the postbuck-
ling equilibrium paths, which are the load versus end-shortening curves and the
nonlinear load versus transverse deflection curves.

6.4.1.2 Feasible region of lamination parameters

In this chapter, only specially orthotropic composite laminates are considered for post-
buckling optimization. In other words, there are no in-plane and out-of-plane
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couplings (B ¼ 0), no extension-shear coupling (A16¼ 0;A26 ¼ 0 ) and no flexural-
twisting coupling (D16 ¼ 0;D26 ¼ 0). Therefore, two in-plane and two out-of-plane
lamination parameters

�
xA1 ; x

A
2

�
;
�
xD1 ; x

D
2

�
are sufficient to define the stiffness matrices

in Eqs. (6.3) and (6.4). An outer boundary of the feasible region of lamination param-
eters was often employed in previous optimization works [13]. In the plate postbuck-
ling problem, a strong coupling between the in-plane stiffness and the out-of-plane
stiffness was present. Consequently, an accurate boundary of the feasible region of
lamination parameters is important for obtaining realistic composite layups. In the
previous work by Wu et al. [44], a set of new explicit closed-form expressions that
can accurately define the interdependent feasible region. The nonlinear constraints
for these four coupled lamination parameters are expressed as,

5
�
xA1 � xAD

�2 � 2
�
1þ xA2 � 2

�
xA1
�2� � 0

�
xA2 � 4txA1 þ 1þ 2t2

�3 � 4
�
1þ 2jtj þ t2

�2�
xD2 � 4txD1 þ 1þ 2t2

� � 0

�
xA2 � 4txA1 þ 1þ 2t2

�3 � 4
�
1þ 2jtj þ t2

�2�
xD2 � 4txD1 þ 1þ 2t2

� � 0

(6.24)

where t ¼ ½� 1; �0:75; �0:5; �0:25; 0; 0:25; 0:5; 0:75; 1�, or for better accuracy,
t ¼ ½� 1; �0:8; �0:6; �0:4; �0:2; 0; 0:2; 0:4; 0:6; 0:8; 1�. These 19w 23 equations in
Eqs. (5e7) are able to accurately bound the feasible region of the four lamination parameters

x
1;2
A;D.

6.4.1.3 Two-level optimization

A two-level optimization procedure is applied to perform the optimal design of the
postbuckling behavior of composite plates, both constant stiffness (straight fiber)
and variable stiffness (VAT) laminates. At the first step, a gradient-based mathematical
programming technique is used to determine the optimal values (distributions for VAT
composites) of lamination parameters, which give the desired postbuckling perfor-
mance/strength. At the second step, a genetic algorithm (GA) is employed as an opti-
mizer to obtain the actual layups, including the stacking sequence and fiber orientation
angles, from the target values (distributions) of lamination parameters.

First-level optimization
In the postbuckling response of composite laminated plates, the optimization problem
is expressed as.

Minimize:

εxðxÞ = εisox or wmaxðxÞ=h (6.25)
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Design variables:

x ¼ �
xA1 ; x

A
2 ; x

D
1 ; x

D
2

� ðat each control point for VAT laminatesÞ

Subjected to:

gjðxÞ � 0 (6.26)

where gj are the constraint functions defined in Eq. (6.24) that define the feasible
region of these four lamination parameters.

At the first level, for the postbuckling optimization of variable stiffness (VAT) com-
posite laminates, B-spline functions are employed to define the spatial variation of
lamination parameters (variable stiffness). A given degree of B-spline curve/surface
is determined by a set of control points and a prescribed knot vector. The control points
are distributed over the plate domain, and the design variables (lamination parameters)
are associated with each control point. As illustrated in Fig. 6.2, the design flexibility is
adjusted by altering the number and position of control points, the degree, and the knot
vector of the spline functions. Compared with the discretized finite element approach,
using B-splines to represent the spatial variation of lamination parameters requires
fewer design variables and leads to a continuous and smooth distribution. In addition,
the convex hull property of B-splines enforces the spatially varying lamination param-
eter across the planform of the plate to be fully constrained inside the feasible region,
provided that the lamination parameters at the control points satisfy all the nonlinear
constraints.

The first-level postbuckling optimization problem in Eq. (6.25), which is defined in
terms of the lamination parameters, can be effectively solved using a gradient-based
mathematical programming algorithm. The GCMMA (Globally Convergent Method
of Moving Asymptotes) approach had been approved to be an effective algorithm in
our previous works [21,37,38]. In a GCMMA approach, the objective function and
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Figure 6.2 Illustration of B-spline surface constructing by five-by-five uniformly spaced control
points.
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the nonlinear constraints are approximated by convex separable forms in a local region
as,

f
ðm;vÞ
i ðxÞ¼

X4
j¼1

0
@ pðm;vÞij

a
ðmÞ
j � xj

þ qðm;vÞij

xj � b
ðmÞ
j

1
Aþ rðm;vÞi (6.26)

where m and n denote the indices of the “outer” and “inner” iterations, respectively. For
the detailed expression of each variable in Eq. (6.26), refer to Svanberg’s work. The
approximating formula of Eq. (6.26) for the objective function and nonlinear
constraints is shown to be convex separable and conservative with respect to each
design variable (lamination parameters). The advantages of applying the GCMMA
approach is that the feasible constraints can be strictly satisfied in an optimization
process, and there is a strong likelihood of finding the globally optimal solution.

Second-level optimization
The second-level optimization process is applied to retrieve a realistic composite
layup. For simulating the specially orthotropic composite laminates, an antisymmetri-
cal stacking sequence with specially orthotropic properties
(½B� ¼ 0; A16; A26 ¼ 0; D16;D26 ¼ 0) is used. For instance, the stacking sequence
with a 16-layer composite laminate ½ � q1=Hq1=� q2=Hq1�AS possesses two inde-
pendent ply orientations. Larger design freedoms can be achieved in the second-
level optimization process by adding more design layers. Subsequently, a genetic
algorithm (GA) is used to determine the fiber orientation angles for each design layer,
which results in lamination parameters matching the desired results closely. The fitness
function is expressed as a mean value of the least-square distance between the obtained
lamination parameters and the target lamination parameters. The optimization problem
is formulated as follows:

Minimum:

DxðqiÞ ¼
"X2

i

wA
i

�
xAi � exAi �2 þX2

i

wD
i

�
xDi � exDi �2

#

x
A;D
1;2 ) ½q1; q2; q3; q4�

Subjected to: �p=2 � qi � p=2 (6.27)

where qi is the fiber angle at each design layer, and wA
i and wD

i are the weights to
distinguish the relative importance between xA1;2 and xD1;2. Based on our trial-and-error
experiences, the population size was set to be at least 20e30 times the number of
design variables, whereas, the number of generations is usually set to 50e100,
depending on the population size. The crossover and mutation probabilities were
chosen to be 0.7 and 0.04.
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For retrieving the VAT laminate layup from a target lamination parameters distri-
bution, each VAT layer is parameterized by the fiber angles defined at a set of control
points. A smooth nonlinear variation (NLV) of fiber orientation angles over the plate
domain is generated using Lagrangian polynomials, as given in Ref. [36]. Subse-
quently, a GA is used to determine the fiber orientation angles at all the control points
of each VAT layer. The fitness function of second-level optimization is expressed as a
mean value of the least square distance between the obtained stiffness variation and the
target stiffness variation at a large number of grid points over the plate domain.

Minimize: Dx ¼ 1
Np

X
j

Dxj

Dxj ¼
"X2

i

wA
i

�
xAi � exAi �2

þ
X2
i

wD
i

�
xDi � exDi �2

#
ðjÞ

x
A;D
1;2 )

h
Tk
1 ; /; Tk

n ;/; Tk
N

i

Subjected to: �p=2 � Tk
n � p=2 (6.28)

where Tk
n is the fiber angle at the control point for the kth ply. The total number of grid

points Np is chosen to be 1000 w 2000 in total for a two-dimensional variation.

6.4.2 Postbuckling optimization of straight-fiber composite
laminates

Fig. 6.3 illustrates the postbuckling optimization results under the case of the biaxial
compressive loading conditions (k ¼ 0:2). The left plot presents the optimal layups
that give the minimum end-shortening strain. As shown in the left plot of Fig. 6.3,
the layup ½ � 35=H35=� 20=H20=08�AS gave the minimum end-shortening strain
for the axial loading Nx0 ¼ 1:5Niso

x . ½ � 50=H50=� 10=H10=08�AS was the opti-
mized layup for the minimum end-shortening strain when axial loading Nx0 ¼
1:5Niso

x or Nx0 ¼ 2:5Niso
x . It shows that a large proportion of 0 degree plies in a lami-

nate is also important for minimizing the end-shortening strains for biaxial compres-
sive loading cases. In the right plot of Fig. 6.3, the optimal layup�ð�45=H45Þ2

�� 75
�
H75

�
04
�
AS shows the minimum of maximum transverse de-

flections when Nx0 ¼ 1:5Niso
x , ½ � 60=H60=� 90=H90=04�AS are the optimized

layups for Nx0 ¼ 2Niso
x and ½ � 70=H70=� 90=H90=04�AS for Nx0 ¼ 2:5Niso

x ,
respectively. It is interesting to observe that the inner layers of all of these layups
are always a combination of ½90n =0n� which is beneficial for a laminate to minimize
its membrane strains, and hence, its nonlinear (in the von K�arm�an sense) maximum
transverse deflection.
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6.4.3 Postbuckling optimization of variable angle tow
composite laminates

The two-level optimization method is also applied to perform the optimal design of
postbuckling behavior of compressive loaded, simply supported, and square VAT
composite plates. The optimal layups which give the minimum end-shortening strain
or the maximum transverse displacement may be different when the level of axial
compressive load Nx0 is changed. Herein, in the optimization of VAT laminates for
giving the minimum end-shortened strain εx, the value of the compressive axial load
Nx0 is set to be 2.5 times of the critical buckling load (2:5Niso) of an equivalent
quasi-isotropic laminate. The optimal variations (7� 7 control points) of the four lami-
nation parameters of the VAT plate that gives minimum end-shortening strain εx. The
postbuckling equilibrium paths for the optimized constant stiffness and VAT laminates
are compared and illustrated in Fig. 6.4. The layup ½45=06�s gives the minimum end-
shortening strain among the constant stiffness laminates. VAT #1 is the optimal design
using a direct GA approach [37], and VAT #2 is the optimal design result using the
two-level optimization approach. It was shown that there is approximately 21% incre-
ment for the optimal design layup VAT #2 compared with the best straight-fiber layup
½45=06�s: The right plot in Fig. 6.5 illustrates the optimal fiber-angle varying distribu-
tions which are retrieved from the left-hand side target distribution of lamination pa-
rameters. The numerical results also demonstrate the robustness and computational
efficiency of the proposed two-level optimization methodology for the postbuckling
design of VAT laminates.

6.4.4 Postbuckling optimization of variable thickness, variable
angle tow composite laminates, toward “buckle-design”
concept

This section presents the optimal postbuckling designs for VAT panels with indepen-
dent thickness variation, which provides a very large design flexibility of general
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Figure 6.3 Optimal layups of a square plate under biaxial compression (k ¼ 0.2) for minimizing
εx (left plot) or minimizing wmax (right plot) (QI, Quasi-Isotropic).
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variable stiffness tailoring. The postbuckling optimization problem with the general
variable stiffness tailoring considers the stiffness variation that is defined in terms of
four lamination parameters ( x

A;D
1;2 ) and a thickness variable associated with each

control point of the B-spline function. The first-level postbuckling optimization is
then formulated as,

Minimize: ε0x

�
GðsÞ
mn; hmn

�

subjected to : �1 � GðsÞ
mn � 1

gi
�
Gs
mn

� � 0

hL � hmn � hU

1
ab

Za=2
�a=2

Zb=2
�b=2

hðx; yÞdxdy� h0 � 0

(6.29)

First, for the purpose of simplicity, one-dimensional stiffness variation along y
direction (within 7 control points defining the B-spline function) is allowed in the post-
buckling optimization. Fig. 6.6(a) illustrates different one-dimensional optimal post-
buckling results (from VAT panels #3 to #6) that are obtained by setting different
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Figure 6.4 Postbuckling behavior comparison on the normalized axial loads versus normalized
axial strain.
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ranges of thickness variation. The upper bound of the thickness variation is set to be
hU ¼ 4h0 , which is the maximum thickness build-up given by a CTS-manufacturing
lamina with 75 �shear angle. The VAT panels #3, #4, #5 and #6 are the optimal results
when the lower bound of thickness variation is chosen to be
hL ¼ 0:9h0; 0:7h0; 0:5h0 and 0:25h0, respectively. From the postbuckling results
shown in Fig. 6.6(a) for the VAT panels #3 to #6, it can be seen that the postbuckling
performance (overall axial stiffness) of the VAT panels can be substantially improved
through inducing an independent thickness variation in the variable stiffness design.
Moreover, the reduction in axial compressive stiffness of VAT panels #4 to #6 after
entering the postbuckling regime is extremely low. The critical buckling points for
the VAT panels #4 to #6 become less clear and are denoted by small circles in
Fig. 6.6. Therefore, the “Buckle-Free” design concept is eventually achieved. These
results (VAT panels #3 to #6) also indicate that substantial benefits are received in
the postbuckling behavior design of VAT panels through general stiffness tailoring.
Nevertheless, the VAT panel #6 is already approaching an ideal “Buckle-Free” panel
design. VAT panels #4 to #6 are the optimal results from the first-level optimization
process, of which, only the variable stiffness distributions are given.

A blended panel design scheme is then considered and optimized to match the
target stiffness distribution of VAT panel #5 that is obtained from the first-level opti-
mization process. As shown in Fig. 6.7(a), this blended panel is split into three parts
that consist of one constant thickness central element and two outer elements with a
large amount of thickness build-up. It was also noticed that the thickness variation
pattern in the outer regions in Fig. 6.7(a) is similar to the thickness build-up of a
CTS laminate with large shear angles along the edges. Therefore, a blended panel
design scheme with eight AFP-manufacturing constant thickness plies (

��qAFP1

�
2s)
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Figure 6.6 Postbuckling responses of the optimal VAT layups with different thickness variation
patterns for a square panel under a given uniaxial compressive loading (Nx0 ¼ 3 Niso
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minimizing the end-shortening strain: (a) VAT#1-2: constant thickness, VAT#1 ¼ 3e6:
different thickness variation; (b) A blended VAT panel design compared with other VAT
plates.
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over the entire plate and eight segmentally placed CTS composite plies at the outer
regions

���qCTS2

�
2s

�
is designed, and the curvilinear tow paths are illustrated in

Fig. 6.7(b). The width ratio (a) of the central element is determined first from the thick-
ness variation of VAT panel #5, that is a¼ b2=b ¼ 0 : 5586 for this case. Subse-
quently, the second-level optimization process, as stated in Eq. (6.28) is carried out
to determine the optimal fiber angles at the control points prescribed for the AFP layers
(�q1 ) and the CTS layers (�q2 ). The second-level optimization solution enables the
blended VAT panel to possess the closest stiffness variation to that of the VAT panel
#5. Fig. 6.7(b) shows the optimal results for the tow (fiber) trajectories of the AFP
layers and CTS layers, which are both varying along y direction and are characterized
by five and three control points, respectively. As shown in Fig. 6.7, the constant-
thickness AFP layers cover the entire panel, while CTS layers only placed at two outer
regions for the blended VAT panel. The large axial compressive stiffness of this
blended VAT panel benefits from a large amount of 0-degree fiber placement at the
outer regions and the edge thickness build-up pattern given by the segmental CTS
layers.
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Stiffness & strength of composite
structural elements 7
C. Kassapoglou
Delft University of Technology, Delft, The Netherlands

7.1 Introduction

A successful design of a composite structure hinges, among other things, on accurate
estimates of its stiffness and strength.

In principle, knowledge of the stiffness and strength of the individual constituents,
fibers and matrix, should allow accurate determination of the corresponding properties
in the resulting composite structure. However, despite a lot of progress over the last
few decades, there are still no analytical models that can accurately bridge the different
scales from the individual fiber and matrix (micromechanics) to the actual structure
(macroscopic scale). This problem is particularly pronounced by the lack of analytical
methods that accurately predict failure in composites.

These difficulties have led to the development of models that start from a longer
scale than the individual fiber and matrix, the scale of an individual ply. Based on
this, models predicting the stiffness of composite laminates or structures are quite
accurate. Strength models, on the other hand, need further development.

In Section 7.2, the structural elements are described briefly in order to give the
reader a better understanding of the size and complexity that they entail. Then,
some of the more representative models for predicting stiffness and strength of these
elements, made from uni-directional tape material, are outlined in Section 7.3. A brief
discussion of woven composites with emphasis on the differences of composites made
with tape material is given in Section 7.4. In Section 7.5, some models for incorpo-
rating manufacturing anomalies, such as voids are presented. Additional sources
discussing the topics presented in this chapter in more detail are provided in Section
7.6. Finally, a brief presentation of some future trends is given in Section 7.7.

7.2 Definition of structural elements

Composite airframe structures consist of special-purpose parts (e.g., skins, spars, etc.)
which, in turn, are made of smaller structural elements that are put together to create
the various parts.The subdivision into structural elements is subjective, andoften, amatter
of convenience. However, using commonality of purpose and shape as the distinguishing
characteristics, the following classification into structural elements can be made:

1. Skins. Flat or curved parts carrying primarily in-plane and pressure loads
2. Stiffeners, stringers. One-dimensional parts carrying the load along their axis

Polymer Composites in the Aerospace Industry. https://doi.org/10.1016/B978-0-08-102679-3.00007-1
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3. Fittings and joints. Complex, usually three-dimensional, parts used to connect other
structural elements, and typically, carrying loads in multiple directions

4. Frames. Two-dimensional parts consisting of webs, stiffeners, and caps carrying bending and
shear loads

5. Bulkheads. Two-dimensional parts carrying pressure and bending loads
6. Ribs, decks, intercostals. Two-dimensional parts carrying in-plane loads (tension, compres-

sion, and shear) and used to connect and support other structural elements.

Some representative structural elements are shown in Fig. 7.1. As already
mentioned, this classification is a matter of convenience. It does not mean that one
cannot subdivide some of these elements into smaller components. For example, a
stiffener or a frame can be broken down into webs and flanges. Nor does it mean
one cannot lump some of these to form more complex elements, such as stiffened skins
for example (Fig. 7.1b).

Stiffeners
Skins

Intercostals
Shear decks

(a)

(c)

(b)

(d)

Figure 7.1 Structural elements; Skins (a Top left), Stiffeners (b Top right), Intercostals
(c Bottom left), Shear decks (d Bottom right).
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The deformation of these structural elements under a given loading is a function of
their respective stiffness. These elements are combined to make specific airframe
parts. It is, therefore, expected that one could combine the analysis methods of the
individual structural elements with a model of the load transfer at the connections
or joints between elements, to develop an accurate model for the structural response
of airframe parts. While this, in principle, is possible and it is done often, in practice,
the accuracy of the developed model, especially for the strength, requires additional
modeling efforts and methodology development. Even then, analysis of some parts,
such as three-dimensional fittings does not provide accurate predictions for their
strength, and additional testing is required. This testing either replaces the analysis
methods altogether or provides inputs for tuning analytical models to match test
results.

The emphasis, in this chapter, is placed on relatively thin parts and is mainly based
on plane stress situations, where one of the dimensions is small relative to the others,
and the deformations are in the linear range. Thicker parts require additional analysis
methods, which are not discussed here in detail.

7.3 Modeling approaches

As already referred to in Section 7.1, it is important to select the basic building unit that
will be used to create the model for the more complex structure. Here, the individual
ply or lamina is selected as the basic unit.

It is assumed that the properties of an individual ply are known in some coordinate
system. In addition, the following assumptions are made:

1. The fibers and matrix can be treated together as a homogeneous material with smeared
properties

2. There is a perfect bond between fibers and matrix
3. There is a perfect bond between plies
4. Plane sections remain plane.
5. Sections perpendicular to the neutral axis remain perpendicular after deformation

The first assumption allows the development of “averaged” stiffness values for each
ply which depend on the individual stiffnesses of the fibers and matrix. The second and
third assumptions are necessary for the development of the weighted stiffnesses for
each ply and for each laminate. They can be relaxed when dealing with some failure
modes, such as fiber pull-out and delamination. The last two assumptions form the
Kirchhoff hypothesis and ensure small deflections and rotations.

For simplicity, it will be assumed that the structure consists of laminates made with
uni-directional tape plies and linear stress-strain response. The equations derived are,
in general, valid for other material forms, such as fabrics with some differences that
will be pointed out in subsequent sections.
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The basic approach [1e4] starts with a single orthotropic ply. In the coordinate
system of the ply, with one axis parallel to the fibers and one perpendicular to the
fibers, in the plane of the ply, the stiffness properties are assumed to be known. These
stiffness values may be obtained from analytical modeling at lower scales using micro-
mechanics or may be obtained experimentally with ply coordinates 1 and 2, as opposed
to the laminate coordinates x and y (see Fig. 7.2).

7.3.1 The single-ply coordinate system

A single orthotropic ply in the ply coordinate system (Fig. 7.2) is characterized by the
following stress-strain relationships:
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The ply stiffnesses Qð0Þ
ij are, in turn, obtained from four experimentally measured

stiffness properties:

e EL, the longitudinal Young’s modulus parallel to the fibers,
e ET, the transverse Young’s modulus perpendicular to the fibers,
e GLT, the in-plane shear modulus, and

xy
z,3

1

2

Fibers in 
top ply

Laminate

Top ply

Laminate

Top ply

θ

Figure 7.2 Ply and laminate coordinate systems.
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L nLT the major Poisson’s ratio showing the amount of contraction (or expansion) in the direc-
tion perpendicular to the fibers due to a tension (or compression) load in the direction parallel
to the fibers

By considering the response of a single ply to the different types of loading corre-
sponding to the above stiffness properties, one can show that:

Qð0Þ
11 ¼ EL

1� nLTnTL

Qð0Þ
22 ¼ ET

1� nLTnTL

Qð0Þ
12 ¼ nLTET

1� nLTnTL
¼ nTLEL

1� nLTnTL

Qð0Þ
66 ¼ GLT

(7.2a-d)

Note that, as Eq. (7.2c) implies, the minor Poisson’s ratio nTL is related to the major
Poisson’s ratio via the relation:

nTL ¼ nLT
ET

EL
(7.3)

which is a direct consequence of the symmetry of the stiffness tensor.
Eqs. (7.1) and (7.2) give the stress-strain response of a single ply in its own coor-

dinate system, where one axis is parallel and the other perpendicular to the fibers. In
practice, the plies making up a laminate are oriented in different directions (see
Fig. 7.2) following the requirements of the design. It is, therefore, necessary to trans-
form stiffness properties, stresses, and strains from the basic ply coordinate system to
other coordinate systems, such as the laminate coordinate system.

7.3.2 The laminate coordinate system

In the laminate coordinate system, the stress-strain equations for a single ply can be
written in the form:

8>><
>>:

sx

sy

sxy

9>>=
>>; ¼

2
664
Qxx Qxy Qxs

Qxy Qyy Qys

Qxs Qys Qss

3
775
8>><
>>:

εx

εy

gxy

9>>=
>>; (7.4)
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Note that in the laminate coordinate system a single ply is not necessarily ortho-
tropic. As a result, additional stiffness terms Qxs and Qys appear. The stiffness proper-
ties Qxx, Qxy, etc., can be determined as a function of the stiffness properties Q11

(0), Q12
(0),

etc., that were used in Eq. (7.1) and (7.2). This is done by starting by rotating strains
from the ply to the laminate coordinate system using the standard transformation
relation:

8>><
>>:

ε1

ε2

g12

9>>=
>>; ¼

2
664

cos2q sin2q sin q cos q

sin2q cos2q �sin q cos q

�2 sin q cos q 2 sin q cos q
�
cos2q� sin2q

�
3
775
8>><
>>:

εx

εy

gxy

9>>=
>>; (7.5)

where q is the orientation of the fibers in the ply in question with q defined positive, as
shown in Fig. 7.2.

In addition, the stress transformation relation is also needed:

8>><
>>:

s1

s2

s12

9>>=
>>; ¼

2
664

cos2q sin2q 2 sin q cos q

sin2q cos2q �2 sin q cos q

�sin q cos q sin q cos q
�
cos2q� sin2q

�
3
775
8>><
>>:

sx

sy

sxy

9>>=
>>; (7.6)

The transformation matrix involving q in Eqs. (7.5) and (7.6) is not exactly the
same because in Eq. (7.5) the engineering strain g12 instead of the tensorial strain
ε12(¼g12/2) is used.

Using Eqs. (7.5) and (7.6) to substitute in Eq. (7.1) gives:

2
66664

cos2q sin2q 2 sin q cos q

sin2q cos2q �2 sin q cos q

�sin q cos q sin q cos q
�
cos2q� sin2q

�

3
77775

8>>>><
>>>>:

sx

sy

sxy

9>>>>=
>>>>;

¼

2
6666664

Qð0Þ
11 Qð0Þ

12 0

Qð0Þ
12 Qð0Þ

22 0

0 0 Qð0Þ
66

3
777775:

2
66664

cos2q sin2q sin q cos q

sin2q cos2q �sin q cos q

�2 sin q cos q 2 sin q cos q
�
cos2q� sin2q

�

3
77775

8>>>><
>>>>:

εx

εy

gxy

9>>>>=
>>>>;

(7.7)
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The inverse of the first matrix on the left-hand side of Eq. (7.7) can be determined
as:

2
664

cos2q sin2q 2 sin q cos q

sin2q cos2q �2 sin q cos q

�sin q cos q sin q cos q
�
cos2q� sin2q

�
3
775
�1

¼

2
664

cos2q sin2q �2 sin q cos q

sin2q cos2q 2 sin q cos q

sin q cos q �sin q cos q
�
cos2q� sin2q

�
3
775

By premultiplying both sides of Eq. (7.7) by this inverse matrix, gives:

8>><
>>:

sx

sy

sxy

9>>=
>>; ¼ ½T ��1

h
Qð0Þ

i
½R�

8>><
>>:

εx

εy

gxy

9>>=
>>; (7.8)

where

½T��1 ¼

2
66664

cos2q sin2q �2 sin q cos q

sin2q cos2q 2 sin q cos q

sin q cos q �sin q cos q
�
cos2q� sin2q

�

3
77775

h
Qð0Þ

i
¼

2
6666664

Qð0Þ
11 Qð0Þ

12 0

Qð0Þ
12 Qð0Þ

22 0

0 0 Qð0Þ
66

3
777775

½R� ¼

2
66664

cos2q sin2q sin q cos q

sin2q cos2q �sin q cos q

�2 sin q cos q 2 sin q cos q
�
cos2q� sin2q

�

3
77775

Carrying out the matrix multiplications on the right-hand side of Eq. (7.8) gives:
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8>><
>>:

sx

sy

sxy

9>>=
>>; ¼

h
QðqÞ

i
8>><
>>:

εx

εy

gxy

9>>=
>>; (7.9)

where, with reference to Eq. (7.4), the entries of the matrix Q(q) are given by:

QðqÞ
xx ¼ m4Qð0Þ

11 þ n4Qð0Þ
22 þ 2m2n2Qð0Þ

12 þ 4m2n2Qð0Þ
66

QðqÞ
yy ¼ n4Qð0Þ

11 þ m4Qð0Þ
22 þ 2m2n2Qð0Þ

12 þ 4m2n2Qð0Þ
66

QðqÞ
xy ¼ m2n2Qð0Þ

11 þ m2n2Qð0Þ
22 þ �

m4 þ n4
�
Qð0Þ
12 � 4m2n2Qð0Þ

66

QðqÞ
ss ¼ m2n2Qð0Þ

11 þ m2n2Qð0Þ
22 � 2m2n2Qð0Þ

12 þ �
m2 � n2

�2
Qð0Þ
66

QðqÞ
xs ¼ m3nQð0Þ

11 � mn3Qð0Þ
22 þ �

mn3 � m3n
�
Qð0Þ
12 þ 2

�
mn3 � m3n

�
Qð0Þ
66

QðqÞ
ys ¼ mn3Qð0Þ

11 � m3nQð0Þ
22 þ �

m3n� mn3
�
Qð0Þ
12 þ 2

�
m3n� mn3

�
Qð0Þ
66

(7.10)

with m ¼ cosq and n ¼ sinq.
Eq. (7.9) or (7.4) and (7.10) provide the stiffnesses of a ply with fibers oriented at an

angle q in the laminate coordinate system.
The above discussion concentrated on plane stress conditions. In a three-

dimensional situation, a 0 degree ply is defined with nine stiffness parameters: E11,
E22, E33, G12, G13, G23, n12, n13, and n23. Here, as before, 1 denotes the direction
parallel to the fibers, 2 is perpendicular to the fibers, and 3 is the out-of-plane direction.
For orthotropic plies, E22 ¼ E33, G12 ¼ G13, and n12 ¼ n13. These properties are deter-
mined experimentally and can be used to obtain ply compliances. For a 0 ply:

S011 ¼
1
E11

S012 ¼ �n12

E11

S066 ¼
1

G12

S022 ¼
1
E22

S013 ¼ �n13

E11

S023 ¼ �n23

E22
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S033 ¼
1
E33

S044 ¼
1

G23

S055 ¼
1

G13

(7.11)

These can then be used to obtain the compliances of a ply or arbitrary in-plane
orientation q as follows:

S11 ¼ S011cos
4qþ �

2S012 þ S066
�
sin2qcos2qþ S022sin

4q

S12 ¼
�
S011 þ S022 � S066

�
sin2qcos2qþ S012

�
sin4qþ cos4q

�
S13 ¼ S013cos

2qþ S023sin
2q

S22 ¼ S011sin
4qþ �

2S012 þ S066
�
sin2qcos2qþ S022cos

4q

S23 ¼ S013sin
2qþ S023cos

2q

S33 ¼ S033

S16 ¼ 2S011cos
3q sin q� 2S022 cos qsin

3qþ �
2S022 þ S066

��
cos q sin3q� cos3q sin q

�
S26 ¼ 2S011 cos qsin

3q� 2S022cos
3q sin qþ �

2S022 þ S066
��
cos3q sin q� cos q sin3q

�
S36 ¼ 2

�
S013 � S023

�
cos q sin q

S44 ¼ S055sin
2qþ S044cos

2q

S45 ¼
�
S055 � S044

�
sin q cos q

S55 ¼ S055cos
2qþ S044sin

2q

S66 ¼ 4
�
S011 þ S022 � 2S012

�
sin2qcos2qþ S066

�
sin4qþ cos4q� 2 sin2q cos2q

�
(7.12)

7.3.3 Laminate stiffness

The ply stiffness values obtained in the previous section can be used to determine the
stiffness of a laminate. In general, one can view the laminate stiffnesses as a weighted
average of the ply stiffnesses, where the weights change depending on whether the
laminate undergoes pure stretching, pure bending, or combination of the two.
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7.3.3.1 Force and moment resultants

It is convenient to define force and moment resultants, which are sum totals of the in-
dividual stress contributions integrated over the entire laminate thickness. Specifically,
the force resultants are:

Nx ¼
Zh2

�
h

2

sxdz

Ny ¼
Zh2

�
h

2

sydz

Nxy ¼
Zh2

�
h

2

sxydz

(7.13)

and the moment resultants are:

Mx ¼
Zh2

�
h

2

sxzdz

My ¼
Zh2

�
h

2

syzdz

Mxy ¼
Zh2

�
h

2

sxyzdz

(7.14)
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where the sign convention for positive force and moment resultants is given in Fig. 7.3.
Consider the case of a laminate under membrane forces Nx, Ny, and Nxy. Then, direct

integration through the thickness of Eq. (7.4) gives:

8>>>>>>>>>>>>>>>><
>>>>>>>>>>>>>>>>:

Zh=2
�h=2

sxdz

Zh=2
�h=2

sydz

Zh=2
�h=2

sxydz

9>>>>>>>>>>>>>>>>=
>>>>>>>>>>>>>>>>;

¼
Zh=2

�h=2

2
664
Qxx Qxy Qxs

Qxy Qyy Qys

Qxs Qys Qss

3
775dz

8>><
>>:

εx

εy

gxy

9>>=
>>; (7.15)

Now using Eq. (7.13), the left-hand side of Eq. (7.15) can be shown to equal {Nx,
Ny, Nxy}

T. The integrals on the right-hand side can be transformed to summations
through the thickness of the laminate recognizing that the corresponding stiffnesses
Qxx, Qxy, etc., are constant through the thickness of each ply but not necessarily equal
from one ply to the next. Therefore, letting:

A11 ¼
Xn
k¼1

Qxxðzk � zk�1Þ

A12 ¼
Xn
k¼1

Qxyðzk � zk�1Þ

x y

z

h

Ny

My

Mx

Mx

Mxy

Mxy
Mxy

Ny

My

NxyNxyNx

Nx

x y

z

h

Figure 7.3 Sign convention for forces and moments.
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A16 ¼
Xn
k¼1

Qxsðzk�zk�1Þ

A22 ¼
Xn
k¼1

Qyyðzk�zk�1
�

A26 ¼
Xn
k¼1

Qysðzk�zk�1
�

A66 ¼
Xn
k¼1

Qssðzk�zk�1Þ (7.16)

with z0 at the bottom of the laminate, Eq. (7.15) can be rewritten in the form:

8>><
>>:

Nx

Ny

Nxy

9>>=
>>; ¼

2
664
A11 A12 A16

A12 A22 A26

A16 A26 A66

3
775
8>><
>>:

εx

εy

gxy

9>>=
>>; (7.17)

Now for a laminate undergoing pure bending, the strains through the thickness of
the laminate follow the standard linear distribution:

εx ¼ �z
v2w

vx2
¼ zkx

εy ¼ �z
v2w

vy2
¼ zky

gxy ¼ �2z
v2w

vxvy
¼ zkxy

(7.18)

where kx, ky, and kxy are the laminate curvatures.
Using Eq. (7.18) to substitute in Eq. (7.4) and multiplying both sides by z and inte-

grating, gives:

8>>>>>>>>>>>>>>>><
>>>>>>>>>>>>>>>>:

Zh=2
�h=2

sxzdz

Zh=2
�h=2

syzdz

Zh=2
�h=2

sxyzdz

9>>>>>>>>>>>>>>>>=
>>>>>>>>>>>>>>>>;

¼
Zh=2

�h=2

2
664
Qxx Qxy Qxs

Qxy Qyy Qys

Qxs Qys Qss

3
775
8>><
>>:

z2kx

z2ky

z2kxy

9>>=
>>;dz (7.19)
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Using Eq. (7.14), the left-hand side of Eq. (7.19) can be shown to equal {Mx, My,
Mxy}

T. The integrals in the right-hand side can be transformed to summations over all
plies in the laminate, recognizing the fact that the stiffnesses Qxx, Qyy, etc. are constant
through each ply. Therefore, letting:

D11 ¼
Xn
k¼1

Qxx

3

�
z3k � z3k�1

�

D12 ¼
Xn
k¼1

Qxy

3

�
z3k � z3k�1

�

D16 ¼
Xn
k¼1

Qxs

3

�
z3k � z3k�1

�

D22 ¼
Xn
k¼1

Qyy

3

�
z3k � z3k�1

�

D26 ¼
Xn
k¼1

Qys

3

�
z3k � z3k�1

�

D66 ¼
Xn
k¼1

Qss

3

�
z3k � z3k�1

�

(7.20)

with z0 at the bottom of the laminate, Eq. (7.19) can be rewritten in the form

8>><
>>:

Mx

My

Mxy

9>>=
>>; ¼

2
664
D11 D12 D16

D12 D22 D26

D16 D26 D66

3
775
8>><
>>:

kx

ky

kxy

9>>=
>>; (7.21)

Eqs. (7.17) and (7.21) describe the response of a laminate when the stretching and
bending behaviors are decoupled. This would be the case of symmetric laminates,
where plies symmetrically located with respect to the mid-plane of the laminate
have the same material, thickness, and orientation. For general laminates, however,
membrane and bending behaviors are coupled. In such a case, the in-plane forces
Nx, Ny, and Nxy cause bending curvatures kx, ky, and kxy. In an analogous fashion,
bending moments Mx, My, and Mxy cause membrane strains εxo, εyo, and gxyo with
the additional subscript “o” referring to straining of the mid-plane of the laminate.
For the case relating membrane forces to bending curvatures, Eq. (7.18) can be
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substituted in the right-hand side of Eq. (7.4). Then, integrating both sides with respect
to z, gives:

8>>>>>>>>>>>>>>>><
>>>>>>>>>>>>>>>>:

Zh=2
�h=2

sxdz

Zh=2
�h=2

sydz

Zh=2
�h=2

sxydz

9>>>>>>>>>>>>>>>>=
>>>>>>>>>>>>>>>>;

¼
Zh=2

�h=2

2
664
Qxx Qxy Qxs

Qxy Qyy Qys

Qxs Qys Qss

3
775
8>><
>>:

zkx

zky

zkxy

9>>=
>>;dz (7.22)

Letting now:

B11 ¼
Xn
k¼1

Qxx

2

�
z2k � z2k�1

�

B12 ¼
Xn
k¼1

Qxy

2

�
z2k � z2k�1

�

B16 ¼
Xn
k¼1

Qxs

2

�
z2k � z2k�1

�

B22 ¼
Xn
k¼1

Qyy

2

�
z2k � z2k�1

�

B26 ¼
Xn
k¼1

Qys

2

�
z2k � z2k�1

�

B66 ¼
Xn
k¼1

Qss

2

�
z2k � z2k�1

�

(7.23)
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where z0 is at the bottom of the laminate and using Eq. (7.13) gives:8>><
>>:

Nx

Ny

Nxy

9>>=
>>; ¼

2
664
B11 B12 B16

B12 B22 B26

B16 B26 B66

3
775
8>><
>>:

kx

ky

kxy

9>>=
>>; (7.24)

Eq. (7.17), (7.20), and (7.24) can be combined to give the constitutive relations for a
general laminate. This is done by writing the total strains in the laminate as the sum of
the mid-plane strains and the bending strains due to curvature:

εx ¼ εxo þ zkx

εy ¼ εyo þ zky

gxy ¼ gxyo þ zkxy

(7.25)

The final relations combining (7.17), (7.20), (7.24), and (7.25) are:

8>>>>>>>>>>>><
>>>>>>>>>>>>:

Nx

Ny

Nxy

Mx

My

Mxy

9>>>>>>>>>>>>=
>>>>>>>>>>>>;

¼

2
6666666666664

A11 A12 A16 B11 B12 B16

A12 A22 A26 B12 B22 B26

A16 A26 A66 B16 B26 B66

B11 B12 B16 D11 D12 D16

B12 B22 B26 D12 D22 D26

B16 B26 B66 D16 D26 D66

3
7777777777775

8>>>>>>>>>>>><
>>>>>>>>>>>>:

εxo

εyo

gxyo

kx

ky

kxy

9>>>>>>>>>>>>=
>>>>>>>>>>>>;

(7.26)

7.3.3.2 Special classes of laminates

Some special classes of laminates are worth mentioning at this point. Symmetric
laminates were already defined earlier. For symmetric laminates, the B matrix is
zero (Bij ¼ 0). Balanced laminates are laminates in which for every þq ply (qs 0
or 90) there is anothereq ply somewhere in the stacking sequence. For such laminates,
A16 ¼ A26 ¼ 0 which means there is no stretching-shearing coupling: A force Nx or Ny

does not cause a shear strain gxyo and a shear force Nxy does not cause axial strains εxo
and εyo. Finally, specially orthotropic laminates are laminates for which in addition to
A16 and A26 being zero, also D16 ¼ D26 ¼ 0. The last condition implies there is no
bending-twisting coupling, which means that bending moments do not twist the lami-
nate and an applied torque does not cause pure bending, only twisting. Antisymmetric
laminates (for each þq there is a eq at its symmetric location with respect to the
mid-plane) are the general laminates that satisfy D16 ¼ D26 ¼ 0.

To use Eq. (7.26), one must know the strains and/or curvatures in a laminate.
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Usually, these are not known. Instead, the forces and moments are known, and the
strains are needed. This would be a typical situation for failure analysis. This means
that Eq. (7.26) must be inverted to give the strains and curvatures as a function of
the applied loads:

8>>>>>>>>>>>><
>>>>>>>>>>>>:

εxo

εyo

gxyo

kx

ky

kxy

9>>>>>>>>>>>>=
>>>>>>>>>>>>;

¼

2
6666666666664

a11 a12 a16 b11 b12 b16

a12 a22 a26 b21 b22 b26

a16 a26 a66 b61 b62 b66

b11 b21 b61 d11 d12 d16

b12 b22 b62 d12 d22 d26

b16 b26 b66 d16 d26 d66

3
7777777777775

8>>>>>>>>>>>><
>>>>>>>>>>>>:

Nx

Ny

Nxy

Mx

My

Mxy

9>>>>>>>>>>>>=
>>>>>>>>>>>>;

(7.27)

It can be shown that:

½a� ¼ ½A��1 þ ½A��1½B�
h
½D� � ½B�½A��1½B�

i�1½B�½A��1 (7.28)

½b� ¼ � ½A�½B�
h
½D� � ½B�½A��1½B�

i�1
(7.29)

½d� ¼
h
½D� � ½B�½A��1½B�

i�1
(7.30)

The ABD stiffness matrix terms can be used to determine the so-called engineering
elastic constants. These are the stiffness values one would measure experimentally in
the laboratory for a given laminate. For example, a uniaxial tension test would deter-
mine the laminate Young’s modulus and Poisson’s ratio. It is important to note that
these values are not the same when the loading is changed to compression. Even
more important is the fact that, in general, the stiffness properties corresponding to
the membrane behavior are not the same to those corresponding to the bending
behavior. Thus, the Young’s modulus when a laminate is tested under tension is not
the same as the Young’s modulus measured during a bending test. For the case of a
symmetric laminate (B matrix is zero) on can show using Eqs. (7.26) and (7.27) that:

Exm ¼ 1
ha11

Eym ¼ 1
ha22

Gxym ¼ 1
ha66
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nxym ¼ �a12
a11

nyxm ¼ �a12
a22

Exb ¼ 12

h3d11

Eyb ¼ 12

h3d22

Gxyb ¼ 12

h3d66

nxyb ¼ �d12
d11

nyxb ¼ �d12
d22

(7.31)

where h is the laminate thickness, aij refers to the corresponding entry of the inverse of
the A matrix and dij refers to the corresponding entry of the inverse of the D matrix of
the laminate.

The above discussion was specific to the plane stress assumptions, where no out-of-
plane stresses are present. For a more general situation, the three-dimensional stiffness
values of a laminate can be obtained as a thickness-weighted average of the ply com-
pliances given by Eq. (7.12):

1
Sij

¼ 1
h

XN
1

tðkÞ

SðkÞij

(7.32)

where i and j ¼ 1,2,.6, h is the laminate thickness, for a laminate with N plies. t(k) and
Sij
(k) are the thickness and compliance of the kth ply.
The three-dimensional properties of a laminate given by Eq. (7.11), (7.12), and

(7.32) are needed in situations where out-of-plane stresses develop. Besides the
obvious case of out-of-plane loadings, such as the local indentation and the associated
solution of contact stresses in an impact problem, out-of-plane stresses typically arise
near free edges of laminates, in the immediate vicinity of ply drops and near matrix
cracks or delaminations. Typical examples are shown in Fig. 7.4. The red lines indicate
regions in the vicinity of which out-of-plane stresses sz, sxz, and syz develop (with z
the out-of-plane coordinate).

Stiffness & strength of composite structural elements 163



7.3.4 The use of lamination parameters to define laminate
stiffnesses

The stiffness formulation in the previous sections has been used extensively in the past
and has been very useful. It suffers, however, from two major drawbacks. The first is
that it uses thickness explicitly as a variable which, due to the fact that the material
forms can only come in integral multiples of individual ply thicknesses, is discontin-
uous. This makes the design effort, where the thickness of the structure must be mini-
mized, very cumbersome. With this limitation, layup optimizers must make use of
special approaches based typically on Genetic Algorithms [5,6] which, sometimes
have difficulty in converging and/or converge to a local optimum point instead of
the global optimum.

The second drawback is that individual ply angles are needed as inputs in the design
process. This limits design flexibility and speed of convergence as it is difficult to
come up with robust algorithms, which can change the angles that contribute the
most to the stiffness all the while observing design guidelines, such as layup symme-
try, balance, a minimum percentage of plies in certain directions, etc.

An alternative modeling approach which deals with these drawbacks is the use of
lamination parameters. It makes use of the composite material invariants U1eU5.
These were proposed by Tsai and Pagano [7] to allow an alternative way to write
Eq. (7.10):

QðqÞ
xx ¼ U1 þ U2 cos2qþ U3 cos4q

QðqÞ
yy ¼ U1 � U2 cos2qþ U3 cos4q

QðqÞ
xy ¼ U4 � U3 cos4q

σz

x

σz

x

σz

τxz

x

Figure 7.4 Structural details where 3-D stresses develop.
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QðqÞ
ss ¼ U5 � U3 cos4q

QðqÞ
xs ¼ U2

2
sin2qþ U3 sin4q

QðqÞ
ys ¼ U2

2
sin2q� U3 sin4q

(7.10a)

The invariants U1eU5 are defined as:

U1 ¼ 1
8

�
3Qð0Þ

11 þ 3Qð0Þ
22 þ 2Qð0Þ

12 þ 4Qð0Þ
66

�

U2 ¼ 1
2

�
Qð0Þ
11 � Qð0Þ

22

�

U3 ¼ 1
8

�
Qð0Þ
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�
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�

(7.33)

The following matrices can then be defined:

G0 ¼

2
66664
U1 U4 0

U4 U1 0

0 0 U5

3
77775;G1 ¼
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U2 0 0
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0 0 0

3
77775;G2 ¼

2
666666666664

0 0
1
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2
66664

U3 �U3 0

�U3 U3 0

0 0 �U3

3
77775;G4 ¼

2
66664

0 0 U3

0 0 �U3

U3 �U3 0

3
77775

(7.34)
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With the help of these matrices, the lamination parameters Vi
A, Vi

B, Vi
D, (i ¼ 1e4),

which were introduced by Tsai and Pagano [7] are determined as:
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1 ;V

A
2 ;V

A
3 ;V

A
4 ¼ 1

n

Xn
i¼1
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��n
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� iþ 1

�2
�
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D
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��n
2
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�3
�
�n
2
� i

�3
�
½cos2qi; sin2qi; cos4qi; sin4qi�

(7.35)

where n is the number of plies in the laminate, and i is the ith ply. For the special case
of symmetric and balanced laminates, V2

A, V4
A, and Vi

B,i ¼ 1e4, are zero and V2
D, V4

D are
negligible (especially for large n). In such cases, the number of lamination parameters
is reduced from 12 for general laminates, to 4. Given the fact that the lamination
parameters involve trigonometric functions as shown in Eq. (7.35), they are limited in
the values they can attain. For example, V1 and V3 are constrained to lie in the region
shown in Fig. 7.5. The three corners define the 0, 90, and �45 laminates.
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It can be shown that the matrices A from Eq. (7.16), B from Eq. (7.20) and D from
Eq. (7.23), which define the stiffness response of a laminate in Eq. (7.26) can now be
written as:

A ¼ h
�
G0 þ G1V

A
1 þ G2V

A
2 þ G3V

A
3 þ G4V

A
4

�

B ¼ h2

4

�
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B
1 þ G2V

B
2 þ G3V

B
3 þ G4V

B
4

�

D ¼ h3

12

�
G0 þ G1V

D
1 þ G2V

D
2 þ G3V

D
3 þ G4V

D
4

�
(7.36)

where h is the laminate thickness.
Analogous expressions can also be obtained for other stiffness values, such as the

engineering constants of Eq. (7.31).
It can be seen that the lamination parameters Vi

A, Vi
B, Vi

D are dimensionless contin-
uous variables. This means that the A, B, andDmatrices are now defined as continuous
variables, and the laminate thickness h is also treated as a continuous variable. This, of
course, introduces a problem when lamination parameters are used to design a lami-
nate. The resulting lamination parameters do not always correspond to a laminate
whose thickness is an integral multiple of the ply thickness of the material(s) used.
Some approximation, discussed below, will be necessary.

The usefulness of this approach was first demonstrated by Miki [8] and Miki and
Sugiyama [9]. Optimum lamination parameters for different problems can be obtained
using formal optimization e.g., [10, 11]. The great advantage is that optimizers using
continuous variables (such as gradient-based approaches) can be used instead of
approaches, such as Genetic Algorithms that are set up to deal with discontinuous vari-
ables, are slower and do not necessarily converge to a global optimum.

This approach is very effective in dealing with the fiber steering problem where the
fiber orientation within each ply is a function of location. Such an approach allows
increased tailoring of the design and leads to significantly improved performance
[12e14]. However, as already mentioned, the use of lamination parameters has a
disadvantage: The need to translate the resulting lamination parameters to a useable
stacking sequence. Not every lamination parameter combination can be translated to
a set of ply angles. As a result, approximation schemes have been developed using,
for example, a nonlinear least square solution approach [15] or a combination of
Genetic Algorithms and a Gradient-based optimizer [16].

7.3.5 Ply strength

Determining the strength of a single ply is useful for two reasons. First, because in
limited cases, laminates consisting of a single ply that repeats are used (typically fabric
plies used in laminates with a single loading condition). Second, because many of the
laminate strength theories make use of the individual ply strengths.
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7.3.5.1 Failure modes

The failure of a ply depends on the loading and the strength of its constituents, the fi-
bers, and matrix. At the macroscopic level, five different failure modes are recognized
for a ply:

L tension strength parallel to the fibers, denoted by Xt

L compression strength parallel to the fibers, denoted by Xc

L tension strength perpendicular to the fibers, denoted by Yt

L compression strength perpendicular to the fibers denoted by Yc

L in-plane shear strength denoted by S

It is important to note that these quantities do not correspond to a simple or single
damage mechanism. For example, tension failure parallel to the fibers may involve
some combination of fiber breakage, matrix failure along the failed fibers, and failure
of the fiber/matrix interface. The actual sequence of events depends on the relative
strength and stiffness of fibers and matrix and the strength of the fiber/matrix bond (fi-
ber matrix interface). Similarly, compression failure parallel to the fibers involves fiber
kinking or very short wavelength buckling of fibers with the matrix acting as an elastic
foundation, accompanied by matrix failure. Finally, for pure shear loading of an uni-
directional ply, resolving the load to a biaxial tension and compression combination
combines the failure modes already mentioned in a very complex sequence of events.

The complexity of damage formation and evolution makes it very difficult to model
failure by accurately tracking damage from the creation of the first type of damage to
the final failure. For this reason, one resorts to ply-level failure strength as described
above. Then, the failure of a ply occurs if the applied stress exceeds the corresponding
failure strength. In an analogous fashion, one can use ultimate strains instead of
strengths to predict failure. Five failure strains, εxu

t , εxu
c , εyu

t , εyu
c , and gxy

u are used
for the five macroscopic failures defined above: tension or compression parallel to
the fibers, tension or compression perpendicular to the fibers and shear.

7.3.5.2 Linear stress-strain response

One important comment about the linear stress-strain response is in order. For typical
composite materials, the stress-strain response parallel to the fibers under tension and
compression is nearly linear. However, tension and compression perpendicular to the
fibers and shear exhibit high nonlinearity, raising the question as to what value one
could use for the ultimate strength and strain values. For example, referring to the sche-
matic shear stress-strain plot of Fig. 7.6, one must decide on the values that should be
used. Using sult would give a good measure of the ultimate strength, but if it is com-
bined with the shear modulus G corresponding to the linear portion of the curve, it will
result in the shear strain failure that equals ge. This strain is significantly lower than the
ultimate strain gult and has important implications, for example, for the state of post-
buckled skins under shear. Still, it is used as a conservative approach in practice. At the
other extreme, using gult to predict failure, again within the context of a linear model
would require the use of a shear modulus equal to the slope of line OA in Fig. 7.6,
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which is significantly lower than the actual value of G, in order to ensure that the shear
stress equals zero when the shear strain equals zero. This would alter the predicted or
simulated load distribution in the structure as a lower shear modulus would divert the
load to an adjacent structure. This discussion suggests that for situations with signif-
icant departures from nonlinearity, a good model accounting for this nonlinearity
might be the best and most accurate method to use.

7.3.6 Laminate strength theories

Traditionally, laminate strength theories are based on ply strengths and models that use
them to predict when a laminate would fail. The complexities associated with the fail-
ure of a single ply are compounded in this case by the fact that damage created in one
ply can interact with damage in other plies and evolve very differently depending on
the laminate. For example, matrix cracks may evolve to delaminations or may branch
out to adjacent plies, as shown in Fig. 7.7.

7.3.6.1 Typical failure analysis procedures

As at this stage, accurate modeling of failure after the first damage is very complicated
and not very accurate. For general laminates, failure theories used in practice conser-
vatively equate final failure with failure of the first ply in the laminate. The procedure
requires determination of the stresses or strains in each ply in the ply axes and use of
one of the many failure criteria. The steps followed in a typical failure analysis are as
follows:

1. Use Eq. (7.27) to obtain mid-plane strains and curvatures in the laminate
2. Use Eq. (7.26) to obtain strains in the laminate as a function of through the thickness location
3. For each ply, obtain stresses in laminate axes using Eq. (7.4). In cases where bending is pre-

sent, this should be done at the top and bottom of each ply to ensure that the critical location
in each ply is found.

τ

γ

τult

γultγe.

Shear 
modulus G

O

A

Figure 7.6 Schematic of shear stress-strain plot.
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4. For strain-based failure criteria, use Eq. (7.5) to obtain strains in ply axes. Apply correspond-
ing failure criterion

5. For stress-based failure criteria, use Eq. (7.6) to obtain stresses in ply axes. Apply corre-
sponding failure criterion

7.3.6.2 First-ply failure theories

7.3.6.2.1 Maximum stress
In this case, each of the stresses present in a ply is compared to its corresponding
failure values Xt, Xc, Yt, Yc, and S presented in Section 7.3.3. The failure criterion takes
the form:

sx

X
� 1

sy

Y
� 1

jsxyj
S

� 1

(7.37)

where X in the first criterion of Eq. (7.37) equals Xt if sx is tensile and Xc if it is
compressive. Similarly, Y in the second criterion of Eq. (7.37) equals Yt if sy is tensile
and Yc if it is compressive.

One advantage of the maximum stress failure criterion is that it gives an indication
of the type of failure mode. By checking which criterion of Eq. (7.37) is satisfied, one

Matrix crack

Matrix cracks
branching into
adjacent plies

Delaminations

0
90
0

0 90 45  -45 -45 45 90 0

Figure 7.7 Matrix cracks triggering delaminations versus matrix cracks branching into other
matrix cracks in adjacent plies.
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can determine whether the fibers or the matrix failed and whether it is a tension,
compression, or shear failure. Of course, this is a macroscopic assessment as the failure
criterion in this form does not allow a more detailed determination of failure initiation.
For example, a shear failure determined by the last criterion of Eq. (7.37) cannot be
traced down to a matrix failure due to local tension or compression, nor can it be deter-
mined whether the matrix crack was parallel or perpendicular to the fibers.

7.3.6.2.2 Maximum strain
This is completely analogous to the maximum stress criterion, but instead of stresses,
strain values are used:

εx

ε
ult
x

� 1

εy

ε
ult
y

� 1

��gxy��
gultxy

� 1

(7.38)

The denominators in the first two criteria of Eq. (7.38) are the tensile or compressive
ultimate strains in the corresponding direction depending on whether εx or εy is tensile
or compressive, respectively. It should be noted that for a material that is linear to
failure, the predictions from the maximum strain criterion would differ from those
from the maximum stress criterion only by a factor depending on the Poisson’s ratios
nxy and nyx. As with the maximum stress criterion, the maximum strain criterion
provides some feedback on the type of failure mode occurring.

7.3.6.2.3 Tsai-Hill
Themaximum stress and maximum strain failure criteria consider each stress component
individually. This is a simplification. Test results show that if more than one stresses are
present in a ply, they can combine to give failure earlier (or later) than the maximum
stress or maximum strain failure criterion would predict. One example that shows this
effect is the case of an uni-directional ply under shear on which tensile or compressive
stress is applied parallel to the fibers. The situation is shown in Fig. 7.8(b).

In the case of Fig. 7.8(a), the presence of tensile load perpendicular to the fibers
precipitates failure earlier because the matrix between the fibers undergoes a combined
tension and shear load. On the other hand, under compression, as in Fig. 7.8(b), the
matrix can withstand significantly higher load prior to failure. Thus, for a given shear
load, the magnitude of the compression load to cause failure will be higher than that of
the corresponding tension load or, for a situation where the magnitude of the transverse
load (tension or compression) is kept constant, the shear load needed to cause failure is
higher.
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Working on metals, Hill [16] introduced a failure criterion for combined loading
situations in metals:

Fxs
2
x þFys

2
y þ Fxysxsy þ Fss

2
xy ¼ 1 (7.39)

which, with an appropriate definition of the coefficients, can be shown to degenerate to
the von Mises yield failure criterion for metals.

In an attempt to apply similar concepts in composites, Tsai proposed the use of a
failure surface defined using Eq. (7.39) but with a proper redefinition of the coefficients
in that equation. The corresponding expression is:

s2x
X2�

sxsy

X2 þ s2y

Y2 þ
s2xy
S2

¼ 1 (7.40)

where X, Y, and S are the yield stresses along the fibers, perpendicular to the fibers and
in shear of an uni-directional ply.

This criterion has been used widely and quite successfully in many cases but it is
important to note that (a) it is more of a curve fit than a model accounting for actual
failure mechanisms in a composite and (b) it does not differentiate between tension
and compression failure strength, which, in a composite, can have very different
magnitudes.

7.3.6.2.4 Tsai-Wu
In a further refinement of the Tsai-Hill failure criterion, Tsai and Wu [17] proposed a
criterion that accounts for the differences in the magnitude of tension and compression
strengths in the form:

s2x
XtXcþ

s2y

YtYc �
ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi
1

XtXc

1
YtYc

r
sxsy þ

�
1
Xt �

1
Xc

�
sx þ

�
1
Yt �

1
Yc

�
sy þ

s2xy
S2

¼ 1

(7.41)
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Figure 7.8 Shear combined with tension or compression on an uni-directional ply.
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with X and Y the strengths parallel and perpendicular to the fibers and the superscripts
“t” and “c” corresponding to tension or compression. S is the shear strength for an
uni-directional ply as before.

Despite the improvement in differentiating between tension and compression
strength values, the Tsai-Wu failure criterion remains a curve fit and does not capture
well the mechanism of failure, nor the failure load itself, especially in cases of
combined loading with biaxial compression being one of the major problem areas
[18]. However, it has been shown to work well in many cases, especially when
substantiated, and if necessary, modified, by experimental results.

7.3.6.2.5 Other failure criteria
As alluded to above, failure criteria, in general, have difficulty in predicting the failure
of composite structures other than in few simple cases mainly under single load. The
difficulty stems from the fact that initial failure, which usually is a matrix crack, does
not coincide with the final failure. However, this initial failure evolves into other
failure modes, such as delaminations or fiber breakage until the final collapse of the
structure. This suggests that a reliable failure theory must have two main characteris-
tics (1) it must model the constituents, fibers, and matrix separately so it can capture
their individual failures accurately and (2) it must be able to track damage from failure
onset through its evolution to other damage types to final failure.

Recognizing that most failure criteria are limited in their accuracy [19,20],
researchers worldwide have undertaken collaborative efforts to evaluate different
failure criteria to determine their accuracy and applicability in order to find the best
one [21]. These efforts, in particular, the worldwide failure exercise in Ref. [21],
have underlined the fact that despite the large number (over 20) failure criteria, there
is no single one that seems to capture failure of composites accurately for a wide range
of loading situations and materials. However, they have pointed out that certain criteria
are more accurate and/or have a wider range of applicability than others. Most notable
among these are the Puck criterion and the LaRC 03 failure criterion. In addition,
recent work has shown that the onset theory (originally named as Strain Invariant
Failure Theory or SIFT) is very accurate in predicting failure onset.

7.3.6.2.6 The Puck criterion
The Puck criterion [22] differentiates failure modes by determining the critical fracture
plane, where the stresses combine for the failure of either the matrix or the fiber.
Failure can only be caused by stresses acting on the fracture plane. Six different
loading situations are considered for an individual ply: (1) Tension along the fibers,
(2) Compression along the fibers, (3) Tension perpendicular to the fibers, (4) Compres-
sion perpendicular to the fibers, (5) Shear 12 or 13 loading with the fibers aligned with
the 1 direction, and (6) Shear 23 loading with the fibers in the 1 direction (note: 1 is
parallel to the fibers, 2 is in-plane perpendicular to the fibers). The Puck criterion
requires knowledge or determination of the critical fracture plane, as well as the slope
of the fracture surfaces at specific locations. In addition, a parameter determining load
sharing between fibers and matrix under transverse loading is needed. When these
parameters are accurately known, usually through experiments, accurate predictions
for failure are obtained.
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7.3.6.2.7 LaRC 03 failure criterion
The LaRC 03 failure criterion [23] consists of a family of six criteria. It is an extension
of the Puck [22] and Hashin [24] failure criteria. Like the Puck criterion, it focuses on
the fracture plane, which is determined by maximizing the Mohr-Coulomb stresses. In
the LaRC 03 criterion, failure due to matrix compression is the result of local interac-
tion of shear stresses on a fracture plane. This perspective comes from soil mechanics
situations, where the compression strength is different than the tensile strength. It is
particularly useful in cases where, on a certain plane in the material, there are both
normal and shear stresses acting. The interaction line that defines failure in shear
versus normal stress space is the Mohr-Coulomb line, and the two stresses are
Mohr-Coulomb stresses. The inclination of the fracture plane must be known in order
to apply this criterion. The standard “ply strength values” X, Y, (tension or compres-
sion) and S are used as inputs in the LaRC 03 criterion. It is important to note that using
this criterion for composite laminates requires use of the in-situ strength values for X,
Y, and S. These can be significantly different from the values one obtains from
standard tests because, in a laminate, plies are constrained by adjacent plies of different
orientations, and typically, exhibit significantly higher values for Y and S than
obtained in tests of individual 0/90 specimens [25]. Predictions obtained with this
criterion on uni-directional laminates are in good agreement with the test results [23].

7.3.6.2.8 Onset Failure Theory (originally Strain Invariant Failure Theory)
This is an approach that explicitly accounts for fibers and matrix, and their respective
failure strains under different types of loading [26e28]. This is done by relating the
applied strains to strains applied to the fiber and matrix and using strain invariants
to predict the onset of failure. Finite element models are used to go from the global
strains to the local fiber and matrix strains. This process is called micromechanical
enhancement [27]. Representative Volume Elements representing the possible ways
fibers may be distributed in the matrix are used. Extensive work has been done in
Refs. [26e28] and other references (see Section 7.6) to determine the minimum
number of unit cells needed and at what locations the strains should be calculated in
order to obtain a lower bound on the strain to failure of typical composite structures.
In principle, for each constituent, fiber, and matrix, there are two invariants, the dila-
tational, which, for small strains, is the sum of the normal strains, and the distortional,
which is analogous to the expression of the von Mises yield criterion expressed in
terms of strain. Since failure onset in typical composite materials is always a matrix
crack, the matrix strain invariants are critical. If accurate values of the strain invariants
are available (they should be measured experimentally), the predictions of the method
for the onset of failure are very accurate.

7.3.6.2.9 First-ply failure using lamination parameters
The lamination parameters introduced in Section 7.3.4 cannot be used to predict lami-
nate strength directly. Even if the conversion process from lamination parameters to a
stacking sequence takes place, some type of a failure criterion would have to be used.
Following such a procedure would eliminate most of the advantages of using lamina-
tion parameters to design or optimize a laminate. As an alternative, Ijsselmuiden et al.
[29] proposed a method that uses the Tsai-Wu failure criterion to determine a
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conservative strain envelope inside which the Tsai-Wu criterion is guaranteed to not
predict failure for any stacking sequence of the chosen material. The Tsai-Wu criterion
is written in terms of laminate strains, and the angle q is varied from 0 to 90�. For each
value of q, a different failure curve is obtained. The envelope of all curves which define
the range of strains which do not cause failure according to the Tsai-Wu criterion is
determined by solving two polynomial equations for the first and second strain invari-
ants. It should be noted that, although this method uses strain invariants, it is different
from the method described in the previous section. In the Onset Theory of the previous
section, the strain invariants are compared to material allowable values, whereas, here,
the Tsai-Wu failure criterion is applied. This method is conservative because, by con-
struction, it would work for any stacking sequence of the chosen material. It, however,
allows the use of lamination parameters, and thus, strength optimization can still be
done using them, avoiding the problems encountered when operating with actual lami-
nate layups.

These recent developments show significant improvement in the accuracy and
applicability of the failure criteria and point to the importance of incorporating
physical mechanisms in the failure model. Some of these models may, currently,
require some parameters that are experimentally determined and may come at a signif-
icant computational cost as criteria, such as the LaRC 03 are extended to the post first-
ply failure of laminates, but are the most promising for predicting the final collapse of
the material in realistic composite structures.

Most of the criteria discussed so far, focus on predicting some form of failure onset,
typically the first-ply failure. As referred to above, this does not necessarily coincide
with final failure or collapse of a laminate. There may be significant additional load
carrying capability, which can be very important for damage tolerance considerations.

Considering the difficulties that the existing failure criteria have in accurately
predicting the first-ply failure, it would appear futile to discuss the post first-ply failure
modeling. However, the concepts and approaches used can be very valuable in
providing a framework that can be used in conjunction with more accurate failure
criteria as they develop.

In the general approach, the loads are applied incrementally until the first-ply failure
occurs. The type of failure, matrix or fiber, determines the properties of the failed plies
that must change to reflect the damage created. This is subjective and can cover a range
of possibilities. The most conservative approach would completely discard affected
properties for the failed plies. So for fiber failure, E11 would be set to zero. For matrix
failure, E22 and G12 would be set to zero. Then, the loads would be incremented
until another ply fails, and the procedure would be repeated to complete failure of
the laminate. Less conservative approaches attempt to only partially discount stiff-
ness values of the failed ply and even differentiate between tension and compression
moduli. These methods can be reasonably accurate if they are accompanied by
selected tests that help better define “adjustment” factors for the stiffness properties
of failed plies. However, they are limited in applicability and accuracy because they
are affected by the first-ply failure criterion used to trigger the failure sequence and
because they do not correctly capture damage modes, such as delamination and the
interaction between them, such as matrix cracks causing delaminations in adjacent
ply interfaces.
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Significant improvements in modeling have been achieved with the use of extended
finite element methods (x-FEM) coupled with more accurate constitutive properties
and continuum damage mechanics [30,31]. In these and similar approaches, improved
failure criteria, such as the LaRC 03 are combined with accurate stress-strain curves
obtained experimentally, which track the full load cycle past the linear region and
following failure and unloading. These are obtained for different failure modes,
such as fiber pull-out, fiber kinking, etc. and allow more accurate adjustment of prop-
erties in computational models. In addition, delaminations are tracked with the use of
cohesive elements in a finite element framework. There are some issues with damage
interaction and how the load is redistributed in the vicinity of damage, but this type of
modeling appears to be the most promising to date. It should be noted that the compu-
tational demands for fully carrying out analysis of even relatively simple situations,
such as low-speed impact, are very high.

7.3.7 Notched strength of composite laminates

Flaws in composite structures are inevitable. Of particular interest are the notches, such
as holes, cracks, or impact damage. Unlike metals, composites exhibit notch sensi-
tivity. For high applied loads there is very little load redistribution in composites while
in metals, yielding allows a significant reduction in the stresses in the vicinity of the
flaw to values much lower than their linear elastic counterparts. As such, composites,
show, in general, a steep reduction in strength with flaw size while the corresponding
strength reduction in metals is smaller. These flaws and their effect on the strength of
composite structures are analyzed elsewhere in this book. Here, a few overview
comments are in order.

First, a linear analysis (for holes and cracks, for example) shows much higher
stresses (infinite for a crack) than are actually present. This is due to the fact that a
linear analysis does not account for the damage or process zone created at the edge
of the flaw which redistributes the stresses to some extent. For this reason, analysis
in the presence of flaws using a linear model requires the use of some characteristic
or averaging distance [32,33] at which, or over which stresses are evaluated and
compared to the un-notched strength values.

Second, for uni-axial loading situations, the use of 45/-45 fibers provides excellent
load distribution around the notch. The stress concentration factor due to the presence
of the notch is drastically reduced. However, the exclusive use of 45/-45 fibers results
in laminates with low un-notched strength. So a combination of fibers aligned with the
primary load direction (for example, 0� fibers) and 45/-45 fibers would give the highest
notched strength by reducing the stress concentration factor while maintaining
adequate un-notched strength.

Finally, of great importance are finite width effects. The strength of a composite
laminate in the presence of a hole, a crack, or impact damage is drastically reduced
as the size of the notch covers a significant percentage of one of the dimensions of
the structure. Finite width correction factors have been obtained by Tan for
holes [34].
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7.3.7.1 The effect of a hole on laminate strength

For putting things in perspective, the effect of a hole on the tensile or compressive
strength of a laminate is discussed here in more detail. This is the case of an “open
hole,” that is a hole that does not have a fastener in it. Such holes are used often in design
to model other types of notches (cracks, impact damage) as circular holes of an effective
diameter. In addition, holes (6e7 mm in diameter) are used as the notch of preference in
demonstrating limit load capability in a composite aircraft part. Thus, being able to pre-
dict the tension or compression strength of a laminate in the presence of a hole can be
very important in the design of a component made of composite materials. The situation,
for a laminate under tension or compression, is shown in Fig. 7.9.

The case of an infinite plate with an elliptical hole was solved by Lekhnitskii [35]. By
using anisotropic elasticity and treating the plate as homogeneous, he determined the
stresses anywhere in an infinite composite plate with a hole. Due to the stress
concentration effect created by the hole, the highest stresses are on the hole boundary.
It is important to note that, unlike metals, where the critical location is at q ¼ 90 degrees
(see Fig. 7.9) the critical location for a composite plate is a function of the stacking
sequence. It can be shown that Lekhnitskii’s solution on the hole edge becomes:

sqðr¼ aÞ ¼ �K cos2qþ �
1þ ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi

2K � m
p �

sin2q

sin4q� m sin2q cos2qþ K2 cos4q
(7.42)

where

K¼
ffiffiffiffiffiffiffiffi
EL
xm

EL
ym

s
; m ¼ 2nLxym � EL

xm

GL
xym

with Exm
L , Eym

L , Gxym
L , and nxym

L laminate (membrane) stiffness properties given by Eq.
(7.30).
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Figure 7.9 Composite laminate with a hole under tension or compression.
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As K and m change, the location of the maximum value of the circumferential
stress sq changes. The quantity multiplying s in the right-hand side of Eq. (7.42)
is the stress concentration factor SCF. The SCF for a composite can be as high
as seven to nine for a laminate consisting of all 0 plies. This happens because the
orthotropy ratio Exm

L /Eym
L is maximized for such laminates. Also, in the case of a

quasi-isotropic laminate, Exm
L ¼ Eym

L and Exm
L ¼ 2(1þnxym

L )Gxym
L . Substituting in

Eq. (7.42) and evaluating at q ¼ 90 yields the well-known result for isotropic mate-
rials, SCF ¼ 3.

It should be noted that the above equation, which is based on the assumption of a
homogeneous plate, is independent of the stacking sequence. Rearranging the plies in a
laminate in any order will give the same answer. This means that interlaminar stresses,
which for some stacking sequences can be very important, are neglected.

The stress predicted by Eq. (7.42) is very conservative. A laminate will have
damage onset when the right-hand side of Eq. (7.42) exceeds the stress at which first
damage will occur, but this damage onset almost never coincides with final failure. As
mentioned above, some stress redistribution takes place as damage starts and evolves.
This is shown schematically on the right of Fig. 7.9. Therefore, Eq. (7.42) cannot be
used to predict final failure of a laminate with a hole. For this reason, alternative
methods have been proposed.

7.3.7.2 Alternative methods to predict final failure of laminate
with a hole

Whitney and Nuismer [36] recognized that the stress value predicted by elasticity at
the hole edge is of no use for predicting final failure. They suggested that failure
occurs when the damage zone created at the edge of the hole reaches a size such
that further stable growth of the damage zone is not sustainable. They postulated
two approaches: In the first, there should be a characteristic distance do away from
the hole edge at which one should evaluate the stress using the linear elastic solution.
If the stress at that point equals the undamaged strength of the laminate, the laminate
with the hole fails. In the second they proposed that the linear elastic circumferential
stress be averaged over a characteristic distance ao (different than do). If that average
equals the undamaged failure strength, the laminate with a hole fails. Both of these
characteristic distances are assumed to be material constants. However, it was found
that these distances vary with stacking sequence, but they do not seem to vary a lot
with hole size for a given stacking sequence. Still, the approach gives reasonable
predictions. The typical value for do is approximately 1 mm for first-generation
thermoset composite materials.

An improvement over the Whitney-Nuismer approach was that by Garbo and
Ogonowski [37]. They solved the case of a fastener hole using complex elasticity
and recovered the case of an open hole as a special case. They still use a characteristic
distance as is done in the Whitney-Nuismer approach, but their method is applied to
every single ply. In addition, it allows for any type of combined in-plane loading
instead of uniaxial tension or compression.
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Soutis, Fleck, and Smith [38], proposed the use of linear elastic fracture mechanics
and the principle of superposition to determine the failure strength of composites with
holes in particular under compression. This approach essentially models the damage
developing at the edge of the hole as a crack with loaded surfaces. This is a
one-parameter model as the crack surface stress must be determined by tests.

A method to use the Whitney-Nuismer approach [36] but analytically predict the
averaging distance was proposed by Kassapoglou [39,40]. The size of the damage
region next to the hole edge is estimated by assuming the stress in the damaged region
is constant and obtained by equality of strain energy density with the linear solution.
The estimated size of the damage region is then used in the determination of the aver-
aging distance. Typical results for an AS/3501-6 quasi-isotropic laminate are shown in
Fig. 7.10. Note that for compression, fiber kinking next to the hole edge must also be
taken into account (see Eq. 7.45 below).
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Figure 7.10 Strength as a function of hole size for quasi-isotropic AS/3501-6 laminate.
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The above methods vary in accuracy and complexity, and it is up to the user to
determine which method suits best a particular application. The topic is very much
an open research topic, and the methods just described are some of the more promising
in dealing with the problem.

7.4 Woven composite materials

In addition to laminated composite structures using uni-directional tape plies as the
building blocks, fabric materials, woven, braided, knitted, stitched, etc., are also
used in practice. In general, woven materials are used because (a) they conform
more easily to complex shapes avoiding manufacturing flaws, such as delaminations,
fiber bridging, “pinched” material, etc., (b) they can align fibers, which are the main
load-carrying constituents, in directions of significant secondary loads, such as the
out-of-plane loads (c) they improve damage resistance (e.g., impact damage) by mini-
mizing interply failure (delaminations). At the same time, these advantages of woven
composite materials come at a price: reduced in-plane stiffness and strength properties
in some situations. For example, 2-D braided composites compared to their
uni-directional tape equivalents [41] have shown lower transverse stiffness, and
compression, shear, and bearing strengths with the drop in shear strength approaching
50% for some configurations. On the other hand, open hole and filled hole tension
strengths were significantly higher than those for the equivalent tape laminates.

7.4.1 Stiffness models

In general, a woven fabric form has at its base a repeating unit. Modeling the stiffness
and strength of the repeating unit is one of the methods for analyzing such structures.
However, this does not allow for variations to or deviations from the nominal pattern in
the repeating unit cell or representative volume element. These deviations may result
in the significant departure of the response of the overall structure from the nominal
response. One can account for these deviations by using the Monte-Carlo simulations
that will provide a range for the structural property (stiffness) of interest.

Alternatively, tests can be used to obtain the basic stiffness properties of the mate-
rial form and their corresponding range measured by some statistical property, such as
the standard deviation. In two-dimensional cases where there are no significant loads in
the out-of-plane direction, the basic orthotropic stiffness properties in Eq. (7.1) can be
measured experimentally. Then, the Classical Laminated-Plate theory, described in the
previous sections for determination of stiffness, can be used effectively to model these
structures. Alternatively, the four basic stiffnesses for 3D woven composites can be
obtained, with reasonable accuracy, by assuming that Young’s moduli in the 1 and
the 2 directions are those corresponding to a 0/90 laminate as obtained by the rule
of mixtures and the Poisson’s ratio n12 is very small. For the shear modulus G12,
the rule of mixtures underestimates the value. It should also be noted that minor adjust-
ments to E11, and E22 to account for the 3D reinforcement improve the prediction of
the rule of mixtures [42].
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However, especially for three-dimensional structure, or even, in two-dimensional
structure with significant out-of-plane loads, the stiffness-averaging of the Classical
Laminated-Plate theory is not sufficient. In such cases, a specialized finite element
model, such as the binary model by Cox, Carter, and Fleck [43] can be used. In this
model, the Monte Carlo simulation allows the user to randomly orient tows and assign
strength properties to the different components.

It is important to note the effect of scales here. Any analytical model that is based on
a repeating volume element or some form of property averaging is only valid over a
length scale that is significantly larger than the size of the repeating volume element
or the pattern that makes up the structure. For typical 3-D woven fabrics, this means
that stiffness properties are averaged over lengths of 10e15 mm.

7.4.2 Strength models

As one might expect from the discussion in Section 7.3 on failure criteria for laminates,
most macroscopic failure criteria that are not based on some physical representation of
damage phenomena are not very accurate or do not apply to a wide range of laminates
and/or loading situations. This situation is even more pronounced for woven compos-
ites where the presence of yarns in different directions (warp, stuffer, filler), fiber or
yarn waviness, damage caused to the fibers during the weaving process, variations
in the fiber volume distribution and the existence of flaws, complicate the situation
significantly.

Final in-plane failure under tension is caused by fiber breakage. Under compres-
sion, the dominating mechanism is kink-band formation and fiber microbuckling.
The stress sb at which fibers buckle is given by

sb ¼ smy
f

(7.43)

where smy is the yield shear stress of the matrix and 4 is the misalignment angle. Note
that when 4 ¼ 0, there is no misalignment, and there is no kink band formation (sb
equals infinity).

For typical 3D woven fabrics, the misalignment angle can be assumed to be nor-
mally distributed with mean equal to zero and a standard deviation around 5-6 degrees
[44].

In the presence of shear stresses, kink band formation is still possible, but now the
buckling stress is reduced [44]:

sb ¼ smy � s
f

(7.44)

where s is the applied shear stress in the plane of interest (for example, transverse shear
stress in the 13 plane). Note that the absolute values of s and 4 should be used in the
right-hand side of Eq. (7.44).
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Budiansky [45] showed, under certain assumptions that Eq. (7.44) takes the form:

sb ¼
�
Gþ ET tan2b

� smy
G

4m

ffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffiffi�
Gþ ET tan2b

G

�
þ

s
smy
G

(7.45)

where G, ET are the shear and transverse moduli, respectively, of the composite, and b
the kink band rotation angle and 4mþ4 is the inclination angle of the kink band with
respect to the axis of the fibers.

7.4.3 The effect of flaws on the strength of woven fabrics

The discussion of flaws from Section 7.3 carries over to woven fabrics also. There is,
however, an additional important aspect related to scaling. The microscopic structure
of woven fabrics builds into these structures an inherent flaw size effect. That is, due to
misalignment and waviness of fibers, nonuniform fiber volume distribution, damage to
the fibers during the weaving process, etc., the strength of a nominally pristine woven
fabric is lower than the ideal strength one would obtain for this geometry. This means
that if the flaw size is smaller than the size of a few representative volume elements, its
effect will be “masked” by the microstructure of the material and it will not cause any
reduction to the un-notched strength. Only when the size is greater than a threshold
size, (typically the size of one or two representative volume elements) will the presence
of a notch (a hole, crack, etc.) register as a measurable reduction in strength.

For accurate modeling of woven fabrics with flaws, finite element models with
cohesive elements are recommended.

The above is by no means an exhaustive account. It is only meant to alert the reader
to several issues that must be accounted for when modeling the stiffness and strength
of composite structures.

7.5 Modeling effect of anomalies

Several types of anomalies or flaws occur during manufacturing and service of
composite structures. Excluding the holes which were discussed in section 7.3, impact
damage and delaminations, which are discussed within the context of damage toler-
ance in this book, the main types of anomalies are:

- Resin rich/resin poor areas.
- Small distributed voids/porosity
- Larger isolated voids
- Fiber waviness

7.5.1 Porosity

Porosity is discussed here briefly as an example. The size of individual pores or voids
is assumed to be small, so each of them is completely encased by the matrix in

182 Polymer Composites in the Aerospace Industry



the composite. The voids are assumed to be spherical and are modeled as cracks of the
same size. Then, the matrix properties in the presence of porosity can be determined by
considering a new material with the basic matrix properties and randomly interspersed
cracks. This problem has been solved by Budiansky and O’Connel [46] within a
different context, but their results can be applied here also. The Poisson’s ratio of
the porous matrix is found iteratively as the solution to:

D ¼ 45
16

ðn� nvÞð2� nvÞ�
1� n2v

�ð10n� nvð1þ 3nÞÞ (7.46)

where n is the Poisson’s ratio of the nonporous matrix, assumed isotropic, nv is the
sought-for Poisson’s ratio of the matrix with porosity and D is a measure of crack
density given by:

D ¼ nð2RvÞ3 (7.47)

where Rv is the typical radius of a spherical void and n is the number of voids per unit
volume.

The Young’s and shear moduli Ev and Gv of the porous matrix respectively can be
found to be:

Ev

E
¼ 1� 16

45

�
1� n2v

�ð10� 3nvÞ
2� nv

D (7.48)

Gv

G
¼ 1� 32

45
ð1� nvÞð5� nvÞ

2� nv
D (7.49)

It is important to note that the size of the voids Rv does not affect the values of the
stiffness properties of the porous matrix because as Rv changes the number of voids per
unit volume n changes accordingly thus canceling out this effect.

Once the new matrix properties accounting for porosity are known, the ply-level
stiffnesses can be determined using micromechanics and then the Classical Laminated
Plate Theory outlined in previous sections can be used.

7.5.2 Larger voids as delaminations

Larger voids can be modeled as delaminations. Their effect on stiffness can be
accounted for by combining the sublaminates into which they divide the original lami-
nate to determine the corresponding stiffness properties (combination of springs in
parallel and/or in series). For example, with reference to Fig. 7.11, the laminate stiff-
ness in the x direction accounting for individual voids can be approximated by:

Ex ¼ 1
h

2
4Xn

k¼1

ðQ11Þktk �
X3
j¼1

"Xn
k¼1

ðQ11Þktk �
1
h

Xnþ1

m¼1

ðQ11Þmtm
#

2sj
L

3
5 (7.50)
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where h is the laminate thickness, n is the total number of plies in the laminate, the
subscript k denotes the kth sublaminate, Q11 is axial stiffness (¼E11/(1-n12 n21)),
sj denotes the length of the jth section in the cross-section of interest, L is the total
length of the cross-section, and j denotes the cross-section on which the calculations
are performed.

7.6 Future trends

7.6.1 Trends in failure analysis

Work continues in progressive damage modeling. Recent trends suggest that probabi-
listic methods, including micromechanical models [47] and xFEM, allowing the intro-
duction of cracks or other damage in a finite element mesh independent of the mesh
pattern [48] yield very promising results and good correlation with tests is obtained
as damage evolves during the test.

7.6.2 New design concepts

7.6.2.1 Grid-stiffened structures

Ever since the Vickers Wellington bomber in the 1940s, the increased damage tolerance
and structural efficiency of grid-stiffened structures have made this concept worth revis-
iting a number of times. The main problem with such construction has always been the
cost. The development of automated fabrication processes, such as the Automated fiber/
Tow Placement (ATP), makes the cost-efficient fabrication of such structures possible.
Currently, there are on-going efforts in Russia, the United States, and Europe where
composite grid-stiffened fuselage barrels are being designed and fabricated [49e51].
The analysis of such structures requires special attention to the effect of the grid on stiff-
ness and strength. Models range from simple homogeneous models with smeared prop-
erties to detailed three-dimensional finite element models that can capture the
interlaminar stresses between grid and skins and predict grid-skin separation.

1

2
.
.
.
.
m
.
.
M

Sublaminate

n plies

Voids

s2s1

s3
s4

Figure 7.11 Individual voids dividing a laminate into sublaminates and sections.
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7.6.2.2 Variable stiffness laminates

Another advantage of using the new ATP technology for the fabrication of composite
structures is that it makes possible the construction of composite parts with continu-
ously varying fiber orientation in each ply. Optimization methods, based mostly on
lamination parameter formulations, are used to determine the optimum fiber paths to
minimize weight, maximize stiffness, place natural frequencies accurately, etc. A
significant improvement over optimum results with straight fibers has been docu-
mented [52e55]. Examples of variable stiffness laminates are shown in Fig. 7.12.

7.6.2.3 AP-PLY laminates

Another area where the advent of ATP has opened up new design possibilities is the
creation of panels where different plies can be selectively interwoven through the
thickness of the laminate. Such laminates are called AP-PLY laminates [56,57].
This is done with almost no increase in fabrication time and ensuring minimal
waviness of the interweaving plies or tows. During lay-up of a certain ply, tows are
placed in the tool with a predetermined spacing between them. Then, tows correspond-
ing to subsequent plies are placed in the tool again, leaving gaps between them.
Subsequently, tows from the first ply that was laid down are placed in the tool filling
some of the gaps left originally. Different patterns, interweaving two or more plies and
over areas as small as a tow width and as large as the design might dictate, are possible.
The resulting patterns, some of which can be seen in Fig. 7.13, have several advantages
over conventional laminates: (a) They provide fabric-like behavior without the loss of
in-plane strength associated with fabric materials. So, they can be used as outer plies of
laminates for improved damage resistance (containing damage due to impact) or for
better definition of entrance and exit holes during drilling for fasteners. (b) They pro-
vide increased damage tolerance for impact damage situations through the

(a) (b)

Flat panelPortion of cylinder

Figure 7.12 Variable stiffness composite parts (made in a program by TUDelft and NLR).

Stiffness & strength of composite structural elements 185



interweaving of plies and redistributing the impact energy between matrix cracks,
delaminations with different sizes and at different through-the-thickness locations,
and fiber breakage. (c) They increase “formability” by allowing a laminate to better
conform to a curved surface.
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Appendix 1: Glossary

anomaly : Flaw.
balanced laminate : Laminate with no stretching/shearing coupling (usually

for every þq ply there is a -q ply of the same thickness
and material).

characteristic distance : A distance near a hole in a laminate related to the size
of the distance: damage region and used to predict
failure.

coupling : Situation where one type of behavior (for example ten-
sion) affects another (for example shear).

curvature : Measure of the local amount of bending or twisting in a
laminate (units 1/length).

delamination : Disbond between plies caused by high interlaminar
stresses.

failure criterion : Typically, a phenomenology-based equation that at-
tempts to predict the failure of a ply given a certain
loading situation.

flaw : Any departure of the resulting laminate from the nom-
inal expected.

fiber kinking or micro-buckling : Phenomenon, where under local compression, the ma-
trix is no longer stabilizes the fibers and they buckle
forming a kink-band.

force resultant : Stress averaged over the laminate thickness.
fracture plane : Plane along which fracture occurs in a laminate.
kink band : Band of fibers rotated at an angle due to micro-

buckling.
moment resultant : Stress times distance averaged over the laminate

thickness.
interlaminar stresses : Out-of-plane stresses developing between plies in a

laminate.
laminate : Collection of plies stacked together in a sequence that

gives the desired performance.
laminate axes : Axis system with axes parallel and perpendicular to the

edges of a rectangular laminate.
lamination parameters : Nondimensional parameters which define uniquely the

in-plane, out-of-plane and coupling stiffness matrices
of a laminate.

micromechanics : Branch of mechanics where the properties of individual
constituents, such as matrix and fiber, are used to esti-
mate the structural performance of a composite.

notch : Any form of local discontinuity (hole, crack, impact
damage .)

Stiffness & strength of composite structural elements 191



orthotropy : Situation where a material exhibits different properties
in different directions with no shearing/stretching
coupling.

ply (or lamina) : Single layer of composite material used to make
laminates.

ply axes : Axis system with axes parallel and perpendicular to the
fibers in a specific ply quasi-isotropic.

Laminate : Laminate with the same in-plane stiffness in any
direction.

specially orthotropic laminate : Symmetric laminate with no stretching/shearing and no
bending/tropic laminate: twisting coupling.

symmetric laminate : Laminate in which plies located symmetrically with
respect to the laminate: midplane have exactly the
same orientation, thickness, and material.

aij (i,j [ 1,2,6) : Inverse of A matrix.
Aij (i,j [ 1,2,6) : In-plane membrane stiffnesses of a laminate (units:

force/length).
Bij (i,j [ 1,2,6) : Membrane/bending coupling stiffnesses of a laminate

(units: force).
D : Measure of crack density in matrix with cracks.
dij : Inverse of D matrix.
Dij (i,j [ 1,2,6) : ending stiffnesses of a laminate (units: force x length).
Eij (i,j [ 1,2,3) : Young’s moduli of a single three-dimensional layer.
E, Ev : Young’s modulus in non-porous and porous matrix.
EL, ET : Young’s modulus of a single ply in the longitudinal

and transverse directions.
Fx, Fy, Fxy, Fs : Coefficients in Tsai-Hill failure criterion.
G, Gv : Shear modulus in non-porous and porous matrix.
G12, G13, G23 : Shear moduli of a three-dimensional layer.
GLT : Shear modulus of a single ply.
h : Laminate thickness.
K : Square root of orthotropy ratio (used for stress around

the hole).
m : cosq and stiffness parameter in equation for stress

around a hole.
Mx,My, Mxy : Moment resultants in laminate axes (units: moment/

width).
n : sinq, number of voids per unit volume in a porous ma-

trix, and total number of plies in a laminate with voids.
Nx, Ny, Nxy : Force resultants in laminate axes (units: force/width).
Qij (i [ 1,2,6) : Ply stiffnesses in ply axes.
Qxx, Qyy,. : Ply stiffnesses in laminate axes.
[R] : Rotation matrix (function of q).
Rv : typical radius of spherical void in a porous matrix.
S Ply shear strength.
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Sij (i,j [ 1e6) : Compliances (inverses of Young’s moduli) of a single
three-dimensional layer.

[T] : Transformation matrix (function of q).
U1eU5 : Invariants describing the stiffness properties of a

laminate.
Vi
A, Vi

B, Vi
D : Lamination parameters (trigonometric functions of q)

(i ¼ 1e4).
x : One of the laminate coordinates.
Xt, Xc : Ply tension and compression strengths parallel to the

fibers.
y : One of the laminate coordinates.
Yt, Yc : Ply tension and compression strengths perpendicular to

the fibers.
z : One of the laminate coordinates.
aij (i,j [ 1,2,6) : ntries of inverse of laminate stiffness matrix relating to

membrane behavior.
bij (i,j [ 1,2,6) : Entries of inverse of laminate stiffness matrix relating

to membrane/bending coupling.
Go- G4 : Matrices in terms of laminate invariants used in the

definition of lamination parameters.
dij (i,j [ 1,2,6) : Entries of inverse of laminate stiffness matrix relating

to bending behavior.
ε1 ε2 g12 : Normal (ε) and shear (g) strains in ply axes.
εx εy gxy : Normal (ε) and shear (g) strains in laminate axes.
εx
ult

εy
ult gxy

ult : Ultimate normal strains (ε) and shear strain (g).
q : Angle of orientation of fibers in a ply relative to the

laminate x axis.
kx, ky, kxy : Laminate curvatures (units: 1/length).
n, nv : Poisson’s ratio of non-porous and porous matrix.
n12 n13 n23 : Poisson’s ratios of a three-dimensional layer.
nLT, nTL : Major and minor Poisson’s ratios for a single ply.
sb : fiber buckling stress.
s1 s2 s12 : Normal (s) and shear (s) stresses in ply axes.
sx sy sxy : Normal (s) and shear (s) stresses in laminate axes.
sm : Matrix yield stress in shear.
4 : Fiber misalignment angle.
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Fracture mechanics of polymer
composites in aerospace
applications

8
Andreas J. Brunner
Empa, Swiss Federal Laboratories for Materials Science and Technology, D€ubendorf,
Switzerland

8.1 Introduction and overview

Fiber-reinforced polymer-matrix (FRP) composites with typical fiber volume fractions
of 50%e60% are increasingly used in high-performance aircraft and spacecraft struc-
tures, mainly based on their comparatively high specific strength and stiffness which
derive from their relatively low density. This trend is expected to continue due to the
increasing demand for energy-saving propulsion systems for aircraft and spacecraft for
which weight reductions are a key element. An important issue for these applications
are impact resistance and durability under the rather severe service conditions in the
aerospace environment.

FRP composites are prone to damage from initiation and propagation of delamina-
tions in the matrix layer between the fibers or from fiber-matrix debonding. Fracture
mechanics of FRP composites has to consider the anisotropic morphology of the
material, which affects the location of the delaminations [1]. Delaminations located
in the matrix between the planes defined by the fiber layup or the fiber plies are hence,
called interlaminar. Initiation of such delaminations or of fiber-matrix debonding is,
e.g., caused by the impact of “foreign” objects (e.g., bird strike, dropping of tools,
collision with other vehicles), followed by propagation and growth due to cyclic
thermo-mechanical service loads, if the applied stresses are large enough. Post-
impact strength and fatigue of FRP composites are further discussed in detail in Chap-
ter 12 of this book. Delaminations can also initiate from processing induced defects in
FRP composite parts, such as machining, cutting or drilling (see, e.g., Lasri et al. [2],
Shetty et al. [3]). Residual stresses from processing and manufacturing (e.g., near
voids), or at material discontinuities and geometric features, e.g., edges, holes and
ply drop-offs, also provide initiation sites for delaminations or contribute to their
propagation and growth.

This has spurred research into improving delamination resistance or fracture tough-
ness of FRP laminates. A key requirement for that is the development of test methods
for the characterization of their fracture and fatigue fracture behavior. Fracture
mechanics is the scientific discipline dealing with the behavior of cracks in materials
under applied loads, stresses, or deformations. Fracture mechanics tests for quantifying
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delamination resistance determine the change in strain energy per unit area of delam-
ination, i.e., the strain energy release rate which is denoted by the symbol G. Assessing
the long-term performance of FRP composites for aerospace applications, notably of
their delamination resistance, also requires consideration of the effects of the respec-
tive service load spectra and of the related environmental exposure.

Most FRP composites have a comparatively high specific stiffness and show
essentially linear-elastic behavior under mechanical loads. Therefore, delamination
propagation in FRP composites can be analyzed with the methods of Linear Elastic
Fracture Mechanics (LEFM). This avoids the complexity of dealing with elastic-
plastic or plastic fracture mechanics in this class of materials in most cases [4]. Test
methods for determining LEFM data are usually developed and standardized for the
basic loading modes (Fig. 8.1).

These are tensile opening (labeled mode I), in-plane shear (labeled mode II) and
transverse shear or twisting (labeled mode III). Of course, in structural applications,
loading often occurs in mixed modes rather than in one of the pure basic modes.
Test methods are further divided into quasi-static (typical load rates of a few mm/
min), intermediate and high rates (around 1 m/s and several m per second, respec-
tively) and cyclic load tests (with a choice of tension-tension, tension-compression
or compression-compression loads) at constant or variable frequency and constant
or variable load or displacement amplitude. The R-ratio describes the ratio between
minimum and maximum stress (essentially load). The symbol R is also used for
displacement ratio if the test is performed under displacement control rather than
load control. A frequently used R-ratio value is R ¼ 0.1, roughly corresponding to a
ground-air-ground cycle, but higher R-ratio values (up to about 0.7) and lower
(e.g., �1) are investigated as well. The scope of standardized fracture mechanics
test methods usually specifies interlaminar delamination resistance or fracture

(a)

(c)

(b)

Figure 8.1 Schematic presentation of basic loading modes. (a) Mode I tensile opening;
(b) mode II in-plane shear; and (c) mode III transverse twisting.
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toughness of FRP composites with carbon- or glass-fiber reinforcements (CFRP and
GFRP, respectively), which are the typical materials used in round robin testing for
the development of the standard test procedures.

Besides interlaminar delamination propagation (i.e., extension of the delamination
in the polymer matrix between fiber layers, or fiber plies), delaminations can also prop-
agate in the intralaminar direction (i.e., between fibers, but normal to the orientation of
the fiber plies), or even in translaminar direction (i.e., normal to the fiber ply orienta-
tion, resulting in fiber or fiber ply breaking). A schematic of these types of delamina-
tions is shown in Fig. 8.2.

FRP composites in some applications use hybrid fiber reinforcements (e.g., a
mixture of carbon and glass fibers, or one of these with fibers made from another
material). “Fibers” as reinforcement can be “continuous” or “short” and are embedded
in a polymer matrix. Continuous fibers can be fully or mainly aligned in one single
direction (if “fully” aligned, the laminates are called unidirectional), in different planar
directions (this is called multidirectional), or even in three spatial dimensions
(e.g., emulating “textile”-type reinforcements). “Short” fibers have lengths in the range
between a few centimeters and fractions of 1 mm down to about 0.1 mm; however, the
fracture and fatigue fracture of short fiber or of particle or of nanoparticle-reinforced
composites will not be discussed here in detail. For toughness testing of short fiber
polymer composites see, e.g., ISO 13586-2018 and ISO 17281-2018, both originally
developed for fracture of neat, unreinforced polymers, but now including polymer

(a) (b)

(c)

Figure 8.2 Schematic presentation of (a) interlaminar (between fiber plies); (b) intralaminar
(normal to fiber plies); and (c) translaminar (cutting fiber) delamination in fiber-reinforced
composite laminates.
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composites with short fibers. In these two standards, short fibers are specified to have
lengths in the range between 0.1 and 7.5 mm. Both describe LEFM tests, the first at
quasi-static and the other at moderate loading rates around 1 m/s, respectively. Exam-
ples of testing short FRP composites are given, e.g., by Friedrich [5], Friedrich et al.
[6], Nikpur et al. [7], Fernberg [8] or Rizov et al. [9]. Matrix polymers for FRP
composites can be either thermoset (e.g., epoxies) or thermoplastic polymers.

Other fiber materials for FRP composites include basalt and aramid fibers. Basalt
fiber composites were investigated in early research, essentially going back to work
by Subramanian and Shu in the 1970ies, detailed, e.g., in Subramanian and Shu
[10], and further explored by, e.g., Czig�any [11], Sarasini et al. [12] and others, but
not included in the scope of the test standards. Turan Demirci et al. [13] recently
observed increased mode I toughness in basalt fiber-epoxy composites when adding
SiO2 nanoparticles. The fracture behavior of aramid fiber composites (fiber trade
names, e.g., are Kevlar or Twaron) was investigated in the 1990ies, by, e.g., Kim
and Mai [14] and others, and, as in the case of basalt fibers, was not considered in
the standardization efforts. While aramid fiber composites are advantageous in ballistic
and impact loading situations (see, e.g., Priyanka et al. [15] and references therein),
they may be of limited use in many quasi-static fracture cases, due to their sensitivity
to moisture uptake. The effects of aramid or basalt fiber-reinforcement on fracture
toughness and delamination resistance is receiving some attention again recently;
often, these fibers are used in hybrid fiber composites [16]. The current status of
basalt-fiber polymer composites, including toughness or delamination resistance
testing, has been reviewed by Fiori et al. [17] and Dhand et al. [18] and that of aramid
fiber composites by Sockalingam et al. [19]. The effects of various types of aramid
based components (interleaved thin films, particles, and chopped fibers) on quasi-
static mode I and mode II delamination resistance of FRP composites were discussed
in two papers by Yasaee et al. [20,21]. Aramid nanofibers showed improved fracture
performance when implemented in continuously reinforced aramid FRP (reinforce-
ment Kevlar KM2 fabric, style 706 scoured, CS-800 with a plain 0�/90� weave and
Epon 862 matrix). The aramid nanofibers were prepared and then dispersed in the
curing agent (Epikure 3230) as discussed by Patterson et al. [22]. These results indicate
that the standard test procedures developed so far likely are applicable to essentially
specimens made with other fiber materials, besides glass or carbon, as well. However,
introducing new fiber types or additives into FRP composites for aerospace compo-
nents and structures (as envisaged, e.g., by Zhang et al. [23]) requires certification
of materials which can be a time-consuming and costly procedure. The essential
aspects of certification of FRP composites for aerospace applications are discussed,
e.g., by Leckey et al. [24], or Schmid Fuertes et al. [25].

In the context of fracture toughness and delamination resistance of aerospace struc-
tures, there are other types of fiber laminates worth mentioning that are already used in
certain aircraft structures. The main group is the fiber-metal laminates (FML). Depend-
ing on the type of fiber, FML are called Aramid-Reinforced Aluminum Laminate
(ARALL), Carbon-Reinforced Aluminum Laminate (CARALL), or Glass Laminate
Aluminum-Reinforced Epoxy (GLARE). GLARE, for example, is used in parts of
the fuselage of the Airbus A380 aircraft as discussed by, e.g., Wu and Yang [26].
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Their fracture and fatigue fracture performance are not detailed here, for this see,
e.g., Alderliesten [27] and references therein. A recent paper discusses a setup for
quasi-static and fatigue fracture testing of asymmetric composite/metal assemblies
under mode I loading [28].

Another type of laminate that has the potential for use in aerospace structures are
FRP composites with nano-modified matrix; this has been reviewed, e.g., by Gohar-
dani et al. [29] and Kostopoulos et al. [30]. One example of an aircraft structure
with nano-modified FRP is the F-35 fighter aircraft for which the use of an epoxy
matrix with carbon nanotubes (CNT) in wingtip fairings was announced in 2011, as
noted in the reviews cited above. An example for space application of CNT is NASA’s
Juno spacecraft launched in August 2011 with CNT-sheets. These were implemented
to improve protection against electrostatic discharge (ESD) which, however, is not a
structural application. The same CNT-technology, on the other hand, is used on carbon
fiber-wrapped pressure vessels produced by NASA. The available literature indicates
that FRP composites with nano-modified matrix polymers likely can be characterized
by existing fracture tests or fatigue fracture tests under development. Whether 3D
printed short fiber epoxy composites (see, e.g., [31]) or continuous fiber composites
with thermoplastic (see, e.g., [32]) or thermoset matrix (see, e.g., [33]) will be intro-
duced into aerospace FRP composite structures soon, is highly questionable. However,
in the long term and after certification of the materials, FRP composite parts made by
additive manufacturing may find their application niches, e.g., for structural repair.
Likely, the fracture behavior of these materials can be characterized by the available
fracture mechanics test procedures for FRP composites.

In spite of extensive developments over the last 30 years, not all possible combina-
tions of loading modes, load-rate as well as polymer types and fiber layups have
yielded standards yet. The status of delamination resistance test developments has
been reviewed by Gillespie [34], Tay [35], Davies [36] or Brunner et al. [37]. Selected
challenges in the field of fracture and fatigue fracture of FRP composites have recently
been compiled by Brunner [38], and the most relevant ones will be discussed in this
chapter in detail.

This chapter will first discuss fracture mechanics applications to FRP composites
for aerospace structures, and then compile the different test methods by type of
load. This is followed by a section with literature data to highlight selected effects
from processing and material layup and type. Further sections will discuss nonunidir-
ectional reinforcement, briefly note the status of modeling and simulation of fracture
and fatigue fracture tests, then review testing under environmental conditions relevant
for aerospace applications and conclude with an outlook on materials delamination
resistance and fracture test development trends.

Sources of information are websites of the International Organization for Standard-
ization (ISO), the American Society for Materials and Testing International (ASTM)
and the Japanese Standardization Agency (JSA) that issues Japan Industrial Standards
(JIS) documents; scientific and technical journals; and information from materials
manufacturers and users available through the internet. An important source of
information on composites testing and materials data is the former (United States)
Department of Defense Composite Materials Handbook MIL-HDBK-17 Version F
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[39e41] issued by ASTM and its latest revision Composite Materials Handbook 17
Version G [42] that has been edited by a nonprofit organization (CMH17) and is
available, e.g., through SAE International.

8.2 Applications of fracture mechanics to FRP
composites used in aerospace

Fracture mechanics testing of FRP composites for aerospace applications may serve
several, quite different purposes. Qualification and certification of FRP composites
for aerospace applications require extensive test efforts (see, e.g., [24, 43]) for which
fracture mechanics tests have, so far, played a secondary role. Fracture mechanics
testing for quality control of processing and manufacturing is of interest to materials
producers and suppliers. Determination of materials data for manufacturer’s data
sheets and application guidelines is a related purpose. Comparative materials charac-
terization is, on the one hand, of interest to materials developers, but on the other, also
important for the selection of materials for the set of requirements posed by the specific
application and its service conditions. FRP structural design can be based on fracture
mechanics criteria and test data, as discussed by, e.g., Martin [44]. However, this is not
state-of-the-art, as shown, e.g., by the EUROCOMP Design Code and Handbook [45]
or the U.S. Department of Defense Composite Materials Handbooks (2002). Volume 1
“Polymer Matrix Composites Guidelines for Characterization of Structural Materials”
[39] that do list fracture mechanics test methods but without guidelines on the use of
fracture mechanics data for structural design in Volume 3 “Materials usage, design and
analysis” [41]. The latest edition of the Composite Materials Handbook 17 Version G
[42] addresses these issues, however, in a fairly general way that requires additional
information and engineering experience for implementing fracture mechanics data
or methodology into the structural design with FRP composites. Approaches for deter-
mining design and lifing allowables for FRP aerospace structures or components based
on fatigue fracture testing are discussed, e.g., by DorMohammdi et al. [46], Jones et al.
[47], or Yao et al. [48]. While these purposes quite likely can be served by laboratory-
scale specimen testing, design verification for complex FRP structural elements may
still require structural element or full-scale structural tests.

Increasing use of simulations with, e.g., finite element and other numerical
methods, in the development and design of FRP structures and their validation will
require sufficiently accurate fracture mechanics data. Examples for this are modeling,
e.g., impact behavior and crash resistance, but also delamination propagation under a
complex spectrum of thermo-mechanical or combined mechanical and environmental
loads, for examples see, e.g., Tay [35] or Hadavinia and Ghasemnejad [49]. Even with
further advances in modeling and simulating structural behavior, damage accumula-
tion and fracture induced failure, experimental design verification will not become
obsolete; at least in the near and intermediate future and experimental materials’ char-
acterization tests will always provide the basic data for that.
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Use of fracture mechanics test methods for failure analysis of FRP composite ele-
ments is feasible, but to the best knowledge of the author, no examples of this have
been published. The main challenge here is the preparation of suitable test specimens
from structural elements and the creation of the starter cracks. ISO 15024 does provide
some information on mode I starter crack preparation for nonstandard specimens in
informative appendix “B.8 Guidelines for wedge precracking” and that procedure
can be adapted for other specimen geometries. Diamond wire sawing (see, e.g.,
[50]) is another approach, and a comparison of different precracking methods is dis-
cussed, e.g., by Burda et al. [51]. There are two issues to be considered: First, precracks
should ideally simulate “natural” cracks assumed to be “sharp” (e.g., defined by a
notch-tip radius of a “few” micrometers; typically 10 mm are considered an upper
limit) and, second, different precracking methods may yield different fracture process
zones and hence different extent and possibly type of damage close to the crack tip.

The variety of damage mechanisms and the resulting complex damage accumula-
tion and failure behavior of FRP composites as well as the material variability are typi-
cally accommodated via the use of safety factors in the design of structural elements
(even in designs that are not based on fracture mechanics). Combining fracture
mechanics data from materials or structural element tests with suitable simulation or
damage models may provide a path toward lighter and simultaneously more reliable
FRP structures in the future. As discussed below in more detail, for structural applica-
tions in aerospace, the quantification of the scatter in the experimental data from stan-
dard tests is essential to determine safe design limits. This challenge has not been
completely solved yet, mainly due to the fact that not all sources of scattering have
been identified and quantified.

One advantage of structural designs with FRP composites is that the layup, that is,
the number of plies (fiber layers) and the orientation of the fibers in each ply relative to
other plies can be chosen according to the strength and/or stiffness requirements for the
specific application. This frequently results in multidirectional layups. Another solu-
tion is the use of three-dimensional reinforcements, e.g., braided or woven, but also
preparing composites by stitching, tufting, or inserting Z-pins in the through-
thickness direction (see, e.g., [52e57]). Z-pinned FRP composites have found appli-
cations in composite structures in fighter aircraft, namely in the air inlet ducts and
engine bay doors of the F/A-18E/F Super Hornet [58]).

The industry-specific fracture mechanics test procedures for FRP composites,
e.g., Airbus Industries Test Methods (AITM) or Boeing Support Specification
(BSS) are essentially based on test procedures developed by national or international
standardization agencies. The scope of the standard test methods published so far
focusses on unidirectionally reinforced FRP laminates, i.e., composites with fibers
aligned in one direction only. Published research, discussed in detail below, does indi-
cate that the standard test methods may not be applicable for all types of nonunidirec-
tional or multidirectional layup. Therefore, the question of how fracture mechanics
data from tests on unidirectionally reinforced FRP composites can be applied to the
selection of materials or to designing engineering structures deserves attention. One
published example of fracture mechanics-based design and life-time prediction are
rotor hub flexbeams [59]. The discussion compares finite element model

Fracture mechanics of polymer composites in aerospace applications 201



predictions with test results and explicitly notes the need for mode I and mode II fa-
tigue delamination propagation data for which no standards are yet available. Wimmer
et al. [60] discuss the numerical simulation of delaminations based on a combination of
strength and fracture mechanics criteria and Chen et al. [61] predict delamination
behavior in braided composite T-shaped specimens.

From the perspective of test laboratories, simple, quick, and easily analyzed test
methods are desirable. These aspects are especially important for cyclic fracture
mechanics tests. The determination of threshold values, i.e., applied load or displace-
ment levels for which no delamination propagation is observed, typically require long
test duration (several million cycles at frequencies of a few and, at most, around
10 Hz). Increasing test frequency beyond 10 Hz may result in significant thermal
effects due to “self-heating” of specimens. Threshold values are of importance in frac-
ture mechanics based composites design for the so-called no growth approach [44],
since the typical plots of delamination length increment per cycle as a function of
applied “load” (either expressed as a Gmax or a DG value) yield rather steep slopes
and frequently significant scatter (for mode I fracture of FRP laminates see,
e.g., [62e64] in the so-called Paris plot [65]. However, detailed analysis of mode I
cyclic fatigue tests [63] has indicated that threshold values in some experiments
may be apparent rather than real in the sense that they reflect limited experimental res-
olution in load and displacement measurements or in the observed delamination length
increment. At a delamination rate of 10�8 mm/cycle, one million cycles yield an
average increment of 10 mm. At least five million cycles are needed to reach 50 mm
of delamination length increment (roughly the diameter of a human hair) that is esti-
mated to be a lower limit of resolution for such measurements at best, even if a trav-
eling microscope (maximum specified magnification of 70� in ASTMD5528) is used.

From a cost perspective, automated fracture mechanics testing, data acquisition,
and analysis with minimal operator effort and also requiring minimal operator quali-
fication are preferred. Quality assurance testing and even more statistical process con-
trol demand quickly available test results and possibly in large quantities, while design
and life-time estimates based on cyclic fatigue require rather long test durations and
hence yield large amounts of data. Unless other tests are used instead of fracture
mechanics data for quality assurance and process control which, however, may be
limited in their correlation with fracture behavior, automated testing, and data analysis
quite likely offer the best solution. Eliminating operator-dependent effects, e.g., the
subjective visual reading of delamination length by the so-called effective delamina-
tion length back-calculated from specimen compliance (load and displacement data
from the test machine) and independent measurement of the elastic modulus (see
Blackman et al. [66] or ISO 15114 for details) improves reproducibility. This approach
can easily be implemented in automated analysis. Digital image or video acquisition
and analysis can provide an alternative or complementary record to machine-based
compliance data for delamination length determination. The cost for high-resolution
digital cameras with large memory has decreased significantly in recent years, and
there are increasing numbers of publications on this topic (see, e.g., [67]). Digital
Image Correlation (DIC), which yields images of the stress fields on the specimens’
surface is also explored for characterizing delamination initiation and propagation
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(see, e.g., [68e70]). For these reasons, if fracture mechanics tests are going to be used
in the aerospace industry, extensive automation of testing, data and image acquisition
as well as data analysis is expected to be the key factor.

8.3 Fracture mechanics test methods for FRP composites

8.3.1 Quasi-static test methods

An overview of quasi-static fracture mechanics test methods for continuous fiber, uni-
directional FRP composites is given in Table 8.1. For mode I, several test standards
first issued many years ago, namely JIS K7086 “Testing methods for interlaminar

Table 8.1 Quasi-static fracture mechanics test methods for FRP composites.

Mode
Standard test
method

Standard test in
preparation Remarks

I JIS K 7086
ASTM D 5528
ISO 15024

ISO 13586-2018

e Applicability to
nonunidirectional FRP
composites not fully
assessed, intralaminar see
Macedo et al. [77]
trans-laminar
see Laffan et al. [78]

Short fiber composites

II JIS K 7086 e 3-ENF specimen

ASTM D7905 e 3-ENF specimen

ISO 15114 e C-ELS specimen

III Not available ASTM round robins
1999 ff. (no current
ASTM work item)

de Morais et al. [79], Browning
et al. [80, 81], Szekrényes
[82], Ge et al. [83]

I/II ASTM D 6671 ESIS round robins 1994
ff. (under development
for standardization in
ISO)

ESIS investigates a fixed ratio
(4:3) mixed-mode I/II test
(FRMM)

I/III Not available e Pereira and de Morais [84],
Szekrényes [85]

II/III Not available e de Morais and Pereira [86],
Kondo et al. [87],
Szekrényes and Vicente
[88], Canturri et al. [89]

I/II/III Not available Davidson and Sediles [90]
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fracture toughness of carbon fiber reinforced plastics” (1993) which also includes a
mode II test procedure; ASTM D5528 “Standard test method for mode I interlaminar
fracture toughness of unidirectional fiber-reinforced polymer matrix composites” (first
issued 2001), and ISO 15024 “Fiber-reinforced plastic composites e Determination
of mode I interlaminar fracture toughness, GIC, for unidirectionally reinforced materials”
(2001). Quasi-static mode II has been standardized in ASTM D7905/D7905M (2017)
“Standard Test Method for Determination of the Mode II Interlaminar Fracture Tough-
ness of Unidirectional Fiber-Reinforced Polymer Matrix Composites” and ISO 15114
(2014) “Fiber-reinforced plastic composites - Determination of the mode II fracture
resistance for unidirectionally reinforced materials using the calibrated end-loaded split
(C-ELS) test and an effective crack length approach.” The European aerospace series
standards EN 6033 “Carbon fiber-reinforced plastics e Test method e Determination
of interlaminar fracture toughness energy e mode I e GIC” (2015) and EN 6034
“Carbon fiber-reinforced plastics e Test method e Determination of interlaminar frac-
ture toughness energy e mode II e GIIC” (2015) are equivalent to AITM 1e0005
“Fiber-reinforced plastics - Determination of interlaminar fracture toughness energy -
Mode I e GIc” and AITM 1e0006 “Fiber reinforced plastics - Determination of
interlaminar fracture toughness energy - Mode II e GIIc,” respectively. EN 6033
and AITM 1e005 use a different analysis than the mode I standards noted above,
i.e., the area method, which is also used by the Chinese standard HB 7402-1996
“Test method for mode I interlaminar fracture toughness GIC of carbon fiber-
reinforced composite laminates” published by China Aviation Industry Standards
and intended for aerospace materials construction. The HB 7402 standard requires
a unidirectionally reinforced DCB specimen, 25 mm wide, with piano hinges, and
quasi-static loading at rates between 1 and 2 mm/min. BSS 7273 “GIC interlaminar
fracture toughness fiber reinforced composites” is another quasi-static test procedure
for mode I. Mixed-mode I/II delamination testing is described in ASTM D6671
“Standard test method for mixed mode I-mode II interlaminar fracture toughness
of unidirectional fiber reinforced polymer matrix composites” (2006). Fracture
toughness testing under quasi-static loads for short fiber-reinforced composites
with thermoplastic matrix, i.e., for typical injection molding materials is standardized
for mode I tensile opening load from notched specimens (compact tension e CTeor
single-edge notched bending - SENB) in ISO 13586 “Plastics - Determination of
fracture toughness (GIC and KIC) e Linear elastic fracture mechanics (LEFM)
approach” (2018). Depending on the fiber orientation with respect to the notch, spec-
imens have to be machined from injection-molded plates taking into account the
different possible fiber orientations with respect to the direction of injection. In
aerospace applications, the focus is mainly on continuous FRP laminates, with few
exceptions (Jayakrishna et al. [71], Kurkin and Sadykova [72]). However, besides
the references cited in the introduction, also Mandell et al. [73], Agarwal and Giare
[74], Lindhagen and Berglund, [75], and Walker and Hu [76] provide more informa-
tion on the fracture of short fiber composites.

For loading modes or mode combinations for which no standards do yet exist,
selected literature providing the state of research is listed in Table 8.1.
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Intralaminar delamination, i.e., delamination normal to fiber plies does seem to
yield increased delamination resistance compared to interlaminar delamination
between fiber plies (see Macedo et al. [77]). A recent investigation of intralaminar frac-
ture on IM7/8552 CFRP with a Double-Edge-Notched (DEN) specimen [91] found no
changes in compressive and tensile steady-state values of R-curves when testing at low
temperatures of �50�C, but a significant decrease when testing at higher temperatures
of þ100�C compared with the respective behavior at room temperature. Kuhn et al.
[68] investigated mode I intralaminar fracture at high-loading rates (also on IM7/
8552 CFRP) with a Split Hopkinson bar, extending previous work by Catalanotti
et al. [92] with Double-Edge Notched Tensile (DENT) specimens and concluded
that quasi-static Fracture Mechanics theory is applicable for analyzing high-rate test
data (up to 60 s�1) and that the fracture toughness of the material was increasing
with increasing load rate. Catalanotti et al. [93] further investigated mode II intralami-
nar fracture with a modified Iosipescu specimen and concluded that the steady-state
value was 34.4 kJ/m2 and the corresponding length of the fracture process zone is
4.95 mm. Intralaminar fracture under mode I loading on CFRP with thermoplastic
polyphenylene sulfide (PPS) matrix was investigated by Pappas et al. [94]. The
DCB specimens showed large-scale bridging (LSB) and thus significantly higher
energy release rates than the corresponding interlaminar specimens (however, deter-
mined previously by another group, i.e., not necessarily on identical material from
the same production). To complement the quasi-static tests on intralaminar FRP com-
posites, Sato et al. [95] reported data from cyclic mode I fatigue fracture on toughened
intralaminar and interlaminar CFRP. Interlayer toughening was performed by adding
polyamide particles (PA12). The conclusion was that observed larger crack growth
resistance of un-toughened intralaminar composites did not hold at zero crack exten-
sion, i.e., the higher resistance effect was due to fiber-bridging and that interlayer
toughening did not affect the intralaminar fatigue resistance.

Translaminar fracture, defined as “fiber breaking” delamination, e.g., with 5% or
more fibers in through-thickness direction, has been reviewed by Dickinson et al.
[96] and Laffan et al. [78] and both conclude that more research is required. Neverthe-
less, the fiber breaking will result in significant effects on delamination resistance.
Recently, Chabchoub et al. [97] investigated translaminar mode I fracture initiation
and propagation in woven carbon fiber thermoplastic (CF-PPS) at elevated tempera-
tures and used Acoustic Emission to validate the onset of microscopic cracking.
Syed Abdullah et al. [98] tested the translaminar fracture of Vectran-Epoxy composites
using a modified Compact-Tension (CT) specimen and reported high toughness values
(around 130e145 kJ/m2 for initiation and 250e260 kJ/m2 for propagation). Bullegas
et al. [99] even introduced microcrack cuts to “engineer” translaminar fracture in
quasi-isotropic and cross-ply laminates in order to improve their damage resistance
and compared model and experimental results. The observed improvements in fracture
toughness were attributed to crack deflection by the microcracks and resulting pull-out,
debonding, and friction effects.
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8.3.2 Cyclic test methods

Cyclic fracture mechanics tests are summarized in Table 8.2.
There is one standard test, ASTM D6115 “Standard test method for mode I fatigue

delamination growth onset of unidirectional fiber-reinforced polymer matrix compos-
ites” (1997 - reapproved 2019). Cyclic fatigue delamination propagation is currently
an active area with several round robins organized by ASTM and ESIS. First results
from round robin testing unidirectional CFRP epoxy laminates (IM7/977-2, IM7/
977-3, AS4/PEEK) under cyclic fatigue mode I loading have been published by Brun-
ner et al. [62] and Stelzer et al. [63].

Table 8.2 Cyclic fatigue fracture mechanics test methods for FRP composites.

Mode Standard test
Standard test
in preparation Remarks

I tension-
tension

ASTM D 6115 ESIS TC4
round robins
2009 ff.

ASTM D30.06
round robin
2010

ASTM D 6115 delamination
onset only, propagation in
round robins

I tension-
compression

Not available

I compression-
compression

Not available Katerelos et al. [100]

II no shear
reversal

Not available ESIS TC4
round
robin(s)
2011 ff.

Delamination propagation

II shear
reversal

Not available Dahlen and Sprenger (1994) no
shear reversal versus shear
reversal [101]

III Not available Miura et al. (2009) cryogenic
temperature test [102]

I/II Not available ESIS round
robin
(preliminary
tests)

Shindo et al. (2011) cryogenic
temperature test [103], Jaeck
et al. [104], Rubiera et al. [105]

I/III Not available Miura et al. [106]

II/III Not available Takeda et al. (2013) cryo-genic
temperature test [107]

I/II/III Not available
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A crucial issue is the determination of the threshold values, and their associated
scatter, which are, as noted above, important for structural design. This resulted in a
debate on scatter in the test data and how to account for that (see, e.g., [108e110]).
Possible sources of scatter due to microscopic damage mechanisms in FRP composites
are compiled and discussed by Alderliesten et al. [111]. The authors attempt to identify
extrinsic sources (e.g., test setup, load cell range with insufficient measurement
resolution, operator experience, machining variation in specimen width and cutting
quality, or excessive variation in laminate plate thickness) and their causes in order
to reduce the scatter due to these, while simultaneously keeping the full range of
intrinsic sources that reflect material variability and inhomogeneity from processing
(e.g., waviness and longer-range variation in fiber orientation, matrix porosity,
inclusion of foreign particles, and residual stresses).

The standard test specimens for determination of delamination resistance are usu-
ally specified with unidirectional fiber layup and that yields effects from fiber-
bridging, especially in tensile mode I or mode combinations with a certain amount
of mode I. Fiber-bridging is the main cause for the delamination behavior described
by the R-curve (R for resistance curve), i.e., a graph of Gc versus delamination length
a. Fiber-bridging effects, however, are reduced or almost absent in delamination resis-
tance testing of FRP composites with nonunidirectional layups. This leads to the
question whether the test data from standard tests (or the test procedures under devel-
opment for cyclic fatigue fracture provide so-called conservative data (considered to
provide safe limits) for the design of composite structures or components. The only
application where fibere-bridging and the respective increase in delamination resis-
tance with increasing delamination length is effective and hence is desirable are
FRP composite wind rotor blades which contain mostly unidirectionally aligned fibers
along the blade [112].

If, on the other hand, fiber-bridging is affecting data from testing specific, often
standardized test specimens, such as in quasi-static and cyclic fatigue fracture mode
I tests, the question how these effects could be quantified and accounted for in order
to establish safe design limits and the related scatter bands is intensely debated in
research literature. An early proposal was put forward in Japan in the 1990ies by
Hojo et al. (discussed by Hojo and Aoki [113]). The procedure analyzed G-constant
mode I cyclic fatigue fracture tests (e.g., similar to those described by Russell and
Street [114]) and established the curve representing essentially zero delamination
length increase in the Paris-graph (i.e., unaffected by fiber-bridging) from these.
More recently, another, potentially simpler experiment that, in principle, yields design
and lifing allowables for FRP structures was proposed by Yao et al. [48, 115, 116], The
procedure consists of testing single DCB-specimens sequentially at different load
levels. In the Paris graph, this results in several curves that are shifted to the right
with increasing delamination length. An extrapolation procedure will then yield data
from which the delamination resistance due to fiber-bridging is eliminated. This
method looks very promising and maybe could, in the future, even be used to account
for variable amounts of fiber-bridging for FRP structures with specific layups. Howev-
er, validation of the basic approach is still required in round robin testing and this is
currently underway within ESIS TC4.
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Cyclic fatigue fracture loading can, as noted above, be performed under tension,
tension-compression, or compression-compression. Delamination growth under
monotonic or cyclic compression has been discussed by Kardomateas [117] for
mode I, mode II and mixed-mode I/II, partly based on experimental results published
earlier. Mode I cyclic compression-compression tests on CFRP impacted CFRP plates
have been performed by Katerelos et al. [100]. The analysis relies on nondestructive
testing (ultrasonic C-scan) and modeling for quantification of the delamination resis-
tance. Rhee et al. [118] report compressive fracture toughness experiments on thick
CFRP (nonwoven graphite/epoxy prepreg tape, type CU125NS manufactured by Han-
kuk Fiber) under hydrostatic pressure. Compressive failure modes at high loading rates
are discussed by Kuhn et al. [119]. For tension-compression fatigue of a GFRP epoxy
composite, Gamstedt and Sj€ogren [120] claim that tension-compression fatigue is
more detrimental than tension-tension fatigue to transverse and multidirectional lam-
inates and combine FEM and experiments for their analysis.

In mode II tests, there is a choice between test parameters yielding no shear reversal
or shear reversal. Dahlen and Springer [101] had noted differences in the position and
slope of the Paris plot between the two for two types of CFRP epoxy laminates (IM7/
977-2, T300/976).

Other cyclic fatigue loading modes have been explored in fracture mechanics
research. Donaldson and Mall [121] explored mode III cyclic fatigue, but the split
cantilever beam specimen has been shown to yield varying mode II and mode III
contributions even in quasi-static tests [122]. Tests on GFRP woven epoxy were
performed at low temperatures under mode III cyclic fatigue loading [102], mixed-
mode I/II loading [103], and mixed-mode I/III [106]. Recently, mixed-mode I/II
fatigue fracture testing of FRP composites at room temperature has been investigated
by Jaeck et al. [104] and Rubiera et al. [105].

8.3.3 High-rate test methods

In aerospace applications, loading rates higher than those used in quasi-static tests are
also of importance, e.g., in situations where the impact of objects occurs. High-rate
tests are summarized in Table 8.3.

High-rate fracture mechanics tests are often divided into so-called intermediate
(around 1 m/s) and “high-rate” tests (several m/s) which include impact speeds.
At loading rates of several m/s, dynamic effects come into play and have to be
considered in data analysis. For short fiber-reinforced composites (defined as con-
taining fibers in the length range between 0.1 and < 7.5 mm in the ISO standard)
ISO 17281 (2018) “Plastics e Determination of fracture toughness (GIC and KIC)
at moderately high loading rates (1 m/s)” can be used since it covers the same range
of materials as ISO 13586 (2018). Clearly, this class of tests is the least developed so
far. High-rate testing of FRP composites was investigated by Blackman et al. for
mode I [123], for mode II [128], and mixed-mode I/II [133]. The challenges of
high-rate testing of FRP were also discussed, e.g., by Hamouda and Hashmi [134].
Recent literature seems to indicate a trend toward the use of a wedge-type test
(originally proposed by Glessner et al. [135] for quasi-static DCB tests) for
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higher-rate mode I DCB specimens. High-rate mode I fracture with loading speeds
up to 15 m/s using a wedge-type setup on standard DCB specimens is discussed
and analyzed by Isakov et al. [127]. The unidirectional CFRP specimens were
made from Toray Torayca prepreg 3252S-10. The data is analyzed based on optical
tracking of the DCB arm and linear elastic beam theory. This allows for calculating
GIC without load measurements. A similar mode I wedging setup with speeds up to
3.6 m/s applied to an unspecified CFRP laminate was described by Thorsson et al.
[125]. They noted a decrease in toughness and fracture mode with increasing load-
rate. As an alternative to DCB specimens, compact-tension (CT) specimens of
IM7/8552 on a Hopkinson bar were used by Hoffmann et al. [69] for characterizing
rate-dependence under mode I, and a significant reduction in GIC was noted for high-
rates. Zabala et al. [131] investigated the rate dependence of a unidirectional CFRP
(Toray GV 170 U and epoxy SiComin SR 8100/SD 8822) under mode II with a 4-
ENF setup. No significant rate dependence was observed up to 0.19 m/s, the
maximum load-rate of the hydraulic test machine. This is consistent with the results
reported by Kusaka et al. on the rate dependence of one CFRP epoxy (T300/2500) in
mode I [124] and of two CFRP epoxy (T300/2500 and IM600/133) in mode II tests
[129] from quasi-static to impact rates yielding a moderate rate-dependence in both

Table 8.3 High-rate fracture mechanics test methods for FRP composites.

Mode Standard test
Standard test in
preparation Research

I Not available

ISO 17281
(2002)

ESIS TC4 round
robin 2009
(results not
published)

1 m/s and several m/s (up to 10 m/s);
Blackman (1995) [123], selected
literature data compiled by
Kusaka et al. (1998) [124],
Thorsson et al. (2018) [125], Liu
et al. (2018) [126], Isakov et al.
(2019) [127]

Short fiber composites (ISO 17281-
2018)

II Not available Blackman (1996) [128], selected
literature data compiled by
Kusaka et al. [129], Jacob et al.
[130], Zabala et al. [131]

III Not available Pennas et al. [132]

IeII Not available Blackman et al. [133], Jacob et al.
[130]

IeIII Not available

IIeIII Not available

IeIIeIII Not available
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cases. It has to be noted that a 25 mm thick starter film was used, which is thicker than
recommended by current standards (ISO 15024 and ASTM D5528).

A special case of high-rate and high-energy impact fracture testing was investigated
by Yazid Yahya et al. [136] using explosive blasts on CFRP woven epoxy (EP121)
plates. It was concluded that delamination and fiber fracture absorbed relatively little
energy in this case. Again, additional information and references can be found in [37].
Recent literature dealing with rate dependence and the resulting effects in FRP com-
posites comprises, e.g., [137] developing a continuum mechanics approach for
dynamic fracture under different modes; Yasaee et al. [55] confirmed previously
reported results that mode II delamination values of FRP epoxy composites showed
a minor increase with increasing strain rate, but a large effect if Z-pins were used;
Liu et al. [138] presenting a CZM model explaining experimentally observed variation
due to rate-dependence; and Miao and Tippur [70] comparing effects of fiber orienta-
tion on delamination initiation and growth for two different load-rates (and using
optical measurements for analysis). Special cases of high-rate fracture of FRP compos-
ites were discussed by Kuhn et al. for fiber compressive failure [119] and for intrala-
minar fiber tensile failure [68].

8.4 Fracture mechanics test data for selected FRP
composites

The literature published on fracture mechanics testing of FRP in the last 40 years
comprises a large database on delamination resistance or fracture toughness of
different types of FRP. An early review [139] compiled the data available at that
time. Selected data from quasi-static mode I and mode II tests on FRP were
compared by O’Brien [140] and quasi-static mode I test data from carbon-fiber epoxy
and poly-ether-ether-ketone (PEEK) by Brunner [141]. Mechanical properties of FRP
composites are compiled in the Composite Materials Handbook Version F [39e41] as
well as version G [42], but this does not comprise fracture mechanics data. Hence,
there is no comprehensive and up-to-date database on available data or literature.

Data on unidirectional CFRP epoxy (IM7/977-1), a high-performance aerospace
type laminate from ESIS TC4 round robins under quasi-static mode I, mode II and
fixed-ratio mixed-mode I/II loading have been published by Brunner et al. [142],
Davies et al. [143] and Blackman et al. [144]. The data are summarized in
Figs. 8.3e8.5.

Available data are shown for three initiation points, namely nonlinear, visual and
maximum load or 5% compliance change (as defined in ISO 15024) and average prop-
agation (defined as an average of all data except initiation points) and maximum prop-
agation point. Comparing initiation and propagation will give an indication whether
the resistance curve (R-curve), i.e., GC for the respective mode versus delamination
length is strongly increasing or not (see, e.g., [145]). Recently, this CFRP laminate
(with modified epoxy 977-2 or 977-3) has been used in cyclic fatigue mode I and
mode II round robins [64, 146], summarized in Fig. 8.6 and complemented by
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quasi-static and cyclic mode I and mode II fatigue data [62, 101] and one data set from
preliminary fixed-ratio mixed-mode I/II testing at the authors’ laboratory. From
different possible presentations of the Paris-plot, the delamination rate (increase in
delamination length per cycle) da/dN versus the maximum G-value, Gmax, is used
for presenting cyclic fatigue data here. The delamination rate da/dN could also be
plotted versus DG, the change in applied G-value, but that can be affected by
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Figure 8.3 Delamination resistance of carbon fiber-epoxy (IM7/977-1) under quasi-static mode
I loading; nonlinear (NL), visual (VIS) and maximum load or 5% compliance change (MAX/
5%) are initiation values (defined in ISO 15024), and available average and maximum prop-
agation (Av PROP and Max PROP) values are also shown for indicating resistance curve (R-
curve) effects. The plot of values is from a table presenting ESIS TC4 round robin results in
[142].
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Figure 8.4 Delamination resistance of carbon fiber-epoxy (IM7/977-1) under quasi-static mode II
loading; nonlinear (NL), visual (VIS) and maximum load or 5% compliance change (MAX/5%)
are initiation values (defined in ISO 15,024), and available average and maximum propagation
(Av PROP and Max PROP) values are also shown for indicating resistance curve (R-curve)
effects. The plot of values is from a table presenting ESIS TC4 round robin results in [143].

Fracture mechanics of polymer composites in aerospace applications 211



NL VIS MAX AvPROP Max PROP
Type of measurement

0

600

500

400

300

200

100

G
IC

, G
IIC

(J
/m

2 )
GIC from insert GIIC from insert

IM7/977–1

Figure 8.5 Delamination resistance of carbon fiber-epoxy (IM7/977-1) under quasi-static
mixed-mode I/II loading with a fixed ratio of mode I to mode II of 4:3; nonlinear (NL), visual
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values are also shown to indicate resistance curve (R-curve) effects. The plot of values is from
a table presenting ESIS TC4 round robin results in [144].
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Figure 8.6 Double logarithmic plot of delamination rate da/dN versus GImax and GIImax,
respectively, from cyclic fatigue (fat) with an R-ratio of 0.1 of carbon fiber epoxy (IM7/977-2)
under mode I and mode II from ESIS TC4 round robins (2009, 2012), and under fixed-ratio
mixed-mode I/II from preliminary single-specimen testing (black dots) at the author’s labo-
ratory; expected values for fixed-ratio mixed-mode I/II (mixed-mode I/II fat expect) were
calculated from cyclic fatigue mode I and mode II round robin data (2009 and 2012,
respectively), quasi-static (static) and cyclic fatigue mode I and mode II values from literature
(Dahlen and Springer [101]) (nsr ¼ no shear reversal; sr ¼ with shear reversal) are shown for
comparison.
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interfacial interference (see, e.g., [147] for details). It is interesting to note that Dahlen
and Springer [101] tested mode II fatigue once with shear reversal and once without
shear reversal and obtained somewhat differing results (especially slopes) in the Paris
plot. The single data set from preliminary fixed-ratio mixed-mode I/II testing agrees
fairly well with the expectation (mode I to mode II ratio of 4.3) calculated from the
experimental data for mode I and mode II fatigue, at least down to a GI/IImax around
120 J/m2. The mixed-mode I/II analysis used corrected beam theory following [148]
with a value of 5 mm for the DI-correction (average from earlier round robin testing
at the authors’ laboratory) and a ratio of 0.42 times DI for the DII-correction. Whether
the change in slope for cyclic fatigue under mixed-mode I/II loading below 120 J/m2 is
an indication of threshold behavior or an artifact from possible compressive stresses
from the clamping in the test setup (see, e.g., [148]) for a schematic), is not clear.
Such effects have been observed in the round robin on cyclic fatigue under mode II
loading and tentatively been attributed to compressive stresses from the three-point
bending and end-loaded split test setups (Brunner et al. 2012, unpublished results).
Fig. 8.7 compares the slopes of Paris plots for cyclic mode I fatigue delamination
on CFRP (IM7/977-3), and Fig. 8.8 shows the Paris plot from an ASTM round robin
(Brunner 2010, unpublished data) for comparison with Fig. 8.7. IM7/977-3 has a lower
toughness than IM7/977-2, and this is reflected in the Paris plot. There is some scatter
in all Paris plots, and the relatively steep slopes make use of the data for design
difficult.

Cartié et al. [149] investigated the effect of hydrostatic pressure between 0.4 and
90 MPa on the delamination resistance under quasi-static mode I and mode II load
for IM7/977-2. They conclude that no significant effect was observed for mode I
(the data may suggest a modest decrease), but noted a slight increase mode II with
increasing pressure (Fig. 8.9). Comparison with Fig. 8.7 indicates that quasi-static
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Figure 8.7 Exponent m of the power-law fit (A*Gm) to the double logarithmic plot of
delamination rate da/dN versus GImax from cyclic mode I fatigue with an R-ratio of 0.1 of five
specimens of carbon fiber epoxy (IM7/977-3) from the ASTM round robin. Unpublished data
from the author’s laboratory, 2010.
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values [101] for IM7/977-2 under mode I (around 333 J/m2) and mode II (around
994 J/m2) at ambient pressure tend to be lower than values at elevated pressure but
the laminates were prepared and tested in different laboratories more than 10 years
apart.

It is of interest to compare the data for fiber-reinforced laminates with thermoset
matrix, e.g., epoxy, with data obtained on laminates with thermoplastic matrix
materials. An early comparison with GFRP epoxy, CFRP epoxy and poly-ether-
ether-ketone (PEEK) under quasi-static and cyclic fatigue mode I, mode II, and
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Figure 8.8 Double logarithmic plot of delamination rate da/dN versus GImax from cyclic mode I
fatigue with an R-ratio of 0.1 of carbon fiber epoxy (IM7/977-3) with quasi-static (static)
values from the ASTM round robin. Unpublished data from the author’s laboratory, 2010.
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Figure 8.9 Delamination resistance of carbon fiber-epoxy (IM7/977-2) under quasi-static mode
I and mode II loading as a function of hydrostatic pressure. Shown are average initiation (init)
and average propagation (prop) values. The error bars represent minimum and maximum
values, not standard deviations. Data plotted from a table presented in [149].
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mixed-mode I/II have been published by Prel et al. [150] and a similar investigation by
Hojo et al. [151]. The results indicate that for quasi-static tests, the carbon fiber epoxy
yields the lowest initiation and propagation values, followed by GFRP epoxy and that
CFRP PEEK shows the highest values. There is an increase in GC values when going
from quasi-static mode I to mode II. This is consistent with the assumption that mode I
constitutes a lower bound (at least for quasi-static loading, see below for cyclic
fatigue).

Recent cyclic fatigue delamination testing under mode I [64] has shown that ther-
moplastic CFRP PEEK yields higher values than CFRP epoxy, but also shows consid-
erably larger scatter (Fig. 8.10). The data in Fig. 8.10 are complemented by literature
values on cyclic mode I and mode II fatigue for the same laminate (Martin and Murri
[147]) and quasi-static values from O’Brien [140]).

Test development also investigated the effect of artificial starter cracks, essentially
thin polymer or metal films, on the resulting fracture mechanics data and specifically
on the initiation values. Perez and Davidson [152], for example, compiled data on
several precracking methods, namely three- and four-point end-notched flexure
testing, for quasi-static mode II testing of carbon fiber epoxy (IM7/8552-1 and
T800H/3900-2) using three-point end-notched flexure. They observed no significant
difference between the two precracking methods, but also a dependence on the dy-
namic crack advance during precracking. Mode I and mode II precracking using the
respective test methods and mode I wedge precracking using a clamp to stop the pre-
crack at defined location (partly verified by nondestructive tests) are briefly described
and compared by Brunner [145].
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Figure 8.10 Double logarithmic plot of delamination rate da/dN versus GImax and GIImax,
respectively, from cyclic fatigue with an R-ratio of 0.1 of a carbon fiber thermoplastic (AS4/
PEEK) under mode I loading from an ESIS TC4 round robin. The min and max lines indicate
the scatter band of tests from five laboratories; cyclic fatigue mode I and mode II values and
averaged quasi-static mode I and mode II values [140] are shown for comparison (s.d., stan-
dard deviation).
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There have been attempts at improving the delamination resistance by modifying
the interlaminar layer between fibers. Interleaving, i.e., insertion of a toughening layer
has proven fairly effective, first data were compiled by Sela and Ishai [139], and later
investigations reported by, e.g., ArmstrongeCarroll et al. [153], and Hojo et al. [154,
155]. The latter group observed significant improvements of the fatigue delamination
resistance under mode I using a heterogeneous interlayer with polyamide particles
(in T800H/3900-2) and for a special ionomer CFRP thermoplastic (UT500/111).
A 50 mm thick self-same epoxy interleaf improved mode II cyclic fatigue delamination
resistance but not that under mode I cyclic fatigue loading.

Improving fiber-matrix adhesion has also been explored for achieving higher tough-
ness [156]. Quasi-static mode II delamination resistance of CFRP epoxy with AT400
fibers after anodic oxidation was increased by about 30% and under cyclic mode II
cyclic fatigue at higher delamination propagation rates but not in the near-threshold
regime.

Processing of the FRP laminates can affect delamination resistance, e.g., by varia-
tion of the forming temperature of CFRP thermoplastic (IM6/PEEK) laminates [157].
Lower forming temperature (þ360�C) yielded lower mode I and mode II delamination
resistance than þ380�C (recommended manufacturer value), while higher tempera-
tures (þ400 to þ440�C) resulted in improved interfacial strength with corresponding
improvements in mode II delamination resistance. Cure pressure for woven CFRP
epoxy was varied in three steps (0.69, 0.31 and 0.10 MPa) by Li et al. [158] and
affected physical and mechanical properties, including interlaminar fracture toughness
of the laminates. A comparison of different processes (autoclave vs. proprietary Quick-
step) for a unidirectional CFRP epoxy (T800H/3900-2) indicated similar quasi-static
mode I values (554 and 527 J/m2, respectively) but a significantly increased fatigue
performance for the latter [159].

The available data for unidirectionally reinforced laminates are typically interpreted
such that mode I values do seem to constitute a lower bound compared to the other
modes, specifically mode II, at least for quasi-static tests. For cyclic fatigue delamina-
tion tests, it has been shown by Martin and Murri [147] that mode II fatigue for CFRP
PEEK yields lower values than mode I in the Paris plot. At present, it is not clear
whether this is limited to certain types of composite laminates, e.g., thermoplastics,
or whether this is specific for mode II fatigue. The recent round robin data for mode
II fatigue delamination propagation in IM7/977-2 laminates do suggest a possible
“cross-over” from mode I to mode II as the lowest curve for sufficiently low values
of Gmax (Brunner, unpublished data 2012). For other test types there are only scant
data.

The assumption of a lower bound represented by pure mode I data is hence a
possible route to avoid the complexity of different modes and mode combinations
in design. However, for cyclic fatigue, this is not always the case as shown by the
cyclic delamination fatigue in mode II data for one type of CFRP thermoplastic com-
posite noted above. Therefore, there is a need for further cyclic fatigue testing and
comparative data analysis. In addition, the question of how cyclic fatigue fracture
test data from unidirectional FRP laminates with significant fiber-bridging relate to
other layups, e.g., cross-ply, multidirectional or three-dimensionally reinforced
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laminates has to be discussed for different loading modes and likely also for high-rate
tests. From the results of the tests discussed above, it can still be hypothesized that
other quasi-static modes or mode combinations will not yield lower values than
mode I for unidirectional laminates. This seems to hold even though fiber-bridging
effects in quasi-static mode I tests on unidirectional FRP specimens are contributing
more significantly to the delamination resistance than in other modes or mode combi-
nations. Further research on how to account for fiber-bridging in the various modes,
including cyclic fatigue fracture, is hence necessary. Only with experimental data
and a sufficient understanding of the effects can the implications of fiber-bridging
for FRP structural design be assessed and reliable safety factors be defined.

8.5 Fracture mechanics testing of non-unidirectional FRP
composites

In FRP composite applications, nonunidirectional or multidirectional fiber layups are
more frequently used than the strongly anisotropic, unidirectional laminates typical of
the scope of standard test methods. An early review of interlaminar fracture toughness
or delamination resistance listing literature data for unidirectional and nonunidirec-
tional laminates under mode I and mode II loading was published by Sela and Ishai
[139]. Values for GIC for various carbon fiber epoxy laminates determined at different
laboratories range from about 60 to 4600 J/m2, and for GIIC from about 150 to 2050 J/
m2. Quite likely, the large scatter can be attributed to a combination of layup, specimen
type, test rig, and test parameters. In the 1990ies, some of these effects were investi-
gated in detail within the framework of round robins with several participating labo-
ratories. One example is cross-ply laminates, i.e., composites with alternating layers
oriented at 0� and 90�. These have been investigated under quasi-static mode I loading
in round robins by ESIS TC4. The round robin results on symmetric and asymmetric
cross-ply IM7/977-2 laminates have been presented and discussed by Brunner [160].
In a few cases, the delamination was observed to partly or fully deviate from the center
90� layers into the adjacent 0� plies. Partial deviation inside the specimens could not be
observed on the edges but resulted in a strongly decreasing R-curve. A typical feature
in cross-ply was the observation of a delamination path oscillating between the 0� plies
adjacent to the center 90� layer. This resulted in strongly increasing R-curves for sym-
metric and asymmetric cross-ply layup (Figs. 8.11 and 8.12), which could not be
explained by the nominal increase in delamination length [161]. A tentative explana-
tion is a combination of mode I and mixed-mode delamination or combined interlam-
inar and intralaminar propagation, and hence the values may have to be regarded as
“apparent” rather than real mode I.

Trakas and Kortschot [162] used carbon fiber epoxy (AS4/3501-6) specimens
modified with Teflon edge delaminations in a study comparing unidirectional and
0�/90� and 90�/90� interfaces under mode I, mode II, and mode III loading. Delami-
nation resistance decreased for all modes when going from unidirectional to cross-ply
and 90�/90�. The tests were complemented with Scanning Electron Microscopy of
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the fracture surfaces but did not yield a direct quantitative correlation with the
measured values of Gc. It was noted that Gc could be used as a material property
for design as long as the layup (ply orientation) and mode of fracture corresponded
to those in the intended use.

Prombut et al. [163] used carbon fiber epoxy (T700/M21) laminates in asymmetric
double cantilever beam (ADCB) and asymmetric mixed-mode flexure (AMMF)
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Figure 8.11 Delamination resistance of symmetric cross-ply carbon fiber-epoxy (IM7/977-2)
under quasi-static mode I loading, average initiation (init), average propagation (prop) and
maximum prop values (averages from two to five laboratories and standard deviations) for
testing from a starter crack thin-film insert and from a mode I precrack. Data plotted from ESIS
TC4 round robin analysis [160].
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Figure 8.12 Delamination resistance of asymmetric cross-ply carbon fiber-epoxy (IM7/977-2)
under quasi-static mode I loading, average initiation (init), average propagation (prop) and
maximum prop values (averages from two to five laboratories and standard deviations) for
testing from a starter crack thin-film insert and from a mode I precrack. Data plotted from ESIS
TC4 round-robin analysis [160].
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specimens beside standard mode I, mode II and mixed-mode flexure specimens in their
investigation and complemented experiments with numerical simulations. Although
they succeeded in preventing jumps in the delamination plane and achieved reasonable
crack front profiles, they concluded that more work would be needed to establish a
crack propagation criterion for the 0�/45� interface.

Andersons and K€onig [164] reviewed the literature on the dependence of fracture
toughness on interface ply orientation and delamination growth direction for glass
and carbon fiber laminates. They list a number of factors that affect the delamination
analysis of multidirectional laminates, among them mode mixity and the question of
mode partitioning, residual stresses, the distribution of the energy release rate along
the delamination front, contributions from intra-laminar damage, and inelastic defor-
mation due to reduced specimen stiffness. They concluded that the conventional tests
on unidirectional laminates could overestimate or underestimate the delamination
resistance of composite laminates, depending on layup and loading mode, specifically
for shear. For mode I, unidirectional laminates do seem to give conservative values,
and the data can hence be used for design. However, in view of the recent debate about
effects of fiber-bridging on delamination propagation and the resulting R-curve
behavior, it has become clear that the “standard” test data obtained from unidirection-
ally reinforced FRP laminates will not provide “conservative” limits for FRP structural
design in all cases. The main application where fiber-bridging is used is wind rotor
blades [112] made with primarily unidirectional laminates along the length of the blade
(mainly glass-fiber, but also hybrid glass-carbon-fibers in larger components
exceeding about 100 m in length). For nonunidirectional or multidirectional laminate
layups the delamination propagation in FRP structures may yield significantly less
fiber-bridging and hence faster propagation beyond the initial delamination length,
e.g., higher da/dN for a given level of the applied load. This will shift the data curves
in the Pariseor the Hartman-Schijve-graphs upward and hence yield less damage-
tolerant designs.

Multidirectional laminates frequently found in applications are quasi-isotropic
laminates with typical fiber orientations of 0�, �45�, and 90� in a specific stacking
sequence. Fracture mechanics testing of multidirectional laminates has been extensively
investigated and discussed. Choi et al. [165] investigated symmetric �45 �/0�/þ45�
multidirectional CFRP epoxy laminates (prepared from unidirectional prepreg tape
Fiberdux 6376C) under quasi-static mode I, mode II, and mixed-mode I/II loading
with the starter crack located between �45� and þ45�. Initiation values of GC were
always larger for themultidirectional laminates than for corresponding 0�/0� composites.
Propagation of delaminations typically yielded crack jumps to other planes with exten-
sive fiber-bridging and crack splitting. Mode II and mixed-mode I/II also involved partly
unstable delamination growth. Compliance calibration-based analysis yielded good
agreement with modified beam analysis. The dependence of interlaminar fracture
Energy GC on delamination length turned out to be complex, reflecting the observed
delamination behavior. Compared with mode I loading, R-curve effects were less
pronounced in mode II and mixed-mode I/II tests. Gong et al. [166] investigated
quasi-homogeneous, symmetric and anti-symmetric GFRP and CFRP epoxy laminates
(prepared from balanced fabric GFRP, and quasi-unidirectional and unidirectional sheet
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CFRP prepregs) with different number of plies and ply thicknesses and with a range of
ply orientations (0�, 15�, 30�, 45�, 90�) under quasi-static mode I loading and compared
different methods for data analysis. They noted that simple beam theory values differed
from those of various experimental compliance-based approaches and recommended the
latter for multidirectional laminates. Finite element analysis showed a dependence of the
normalized GI value along the width of the specimens which depended on the aspect
ratios (thickness to width and crack length to width) and which decreased with
increasing specimen width (from 5 to 180 mm). In multidirectional specimens with
0�/0� interface, the GIC-values increased with increasing ply angle of the adjacent plies.
No significant difference was found for symmetric and anti-symmetric layups for 30�/
30� lay-ups.

Sebaey et al. [167, 168] used numerical simulations for the development of special
stacking sequences for multidirectional laminates and verified experimentally in quasi-
static mode I tests on six selected layups that crack jumping could be prevented by
increasing flexural stiffness of the beams in CFRP laminates (made from AS4/8552
prepreg). The delaminations involved fiber tearing. The measured toughness depended
on the amount of fiber-bridging and on the interface angle, but fiber-bridging was
noted to dominate over angle mismatch effects.

Peng et al. [169] investigated mode I delamination in four multidirectional lami-
nates (0�/5�, þ45�/�45�, 90�/90�, and 0�/45�) made from carbon fiber bismaleimide
prepreg (type T700/QY811) under cyclic fatigue loads. Quasi-static tests on the same
laminates had shown increasing R-curves with increasing delamination lengths for all
interface types. The fatigue fracture curves, i.e., a modified Paris-equation, showed
different exponents for the different interfaces, the lowest for 90�/90� and the highest
for þ45�/�45�.

Zhao et al. [170] developed a numerical cohesive zone model for simulating mode I
and mixed-mode I/II delamination in multidirectional laminates and the numerical
results agreed with experimental data within a few percent. This approach was
extended in a later paper [171]. Quasi-static delamination in angle-ply or multidirec-
tional laminates was recently also investigated by Gong et al. [172] and Blondeau
et al. [173], both comparing experiments with cohesive zone modeling. Mode I fatigue
fracture in multidirectional laminates is extensively discussed, e.g., by Yao et al. [115,
116, 174].

In all of the laminates mentioned above, the number of plies with a given orientation
can be varied and optimized for the strength or stiffness requirements for the FRP com-
posite elements or structures, resulting in a different thickness of the respective layer.

While off-angle and some multidirectionally reinforced FRP laminates may still
have fibers aligned in one single direction or orientation in each ply (and just have
different fiber orientation from ply to ply), there are more complex fiber arrangements
that also need to be considered. A comparison between unidirectionally reinforced and
plain weave CFRP epoxy laminates (IM7/8552) for quasi-static mode I, mode II, and
mixed-mode I/II [175] found similar initiation values, but clearly higher propagation
values of delamination resistance for the woven CFRP. Woven fiber mats, three-
dimensional fiber preforms, or third dimension reinforcement of FRP composites
(see, e.g., [54]) with fibers aligned in one plane have been developed and can be tested
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for their fracture mechanics properties. The typical approach for testing these is to
apply a standard test method developed for unidirectionally reinforced FRP compos-
ites and to assess the difference in delamination resistance compared to the standard
laminate. So far, that approach has yielded (nominal) numbers, but their interpretation
is not completely clear. One example of three-dimensional reinforcement are Z-anchor
CFRP composites [176] and cyclic mode I fatigue delamination resistance of Z-anchor
CFRP epoxy has been observed to increase significantly by Hojo et al. [177].

Another example with an aerospace application of three-dimensional FRP compos-
ites are z-pinned laminates [178, 179] which have been used in some fighter aircraft
[58]. However, Z-pin through-thickness reinforcement will affect other mechanical
properties of the FRP laminates [58, 180]. As discussed by Robinson et al. [181]
Z-pinned laminates under quasi-static mode I loading seem to yield a “developing”
and “fully developed bridging state” and data analysis and interpretation may have
to be modified from that in the standard test procedure in order to obtain meaningful
values. Mixed-mode I/II loading of z-pin-reinforced composites yields a complex fail-
ure sequence with different behavior of the mode I and mode II components [182].
Delamination of Z-pinned CFRP laminates (IM7/977-2) with CFRP pins (T600/
BMI) has been investigated under quasi-static mode I loading with acoustic emission
monitoring [178] as a function of pin areal density and with two separate Z-pinned
areas. The delamination passed through the pinned area at areal densities of 2% or
less but was stopped by 4% areal density. The unstable delamination growth resulting
from the high stored energy after passing through the pinned area could be stopped by
a second pinned area of density of 0.5% or higher. Cyclic fatigue under mode I and
mode II loading of Z-pinned laminates (IM7/977-2) was investigated by Brunner
et al. [183], again with acoustic emission monitoring. It was concluded that cyclic
fatigue loading under load control yielded delamination propagation for mode
I (Fig. 8.13) and mode II (Fig. 8.14) independent of pin density, if sufficiently high
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Figure 8.13 Double logarithmic plot of delamination rate da/dN versus GImax from mode I
cyclic fatigue under load control with an R-ratio of 0.1 of Z-pin-reinforced carbon fiber epoxy
(IM7/977-2). Shown are selected data points for loads of 50, 100 and 200 N. Unpublished data
from [183].
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loads are applied. Contrary to the quasi-static mode I tests, no change in failure mode
was observed for cyclic mode I fatigue at 4% pin density. The steep, almost vertical
slopes in Figs. 8.13 and 8.14 are similar to Paris plots obtained for mode II cyclic
fatigue delamination resistance of unidirectional CFRP epoxy (IM7/977-2) when the
crack tip was either close to the clamp in the ELS-test rig or in the three-point bending
ENF (see, e.g., [66] for test setups) close to the center loading fin (Brunner et al.,
unpublished results, 2012). Cyclic mode I fatigue behavior under displacement control
may be affected by pin pull-out, which poses a resistance against the full closing of the
crack opening. At constant applied load, the delamination propagation speed slowed
down with the increasing number of cycles but did not stop. 4% pin density proved
more efficient in improving delamination resistance than 2%. Thermography showed
cyclic heat spikes synchronous with the test frequency in the Z-pinned area while no
heating was observed for the same type of laminate without Z-pins.

Other techniques for three-dimensional reinforcements that provide improved
delamination resistance are stitching [184] and tufting [185]. Quasistatic mode I,
mode II and mixed-mode I/II test on CFRP weave epoxy (5H G0926/RTM6) with
Kevlar stitching yarn yielded significant improvements under mode I loading [186].
Mode II did not show unstable crack growth for stitched specimens (contrary to
unstitched specimens), and stitching yarns were not broken. For some specimens
bending failure was observed. Under mixed-mode I/II, stitching yarns are broken,
but still result in improved delamination resistance. There are arguments that indicate
that mode I delamination resistance of through-thickness reinforced laminates may be
reduced at higher crack velocities [187]. The question whether linear elastic fracture
mechanics concepts are applicable to through-thickness reinforced composites is
discussed in detail by Cox and Massab�o [188].
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Figure 8.14 Double logarithmic plot of delamination rate da/dN versus GIImax from mode II
cyclic fatigue under load control with an R-ratio of 0.1 of Z-pin-reinforced carbon fiber epoxy
(IM7/977-2). Shown are selected data points for loads of 100, 150 and 200 N. Unpublished
data from [183].
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Quasi-static mode I and mode II tests on three-ply polyester thread stitched CFRP
weave epoxy laminates (5H T300/RTM6) showed larger mode I delamination resis-
tance for large diameter threads initially (about 100%), but the difference reduced to
36% for larger delamination lengths [189]. For mode II tests, there was no significant
difference initially. Stitch distribution does seem to have an effect, and hence, there is
potential for optimization. Tufting yielded improvements in mode I delamination resis-
tance in CFRP fabric epoxy (5H satin WEAVE-RITE/977-20) comparable to that of Z-
pinning, but this also required some optimization of the tuft spacing. Tufting also
resulted in a significant improvement in compression after impact. This was also
observed by Heb and Himmel [190] for stitched CFRP epoxy with noncrimped fabric
(HTA/RTM6 and HTS/RTM6) but delamination and compression after impact resis-
tance had to be balanced with in-plane mechanical properties for optimal stitching
density.

Another topic of interest in the context of aerospace applications of FRP composites
is testing nonstandard specimen geometries differing from the typical straight beam-
type specimens defined in the standards. Approaches for delamination testing curved
composite specimens taken, e.g., from typical thin-walled cylindrical GFRP shells,
have been developed by, e.g., Beckert et al. [50], or Ozdil et al. [191, 192]. Hojo
and Aoki [193] explored the effects of specimen thickness in mode I delamination
resistance measurements (DCB-specimen). They manufactured laminates with a nom-
inal thickness of 8 mm, effectively 8.9 mm thick CFRP epoxy (T800/3631) and
8.3 mm thick CFRP thermoplastic (AS4/PEEK) laminates and then milled specimens
with 3, 4 and 5 mm thickness in addition to the 8 mm thick specimens. Initiation values
determined from 6 to 8 mm long precracks (prepared manually by wedging) did not
show any thickness dependence for both types of laminates. Propagation values for
thicker specimens were slightly higher than those for thin specimens. However, there
was a difference between values for CFRP epoxy for specimens prepared from two
different plates, which were attributed to differences in fiber orientation. This is again,
an example that processing and manufacturing may play an important role in delam-
ination resistance performance. Thick section FRP composites may require the devel-
opment of new test methods or modification of existing test procedures for measuring
delamination and damage behavior, as shown, e.g., by El Hajjar and Haj-Ali [194]
for pultruded glass polyester composites.

8.6 Fracture mechanics simulation and modeling
approaches for FRP composites

Some examples of modeling and simulation of fracture in FRP composites have been
noted in the literature cited above already. The application of modeling and simulation
to fracture of FRP composites had been reviewed, e.g., by Gillespie [34] or Tay [35]
for both, coupon testing and structural behavior and by Liu [138] for continuum dam-
age mechanics. Results often depend on the specific type of structure and load case.
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Examples are filament-wound composite pipes [195], and a composite box section for
which analytical solutions and FEM are compared with experimental data [49]. In the
following, selected papers illustrating the status of modeling and simulation of fracture
and fatigue fracture of FRP composites are briefly noted. A full review of this topic is
beyond the scope of this chapter. Early simulations used the Virtual Crack Closure
Technique (VCCT), see, e.g., [86] for mixed-mode I/II delamination, [196] for
applying it to mode II ENF tests, or [197] for investigating load-rate dependence of
mode I fracture. A review on VCCT applied to damage modeling in FRP composites
was published in [198] and a model benchmark in [199]. For modeling delamination
testing of FRP composites Cohesive Zone Models (CZM) are now extensively dis-
cussed in literature (see, e.g., [200]), Liu et al. [197] and Soto et al. [201] present a
discussion of analytical expressions for the cohesive zone length which is used for
determining the mesh size. Recently, so-called extended FEM (XFEM) is also applied
to fracture of FRP composites, see e.g., [202, 203], the latter combined XFEM with
CZM. Dimitri et al. [204] compare CZM and Finite Fracture Mechanics modeling
of Mode I delamination with a DCB-specimen and conclude that with generalized
zero-thickness contact interface elements an excellent agreement between the methods
can be achieved.

Peridynamics is a special continuum mechanics alternative to VCCT or FEM
modeling of FRP composite behavior, and it has been applied to modeling dynamic
fracture [205] or fatigue life prediction [206]. A direct comparison with other modeling
and simulation tools applied to fracture or fatigue fracture of FRP composites would be
of interest, among other aspects also with respect to the computational effort. Other
modeling approaches are discussed, e.g., by Corbetta et al. [207] comparing different
strain energy release rate models for prediction, by Gong et al. [208] investigating an
energy-based approach, or by Allegri [209] questioning whether artificial neural net-
works might be preferable to empirical power-law fitting, Carreras et al. [210] provide
a benchmark for modeling delamination in a DCB-specimen under quasi-static and
fatigue loading. It is expected that simulation and modeling comparisons with different
methods and codes using benchmark cases are essential for establishing validated
models yielding realistic results. One exercise on simulating the quasi-static mode I
load-displacement and load-delamination length curves in a DBC-specimen from
materials data organized by members of ESIS TC4 is currently underway, and a similar
exercise for mode I fatigue fracture is in preparation.

8.7 Fracture mechanics testing under aerospace
environmental conditions

Fracture mechanics testing of FRP composites under environmental exposure that
corresponds to service conditions for aerospace applications has received scant atten-
tion so far, and there are no specific standard test procedures. Most of the published
research focuses on fracture mechanics testing at cryogenic temperatures [103, 211,
212, 213]. The aerospace environment, however, includes hygro-thermal cycling, solar
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irradiation (ultraviolet), and, in space the absence of an atmosphere, extreme temper-
ature variations, significant ionizing radiation (X-ray and gamma-ray), magnetic fields,
neutral or ionized atomic or molecular species (reactive oxygen), elementary particles,
and micrometeorites and in some locations space debris moving at high speeds (several
km/s). For FRP composite aircraft structures, foreign object impact and resulting dam-
age, as well as exposure to certain fluids, such as kerosene, hydraulic or de-icing fluids,
or to oil and grease may have to be considered (see, e.g., the discussions in “Long-
Term Durability of Polymeric Matrix” (2012) edited by Pochiraju et al. [214]). There
is some information on fluid exposure effects on fracture properties of CFRP. Hooper
and Subramanian [215], for example, discuss effects of long-term soaking exposure
(200 days) in distilled water and jet fluids (Jet A commercial jet fuel, and JP-4 military
jet fuel) on CFRP (HYE1337AU from ICI Fiberite, noted to be equivalent to AS4/
3501-6) and conclude that these result in some degree of toughening compared to
dry specimens. For mode I cohesive fracture of the epoxy matrix and a significant
amount of fiber breaks were identified as main factors for the toughening behavior.
For mode II, water exposure did not change the fracture pattern much, but jet fuel
absorption did. Landry et al. [216] investigated mode II fatigue fracture in CFRP
(G40-800/5276-1) and noted an increase in delamination rate for distilled water,
hydraulic fluid (Aero-Shell Fluid 41) and de-icing fluid (UCAR ADF XL 54), as
well as a decrease in the number of cycles to delamination onset. The effects were
most pronounced for de-icing fluids. It has to be noted that a 26 mm thick PTFE
film was used as starter crack, twice as thick as recommended in current standards.
Moutsompegka et al. [217] consider effects of de-icing fluid (SAFEWAY KF from
Clariant) in different concentrations (de-icing fluid diluted in demineralized water)
on mode I and mode II fracture toughness of composite bonded joints (FM 300-2
adhesive and HexPly M21E/IMA composite), and noted a decrease in both after the
exposure. Yavas et al. [218] discuss contamination by one type of aviation hydraulic
fluid (MIL-PRF-87257) on an adhesive/composite adherend system (Hysol EA9394
adhesive and Hexcel IM7-G/8552 composite). Quasi-static mode I and mode II tough-
ness (the latter tested for de-icing fluid only) were noted to decrease in the bonded
joints. Most of the published data, hence, seems to indicate degradation of FRP and
adhesive bond properties due to exposure to these fluids. Malinowski et al. [219]
also investigated CFRP adhesive bonds subject to different treatments focusing on
repair issues and potential effects of applying improper procedures. Thermal treatment
simulating external heat sources or lightning impact effects were combined with expo-
sure to de-icing fluids and improper cure. The study further investigated the applica-
bility of different NDT-methods for detecting the defects in the bonded joints.
X-ray microcomputed tomography indicated porosity bond-lines but failed to clearly
distinguish contaminated and reference bond-lines, whereas nonlinear ultrasonics was
able to do that.

Another type of environmental exposure is the formation of microbial films on
CFRP in certain environments. First, this seemed to be of more concern in naval trans-
portation, as discussed by Wagner et al. [220]. Composites, resins, and fibers were
exposed to sulfur/iron-oxidizing, calcareous-depositing, ammonium-producing,
hydrogen-producing, and sulfate-reducing bacteria with no noticeable effects on epoxy
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resin, carbon fibers, and CFRP epoxy composites. Gu [221] reviewed the information
available on biodegradation of polymers and composites for space applications and
noted degradation due to fungal and bacterial action in experiments covering a wide
range of temperature and humidity conditions. Fracture toughness or delamination
resistance, however, was not investigated explicitly in these studies. It is likely that
degradation of CFRP composites due to microbial biofilm formation may later result
in deterioration of toughness and delamination resistance, but clarifying this will
require a significant research effort. It is noted here that microbial degradation of
CFRP composites may play a role in developments toward future, environmentally
safer, recycling or disposal strategies of CFRP structures, such as aircraft fuselage,
wings, or stabilizers, and Gu [222] pointed out possible pitfalls that have to be consid-
ered when developing biodegradation methods for FRP composites. Currently,
recycling of FRP composites, in general, is a research area that has not been explored
much yet, for respective methods and strategy see, e.g., [223, 224].

While constituents of the aerospace environment and appropriate models are
known, understanding of the interaction of components and their synergy is still lack-
ing [225]. Each of these or combinations of aerospace exposures lead to aging and/or
damage initiation and accumulation in the FRP composites that may require moni-
toring and maintenance, but ultimately limits the service life of the FRP component
or structure. Specific effects from space environment on FRP composites and related
property measurements are noted in the revised edition of the Composite Material
Handbook (Version G, [42]). However, the information presented is not focusing on
environmentally induced toughness or delamination resistance changes. Maji and
Mahnke [226] summarize the literature on space environment effects, mainly radia-
tion, on FRP composites and in most cases, note degradation in mechanical and ther-
momechanical properties. The toughness or delamination resistance is not noted
explicitly in this overview, nor in the overview by Edwards et al. [225]. Voicu
[227] did not observe the formation of delaminations in CFRP (3k Carbon fiber fabric
reinforcement 0/90�, twill2x2 with M49 epoxy matrix) in three-point flexure testing
after exposure to UV, gamma radiation and thermal cycles corresponding to conditions
in Low Earth Orbit (LEO). Moon et al. [228] used a combination of simulated high
vacuum, atomic oxygen, UV exposure, and thermal cycling for 20 h (equivalent to
the STS-4 space shuttle exposure in LEO). Tensile testing of CFRP specimens
(T700 fibers in phenolic novolac epoxy and bisphenol-A epoxy matrix), some modi-
fied with Multi-Walled Carbon nanotubes (MWCNT) showed effects on tensile
strength and stiffness (fracture mechanics properties were not investigated).

There are two basic approaches for fracture mechanics testing under specific envi-
ronmental conditions or their combinations. The first is to subject the FRP composites
to certain exposures for a given duration and then test the fracture mechanics properties
after a sufficient conditioning period under laboratory conditions (e.g., þ23�C and
50% relative humidity). This determines the resulting aging and damage as a function
of intensity and duration of exposure. The second is to perform the test at the specific
exposure condition, again as a function of intensity and duration. The latter clearly is
more difficult and requires load, displacement and delamination length measurements
at the specified condition as basic information for calculating fracture mechanics
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quantities, except when a compliance-based effective crack length is used that elimi-
nates the need for delamination length readings. Aging effects in FRP composites may
be quite complex, e.g., depending on specimen size and surface preparation even for
relatively simple accelerated thermal aging of an aerospace CFRP (IM7/8552)
laminate as discussed by Dao et al. [229].

As noted above, fracture mechanics tests on FRP composites have been performed
at low temperatures by, e.g., [103, 221, 222, 223, 230]. Data for carbon fiber/epoxy
laminates (IM7/977-2) from at cryogenic, room and elevated temperatures indicating
increasing mode I delamination resistance with increasing temperature and a slight
decrease below room temperature are summarized in Fig. 8.15 [231, 232]. Results
for GFRP laminates mainly with woven reinforcement are not limited to quasi-static
mode I and mode II tests, but include mixed-mode I/II and cyclic fatigue tests under
mode I, mode II, and mixed-mode I/II [103, 221, 222, 233]. For plain weave CFRP
laminates (T300/XB5082) Cantwell [230] reported improved delamination resistance
for mode II (as well as for interlaminar shear strength) at temperatures below room
temperature down to �194�C, but no observable effect for mode I, in spite of
improved toughness for pure epoxy specimens under mode I loading. Compared
with room-temperature, Horiguchi et al. [233] reported improved mode II delamina-
tion resistance on glass-cloth/epoxy laminates at �196�C (liquid nitrogen) and further
improvements at�269�C (liquid helium). Improved delamination resistance in woven
glass/epoxy laminates under cyclic fatigue mixed-mode I/II loading was noted in
[103]; however, the improvement was more pronounced at �196�C (liquid nitrogen)
than at �269�C (liquid helium).

Environmental effects, such as humidity and temperature on fracture behavior of
FRP composites have been investigated since the 1980ies (see, e.g., [234]) but have
not been included in the standard test methods. These typically require conditioning
at a specified temperature, e.g., for obtaining a “dry” condition (with parameters as
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Figure 8.15 Dependence of the delamination resistance under quasi-static mode I loading for
carbon-fiber-reinforced epoxy (IM7/977-2) on test temperature (after sufficient conditioning)
for two laminate thicknesses [231]; with increasing temperatures, the delamination resistance
is increasing.
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recommended by manufacturer according to clause eight of ISO 15024 or in following
Procedure D of ASTM D5229 according to clause 10.2 of ASTM D5528) but some
standards allow agreeing on conditioning in different climates (e.g., ASTM D5528,
clause 10.1). Vieille [235] investigated the ductile or brittle transition in the failure
of woven-ply reinforced carbon PPS laminate (T300 3K 5HS) weave by cyclic loading
of SEN specimens at þ120�C. A translaminar failure with fiber breaks and matrix
cracks near the crack tip was observed. For cyclic fatigue fracture, ESIS TC4 proced-
ures recommended to condition to test climate (e.g., þ23�C, 50% relative humidity).
Since test duration in cyclic fatigue can be significant, keeping the test climate, what-
ever it is, sufficiently constant (e.g., within the margins of �2�C and �5% relative
humidity set by ISO 291) is strongly recommended in order to avoid effects from a
variation of ambient conditions on the test results. Temperature and humidity effects
on FRP composites are further discussed in Chapter 9 of this book.

Effects from thermal cycling between �175 and þ120�C under vacuum
(at 1.3 mPa simulating space environment) on carbon-fiber-reinforced epoxy laminates
(made from M40J, M55J, and M60J unidirectional prepregs) have been investigated
by Park et al. [236]. They found that the density of the materials decreased after
2,000 cycles, and they observed significant degradation in mechanical properties.
Interlaminar fracture toughness has not been determined, but properties affecting it
(e.g., fiber-matrix adhesion) have been shown to decrease.

Hygro-thermal effects on fracture toughness of FRP composites have, e.g., been
investigated for mode I, mode I and mixed-mode I/II [237]. For a carbon-fiber-rein-
forced epoxy with thermoplastic particulate interlayers, with dry and moisture-
saturated conditions at temperatures ranging from �43 to þ98�C plus one test
at þ125�C in dry condition, increasing matrix ductility was observed for increasing
temperature and moisture. This correlated with an increase in mode I toughness and
a decrease in mode II toughness. Effects of combined hygro-thermal cycles of
carbon-fiber-reinforced composites, e.g., simulating aircraft operating at high altitudes
(low temperatures, e.g., below �50�C and very low relative humidity, e.g., a few
percent) and landing in tropical zones (high temperatures at and above þ30�C and
high relative humidity near 100%) on fracture toughness or delamination resistance
have not been investigated in published research to the best knowledge of the author.
It is expected that large temperature variations resulting in corresponding stresses from
the coefficient of linear thermal expansion (typically around 10�6/�C) would dominate
over the hygric stresses on the typical time scales for aircraft operation (up to 14 h at
low humidity alternating with a few hours at high humidity). Hygro-thermo-mechan-
ical aging effects on fracture behavior have been compared to those induced by hygro-
thermal aging by Zenasni et al. [238] for woven glass (ST220-2/2 twill/PEI, SS303-8H
satin/PEI) and woven carbon fiber poly-ether-imide composites (CD342-8H satin/
PEI). They observed differences in moisture uptake and delamination behavior. The
two GFRP fiber laminates showed similar moisture uptake (saturation around
0.21%), while CFRP showed a value of around 0.3%. After hygro-thermal aging
(at þ70�C and 95% relative humidity) the 8H laminates proved more resistant than
the 2/2 twill under mode I and mode II loading. Hygro-thermo-mechanical aging in
special loading devices under the same conditions yielded initial increases in mode
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I delamination resistance (up to about 30 days). For mode II, the 8H GFRP showed
initial increases under hygro-thermal and hygro-thermo-mechanical aging, while the
other laminates showed decreasing mode II delamination resistance with time.

Fire resistance of FRP composites is also of concern in aerospace applications; a
review [239] found severe degradation in postfire flexural properties for FRP epoxy
composites, which were induced by delamination formation due to resin combustion.

Effects of electromagnetic radiation of different frequency, and hence energy, or of
particle irradiation on the fracture of FRP composites have only scantly been investi-
gated. Electron irradiation of a carbon-fiber epoxy composite (T300/934) was investi-
gated by Funk and Sykes [240] on standard size and miniature specimens under mode I
and mode II loading at three test temperatures (�157�C, room-temperature, þ121�C).
The irradiation with 1 MeV electrons and a radiation dose of 1 � 1010 rad in high vac-
uum of 1.3 � 10�7 mbar simulated about 30 years in a geosynchronous orbit.
Although the results showed a significant effect of test temperature, electron irradiated
specimens yielded a higher delamination resistance. Dynamic-Mechanical-Thermal
Analysis (DMTA) and Scanning Electron Microscopy (SEM) indicated that this was
due to irradiation-induced matrix changes. Similar experiments were performed by
Takeda et al. [241] under mode I and mixed-mode I/II on carbon- and glass-fiber-rein-
forced epoxy composites. Electron irradiation was performed in the air up to total
absorbed doses of 120 MGy, resulting in heating of the specimens to about þ70�C.
The delamination resistance decreased with increasing dose in both types of compos-
ites. The fracture tests were again complemented by DMTA and SEM indicating
degradation of the glass fiber epoxy interface (silane coupling agent) in addition to ma-
trix degradation. For CFRP, only matrix degradation was observed. Gamma irradiation
with doses up to 27.2 MGy was investigated by Sekulic et al. [242] for unidirectional
CFRP epoxy (HTS/HexPly 6376 NCHR). In some specimens, irradiation was fol-
lowed by annealing. DMTA indicated some changes in transition temperature for a
certain irradiation dose range, but less for others, which correlated with changes in
delamination resistance. The experiments discussed above all indicate a complex inter-
action between irradiation and temperature, which would have to be taken into account
in irradiation test development. Arnaout et al. [243] discuss electric charging effects in
typical geostationary orbits on dielectric materials but do not consider CFRP compos-
ites in their investigation. Effects on composites from space environment (absence of
atmosphere, irradiation with particles and electromagnetic waves, temperature varia-
tion, etc.) are discussed in the new Composite Materials Handbook (Version G,
[42]), but again in rather general terms. First, it is pointed out that FRP are more sen-
sitive to environmental exposure than metals, specifically with respect to temperature
(for aircraft,þ82�C is considered the worst case) and moisture (85% relative humidity
again being the worst case for aircraft), and second, the (comparatively) “extreme”
aerospace environment is noted. UV exposure is another important effect for FRP
composites. For space applications, the impacts of micrometeorites and of space
debris, e.g., from other spacecraft [244] will also contribute to damage of FRP com-
posites and hence to aging.

A special electromagnetic environment relevant to aircraft operating in the atmo-
sphere is the effect of lightning. Artificial lightning tests on CFRP epoxy laminates

Fracture mechanics of polymer composites in aerospace applications 229



(IM600/133) by Hirano et al. [245] have yielded fiber damage, resin deterioration, and
internal delaminations. There is a nonlinear relationship between the delamination area
and the electrical action integral (defined as time integral over the square of the elec-
trical current). Delamination resistance or changes in delamination resistance after
lightning action has not been quantified, but the material has been damaged, and de-
laminations have initiated. Feraboli and Miller [246] performed similar experiments
on another CFRP epoxy laminate (G30-500 12k HTA/7714A) and quantified mechan-
ical property changes (tensile and compressive strength, E-modulus) after lightning
strikes. Again, delaminations were noted but delamination resistance or its change
not quantified. In aircraft design, copper meshes are implemented into the CFRP struc-
tures in order to mitigate the effects of lightning strikes, but these require proper atten-
tion in case of later repair [247]. A combination of characterization methods was used
by Yamashita et al. [248] to assess simulated lightning strike effects on quasi-isotropic,
thermoplastic CFRP laminates and chopped carbon fiber tape-reinforced thermoplas-
tics (TR505 PAN-based fiber and PA6 matrix). Recent research on lightning effects in
CFRP laminates applied modeling or simulation approaches [249e251] to replace the
experimental setups and the complex characterization methods, see, e.g., Zou et al.
[252] discussing aircraft models based on EMA3D electromagnetic simulation soft-
ware. Recent experimental approaches are discussed by Abdelal and Murphy [253]
using a CFRP epoxy (IM600/133, with a 32-ply quasi-isotropic layup [45�/0�/
�45�/90�]4S) and simulating that with FEM with a user material subroutine in Abaqus.
Lightning effects on thin-ply CFRP are presented by Yamashita et al. [248] testing a
thermoplastic CFRP (fiber type TR50S from Mitsubishi Rayon Co. Ltd. and a PA6
Diamiron C from Mitsubishi Plastics Co. Ltd.) with a high-speed camera and posttest
ultrasonics for damage characterization. Lightning effects on FRP composites are
further discussed in Chapter 18 of this book.

A general perspective on requirements for all material classes, not only FRP com-
posites, used in aerospace applications and, specifically, on the challenges of the oper-
ating environments, is given by Zhang et al. [23]. The conclusion for composites is
that, beside PMC, other composite matrix materials (metal matrix composites;
MMC or ceramic matrix materials; CMC) may provide a better performance, either
by better balancing mechanical properties by specific fiber selection or addition of
other species, e.g., graphene platelets. These approaches are deemed important by
the authors also in order to improve the toughness of composites. However, as noted
earlier, composites for aerospace applications will, in general, have to be certified, and
that may delay introducing new materials into aerospace structural designs, even if
their performance is better.

8.8 Conclusions and outlook

The present contribution discusses test standards and test development for determining
fracture mechanics data of fiber-reinforced polymer-matrix (FRP) laminates. The focus
is on experimental work. Major factors that affect delamination resistance, besides
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loading mode, are fiber and polymer types, fiber orientation and layup, processing,
conditioning, and aging. This is illustrated by selected test data for a high-
performance CFRP epoxy (IM7 fiber with different 977 epoxy resin types). Modeling
of fracture behavior of FRP composites is not treated in detail, but cited references
discuss some examples of that. Modeling and simulation are expected to become
more important in fracture mechanics based structural design with FRP composites
and to also play an important role in test development and data analysis. Modeling
is used, e.g., to assess the influence of friction in test setups, to determine mode mixing
contributions, or to predict fracture behavior. Tay [35] provides more information on
various early aspects of modeling and simulation in fracture mechanics of FRP com-
posites. As briefly discussed above, the number of publications providing results of
modeling or simulation of quasi-static fracture of FRP composites is increasing, and
this trend will continue. So far, there is little published on modeling or simulation
of cyclic fatigue fracture (see, e.g., [254, 255]) or of fracture under high-rate loads
(e.g., [68, 256]). Analogous to experimental studies, round robin exercises of modeling
and simulation will be necessary to assess the reproducibility of the results and to iden-
tify the computationally most efficient codes. Such an exercise aiming at reproducing
the quasi-static behavior of a unidirectionally reinforced CFRP by calculating loads
and the delamination length increments as a function of displacement has been started
by members of ESIS TC4 in 2018, but analysis and publication of the results will take
some time. An extension of this is planned for dealing with the simulation of cyclic
fatigue fracture under mode I loads for the same material, aiming at reproducing the
da/dN versus Gmax graph (Paris curve).

Fracture mechanics testing of FRP composites so far has played a minor role in
material selection, materials qualification, and structural design for aerospace applica-
tions. However, due to current demands for energy-saving transportation and propul-
sion systems, it is expected that fracture mechanics-based designs will become
standard in aerospace structural engineering in the near to intermediate future.
However, this requires providing a suitable education for material scientists and engi-
neers. Damage accumulation and fatigue behavior of FRP composites and hence
delamination propagation due to cyclic thermo-mechanical service loads are current
research topics. Exposure of aircraft and space structures to special environmental
conditions may require more detailed investigations in the future for assuring sufficient
service life of the composite laminates.

Materials development for the improvement of performance, specifically of damage
and delamination resistance of FRP composites have received and still receive signif-
icant attention. Among the concepts investigated are interleaving and use of three-
dimensional reinforcements (both discussed above), as well as matrix toughening,
recently via the addition of nanoscale and/or microscale fillers. These comprise a range
of materials, e.g., carbon nanotubes, layered silicate clays, silica nanospheres, carbon
black, graphene, and microscale inorganic fillers. Polymer nanocomposites have been
prepared with combinations of different nanoscale additives or combinations of nano-
and microscale fillers [257], but those have not yet been explored as a matrix in FRP
laminates. Ashrafi et al. [258] reported an increase in mode I and mode II delamination
resistance from incorporation of single-wall carbon nanotubes into the epoxy matrix
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for a CFRP laminate which proved more effective than multi-wall carbon nanotubes at
similar weight fraction, while Tang et al. [259] observed an increase in delamination
resistance under quasi-static mode I, but a decrease under quasi-static mode II loading
when incorporating silica nanoparticles (Nanopox F400) into a CFRP epoxy laminate
(UT70-20/Araldite F). Nano-modified epoxy with functionalized layered silicate clay
(Cloisite 30B) as the matrix has been reported to increase the impact behavior of GFRP
epoxy laminates [260], and that possibly suggests improved delamination resistance of
nano-modified CFRP under high-rate loading. Thermoplastic nanofiber interlayers
deposited on the carbon fiber fabric investigated by Zhang et al. [261] provide another
approach for toughened CFRP epoxy laminates (C12K/MY0510), but among three
types tested, only poly(c-caprolactone) nanofibers proved efficient. So far, the existing
standard test methods have proven applicable for determining fracture mechanics data
for FRP laminates with nano-modified polymer matrix materials. However, an impor-
tant issue in processing, manufacturing, testing, and disposal of these composites is the
release of nanoparticles into the environment and the associated potential health risks
to persons that may be exposed. A recent review [262] points out that it is too early for
a definitive assessment of the nano-risks, and further research will be needed. One
aspect that is important for all current or future developments of FRP composites
for aerospace applications, either on the material side (e.g., nanoscale additives or
interleaving) or in manufacturing processes (e.g., additive manufacturing) is the
certification for use.

The question as to whether delamination resistance can be quantitatively character-
ized using existing standard test procedures or whether modified or new standard
procedures have to be developed also applies to other types of FRP composites.
Currently, available data indicate that three-dimensional reinforcements typically
result in “high” values of GC compared with the unidirectional laminate made from
the same fiber and matrix. Whether the high delamination resistance of three-
dimensional FRP laminates do represent material values or are “apparent” values,
e.g., depending on specific test and specimen parameters, is still debated (see, e.g.,
[181]). More generally, the applicability of linear elastic fracture mechanics to
through-thickness reinforced FRP composites may be questionable [188].

As an outlook, it is expected that test development for fracture toughness, and
delamination resistance measurements on FRP composite laminates will move from
tests, which have been standardized for unidirectional glass- and carbon-fiber-rein-
forced laminates, i.e., quasi-static mode I, mode II and mixed-mode I/II loading, to
cyclic fatigue and high rate tests for the same laminate types and modes. For mode
I and mode II cyclic fatigue, test procedures are under development, and for mixed-
mode I/II, preliminary tests have been performed indicating the basic feasibility.
Whether and, if necessary, how fiber-bridging effects (which play an important role
in unidirectional FRP laminates) have to be taken into account in other modes and
mode mixes as well in order to obtain safe design limits, is at present still debated.
In parallel or at a later stage, the applicability of the test procedures to nonunidirec-
tional and multidirectional reinforced laminates will have to be investigated. Again,
first trial tests have been performed in some cases. Implementation of contactless
optical monitoring of experiments, e.g., with digital imaging or video and advanced
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image analysis will provide valuable data records that can be analyzed in detail for the
determination of delamination lengths or for automation of data analysis, and both will
likely reduce the scatter in the data. The second line of test development will focus on
environmental exposure and its effects, probably first dealing with quasi-static and
cyclic fatigue loading for mode I. The use of fracture mechanics data in structural
composite designs will have to be developed further, and it is expected that experi-
mental and modeling fracture mechanics research and material developments in
combination with proper education or training will yield economically feasible com-
posite aerospace structures for safe long-term use. The Hartman-Schijve type analysis
of fatigue fracture data of FRP composites seems to work well for life prediction of
composite components and structures as discussed, e.g., by Jones et al. [48]. This is
in-line with the experience from composite structural design in another high-
performance application, namely Formula 1 racing cars [263]. For recycling or envi-
ronmentally friendly disposal of aerospace FRP composite components and structures
[223] after their service life, delamination resistance, or matrix toughness might play a
role depending on the methods used, but this will require significant research efforts
before suitable technologies can be successfully and economically implemented on
a large scale.

Appendix: glossary

3ENF three-point bending ENF (specimen)
4ENF four-point bending ENF (specimen)
DG Difference in energy release rate (usually between maximum and mini-

mum, Gmax-Gmin)
mm mmicrometre (10�6 m)
ADCB symmetric Double Cantilever Beam (specimen)
AITM Airbus Industries Test Method.
AMMF Asymmetric Mixed-Mode Fracture.
ARALL Aramide-Reinforced Aluminum Laminate.
ASTM Intl American Society for Testing and Materials International.
BSS Boeing Support Specification.
CARALL Carbon-Reinforced Aluminum Laminate.
CFRP Carbon Fiber-Reinforced Polymer-Matrix.
CMC Ceramic-Matrix Composite(s)
CMH, CHM17 Composite Materials Handbook, Composite Materials Handbook-17.
CNT Carbon Nano-Tube(s)
CT Compact Tension (specimen)
CZM Cohesive Zone Model.
da/dN delamination length increment per cycle.
DCB Double Cantilever Beam (specimen)
DEN Double-Edge-Notched (specimen)
DENT, DEN-T Double-Edge-Notched Tensile (specimen)
DIC Digital image Correlation.
DMTA Dynamic Mechanical Thermal Analysis.
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ELS End-Loaded Split (specimen)
EN European Standard.
ENF End-Notched Flexure (specimen)
ESD Electro-Static Discharge.
ESIS European Structural Integrity Society.
EUROCOMP European Composites Design Code and Standard.
FEA Finite Element Analysis.
FEM Finite Element Method.
FML Fiber Metal Laminate(s)
FRP Fibee-Reinforced Polymer-Matrix.
GC, G critical energy release rate and energy release rate, respectively (the addi-

tional subscripts GIC, GIIC, GIIIC, GI/IIC, GI/IIIC and GI/II/IIIC refer to quasi-
static fracture modes (I ¼ tensile opening, II ¼ in-plane shear and III ¼ -
transverse shear or twist and respective mixed modes), and GImax, GIImax

and GI/IImax refer to the maximum applied energy release rate (stress) in
the respective pure or mixed mode)

GFRP Glass Fiber-Reinforced Polymer-Matrix.
GLARE Glass Laminate Aluminum-Reinforced Epoxy.
ISO International Organization for Standardization.
J Joule (unit of energy)
JIS Japan Industrial Standards.
JSA Japanese Standards Association.
KIC stress intensity factor.
LEFM Linear Elastic Fracture Mechanics.
LSB Large-Scale Bridging (fibers)
MGy Mega-Grey (unit of radiation energy dose, 1 Gy ¼ 1 J/kg)
MIL-HDBK (United States Department of Defense) Military Handbook.
MMB Mixed-Mode Bending (specimen)
MMC Metal-Matrix Composite(s)
MPa Mega-Pascal (unit of pressure, 1 MPa ¼ 1 N/mm2)
MWCNT Multi-Walled Carbon Nano-Tube(s)
N Newton (unit of force)
NASA National Aeronautics and Space Administration (USA)
PA6 PA12 Poly-Amide-6, Poly-Amide-12.
PAN Poly-Acrylo-Nitrile (polymer)
PEEK Poly-Ether-Ether-Ketone (polymer)
PEI Poly-Ether-Imide (polymer)
PPS Poly-Phenylene Sulfide (polymer)
PTFE Poly-Tetra-Fluoro-Ethylene (polymer)
R curve resistance curve (plot of values of energy release rate G vs. delamination

length a)
R ratio ratio between the minimum and maximum load/stress or displacement (in

cyclic fatigue tests)
RTM Resin Transfer Molding.
SAE Intl Society of Automotive Engineers, International.
SEM Scanning Electron Microscopy.
SENB Single Edge Notch Bending (specimen)
TC Technical Committee.
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VCCT Virtual Crack Closure Technique.
XFEM Extended Finite Element Method.
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The response of aerospace
composites to temperature and
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9.1 Introduction

Polymer matrix composites have matured over recent years with their application as ma-
jor structural components of aircraft, such as the wing box on the Airbus A380. Most
recently the Boeing 787 Dreamliner utilises 90% by volume of composite materials
of which much is employed in load bearing applications. The main advantage of fiber
composites arises from their high specific strength and stiffness, which means that
low weight structures can be designed. Energy costs have driven the demand for low
weight structural composites. The gradual replacement of non-structural components
has also provided designers with the confidence to increase the number of applications.
However, composites have a long track record going back to the beginnings of the
plastics industry, more than 100 years ago, where phenolic resinepaper cores were
essential to the development of electrical applications, and fabric-reinforced phenolic
moldings became popular for more complex shaped artifacts. However, more critical
was the use of “fiberglass” for the hulls of leisure boats in the 1950s, military ships
in the 1970s and pipes for transporting both potable drinking water (without taint)
and corrosive effluents. Here, the durability and corrosion resistance of glass fibere
reinforced plastic (GFRP) provided the main driver. The development of carbon fiber
composites since the 1960s spurred academic and industrial studies so that full under-
standing of the micromechanics of failure has been achieved over several decades [1,2].

A composite consists of a reinforcement, which is mainly a high-performance fiber
or micro- or nano-sized inorganic particle dispersed in a polymeric matrix. The latter
can be acicular, such as carbon nanotubes. Most recently, hybrid systems have been
developed to reduce the volume fraction of the polymer matrix, which has the lowest
modulus of all components. The polymer is also the most sensitive to the absorption of
aqueous and organic fluids. The effect of environments is also complicated by the
morphology of the matrix, which often involves a phase-separated thermoplastic in
a thermoset resin. In some aerospace laminates, heterogeneous rubber or thermoplastic
particles are used in the interlaminar regions as toughening agents. A further compli-
cation is the formation of interphases between the reinforcement and matrix, which
represents a region of the mixed polymer at the reinforcement interface [3].

This chapter is concerned with the effect of absorption of moisture (and other
organics) on the micromechanics of failure of aerospace composite materials.
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Fig. 9.1 shows a schematic temperature and humidity profile of a military aircraft on a
typical flight sortie [4]. On the ground, the relative humidity (RH) is high but decreases
on take-off; however, one may encounter flight at sea level where humidity rises. Also,
an aircraft’s skin temperature depends on speed and elevation. Of note is the rapid rise
in skin temperature during the supersonic flight to temperatures in excess of 120�C,
referred to as thermal spiking. To understand the effects of these flight variables, we
will discuss Fickian diffusion and the sensitivity of polymers and fibers to aqueous
and non-aqueous environments. We will also describe the effect of thermal spiking
on moisture absorption since this could be a major source of residual stress in an
aerospace composite.

9.1.1 Moisture absorption

Organic matrix polymers are sensitive to water ingress. Therefore, in humid environ-
ments, moisture diffuses into polymer matrix composites to differing degrees. The
extent of moisture absorption depends on the molecular structure of the polymer.
This aspect is described in Section 9.2. Dissolved water can plasticize the matrix
and reduce the glass transition temperature, Tg, and hence service temperature of the
composite significantly. In conjunction with this, hydrolytic degradation can reduce
the thermo-mechanical properties further. For aerospace structures, in particular, the
rate of absorption and its temperature dependence is especially critical since the life
of an aircraft is several decades.
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Figure 9.1 Schematic of skin temperature and local relative humidity during a typical flight of a
military jet [4].

254 Polymer Composites in the Aerospace Industry



Most structural composites are highly anisotropic, consisting of unidirectional
materials where the mechanical properties in the longitudinal (or 0�) direction are fiber
dominated, while in the transverse (or 90 degrees) direction they are matrix dominated.
Therefore, moisture absorption has a larger effect on the transverse properties of a
typical composite system. Despite this, the strength of a 0� composite is also affected
by moisture ingress since the reloading of a broken fiber occurs through shear stress
transfer from the “interphasal” matrix. For achieving isotropy, unidirectional plies
are stacked at a set of angles, such as 0�, �45 degrees and 90 degrees to form a
laminate. In this situation, moisture ingress will modify the residual stress state in
the individual laminae.

Whereas the thermodynamic properties of the resin and environment will determine
the maximum extent of moisture absorption, diffusion is a kinetic property, which is
temperature-dependent. Normally, the latter is considered to be Fickian in nature.
For highly polar polymers, other diffusion models need to be considered, but for
most structural composite materials, the Fickian laws are applicable.

9.1.2 Fickian diffusion

Fickian laws were developed for thermal equilibration, but thermal diffusion is signif-
icantly faster than moisture diffusion by a factor of w106. This means that a 12 mm
thick composite can take 13 years for moisture equilibration at 350 K, while thermal
equilibration would take only 15 s. The consequence of this is that a typical aerospace
structure will take many years in service before the structure has become saturated with
water. Thus, engineers need to deal with property gradients resulting from moisture
absorption. However, this is complicated by the variations in temperature and RH at
different storage and holding locations and during flight. As a result of this, water
will tend to move within a structure in response to environmental fluctuations. For
instance, at these locations with a high ambient temperature, moisture will diffuse
deeper into the structure as each molecule has higher energy. Correspondingly, during
flight missions, the structure will experience low RH at high altitudes, and the moisture
will tend to move in the opposite direction. However, this effect is inhibited by the low
rates at low temperatures [5,6].

The distribution of water throughout the composite will arise from an averaging of a
series of moisture profiles over time. The solution to Fick’s second law, which defines
the diffusion constant (D) for moisture uptake, is given by Eq (9.1):

D ¼ pd2

16M2
N

 
M2 �M1

t1=22 � t1=21

!2

(9.1)

where M1 and M2 are the moisture contents at times t1 and t2; d is the thickness of the
specimen. The experimental measurement of D uses coupons where diffusion through
all the faces occurs so that an edge correction is required for the calculation of a true
one-dimensional (1D) diffusion constant [5e8].
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For the prediction of the time required for moisture equilibration of a structure, the
diffusion constant, D, for each material is required, but their measurement is
time-consuming because the equilibrium moisture content (MN) has to be determined
in long-term tests. Therefore, accelerated tests are used. As with other kinetic
processes, D is related to temperature (T) according to the Arrhenius equation,

D ¼ A expð�Ea=RTÞ (9.2)

where Ea is the activation energy for moisture transport, and A is the pre-exponential
factor.

While many resin systems exhibit Fickian diffusion, others show non-Fickian
behavior. The experimental reabsorption diffusion curve shown in Fig. 9.2 represents
a smooth process which is linear over the first 60% before reaching equilibrium. For
the resin system used, Fickian diffusion could only be obtained after preconditioning
because often the early stage of moisture absorption deviates from Fickian kinetics.
This creates difficulties in the calculation of a precise diffusion constant. It is thought
that the non-Fickian behavior results from the reorganization of the network, as the
material becomes plasticized [9e11].

Fig. 9.2 also illustrates this point where the moisture concentration in the first
absorption appears to approach equilibrium, but then after a longer period, the mois-
ture sorption accelerates. Much work on the thermal spiking phenomenon (see Section
9.5) has confirmed that the relaxation of the network occurs in the presence of water
making more polar sites available which can bind additional water molecules.
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Figure 9.2 Isothermal absorption and reabsorption curves for the bismaleimide epoxy resin
Narmco Rigidite 5245 at 90% RH at 45�C. Calculated theoretical Fickian first absorption and
desorption curves are also shown [4].
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Composite materials are typically anisotropic, so the diffusion constants in the
longitudinal and transverse directions can differ. These are related to each other
through Eq (9.3):

D ¼ Dx

"
1þ d

l

�
Dy

Dx

�1
2

þ d

b

�
Dz

Dx

�1
2

#2
(9.3)

where Dx, Dy, and Dz are the diffusion constants through the thickness, d, along the
length, l, and across the breadth, b.

For a unidirectionally reinforced 0� ply, Dz and Dx are equivalent, both occurring at
90 degrees to the fibers. Therefore, Eq. (9.3) becomes:

D ¼ Dx

"
1þ d

b
þ d

l

�
Dy

Dx

�1
2

#2
(9.4)

It is possible to measure the influence of the fibers on the diffusion because, with a
poor interfacial bond between the fiber and the resin, rapid transport will take place at
the interface and can be differentiated from the resin-dominated diffusion at 90 degrees
to the fibers. If Dy is greater than Dx, then capillary diffusion at a poor interfacial bond
must be occurring. For perfectly bonded fibers, Dx will be significantly larger than Dy

because of the relatively higher surface area of resin in the 90 degrees direction.
Typical values of the diffusion constant are 10�6 mm2/s for resin and 10�7 mm2/s
for composite.

9.1.3 Prediction of moisture content and time dependence

We can predict the distribution of moisture in a laminate using Fickian diffusion
kinetics. Fig. 9.3 shows the calculated distribution of moisture in a carbon fiber
laminate of thickness 0.94 mm after 3 days at 96% RH and 50�C. As a result of Fickian
analysis, we can observe that it would take 13 years to reach equilibrium if the material
had a thickness of 12 mm. However, this does not reflect the actual environment since
the temperature and RH can change.

9.1.4 Moisture distribution in a laminate

Fig. 9.4 shows how the moisture profile in a laminate through-thickness changes as a
result of a thermal excursion. Since the rate of moisture diffusion is controlled by an
activation process (Eq. 9.2) at higher temperatures, the moisture will desorb from the
surface, whereas, subsurface moisture will move into structure. Therefore, over several
cycles, the moisture profile will even out through the thickness.
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9.1.5 Interfacial stability during moisture absorption

The durability of a composite material to moisture ingress can often be determined by
the maintenance of interfacial integrity. Therefore, it is useful to study diffusion in
different directions of a unidirectional composite.

Eq. (9.4) can be used to calculate the diffusion constants in the direction parallel,
Dx, and at 90 degrees, Dy and Dz. Rearrangement gives

D
1
2 ¼
�
1þ d

b

�
D

1
2
x þ

�
d
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Figure 9.3 Theoretical moisture distribution within a unidirectional carbon fiber laminate from
Narmco Rigidite 5245C, after 3 days at 50�C and 96% RH (curved line) and after a rapid
thermal excursion to 150�C (the “spiked” curve) The shaded area indicates the water that has
moved out of the laminate during the thermal excursion [7].
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Figure 9.4 Theoretical moisture distribution within a unidirectional carbon fiber laminate from
Narmco Rigidite 5245C, after 3 days at 50�C and 96% RH and a rapid thermal excursion to
150�C. The shaded area indicates the water that has moved into the laminate during the thermal
excursion [7].
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Therefore, a plot of Eq. (9.5) enables Dx and Dy to be estimated from the diffusion
constants for coupons of differing geometry. In this way, the degradation of the
interface under aggressive environments in accelerated tests can be identified. Howev-
er, interfacial degradation to moisture should be avoided by correct selection of fiber
and sizing in separate experiments. Often, single-filament tests, such as fragmentation,
pull-out, or microdroplet, can be used to assess the interfacial stability of certain
combinations of fibers and resin. With aerospace carbon fibers, the oxidative fiber
treatment coupled with epoxy resin sizes in epoxy matrices provides a “good” inter-
face. It should be remembered that a perfect interface will lead to brittle failure and
that partial debonding or interphasal yield is required for tough performance [3].

9.2 Moisture sensitivity of matrix resins

Moisture diffuses into polymers to differing degrees, which is a function of the
morphology and molecular structure. The following aspects are critical:

1. The polarity of the molecular structure
2. The degree of cross-linking
3. The degree of crystallinity in the case of a thermoplastic matrix (although certain modified

thermosets can also have a crystalline component)
4. The presence of residuals in the material

While (1e3) are clearly variables of the matrix, the presence of residuals (4) is not
so obvious since this refers to unreacted hardeners and other impurities. Impurities,
such as calcium, sodium or potassium salts arise from inclusions in fillers or as
contaminants on the surface of reinforcing fibers. The sodium and potassium content
of glass fibers has been steadily reduced over recent years because they were widely
acknowledged as responsible for the water sensitivity of glass fiber composites in
aqueous environments.

Table 9.1 gives typical values of the diffusion constant for a series of thermosetting
matrices where the effect of polarity of the resin on the equilibrium on moisture
concentration is illustrated. Epoxy resins are the network product of the reaction of
a multifunctional epoxide monomer with a hardener. One of the important aspects
of composite materials which needs to be recognized is that the material is synthesized
at the same time that the component is manufactured. The precise chemistry of the final
network can be uncertain but is a function of the chemical structures of the epoxide and
hardener and/or catalyst, which determine the mechanism of cure. In this way, the
cured resins can have differing polarities.

For example, an anhydride hardener (with tertiary amine accelerator) will produce a
“polyester”-type structure with low polarity, whereas, an amine hardener will form a
b-hydroxyl amine network with high polarity. Hydrogen bonding of water molecules
at these sites enhances the concentration of moisture which can be absorbed. However,
with catalytic curing agents, polyether structures of relatively low polarity will form.
Since it is quite common to use mixed curing agents for composite matrices, the cured
network will have a complex structure where its polarity is strongly dependent on the

The response of aerospace composites to temperature and humidity 259



degree of incorporation of the individual components and the chemical mechanisms
employed. In Table 9.1, it is clearly shown how the choice of resin and curing mech-
anism strongly influences the moisture sensitivity.

9.2.1 Epoxy resins

Fig. 9.5 shows an example of the cured structure of a thermoset resin using two
different epoxide monomers with two different amine hardeners. The epoxies are
triglycidyl p-aminophenol (TGAP) and tetraglycidyl 4,4-diaminodiphenylmethane
(TGDDM), which are tri- and tetra-functional, respectively (n ¼ 3 and n ¼ 4, respec-
tively); and the two hardeners are 4,4-diamino-diphenylsulfone (DDS) and dicyandia-
mide (DICY).

9.2.2 Advanced matrix resins

As shown in Table 9.2, thermoplastic matrices, such as polyethersulphone (PES) and
polyetheretherketone (PEEK) absorb much less moisture than the advanced epoxies.
PEEK is an example of a partially crystalline linear polymer with very low moisture
absorption. Thermoplastics that are relatively nonpolar and absorb low concentrations
of moisture are also used as “flow-control” additives and/or toughening agents in
advanced epoxy resins and help provide a reduction in moisture sensitivity.

Table 9.1 Typical moisture diffusion coefficients and maximum moisture concentrations of
aerospace epoxy matrix resins [8,10].

Resin MN/ wt % D/10L7 mm2/s
Relative
humidity/% T/�C

Epoxy: General purpose
(DGEBA)

6.9 2.8 96 50

Epoxy: Dow DEN 431
(epoxy novolak)

0.48 5.99 11 50

Epoxy aerospace: Narmco
5245

1.96 11.0 96 45

1.38 14.7 75 45

0.8 19.4 46 45

0.54 17.2 31 45

Epoxyecyanate ester:
Primaset PT30/DEN 431

2.96 3.62 96 50

2.19 4.85 75 50

1.44 6.34 46 50

1.04 6.12 31 50

0.70 5.46 16.5 50

0.48 5.99 11 50
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In recent times, commodity thermoplastics have become significant contenders as
matrices for glass fiber composites where environmental resistance is sought; for
example, polypropylene is now available in a prepreg form for fusion bonding. Since
it has low polarity and is also partially crystalline, moisture absorption is very low.

9.3 Mechanism of moisture retention in aerospace
epoxies

9.3.1 Chemical aspects

The epoxy amine cure mechanism begins with an energetically favorable ring opening
of the unstable epoxide group by a primary amine, resulting in the formation of a
hydroxyl group and secondary amine. This is followed by the less favorable reaction
of an epoxide group with a secondary amine or the even less favorable reaction of an
epoxide group with a hydroxyl group (etherification).

If each monomer reacted only twice (n ¼ 2), a simple linear polymer is created, but
this is clearly not the case in thermosetting resin systems. In theory, each TGAP mono-
mer can react three times through its epoxide groups and further three times through
the resultant hydroxyl groups, bringing its maximum theoretical functionality to six
(n ¼ 6). However, in practice, this is highly unlikely to occur partly due to the ether-
ification reaction being energetically less favorable and partly due to the dramatic
decrease in mobility each monomer experiences as the number of times it has reacted
increases. When a monomer is unreacted, it is free to migrate through the monomere
polymerenetwork system. After it has reacted once, its translational freedom has been
removed, and each subsequent reaction reduces its mobility further until it is firmly
locked into the 3D network. At this point, its ability to react with other species present
in the network is significantly hindered.
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Figure 9.5 Typical chemical structure of a cured epoxy resin showing the use of two epoxies
and two hardeners. R represents a connection to the 3D network.
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Epoxy resins used in composite manufacturing are intentionally prepared with an
excess of epoxy compared to hardener. This is done to ensure that the hardener is
completely reacted during cure and is not allowed to remain in the network and cause
plasticization. A mixture with an epoxyehardener ratio of 1:1 would not be able to
fully cure due to the mobility arguments given in this chapter. The epoxy excess means
that there will be a significant number of unreacted and relatively polar functional
groups present in the cured 3D network.

Each time a monomer reacts more than twice (n > 2), it is considered to have chem-
ically cross-linked, creating a permanent covalent link between adjacent polymer
chains. Multifunctional epoxy resins, such as TGAP and TGDDM form networks
with diamines, such as DDS and DICY, with a significant number of cross-links
present. Extensive cross-linking adds to the strength and stiffness of the cured resin
but produces a brittle material with little inherent toughness. This can be a problem
if the etherification reaction is able to occur to a significant level. A highly cross-
linked 3D network will contain enclosed areas where no further reactions are possible,
leading to the so-called free volume.

It is clear that the type and ratio of functional groups present in the network will
affect its polarity and degree of cross-linking [12e14] and hence its moisture absorp-
tion characteristics. While the original monomers are practically frozen in place as a
fused network, diluents introduced into the system are capable of diffusing deep
into the network. In the case of water, the additional molecules either merge to form
discrete micro-phases located in the free volume or hydrogen-bonded to polar
functional groups on the polymer chain. The ratio of water present in the free volume

Table 9.2 Moisture content of carbon fiber composites from thermosetting and thermoplastic
matrices; also shown is the benefit of modifying epoxy resin with thermoset and thermoplastic
modifiers to reduce MN.

Resin Type Modifier MN/ wt %
Relative
humidity/% T/ �C

Fibredux 924Ea Epoxy
thermoset

None 2.44 96 50

924C Epoxy PES 1.72 96 50

927C Epoxy Cyanate
ester/PI

0.98 96 50

Narmco rigidite
5255C

Epoxy BMI 0.82 96 50

APC 2 PEEK
thermoplastic

None 0.02 50 23
(350 h)

APC 2 PEEK None 0.23 100
(immersion)

100
(360 h)

PMR 15 BMI thermoset None 0.32 96 50

BMI, bismaleimide; PES, polyethersulfone; PI, polyimide.
aCalculated from data on cast resins (6.95%).
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to hydrogen-bonded water, can be estimated using near-infrared spectroscopy (NIR),
such as described by Mijovic and Zhang [15]. While free and hydrogen-bonded water
have different characteristic peaks, as shown in Fig. 9.6, it is difficult to obtain a
precise ratio.

The absorbed water has a distinct and often undesirable effect on the thermo-
mechanical properties of the resin. Discrete pockets of water will plasticize the
network by dissipating thermo-mechanical energy via the translational degrees of
freedom associated with unattached molecules. Correspondingly, individual water
molecules hydrogen-bond to appropriate sites, such as hydroxyl and amino groups
in particular. Here, while there is an increase in binding energy due to the hydrogen
bond, there is also increased energy dissipation because each individual water mole-
cule imparts extra degrees of freedom to the system. In the case of small diluents,
such as water, which have a high value of specific degrees of freedom, this energy
balance favors dissipation which accounts for the deleterious effect such molecules
have on thermo-mechanical properties. For larger diluents, such as unreacted mono-
mers and oligomers, the situation is less clear as these molecules will have a lower
value for the specific degrees of freedom.

Hydrogen bonding of water molecules to the cross-linked network in moisture-
affected epoxies is further complicated by the likelihood that the absorbed water can
hydrogen-bond more than once, as shown in Fig. 9.7. Several analyses of such systems
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Figure 9.6 NIR difference spectra for diglycidyl ether of bisphenol-A (DGEBA)e
diethylenetriamine (DETA) with absorbed moisture levels varying between 0.46% and 2.69%.
The inset shows a deconvoluted analysis with peaks at 7085, 6834 and 6541/cm, which
correspond to free water and singly and doubly hydrogen-bonded water, respectively [15].
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suggest that the proportion of absorbed moisture that is doubly hydrogen-bonded to the
network may be as high as 20% [15]. Whether the doubly bonded water preferentially
acts as a donor and acceptor or as a donor twice is unclear, as is whether it is doubly
bonded to a single polymer chain or between two adjacent chains (creating a further
weaker cross-link). There appears to be no evidence to suggest that water is capable
of hydrogen bonding more than twice per molecule in such systems.

9.3.2 Predictive modeling

There are a number of models which can be used to predict the effect that absorbed
diluents, in particular, water, have on a cured polymeric resin. One of the most power-
ful of these is Group Interaction Modeling (GIM), a continuum-type model with a set
of versatile input parameters based on the number and type of chemical functional
groups present in the network. This allows the complex chemistry of amine-cured
epoxy resins to be catered for while retaining the speed afforded by using a set of
linked constitutive equations of state for property prediction.

GIM is particularly suitable for predicting the change in polymer properties
observed upon introduction of a diluent into a thermosetting resin. First, the model
deals with chemical cross-linking by reducing the degrees of freedom assigned to
each mer unit with a cross-linked site. Secondly, the addition of diluents is accounted
for by modifying the input parameters of the system according to the amount and type
of extra molecules present. For example, water which is free to migrate through the
network has a significantly higher number of translational degrees of freedom than
a monomer which has reacted two or more times and is locked into the 3D network.
Additionally, hydrogen bonding is accounted for by increasing the binding energy
of the system for each hydrogen bond. In this way, multiple hydrogen bonding can
be catered for in the property prediction routines.

The fundamental equation of state central to GIM is a modified LennardeJones
potential function which describes the interaction energy between adjacent polymers,
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Figure 9.7 Variation in hydrogen bonding between absorbed water and polymer backbone.
(a) Singly bound water as acceptor; (b) singly bound water as donor; (c) doubly bound water as
donor and acceptor; (d) doubly bound water as donor twice. Hydroxyl groups are shown from
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E. This function has powers of six and three instead of the normal 12 and six because
volume, V, is proportional to the square of the interchain separation distance, r. In a poly-
mer, the chain length is significantly larger than r and is therefore assumed to be
invariant. Ecoh refers to the zero point cohesive energy, and V0 is the zero point volume

E ¼ Ecoh

"�
V0

V

�6

� 2

�
V0

V

�3
#

(9.6)

The potential function shown in Eq. (9.6) is used as the basis for the prediction of a
series of thermo-mechanical properties for the polymer as a function of temperature,
strain, strain rate, and pressure. Similarly, an equation for the prediction of the glass
transition temperature of the polymer is derived by assuming the change from glassy
to rubbery properties is centered on the temperature Tg, at which the attractive force
between adjacent polymers is zero. At this point, large-scale motion becomes possible,
resulting in a significant dissipation of stored energy which is lost as heat. Eq. (9.7)
uses GIM principles to predict Tg using a remarkably limited set of inputs, including
degrees of freedom, N and the Debye temperature, q1.

Tg¼ 0:224q1 þ 0:0513Ecoh

N
(9.7)

Eq. (9.7) predicts Tg via a baseline stiffness (the Debye temperature, often 550 K for
phenylene-containing polymers) and a balance between attractive, binding energy
(Ecoh) and repulsive, thermal energy (the latter being governed by the degrees of
freedom, N). A simplistic approach to achieving a higher Tg would be to increase
Ecoh without increasing N too much. Clearly, this is easier said than done, and it is
worth repeating that thermoset resins with high Tg are also liable to be brittle.
Correspondingly, an easy way of reducing Tg is to increase N without a significant
simultaneous increase in Ecoh. This is the exact situation which occurs when small
molecules infiltrate a thermoset network. Water, in particular, adds significantly to
the degrees of freedom of the system (translational freedom) but only makes a modest
increase in the cohesive energy (hydrogen bonding). Overall, the Tg is reduced as
much as 20�C for each 1% absorbed water present in the system.

By assigning values of Ecoh and N for the epoxy, hardener, and water, the effect of
adding increasing amounts of water to a cured epoxy can be modelled using GIM via
Eq. (9.7). A typical set of parameters are given in Table 9.3 for TGAP cured with DDS.

Along with the composition of the cured resin (the epoxyehardener ratio) and
corrections to N (for cross-linking or translational freedom) and Ecoh (for hydrogen
bonding), the GIM prediction of Tg for dry TGAPeDDS is approximately 298�C.
Each 1% of water added to the system reduces the predicted Tg in line with experi-
mental values. The model predictions and experimental values can be seen in
Fig. 9.8, where there is good agreement between the two sets of data. Experimental
values are measured by dynamic mechanical thermal analysis (DMTA) and are
presented as broad ranges as there is often significant scatter in the Tg of moisture-
affected samples.
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The clear change from a Tg with one peak in the DMTA plot to two on the absorp-
tion of water is common to many epoxy resins, including DGEBA, TGAP, and
TGDDM which represent functionalities of n ¼ 2, 3 and 4. While the exact origin
of this splitting of the Tg peak is still yet to be understood, the possibility that it is a
result of absorbed water being singly and doubly hydrogen-bonded to the polymer
network can be explored using GIM. The two solid lines in Fig. 9.8 are predictions
of the change in Tg due to increasing moisture using one and two hydrogen bonds
per water molecule. Ecoh is increased, and N decreased to account for the extra
hydrogen bond. The agreement with experimental values between the two sets of
model parameters over a range of moisture contents adds weight to the argument
that the peak splitting is caused by hydrogen bonding to differing levels.

Table 9.3 GIM parameters for TGAP cured with DDS.

Functional group N Ecoh (J/mol)

CH2 2 4500

Phenylene 3 25,000

N 2 9000

CH(OH) 2 20,800

SO2 2 45,000

O 2 6300
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Figure 9.8 Schematic diagram showing the effect of absorbed moisture content on the glass
transition temperature(s) in TGAP-DDS resin. The two broad ranges in experimental mea-
surements illustrate the development of a secondary Tg peak. The GIM calculations using the
parameters for singly (upper) and doubly (lower) hydrogen-bonded water predict this effect well.
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9.4 Anomalous effects

9.4.1 Role of impurities and unreacted resin components

Cured resins behave as semi-impermeable membranes allowing water to diffuse but
acting as a barrier to larger molecules so that osmosis can occur. Therefore, if the resin
contains water-soluble impurities, thermodynamics will drive the water into the resin.
Osmotic pressure (p) is a colligative property and is directly proportional to the molal
concentration of the impurity. As shown in Eq. (9.8):

p ¼ RT c (9.8)

where c is the molal (mol/kg) concentration of solubilized inclusions, T is the
temperature, and R is the gas constant.

Since the moisture can plasticize and soften the resin, the pressure which develops
at the inclusion will cause a blister to form. In the case of glass fiberereinforced
materials, this has been referred to as “boat pox.” This is especially prevalent in fresh-
water areas as opposed to sea environments because c in Eq. (9.8) will be the differ-
ence between the concentrations of impurities in the “resin” and the environment. In
unsaturated polyester resins, the impurities leading to osmosis are likely to be residual
acids and anhydrides or glycols from the synthesis of the unsaturated polyester. In the
case of glass fiber composites, some aqueous-based sizings can also cause osmosis at
the interface. Therefore, the selection of fiber “finish” is very important in the
manufacture of a composite destined for use in aqueous (e.g., chemical plant or
marine) environments. With advanced composite materials, osmosis is less of a prob-
lem but can occur. Dicyandiamide (DICY) is commonly used as a “latent” curing agent
for epoxy resins. With a melting point of 160�C, solid DICY can be dispersed into the
resin. Curing will only begin when the DICY melts. Accelerators are available which
reduce the cure temperature. However, to achieve a satisfactory cure, without the
formation of encapsulated DICY particles, it is essential to disperse them finely
throughout the prepreg material; this is often referred to as micronization. If this is
not done efficiently, enhanced moisture absorption can be observed. In some cases,
this can lead to blistering. Furthermore, the hydrolysis products can provide an alkaline
environment which can degrade glass fibers [7,8].

Chen and Birley [16,17] demonstrated that the residual stress state could contribute
to the absorption of water, providing a thermodynamic mechanism akin to osmosis.
Blisters were shown to occur at the interface between the gel-coat and structural resins,
and they were attributed to localized residual stresses. To avoid blister formation on
immersion in water or other aqueous environments, the presence of impurities, which
can act as osmotic centers, needs to be minimized, and the properties of any gel-coat or
surface finish should be matched to those of the structural resins.
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9.5 Thermal spiking

Moisture absorption is also affected by brief excursions to elevated temperatures,
which can lead to an enhancement of the concentration of absorbed moisture. This
is referred to as thermal spiking. Thermal spikes as short as a minute can cause a
significant increase in moisture content. A typical moisture absorption curve measured
during the presence of a series of thermal spikes is given in Fig. 9.9. Above a
maximum spike in temperature (Fig. 9.10), the moisture content falls [9]. This suggests
that the matrix is responsible, and this is confirmed in Fig. 9.11, where it can be seen
that the “thermal spiking” phenomenon is associated with the matrix and is not a
consequence of combining the reinforcement with the resin.

9.6 Thermo-mechanical response of resins

Water molecules plasticize polar polymers, such as epoxy and other advanced resins
used as matrices for fiber composites so that absorption of moisture can cause the glass
transition temperature Tg, to be reduced significantly. This effect is illustrated in
Fig. 9.12 [4] and therefore has an impact on the maximum service temperature avail-
able to a specific composite system. A rule of thumb for epoxy resins is that Tg is
reduced on average by 20 K for each 1% of moisture absorbed [18]. Thus, a resin
with 7% absorbed moisture at saturation can have its glass transition temperature
reduced by 140 K.
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Figure 9.9 Illustration of the effect of thermal spiking to 140�C on the moisture absorption of a
Fibredux 924C unidirectional laminate in 96% RH at 50�C. The individual points represent the
actual moisture content immediately before and after a thermal spike. The continuous line is for
the isothermal control under identical humid conditions [7].
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A typical cured aerospace epoxy resin is highly cross-linked and may contain a
dispersed non-polar thermoplastic or rubber which reduces the equilibrium moisture
content and limits the reduction in Tg. As shown in Table 9.2, more advanced systems,
such as an epoxyecyanate ester blend, absorb lower concentrations of water at equi-
librium. However, the water is not uniformly distributed so that the epoxy phase is still
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Figure 9.11 Moisture enhancement of matrix resins: Unmodified epoxy Fibredux 924E ( );
thermoplastic modified epoxy Fibredux 924T ( ); Fibredux 924T within a composite (estimated)
( ); carbon fiber Fibredux 924C composite ( ) [7].
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Figure 9.10 Moisture enhancement after thermal spiking of carbon fiber laminates conditioned
at 50�C and 96% RH with 22 thermal spikes. Narmco Rigidite ( ); Fibredux 927D ( ); Fibredux
924C ( ) [7].
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plasticized to the same extent. Fig. 9.12 shows that the different component epoxies
and/or hardeners are plasticized differentially with the development of additional
relaxation peaks. We discussed the different degrees of water molecule hydrogen
bonding as a function of network polarity in this chapter.

The maximum service temperature will also be affected since the resin modulus will
tend to drop at the lowest relaxation temperature. Some modified systems also exhibit a
larger reduction in Tg because of modifier hydrolysis, especially during thermal excur-
sions. Therefore, an additional safety margin should be added to the highest service
temperature. Since the Tg of a thermoset is a direct function of the cure or post-cure
temperature, a resin cured at 150�C may have a long-term maximum useful tempera-
ture of only 100�C. This represents the design service temperature of the structure,
although moisture equilibrium will be reached after several years.

The shear modulus of rubber is inversely proportional to the average network chain
length according to the Gaussian theory of rubber elasticity [19]. Therefore, the exam-
ination of the storage modulus ðE0

RÞ above the Tg provides the evidence for network
hydrolytic resistance. Fig. 9.13 shows that the storage modulus ðE0

RÞ of a thermally
cured cyanate ester AroCy L10 falls as a result of thermal spiking at temperatures
above 50�C in humid environments. The rubbery modulus is not affected by simple
plasticization. Therefore, this resin is clearly susceptible to hydrolysis. The choice
of hardener is critical, as shown in Fig. 9.13, where the thermally co-cured epoxye
cyanate ester is shown to be hydrolytically stable [9,20].
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Figure 9.12 DMTA tan d spectra of a cured, untoughened Fibredux 924 base epoxy resin
showing the reduction of Tg with water absorption and the development of secondary peaks
(Tg2, Tg3) on moisture absorption: (a) isothermally and (b) dynamically in the presence of
thermal excursions to 100, 140 and 200�C [4].
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9.7 Effect of moisture on composite performance

9.7.1 Thermal stresses

Aerospace laminates are made from plies of embedded continuous fibers at different
orientations. This is because of the anisotropy of the individual plies. That is, the
thermal and mechanical properties are strongly dependent on the orientation of the
fibers to the applied load. For example, the expansion coefficient parallel to the fibers
(al) is significantly less than the expansion coefficient transversely to the fibers (at)
while the modulus of a longitudinal ply (El) is significantly higher than the modulus
of a transverse ply (Et). Therefore, the matrix shrinkage at 90 degrees to the fibers,
on cooling, is constrained so that a tensile thermal stress will develop in the plies trans-
versely to the fibers while compressive stresses will be in the longitudinal or fiber
direction. The stress-free temperature (T1) is also an important parameter which deter-
mines the magnitude of the residual thermal stress. It is a function of the matrix glass
transition temperature, and/or the cure or postcure temperature.

The tensile thermal strain in the longitudinal (l) direction of the transverse (t) ply
(εthtl ) of a 0/90/0 laminate at temperature T2 is given by Eq. (9.9):

ε
th
tl ¼

Elbðat � alÞðT1 � T2Þ
Elbþ Etd

(9.9)
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Figure 9.13 The rubber storage modulus of two cyanate ester resins as a function of moisture
absorption with thermal spiking temperature illustrating the hydrolytic instability of the thermally
cured AroCy L10 ( ) compared to the stability of an epoxy-cured AroCy L10 ( ) [7,19].
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where b and d are the thicknesses of the 0� ply and semi-90� plies.
In a 0�/90 degrees/0� laminate, Eq. (9.9) applies to the inner ply, but the thermal

strain in the transverse direction of outer 0� plies will be slightly different and given
by Eq. (9.10). The tensile thermal strain in the transverse (t) direction of the longitu-
dinal (l) ply (εthlt ) is given by

ε
th
lt ¼

Eldðat � alÞðT1 � T2Þ
Etbþ Eld

(9.10)

The first failure of a composite, such as a simple 0�/90� /0� laminate usually occurs
by transverse or matrix cracking of the 90� or transverse ply. Since the residual thermal
stress in this direction is tensile, the first-ply failure will occur at a lower applied strain
[21].

To balance the tensile thermal stresses, the plies will go into compression in the
longitudinal direction. Thus, the thermal strain in the longitudinal (l) direction of the
longitudinal (l) plies (εthll ) is given by

ε
th
ll ¼ �Et

El
ε
th
tl (9.11)

Therefore, the 0� plies will fail at a slightly higher strain because of the induction of
compressive stress into the fibers.

Furthermore, the thermal strain in the transverse (t) direction in the transverse (t) ply
(εthtt ) is given by Eq. (9.12):

ε
th
tt ¼ �Et

El
ε
th
lt (9.12)

Under multidirectional stresses, such as an impact load, the fibers in the transverse
plies will fail at a higher resolved strain.

9.7.2 Thermal cracking

The failure strain of a unidirectional fiber composite in the transverse direction is nor-
mally low because the matrix resins have relatively low failure strains while the large
difference between the moduli of the components magnifies the strain in the matrix un-
der stress. Thus, in an angle ply laminate, the first failure event occurs in the transverse
ply or plies. Reloading of the transverse ply via shear stress transfer at the ply inter-
faces leads to multiple cracking before the fibers reach their failure strain. Since the
thermal strain in these plies is tensile, the first-ply cracking of the laminate is less
than that of an isolated 90 degrees ply.
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Eq. (9.13) describes this observation:

εtlu¼ εtu � ε
th
tl (9.13)

Transverse multiple cracking will be initiated on cooling after cure when ε
th
tl

exceeds the ply failure strain (εtu). This can occur when either the stress-free temper-
ature (usually, the glass transition temperature of the matrix) and/or the matrix expan-
sion coefficient are high in magnitude. Thermal cracking can occur for similar reasons
when the properties of the matrix change as a result of a thermal excursion.

Thermal fatigue is the phenomenon whereby the material exhibits damage resulting
from multiple excursions to different thermal environments. The stresses will also be
multidirectional, and in a composite laminate, the tensile stresses at 90 degrees to the
fibers in all plies will vary during the heating cycles. Provided that there is no change in
the expansion coefficients of the two plies, the material will be stable and transverse
cracks will not form. However, if at is sensitive to temperature, there is a potential
for thermal cracking at 90� to the fibers in all plies. Generally, thermal cycling of
dry composite materials to temperatures lower than the cure temperature does not
normally lead to thermal cracking during the cooling cycle.

9.7.3 Effect of moisture absorption

The resin matrix in a composite absorbs water in service. As discussed in this chapter,
this process is kinetically slow, so the concentration of water in the resin will vary with
time and location. Thermal cycling will tend to move the water into the structure.
Furthermore, the absorption of the water causes the polymer to expand; however, in
a composite, the swelling is constrained in an analogous way to that described for
thermal contraction. Thus, the process of conditioning in moist environments leads
to a reduction in the magnitude of the thermal strain present in the laminate.

The degree of swelling can be described quantitatively in analogous equations. For
example, the swelling strain in the transverse ply in the longitudinal direction (εstl) is
given by

ε
s
tl ¼

Elbðbt � blÞðM1 �M2Þ
Elbþ Etd

(9.14)

where M1 and M2 are the initial and final moisture concentrations, respectively.
As a result, the thermal strain in a laminate (composite) will relax (i.e., reduced) on

moisture diffusion. The extent of moisture swelling by resins used for composites can
vary significantly, so the effect on the residual stress state differs widely. However,
the major problem is not the benefits associated with thermal stress relaxation, but the
fact that the plasticization of the matrix may enhance its expansion coefficient. There-
fore, on cooling, a wet resin matrix either from its cure temperature or after a thermal
cycle can, according to Eq. (9.9), lead to higher values of εthlt and ε

th
lt . Fig. 9.14 shows

how the transverse thermal strain in the 90 degrees ply reduced on isothermal moisture
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absorption and restrained matrix swelling but in the presence of a thermal excursion the
combination of cooling from the elevated temperature and higher matrix expansion
coefficient results in a much lower effect of moisture absorption. For some matrices,
thermal spiking can enhance the residual thermal strain and cause thermal cracking [22].

The higher degree of contraction of a wet cross-linked polymer (which will be
constrained) tends to arise from the appearance of a secondary relaxation peak or peaks
in the expansion coefficient temperature profile. The thermal response will mirror any
changes which occur in the DMTA spectrum. This may have its origin in the number
of different types of polar groups present in the cured polymer matrix and their mech-
anism of interaction with water. Moisture absorption will decrease Tg and hence T1, but
since this is not usually exceeded in a thermal excursion, its influence on the thermal
strain is limited. That means that during a thermal excursion, even to temperatures
below the glass transition temperature or postcure temperature of the material, the
higher constrained contraction on subsequent cooling may induce a higher residual
thermal strain.

In Fig. 9.15 [23,24], the additional contraction, which manifests itself as an increase
in residual thermal strain on cooling, is represented by the difference between the areas
under the two curves. In the next cycle, moisture absorption may lead to further
swelling of the material and a reduction in the thermal strain. However, after a
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Figure 9.14 Effect of moisture absorption at 50�C and 96% RH on the thermal strain in a
balanced 0�/90 degrees/0� 927C laminate estimated from the curvature of an unbalanced 0�/90
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subsequent thermal cycle, the thermal strain will be again enhanced. If the thermal
stresses which are induced into the material exceed the transverse cracking strain of
the individual ply, then thermal cracks will form. Because of the 3D nature of the ther-
mal stresses, thermal cracking occurs in every ply. As shown in Fig. 9.16, thermal
cracking of the plies will occur differentially because the moisture absorption will
not be uniformly distributed throughout the material. In Fig. 9.16, the thermal cracking
occurred more rapidly in the outer ply [25]. Matrix cracking during thermal cycling of
PMR 15 composites is complicated by the release of volatiles during cure, which
become occluded in the matrix. This causes the thermal expansion coefficients of
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Figure 9.15 Temperature dependence of the transverse thermal expansion coefficients of a
bismaleimide modified epoxy resinebased carbon fiber composite (Narmco Rigidite 5245C):
dry (continuous curve) and wet (dashed curve). The hatching illustrates the differing constrained
shrinkages (and hence, thermal strain) for wet and dry laminates [23,24].
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the plies and the stress-free temperature to vary during thermal cycling because these
volatiles slowly desorb over a number of thermal cycles. As a result, the composites
exhibit thermal cracking (or thermal fatigue) on cooling from each thermal excursion
[26].

9.8 Fiber-dominated properties

Fiber choice is complex where cost often outweighs performance. For industrial
composites, E glass therefore dominates. In aerospace, where cost can be spread
over a longer life, often with savings in maintenance and service, carbon and other
high-performance fibers are selected. For example, the high-modulus carbon fibers
provide the highest dimensional stability of satellite dishes, where performance is
critical.

9.8.1 Carbon fibers

Carbon fibers are commonly used in aerospace structures. There are various grades of
carbon fiber ranging in modulus between 220 and 490 GPa for those prepared from
polyacrylonitrile precursors. The in-plane theoretical modulus of graphite is
1000 GPa so that the perfection of the orientation of the graphite crystals to the fiber
axis is responsible for the lower practical values. As a result, the stressestrain curve of
an individual filament of high-strength carbon fiber (Ef z 220e240 GPa) will show
increasing modulus with strain. From a strength perspective, there are no reports of
static fatigue.

For pitch precursors, the refinement and spinning processes lead to larger crystals
with better alignment to the fiber axis and hence a higher modulus.

With respect to the effect of environments, carbon fibers can be largely considered
to be inert since they are stable to higher temperatures than the resin matrices can
withstand. At temperatures above 300�C, the fibers begin to degrade in oxidizing
atmospheres, but most polymers have a lower maximum service temperature. The
advanced polyimides and PMR (polymerization of monomer reactants) systems can
survive temperatures up to z450�C, but these are usually in short-term applications
[27]. It is also unlikely that composites will be in contact with damaging solvents,
such as concentrated oxidizing acids, such as sulfuric and/or nitric acids.

The fibers are not resistant to the temperatures encountered in metal and ceramic
matrix composite melt processing, and protective coatings or low-temperature
manufacturing routes are needed.

9.8.2 Advanced polymer fibers

Aerospace composite structures can also employ high-performance polymeric fibers,
such as the aramids: Kevlar (DuPont) or Twaron (Teijin Twaron), poly(p-
phenylene-2,6-benzobisoxazole) (PBO) (Toyobo) and high-modulus polyethylene
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(PE) (Dynema, Certran, and Spectra). Generally, ultra-high-molecular-weight PE
(UHMWPE) can be considered to be inert to most environments except that the service
temperature is limited to <130�C.

Aramid fibers are aromatic polyamides. Therefore, the presence of the polar and
hydrolysable amide group introduces the potential for moisture absorption up to
5%. As a result, these fibers exhibit time-dependent loss of strength or static fatigue
in aqueous environments [28,29]. The fibers are spun from sulfuric acid solution so
that residuals might be responsible. These fibers are also highly susceptible to hydro-
lysis in alkaline environments. As with other polymers, aramid fibers are susceptible to
oxidation, especially in the presence of ultraviolet (UV) light. Fortunately, the
degradation products help to protect the fibers since they act as a UV screen. However,
protective coatings should be used for ropes and cables. Furthermore, the matrix for
composites needs to prevent moisture from reaching the fibers and to screen out UV
rays. Van Dingenen [30] has examined strength retention under these demanding
environments. For composite applications, the sizing of aramid fibers has to provide
chemical coupling between the fiber and the matrix for interfacial integrity as well
as limiting moisture ingress.

PBO fibers may also be thermally sensitive, which has been attributed to acidic
contaminants from the spinning solvent [31].

9.8.3 Glass fibers

The strength of a glass or other brittle material is determined by the presence of Griffith
flaws [32]. By drawing glass into fibers, the population of flaws of critical dimension is
reduced. Therefore, there will be a statistical distribution of strengths, which is
commonly described using the Weibull model. However, Bartenev [33] and Metcalfe
and Schmitz [34] have shown that fibers have three populations of flaws of different
dimensions which are considered responsible for the length dependence of strength.
Thus, commercial E-glass fibers typically have an average strength of 3 GPa with
wide distribution as indicated by a Weibull modulus ofw4. Protective coatings (called
sizes) are essential for protection from damage during processing. The site also
contains adhesion promoters which ensure durable interfaces. This is discussed in
detail elsewhere [3,35].
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Figure 9.17 The mechanism of hydrolytic degradation of the silica network in E glass and
related fibers, showing the catalytic role of Naþ and OH� ions.
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Glass fibers exhibit time-dependent fracture under a static load, which is referred to
as static fatigue [36]. Since there is no time dependence of strength in a vacuum, it is
considered that water is involved in the reduction in strength. Thus, a stress corrosion
mechanism in “condensed” water is inferred. The chemical reactions associated with
this process are given in Fig. 9.17.

Thus, the sodium ions present in the E glass act as a catalyst for the degradation of
the silica network, which is propagated by hydroxyl ions. The static fatigue of glass
fibers involves three stages which operate at differing applied loads, according to
the Charles mechanism [37].

Stage I is a stress-dominated region at high stresses where crack propagation is fast
compared to the rate of reaction with water (i.e., fiber corrosion at the crack or flaw tip).
The rate of diffusion of sodium ions to the surface is rate determining, and the fracture
is dominated by the mechanical loading.

Stage II is the stress corrosion region where the rate of corrosion is similar to the
rate of crack propagation. Therefore, the crack remains sharp and propagates into
the weakened glass.

Stage III is the stress-assisted corrosion region where the effect of stress on the
failure time is much less significant because the rate of hydrolysis of the silica network
is higher than the rate of crack growth. The corrosive effect leads to a rounding of the
crack tip. This reduces the potential for crack propagation according to the Irwin
equation:

smax ¼ 2sa

�
x

r

�1
2

(9.15)

where sa is the applied stress and smax is the stress at a crack tip of depth, x, and
radius, r.

A typical bundle of E-glass fibers can have a typical lifetime of 106e107 min at an
applied strain of z0.5%. This provides a lifetime of 2e20 years. Therefore, provided
the fibers are protected from both mechanical damage and moisture diffusion, a
composite could be expected to have a minimum lifetime, at 0.5% strain in the fibers,
of approximately 20 years. From Eq. (9.1), one-sided exposure to water would extend
the life of a 10 mm thick composite to z 120 years and two-sided diffusion
z30 years. Loss of interfacial integrity will lead to more rapid diffusion of the envi-
ronment and will accelerate the degradation.

9.8.3.1 Thermal effects

The strength of E-glass composites is strongly affected by excursions to temperatures
above 300�C. Feih et al. [38,39] have studied these effects in the context of durability
on exposure to fire. Fig. 9.18 shows how the strength is retained up to approximately
300�C while at 350�C a strong temperature dependence has been observed.

The most likely mechanism involves the reversible hydrolysis of the silica network,
which is shown in Figs. 9.19. Below w 300�C, surface silanol groups will tend to
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condense to form siloxane bonds, whereas, above this temperature, hydrolysis domi-
nates [35,38].

The change from strength stability below 300�C can be attributed to the thermody-
namics of the above reaction. As with any chemical reaction, the rate of hydrolysis is a
function of the presence of catalysts. Since the alkali metal glass modifiers (sodiume
potassium) catalyze hydrolysis, alkali metal-free glasses are expected to show more
resistance to high temperatures.

Recently, Owens Corning has replaced its E-glass fibers with boron-free formula-
tions (Advantex). These fibers have similar mechanical properties to E glass but are
believed to exhibit similar durability to ECR glass fibers which were developed for
corrosion-resistant applications.

9.8.3.2 Environmental stress corrosion cracking (ESCC) of
glass fibers

E-glass fibers have a reduced lifetime under load in the presence of moisture, but this is
even more severe in a corrosive environment [40e42]. The rate of strength degrada-
tion in non-loaded E-glass fibers is maximized at a pH close to zero (i.e., in dilute
aqueous mineral acids). Only in highly alkaline environments (pH z 13) is a similar
reduction in strength observed. Under load, ESCC of E-glass filaments also has a
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Figure 9.18 The effect of time at temperature on E-glass fiber bundle strength [35,38].

Si Si Si SiOOH HO H2O++

Figure 9.19 Mechanism of reversible hydrolysis of silica network in E glass and related fibers.
Below 300�C, the reaction moves to the right; but at z 350�C, hydrolytic degradation
dominates [35].
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maximum degradation rate in an environment of pH z 0.2 (0.5 M H2SO4) [41].
ESCC occurs in acidic environments because the network modifiers (Ca, Na, Al, K,
and Fe) are leached from E glass to leave the silica network largely intact. Therefore,
for the fiber to fracture, a crack needs to propagate through the weakened glass sheaf
which retains a covalently bonded structure.

In alkaline environments, hydrolysis of the silica network occurs sequentially with
pH, as shown in Fig. 9.20 [43].

Thermodynamically, step 1 with equilibrium constant (K1) occurs at a pH z 10,
and step 2 (K2) at pHz 12.5.

Therefore, at high pH, found with aqueous alkalis, a rapid hydrolysis of the silica
network occurs. Any cracks can be blunted through corrosive mechanisms or ion
precipitation. Therefore, weakening of the fibers is more important in alkaline environ-
ments, and brittle ESCC fractures are not normally observed (except when stress
concentrations occur as a result of a crystallization pressure at the boundary between
parts of the composite with a degraded and nondegraded interface) [44].

ECR and boron-free glass fibers have improved durability over E glass so that
ESCC of glass fiber composites is less likely when modern glasses are employed.
The design of glass fiber composites for resistance to stress corrosion cracking has
been discussed in detail elsewhere [7,8].

9.9 Non-aqueous environments

Organic solvents are used in paints, in paint strippers, and as degreasing agents, so the
resistance of organic polymer-based composites to these materials should be
discussed. Cross-linked thermoset resins or crystalline thermoplastics do not dissolve
in common organic solvents. However, the amorphous regions of the thermoplastics
and the cured thermosets used as composite matrices will swell after contact. The
solvent will tend to dissolve (i.e., diffuse) into the polymer in an analogous mechanism
to moisture diffusion but at a higher rate. The degree of swelling will be maximized in
contact fluids with a similar solubility parameter as the polymer matrix. The solubility
parameters of the matrix and the solvent can be estimated using simple additive prin-
ciples [45]. The concept of solubility parameters is simply described by Eq. (9.16):

dsolvent ¼ dpolymer (9.16)

where dsolvent and dpolymer are the solubility parameters.
The maximum plasticization of the matrix will occur under these conditions, which

will lead to a high potential to creep under off-axis loads. The residual stress state will
also be significantly modified, as discussed in this chapter.

H2O H2SiO3 HSiO3
– SiO3

2–SiO2

K1 K2 K3
2H+H+ +++

Figure 9.20 Hydrolysis and ionization of a silica network at differing pH [43].
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Schulte [46,47] has demonstrated how different organic solvents, such as hydraulic
fluid encountered in the aerospace structures, lead to a reduction in the secant modulus
of �45� glass fiber laminate under flexural fatigue and the number of cycles to failure.
The matrix, in this case, was a polyetherimide (PEI) which is plasticized by the ingress
of the fluid. A reduction in the matrix modulus means that the shear strength of the
matrix will also be reduced with the consequence that the failure mechanism in flexure
will change from matrix-fracture to delamination.

Matrix swelling also contributes to the loss of durability in the 0� composite where
plasticization causes buckling in the compressive face of the coupon [46,47]. This
occurs because, in compression, the plasticized matrix is unable to support the
reinforcement.

The reader should be reminded that PEI is an amorphous polymer and is much more
susceptible to solvents than partially crystalline polymers, such as PEEK, which are
used for structural composites.

Weatherhead [48] and Jones [7] provide a survey of the durability of resins to a
range of environments.

9.10 Composite unidirectional properties

From the discussion in this chapter, it can be seen that the degradation of the fibers will
lead to a reduction of the 0� strength of a ply or composite. However, in order to reach
the fibers, diffusion of the environment through the matrix is anticipated. As described
in this chapter, this can be a slow process unless the degradation of the interface has
occurred, which promotes the ingress of the environment. Assuming that interfacial
failure has not occurred, then the interaction of the environment with the matrix is
important. If chemical degradation occurs, it is probable that the matrix will be embrit-
tled and premature failure can occur, initiated by matrix cracking, or fiber breaks prop-
agating into the degraded resin. Environmental stress corrosion cracking of glass fiber
composites often arises from low-strain fiber breaks propagating into the matrix. Good
design often uses ductile barrier resins in combination with the structural resin.

9.10.1 Tensile strength

Foreman and Behzadi [49e52] modelled the effect of matrix ductility on the unidirec-
tional tensile strength of a carbon fiber composite. Fig. 9.21 shows how ductility of an
epoxy resin leads to higher 0� strength. Interestingly, the best prediction is achieved
when the viscoelasticity of the matrix is included in the model. Absorbed moisture
and other solvents will increase the ductility of the matrix. The absorption of water
or an organic solvent can be expected to plasticize the resin matrix. The reduction
of the Tg and/or generation of lower temperature relaxation peaks will tend to reduce
the yield strength of the matrix. As a result, ingress of small quantities of water or other
environments will provide stress redistribution mechanisms near a fiber break. The
tensile strength of the composite might increase. The complication arises from changes
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in the residual stress state, which will tend to negate the thermal compressive stress in
the fibers and reduce the strain to first fiber fracture.

Furthermore, the absorption of water by the interphasal polymer can reduce its yield
strength below the interfacial bond strength. Thus, the “apparent” interfacial shear
strength will be reduced, and a yield front, rather than a debond, will propagate along
with the fiber interface modifying the stress transfer micromechanics at a fiber break.
A consequence is that the stress concentrations in adjacent fibers to the fiber break will
be reduced, and the probability of the formation of a flaw of critical dimensions is also
reduced. The number of interacting fiber breaks associated with a flaw of critical
dimensions will increase.

9.10.2 Compressive strength

In compression, the mechanism of failure changes from fiber fracture to fiber buckling.
Here, the modulus of the matrix is a critical factor in supporting the fiber and by
prevention of kinking (of the fibers) in a shear band. Soutis [53] has discussed the
modeling of these types of failure using Eqs. (9.17) and (9.18):

s ¼
sy

"
1þ

�
sty

sy

�2

tan2 l

#1=2

fq þ f
(9.17)

where sy and sty are the in-plane shear and transverse yield stresses of the composite,
respectively. f0 is the assumed fiber misalignment angle in the kink band, f is the
additional fiber rotation in the kink band under a remote compressive stress s, and l is
the band orientation angle.
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Figure 9.21 Plot of the relationship between the predicted unidirectional (UD) carbon fiber
composite failure strain and composite length. The data are presented for a viscoelastic
TGAPeDDS matrix and a purely elastic matrix. The dotted line represents a typical
experimental failure strain for a UD carbon fiber composite [49].

282 Polymer Composites in the Aerospace Industry



sðgÞ ¼ sult

�
1� exp

�
� G12g

sult

��
(9.18)

where G12 is the elastic shear modulus, g is the shear strain, and sult is the shear
strength.

Fig. 9.22 shows how the compressive modulus of a TGAPeDDS epoxy resin is
reduced by moisture absorption. At the highest strain rate, the compressive modulus
fell from 4.4 to 3.6 GPa on the absorption of 7% water. It is also noticed that initial
moisture absorption is not so deleterious. This is because the unoccupied volume
(sometimes referred to as free volume ‘free volume’) will be filled first before plasti-
cization occurs.

The reduction in compressive modulus will have an effect on the compressive yield
strength, as shown in Fig. 9.23. The trend is different in that it is a continuous decrease.
This is most likely a result of the load state near the yield point when the water
molecules become mobilized. The compressive properties of unidirectional carbon
fiber composites have been studied by Soutis [53], where the reduction in shear yield
strength and compressive modulus causes fiber kinking to occur at lower stresses.
Table 9.4 shows the measured and predicted compressive strengths of 0� carbon fiber
(T800) Fiberdux 924 epoxy composites in the presence of absorbed moisture. This
shows that absorbed moisture and/or possible organic cleaning solvents cause the dete-
rioration of the compressive properties of composite materials.

The compressive properties of a composite under all loading conditions are strongly
affected by moisture absorption because of the reduction in shear properties of the
matrix polymer. The design of artifacts with polymer matrix composites needs to
reflect the limitations of these materials in compression, especially in service where
environmental conditioning is likely.
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Figure 9.22 The effect of water absorption on the compression modulus of TGAP epoxy resin
cured with DDS. The experiments were conducted at different three strain rates at 22�C [54].
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9.11 Conclusions

This chapter reviews the state of knowledge regarding moisture absorption by aero-
space composites in service. The discussion centers on the generic use of epoxy resins
as matrices for polymer matrix composites. Some reference to other matrices is also
made, but we have limited this in order for the main principles to be understood.
Moisture ingresses into these resins relatively slowly so that the effects on the mechan-
ical properties are complex. The moisture mainly influences the thermo-mechanical
properties of the matrix, and so we concentrate on how thermal strains, tensile, and
compressive properties of the composites are affected.

In order to achieve these objectives, we discussed the diffusion of moisture into
these materials using Fickian kinetics and recognized that for composites based on
glass or carbon fibers, the changes in matrix properties are critical. Using Group Inter-
action Modelling, the mechanisms responsible for these changes are confirmed. Of
relevance to this book is the point that for many aerospace epoxy resins, moisture
absorption can lead to additional relaxation peaks in their thermo-mechanical
response. As a result, the service temperature of polymer matrix composites will be
reduced. Thus, the compressive properties are strongly affected because the matrix
carries the shear stresses which develop. Fortunately, the diffusivity is such that suffi-
cient water is only absorbed over many years.

One means of reducing the time scale of moisture absorption is to subject the struc-
ture to rapid thermal excursions. Because the original structure of the cured epoxy
resin is in a nonequilibrium state, thermal spiking can lead to more rapid moisture
absorption. Relaxation of the matrix structure will occur as a result of these moisture
and thermal events. Other mechanisms which lead to enhanced moisture concentra-
tions are discussed in the context of matrix resin and fiber selection.
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Figure 9.23 The effect of water on the compressive yield strength of TGAP epoxy resin cured
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Table 9.4 Measured compressive strength properties of T800/924C unidirectional (0�) laminates at a range of temperatures at 95% relative
humidity [53].

Test
temperature
(�C)

Compressive
strength (MPa) Expt

Compressive strength
(MPa) prediction

Young’s
Modulusa

(GPa)

Shear
strength
(MPa)

Shear yield
stress (MPa)

Shear
modulusb

(GPa)

20-dry 1415 (1411) 160 110 40 6.0

20-wet 1060 (1040) d (89) (29.5) (5.4)

50-dry 1230 (1235) 155 105 35 5.8

50-wet 930 (917) d (78) (26) (5.4)

80-dry 1137 (1129) 149 98 32 5.4

80-wet 828 (829) d (69) (23) (4.9)

100-Dry 973 (953) 136 90 28 4.9

100-Wet 654 (653) d (54) (18.5) (4.5)

Moisture content, MN¼ 1.42%. Assumed initial fiber misalignment, f0 ¼ 1.75 degrees; kink band inclination angle, l ¼ 15 degrees; the value of f0 is not affected by the environmental test
conditions. ( ) estimates from Eqs. (9.17) and (9.18) and the measured unidirectional compressive or shear strength properties.
aSecant axial modulus measured at 0.25% axial strain.
bSecant shear modulus measured at 0.5% shear strain.
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The effect of moisture absorption on composite performance has been discussed in
terms of changes in thermal strain in cross-ply laminates and the introduction of trans-
verse cracks during thermal excursions. The nature of the failure of unidirectional plies
under tensile and compressive loads is also discussed in detail.

The conclusions of this chapter should be kept in mind when considering the failure
mechanisms described in other parts of this book when selecting the matrix resins and
reinforcing fibers for the design of durable composite structures.
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Fatigue of polymer composites 10
Ramesh Talreja
Department of Aerospace Engineering, Department of Materials Science and Engineering,
Texas A&M University, College Station, TX, United States

10.1 Introduction

The recent success of polymer composites in civil aviation is attributed not only to fuel
savings by lightweight properties of these materials but also to their high fatigue resis-
tance. The higher fatigue limit of unidirectional composites in cyclic axial tension
compared to that of Al alloys, when measured in strain, has allowed higher design
loads in composite structures. However, the fatigue performance of polymer compos-
ites in different loading combinations and different laminate configurations differ
significantly. Optimal designs cannot, therefore, be achieved by arbitrarily setting
the allowable strain levels to low values. The alternative of testing to find safe design
values is not cost-effective. The mechanisms underlying fatigue failure of the constit-
uents and their interfaces must, therefore, be understood, and this knowledge incorpo-
rated in predictive models. Addressing this problem is exacerbated by new
developments in fibers and polymers and by a variety of manufacturing methods to
construct composite structures.

Beginning with the paper in 1981 [1], this author introduced a conceptual frame-
work for the interpretation of the fatigue behavior of composites called a fatigue life
diagram (FLD). In its baseline form, the FLD separates the fatigue failure in three re-
gions based on the underlying dominant mechanisms. One region denoted as Region I,
characterizes the fiber-failure dominant mechanism, where failure is heavily governed
by the statistical nature of the fiber failure, and therefore, the resulting composite
fatigue shows negligible dependence on load cycles. Region II is controlled by pro-
gressive mechanisms, such as irreversible deformation of the matrix and matrix crack
growth, leading to damage accumulation culminating in a critical condition of ultimate
failure. Finally, Region III is where failure mechanisms do not progress to criticality
within a prespecified large number of load cycles because of local obstacles to growth
imparted by fiber-architectural features and interfaces. The demarcation between Re-
gion II and Region III forms the fatigue limit. The FLD clarifies the relative signifi-
cance of these regions for a given combination of fibers and matrix.

10.2 Construction of FLDs

Let us begin with Region I, which, as stated above, signifies the fiber failure dominated
mechanism. Fig. 10.1 depicts three failure scenarios under a tensile load P. Fig.10.1(a)
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shows a dry fiber bundle in which the first fiber failure is indicated at the weakest point.
At the instant of this fiber failure, the load is shared equally by the surviving fibers, and
on increasing the load, the next failure occurs at the weakest point in these fibers. If,
however, the load is not increased but is reduced to some value, say zero, and reap-
plied, no further fiber failures occur. Thus, there is no fatigue failure process. This
assumes that fibers do not have a fatigue degradation mechanism.

Consider now the scenario depicted in Fig. 10.1(b) where a unidirectional compos-
ite is loaded in axial tension and the first fiber has failed at a certain value of P. The
failed fiber will likely also debond over a length depending on the interfacial charac-
teristics. If the load P is reduced to zero and reapplied to this value, the question arises:
will another fiber fail? To answer this question, we note first that on the failure of the
first fiber, not all other fibers but a few fibers in close vicinity of the failed fiber are
affected. This leads to what is known as local load sharing, the extent of which depends
on the debonded length of the failed fiber. Thus, in the local load sharing, an affected
fiber can fail if its strength is exceeded at some point over its affected length. If this
occurs, it will occur instantaneously, if no time dependency of deformation exists in
the fibers, matrix, or interfaces. To avoid unnecessary complication at this point, we
assume that all deformation is time-independent. If the load P is reduced to zero
and reapplied to the previous value, no further failure is possible unless an irreversible
deformation has occurred. Such deformation will redistribute the stresses in the local
load sharing region during the unloading and reloading process and create a new stress
field, which can result in new fiber failure. Due to the statistical nature of fiber failures,
however, there is no certainty that the next fiber failure will occur in the second or a

P P

P P P

P
(a) (b) (c)

Figure 10.1 Fiber failure scenarios under a tensile load P. (a) A dry fiber bundle with the
weakest fiber failure; (b) A fiber composite with the weakest fiber failure and debonding over a
short length; (c) Composite failure from the linkage of failed fiber regions.
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subsequent load cycle. Thus, a random process of fiber failure ensues. More signifi-
cantly, the critical condition in which the failed fibers in the local load sharing region
connect through the matrix and interface cracks, leading to an unstable growth of the
connecting failure plane, occurs much more randomly. In fact, this condition of com-
posite failure depicted in Fig. 10.1(c), is of such random nature that it may be rightly
described as a chaotic process because of its high sensitivity to the initial condition,
i.e., the first fiber failure. This also means that a well-defined progression in the fiber
failure process that can be described by a rate equation does not exist. Therefore, the
final failure event is for all purposes cycle-independent.

Region I of an FLD corresponding to the fiber failure dominant mechanism is
sketched in Fig. 10.2. The vertical axis of the FLD is the maximum strain εmax applied
to the composite in the fiber direction. Although the load P is applied and reapplied, the
first applied maximum strain makes a proper reference for the load level since it is the
same irrespective of the fiber volume fraction, while fiber stress is not. Fig. 10.2 shows
Region I as a scatter band centered around the mean strain to static (first load applica-
tion) failure εc of the composite. The scatter band shown in the figure is for 5% and
95% probabilities of failure, as an example. The scatter band is shown flat (horizontal)
to indicate that the initial (static) statistical variability does not change with the number
of load cycles applied. As described and argued above, if on the first application of the
tensile load the composite does not fail, but at least one fiber within the composite fails,
then the composite can fail at any number of subsequent cycles. This will then lead to
the scatter band of composite failure becoming independent of the number of cycles. It
is possible, however, that the width of the scatter band changes (possibly reduces) with
the number of cycles applied, but an analysis to determine that change is currently not
feasible.

Consider now the case where the first application of load (εmax) is below the scatter
band depicted in Region I. The composite failure then will be less likely to be domi-
nated by fiber failures. Instead, the irreversible deformation and crack formation mech-
anisms in the polymer matrix and at the fiber/matrix interfaces will gain more

5% failure probability

95% failure probability

εmax

εC Region I

N

Figure 10.2 Region I of a fatigue life diagram.
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prominence. These mechanisms were studied extensively and reported in Ref. [2] for a
carbon/epoxy (AS4/8552) unidirectional composite loaded in cyclic tension at the load
ratio (Pmin/Pmax) of R ¼ 0.1 and cyclic frequency of 10 Hz. Surface replicas were
collected periodically at different load levels using cellulose acetate films. After repli-
cation, the films were hardened and coated with a layer of carbon by sputtering. They
were then observed under a microscope. Fig. 10.3 shows a series of micrographs
showing the progression of a crack on the specimen surface and Fig. 10.4 shows
more clearly how a crack is bridged by fibers. The crack opening profile evident in
Fig. 10.3 has the crack-tip region squeezed, which can be attributed to the closing pres-
sure on crack surfaces induced by the bridging fibers.

The study [2] also indicated the effect of fiber/matrix debonding on the fiber-
bridged matrix cracking as the operating progressive failure mechanism in Region
II. The progression of this cracking mechanism is governed by fiber breakage, which
is accelerated when a greater length of fibers is exposed to an enhanced stress by
debonding, thereby increasing their propensity to failure. With sufficient debonding,
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Figure 10.3 Micrographs of surface replicas showing a matrix crack at different applied load
cycles [2].
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the progressive failure mechanism is then essentially fiber breakage, whose unstable
progression leads to the composite failure.

Fig. 10.5 illustrates the appearance of Region II in the FLD. The random rate of fi-
ber breakage leads to the scatter band in Region II, as indicated.

Finally, Region III represents the cracking mechanisms that have such low driving
forces that the energy barriers placed by fibers in the crack paths cannot be overcome
to reach the critical state of unstable growth. Fig. 10.6 shows this region of the FLD
with the insert in the figure illustrating a matrix crack arresting mechanism. The fatigue
limit, below which Region III lies, is the limiting state of the progressive mechanisms
in Region II.

Fig. 10.7 is now the entire FLD for a unidirectional composite under axial fatigue
where the three regions of the FLD (Figs. 10.2, 10.5 and 10.6) have been put together.
The effect of increasing the stiffness of fibers is indicated in the FLD. This effect is a
consequence of the bridging action of fibers running across a growing matrix crack
(insert in Fig. 10.5) and the constraining effect on the matrix cracks by the surrounding
fibers (insert in Fig. 10.6).

Fig. 10.8 shows the actual fatigue life data with superimposed FLDs for a lower fi-
ber stiffness case (glass/epoxy) and a higher fiber stiffness case (carbon/PEEK). As can

Figure 10.4 Micrograph showing a matrix crack bridged by fibers [2].

5% failure
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95% failure
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Region II

N

εmax
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Figure 10.5 Region II of the fatigue life diagram.
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be seen, the trends predicted by the conceptual FLD (Fig. 10.7) are confirmed by these
data. It is also noteworthy that the glass/epoxy data for three different fiber volume
fractions (Vf ¼ 0.16, 0.33 and 0.5) fall together within the same Region II scatter
band. It is recalled that the fatigue testing was done conventionally, i.e., with load con-
trol, and the data when plotted on the stress basis (as SeN plots) fall as three separate
curves, each corresponding to one fiber volume fraction.

The fatigue limit, as shown in Fig. 10.8(a) is the fatigue limit reported by the
authors [3] obtained by testing neat epoxy in strain control. The runouts (with arrows)
shown in Fig. 10.8(a) suggest that the glass/epoxy composite fatigue limit is slightly
higher, in accordance with the FLD in Fig. 10.7. For carbon/PEEK data in

Cracks

Region III

Fibers

N

107

max

C

fl

Figure 10.6 Region III of fatigue life diagram indicating the mechanism of matrix crack arrest
by fibers.
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εC

εfl

Region II

Figure 10.7 The baseline fatigue life diagram of unidirectional composites under cyclic tension.
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Fig. 10.8(b) the same fatigue limit of epoxy (εm ¼ 0.6%) is also indicated for refer-
ence, as the PEEK fatigue limit has not been reported. It is expected that PEEK being
tougher than epoxy will have a higher fatigue limit. In any case, the carbon/PEEK data
shown in Fig. 10.8(b) show a fatigue limit higher than 0.6% strain. A comparison of
carbon/PEEK and carbon/epoxy in Ref. [2] showed the fatigue limit values of 0.75%
and 0.85%, respectively. The lower value of the fatigue limit for carbon/PEEK is
attributed to more extensive debonding observed in this composite [2]. Again, this
is in accordance with the expected trend predicted by the FLD (Fig. 10.7).

10.3 Modeling of FLD trends

Some of the qualitative trends in the fatigue behavior of unidirectional composites in
cyclic tension emerge logically from the FLD, e.g., the direct dependence of Region I
on the fiber strain to failure and the effect of fiber stiffness on Region II and Region
III as indicated in Fig. 10.7. There have, however, been efforts to pin down the trends
by quantitative modeling. Experimental evidence gathered by surface replicas
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Figure 10.8 Fatigue life data and superimposed FLDs for a glass/epoxy composite (a) at three
fiber volume fractions [3] and for a carbon-PEEK composite (b) [4].
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(Figs. 10.2 and 10.3) [2] indicated that the fiber-bridged cracks attributed to Region II
(Fig. 10.2) tended to stop growing unless, as described above, a progressive fiber
breakage occurred. It was found that the fiber/matrix debond length grew with fatigue
cycles, exposing the increasing length of the debonded fiber to enhanced stress, as
well as affecting the neighboring fibers. A shear-lag model was used to determine
the stress transfer from the broken fiber to the neighboring fibers, and the Weibull
distribution was assumed for the probability of fiber failure [5]. Although quantita-
tive fatigue life prediction could not be made, the trends regarding how Region II
would change with the cyclic rate of fiber/matrix debonding and the Weibull shape
parameter were inferred [5].

An approach to fiber failure progression in fatigue was put forth recently [6] in
which the fiber/matrix interface failure is represented by a cohesive zone model for
static strength and the Paris relationship (power-law) for mode-II fatigue crack growth
is assumed for the debond crack growth. The statistical fiber failure is given a Weibull
distribution, and the fiber bundle failure is modeled by a hierarchical scaling method
developed earlier [7]. While evaluating various material parameters entering the
models is a challenge, with reasonably assumed values, the prediction of fatigue life
in tension-tension loading by the approach seems to confirm the proposed FLD
(Fig. 10.9). Strictly speaking, it is noted that Region I of the FLD is not the same as
that in Fig. 10.7, where the idealized behavior does not assume cycle dependency.
The authors [6] predict low dependency on cycles in this region because of low debond
growth rate and high rate of fiber failures. The debond crack growth dictates the slope
of Region II in their model. Finally, the mode-II fatigue crack growth threshold of
debond cracks determines the fatigue limit.

The uncertainty in model inputs and their effects on fatigue life prediction was dis-
cussed by the authors [6]. Assuming a cohesive zone for the static shear failure of the
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Figure 10.9 Model prediction by Ref. [6] compared to experimental data reported in Ref. [2].
The three regions of FLD in Fig. 10.6 have been superimposed on the data.
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fiber/matrix interface has inherent uncertainty, as the material constants entering this
model cannot be obtained independently. For debond growth, assuming a mode-II
crack growth rate also induces uncertainty since the driving forces for a debond crack
on the surface of a fiber embedded in a composite cannot be accurately reproduced in a
test specimen devised for measuring crack growth rates. Finally, applying Weibull
parameters found in a single fiber test, where the fiber is under uniform stress, to
debonded fibers in a cluster of other debonded fibers introduces difficulties, which
necessitate simplifying assumptions, leading to inaccuracies. At best, therefore, the
type of modeling in Ref. [6] provides a useful trend analysis such as the effect of
the mode-II crack growth threshold on the fatigue limit, the effect of the shear strength
of the fiber/matrix interface and the crack growth resistance on the slope of the fatigue
life scatter band.

Another recent work [8] also conducts modeling of the fatigue failure process in UD
composites under cyclic axial tension starting with a broken fiber surrounded by matrix
and accompanied by fiber/matrix debond of a certain length. The debond crack is
assumed to grow as a mode-II crack following the Paris relationship. Additionally,
in the debonding process, the role of interfacial frictional shear stress is considered.
The fibers affected by the broken and debonded fiber are placed around this fiber in
a hexagonal pattern, and the enhanced stress in these fibers is evaluated from the sin-
gular stress field at the debond crack tip. Failure of these fibers is then assessed
assuming Weibull distribution for fiber strength.

A novel feature of [8] is that the fiber breakage process is assumed to cease when
none of the six fibers surrounding the broken and debonded fibers reaches its failure
condition expressed as the probability of failure (1/6, i.e., one out of six failing).
This provides a way to estimate the fatigue limit. With this model of fatigue limit,
the effects of parameters, such as the fiber volume fraction (based on a hexagonal fiber
pattern), as well as the fiber/matrix interfacial characteristics, expressed as frictional
shear stress and fracture energy can be evaluated. These effects are shown in
Fig. 10.10, reproduced from Ref. [8]. It is noted that there is no unique way to estimate
the interfacial characteristics, and this introduces a source of the inherent uncertainty in
modeling fatigue behavior, where the irreversibility underlying fatigue is attributed to
the interface.

In both models cited above, the role of the matrix in the process of stress transfer
from the broken and debonded fiber to the surrounding fibers is not explicitly consid-
ered. It is known from observations and analysis that a debond crack can deviate into
the matrix if favorable conditions exist for that to occur. A study [9] of failure in UD
composites from a local fracture plane under monotonic axial tension looked at two
scenarios: one, where a broken fiber exists from manufacturing and the other where
a fiber fails at a weak point during loading. While in the first case the matrix crack
formed at the broken fiber end was found to grow normal to the fiber axis, in the second
case, the initial (assumed) debond crack kinks out in the matrix toward the neighboring
fibers. The consequence of fiber failure progression, evaluated in probabilistic terms,
was found to be higher when matrix cracking was considered than when it was
ignored. It is expected that this will also be the case under cyclic loading.
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Figure 10.10 Variation of the fatigue limit with (a) fiber volume fraction, (b) interfacial
frictional shear stress, and (c) interfacial fracture energy [8]. The function A1 shown in the
figures is the frictional prefactor [8] that depends on the R-factor, the frictional shear stress, and
its critical value, as indicated.
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10.4 Fatigue of laminates

In straight-fiber laminates subjected to in-plane cyclic loading, the individual plies will
be subjected to biaxial cyclic stressing. In the material coordinates of a ply, the three
stress components viz., the normal stress in the fiber direction s1, the normal stress
transverse to the fiber direction s2, and the in-plane shear stress s12, will generally
vary cyclically in various in-phase and out-of-phase combinations. It is obvious that
testing and analysis of fatigue in all such combinations is a tremendous task. The
approaches taken often in the literature are to resort to phenomenological criteria,
commonly used for quasi-static failure, and predict fatigue life by simply generalizing
to cyclic loading. A literature survey of such approaches was given in Ref. [10]. In
Ref. [11], a critical assessment of common phenomenological models for fatigue
life prediction was made, and using a large set of data from the literature, it was shown
that such models are not reliable. Since then, unfortunately, more phenomenological
models have appeared in the literature, and the reliability of life prediction by such
models remains uncertain.

In Ref. [11], a way forward to address fatigue behavior by the mechanisms path was
laid out. Resorting to the FLD concept, the progressive mechanisms of fiber-bridged
matrix cracking and interfiber matrix cracking (including fiber/matrix debonding)
were identified as the dominant ply fatigue mechanisms. It was emphasized that
through systematic studies of these mechanisms by experiments and observations,
modeling strategies could develop. Several such studies have been conducted and
models proposed for the interfiber matrix cracking under cyclic loading [12e16].
As the ply cracks approach the ply/ply interfaces, the diversion and deflection of these
cracks take place, leading to delamination. The delamination cracks then grow under
cyclic loading. In the initial stage of the delamination fatigue, the interaction with the

Figure 10.10 cont’d.
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ply cracks is expected. This interaction needs to be studied before proper models for it
can be developed.

After sufficient delamination has occurred, the separated plies behave without the
constraint from the previously bonded plies. In this phase of the fatigue process, the
focus should shift to the most load-bearing ply (or set of plies), whose failure will
cause the final failure of the laminate. Here, the FLD for UD composites, discussed
above, will be a useful guide to modeling the final failure stage.

The issue of the fatigue limit of a given laminate has not been addressed sufficiently
so far. Generally speaking, there are two ways to approach the fatigue limit, one by
asking at what applied load the progressive fatigue mechanism slows down to not
fail the composite in a prescribed large number of cycles (106, 107, etc.), and second,
to identify conditions for not initiating a progressive mechanism. The two approaches
will produce upper and lower bounds to the fatigue limit, respectively. As an example,
if transverse cracking in 90-degree plies is the first failure mechanism under axial ten-
sion of a cross-ply laminate, then its progression with load cycles is the key to deter-
mining the fatigue limit. Thus, if a model is set up for describing the cyclic rate of
transverse crack density, then the fatigue limit will fall naturally from the model.
This is then the first approach stated above, providing the upper bound of the fatigue
limit. To find the lower limit, one would need to determine the conditions for the for-
mation of a transverse crack. The upper bound approach was demonstrated in Ref. [17]
for cross-ply laminates under cyclic axial tension.

10.5 Concluding remarks

This chapter has focused on the fundamentals of the fatigue failure process in compos-
ite materials. Without reviewing all works in fatigue, the emphasis has been placed on
clarifying the roles of failure mechanisms, and for this purpose, a conceptual frame-
work proposed by the author in 1981 called a fatigue life diagram (FLD) has been
revisited. It is shown how easily the FLD reveals the effects of fiber stiffness and fiber
failure strain on the fatigue behavior of UD composites. The trends induced in the
fatigue life and the fatigue limit by the progressive fiber failure mechanism have
been modeled recently, and these have been discussed to identify further improve-
ments needed in the models. The implications of the FLD concept on understanding
fatigue of laminates has then been discussed. An example of how this was utilized
for axial tension fatigue of cross-ply laminates suggests a direction for addressing other
laminates by mechanisms-based approaches.
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11.1 Introduction

Of the countless papers on composites in the past 30 years, possibly the topic
addressed most has been impact damage and residual strength. Why has this been
so? The first all-composite aircraft were agile combat aircraft whose specification
could not have been met without the superior specific stiffness of carbon/epoxy com-
posites. The uncertainty of how to design these revolutionary structures was com-
pounded by the fear of “Barely Visible Impact Damage” known universally as
BVID. Impact damage on metallic structures was well known. The incident energy
was relatively easily absorbed by the elastoplastic response of light alloys, and after
absorption, the effect was visible as a dent, which could then be repaired. Composites
were different. Conventional carbon fibers and epoxy resins were virtually linearly
elastic to failure, whether fiber or matrix. The failure modes, such as fiber fracture
in tension, compression kinking, matrix cracking, and delamination, did not absorb
much energy. The recovery could be purely elastic with little or no changes to the
surface profile. Thus, the damage could be “barely visible” and remain undetected
on visual inspection. For structures designed to resist compression, the most serious
form of undetected subsurface damage, was delamination, liable to provoke local
buckling, triggering unstable propagation, and significantly degrading static strength.
Therefore, Compression-After-Impact (CAI) was an obligatory strength test for certi-
fication of military aircraft.

This chapter will describe the behavior of impact response and damage and the
subsequent consequences on fatigue strength. For in-depth treatments of these topics,
the reader is referred to the publications of Abrate [1], Davies and Olsson [2], Cantwell
and Morton [3] and Bogenfield et al. [4].

The nature of all forms of impact damage is best characterized in terms of incident
velocity, which may span several orders of magnitude and the impacting mass. There
are many different structural consequences depending on the specific combination of
mass and velocity. At one extreme is the high mass and ultralow-velocity (quasi-static)
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impact of catering and baggage handling equipment with the aircraft. The low-velocity
impact is understood to be in the range of 4e10 m/sec with energies up to 50J. Drop-
ped tools during manufacture or service are in this category. Impact due to runway
debris can be classified as intermediate velocity but again with energies of order
50J. Bird strikes can occur at “medium” velocities of 100e250 m/s but with much
higher energy.

Ballistic impact due to ordnance or missile fragments can be classified as “high ve-
locity” in the range 250 to 2000 m/s. These projectiles may have a mass only a few
grams, but their energy is now 10e20 kJ. At these speeds, the impact event will be
so short that the structure will have no time to respond in global flexure or shear,
and the main issue is whether complete penetration occurs. Body armor, using various
composite/ceramic materials, for example, is designed to resist penetration.

The term “hypervelocity” has come to be applied to satellite and spacecraft which
may be struck bymicrometeorites at velocities of the order 30e70 km/s. Here the impact
time is measured in nanoseconds; conventional heat transport is impossible, and both the
meteorite and the impacted structure will vaporize [5]. Indeed the aim of protective
shielding is to encourage this so that only a gaseous cloud hits the payload.

11.2 Nature of impact damage

Many different forms of laminated composite damage can take place, as shown in
Fig. 11.1 for a laminate with 0� and 90 degrees layers.

Some modes may dominate: for example, for large bending strains in a flexible
structure, fiber fracture in tension, and fiber kinking in compression will dominate
near both surfaces. Matrix cracks can cause delamination when they reach a ply
interface. If the structure is stiff enough to resist with a significant force, then local
indentation damage and shear-driven delamination in the interior will occur.
Fig. 11.2a schematically shows the different modes of delamination. The “peanut”
shapes [3] develop because compression under the impact site partially suppresses
delamination growth. Fig. 11.2b shows the development of a cone of interply and
intraply damage spreading out from the dent marking the impact site.

0°

90°

Fibre fracture

Matrix crack

Delamination

Figure 11.1 Different forms of damage in a composite laminate after impact.
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An indentation results from permanent local deflection, in addition to the global
flexural response. After low-velocity impacts achieving modest loads, the indentation
depth is only a few tenths of a millimeter. For larger impacts particularly on stiff struc-
tures, matrix cracking and delamination together result in the redistribution of the
contact pressure over a larger area forming a dent that can be 0.5e1.0 mm deep and
5e10 mm across. The local surface indentation is the only indication to aircraft inspec-
tors that subsurface damage exists. Subsurface damage accompanying the smallest
dent, which can be reliably detected, is the Barely Visible Impact Damage (BVID)
value. The degradation in compression strength caused by undetected delaminations
at the BVID level is of significant airworthiness regulatory concern (see Chapter 19).

The local dent deflection reduces with time after impact as local residual stresses
created during impact reduce. Indentation shape depends to a degree on the geometry

(1) Compression failure 
(2) Tension failure 
(3) Shear-driven delamination    

at multiple interfaces                        

(1)(3)

(2)

-Indentation at 
site of impact

-Interply 
delaminations

-Intraply  matrix 
cracking

(a)

(b)

Figure 11.2 (a) Schematic illustration of different failure modes under impact event. (b) Section
through impact damage in 32 ply quasi-isotropic laminate subjected to 30J impact showing
matrix cracks and delaminations propagating away from the original impact site [6].
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of the impactor [6]; laboratory testing generally uses standardized 16 mm diameter
hemispheres. Of course in service, impacting objects may be of arbitrary shape and
size and consequently the relation between visible dent size, shape, and subsurface
damage may be only approximately defined.

Impact response of sandwich panels depends on the relative stiffnesses of the skin
and core and also on the strength of the skin/core interface. Fig. 11.3 shows the two
extremes; Fig. 11.3a shows the dangerous invisible type, where the skin springs
back covering the damage. Fig. 11.3b shows the effect of a strong skin-core bond,
causing a visible dent.

The low to medium velocity response of laminates depends on whether the impact
is a small mass with intermediate velocity or a large mass with a low velocity.
Fig. 11.4, Davies and Olsson [2], shows the response of a clamped
125 � 125 � 6 mm flat laminate impacted at 10J with large and small mass impactors.
The duration of the large mass impact is comparable with the plate’s fundamental
mode and the load, deflection, and strains, in both x and y directions, are essentially
in phase. The maximum values will occur when all the kinetic energy has been
absorbed, and the impactor is stationary. This state can be simulated by a static test.
For small masses, the corresponding quantities are out of phase, the maximum force
and strains occur in a short time, which results in a wave-controlled local response
of the laminate. The impact force and in consequence, the delaminations will be larger.

The response and extent of damage will depend, in general, on the nature of the
structure, which may not be the same as a simple plate. For stiffened compression
panels, if impacted between stiffeners, the response will be similar to that described
above. Impact over a stiffener will result in a much higher force with a resulting
stiffener response similar to that of a long beam. The shear stresses (which can cause
stiffener debonding) can extend along the stiffener with little diffusion into the
surrounding panel skins, Davies et al., [7]. Impact on a curved panel with edge
supports can also be different for impact on the convex face. This stiffer structure
will experience higher impact forces and consequently increased delaminations [8].

Features in the load-time trace can be associated with fracture events. For example,
Fig. 11.5 Cartie et al. [9] shows a typical initial load maximum in the trace marked at
point A. This is the threshold force to initiate delamination. Impacts producing a force
less than this do not result in delamination damage. The load at point A is a character-
istic of the composite system and the local geometry and is independent of the impact
energy. If the threshold force at A is exceeded, the load-time curve after this point
develops significant load oscillations (between points B and C in Fig. 11.5), as delam-
inations and matrix cracks are propagated through the laminate, and local compliance
suddenly increases following a growth increment. Eventually, the overall maximum

(a) (b)

Figure 11.3 Residual deformation of a sandwich panel after impact.
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Figure 11.4 Load, strain, and deflection responses due to a 10J impact by Top 1.5 kg and
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load is achieved at point C, and the force reduces as elastic recovery occurs and delam-
ination growth in consequence stops.

For low-velocity impact on stiff structures, many experiments have shown the
following damage characteristics, e.g., Refs. [9e11]:

- Increased impact energy produces an increased delamination area and increased dent depth,
as shown in Figs. 11.6a and 11.6b.

- Multiple delaminations develop under the impact site, with their area increasing with the
distance from the impacted surface forming a cone; see Fig. 11.2b.

- The threshold value of force to create dents and delamination damage is a constant (termed
Pc) for the laminate system and the local geometry, independent of the impact energy.

- Both Pc and delamination damage area are strongly dependent on the mode II fracture tough-
ness GIIC of the laminate system in question, as shown in Fig. 11.7.

During aircraft assembly or internal maintenance operations inside the wing and fuse-
lage skins, stiffeners and other design features are oriented so that accidental impact on
their free edge rather than out of plane impacts on their surface is a possibility. The
effects of such edge impact damage and the reduction in strength and stiffness, which
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Figure 11.6 (a) Relation between impact energy and delamination area for 16 ply quasi-
isotropic cfrp composite HTA/985. (b) Same impact events as in 11.6a, but showing dent depth
as a function of impact energy. Panettieri et al. [10].
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it can cause have been the subject of much recent research. While the local crushing
damage is more visually detectable than for face-on impacts, as for face impacts,
through-thickness inspection using NDT is required to establish the extent of subsurface
damage. The energy required for inducing edge impact damage is significantly smaller
than the 7.6 J per mm of thickness recommended by ASTM D7136 to induce damage
after face-on impact. In this stiff edge-on orientation, there is little or no elastic deforma-
tion, and almost all energy is available to create crush or delamination damage [12,13].

Ballistic impact velocities up to 2000 m/s result in damage due to the transverse
dilatational waves inducing strains of order V/CZ, Godwin and Davies [14], where
V is the impact velocity and Cz is the velocity of the through-thickness waves.
(CZ ¼ OE/r, where E is the through-thickness modulus and r the density.) Thus,
for a wave speed of 2000 m/s an impact velocity of 70 m/s will induce compressive
strains of order 3% even before any further flexural response. The high inertial
resistance will cause a high impact force and a consequent “shear out” plug unless
the structure is more than (say) 10 mm thick. The impact event is short and no
structural modes are excited at all. Strain rates may exceed 100/sec at which the
material properties for glass and aramids will change, but for carbon/epoxy this will
not happen until rates exceed 1000/sec. Because penetration is important for ordnance
applications, experimental studies have centered on resisting penetration completely.
This “ballistic limit” is usually defined by the V50 parameter, implying a value at which
at least 50% of tests will not penetrate. It will depend on target thickness, fiber surface
treatments, and interlaminar toughness.

11.3 Residual strength after impact: observations

Probably the most serious design case and the most discussed is that of BVID and its
effect on CAI strength. It is discussed by literally hundreds of studiesdsee reviews
[1e4]. Several types of failure in compression may occur and are illustrated in
Fig. 11.8.
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The many tests on coupons (with supported edges), and on stiffened compression
panels, demonstrate that impact damage can reduce residual strength by more than
70%, depending on the size of impact damage [15]. Fig. 11.9 shows the results of a
series of tests by Olsson [16] conducted on panels of various thicknesses, edge support
conditions, and materials. The decrease in residual strength with increasing delamina-
tion width is dramatic. There is a modest increase in residual strength for samples with
toughened epoxy (6376) and thermoplastic PEEK matrices. Increasing sample thick-
ness promotes increased residual strength. These general characteristics of CAI
behavior have been repeatedly confirmed since the work of Olsson in 1999. The
work of Nettles and Scharber [11] in 2018 demonstrates for identical impacts on QI
laminates with a range of toughness values that shear toughness GIIC determines

Notch effect 

Local buckling 

Global buckling 

Global/local 

Buckling

Figure 11.8 Failure mechanisms for “compression-after-impact.”

(1) Notch effect. There may be fiber and matrix damage through the thickness, causing a local
loss of stiffness. This has the same effect as an insertion or hole that causes a stress
concentration, but probably the Kt value is less than that of a circular hole (Kt ¼ 3).

(2) Local Buckling. The shear-driven delaminations can reduce the buckling strength of
sublaminates by an order of 4, so that local buckling can release enough energy to propagate
the buckling envelope in an unstable fashion.

(3) Global Buckling. Can occur in the presence of delamination just due to the local reduction
in flexural stiffness.

(4) Global/Local Buckling. A combination of (2) and (3).
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delamination width (Fig. 11.7), and in turn, delamination width determines CAI,
providing fiber type, layup, geometry, and impact energy are all held constant. Tough-
ness has little role in the compression buckling failure itself.

The behavior of structural elements like stiffened compression panels can differ
from these simple coupon tests. For example, the buckling modes along a panel will
have crests and node lines, spaced at half-wave-lengths of the order of the stiffener
pitch. The delamination will be promoted for impact at a crest but can be retarded
for impact at a node line. Impact actually above a stiffener will produce a much higher
force than mid-panel impact, and can cause stiffener debonding along a considerable
length of the stiffener. This may propagate under compression loading and effectively
double the distance between stiffeners, causing a 75% reduction in the postbuckling
load [17].

It is usually assumed that low-velocity impact damage is caused by dropped tools or
similar maintenance accidents when the structure is not loaded. This may not be so; for
example, impact by runway debris on take-off, or ballistic impact in flight. Compres-
sion strength during impact under load has received relatively little attention. Zhang
and Davies [18] have conducted tests and simulations on panels with and without
preload. Applied compression can reduce the stiffness of panels and so reduce the
impact force and amount of damage. However, if the applied strain is near the mate-
rial’s strain to failure, then the damage as impact-induced strains occur, can be greater
than in the unloaded panel. These effects depend on panel size, thickness, stiffness, and
boundary conditions, but can be quantified by three nondimensional parameters:

• The ratio of the applied preload to the panel’s initial buckling load.
• The ratio of the maximum impact force to the critical value of force (Point A in Fig. 11.5).
• The ratio of the applied preload strains to the material compressive failure strain.

It was found that the failure load with preload was only marginally less (14%) than
the usual CAI load even when all the above three parameters were near to unity.

Sandwich panels exhibit all the failure modes of monolithic laminates. However,
because of these structures’ high flexural stiffness, global buckling is not an issue,
and the assumption frequently made of delamination growth due to skin-core separa-
tion and “outward” skin buckling is not supported by experiments [19]. More usual is
inward skin buckling initiated by the inward dent (Fig. 11.3b) Progressive core crush-
ing can take place as the applied load increases further.

11.4 Residual strength and damage extent after impact:
predictive models

11.4.1 Simple analytical approach

Even if Finite Element codes are easy and cheap to use, designers will warm to simple
analysis, especially if the failure mechanisms are clear and related to obvious physical
properties. A first step is to find the extent of damage caused by the known energy of an
impact. In Davies and Robinson [20], a simple model was derived for a quasi-isotropic
lay-up by assuming it behaved in an axisymmetrical fashion. If delamination is driven
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by interlaminar shear, it could be assumed that the shear stress s at a distance of r from
the impact force P on a laminate of thickness t is given by s ¼ P/2prt. The delamina-
tion area is then proportional to P2. It was assumed that the delamination was in mode
II shear and that all the “peanut” delamination shapes in Fig. 11.2 could be represented
by single circular delamination located at mid thickness with an area of the projected
envelope of the array, as shown in Fig. 11.10a.

The resulting analysis (Eq. 11.1) showed that there existed a threshold critical force
Pc (point A in Fig. 11.5), below which no delamination occurred.

Pc2 ¼ 8p2Et3GIIC=9
�
1� n2

�
(11.1)

where GIIC is the mode II fracture toughness, E the elastic modulus of the laminate, n
Poisson’s ratio and t the laminate thickness.

It was found that Eq. (11.1) was remarkably accurate for impacts on a large number
of plates and coupons of three thicknesses and several boundary conditions including
stiffened panels.

Fig. 11.10b shows the damage areas for these tests, together with the thresholds,
indicated as arrows, according to Eq. (11.1), for the three thicknesses t ¼ 1, 2, and
3 mm. The absence of damage below the threshold forces is clear. Clearly, delamina-
tion is a fracture mechanics controlled mechanism. A more general version of Eq.
(11.1) has been proposed by Suemasu and Majima [21] for “n” delaminations, all of
them axisymmetrical, where the number nine in (11.1) is replaced by 3(nþ2).
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Eq. (11.1) predicts the threshold for damage initiation but not its ultimate width or
area or the degradation in compression strength which results. These can be measured
experimentally in the laboratory, but for design calculations on aircraft structures, nu-
merical models are required.

11.4.2 Numerical techniques to predict impact damage extent
and CAI strength

Theoretical models for residual strength of panels impacted at low-velocity incorporate
the failure mechanisms (Fig. 11.8): of notch effect and sublaminate buckling under
global and local situations. The notch models deploy a theoretical soft inclusion to
represent the damage. The use of such inclusions to model impact damage has been
evaluated for tensile [22] and compression [23] loading. Sublaminate buckling has
been modeled by Xiong et al. [24] and the growth of such buckles in compression
by Flanagan [25].

For high-velocity impact, a composite plate does not have time to develop flexural
and shear deformations; instead, it can perforate, absorbing energy by a mixture of
strain energy, matrix and fiber failure, delamination, forming of petals, hole enlarge-
ment, and friction when a “plug” is formed. Very simple models prove to be remark-
ably accurate for perforation prediction.

Numerical approaches to predict impact behavior and residual strength of polymer
composite operate by solving the equations of motion for the displacements r(t)

M€rþC_r þ Kr ¼ RðtÞ (11.2)

where the mass matrix M, the damping matrix C and the stiffness matrix K will be
assembled by the code, once the elements have been chosen, and generated for the
particular geometry. The applied forces R(t) will normally be zero during the impact
event, but the same routine can be used on the damaged structure to apply (say) the
compressive loading, at a convenient rate, until failure occurs.

The most popular commercial software codes used are ABAQUS and DYNA3-D,
both in explicit form viz:

€r¼M�1½RðtÞ�C_r�Kr�. (11.3)

The variation of r€over a small time interval vt is assumed linear and the solution at a
time tþvt is found in terms of r(t), treating the right-hand side of (11.3) as a constant, to
be updated at time t þ vt. The mass matrix is usually “lumped” as a pure diagonal, so
no inversion is needed. The advantage of this explicit strategy is that all the terms inKr
can be non-linear. The material properties can be changing, and the displacements can
be large (or unstable). The only disadvantage of this method is that it will be numer-
ically unstable if the time step vt is not as small as the time for a stress wave to cross the
smallest finite element. This, of course, will be small, but in impact problems, a large
number of small time-steps will be needed anyway to capture the correct physics.
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The same can be true for CAI simulation if unstable propagation occurs. In this last
case, the loading is best applied in increments and the damping chosen to be critical
so that the static solution is reached as quickly as possible.

The degradation of composite laminate strength can be modeled using simple
criteria of strength for fibers and matrix before delamination occurs. Fig. 11.11 shows
the test force-time history for a 200 � 200 mm plate together with various numerical
FE (77) predictions (Davies et al., [26]). The linear elastic case successfully predicts
the time of the force maximum but underestimates its size by a factor of 3. The finite
element prediction overestimates the force but does get the departure from the linear
solution correctly. The fully degraded solution (with much fiber failure) matches the
experimental history. Delamination was confined to one interface near the mid-
plane as the C-scan image indicates.

If delamination mechanisms are to be accurately simulated, then cohesive interface
elements are needed. Commercial codes have these, incorporating strength criteria for
initiation of the crack, and thereafter, a fracture-based propagation. In using such cohe-
sive elements at the crack front, it should be remembered that the cohesive zone may
be less than 1 millimeter in size, and the finite element size chosen to cope with this.
Fig. 11.12 compares experimental ultrasound scans of a “peanut” shaped delamination
with numerical predictions made using 0.2 mm elements. The process zone (with
partial crack opening) is indicated [27]. Validation of the use of cohesive elements
has been shown by Ref. [28] and by Davies and Zhang [18] on stiffened compression
panels with impacts between and over stiffeners. Numerical models of composite
laminates are now at the stage where impact behavior of the more complex woven
composites can be successfully addressed. Woven composites are attractive in that
they can be more easily draped and have the additional capability for absorbing impact
energy, [29].
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Figure 11.11 Experimental and modeled impact force-time histories as predicted by numerical
models [26].
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Developments in computing speed and software innovations post-2015 have
permitted numerical models for prediction of impact damage and compression strength
degradation to routinely predict impact damage and compression strength reduction on
simple coupon laminates to within a small percentage of accuracy. Increasing accuracy
and fidelity have been enabled by increasingly complex models requiring lengthy
computation time. This can be in excess of 24 h for impact and compression failure
on a simple coupon-even using multiple CPU computer arrays. Selected examples
of modeling work performed in the period 2015e18 include [4,30e36]. Fig. 11.13
shows examples of simulated local compressive buckling failure in impact damaged
composite from Sun & Hallett [32].

Bogenfeld et al. [4] give a detailed summary of recently published models, compu-
tation time and accuracy. They conclude that to accurately model delamination extent
and local indentation even on small coupons, mesoscale models with stacked solid or
shell elements are required. Along with extensive computation time, sophisticated
models require increasing numbers of material property parametersdto be supplied
by experiment. Neither time nor properties may be available for use in routine damage
tolerant design calculations in which the performance of candidate composite systems
and layups are explored. Use of less sophisticated models requiring fewer properties
and less computation time may be thus compelled, with consequent compromises in
accuracy and reliability of the results. Modeling of larger, geometrically complicated
structures can be made feasible by noting that most of the larger structure is not subject
to damage and can be treated elastically, whereas the damaged area remains local and
can be treated using a more sophisticated model of local behavior. Accuracy of
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Delamination on the
lower 90°/0° interface

Complete decohesion (d=1)

Undamaged interface (d=0)

Process zone

Figure 11.12 Peanut shaped delaminations after impact showing measured (Black and White)
and predicted (in color) delamination geometry [27].
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strength predictions for damaged structures is not yet as good as predictions for simple
coupons [4].

As an example of damage tolerant design calculations exploiting numerical models,
Dubary et al. [31] use a Discrete Ply Model to calculate delamination area, dent depths,
and CAI values for impacts on a range of laminate types, using the data to derive CAI
values at dent depths of 0.5 mmdthe value assumed for visual inspection BVID.
Thus, laminate types with optimum CAI strengths at BVID could be identified and
used for material selection and design calculations. The authors note that 36 h on a
20 CPU array is required for analysis of a single impact. Future model development
needs to reduce this considerably if numerical modeling is to be directly used in prac-
tical design and materials selection.

High-velocity impact can introduce additional modeling challenges. Ballistic impact
and bird strike can produce extremely distorted structures (and the bird). Hypervelocity
impact needs to cope with gross distortions of the impactor and the impacted object.
Conventional FE codes cannot cope with gross distortions since the shape functions
across the elements are no longer accurate. An alternative strategy, which commercial
codes are now incorporating, is the use of SPH. (Smooth Particle Hydrodynamics;
Libersky et al. [37]). This is a meshless method which allows complete freedom in
the disposition of a node, relating only to other nodes immediately surrounding it,
and choosing local curve fitting to suit the accuracy required. Hypervelocity impact
on satellite barriers is an ideal candidate for this method. As mentioned earlier, satellites
need a barrier to break up micrometeorites which can impact at velocities in excess of
70 km/s. The SPH code needs to model the breakup of the micrometeorite as it passes
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X
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Impact & indentation site(a)

(b)

(c)

(d)

Figure 11.13 Simulated development of Compression After Impact failure via local buckling
instability as the global load is increased from case (a) to (d), from Sun & Hallett [32].
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through the first barrier and converts its energy to a debris cloud. Tests are not possible at
these velocities, but for the Columbus International Space Station, tests conducted at
3 km/s agreed well with the SPH simulations [38].

11.5 Post impact fatigue behavior of polymer composite
laminates

11.5.1 General

The fatigue response of impact damaged laminates is important because impact-
induced delaminations may grow under service fatigue loads, further reducing the
residual static strength. In-plane fatigue loading in aircraft structures can be either
tensionetension; compression-tension, or compressionecompression. Fuselage
structures are largely in tension fatigue, lower wing skins are largely tension with
excursions into compression on landing, and upper wing skins largely compression
with occasional excursions into tension during landing. For both static and fatigue
compression, impact-induced local delamination clusters promote local buckling
under in-plane compression resulting in mode I opening and modes II (and III) shear
displacements at delamination tips (Fig. 11.14).

Chapter 8 of this book describes the behavior of single delaminations propagating
under static and cyclic loads under Mode I opening and Mode II shear. Experiments to
measure delamination crack growth rates under these conditions have established that
the major controlling parameter is strain energy release rate range DG, (or Gmax for
minimum loads of zero) There are now emerging protocols and standards for this
type of test (see Chapter 8 ) together with significant quantities of delamination growth
data for a large number of polymer composite systems. Delamination crack growth
rates in both modes I and II are now routinely characterized by plotting G against
delamination growth rate, as shown in Fig. 11.15. This shows schematically the char-
acteristic delamination crack growth behavior with a minimum threshold value of G,
Gth necessary for growth, a region where da/dN the growth rate is proportional to Gn n

Mode I opening

Mode II sliding

Figure 11.14 Schematic illustration of mode I and II displacements at a delamination tip under
in-plane compression loading.
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being a constant, and a region of the accelerating growth rate as Gmax approaches GIC
or GIIC the static composite toughness.

While laboratory measurements of fatigue growth rates of single delaminations
from starter defects are valuable to characterize intrinsic material behavior under
well-defined conditions, growth of delaminations within damage clusters typified by
Figs. 11.1 and 11.2 is a more complex situation. Location of individual delaminations
within the impact cluster is often known only approximately, and the close proximity
of delaminations to each other implies there will be interactions between them, influ-
encing the strain energy release rate at delamination tips. In addition, measurement of
internal delamination dimensions is significantly less accurate than in DCB and ENF
samples, where the single delamination is visible at the sample edge. Together, these
factors ensure significant variability in fatigue life of impact damaged samples.
Ogasawara et al. [39] have demonstrated a progressive reduction in Weibull modulus
(increasing variability) from 61.8 for undamaged composite compression strength, to
19.4 for CAI strength, to between two and three for fatigue life scatter of impact
damaged samples.

11.5.2 In-plane fatigue life of impacted composites

Tension-tension loading in fatigue is found experimentally to be comparatively benign
in its effects on life (for example [40,41]) in comparison with loadings dominated by
compression cycles which have more severe effects [42]. For example, Melin et al.
[42] showed that fatigue tests of impact damaged laminates in tension-compression
fatigue at R-values (minimum load/maximum load) of �1 and �5 have almost iden-
tical stress-life (SeN) curves when lives are plotted in terms of maximum compression
stress. Fig. 11.16 shows this for the two data sets. Tests at an R value of �1 have a
mean stress of zero and equal excursions into tension and compression, whereas tests
at R ¼ �5 will have stress cycles with tension excursions only 20% of the size of the
compression ones. The similarity of the SeN curves implies that tensile load excur-
sions are contributing little to the fatigue damage.

The damaging effect of compression is entirely consistent with the local buckling
behavior of the delaminations when loaded in this way. The local strain energy release
rates at delamination tips will depend on whether or not there are shear components in
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Figure 11.15 Schematic illustration of the relation between strain energy release rate G and
delamination crack growth rates as established via tests on the standard geometry DCB and
ENF samples, showing the threshold for growth at Gth and static fracture at G ¼ GIC.
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mode II or mode III present. To the extent that the size and morphology of initial
delamination damage are only approximately known, there will be a range of possible
G values at delamination tips for each delamination, growth in fatigue occurring if the
G resulting from the combined displacements exceeds Gth.

Stress-life fatigue behavior of damaged composites under in-plane compression e
compression loading has been investigated by Refs. [43e50] using samples with
minimum detectable damage (BVID) and also samples with larger (visible) damage.
Quantified impact damage size-is often not specified in many test series. When spec-
ified it is characterized variously as dent depth, delamination area or damage width
and/or length. This vagueness sometimes makes meaningful data comparison between
different authors difficult.

Fatigue life data universally shows increasing fatigue life with decreased maximum
compressive stress; the larger the initial damage area, the greater the reduction in the
SeN curve compared with pristine material. Static strength reductions (CAI) of about
15% are found for BVID damage compared with the undamaged compression
strength. Larger (visible) damage with delaminations up to 30%e40% of the sample
width produces further reductions in static CAI of up to 30%e40%. For composite
matrices of low to intermediate toughness, the degradation in stress-life fatigue data
echos the static strength reduction irrespective of the life. Cyclic stresses producing
a defined life of say 105 cycles are progressively reduced with increased initial damage
width. SeN trend lines are parallel to each other and to the undamaged pristine one
[44]. An example of this behavior from the work of Isa et al. [43] is shown in
Fig. 11.17a. In contrast, SeN data for samples with tough matrices [41,44] show a
diminishing effect of impact damage with increased fatigue life; SeN lines of pristine
and damaged samples tend to converge at lives in excess of 106 cycles. For these
materials, the worst effects of impact damage are for the static loading case; the effect
of fatigue is more benign. This behavior is shown in Fig. 11.17b. At long lives, fatigue
strengths of the damaged and pristine samples are almost identical e.g. [41,43].

For epoxy matrix composites, if maximum cyclic stresses are normalized with
respect to the static composite CAI strength, then SeN data for samples with different
damage width come approximately together. This is shown in Fig. 11.18 from the
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work of Uda et al. [44] where SeN lines for pristine, and impact damage covering 25%
and 50% of the fatigue sample width are plotted. The extrapolated fatigue strength at
lives in excess of 106 cycles in Fig. 11.18 is about 70%e75% of the static strength,
irrespective of the damage size.

Many investigators have shown that there is a fatigue endurance limit of between
60% and 70% of the static CAI strength for constant amplitude cycling in compression
of impact damaged samples [41,50]. If the damaged laminate is cycled at maximum
compressive stresses less than this, there is no failure. The 60%e70% figure appears
to hold good irrespective of the extent of the damage. It is also found that there is no
degradation in residual strength [50] with increasing cycles if the laminate is fatigued
at compression stress cycles less than 60%, implying there is no fatigue-induced
delamination growth at stresses less than 60%e70% of static CAI.

There is little information available for the effects of variable amplitude loading on
the fatigue of damaged samples, except for the detailed study of Mitrovich [41] who
has investigated the effects of low-high and high-low block programs and also TWIST
aircraft wing spectrum, all in compression. One major conclusion was that application
of high-low blocks where the initial blocks exceeded 70% of the CAI, caused rapid
delamination growth under the high load block, which continued under the smaller
stresses of the low block. These were less than 30% of the CAI static strength. Stresses
of 30% CAI would not have caused growth had they been applied first in a low e high
sequence. Thus, stresses to initiate fatigue damage growth within delamination clusters
was greater than those required to propagate it.

11.5.3 Fatigue delamination growth from impact damage

Observations using C scan and other NDT techniques during fatigue of impact
damaged laminates show that at cyclic stresses above the threshold of 60%e70% of
static CAI, delamination growth occurs and eventually results in sample failure via
buckling instability. Behavior reported by different investigators are sometimes incon-
sistent, with some reports finding zero delamination growth until just before failure,
and no change in the residual compression strength throughout the life [43], and others
[41,44,45] finding that delamination growth occurs throughout life. The differences
may be related to the size of the cyclic stresses applied, but may also be related to
experimental difficulties in monitoring damage growth. Small increments of growth
at low stresses may not be detected by the NDT technique used. In the traditional C
scan ultrasound, only the outline of the projected area of the delamination array can
be imaged. Growth of small internal delaminations cannot be monitored. There is
currently inadequate understanding of factors controlling the onset of impact damage
growth in fatigue.

For example, little or no delamination growth was detected during the first
90%e95% of fatigue life in the work of Isa et al. [43]. Beyond this point, the rapid
growth of delaminations took place, resulting in sample failure after a very few further
cycles. This behavior is illustrated in Fig. 11.19a, showing data for two levels of
impact damage at maximum stresses between 85% and 94% of static CAI strength.
Delamination growth has also been observed much earlier in life [41,51]. An example
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of this behavior is shown in Fig. 11.19b from the work of Mitrovich [41] under stresses
between 70% and 80% of static CAI.

The observations of Mitrovich [41] on high-low block loading fatigue suggest that
in some circumstances initial fatigue delamination growth from the impact damage
may require either prolonged cycling or high stresses to begin, but once started delam-
inations can grow at smaller stress values than were required for initiation. All obser-
vations agree that once started, delamination growth rates are rapid with perhaps only
104 cycles required to cause final failure. Observations of the delamination growth
process reveal that growth occurs first in the width of the projected damaged area,
perpendicular to the applied compressive stress [40,41,52], and preferentially from
delaminations nearest the laminate side opposite the impacted one.

Strain energy release rates G at delamination tips have been calculated using finite
element analysis for single delaminations located within the composite laminate thick-
ness [41,53,54]. It is found that under compression-compression loading, both GI and
GII strain energy release rates decline with increasing delamination length (measured
parallel to the loading direction). Fig. 11.20 shows the calculated changes in GII, the
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Figure 11.19 Delamination growth within impact damage versus fatigue cycles under zero to
compression loading; (a) From Isa et al. [43] showing zero growth in the area until near end of
life under stresses 85% of static CAI. (b) From Mitrovich et al. [41] showing delamination
length growth from the start of fatigue cycling under stresses 70% and 80% of static CAI.
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shear mode strain energy release rate with increasing delamination length for a single
delamination two plies from the surface of a QI lay-up. There is an initial increase in
GII value with increased delamination length, followed by a steady fall with further
growth.

A reduction in strain energy release rate with increased delamination length implies
that growth rates should follow the same trend. This has been confirmed experimen-
tally by Mitrovich [41] and Zhang et al. [54]. If data in Fig. 11.19b is replotted with
a linear cycles scale, instead of a logarithmic one, the decrease in growth rate with
increased length can be more obviously seen (Fig. 11.21). Growth rates calculated
from these data together with observations from tests at other stress levels are shown
in Fig. 11.22. A trend of decreased growth rates with increased delamination length is
confirmed. This figure also shows the importance of maximum stress level. An
increase in cyclic compression stress from 60% to 80% of static CAI increases the
delamination growth rate by a factor approaching 100. Also shown on this curve are
growth rates at 30% of CAI, obtained after delamination growth had been started by
cycling at 80% CAI. As Fig. 11.20 shows, stress is a major parameter determining
G the strain energy release rate; thus, growth rates from impact damage are strongly
dependent on G, echoing the well-established dependencies between G and growth
rate found for single delaminations in DCB and ENF samples (see Chapter 8).
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The work of Butler et al. [53] also suggests a link between these two very different
types of tests via the G value of delaminations. However the interactions between the
strain fields of individual delaminations, and the mode II contributions to delamination
growth were not incorporated, and the correlation requires further research, particu-
larly into the contribution of modes II and III shear modes to the overall G at impact
clusters of delaminations.

A similar approach by Mitrovich [41] but using mixed-mode strain energy release
rates was used to predict growth in delaminations within impact damaged areas with a
variant on the expression:

dL

dN
¼m1

�
GI

GIC

�n1

þ m2

�
GII

GIIC

�n2

(11.4)

Where dL/dN is the delamination growth rate.
m1, m2, n1, n2 are all experimental constants.
GIC, GIIC are critical values of strain energy release (static toughness) rate in modes

I and II for the composite system.
GI and GII are the current applied levels of strain energy release rate in fatigue.
These results imply that both CAI strength and the fatigue limit of impact damaged

laminates will be dependent on the static toughness values in modes I and II for com-
parable impact damage levels.

11.6 The damage-resistant structure: designing against
impact and fatigue

11.6.1 Resistance to impact

Having described the many modes of impact damage, their debilitating effects, and the
use of analytical and numerical methods to predict damage and residual strengths, it is
of relevance to discuss what can be done to alleviate this weakness where the residual
compressive strength may be low. There are two strategies: first, to increase the
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Figure 11.22 Measured delamination growth rates versus delamination length from Ref. [41]
showing decrease in growth rates as delamination extends and sensitivity of growth rate to
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toughness and through-thickness strength of laminates, and second, to design energy-
absorbing structures where the final (collapsed) state is not important.

Increasing the fracture toughness of resin is possible to a certain extent, but a more
drastic solution is to increase the through-thickness resistance by adding reinforce-
ment. Such a technique is the commercial product (“Z” pins) using tiny pins driven
into the laminate before curing. This is expensive and can lower some undamaged
in-plane strengths. A better alternative is the use of stitching, particularly for stiffened
compression panels. The industry has invested significantly in developing this tech-
nique [56].

An energy-absorbing composite can be deliberately designed. Energy absorption in
ductile metallic structures is well established since plasticity is an excellent mecha-
nism. The most effective energy absorbing mechanism in brittle composites is
complete debonding of all fibers. This was demonstrated by Hull [57]. Clever detailed
design is necessary to ensure that large scale fiber debonding is excited. Specific
energy absorption of order 75 kJ/kg is possible, compared with 15e30 kJ/kg for
mild steel and light alloys. The ultimate need for good energy absorption is the
subfloor in a helicopter. Here, there is a large mass on the roof, and the passenger cabin
should keep its shape in a crash landing. Thus, to avoid using super-stiff fuselage
frames, a good energy-absorbing subfloor is needed. Johnson and Kohlgruber [55]
describe a successful grillage design shown schematically in Fig. 11.23.

The orthogonally intersecting grillage posts have their vertically corrugated shear
webs to keep the buckling stress high. At the four corner intersections, there are
cylindrical-section tubes, all having tailored edges to trigger fiber debonding mecha-
nisms. By using hybrid composite configurations, specific energies greater than
70 kJ/kg have been achieved.

11.6.2 Resistance to fatigue delamination growth

There is considerable experimental evidence (see Chapter 8) that together with increases
in static CAI strength, fatigue delamination growth rates in coupon samples are reduced
by increased composite GIC and GIIC toughness values. As threshold stress ranges for
fatigue failure are 70% of the static CAI strength, and CAI is increased with increased
toughness, increased toughness will increase both the fatigue strength of impact
damaged samples and the fatigue cycles occupied by delamination crack growth.

Figure 11.23 Plan form of subfloor posts in a proposed helicopter [55].
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Even for composites with the toughest matrices currently available, delamination
growth rates are too rapid for damage tolerance of aircraft structures via regular inspec-
tion for slow damage growth during service to be a viable design technique. As noted
in chapter 19, civil aircraft certification for airworthiness must rely instead on demon-
stration of zero crack growth during testing of the damaged structure. It is unclear at
the moment whether pinning, stitching, and 3D weaving techniques will be as success-
ful in inhibiting the growth of delaminations in fatigue, as they are in improving resis-
tance to static damage growth. This remains an area for future research.

11.7 Conclusions

1. The extent of damage due to impact is found to depend not just on the material properties
but on the dynamic response of the impacted structure, that is, its mass, stiffness, and the
impact velocity.

2. Ballistic damage occurs with little structural response; low-velocity damage is possibly the
most serious since impact damage can cause extensive shear-driven delamination entirely
inside the structure, leading to reductions in the residual compressive strength of up to 60%.

3. Analytical methods exist to predict damage extent approximately. For low-velocity impact,
a critical force exists, below which, no damage occurs. It depends on the mode II fracture
toughness and is independent of the impact energy and structural stiffness.

4. If the critical force is exceeded, finite element models can predict subsurface delamination
size, morphology and surface dent depth from input data of material properties, laminate
characteristics, and structural compliance. Finite element models can accurately predict
subsequent degradation of static compression strengthdthe CAI value.

5. Compression strength reduction is largely dependent on the extent of impact damage with
material properties and structural compliance contributing to compression strength only via
impact behavior.

6. Accurate FE analysis to predict CAI strength requires the use of sophisticated complex
models requiring calculation times in excess of 24 h even on multi CPU arrays. Their
routine use for design calculations of damage tolerance capability in composite aircraft
awaits further increments in computing speed and software code.

7. For high velocities of impact, the ballistic limit depends on the induced stress and strain and
the mass ratio.

8. Fatigue life and fatigue strength of pristine samples are reduced by impact damage with the
reduction being dependent on the size of impact damage. The static CAI strength is a strong
indicator of fatigue strength. For zero to compression fatigue loading, the long-life fatigue
limit is between 0.6 and 0.7 of the static CAI.

9. For composites with tough matrices, the reduction in static strength produced by the impact
is greater than the reduction in long-life fatigue strength. At lives> 106 cycles, there is little
difference in fatigue strength between pristine laminates and ones damaged at BVID.

10. The fatigue failure process is one of delamination growth, followed by unstable buckling
failure. In long-life fatigue, there is a significant incubation period before the delamination
growth is detected. Once delamination growth begins the remaining life is short, prohibiting
damage tolerance design via slow crack growth. The delamination growth rates decline
marginally with increasing length but increase markedly with increasing compression
stress. The finite element calculations of strain energy release rates at internal delamination
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tips show a similar decrease with increasing delamination length and are highly sensitive to
applied stress.

11. The proportion of fatigue life occupied by delamination growth is a small fraction of the
total. The onset of delamination growth is sensitive to load history; the initiation of growth
appears to be more difficult than its propagation.

11.8 Future trends

(1) Conditions determining the threshold for delamination growth and growth onset are poorly
understood. As fatigue delamination growth rates are fast and the fraction of life occupied by
growth is small, it is vital for safe aircraft operation that conditions determining the
threshold are understood and can be used to predict safe design stresses.

(2) There have been very few studies of the influence of variable amplitude loading on fatigue
life and delamination crack growth from impact damaged samples. More studies and a better
understanding of this important design situation are required.

(3) Degradation of compression strength with increased visibility of damage is an important
aspect of damage tolerance and structural airworthiness of polymer composite aircraft, as
discussed in chapter 20. The relationships between the size of visible surface damage, the
extent of subsurface damage, degradation in static strength and fatigue life, still lack the
predictive capability necessary for the design of composite aircraft structures. Significant
experimental and modeling work is required to fill this gap.

(4) Numerical models needing significantly reduced computer processing time are required
before they can be used in routine design studies.

(5) Research to improve the toughness, stiffness, and strength of polymer composite laminates
has continued for many years to improve the resistance of polymer composites to impact
damage. New laminates will require their static and fatigue damage tolerance to be charac-
terized so that the new materials can be exploited in a safe, airworthy manner.
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Design and failure analysis of
composite bolted joints for
aerospace composites

12
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University of Limerick, Limerick, Ireland

12.1 Introduction

Large commercial aircraft, such as the Airbus A380 or Boeing 747e800, contain about
six million parts, three million of which are fasteners (e.g., bolts, rivets). Fasteners for
composite aircraft applications are very expensive, and so the cost element involved in
aircraft assembly, due to fastener requirements, is enormous. In addition, fasteners
significantly reduce structural efficiency, due to stress concentrations at bolt-holes,
and add significant weight to structures. Hence, efficient design of bolted joints
for composite aircraft, in terms of maximizing joint strength while simultaneously
minimizing fastener requirements, presents a major technical challenge to aircraft
manufacturers. As a result, the composite bolted joint design has been a major topic
of research for over 30 years, and many hundreds of papers on the subject exist
(e.g., see Refs. [1e59]).

This chapter presents both experimental and finite element approaches that are
commonly used to assist in the design and failure analysis of composite bolted joints.
The work presented mostly stems from the authors’ work in the field over the past
decade. Results from both local (i.e., detailed) finite element and global (i.e., efficient)
closed-form and finite element approaches are presented, and experimental
results from the open literature are used to both calibrate and validate the modeling
procedures. The primary variable under consideration is bolt-hole clearance, which
is chosen as it induces significant three-dimensional stresses into the joint, and signif-
icantly alters the bolt-load distribution in multibolt joints, and so provides a rigorous
test case for analysis.

The chapter opens with a general overview of composite bolted joint design,
including the common terminology used, the modes in which composite joints fail
and a description of the particular joining types being addressed in this Chapter A brief
overview of the design and modeling technique is then presented. Following this, an
analysis of single-bolt joints is carried out where the effects of bolt-hole clearance and
friction are investigated. The analysis of load distribution in multibolt joints is then
carried out, including failure predictions using bearing-bypass diagrams and issues
around modeling large joint assemblies. Finally, a progressive failure analysis is
carried out on multibolt joints. The chapter concludes with some further sources of
information and future trends in this research field.
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12.1.1 General overview of composite joint design

As mentioned, large commercial aircraft contain about three million fasteners, and so a
multitude of bolted joint configurations exist. However, despite this diversity, there is a
basic commonality in the stresses set up by the fastener or bolt load at a particular bolt-
hole, and the effect of other loaded bolt-holes on this stress distribution [1]. This allows
simplified coupon tests to be used in establishing design criteria and data for these
various joint configurations. The intent then is to combine a suitable number of test/
model results to represent the actual situation.

An example of reducing a complex primary structural joint down to a coupon test is
shown in Fig. 12.1, Fig. 12.1(a) shows the design of a hybrid composite-metal wing-
box that was proposed in the Technology Application to Near Term Business Goals
and Objectives (TANGO) [2] project. Fig. 12.1(b) shows an actual skin-stringer joint
that could be used to connect the outer composite wingbox to the inner metallic wing-
box. A representative “benchmark” for this type of joint is shown in Fig. 12.1(c).
Testing and analysis would be carried out on this “benchmark” structure to gain an
insight into its behavior and failure mechanisms. To date, most research has been car-
ried out at a coupon level on “benchmarks” similar, but often simpler, to that shown in
Fig. 12.1(c). Very little testing and analysis for actual aircraft joints have been reported
in the open literature, which is due to the extremely high costs and complexity asso-
ciated with such work. Hence, this chapter will mostly concentrate on the design
and analysis of coupon type composite bolted joints. However, consideration is given
to large joint assemblies (20 bolts), which is now possible to analyze using the global
finite element or closed-form approaches.

Metallic skin

Metallic
wingbox

CFC wingbox

A1 stringer

CFC
laminate
stringer

CFC
laminate

skin

Internal
splice plate

External
splice plate

A1 skin

Metal to composite skin-stringer joint

Stringer blade
splice plate

Metallic splice

CFC laminate
skin

Representative benchmark

Hybrid metal/composite wing

12 m

(a) (c)

(b)

Figure 12.1 (a) Proposed hybrid composite-metal wingbox, (b) metal to composite skin-stringer
joint, and (c) proposed representative benchmark joint [2]. CFC, carbon fiber composite.
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12.1.2 Terminology used in bolted joint design

Fig. 12.2 shows an illustration of some commonly used joint geometric design param-
eters. The length, L, usually consists of two regions: the overlap region and the
nonoverlap region. The length of the overlap region is defined by the portion of the
laminate that is in contact with another laminate, while the length of the nonoverlap
region is simply the remaining portion. The laminateelaminate contact interface
is often referred to as the “shear plane” or “faying surface.” The diameter, width,
thickness, and edge distance are defined as D, W, t, and E, respectively, as illustrated
in Fig. 12.2. In the case of multibolt joints, two additional parameters are used: the
distance (i.e., pitch) between bolt-hole centers along the loading direction, Pc (i.e.,
the column pitch), and transverse to the loading direction Pr (i.e., the row pitch).
Generally, two types of lap configurations exist, single-lap and double-lap, as shown
in Fig. 12.2. Failure modes are generally associated with failure planes, and these
planes are referred to as the bearing plane, the net-tension plane, and the shear-out
plane, which are again highlighted in Fig. 12.2.

12.1.3 Bolted joints failure modes

The design of composite joints requires a sound understanding of the different failure
modes. At a coupon level, there are generally six ways in which a composite bolted
joint can fail, referred to as bearing, net-tension, shear-out, cleavage, fastener
pull-through, and bolt failure, as illustrated in Fig. 12.3(a)e(f), respectively. Failure
can also occur in more than one mode, either simultaneously or consecutively. The
joint geometry predominantly controls the failure mode. However, other factors,
such as material type, ply orientation, bolt torque, and loading configuration also

Net-tension plane
Single-lap

Multi-bolt joint

Double-lap

L

E

D W

Pc

Pr

Shear-out plane

Shear-out plane

Bearing plane

t
Overlap regionNon-overlap region

Net-tension plane

Figure 12.2 Definition of joint geometric design parameters.
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contribute, and each failure mode results from entirely different damage mechanisms
occurring in the laminate and/or the bolt.

12.1.4 Problem description

12.1.4.1 Joint geometries

The single-bolt, single-lap joint, shown in Fig. 12.4(a), was used for the initial analysis
on bolted joints carried out in this chapter, as extensive experimental and numerical
results for this joint configuration were available from the literature [14e17]. The joint
geometry is based on the ASTM standard D 5961/D 5961 M-96, [18]. The geometric
ratios, w/d ¼ 6, e/d ¼ 3, and d/t ¼ 1.6, were designed to induce bearing failure. For
examining the load distribution in multibolt joints, the single-bolt joint, as in
Fig. 12.4(a) was extended to include three fasteners, as shown in Fig. 12.4(b).

(a) (b)

(c) (d)

A

(e) (f)

Figure 12.3 Failure modes in composite bolted joints:(a) bearing failure, (b) net-tension failure,
(c) shear-out failure, (d) cleavage failure, (e) fastener pull-through, (f) bolt failure.
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Following the analysis on these joints, this chapter also considers the analysis of com-
plex load distributions in large joint assemblies [19], and this will be assessed through
a global finite element analysis of a 20-bolt joint (see Fig. 12.5) in both single-lap and
double-lap joint configurations. All these aforementioned joint configurations were
used as benchmark studies in the EU Framework five project BOJCAS (Bolted Joints
in Composite Aircraft Structures) [19].

12.1.4.2 Materials

In this work, all joints were fabricated using a carbon fiber/epoxy composite material
manufactured by Hexcel composites, with designation HTA/6376. In the single-bolt
and three-bolt, single-lap joints, both laminates had a quasi-isotropic layup with stack-
ing sequence [45/0/-45/90]5s. Each ply had a thickness of 0.13 mm, yielding a total
laminate thickness of 5.2 mm. In the double-lap three-bolt joints, the splice plates
were manufactured from 16 plies, giving a nominal thickness of 2.08 mm, while the
skin plate was manufactured from 32 plies and was nominally 4.16 mm thick. In the
20-bolt joints, the 3.12 and 6.24 mm thickness laminates had stacking sequences of
[�45/0/90]3s and [�45/0/90]6s, respectively. Unidirectional lamina material properties

(a)

(b)
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5.2 75
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36 36
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Grip areaGrip area

Grip area Grip area
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Bolt 3 Bolt 2 Bolt 1

8

F8

Figure 12.4 Joint geometries (all dimensions in millimetres): (a) single-bolt, single-lap joint; (b)
three-bolt, single-lap joint [17,42].
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are listed in Table 12.1. The variables Eii, Gij, and yij refer to the modulus, shear
modulus and Poisson’s ratio in the principal material directions i, j (i, j ¼ 1, 2, 3),
respectively. The 6 and 8 mm diameter bolts were made from aerospace-grade
titanium alloy, while the nuts and washers were manufactured from steel. Both the
titanium and steel parts were modeled as isotropic bodies, and the material properties
are listed in Table 12.1.
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Figure 12.5 Twenty-bolt, single-lap, and double-lap joints with a bolt numbering system [19].

Table 12.1 Material properties.

Material
E11

(GPa)
E22

(GPa)
E33

(GPa)
G12

(GPa)
G13

(GPa)
G23

(GPa) n12 n13 n23

HTA/
6376

140 10 10 5.2 5.2 3.9 0.30 0.30 0.50

Titanium 110 110 110 42.6 42.6 42.6 0.29 0.29 0.29

Steel 210 210 210 80.8 80.8 80.3 0.30 0.30 0.30
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12.1.4.3 Bolt-hole clearance

As discussed previously, the main geometrical variable under investigation in this
work is bolt-hole clearance. Due to manufacturing tolerances on both the bolts and
the holes, it is inevitable that some bolt-hole clearance exists in bolted joints. In this
work, clearance is defined as the algebraic difference between the bolt diameter
and bolt-hole diameter, and the bolt-hole clearances chosen for this study are listed
in Table 12.2. For a nominal 8 mm hole diameter, they represent percentage clearances
of 0%, 1%, 2%, and 3% and are respectively coded C1eC4. Clearances C1 and C2 are
within current aerospace tolerances, while C3 and C4 are slightly outside. The latter
two are thus of interest in examining the possible effects of out-of-tolerance aerospace
holes (or fasteners), and also in nonaerospace applications. For further details on the
rationale for choosing these clearances, see McCarthy et al. [14]. The clearances
were obtained experimentally using four reamers of different diameters, specially
manufactured for this study to a tight tolerance by an aerospace supplier.

12.2 Finite element model

A typical finite element mesh for the joint is shown in Fig. 12.6. Five separate parts
were mesheddtwo laminates, two washers, and a combined bolt-nut. The meshing
of the laminates is similar to that used by Ireman [21], with a relatively high radial
mesh density near the hole and under the washer, where high-strain gradients exist.
Wedge elements were used to form the core of the bolt.

The boundary conditions are also shown in Fig. 12.6. In order to avoid potential
rigid body modes, light springs were applied to the components not fully constrained,
such as the bolt, washers, and bottom laminate. For the finger-tight (bolt torque ¼ 0.5
Nm) experiments modeled here, a bolt prestress of 7.2 MPa was applied (by artificially
heating the washer in a separate load-step), while for the highly torqued joints (bolt
torque ¼ 16 Nm) a 227 MPa prestress was applied. For further details on bolt tight-
ening, refer to McCarthy et al. and Lawlor [15,25]. Both contact and friction were
considered between each contacting interface in the model. See McCarthy et al. and
[15,17] for full details on contact and friction modeling in composite bolted joints.

Table 12.2 Bolt-hole clearances used.

Clearance code Nominal clearance (mm)

C1 0

C2 80

C3 160

C4 240
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12.3 Analysis of single-bolt joints

12.3.1 Effects of bolt-hole clearance

Fig. 12.7 shows the initial part of the load-displacement curves obtained from
experiments and simulations on neat-fit (i.e., C1 clearance in Table 12.2) and
240 mm (i.e., C4 clearance in Table 12.2) clearance single-bolt, single-lap joints,
with best-fit lines. From the figure, a reduction in slope (stiffness) due to increasing
clearance is clearly visible in the experimental and numerical results. The delay in
load take-up for the C4 clearance joint is similar for the experiment and simulation.
The C4 joint has a slight tendency to stiffen as load increases, which again is visible
in both the experimental and numerical results. This is not exhibited by the C1 joint.
Above about 9 kN the slope in the experimental plot drops due to the development of
damage in the joint; this is not reflected in the model, as no damage model was
implemented for this case (note that damage is considered in Section 12.5).

The joint stiffness was measured between 2 and 7 kN, for which the experimental
load-displacement curves were essentially linear. Table 12.3 lists the change in
stiffness as the clearance is varied from neat-fit (C1) to 240 mm (C4), for both the
experiments and the finite element models. It is evident that as clearance increases,
joint stiffness decreases, and it is also evident that the finite element models provide
an accurate prediction of this loss in stiffness.

The explanation for these variations in stiffness lies in the development of the con-
tact area between the bolt and the laminate. Fig. 12.8 shows the growth of the contact
area between the bolt and one of the laminates in the C1 clearance joint. It can be seen
that the contact area gets up to its final value quite quickly, with a contact angle of
160e170 degrees, which is fairly constant through the thickness. In the experiment,
the bolt was found to leave a silver-colored imprint on the inside of the hole, as shown
in Fig. 12.8(d) (highlighted for clarity). This is an indication of the maximum contact
area that developed during the experiment and was found to match that predicted by
the finite element model closely.

Top laminate

Bottom
laminate

z y

x
u = prescribed
v = w = 0

u = v = w = 0

Figure 12.6 Finite element model with boundary conditions [15].
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Figure 12.7 Load-displacement curves for a C1 and C4 clearance joint with quasi-isotropic
-lay-up: (a) experiments, (b) simulations [16].

Table 12.3 Reduction in joint stiffness as a function of bolt-hole clearancee simulations versus
experiments.

C1 C2 C3 C4

Model stiffness (kN/mm) 31.56 30.14 28.96 27.98

Percentage change from C1 (models) e �4.5% �8.24% �11.34%

Percentage change from C1 (experiments) e �1.9% �7.3% �10.4%
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In contrast, in the C4 joint, shown in Fig. 12.9, significant contact is not made until
the clearance is taken up, and initial contact is over a very small contact arc. As the load
increases, the bolt tilts, and the contact area grows quite gradually. Even at high loads,
the contact area is still much less than in the C1 joint, with a value of 100e105 degrees
at the shear plane, reducing to 55e60 degrees at the free face of the laminate. This
result highlights the importance of using a three-dimensional analysis method to
examine the effects of clearance in single-lap joints. Note that the contact area in
the model again agrees well with the imprint left by the bolt in the experiment. The
gradual nature of the increase in contact area explains the continuing stiffening of
the C4 joint with increasing load, while the lower final contact area explains the lower
stiffness of the C4 joint compared to the C1 joint.

12.3.2 Effects of friction

For the friction study, the bolt was torqued to the recommended in-service level of 16
Nm, thus providing a high degree of lateral constraint. Two different bolt-hole clear-
ances were tested. The first, being a control case, had a neat-fit (i.e., C1) clearance
while the other had a 240 mm (i.e., C4) clearance and was chosen to provide some
finite relative slipping between the composite parts, thus presenting a rigorous test
for the friction models. Note that the bolts were initially centered in the holes using
a custom-built assembly jig. For further details of the experimental methods refer to
Ref. [14].

From these experiments, load-displacement curves were obtained, as shown in
Fig. 12.10(a). Fig. 12.10(b) and (c) show close-ups of the initial behavior for the

(a) (b) (c) (d)

Figure 12.8 Development of the contact area in the C1 joint: (a) initial contact, (b) intermediate,
(c) final contact, (d) experiment contact [16].

(a) (b) (c) (d)

Figure 12.9 Development of the contact area in the C4 joint:(a) initial contact, (b) intermediate,
(c) final contact, (d) experiment [16].
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neat-fit and 240 mm clearance joints, respectively. From these curves, the following
characteristics can be noted:

1. All tests initially show fairly linear behavior up to about 2 kN applied load. The slope
(marked “Slope 1” in Fig. 12.10(b) and (c)) is similar for both clearances. This is most likely
because this region is dominated by static friction forces, which would be independent of
bolt-hole clearance, and therefore, the same for all joints.

2. Above 2 kN, the joints begin to slip, and the behavior transitions to a new region of quasi-
linearity with a reduced slope “Slope 2.” In the transition region, the clearance is taken up in
the 240 mm clearance joints; because the bolts were initially centered in the holes, no bolt-
hole contact is made until the end of the transition region.

3. There is good repeatability between the tests with virtually no distinction between the initial
slopes (Slope 1) in any test, while Slope 2 in the neat-fit clearance cases had an average value
of 50.37 kN/mm with a standard deviation of 0.99 (2%) and in the 240 mm clearance cases
had an average value of 37.06 kN/mm with a standard deviation of 1.74 (4.7%). The differ-
ence in Slope 2 for the two clearance cases was due to differences in the developing contact
area between the bolt and the hole, as described in Section 12.3.1 above.

As expected, the 240 mm clearance joints are particularly interesting because there
are three distinct regions of behavior, as the load increases: the first dominated by static
friction, then the transition region dominated by kinetic friction, then a final region in
which the stiffness is due to bolt-hole contact forces as well as friction.

The finite element model described in Section 12.2 was used here to model the
friction experiments described above. However, to simulate the 16 Nm torque, a
bolt prestress of 227 MPa was applied. This value was obtained experimentally
from the axial gauges in the shank of a specially manufactured instrumented bolt, as
discussed previously. For comparison, both the continuous and stick-slip [26] friction
models (available in MSC Marc finite element code) was used to account for friction
between the contacting interfaces. The friction coefficients were chosen to be 0.1, 0.3
and 0.45 between the bolt/laminate, washer/laminate and laminate/laminate interfaces,
respectively. More details on friction coefficient selection can be found in Ref. [17].

The load-deflection response from both friction models (i.e., the continuous and
stick-slip friction models) are shown in Fig. 12.11 together with the experimental
curve. Both friction models represent the behavior in the experiment reasonably
well. The sharp change from static friction (Slope 1) to kinetic friction (transition
region) is slightly better represented by the stick-slip friction model. This is because
the continuous model does not model static friction exactlydthere is always some
relative movement between parts because the model never forces the parts to truly
“stick.” The load-displacement curve for the stick-slip model with the laminatee
laminate friction coefficient reduced to 0.42 results in generally excellent agreement
with the experiment. The model prediction using this reduced friction coefficient for
the C1 joint is shown in Fig. 12.11(b). Again excellent agreement is obtained.

The finite element model can provide fundamental insight into the breakdown of
load transfer in the joint. Fig. 12.12(a) shows a free body diagram of the forces acting
on the laminate in the direction of the applied load (i.e., the x-direction in Fig. 12.6).
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Fig. 12.12(b) shows the component of each of these forces in the x-direction for a C4
clearance joint, and the following observations can be made:

• Friction forces between the two composite laminates dominate the initial slope of the load-
displacement curve

• At approximately 0.08 mm joint displacement, the nonfixed laminate starts to slip. At this
point (point A, Fig. 12.12(b)) the laminateelaminate friction changes from static to kinetic
friction and starts to reduce in magnitude

• Also at 0.08 mm joint displacement, the friction forces under the washer start to increase,
reaching a maximum just before the bolt contacts the laminate. The increase in washere
laminate friction force is most likely due to the tipping of the bolt in the hole, and the
resultant “digging in” of the washer into the laminate

• The friction force between the bolt and the laminate possesses a very small component in the
x-direction, which is due primarily to the friction force along the longitudinal axis of the bolt,
which because of tipping, is not exactly perpendicular to the x-direction

• At approximately 0.38 mm joint displacement the bolt starts to transfer load, at which point
the friction forces between the composite laminates and under the washer start to decrease
significantly

This analysis shows that as far as the load-displacement curve is concerned, the
dominant friction coefficient is that between the laminates, except toward the end of
the “transition” region where the washer-laminate coefficient becomes significant.
This exercise also shows the insight that can be gained with finite element analysis,
since this load breakdown would be very difficult to obtain experimentally.

12.3.3 3D stress analysis in protruding-head joints

The effects of clearance on the stress distribution in the laminate around the hole
boundary are presented first for a model in which homogeneous anisotropic material
properties for the laminates were used. This is the approach often used in previous
studies and gives an overview of the effects of clearance without the complexity
present in the layered stress results, which are given later. Fig. 12.13 shows the radial
and tangential stresses at the hole for the quasi-isotropic lay-up in both a neat-fit (i.e.,
C1 clearance) and 240 mm (i.e., a C4 clearance) clearance joints. The applied load level
for these graphs was 5 kN, which was within the elastic range of the experiments. The
stress is seen to vary through the thickness being highest at the shear plane, or faying
surface. Clearance is seen to have the following effects. The peak radial stress
increases with increasing clearance (due to the load being distributed over a smaller
contact area). The location of the maximum tangential stress varies with clearance,
generally being near the end of the contact region. This also implies that the direction
of the peak tangential stress changes. The magnitude of the peak tangential stress
increases slightly with increasing clearance.

All of these findings are in agreement with previous two-dimensional studies on
clearance [39e41]. In addition, it can be seen that compressive tangential stress exists
at the back of the hole (qy �180 degrees) in both clearance cases, and at the bearing
plane (qy 0�) in the C4 clearance case.

The ply-level radial stress distribution for a model with layered properties is shown
for the C1 clearance, quasi-isotropic joint in Fig. 12.14. The highest radial stress occurs
in layer No. 2, which is the second ply from the shear plane and is orientated at 0 degree
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Figure 12.13 Radial and tangential stresses in C1 and C4 clearance joints (quasi-isotropic
lay-up) with homogeneous, orthotropic material properties, at 5 kN applied load: (a) radial
stress, C1 clearance, (b) tangential stress, C1 clearance, (c) radial stress, C4 clearance,
(d) tangential stress, C4 clearance. From [16]
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with the loading direction. As can be seen, all the 0 degree plies are most highly stressed
at the 0 degree location (the bearing plane), all the þ45 degrees plies are most highly
stressed near the þ45 degrees location, and all the �45 degrees plies are most highly
stressed near the �45 degrees location. The 90 degrees plies experience their highest
stresses at an angle less than�90 degrees, which varies through the thickness; the angle
is less than �90 degrees since the contact angle is less than 180 degrees.

The tangential stresses around the hole boundary for the C1 quasi-isotropic joint are
shown in Fig. 12.15. The tangential stress in each layer is positive except for some
plies near the free surface of the laminate at the back of the hole (qy �180 degrees).
The highest tangential stresses overall occur in all the 0 degree plies near the �90
degrees location (net-section plane). The highest tangential stresses in theþ45 degrees
plies occur near the �45 degrees location because the þ45 degrees plies are stiffest in
the tangential direction at this point. The opposite is also true for the�45 degrees plies.
A second, but the lower peak is also experienced in the þ45 and �45 degrees plies at
locations of 135 and �135 degrees, respectively. Again this is due to the plies being
stiffest at these locations. Finally, the stresses in the 90 degrees plies are highest at the
0 degree location, once again due to their high stiffness in the tangential direction at
this location. Thus, for the C1 quasi-isotropic joint, the highest tangential stresses
occur in each ply at locations along the hole boundary, where they are stiffest in the
tangential direction.

The radial stress distribution for the C4 clearance, quasi-isotropic joint is shown in
Fig. 12.16. Similarly to the C1 joint (Fig. 12.14), the highest radial stresses occur in
0 degree layer nearest the shear plane (layer No. 2), but the stress in this ply is
much higher in the C4 case. Interestingly, quite high stress levels exist in the C4 joint
all the way through the thickness, whereas in the C1 joint (Fig. 12.14) the stresses tend
to drop off to very low levels as the free surface of the laminate (i.e., ply No. 40) is
approached. Fig. 12.16 shows that the radial stresses in the 0 degree plies are highest
at the 0 degree location, as for the C1 case. However, differently from the C1 case,
the þ45 and �45 degrees plies do not peak at their stiffest locations, but at an angle
of approximately þ15 and �15 degrees, respectively. This is due to the contact
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Figure 12.15 Tangential stress distribution in each layer of the C1 clearance quasi-isotropic
([45/0/�45/90]5s) joint at 5 kN applied load. Layer No. 1 is located at the shear plane [16].
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pressure being applied over a reduced contact angle. The peak radial stress value for
these plies is also increased compared to the C1 case.

The tangential stresses around the hole boundary for the C4 quasi-isotropic joint are
shown in Fig. 12.17. Different from the C1 joint (Fig. 12.15), the tangential stresses are
negative in a region bounded by the�30 degrees location in all plies except for two 90
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degrees plies located nearest the shear plane. In addition, the negative tangential
stresses at the back of the hole (qy �180 degrees) experienced in the C1 case are
more pronounced in the C4 case. This is in line with the findings for homogeneous
properties above. The peak tangential stress has also increased slightly and unlike
the C1 case, occurs in the þ45 and �45 degrees plies, not in the 0 degree plies.
This is in line with the finding from the previous section that the peak tangential stress
shifts toward the bearing plane (0 degree location) in the presence of clearance.

12.4 Analysis of multibolt joints

12.4.1 Bolt-load distribution in joints

Load-distributions in single-lap, multibolt joints are now presenteddfor further details
see Ref. [42]. The specimen geometry is shown in Fig. 12.4(b); also shown in this
figure is the hole numbering used. All tests were carried out with protruding-head
bolts, torqued to 0.5 Nm (finger-tight), with steel washers both on the nut and head
side. The clearances chosen for this study were the same as in the single-bolt joint
study (see Table 12.2). For the present study, two different clearance variations
were examined and are listed in Table 12.4. In the first case, the clearance was
neat-fit at each bolt and is designated C1_C1_C1. In the second case, a small 80 mm
clearance was present at bolt-hole No. 3, and this case is designated C1_C1_C2.
Both cases were examined in a load distribution study involving tests in the linear
elastic loading regime for the joints.

For measuring the load distribution, standard aerospace bolts were fitted with strain
gauges. Both shear and axial load could be measured. A three-dimensional finite
element model with linear elastic material properties was developed for calculation
of load distribution prior to initiation of material failure and comparison with
instrumented bolt results. Model details are similar to those of the single-bolt model
above, with a full-contact analysis being performed for all bolts, washers, and holes.

Fig. 12.18 shows the load distribution from the instrumented bolts for the
C1_C1_C1 (all holes neat-fit) case and the C1_C1_C2 case (80 mm clearance in
Hole 3 e see Fig. 12.4 for hole numbering). Shown also are results from the
three-dimensional finite element model where the agreement between the experimental

Table 12.4 Joint clearance cases examined.

Case code

Nominal clearance (mm)

Hole 1 Hole 2 Hole 3

C1_C1_C1 0 0 0

C1_C1_C2 0 0 80

C4_C1_C1 240 0 0

C3_C3_C1 160 160 0
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and numerical results in terms of load distribution between the bolts is considered
very good.

The usual assumption in such a three-bolt joint is that the outer two bolts take an
equal load, while the inner bolt takes less load [42]. This was borne out in the
C1_C1_C1 case (Fig. 12.18), with the outer two bolts each taking w35% of the
load at 15 kN applied load. However, in the C1_C1_C2 joint, it can be seen that
even a small change in clearance conditions can change the distribution significantly
(note: the C2 clearance is within allowable aerospace tolerances). In this case, the
bolt in the largest clearance hole (Bolt 3) initially does not take any load, since it
has been centered in the hole by the positioning jig. Bolt 2 (the center bolt) takes
the most load. Once Bolt 3 begins to pick up load, the percentage load taken by
Bolt 2 begins to drop, and one might speculate that if the joint remained elastic to
high enough loads the load distribution might approach that in the C1_C1_C1 case.
However, at 15 kN applied load, Bolt 3 still takes only about 22% of the load, with
78% of the load being shared equally by Bolts 1 and 2. Later tests showed initial dam-
age occurs at 20 kN, so it is unlikely that the Bolt 3 load ever overtakes the Bolt 2 load
in the C1_C1_C2 case.

12.4.2 Failure prediction using bearing-bypass diagrams

For this study, two different joint configurations were considered. The first was a
C1_C1_C1 joint with neat-fit clearances at each bolt-hole, and the other
(C4_C1_C1) had a 240 mm clearance at bolt-hole No. 1, as shown in Table 12.4.
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Three tests to failure on the C1_C1_C1 joint configuration were carried out in
Ref. [42]. The study found that one joint failed in net-tension at hole 1 in the lower
laminate at a joint load of 80 kN, while another failed by net-tension at hole 3 in
the top laminate at 84 kN. The third joint tested failed by bolt failure at 76 kN. It
should be noted that bearing damage was evident at holes where bolt failure occurred.
However, as this damage mode is noncatastrophic, high loads are transferred through
the bolt until high joint loads, causing bolt failure. The predicted bearing/bypass
diagram is shown in Fig. 12.19 [44]. A star is placed where the bearing/bypass stress
curve intersects the ultimate failure envelope and indicates the failure mode and stress
level at which the joint fails. The failure load is determined by evaluating the joint load
at which the bearing/bypass stress curve intersects the failure envelope. As can be seen,
bearing failures are predicted to initiate (inner envelope) at hole 3 in the bottom
laminate and hole 1 in the top laminate simultaneously, which occurred at a joint
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Figure 12.19 Bearing bypass diagram for C1_C1_C1 joint: (a) top laminate, (b) bottom
laminate [44].
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load of 62 kN. Ultimately, failure is subsequently predicted to occur by net-tension at
hole 1 in the bottom laminate or hole 3 in the top laminate, which is in agreement
with the experiments. This occurred at 67.4 kN, which underestimates the average
experimental value by 17.8%.

Three tests to failure on the C4_C1_C1 joint configuration were also carried out in
Ref. [42]. Similarly to the C1_C1_C1 joint, one joint failed in net-tension at hole 1 in
the bottom laminate at 78 kN, and another failed in net-tension at hole 3 in the top
laminate at 82 kN. The third joint tested failed by bolts 2 and 3 failing simultaneously
at a joint load of 79 kN. The predicted bearing/bypass diagram is shown in Fig. 12.20.
As can be seen, a bearing failure initiates at hole 3 in the bottom laminate, and this
occurred at a joint load of 56 kN, which is approximately 10% lower than in the
C1_C1_C1 joint. In addition, failure is also predicted to initiate in bearing at hole 2
in the top and bottom laminate at a higher load of 62 kN. Ultimate failure was
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Figure 12.20 Bearing bypass diagram for C4_C1_C1 joint: (a) top laminate, (b) bottom
laminate [44].
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predicted to occur by a net-tension failure at hole 3 in the top laminate at a joint load of
67.2 kN. However, it is interesting to note that at a slightly higher load level (68 kN)
the hole 1 bottom laminate bearing/bypass stress curve intersected the failure envelope
at a different location. Hence, although the bypass stress is considerably higher at hole
1 in the bottom laminate than at hole 3 in the top laminate, the combination of bearing
and bypass stresses at these holes result in essentially equal probabilities of failure,
which explains the experimental observation. In summary, the failure sequence
for this joint is bearing failure initiation at hole 3 in the bottom laminate at 56 kN,
followed by bearing failure initiation at hole 2 in the top and bottom laminates at
62 kN and finally, net-tension failure at hole 3 in the top laminate (or possibly hole
1 in the bottom laminate) at 67.2 kN. The predicted ultimate failure load is an under-
estimation of 16% compared to the experimental result, but the location of failure and
failure mode are in good agreement.

12.4.3 Modeling large joint assemblies

Modeling large joint assemblies using three-dimensional finite element analysis, like
that described in Section 12.1.4.1 above, is still not yet feasible in an industrial
environment where many joint configurations may need to be analyzed and assessed
very quickly. Hence, to model large joint assemblies, global finite element approaches,
like that described in Refs. [31e34,36,37], can provide designers with rapid design
tools that can produce bolt-load distributions and stresses in composite panels quickly.

The capability of a global method (described in Ref. [34]) to model complex load
distributions is assessed here through a global FE analysis of a 20-bolt joint, shown in
Fig. 12.5, in both single-lap and double-lap joint configurations. The presence of a hole
at the center of the structure gives rise to a more complex load distribution i.e., an
increased presence of bolt-load components in both in-plane (i.e., X and Y) directions.
As stated previously, this joint configuration was used as benchmark studies in the EU
Framework 5 project BOJCAS [19]. As before, the joint was fabricated using a carbon
fiber/epoxy composite material manufactured by Hexcel composites, with designation
HTA/6376. The 3.12 and 6.24 mm thickness laminates had stacking sequences of
[�45/0/90]3s and [�45/0/90]6s, respectively. The 6 and 8 mm diameter bolts were
made from aerospace-grade titanium alloy and the material properties, and are again
listed in Table 12.1. The joint configurations analyzed are presented in Table 12.5.
The single-lap joints were loaded to 250 kN, while a compressive load of 200 kN
was applied to the double-lap joint.

Table 12.5 Joint configurations.

Joint Joint type Description Loading

A Single-lap All bolts present Tension

B Single-lap Bolt 13 removed Tension

C Single-lap Bolts 19 and 20 removed Tension

D Double-lap All bolts present Compression
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12.4.4 Load distribution in large joint assemblies and effects of
missing fasteners

The results from the load distribution analysis on the 20-bolt joint are illustrated in
Fig. 12.21, where the percentages of the total joint load carried by each fastener in
the structure are presented together with bolt-hole contact angles. Comparison with
load distributions from experimental results was not possible, as results from tests
involving instrumented fasteners were not available. However, load distribution results
from the fully validated numerical approach of Friberg [48,49] were available and have
thus been used for the purposes of comparison. Regarding Joint A (see Table 12.5),
excellent agreement between the global model and Friberg’s Method [49] was
obtained in terms of the load sharing capacity of each individual fastener. A degree
of fluctuation in the percentage of the load carried is seen between Bolts 6 and 10.
It should be noted that the fasteners located quite close to the hole at the center of
the structure (such as Bolts 7, 8, 10, 11, 11, and 14) experience relatively low bolt
loads. In terms of the bolt-load angles (which were computed from components of
bolt-load acting in the X and Y directions at each fastener location), good agreement
was also obtained between the global model and Friberg’s model [49]. It can be clearly
seen that bolts located away from the hole at the center of the structure experience high
contact angles, while bolts located on the X-axis of symmetry experience very low
contact angles.

In Joint B, the presence of a missing fastener at location 13 results in a notable
change in the load distribution. The fasteners located in the lower half of the structure
take a higher portion of the overall joint load and experience slightly higher contact
angles. This effect was captured quite well by both the global model and Friberg’s
Method. In Joint C, missing bolts at locations 19 and 20, results in a redistribution
of the load to Bolts 16, 17, and 18 and again good agreement was obtained between
both methods of load distribution analysis. This would suggest that the removal of
bolts results in a localized effect, where bolts which are located close to open holes
carry more load.

12.5 Failure analysis of joints

12.5.1 Progressive damage analysis

In order to perform a progressive failure analysis of composite materials, it is essential
that the failure mode (i.e., fiber failure, matrix failure, etc.) be evaluated so that
the appropriate material properties can be degraded accordingly. For example, if fiber
failure is detected, the longitudinal modulus, E11, could be reduced to simulate the loss
of load-carrying capacity in that direction, whereas the transverse moduli, E22 and E33,
could be considered to be unaffected and consequently not altered. A well-known
failure theory that can predict failure mode, as well as failure load, and had been
used previously for failure analysis of bolted joints [50e52] is the theory developed
by Hashin [53], that was adopted herein. Once failure is detected at a material point,
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bolt-load angles redrawn from [49].
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the material properties are reduced according to the damage law imposed. Full details
of the damage modeling approach, including the property reduction scheme used here-
in, are given in Ref. [55]. For completeness, Table 12.6 lists the strength data for the
material used in this study (HTA/6376). These strengths are typical mean values, and
no reduction due to scattering or defects has been made.

12.5.2 Damage modeling in multibolt joints

The joint under investigation in this study is shown in Fig. 12.22(a). It is of double-lap
configuration and consists of three bolts “in-line,” six washers, three nuts, two splice
plates (outer plates), and one skin plate (middle plate). Protruding-head bolts
were used and were torqued to a low value (0.5 Nm) to represent a finger-tightened
condition. Hence, friction was not considered in the analysis. Again, the laminates
were made from a carbon fiber/epoxy matrix system (HTA/6376), and were stacked
in a quasi-isotropic configuration [45/0/�45/90]ns. The splice plates were manufac-
tured from 16 plies giving a nominal thickness of 2.08 mm. The skin plate was
manufactured from 32 plies and was nominally 4.16 mm thick. After assembly, the
joint was subjected to a tensile load, applied quasi-statically.

The ABAQUS finite element model is shown in Fig. 12.22(b). Due to symmetry,
only one-quarter of the joint was modeled, with symmetric boundary conditions at
the symmetry planes, as shown. The gripped areas in Fig. 12.22(a) were not modeled
as they were assumed to be perfectly clamped. The washers were not modeled
discretely. Instead, the outer diameter of the bolt head and nut were set equal to the
outside diameter of the washer (14 mm). Pre-stress was introduced to the bolts using
a PRE-TENSION SECTION option available in ABAQUS. In the experiment, the skin
plate was held stationary, and the splice plates were loaded by applying a displacement
quasi-statically to their ends. For simulating this loading, prescribed displacements
were applied to the end of the skin and splice plate, as shown in Fig. 12.22(b). Again,
light springs were attached to the bolts and splice plate to prevent rigid body motions.

By using the unidirectional stiffness properties of the composite material
(HTA/6376) in Table 12.1, the laminates were modeled with one orthotropic solid
element per ply in the thickness direction, leading to 16 elements through-thickness
for both the splice plate and skin plate. As before, the titanium bolts were modeled
with isotropic material properties, with material constants Eb ¼ 110 GPa, nb ¼ 0.29.
Linear 8-node hexahedral brick elements with a reduced integration scheme were
used for the laminates and bolts. This element formulation was used to reduce the
cost of the analysis and size of the output files, which were very large.

Table 12.6 Material strength data for HTA/6376 [52].
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12.5.3 Load-redistribution after bearing failure in multibolt
joints

Results from two joints with different clearance configurations are presented here. The
first joint, designated C1_C_C1, represented the control case having a neat-fit at each
hole. The second joint, designated C3_C3_C1 (see Table 12.4 for the clearance codes),
had a 160 mm clearance at holes 1 and 2 and a neat-fit at hole 3.

The bolt-load distribution for C1_C1_C1 joint, as determined from the experiment
and the finite element model, is shown in Fig. 12.23. In agreement with previous
studies [56e58], the two outer bolts (bolts 1 and 3) carry the highest amount of
load during the linear portion of the loading history. However, at approximately
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45 kN (50 kN in the experiment), a significant disruption of the bolt-load distribution
occurs. The experiments revealed that this was due to bearing failure at holes 1 and
3. This causes a reduction in the load carried at these two holes and consequent transfer
of load to hole 2. At about 52 kN, the simulation indicates bearing failure of hole 2 (the
experiment possibly predicts such a failure at 56 kN), and thereafter, the load distribu-
tion starts to even out (which is evident from both the simulation and the experiment).

The bolt-load distribution for the C3_C3_C1 joint (i.e., 160 mm clearances at hole 1
and 2, neat-fit at hole 3) is shown in Fig. 12.24. Because of the 160 mm clearance at
holes 1 and 2, bolt 3 carries the entire applied load until a joint load of approximately
10 kN. At this point, bolt 1 followed by bolt 2 starts to pick up the load, but bolt 3 still
remains the most highly loaded. At a joint load of approximately 27 kN (37 kN in
the experiment), bearing failure occurs at hole 3. Thereafter, the experiment and
simulation both predict that the load evens out, with the experiments predicting a
more dramatic redistribution of the load.

40

35

30

25

20

15

10

5

0

40

35

30

25

20

15

10

5

0

Applied load (kN)

B
ol

t l
oa

d 
(k

N
)

B
ol

t l
oa

d 
(k

N
)

Applied load (kN)

Significant failure event

Significant
failure event

Bolt 1 (neat-fit)
Bolt 2 (neat-fit)
Bolt 3 (neat-fit)

Bolt 1 (neat-fit)
Bolt 2 (neat-fit)
Bolt 3 (neat-fit)

0 10 20 30 40 50 60 70 80

0 10 20 30 40 50 60 70 80

(a)

(b)

Figure 12.23 Bolt-load distribution in the C1_C1_C1 double-lap joint: (a) Experiment,
(b) simulation [55].
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Table 12.7 shows a summary of the first significant failure loads determined from
the experiments and simulations. Both the experiments and simulations show that
bolt-hole clearance has a strong effect on the load at which first significant failure
(i.e., bearing failure at one of the holes) occurs. This “initial strength” is relevant for
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Figure 12.24 Bolt-load distribution in the C3_C3_C1 double-lap joint: (a) Experiment,
(b) simulation [55].

Table 12.7 Experimental and finite element predictions of first significant failure (bearing
failure at one or more holes).

Joint code

Experiments Simulations

Load at first
significant
failure (kN)

Percentage
difference
from joint A

Load at first
significant
failure (kN)

Percentage
difference
from joint A

C1_C1_C1 50.5 e 45 e

C3_C3_C1 37.8 �25.1% 27 �40%
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the design of aircraft structures for limit load, so clearance is evidently a highly signif-
icant variable for aircraft design. The C3_C3_C1 joint experimental result shows a
25.1% decrease in initial strength, compared to the neat-fit control case (i.e.,
C1_C1_C1 joint). The finite element model predicts a 40% decrease.

12.5.4 Progression of damage in multibolt joints

In this section, the effects of clearance on the damage response of the C1_C1_C1
double-lap joint (i.e., a control case) and the C3_C3_C1 double-lap joint (i.e., a
worst-case scenario in the sense that all the load is initially carried by one bolt) are
investigated. The progression of damage in the joints is shown at the applied load
levels of 10, 30, and 50 kN for the four different failure modes considered, i.e., tensile
matrix failure; compressive matrix failure; tensile fiber failure and compressive
fiber failure. These load levels were chosen so that the damage could be tracked
from initiation up to the point of extensive damage.

12.5.4.1 Damage progression in the C1_C1_C1 joint

The progression of damage at hole 1, hole 2 and hole 3 in the C1_C1_C1 joint is
shown in Figs. 12.25e12.27, respectively. The pictures show the damage in each
mode in both the splice plate (top plate in the figures) and the skin plate (bottom plate
in the figures). At 10 kN, no damage is detected in any mode at any hole. At 30 kN,
significant compressive matrix failure is present at holes 1 and 3 (with somewhat
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Figure 12.25 Progression of damage at hole 1 (neat-fit clearance) in the C1_C1_C1 joint [55].
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Figure 12.26 Progression of damage at hole 2 (neat-fit clearance) in the C1_C1_C1 joint [55].
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Figure 12.27 Progression of damage at hole 3 (neat-fit clearance) in the C1_C1_C1 joint [55].

360 Polymer Composites in the Aerospace Industry



less at hole 2) in both the skin and splice plates. Considerable tensile matrix failure is
also present at hole 1 in the skin plate and at hole 3 in the splice plate. By 50 kN,
significant tensile fiber failure near the net-tension plane exists at hole 1 in the skin
plate and hole 3 in the splice plate. In addition, compressive fiber failure has occurred
at each hole in each laminate at the bearing plane (considerably more in holes 1 and 3
than hole 2). This indicates bearing failure at holes 1 and 3 and imminent bearing
failure at hole 2. The above observations are consistent with the findings on bolt loads
in the previous section, where it was found that bolts 1 and 3 took more load than bolt
2, and bearing failure occurred in holes 1 and 3 at 45 kN after which some load trans-
ferred to bolt 2. The fiber and matrix tension failures are of interest since they provide a
pointer to the ultimate failure mode of the joint in the experiment, which, in this case,
was by net-tension failure at hole 3 in the splice plates. Unfortunately, the models
generally failed to provide a convergent solution all the way to ultimate failure, due
to severe distortion of the damaged elements, and so ultimate failure load prediction
was not possible.

An interesting feature of these figures is the difference in damage states at holes
with the same bearing load but different bypass loads. For example, contrast holes 1
and 3 in the splice plate at 50 kN applied load. The bearing (bolt) load at hole 1 is
obtained from Fig. 12.23(b) as approximately 17=2 kN or 8.5 kN (division by two oc-
curs because there are two splice plates sharing the bolt load). The bearing load at hole
3 is the same. However, the bypass load at hole 1 in the splice plate is zero, while the
bypass load at hole 3 is ð50-17Þ=2 kN or 16.5 kN. If the fiber failures at holes 1 and 3 in
the splice plate (top plate in Figs. 12.6 and 12.27) at 50 kN applied load are now
compared, it can be seen that the compressive fiber failure state is very similar at
both holes, while the tensile fiber failure state is very different with much more
failures around hole 3, especially at the net-tension plane. Thus, by explicitly modeling
each bolt and hole in a multibolt joint, the correct bypass stresses are obtained. Finally,
for this joint configuration, the first fiber failure was detected at a joint load of approx-
imately 38 kN, which is 7 kN less than the load for first bearing failure. Thus, if fiber
damage is to be avoided, the load for this joint should be kept below 38 kN.

12.5.4.2 Damage progression in the C3_C3_C1 joint

The progression of damage at hole 1, hole 2 and hole 3 in the C3_C3_C1 joint is
shown in Figs. 12.28e12.30, respectively. As can be seen, in contrast to the
C1_C1_C1 joint, considerable compressive matrix damage is present at hole 3 at
just 10 kN applied load, which is due to all the load initially being taken by bolt 3,
while clearance is taken up at holes 1 and 2 (note that the bolts were initially centered
in the holes). At 30 kN, compressive fiber failures are present in the splice plate at hole
3, indicating bearing failure. At 50 kN, bearing failure is also evident at hole 1 in the
splice plate, but no compressive fiber failures exist for hole 2 indicating no bearing
failure at hole 2. These findings are all consistent with the progression of the bolt loads
in Fig. 12.24(b). Thus, the failure sequence for this joint is bearing failure at hole
3, followed by bearing failure at hole 1 and eventually bearing failure at hole 2 (if
ultimate failure due to net tension does not occur first).
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Figure 12.28 Progression of damage at hole 1 (160 mm clearance) in the C3_C3_C1 joint [55].
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Figure 12.29 Progression of damage at hole 2 (160 mm clearance) in the C3_C3_C1 joint [55].
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First, fiber failure was detected in this joint at 17 kN, which is 55.3% less than the
neat-fit control case (i.e., the C1_C1_C1 joint). This highlights that joints with variable
clearance incur significant joint damage at much lower loads than joints with all
neat-fit bolt-holes.

12.6 Future trends

A future trend in composite bolted joint design is the use of more advanced continuum
damage mechanics approaches to model joint failure so that nonlinear shear behavior
and gradual stiffness degradation can be implemented. An important element of joint
failure is delamination, and many efforts are being undertaken to implement delami-
nation in finite element models. However, for bolted joints analysis this poses many
problems due to the large number of delamination interfaces in thick laminates,
coupled with the fact that delamination normally occurs at the bolt-hole where
significant contact mechanics are also at play. This makes modeling very challenging
since newly formed delamination surfaces can potentially become new contact
surfaces as the joint deforms during failure. In addition, mitigating mesh-sensitivity
effects in damage modeling is a significant current and future challenge. It needs to
be proved that any numerical predictions of joint strength are independent of the un-
derlying mesh used for the analysis. A number of approaches exist for mitigating
mesh-sensitivity effects, such as crack-band models, nonlocal approaches and damage
delay procedures, but as yet, no one technique has been shown to be the most suitable
approach for bolted joints analysis.
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Figure 12.30 Progression of damage at hole 3 (neat-fit clearance) in the C3_C3_C1 joint [55].
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Another approach that is recently receiving considerable attention is multiscale and
multilevel joint analysis. In this approach, a global model is used to model the entire
structure, where the fastener region is modeled approximately. By using this global
model as a driver, a local model of the joint is constructed where many details are
included, such as the bolt, washer, composite material, contact and friction, and
material damage in both the fastener and surrounding composite. However, efficient
approaches are still needed to provide a methodology to facilitate feedback from the
local model to the global model, so that more accurate global predictions of the
structural response to load would be possible.

Joints represent the “weak-link” in any structure and are, in most cases, the location
where structural failure initiates. For safety-critical structures, such as primary load-
bearing joints in aircraft, it would be highly advantageous to be able to monitor the
health of joints in real time throughout their design life. In the aerospace sector, the
demand to maintain airworthiness by performing regular inspections becomes clear
when realizing that the design life of, say, a typical short-range jet aircraft is approx-
imately 50,000 flights. This example illustrates the extensive loading history, which
the structure, with special emphasis on its joints, has to withstand during its operational
life, including many accidently induced damages and cracks. The recently introduced
Structural Health Monitoring (SHM) concept is aimed toward real-time structural
airworthiness assessment as an alternative to traditionally scheduled maintenance
inspections. Applying this concept to structural joints will enable structural airworthi-
ness deterioration to be monitored in real-time, significantly reducing maintenance
costs by increasing the presently scheduled maintenance intervals. Furthermore, it is
also expected that by adopting the SHM concept, new aircraft design will require
fewer access panels to gain access for inspections, especially in the wing, further
significantly increasing the structural efficiency. For secondary, noncritical joints, it
would also be advantageous to be able to check joint health during routine inspections.
Hence, joint health monitoring tools are urgently required, and so research in this area
is due to receive a considerable amount of attention in the near future.

Finally, and as stated previously, approximately half of an aircraft’s parts are
fasteners. There is an enormous drive in the industry to reduce fastener requirements,
and so novel joining approaches will form a significant base for future research.
However, bolting will probably never be fully replaced, so novel approaches to
optimize bolt patterns to both reduce the number of bolts and increase the strength
of the joint still remains a major challenge.

12.7 Conclusions

This chapter has presented both local and global finite element approaches to assist in
the design and failure analysis of composite bolted joints. The primary variable under
consideration was bolt-hole clearance, which was chosen as it induces significant
three-dimensional stresses into the composite laminates, and significantly alters the
bolt-load distribution in multibolt joints, and so provides a rigorous test case. It was
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shown that bolt-hole clearance significantly increases the stresses at the bolt-hole, and
this causes both matrix and fiber damage to occur earlier in the loading history. Hence,
for limit load design, or design that requires no fiber damage, clearance should be
considered an important parameter. However, it was found that bolt-hole clearance
did not have a significant effect on the ultimate failure load of joints, which was
due to the extensive bearing damage that takes place in the joints which masks any
initial clearance effect and redistributes loads to other fasteners in multibolt joints.

12.8 Further sources of information

12.8.1 Conferences

The 21st International Workshop on Computational Mechanics of Materials, held at
the University of Limerick, Ireland, in 2011, hosted a special session on joining of
composites. The annual Composites Structures conference also regularly presents
many interesting papers on joining of composites. The International Conference on
Composite Materials (ICCM) runs every 2 years, and many excellent technical papers
on joining composites are usually presented.

12.8.2 Websites

Excellent websites for composites, in general, are the JEC website (www.
jeccomposites.com) and the Net-Composites website (www.netcomposites.com).
Two good bolting websites are due to Bolt Science (www.boltscience.com) and
Nord-lock (www.nord-lock.com). Dedicated composite bolted joints websites are
less common, but the EU Framework five Project BOJCAS (Bolted Joint in Composite
Aircraft Structures) [19] produced a website which can be found at the following URL
(http://www.smr.ch/bojcas/). The author’s personal website (www.fem-ireland.ie)
provides a list of many journal papers on the subject.

12.8.3 Interest groups and industries

Many industries, including automotive, aerospace, civil, rail, marine, high-speed
machinery, process plant industries, and high-end sports equipment, are currently
concerned with composite bolted joints. The aerospace sector is now heavily imple-
menting carbon fiber into wing and fuselage structures, and companies, such as Airbus
and Bombardier are carrying out significant research in the field in collaboration with
the authors and others. In the automotive sector, BMW is releasing the i3 electric car,
which will be the first mass-produced composite car and is due for launch in 2013.

Some interest groups include the CEN/TC250 and the AGARD advisory group.
The Working Group N�4 (WG4) of the CEN/TC250 “Fiber Reinforced Polymers,”
standard is the currently drafting a Eurocode on the structural use of fibre-reinforced
composite materials, with one section devoted to joining. The advisory group AGARD
(Advisory Group for Aerospace Research and Development) has produced excellent
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conference proceedings on the Behavior and Analysis of Mechanical Fastened Joints
in Composite Structures, which can be downloaded freely from (www.dtic.mil/cgi-
bin/GetTRDoc?AD¼ADA199171). Standard bearing tests methods are given by
SACRM SRM 9e89, prEN 6037 (1995), ISO 12,815 (2013), ASTM D5961 (1996)
Procedures A, B and ASTM D5961 (2008) Procedures C and D.

12.8.4 International journals and books

The international journal Composite Structures provides a wealth on papers on com-
posite bolted joints. Other journals, such as Composites Science and Technology,
Composites, Part A & B and the Journal of Composite Materials all have excellent
papers on composite bolted joints in their archives. The recently published book
Composite Joints and Connections: Principles, Modelling and Testing [57] is a
dedicated text on composite joints and connections and is highly recommended as
an introduction to the subject.
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13.1 Introduction

This chapter presents the current state of the art in the design, analysis, and test of
crashworthy aircraft structures manufactured from composite materials. Carbon fiber
composites are well established for aircraft structures due to their high specific stiff-
ness and strength, their inherent fatigue and corrosion resistance, and suitability for
the fabrication of large structures. After initial success in general aviation aircraft and
executive jets (Beechcraft Starship, Hawker Beechcraft 390 Premier), followed by
military helicopters (EC Tiger, NH90), composites are now being used for primary
wing and fuselage structures in large transport aircraft, such as the Boeing 787
and Airbus A350 XWB. A critical safety issue for the design of primary aircraft
structures is vulnerability and damage tolerance due to crash loads and foreign object
impacts from bird strike, hail, tire rubber, and metal fragments. New composite
aircraft structures are particularly vulnerable to impact damage, due to the thin com-
posite skins and the generally brittle behavior of carbon fiber reinforced epoxy resins.
A major concern for the aircraft industry is to develop a viable strategy for design and
certification of large composite aircraft structures subjected to crash and impact
loads. Previous experience with design of metallic structures under crash loads
shows that impact energy is absorbed by plastic deformation and plastic hinge forma-
tion in the structure, which is not usually relevant to the orthotropic elastic behavior
with brittle failure at low strains observed in carbon/epoxy composite structures.
Thus, new design concepts are required for crashworthy aircraft structures in
composite materials that exploit alternative failure mechanisms, such as fiber frag-
mentation and delamination to absorb impact energy in the structure.

For aircraft structures, the first structural design requirements for better crash pro-
tection were established for light fixed-wing aircraft and military helicopters in the
Aircraft Crash Survival Design Guide (ACSDG) [1] and the MIL-STD-1290A [2].
The principles established there for crashworthy aircraft structures are now embedded
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in the Federal Aviation Administration (FAA) 14 CFR Airworthiness Standards [3]
and EASA Certification Specifications [4] as civil airworthiness requirements for small
transport aircraft CFR 23/CS 23, large transport aircraft CFR 25/CS 25, small rotor-
craft CFR 27/CS 27 and large rotorcraft CFR 29/CS 29, as discussed further in Section
13.2. The main requirements for structural crashworthiness are to design the aircraft
structure to absorb crash energy for a specified survivable crash scenario so as to pro-
tect the occupant space, provide restraint systems to limit occupant loads and acceler-
ations and to provide an escape route through sufficient postcrash structural integrity.
As with crashworthy automotive vehicles, active and passive crash safety systems
composed of energy-absorbing components, primary aircraft structure and seat
restraint systems are designed to work together to absorb crash kinetic energy and
bring occupants to rest without serious injury. A typical crashworthy aircraft structure
requires a stiff safety cage to protect occupants, combined with energy-absorbing
structural elements that dissipate crash energy and lower occupant crash loads.
Composite structures have the ability to absorb impact energy through a controlled
failure in progressive crushing as demonstrated in the design of carbon fiber reinforced
F1 racing car components, discussed in Ref. [5]. By tailoring the fiber type, matrix
type, fiberematrix interface, fiber stacking sequence, and fiber orientation, composite
crashworthy structures have been shown to have excellent energy absorption (EA)
performance characteristics. The challenge for the aircraft designer is to develop
composite fuselage structures that meet the appropriate airworthiness structural
requirements, without excessive weight or cost penalties being required for the crash-
worthiness special conditions.

The FAA route to certification adopted by civil aircraft manufacturers is based on
the well-known test pyramid for aircraft structures, as set out for composite aircraft in
Ref. [6]. Hachenberg [7] discusses the corresponding design procedures, which fore-
see five levels of tests from material characterization test specimens in Level 1 up to
full aircraft structures in Level 5. This is a “building block” approach as each level
strongly relies on the results obtained at the level just below. The complexity of the
test specimens and the subsequent costs increase considerably on the next higher level,
although the number of specimens is reduced. Such an approach has proven its robust-
ness and efficiency in the last decades and has been applied for most major civil aircraft
developments. However, large-scale crash testing of composite aircraft fuselage struc-
tures and structural elements is too costly due to the number of crash scenarios, the
wide range of composite materials and crash concepts in consideration. Thus, there
is considerable interest in design and certification by analysis for composite structures
or in practice using analysis to support a reduced structural crash test program.

This requires the development and validation of computational methods to sup-
port the design of a composite aircraft under the full range of flight and service loads
defined in the airworthiness specifications. For the structural crash behavior,
improved composites damage and failure models with appropriate finite element
(FE) codes are needed and should be validated by materials and structural crash tests
at each level of the test pyramid. The successful introduction of polymer composites
for the development of commercial transport aircraft and helicopters that meet crash-
worthy regulations requires an industry-wide initiative. This has prompted the FAA
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to form a Crashworthiness Working Group of the CMH-17 (Composite Materials
Handbook, formerly MIL-HDBK-17) [8] with representatives from the aerospace
and automotive industries, software companies, academia, and national aerospace
laboratories. It aims to develop standards for the energy-absorbing characteristics
of polymer composite material systems with guidelines and practices for experi-
mental testing and design of composite energy absorbers and crashworthy composite
structures. The building block approach is being actively promoted, which includes
test procedures for composite energy-absorbing materials and elements, see Ref. [9],
design analysis methods for elements [10], with future work on aircraft subfloor
structures in discussion.

The plan of this chapter is as follows. Section 13.2 gives an overview of crashworthy
requirements and design concepts for aircraft structures with a focus on composite fixed-
wing aircraft and rotorcraft. Section 13.3 reviews failure mechanisms and EA in com-
posite crash absorber elements. After discussion of composites mesoscale ply damage
and delamination models used for FE simulation of crush failures, design, and analysis
methods for composite energy-absorbing elements are then presented together with vali-
dation by crush tests. This is followed in Section 13.4 by the design of carbon/epoxy
energy-absorbing composite subfloor frame structures for a helicopter. This crashworthy
concept study was carried out in a collaborative research project between the Coopera-
tive Research Center for Advanced Composite Structures (CRC-ACS) and the German
Aerospace Center (DLR) focusing on the development of novel designs and improved
methods of design synthesis for crashworthy helicopter structures. This illustrates the
building block approach to design and includes a detailed comparison of design predic-
tions with laboratory crash tests on a prototype subfloor frame structure. This led to a
design concept for an energy-absorbing transverse subfloor beam for retrofitting into
a metallic helicopter airframe structure, which was crash tested by NASA Langley
within a full-scale crash test program. Section 13.5 discusses recent developments
and trends in composites damage modeling for use in energy-absorbing structures under
dynamic and crash loads, followed by concluding remarks and outlook in Section 13.6.
The chapter concentrates on structural crashworthiness for polymer composite materials,
that is, the design of composite crashworthy elements and their application to aircraft
subfloor structures. For wider aspects of aircraft safety, the reader is referred to other
sources of information on current developments in airframe design, crashworthy seat
and restraint systems, postcrash fire protection, etc.

13.2 Crashworthy design concepts for aircraft
structures

13.2.1 Design philosophy and requirements for airframe crash
resistance

Aircraft fuselage structures are designed to be crashworthy in survivable crash sce-
narios following principles established from crash tests and developed in research
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programs over several decades, as discussed in ACSDG [1,11e13]. The main require-
ments in a crash are that crash energy should be absorbed in the lower part of the fuse-
lage, while the passenger cabin remains intact to allow safe evacuation of passengers.
In a crash, the aircraft will have both a horizontal and vertical velocity component. The
kinetic energy associated with the horizontal component is mainly absorbed by friction
between the sliding structure and the ground, including structural damage and possible
soil deformation during the slide out. The crash loads associated with the vertical
component of the impact velocity have to be absorbed mainly by controlled structural
deformation and failure. Although for fixed-wing aircraft and many rotorcraft crash
scenarios the horizontal velocity component will usually be much higher than the ver-
tical component in a crash, it is the vertical crash loads that are more critical for the
occupants and require crashworthy design concepts.

Improved airframe and occupant safety are achieved through the design of a crash
management system that is dependent on the type of aircraft. Large transport aircraft
with a high volume cargo hold below the cabin floor are able to absorb crash energy
through controlled plastic deformation of lower fuselage frames and the vertical cargo
hold struts. However, light fixed-wing general aviation aircraft, small passenger air-
planes, and rotorcraft, have little crushable airframe structure below the passenger
floor. Here a system approach is required involving landing gear, energy-absorbing
subfloor structures, survivable cabin protection cage, crashworthy seats, occupant
restraint systems, crashworthy fuel systems, etc. Fig. 13.1 shows the principles of
crashworthy design concepts for such aircraft, based on a stiff structure to protect
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Subfloor structure
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Subfloor box

Energy-absorbing
beam
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(cruciform)
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(high bending
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Frame structure

Figure 13.1 Design concept for crashworthy airframe structure [11], with acknowledgements to
Taylor & Francis Ltd. www.informaworld.com.
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the cabin and occupants composed of frames and longitudinal beams supporting the
outer skin and cabin floor. Below the cabin floor is a subfloor structure of keel beams
and lateral bulkheads forming subfloor boxes, which may be as low as 200 mm in
height, where beam elements are designed to crush down to absorb crash energy.
Under vertical crash loads, frame and shell structures above the cabin floor are required
to provide a survivable cabin space with high mass retention to prevent intrusion from
engines, transmissions, rotor hubs, wings, etc. The subfloor structures are designed to
maintain cabin floor structural integrity, absorb crash energy, and reduce dynamic load
pulses transmitted to occupants through the cabin floor.

The design of safe, crashworthy subfloor structures is dependent on crash severity
and what is considered to be a survivable crash. For large civil transport aircraft, crash-
worthiness requirements are set out in CFR and CS paragraphs 25.561, 25.562 [3,4],
which presume an acceptable level of crashworthiness based on experience with tradi-
tionally-configured large metallic airplanes. 25.561 presumes ultimate inertia forces
for which the applicant must demonstrate the protection of each occupant. Thus,
25.561 does not define a survivable crash velocity, which has to be obtained from ser-
vice experience with the aircraft type, such as accident data or fuselage section crash
tests. For new composite aircraft such as the Boeing 787, this is defined in a Special
Condition SC 25-07-05-SC [14], which requires that the composite fuselage exhibit
an equivalent safety level to existing metallic aircraft. Fuselage drop tests on metallic
transport aircraft, see for example [15], have shown that a vertical crash velocity of
9.2 m/s (30 ft/s) is survivable, which becomes the required limit of survivability for
the Boeing 787 aircraft structure. Paragraph 25.562 requires more stringent tests on
passenger seats and harness systems, with specified occupant injury criteria limits at
vertical crash velocity 10.7 m/s (35 ft/s) and horizontal velocity 13.4 m/s (44 ft/s).

The corresponding structural crashworthiness requirements for civil helicopters
are CFR and CS paragraphs 27.561 for small rotorcraft and 29.561 for transport
rotorcraft [3,4]. In addition, seats and restraint systems must satisfy 27.562,
27.785 for small rotorcraft and 29.562, 29.783 and 29.785 for transport rotorcraft.
As per these paragraphs, the rotorcraft can be damaged under emergency landing
conditions on land or water; however, the airframe has to be designed to such loads
that the occupant is protected against severe injuries. Occupants and mass items in
the cabin should be limited to maximum decelerations of 20 g vertical and 16 g hor-
izontal. Inertia loads with reduced factors of 12 g horizontal and 12 g vertical are
applied to heavy mass items such as engines, gearboxes, and rotors. In transport
helicopters, the airframe must also provide protection for subfloor tank failure, if
the tanks are subjected to crash loads. Survivable emergency landing conditions
for the occupant are specified in paragraphs 27.562 and 29.562, in the form of
compliance tests for seats and restraint systems with a 77 kg anthropomorphic test
dummy (ATD). The two crash conditions specified are 12.8 m/s (42 ft/s) horizontal
with nominal seat position, and 9.1 m/s (30 ft/s) vertical on a seat inclined upward at
60 degrees to the impact direction. Occupant injury criteria such as head accelera-
tions with maximum HIC factor 1000, lumber load limit 6.7 kN, etc. are specified
and are measured in the seat tests. For military helicopters, the crashworthy require-
ments are in MIL-STD-1290A [2] and ADS-36 [16], which are both based on the

Design and testing of crashworthy aerospace composite components 375



ACSDG [1]. Impact conditions in MIL-STD-1290A require occupant survivability
for a vertical impact velocity of 12.8 m/s (42 ft/s) on a rigid surface, although the
aircraft structure may be damaged. This is a more severe crash condition than the
9.1 m/s defined in the civil requirements. However, with the landing gear retracted,
the survivable vertical impact velocity in MIL-STD-1290A is reduced to 7.9 m/s
(26 ft/s). This shows that for higher crash velocities, it is expected that other systems,
such as the landing gear or airbags would absorb crash energy to reduce the EA
requirement for the fuselage subfloor structure.

13.2.2 Use of composites in crashworthy subfloor structures

Composite structural elements have been shown to be capable of high specific energy
absorption (SEA) under crash loads through appropriate design and initiation of
appropriate failure modes, see for example [5,11]. The challenge is to design a crash-
worthy aircraft structure such as a subfloor in composites with dual functionality for
complying with flight structural loads and providing crash EA under emergency
loads. The drop test on an Airbus A320 fuselage section at 7.0 m/s reported by
Ref. [17], which complied with the CS 25.561 crashworthy requirements, showed
that crash energy in the metallic fuselage was absorbed mainly through plastic hinge
formation in frame bending below the cabin floor and in the cabin floor struts.
Considerable research has gone on to provide equivalent levels of EA for composite
fuselages, which lack the ductility of aluminum, and a number of composites con-
cepts have been developed for fixed-wing transport aircraft. Waimer et al. [18]
analyzed the failure mechanisms in transport aircraft fuselage drop tests, including
the A320 test, and developed a composite fuselage concept with kinematic hinges
at critical positions in the lower fuselage frames composed of carbon fiber-
reinforced polymer (CFRP)/titanium hybrid laminate inserts. These were combined
with composite segment absorber elements located below a stiff cargo hold floor
that absorbed initial crash energy before the kinematic frame hinges were triggered
at higher crash velocities. An alternative concept for a large transport aircraft fuse-
lage is described by Ref. [19] in which a composite crash absorber was integrated
into the Z-struts that connect the passenger floor to the lower frames at the cargo
floor. Under crash conditions when the cargo floor is flattened, the hollow circular
CFRP Z-struts are loaded in compression, where they are extruded through a metallic
end fixture causing longitudinal splitting and fragmentation with high EA.

In business jets and commuter aircraft, there is less space below the cabin floor,
which requires more efficient EA systems. A retrofit concept with energy-
absorbing keel beams for a general aviation Lear Fan 2100 aircraft was developed
and crash tested, as reported in Refs. [20,21]. A modular sandwich beam concept
was developed based on glass and aramid fabric/epoxy skins with hollow glass fiber
reinforced plastic (GRP) box cores or foam-filled GRP block cores, which showed
high EA in preliminary crush tests. The block core sandwich beams were fitted to
the aircraft fuselage section, replacing the aluminum keel beams, before crash testing
at NASA Langley with added floor beams, two seats, and ATDs at vertical impact
velocity of 9.45 m/s. However, the crashworthy concept was not successful in the
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test due to fracture of the fuselage frames above the floor level, with no significant
sandwich beam crushing due to the loss of stiffness in the cabin floor needed to resist
the beam crush forces.

Another design study was carried out in the EU CRASURV Project [22] to provide
a composite crashworthy subfloor structure for a commuter aircraft, as reported in
Ref. [23]. The subfloor configuration was based on an Alenia ATR 42/72 aircraft
with composite ring frames, transverse floor beams and inclined struts supporting
the floor beams at points beneath the seat rails and connected to the frames below.
The struts were replaced by longitudinal sine wave beams at a 10 degrees angle
with respect to the vertical plane to provide crash EA. The ring frame was modified
by continuing the upper part into the transverse floor beam to provide a stiff floor struc-
ture, with the lower part hinged at the transverse floor beam and in two parts connected
by splice plate at the bottom of the frame. This was to prevent bending moments from
the impact point being transmitted to the upper frame. Upon impact, the lower frame
should split into two parts that would rotate upward allowing the sine wave beams to
make ground contact and absorb the crash energy by controlled crushing. The subfloor
structure was manufactured at NLR and crash tested at 7.1 m/s with 640 kg added
mass and 19.9 kJ impact energy at CEAT. However, the crashworthy concept did
not function correctly in the test; the lower frame split on contact as required, but
instead of rotating, the lower frame halves buckled and caused the sine wave beams
to slip sideways so that without transverse support they were not loaded in axial
compression by ground contact and did not absorb the crash energy. Very valuable
experience was gained from these two fixed-wing crashworthy concept studies, which
highlight the difficulty of successfully integrating EA structural elements into the
aircraft subfloor structure and correctly triggering crush failures.

For rotorcraft structures, it was indicated above that crash survivability is required
in crash scenarios with high vertical impact velocity components, up to 12.8 m/s for
the case of military specifications. It is also apparent that rotorcraft airframe struc-
tures use design concepts as in Fig. 13.1, with relatively large cabin volume and
small subfloor volume with typical subfloor heights of 200e300 mm. Due to the
low height of the subfloor, highly efficient composite absorbers are needed to absorb
crash energy. Furthermore, the presence of fuel tanks and control systems in the sub-
floor boxes reduces available space for energy-absorbing devices. It follows that
rotorcraft crash survivability requires a systems approach. After ground impact,
the landing gear or skids should absorb the first part of impact energy, followed
by the crashworthy subfloor structural elements. If peak loads are too high, they
are transmitted through the cabin floor into the seat rails and the crashworthy seat
with occupant restraint system. The stroking seat design may use hydraulic dampers
or energy-absorbing devices designed into the seat frames, which should reduce the
occupant accelerations and transmitted spinal forces. Finally, the restraint system
with seat belts and possibly airbags is designed to protect the occupant from injury
through contact with the cabin structure.

The severity of the crash loads on rotorcraft airframe structures has led NASA to
consider alternative concepts to increase the volume of a structure to be able to
absorb crash energy. This has led to the deployable energy absorber (DEA) concept
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developed and validated by Kellas and Jackson [24]. The DEA concept is a compos-
ite honeycomb structure that can be deployed to provide EA, much like an external
airbag system. The aramid/epoxy honeycomb is initially folded flat and located on
the external lower fuselage. On ground impact it is triggered to unfold into a block
of honeycomb, which then crushes down to absorb crash energy, thus protecting
the fuselage. The device has been retrofitted on an MD-500 helicopter, and two
full-scale crash tests were carried out with and without the DEA with velocity com-
ponents 7.9 m/s (26 ft/s) vertical and 12.2 m/s (40 ft/s) horizontal [25]. It was found
that the helicopter with the DEA showed no structural crash damage, while the base-
line helicopter had damage to keel beams and subfloor structure as well as buckled
and fractured seat frames. The peak floor decelerations were reduced from 40 to
14 g when the DEA was used, which demonstrates its effectiveness.

The focus of this chapter is on composite structures, which due to their high SEA
compared with metallic beam and plate structures are of particular interest for the he-
licopter subfloor. Composite subfloor box concept structures were developed in
CRASURV [22] and validated by an extensive design, manufacture, and crash test
program as discussed further in Refs. [11,26,27]. The generic subfloor boxes, see
insert sketch in Fig. 13.1, consisted of keel beam elements with lateral bulkheads
and dimensions ca 600 � 600 mm, with height 180 mm. Crash EA was achieved
by utilizing sine wave or trapezoidal corrugated webs in the beams. They are efficient
at carrying shear and compression loads in normal flight, with high EA under crush-
ing loads when suitably triggered. Beams were fabricated from hybrid carbon fabric/
aramid fabric/epoxy laminates, ca. 2 mm thick, which provided good postcrash struc-
tural integrity through hybridization with the more ductile aramid fibers. Critical for a
successful design are the intersection/cruciform elements at the box corners, which
act as hard points in a crash and transmit high forces to the seat rails, requiring special
trigger concepts. Fig. 13.2 shows a successful DLR prototype subfloor box before
and after a vertical crash test on a rigid base at 9.2 m/s in which 21.2 kJ of energy
was absorbed by the structure at failure.

(a)

Test structure Damaged structure after test

(b)

Figure 13.2 Hybrid composite subfloor box (a) before and (b) after drop test at 9.2 m/s, with
501 kg added mass and 21.2 kJ impact energy [28].
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This work has been extended recently in a joint DLR/CRC-ACS research project
to develop composite helicopter frame structures with integrated EA capability under
crash loads, as reported in Refs. [29e31], which is the main subject of this chapter.
Due to the complexity and cost of developing composite crashworthy structures, the
building block approach was used at each stage of the test/design pyramid to reduce
the structural crash test program, as schematically shown in Fig. 13.3. An important
feature here is to develop composite materials failure models at Level 1, use these to
design and validate energy-absorbing structural elements and components at Levels
2 and 3, before applying them to design the frame structure at Level 4. Further details
of EA concepts for composite structural elements are now presented in Section 13.3,
with the design and dynamic testing of the crashworthy helicopter frame concept in
Section 13.4 of this chapter.

13.3 Design of composite structural elements under
crash loads

13.3.1 Energy-absorbing mechanisms in composite structural
elements

Although CFRP is generally brittle in its tensile behavior with low failure strains, it has
been shown that composite structural elements that fail in other failure modes such as
local compression, shear, microbuckling or delamination have the ability to absorb
energy through a controlled progressive crush failure. The key is to initiate a progres-
sive crush mode of failure where the absorbed energy is considerably higher than that
measured in brittle failures. This is achieved by trigger mechanisms (also known as
crush initiators) introduced into a structural element, which reduce peak crush forces
and invoke a progressive failure mode that propagates through the structure. Many
different progressive failure modes have been observed that depend significantly on
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Figure 13.3 Building block approach with test and simulation pyramids as basis for the design
of a crashworthy helicopter frame structure.
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fiber type, matrix type, fiberematrix interface, fiber stacking sequence and fiber orien-
tation, specimen geometry, mode of loading, design of trigger, strain rate, temperature
effects, etc. Research on energy-absorbing failure modes has continued for over 30
years covering all aspects from composites micromechanics, through macromechanics
at the ply/laminate level, up to trigger concepts and design at the structural level.

Early work by Refs. [32e37] showed that glass or CFRP tubes loaded in axial
compression through a beveled or chamfered tube end (a chamfer trigger) could fail
in a progressive crush mode, provided tube wall thickness was high enough to prevent
premature global or local buckling failures. Through this work, the main crush failure
mechanisms were identified as a splaying or fragmentation mode. Splaying is initiated
at a chamfer trigger by delaminations at the crush front that cause plies to bend or splay
outward leading to axial splitting and bending or transverse shear failures. Depending
on the ductility of the composite, the splayed plies or fronds will be short due to frag-
mentation, or long. Fragmentation of the shorter fronds at the crush front leads to a
debris wedge, which then drives the delamination failures and leads to a steady crush
failure mode with high EA. This is a basic mechanism of composite tube absorbers
under axial crush loads. An important step in the development of crashworthy compos-
ite structures was to show that similar failure mechanisms could be triggered in non-
tubular structural elements, such as open circular segments and sine wave webs
[27,36], and box sections [38].

To measure and understand the EA and failure mechanisms of composite struc-
tural elements requires the development of new test procedures and appropriate
test specimens. Feraboli [9] reviews current test procedures and discusses the char-
acteristics of flat plate and corrugated specimens for axial crush tests. The EA prop-
erties to be measured are obtained from specimens that fail in a steady crush mode,
requiring specially designed support fixtures or self-supporting specimens, such as
tubes and cylindrical profiles. DLR has developed chamfered tube segment speci-
mens, see Ref. [28], which are easier to fabricate than tubes, are self-stabilizing
without lateral supports and give reproducible axial crush failures under both
quasi-static and dynamic loading conditions. Quasi-static tests on the chamfered
tube segment specimens are discussed here, and dynamic crush tests are described
further in Ref. [39]. The test specimens consist of a half-circle cylindrical segment
with flanges at the longitudinal free edges to inhibit local buckling in axial compres-
sion. They were manufactured from Hexply M18/1/43%/G939-220gsm 4HS carbon
fabric/epoxy prepreg with eight fabric plies and a [0/90/0/90]s layup. Dimensions are
length 75 mm, diameter 50 mm at flanges, nominal thickness 2.0 mm. The trigger
mechanism was a 45 degrees outside chamfer, which initiates a steady crush process
at the chamfer tip. The base of the segment specimens is fixed in a support clamp to a
lower steel platen mounted on the load cell of a quasi-static test machine. The cham-
fered edge is loaded in axial compression by a steel plate attached to the crosshead,
which loads the specimen at 1 mm/s. Axial force time and crosshead displacement
time are measured in the test for typical crush distances of 50 mm.

Fig. 13.4 shows images from the film of the crush test showing three phases,
crushing down of trigger, splaying of the laminate into inner and outer laminae
with a central delamination crack, followed by axial splitting of laminae bundles
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into petal-like fronds, as described in more detail in Ref. [40] and seen in the final
crushed specimen in Fig. 13.5(a). The steady-state crush phase consists of frond
formation driven by the central delamination crack with a debris wedge,
Fig. 13.5(b), which shows a high resolution computed tomography (HRCT) X-ray
scan of the segment wall cross-section at the crush front. The measured crush forcee
displacement curve of the segment specimen is plotted in Fig. 13.6 up to a displace-
ment of 40 mm. The curve indicates a rapidly increasing load with a peak at about
2 mm displacement, which corresponds to loading the chamfer trigger. This is fol-
lowed by a sharp drop in load as the trigger fractures with load falling to a constant
mean value in the steady-state crushing phase. This steady crush is the basic
mechanism used in the development of composites energy-absorbing structures.
Key parameters for the design of such devices are the steady-state crush force
(SSCF), the EA, defined as the area under the crush forceedisplacement curve and
SEA, which is the energy absorbed per unit mass of fractured material. These
data are shown in the first row of Table 13.1 with SSCF of 24 kN and SEA
of 87.1 kJ/kg, which are typical values for quasi-static DLR segment tests with
M18/1 carbon fabric prepreg materials. In an extended study of these specimens
with different laminate layups and manufacturing variants reported in Ref. [41];

Figure 13.4 Quasi-static crush test sequence on carbon fabric/epoxy tube segment.

(a) (b)

Figure 13.5 Carbon fabric/epoxy segment specimen after quasi-static crush test. (a) Crushed
segment; (b) High resolution computed tomography scan of crush front.
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the SEA range of 79.4e90.6 kJ/kg was measured as layup was varied with different
proportions of 0 degree and 45 degrees fabric plies to the load axis.

Fig. 13.6 also includes equivalent forceedisplacement curves on similar segment
specimens tested dynamically at higher loading rates at velocities 2, 5 and 10 m/s in
the Instron VHS 100/20 High Strain Rate Test machine at the DLR, see Ref. [39] for
more details. This shows that the dynamic specimens exhibited a steady crush
response after triggering at an initial peak load. The most interesting feature of the
curves is that the three dynamic curves were very similar, with no obvious depen-
dence on the test velocity, and all were significantly below the quasi-static test curve.
Table 13.1 summarizes the main results of the quasi-static and dynamic tests.
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Figure 13.6 Crush forceedisplacement curves for carbon fabric/epoxy segment specimens at
different loading rates.

Table 13.1 Energy absorption performance of carbon fiber reinforced polymer segments at
different loading rates.

Loading
rate (m/s)

Peak crush
force (kN)

SSCF
(kN)

Crush
distance
(mm)

Energy
absorbed (kJ)

SEA
(kJ/kg)

0.001 31.86 24.03 58.48 1.420 87.11

2.00 31.01 17.71 49.29 0.891 67.89

5.00 27.88 17.80 45.67 0.825 67.53

10.00 35.69 18.04 41.62 0.741 67.04
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This shows a reduction of 22% in SEA and 26% in SSCF at 2 m/s compared with the
quasi-static values. These results are in line with previous tests done at the DLR on
crash elements and are explained by the more brittle behavior of the composite at
higher rates causing shorter fronds at the crush front, which fragment sooner,
absorbing less energy. The data are important for the designer since composite
absorbers are designed for crash loads, and it is apparent that reliance on quasi-
static tests for the development of EA structures is nonconservative.

The chamfered half-tube segments exhibit high SEA but are not suitable themselves
as structural energy absorbers, due to their idealized shape. The segment crush tests are
relatively easy to perform with high reproducibility, and the tests are mainly used for
screening new composite materials and lay-ups for use in crash energy absorbers. They
are the basic elements of sine wave and corrugated webs that are used in crashworthy
subfloor structures as described by Refs. [27,36]. Current interest is now to study EA
behavior for a range of composite channel shapes, which can then be the basis of more
advanced EA structures. A detailed study of carbon fabric/epoxy profiles with corru-
gated webs [9] and several channel sections cut from box sections, including the full
box, C-channels and right angle corner sections [42] has been undertaken in the CMH-
17 Crashworthiness Working Group [8]. Quasi-static tests on the channel sections
fabricated from a Toray T700/2510 woven fabric prepreg composite indicated SEA
values ranging from 80 kJ/kg for the corrugated webs, 62 kJ/kg for a small right angle
corner section, down to 37 kJ/kg for a box section and large C-channel. This follows
from the different failure modes that are shape-dependent. The corrugated web crushed
down similar to the DLR segments and had high SEA, whereas in the C-channel the
unsupported sidewalls bend outward and caused a global splaying failure mode with
energy absorbed by tearing along the channel corners.

To increase the level of complexity, a variety of integrated composite structures,
involving circular and trapezoidal segments bonded and/riveted to backing plates, or
used as the core with sandwich skins, were investigated by CRC-ACS, as reported in
Refs. [29,43e45]. These test articles were designed to generate information on the
effect of integrating crush elements with the surrounding structure. Tests were
conducted to study both the difference between bonded and mechanically fastened
components and the effects of different load introduction paths. This led to the devel-
opment of an EA web segment that is discussed further in Section 16.3.3 and is the
basic element of the concept subfloor structure described in Section 16.4.

13.3.2 Composites damage and delamination models

The segment crush tests provide data on crush failure mechanisms that may then be
applied in design studies on crashworthy structures. Physical phenomena associated
with impact damage and progressive collapse of composite structures are complex,
and predictive models and simulation tools for design and analysis are urgently
required to reduce the dependence on structural crash testing programs. A mesoscale
composite model is used in the work presented here in which the composite laminate is
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modeled by layered shell elements. The shells are composed of composite plies
assumed to be homogeneous orthotropic elastic or elasticeplastic damaging materials
whose properties are degraded by microcracking prior to ultimate failure. The ply
properties assigned were based on a composite ply damage model for unidirectional
(UD) composites with shear plasticity [46], which was extended to fabric plies by
Ref. [47]. The ply model introduces three scalar damage parameters d1, d2, d12, which
have values 0 � di � 1 and represent modulus reductions under different loading con-
ditions due to microdamage in the material. For fabric, plies d1 and d2 are associated
with damage or failure in the principal fiber directions and d12 with in-plane shear dam-
age. The ply model is completed by assuming damage evolution equations that have a
specific form requiring additional parameters to be determined from specimen tests as
discussed further in Ref. [48]. For in-plane shear, ply deformations are controlled by
matrix behavior that may be inelastic, or irreversible, due to the presence of extensive
matrix cracking or resin plasticity. On unloading, this can lead to permanent deforma-
tions in the ply. A plasticity model is included for the shear plasticity with an elastic
domain function and hardening law, which requires additional cyclic shear tests for the
plies to determine a power-law plastic hardening function. Failure in the ply is
controlled by fiber failure strains in tension or compression or by reaching ply shear
failure as determined by the shear damage energy at failure.

The tests above on crush coupon specimens have shown the importance of interply
delamination in controlling failure mode and EA. The mesoscale FE models were
extended in Refs. [47,49] to include stacked shell elements for the composite laminate
connected through cohesive interfaces to model delamination failure. This can be
described as a 2.5D FE model, where the stacked shell technique allows a composite
laminate to split into plies or sublaminates when the cohesive interface fails, and
delamination occurs. The cohesive interface is controlled by interface tractione
displacement law, such that interface contact is broken when the interface energy dissi-
pated reaches the mixed-mode delamination energy criteria. The proposed delamina-
tion model is applied to model interface fracture between composite plies, in which
measured fracture energies GIC and GIIC from through-thickness tension and shear
tests on composite laminates with an interface crack are the main materials parameters
required. This contact interface is an efficient way of modeling delamination, with the
advantage that the critical integration time step is relatively large since it depends on
the area size of the shell elements and not on the interply thickness. The ply damage
and failure models have been implemented in the commercial explicit crash and impact
code PAM-CRASH [50] in collaboration with the software company Engineering Sys-
tems International. They have been tested and validated extensively for modeling
impact damage in composite structures [48] and for simulation of crushing failures
and EA in composite structural elements [29,40,51,52]. Note that the models discussed
here have been based mainly on composites quasi-static test properties, although as
seen in Fig. 13.6, polymer composites exhibit rate-dependent behavior under dynamic
crash loads. Development of dynamic failure models is currently an active research
field, which is discussed in future trends in Section 13.5.
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13.3.3 Design analysis of crash elements

13.3.3.1 DLR crush segments

This subsection is concerned with the application of the mesoscale composites
models to simulate crush behavior of crash elements and their validation by compar-
ison with crush test data. The numerical model selected for the segment test specimen
consists of four stacked shells, as seen in the inset detail to Fig. 13.7. Each shell in the
stack is a four-node layered composite shell that represents a ply or sublaminate ply
group, with mesh size 1 mm. In the model here, each stacked shell represents two
carbon fabric/epoxy plies. The ply properties assigned were based on the mesoscale
fabric ply model discussed in Section 13.3.2. Material parameters were obtained
from coupon tests previously conducted at DLR on the carbon fabric/epoxy material.
The four stacked shells were connected using three cohesive interfaces whose failure
behavior was characterized by the delamination model. The required interface frac-
ture energy properties GIC and GIIC were determined, respectively, from double
cantilever beam and end notched flexure tests conducted at CRC-ACS. Just as
the chamfered edge is the key to initiate stable crushing in the segment specimen,
the FE model requires a numerical trigger to produce a stable crush analysis, as
seen in Fig. 13.7. This consists of a rigid element called a separation wedge, which
mimics the behavior of the debris in the HRCT scan image Fig. 13.5(b). The elements
representing the chamfer are then offset so that contact with the separation wedge
initiates a central delamination crack in the stacked shells of the segment wall.
The contact distance and friction coefficient between the segment shells and wedge
are varied to control the delamination crack length, which in turn influences the
degree of splaying in the fronds. Fig. 13.7 shows the segment simulation in the
steady crush phase, which approximates quite well to the observed failure mode in
the test segment shown in Fig. 13.5. A critical test of the FE model is to compare
computed crush loadedisplacement curves with test data, as seen in Fig. 13.8. These
results are encouraging since the numerical simulations show an initial peak contact
force, which after triggering drops to a steady crush force level close to that measured
in the test, with similar good agreement in EA determined from the area under the
forceedisplacement curves. Further details of the simulation results and data

1
2

3

Figure 13.7 Finite element model of DLR carbon fabric/epoxy tube segment under axial crush
showing chamfer trigger model and crush sequence.
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requirements with further application of the model to C-channels specimens from the
CMH-17 Crashworthiness Working Group can be found in Refs. [40,51].

13.3.3.2 EA web segment

The EA web segment shown schematically in Fig. 13.9 is composed of a corrugated
trapezoidal shear web (one and a half waves) with two C-sections bonded to the outer
edges, and plates bonded to the top and bottom to produce a segment of the energy-
absorbing web. This was shown to have good EA properties and be suitable for inte-
gration into the composite subfloor structure described in Section 13.4. A three-layer
stacked shell model was used for the corrugated trapezoidal core, which is the main
crushable EA component. The two plate and C-sections contributed approximately
20% to the EA of the structure and for computational efficiency were modeled
with single-layered shell elements. Cohesive interfaces were used to represent the
behavior of the adhesive used to bond the web segment together. The upper plate
was modeled as a rigid body and a constant velocity field applied to the plate. The
lower plate was fixed in all degrees of freedom based on experimental observations.
A self-contact was applied to all layered shells, and three node-to-segment contacts
were used to ensure that the shells of the C-sections, corrugated core and the upper
and lower plates interact without penetration throughout the failure process.

The simulated crushing response of the EA web segment is shown in Fig. 13.10. It
should be noted that the model is shown with the upper plate removed to allow the
internal failure mode to be observed. The corrugated core exhibited a failure mode
similar to that observed for hat-shaped crush elements tested in Ref. [43], where the
two C-sections splayed out from the corrugated core as the crushing element progres-
sively failed. A comparison of the experimental and predicted loadedisplacement
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Figure 13.8 Comparison of crush force test data with finite element simulation for DLR
segment.
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response for the EA web segment is shown in Fig. 13.11. In the early stages of loading
the numerical model shows good agreement with the experimental data. After
15.0 mm of stroke, it underpredicts the crushing load due to the C-sections exhibiting
a “tearing” type of failure close to the bonded interface at the corrugated core, which
was not observed during experimental tests. Overall, the numerical model provided a
good approximation of the crushing response of the EA web segment and with the test
data shows that this is a robust EA element that is suitable for use in energy-absorbing
subfloor structures.

13.4 Design and crash test of composite helicopter
frame structure

13.4.1 Frame structure design concept

A composites concept structure was designed and manufactured following the build-
ing block approach set out in Fig. 13.3, to demonstrate energy-absorbing concepts

Corrugated web

C - section (2)

Lower plate

C - sections bonded to
upper and lower plates

C - sections bonded to
corrugated core

Trigger

3D view
for eng ref only

upper plate removed for clarity

Figure 13.9 Schematic representation of the energy absorption web segment.

Figure 13.10 Simulated crushing sequence for the energy absorption web segment.
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and to validate the modeling methods. The structure chosen represents the lower half
of a helicopter fuselage frame that was designed to the crashworthy concepts dis-
cussed in Section 13.2.1, with main components shown schematically in
Fig. 13.12. These are a stiff semirigid upper frame to provide survivable space for
the occupants and a sacrificial EA subfloor, together with an outer skin laminate
not shown in the figure. The overall dimensions of the structure were 450 mm
(height) � 700 mm (width) � 200 mm (depth), with the height of the lower frame
structure 170 mm, of which the subfloor absorber element had a height 85 mm.
Dimensions were chosen to reduce manufacturing and testing costs and could repre-
sent a quarter-scale model of a typical transport helicopter frame. The structure
shown in Fig. 13.13 was manufactured from a woven carbon fabric/epoxy prepreg.
The subcomponents were bonded together. The outer skin was mechanically fastened
by rivets and bonded to the energy-absorbing structure and upper frame. Three struc-
tures were designed and manufactured by CRC-ACS for testing at the DLR.

The upper frame structure was composed of back-to-back flanged C-sections
bonded together. The composite materials used were Hexply M18/1/43%/G939-
220gsm 4HS fabric, laminate thickness in the webs and flanges varied between 8
and 18 plies, chosen to provide the high structural stiffness required by the frame
with additional reinforcement at load introduction points. The EA subfloor was a
corrugated core sandwich based on the trapezoidal core EA web segments discussed
above in Section 13.3.3. The corrugated web used a ply-drop trigger and was sand-
wiched between two C-sections. The trapezoidal core elements were also fabricated
from Hexply M18/1/43%/G939-220gsm 4HS fabric with a thickness of five plies.
The webs of the subfloor C-sections were two plies with two additional plies added
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Figure 13.11 Comparison of crush force test data with finite element simulation for energy
absorption web segment.

388 Polymer Composites in the Aerospace Industry



to the flanges so that the thickness transition between web and flange was a weak point
that functioned as a triggering mechanism under vertical crash loads. The manufac-
tured trapezoidal core web sandwiched by the C-sections with the upper cover plate
is shown in the inset details of Fig. 13.13. The outer skin laminate ranged in thickness
from 6 to 10 plies, with the additional reinforcements at the base.

A simplified global FE model was developed first to support the design concept, as
discussed further in Ref. [31]. The stiff frame structure was modeled conventionally by
composite shell elements, with the EA subfloor modeled using nonlinear springs based

Figure 13.13 As manufactured frame structure with details of energy absorption subfloor.

Stiff upper
frame structure

Lower
crushable EA

structure

Figure 13.12 Schematic of crashworthy frame concept structure.
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on data from web segment crush tests. This allowed a rapid estimate of structural crash
performance and was a basis for the choice of composite ply layups in the frame and
subfloor structures. The upper frame was designed to sustain the expected peak
dynamic loads transferred through the energy-absorbing elements. The frame geome-
try and layup were optimized to maximize structural efficiency. The global model was
also used to design the supporting structure and interface attachment for the drop tower
crash tests discussed in Section 13.4.2.

13.4.2 Quasi-static and crash test results

Three tests, one quasi-static crush test, and two vertical drop tests were performed on
the frame structures. The purpose of the quasi-static crush test was to observe failure
modes and establish the baseline performance and energy-absorption characteristics of
the structure. The dynamic crash tests were to evaluate the crash performance of the
structure at two impact energies and provide data for validation of the FE simulation
methods to substantiate the building block design methodology. For supporting the
frame structure for testing and providing a means of load introduction, the two arms
of the frame structure were attached at the top to a steel I-beam through riveted
brackets attached to the flanges of the composite frame.

Quasi-static and dynamic tests were conducted at the DLR Institute of Structures
and Design, Stuttgart. The quasi-static test was conducted in a Zwick 1494 servo-
hydraulic uniaxial loading frame (max. loads �500 kN, max. crosshead displacement
850 mm) with the structure test setup as shown in Fig. 13.14(a). Vertical compression
loads were applied by the test machine crosshead via a load cell to the test structure
through the I-beam and measured at the load cell and on the load platform. The test
was performed initially at a crosshead velocity of 5 mm/min for the first 20 mm of
crosshead displacement, then increased and maintained at 20 mm/min until final
collapse at 62 mm crosshead displacement. From the measured load-deflection curve,

Added
mass

(a) (b)

Two-rail
sled

l-beam
fixture

Frame
structure

Impact
platform

Figure 13.14 Test setup for frame structure. (a) Quasi-static crush test, (b) dynamic drop test.
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the absorbed energy at failure can be calculated, which was measured to be 6.3 kJ at
62 mm displacement. This energy represents an upper limit for EA in the crash tests,
which gives a guideline for appropriate crash test conditions for the frame structure.

The two crash tests (Dynamic 1 and Dynamic 2) were performed in the DLR drop
tower shown with test structure in Fig. 13.14(b). A target impact velocity of 8.0 m/s
was chosen, which is in accordance with the landing gear retracted vertical crash
requirement of 7.9 m/s defined in MIL-STD-1290A as discussed in Section 13.2.1.
The impact velocity in the drop test is determined from the drop height in the tower,
with added mass being chosen to provide the required crash kinetic energy for the
structure. Two crash scenarios were investigated in tests Dynamic 1 and Dynamic 2
with masses corresponding to 50% and 85% of the EA capacity of the structure,
respectively. The structures were instrumented with strain gauges and accelerometers,
and the tests were recorded using high speed (HS) video.

For the dynamic tests on larger structures, load measurements on a load cell
attached to the I-beam are not very reliable, due to system and structure vibrations.
These crash loads were thus measured as response loads on a specially designed base
platform. The impact platform, designed and built specifically for use in both quasi-
static and dynamic crash tests, is shown schematically in Fig. 13.15 and can be seen
on the test fixture in Fig. 13.14(b). Impact Plate 1 is aluminum and spans the width of
the structure. Impact Plate 2 consists of three separate steel plates with a force trans-
ducer below each segment. The locations of these force transducers were aligned to
the load path, as indicated in Fig. 13.15. This partitioning reduces the occurrence of
undesirable vibrations in the impact platform during the period of the crash test. A
steel base plate of identical thickness to Impact Plate 2 completes the impact base
platform.

A summary of the test conditions and results is detailed in Table 13.2, which
shows total mass inclusive of drop sled, I-beam, added mass and mass of frame struc-
ture, the absorbed energy by the frame structure and the crush distances. The

Load path

Impact plate 1

Impact plate 2

Base plate

FM-L FM-M FM-R

Force
transducer

Figure 13.15 Schematic of impact platform.
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measured forceedisplacement curves from the quasi-static and dynamic tests are
presented in Fig. 13.16. The load levels plotted for each of the tests conducted are
a summation of the three force transducers in the impact platform. These curves
exhibit characteristics typical of those seen in Section 13.3 for progressively crushed
composite energy absorbers, with a rapid rise to a peak load at which the absorber
elements are triggered, followed by a fairly steady crush force. The response of
the structure in all three tests was similar, although the measured steady-state crush
load was approximately 10% lower in the dynamic tests, which was also observed in
the previous element tests in Fig. 13.6. It is apparent that the failure behavior is the
same in the two dynamic tests; however, Dynamic 1 has absorbed the crash kinetic

Table 13.2 Summary of the parameters and results in frame tests.

Quantity

Test

Quasi-static Dynamic 1 Dynamic 2

Mass (kg) n/a 98 159

Impact velocity (m/s) n/a 8.05 8.0

Impact energy (kJ) n/a 3.2 5.1

Absorbed energy (kJ) 6.3 2.8 5.1

Crush distance (mm) 62 32 56

Peak load (kN) 123 121 120

Steady crush load (kN) 113 104 101
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Figure 13.16 Forceedisplacement responses measured in quasi-static and dynamic frame tests.
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energy at 32 mm, while for the higher energy Dynamic 2 test steady crushing of the
EA subfloor continues up to 56 mm. In the latter case, this represents a crush distance
of about 65% of the height of the trapezoidal absorber elements.

The HS video films of the tests show the sequential failure modes observed and give
an insight into the effectiveness of the design concept and triggering of the EA sub-
floor. Sequences from the videos and details of the strain gauge data are given in
Ref. [31]. Fig. 13.17 compares images of the final damage of the EA subfloor for
each test. In the quasi-static test, the structure was loaded most severely, and the
test was finally stopped at the first crack in the stiff upper frame. Fig. 13.17(a) shows
the final failure in which the sacrificial EA structure was almost fully crushed from the
bottom upward. Contact of the outer skin fastener heads with the flange of the non-
crushing frame caused bending that resulted in the large transverse crack that can be
observed in the figure.

The Dynamic 1 test structure in Fig. 13.17(b) exhibited significantly less damage
compared to the quasi-static test due to the lower crash energy applied. The integrity
of the upper frame was maintained, and the damage was limited to the EA subfloor
component, which crushed progressively from the bottom upward. The Dynamic 2
test structure was subjected to higher impact energy that caused very significant
crushing of the energy absorber coupled with separation and buckling of the face
sheets, as shown in Fig. 13.17(c). It was observed that failure of the bond line
between the flange of the upper frame section and the flange of the face sheets in
the subfloor crushing section occurred near the end of the drop test, and separation
of these two parts initiated at the two corner sections and progressed inward. Further-
more, separation of the skin panel caused by the failure of several fasteners leading to
excessive skin buckling was also observed. The upper frame was relatively undam-
aged as specified in the design requirement.

The manufacture and crash tests on the frame concept structure demonstrated the
success of the concept at the crash energy levels in the test. The upper frame
remained intact and was stiff enough to maintain cabin volume and provide the
required resisting force at floor level for crushing the sacrificial EA trapezoidal sub-
floor absorber elements. The trapezoidal sandwich absorber elements were triggered

(a) (b) (c)

Figure 13.17 Subfloor of frame structure showing final damage at end of each test. (a) Quasi-
static test, (b) dynamic 1, (c) dynamic 2.
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successfully to prevent excessive peak loads and exhibited the required steady crush
behavior until the structure was brought to rest.

13.4.3 Crash modeling and damage prediction

Experience has shown that when modeling crash and impact events, it is important to
include details of the test rig in the FE model since dynamic force measurements are
influenced by system vibrations (see Ref. [53]). To simulate the crash tests, a detailed
FE model of the frame structure, together with the main items of the drop tower sled
and three-part impact platform, was developed, as shown in Fig. 13.18. The modeling
method for the EA substructure used a three-layered, stacked shell composite mesomo-
del, as discussed in Section 13.3.3 and shown in the inset diagram in Fig. 13.18, while
the remainder of the composite structure used single-layered composite shell elements.
The configuration and boundary conditions of the numerical model were as in the
experimental test. A gravitational acceleration field of 9.81 m/s2 and an initial velocity
of 8.05 m/s were applied to the entire model. The FE model was developed to better
represent the transfer of inertia during the crash simulation and replaces an earlier
model without test fixture shown in Ref. [31]. To reflect the mass distribution, center
of gravity and inertia of the entire system more precisely, the I-beam and two-rail sled
were included, with the I-beam fastened to the sled using eight metallic brackets with
point link elements to represent riveted fasteners. These link elements are referred to as
PLINK elements in the PAM-CRASH [50] code and can model separation at a given
rivet failure load, as described in Ref. [54]. The riveted outer skin connection to the
frame C-section flanges was also modeled by PLINK elements, which included rivet

FM -L FM -M FM -R

Figure 13.18 Finite element model of frame structure with drop sled and impact platform.
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tails as rigid bodies as they prevented the webs splaying outward during crushing and
contained the failed material. This containment role of the webs contributed to the
overall crushing response observed in the tests (see Ref. [29]).

The accuracy of the refined FE model was assessed qualitatively and quantitatively
through comparison of predicted loadedisplacement response, failure behavior, and
strain response with test data. Fig. 13.19 compares the final damage state of the frame
structure in the crash test Dynamic 1 (left side) with results from the FE simulations
(right side), showing good agreement in deformation with separation and buckling
of the outer skin at the frame/absorber interface. Fig. 13.20 shows crush failure in
the EA subfloor structure, comparing an HRCT scan of the crushed trapezoidal ele-
ments (left side) with the FE simulation (right side) of the subfloor, which included
rigid body rivet models. The FE model correctly exhibited the crushing in the lower
35 mm of the subfloor section, together with the buckling and ply damage progressing
ahead of the crush front. The upper part of the EA section showed no significant fail-
ure, and adhesive interfaces remained intact. A comparison of measured and predicted
dynamic strains at six locations on the upper frame was also made, with satisfactory
agreement, as reported in Ref. [30].

The measured and simulated forceedisplacement and energyedisplacement
curves for Dynamic 1 are shown in Fig. 13.21. The total force shown is the sum
of the forces from the left, middle, and right load cells. There were some discrep-
ancies in the initial force predictions during triggering of the absorber, but the
subsequent steady crushing was accurate. This suggests that refinements are needed
to model the trigger, as discussed in the crush segment models in Section 13.3.3. An
overview of test results and FE predictions for both dynamic tests is presented in
Table 13.3. The overall quantitative comparison is very good, demonstrating that
the models were capable of accurately predicting the steady-state crushing loads

Figure 13.19 Comparison of deformations in test and finite element simulation of Dynamic 1.
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and EA. The numerical models overpredicted the peak load due to the initiation of
local buckling in the C-section webs in the test, which coincided with crushing in
the corrugated web. Predicting the precise failure sequence, including the triggering
with complex structural interactions and material failure remains a challenge for
composite crashworthy structures.

HRCT-scan

Figure 13.20 Comparison of subfloor damage from high resolution computed tomography scan
and finite element simulation of Dynamic 1.
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13.4.4 Retrofit helicopter subfloor crash structure

The experience gained with the design and analysis of the EA composite frame struc-
ture was then applied to develop a retrofit helicopter subfloor crash concept structure
for integration into a helicopter fuselage crash test. NASA Langley Research Center
obtained two Boeing Vertol CH-46E Sea Knight helicopters from the US Navy for
full-scale crash tests in the Transport Rotorcraft Airframe Crash Testbed (TRACT)
research program. The TRACT 1 & 2 rotorcraft crash tests were carried out on
soft soil at the NASA Landing and Impact Research (LandIR) Facility in 2013 and
2014, see Ref. [55] for full details. The CH-46E airframe was in a baseline configu-
ration in the TRACT 1 test, fitted out with energy-absorbing seats, occupant
dummies, etc. and tested under combined crash conditions of 7.62 m/s vertical and
10.05 m/s forward velocity. The main aim was to provide data on airframe and
occupant kinematics in a crash under realistic conditions. The TRACT 2 test was
performed later under the same nominal crash conditions to determine whether
significant improvements in crashworthiness could be achieved, with the airframe
modified so that existing aluminum shear panels in the mid-cabin region were retro-
fitted with composite energy-absorbing subfloor structures. NASA designed and
developed two EA subfloor transverse beam structures reported in Ref. [56]: the
“conusoid,” made up of conical-shaped elements with hybrid carbon/aramid fabric
reinforcement; the “sinusoid,” a sinusoidal-shaped sandwich beam with the same
hybrid fabric skins and a polymer foam core. A third subfloor transverse beam struc-
ture was designed, developed, and manufactured by CRC-ACS/DLR in collaboration
with NASA and delivered to them for retrofitting in the TRACT 2 crash test. The
Composite Subfloor System (CSS) chosen was an EA subfloor beam based on
the trapezoidal EA elements used successfully in the helicopter frame structure in
x13.4. The location of the three composite transverse beam subfloor structures
in the helicopter floor is indicated in the NASA TRACT 2 test report [55].

Fig. 13.22 shows a schematic of the CSS concept structure, which follows closely
the crashworthy frame concept structure developed in Fig. 13.12. It consists of a stiff
upper I-beam manufactured from back to back C-sections which supports the cabin
floor, with sacrificial energy-absorbing beam structure based on trapezoidal EA

Table 13.3 Summary of results from crash tests and finite element (FE) simulations on the
frame structure.

Quantity Dynamic 1 Dynamic 2

Test FE Test FE

Absorbed energy (kJ) 2.83 2.93 5.10 5.10

Crush distance (mm) 31.5 30.3 56.0 52.0

Peak load (kN) 121 150 120 142

Steady crush load (kN) 104 105 101 99.2
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elements as the core, sandwiched between C-sections webs. The individual compo-
nents of the CSS are:

1. Spreader plate (a)
2. I-Beam C-sections (two back-to-back)
3. Spreader plate (b)
4. Four trapezoid energy absorbers
5. Energy absorber C-sections
6. Spreader plate (c)

The complete structure was manufactured from Hexcel M18-1/43%G939-220gsm
4HS carbon fiber/epoxy fabric, with sub-components of the energy absorber bonded
together, and skins mechanically fastened and bonded to the energy-absorbing struc-
ture and upper beam C-section flanges. Dimensions of the CSS are length ca 1500 mm,
with maximum height ca 230 mm at the midpoint, and thickness ca 100 mm. Particular
attention was given to the design of the trapezoidal EA elements.

The trapezoid core concept structure in x13.4 develops a steady-state crush load of
approximately 180e200 N/mm width. Based on information from the TRACT 1 crash
test, the requirement for the CSS was a steady-state crush load of 80e100 N/mm
width. Reducing the thickness of the trapezoidal web below the five plies used previ-
ously was not an option as buckling is induced over crushing. Therefore, a segmented
energy-absorbing element concept was proposed in the CSS, as seen in Fig. 13.22,
which shows four trapezoidal web elements across the beam length each composed
of two trapezoid cycles. Preliminary design studies were used to select the absorber

Components
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2. Beam C-sections

3. Spreader plate (b)

4. Trapezoid energy
absorber

5. Energy absorber
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Figure 13.22 Composite sub-floor system (CSS) [57].
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configuration and verify that the required energy-absorbing response was achieved, as
discussed in Ref. [57].

This was based on an FE model of a 2-cycle trapezoid sandwich element 143 mm
wide, height 120 mm, with the same five ply M18 layup in the web developed in x13.3
and using the same composite ply data. The web was modeled with three stacked shells
and two cohesive interfaces, with face skins modeled as single-layered shells with
appropriate laminate thicknesses. A steady crush simulation was performed, similar
to that shown in Figs. 13.10 and 13.11, initiated through a numerical trigger by off-
setting the bottom nodes in the trapezoidal web stacked shells. The predicted mean
crush force up to 95 mm displacement was 24.1 kN or 170 N/mm so that an energy
absorber with trapezoidal core across the whole span would be too stiff to be triggered
in the crash test. It was considered that four 2-cycle trapezoidal elements were required
in the EA beam substructure. Other possible configurations could be eight 1-cycle trap-
ezoid elements distributed along the absorber structure.

Following the TRACT 1 crash test, an undamaged section of the CH-46E airframe
was fitted with seats, occupant dummies and added masses for use in a drop test to
evaluate the NASA conusoid and sinusoid energy-absorbing concepts, as reported
in Ref. [56]. Drop test results were then used by NASA in a barrel test FE model to
validate designs for the conusoid and sinusoid absorber beams, as described in
Ref. [58]. Parameter studies to design the CSS beam were carried out in a similar
way by integrating detailed FE models of CSS concept beams into a cabin fuselage
barrel section model converted to PAM-CRASH from the LS-Dyna model provided
by NASA, as shown in Fig. 13.23.

Figure 13.23 Barrel Section FE model with the CSS subfloor beam incorprated at FS220
[57,58].

Design and testing of crashworthy aerospace composite components 399



Two concepts of the CSS beam considered for detailed analysis are 2-cycle trap-
ezoidal core elements at four equally spaced locations (EA1), or eight 1-cycle
trapezoids uniformly spaced across the absorber beam (EA2). Two frame positions
in the cabin floor were considered as possible locations for the CSS beams, referred
to as Frame Section (FS) 190 and 220, see [55, Fig. 13.9]. Note that the seat and mass
distribution in the cabin depends on frame position, which influences the dynamic
loads on the absorber elements during a drop or crash test. FE simulations were
carried out for a drop test on the barrel section with vertical impact velocity
7.62 m/s, equal to the vertical component in the TRACT 1 test, for beam concepts
EA1 and EA2, at locations FS 190 and 220. Fig. 13.24 shows typical simulation
results of beam deformations in EA1 and EA2 when situated at FS 220, which is a
location for two seats and occupant dummies above the beam. In Fig. 13.24(b),
the C-Section core skin is omitted in the visualization to show the extent of damage
and crushing in the trapezoidal absorbers. Results show that the transverse I-beams
are deflected in bending, with the absorber beam crushed down along its length and
trapezoidal elements crushing from the triggered lower edges. The lower spreader
plate in contact with the aluminum floor skin shows extensive local deformations
from contact with soft soil, particularly for EA1. Further details such as FE predic-
tions of accelerations, section forces and energy absorption in the CSS beams are
given in Ref. [57].

Fig. 13.25 shows predictions of section forces at FS 190 and 220 for absorber con-
cepts EA1 and EA2 in a simulated barrel drop test at 7.62 m/s. Note that a simplified
absorber model was used at FS 190, in which the cohesive interfaces were not included
in the trapezoidal web, which may explain the different behavior to that seen in the full
FE model used at FS 220. At FS 220 there is an initial peak force ca 165 kN at about
3e4 ms, which falls rapidly at 6 ms as the trapeze elements are triggered to crush, fol-
lowed by a steady crush force ca 100 kN up to 20 ms. Concept EA2 had higher peak
forces on impact, with lower steady crush forces than EA1. Analysis of predicted ac-
celerations in the crash dummies above the CSS at FS 220 showed peak values of
135 g with EA2 floor beams, compared with 110 g with EA1 floor beams. Total energy
absorbed was very similar in the two concepts, with small differences in the partition of
energy between trapezoidal absorbers, beams, spreaders, and the aluminum skin. The
higher initial peak accelerations would cause increased occupant loads at the seat

EA1
(a) (b)

EA2

EA1

EA2

Figure 13.24 FE simulation of EA1 and EA2 beam structures in drop test on soft soil at 7.62 m/s
[57] (a) Isometric view (b) Nearside EA C-sections omitted.
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locations. It was concluded that concept EA1 is preferred as it should provide better
occupant protection through lower peak accelerations. This led to the design of a floor
beam structure based on four equally spaced 2-cycle trapezoidal absorbers in the EA
sandwich core. This CSS structure was manufactured at CRC-ACS, delivered to
NASA and retrofitted into the TRACT 2 helicopter crash test structure.

Full details of the TRACT 2 crash test with fuselage retrofitted with NASA sinusoid
beam at FS 254, conusoid beam at FS 286, and the CRC-ACS/DLR CSS beam at FS
220 are given in Ref. [55]. The TRACT 2 test was successfully carried out with impact
conditions of 7.7 m/s vertical and 10.3 m/s horizontal, very close to those in the
TRACT 1 test, with 95% of 360 channels of airframe and ATD data collected. This
provided a unique opportunity to assess full-scale crashworthiness of a large rotorcraft
fitted with seats and crash dummies under combined longitudinal and vertical impact
conditions. An evaluation of the performance of the NASA subfloor structures is dis-
cussed in Ref. [56], with the response of the CSS in Ref. [59]. Here the TRACT 2 test
results were inconclusive for validating the crashworthiness of the retrofitted compos-
ite beams as seen in damaged subfloor structure, Fig. 13.21 of NASA report [56],
which states:

“Results from the TRACT 2 full-scale crash test were also complicated by anomalies.
Moist soil increased the coefficient of friction and reduced the stopping distance of the
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Figure 13.25 Predicted z-direction section forces in CSS structures EA1 and EA2 in barrel drop
test at 7.62 m/s [57].

Design and testing of crashworthy aerospace composite components 401



test article by half, compared with the TRACT 1 test. Due to excessive damage of
the outer belly skin, the composite energy absorbers failed to crush and rotated
globally as they became separated from the floor and outer skin.”

Due to the softer soil conditions the TRACT 2 airframe slid forward only 1.3 m in
impact compared with 2.4 m in the first test, which caused part of the subfloor to
plow into the soil surface causing excessive shear forces on the fuselage skin which frac-
tured in places. Subfloor structural integrity was lost and the seats with occupant
dummies located at FS 220, where the CSS was installed, lost their attachment to the
floor and rotated severely resulting in the CSS floor beam being loaded in transverse
shear rather than axial compression. Fig. 13.26 shows the FSS floor beam removed
from the airframe after the TRACT 2 test. Inspection of the structure showed that the
stiff I-beam had little damage, the absorber C-section skins had triggered at the absorber
base, but there was no evidence of crushing in the trapezoidal elements. Closer inspec-
tion indicated some permanent transverse shear damage in the trapezoidal core. Due to
the subfloor kinematics in the airframe crash test, it was not possible to initiate the axial
compression crush failure mode in the CSS beam structure, so that the floor beams were
not able to dissipate crash energy and reduce occupant crash loads as intended. Similar
conclusions apply to the NASA sinusoid and conusoid absorbers which were located
close by in the same mid-floor region, as discussed in Ref. [56].

In conclusion, the retrofit program has shown that composite subfloor EA structures
can be designed, manufactured and shown to have high crash energy absorption when
tested in idealized laboratory conditions, for example in drop tests on rigid surfaces,
where the absorber elements are loaded uniaxially. This was demonstrated with the
EA frame structure described in x13.4. The challenge is to design and develop
energy-absorbing structures which function in real crash conditions where there
may be multiaxial dynamic loads, and interaction with nonrigid surfaces which deform
and influence crash kinematics. A key to future progress is to develop robust simula-
tion tools able to predict the response of composite absorber structures under a wide
range of dynamic load conditions to demonstrate their envelope of validity. Further-
more, a better understanding of the global crash response of aircraft structures is ur-
gently needed from full-scale crash tests and crash simulation tools to provide a
framework for the integration of detailed crash models for structural assemblies.

(a) (b)

Figure 13.26 CSS floor beam structure after removal from TRACT 2 airframe crash test [59],
(a) Front side (b) Rear side.
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13.5 Future trends in damage and crash modeling

Damage and crash models, although they follow the building block approach, often
require a model or application-specific calibration to capture observed failure modes
in specific structural applications and load cases. Hence, they may not be “truly pre-
dictive,” and detailed studies are required to understand model limitations and define
their envelopes of validity. In a recent study [60], the predictive capability of the meso-
scale composite modeling approach, described in Section 13.3.3, was investigated
based on a test campaign on CFRP crash absorber elements at the structural level.
Aim of this study was to obtain agreement over a range of crash absorber variants
and crush failure modes with a fixed set of simulation parameters. When validated
in this way, simulation methods should provide robust, reliable analysis of design var-
iants, which have not been tested experimentally and whose failure modes are to be
determined.

A composite crash absorber is considered, which is integrated into a transport
aircraft fuselage frame to provide an energy-absorbing crushable cargo floor strut,
as shown in Fig. 13.27(a). It consists of a bolted assembly of an L-shaped strut with
a half-tube absorber based on the DLR crush segment design of Section 13.3.1. The
combination of the self-supporting absorber and the flat L-strut, which triggers failure
through buckling under axial load, provides a basis to validate simulation models as
different failure modes occur in both assembled parts. The L-strut design includes con-
stant laminate thickness and variants with a local thickness reduction, which may
exhibit progressive crushing or catastrophic failure. The chamfer angle 4 at the lower
edge of the half-tube absorber Fig. 13.27(b) causes a steadily increasing axial crush
load when triggered by the L-strut buckling. The chosen material was a woven carbon
fabric/epoxy with mass 286 g/m2 and ply thickness 0.25 mm. Test structures were
manufactured with laminate thicknesses 1 mm (layup [45�, 0�]S) and 2 mm (layup
[45�, 0�, 45�, 0�]S, and chamfer angles 4 ¼ 60�, 75�.
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Figure 13.27 Absorber strut in crashworthy aircraft fuselage structure, (a) Sub-cargo floor
frame structure, (b) Strut absorber geometry, see Ref. [60], with acknowledgements to Elsevier
Ltd.
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In this study, the mesoscale intralaminar model with stacked shells and cohesive
interfaces discussed in x 13.3.1 was further developed by replacing 4-node shell
elements by continuum shell elements with reduced integration (type SC8R). The 8-
node continuum shells give a better representation of laminate stacking with respect
to cohesive elements between shells and their penalty contact interactions. The simula-
tions were performed in Abaqus/Explicit using an intralaminar material model for fabric
composite plies available as VUMAT abq_ply_fabric described in Ref. [61]. This pro-
vides an orthotropic linear elastic material formulation and a maximum stress-based
damage initiation for the longitudinal fiber directions, with damage evolution based
on fracture energies. For in-plane shear, damage evolution and plasticity are included
in the model. A calibration procedure for the intralaminar composite material model
was developed using cyclic shear tests for shear damage and plasticity parameters,
with coupon crush tests for determination of fracture energies.

The cohesive interface is simulated in Abaqus/Explicit using solid elements of type
COH3D8 and follows the cohesive zone (CHZ) model discussed in Ref. [62]. A
bi-linear traction-separation law is used which requires interface fracture toughness
properties measured under through thickness tension GIC and shear GIIC, in combina-
tion with a power-law failure mode interaction. A calibration procedure for the normal
and shear cohesive layer stiffness values in the stacked laminate was developed in
Ref. [60] to determine penalty values, which are a compromise between too high
model compliance and numerical instability from too stiff input values.

A study was made of the FE mesh influence on simulation of progressive crushing
by comparing regular structured meshes with unstructured and skewed meshes. Struc-
tured meshes typically cause load spikes for each element row that undergoes simul-
taneous failure and elimination at the crush front, and mesh adaptions can prevent this
and lead to smoother progressive failure. It was shown that with a skewed mesh, crush
simulations could be improved and mesh dependent force spikes prevented. This is
important as unrealistic force spikes may cause rupture of the analyzed structure
away from the crush zone so that complex crash structures can be simulated and po-
tential failure in the back-up structure reliably identified.

As detailed in Ref. [60] the simulation method was able to represent failure modes
observed in a wide range of dynamic crush tests with the L-strut absorber, which
included different delamination effects and failure modes. In some tests, the structure
collapsed after a certain crush displacement due to local ply drop-off and thickness
reductions in the L-strut design. This effect was dependent on other design parameters,
such as stiffness of the attached half-tube absorber. The simulations were able to pre-
dict observed failure modes for a range of design variants identified in the experiments.
Fig. 13.28 compares a test sequence during an axial crush test with simulated deforma-
tion and failure of an L-strut absorber, together with a detailed comparison of measured
and simulated load-displacement curves at the test machine cross-head load trans-
ducer. The test case shown is for a 4-ply 1 mm thick absorber element, with a 60
degrees trigger angle. The simulations predict well the failure sequence observed in
which the L-strut buckles at the J-trigger, the load plate then crushes down the half-
tube chamfer, before a steady crush of the half tube section with backing plate. There
is also an acceptable agreement between measured and simulated load-displacement
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curves over a crush length of 120 mm. The study demonstrates the maturity of the
mesoscale modeling approach with continuum shell elements and its application to
absorber element design at structural levels.

Further developments with composite laminates using different mesoscale ply dam-
age and delamination models are continuing in a research collaboration between the
German Aerospace Center (DLR) and the University of British Columbia (UBC).
The objective is to establish a robust simulation framework using different FE codes
and damage models to support the effective design of crashworthy composite compo-
nents using the building block approach with reduced reliance on experiments. In this
work, the UBC sub-laminate continuum damage model CODAM2 [63], implemented
as MAT_219 in LS-DYNA, is compared with a ply-based Ladev�eze CDMmodel [46],
implemented in Abaqus/Explicit by the DLR as the user VUMAT subroutine
ABQ_DLR_UD [64]. Intraply damage and failure were studied under tension in
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Figure 13.28 Validation of simulation results with crush sequence and force-displacement
curves (1 mm CFRP layup, chamfer 4 ¼ 60 degrees) [60], with acknowledgements to Elsevier
Ltd.
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notched UD composite laminates such as center-notched and over-height compact
tension (OCT) tests [65]. More recently, damage models for UD laminates under
compression are being validated on compact compression (CC) tests as well as pro-
gressive crushing at different structural scales [66,67]. Here the UD intraply models
are applied within the building block approach to predict progressive axial crushing
and energy absorption in triggered flat plate laminates, C-sections and a lower lobe
aircraft fuselage section. This work is contributed to the ongoing Crashworthiness
Working Group (CWG) of the Composite Materials Handbook CMH-17 [8], to sup-
port standards and procedures for simulation to support certification of aircraft
structures.

The composites damage and failure models discussed in the chapter have assumed
rate-independent behavior, and materials properties used for validation studies are
from quasi-static specimen tests. However, a test series on carbon fabric/epoxy
segment specimens shown in Fig. 13.6 compares quasi-static crush behavior with dy-
namic crush tests at 2, 5 and 10 m/s. Mean dynamic steady crush force was about 26%
lower and SEA 22% lower in the dynamic tests compared with quasi-static properties,
which shows the importance of dynamic effects on crash behavior. This applies to
crash structures seen in Fig. 13.16 and Table 13.2, where steady crush loads in dy-
namic crash tests on the frame structure at 8 m/s are about 10% below values measured
in the quasi-static crush test, with similar reductions in SEA. Standard practice in the
crash analysis of composite structures has been to neglect dynamic effects on compos-
ites properties. Reasons are the lack of international test standards for measuring rate-
dependent composites properties and a lack of reliable materials test data. In particular
for the influence of strain rate on interlaminar fracture toughness, as this behaviour can
drive a change in failure mode.

Dynamic failure models for composites are not well understood, and only limited
models are available in current commercial FE codes. Rate dependent properties of
UD carbon/epoxy materials have been studied systematically in Refs. [68,69] using
split Hopkinson bar impact tests for strain rates in the range 100e350 s�1, which
are appropriate for crash analysis studies. Carbon fibers are highly elastic so that fiber
tensile properties show low rate dependence. Epoxy matrix-dominated properties such
as in-plane shear and both longitudinal and transverse compression properties show
significant rate dependence. By adjusting composites properties to allow for rate
dependence, with reduced shear failure strain, it was demonstrated in Ref. [70] that
simulated segment crush failures at high rates in Fig. 13.6 had more brittle failure
and increased fragmentation, which caused lower steady crush stresses. The influence
of loading rate on simulation of structural crash response is being addressed in the cur-
rent work of the CMH-17 CWG with some rate-dependent materials tests and dynamic
crush tests on triggered plates and composite sections.

Polymer composites are sensitive to the environment such as temperature and mois-
ture, which are known to influence stiffness, failure modes, and strength properties.
For the design of crashworthy structures, which in aircraft operate over a wide range
of environmental conditions, it is important to understand what influence environ-
mental effects might have on crush failure modes and SEA. This was studied in
Ref. [71] in quasi-static crush tests on carbon fabric/epoxy hat-shaped crush elements,
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similar to the corrugated web profile seen in Fig. 13.9, with temperatures in the
range �35 to 70�C for dry specimens and those conditioned at 50% and 95% relative
humidity (RH). An important conclusion was that both hot/wet and cold/dry condi-
tions reduce the quasi-static crush performance and SEA of carbon/epoxy specimens
compared with tests at ambient temperature. This was due to a more brittle failure
mode at low temperatures causing fragmentation (similar to the influence of high
rates), while high temperatures lowered carbon/epoxy stiffness and strength properties.
Further studies are needed to characterize the environment on polymer composite
properties and provide data for damage and failure models under development for
impact and crash analysis of structures. There is a potential for high fidelity multi-
physics simulations to develop the required inputs as a function of temperature, mois-
ture, loading rate etc. To include resin behaviour, these simulations could include
analysis of RVE micromodels with the aim of providing inputs at the macro-scale.

13.6 Concluding remarks

This chapter has discussed recent progress on design, FE analysis, and test of compos-
ite materials and structures under crash loads and their use in the development of crash-
worthy composite aircraft structures. Aircraft crash requirements and crashworthy
design concepts for composite aircraft structures were reviewed, and the “building
block” approach to design and certification of composite structures was presented.
This is based on test/simulation pyramids with structures of different levels of
complexity, from materials test specimens, through structural elements of increasing
complexity up to large structural assemblies and full aircraft structures. For reducing
the number of expensive crash tests at each level, crash analysis methods are devel-
oped and validated by crash tests on smaller structures at lower levels of the test pyr-
amid before being applied to the design of large crashworthy structuresdthus
reducing the number of large-scale crash tests required for certification. Because of
the complex failure modes observed in crash tests on composite structural elements,
a key aspect of this design strategy is to develop reliable computational methods for
prediction of crash and impact damage in composite materials. The methods discussed
in the chapter are based mainly on explicit FE codes with mesoscale composites
models for ply damage, together with delamination failure models as cohesive inter-
faces between plies or laminated shell elements. The cohesive interface fractures
and plies separate when the interface energy dissipated reaches the mixed-mode
delamination failure energy criteria.

The chapter then focused on the application of this building block approach to
design, manufacture, and crash testing of a composite helicopter frame structure.
Improved methods for the design of energy-absorbing structures from composite
materials were developed and validated first on idealized structural elements such as
half-tube segments under axial crush loads, then used for the development of an
energy-absorbing web section. The analysis methods were based on the explicit FE
software PAM-CRASHTM [50], with mesoscale damage and delamination models.
Additional FE code features, such as link elements to simulate riveted fasteners, and
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adhesive interface models are required, as structural complexity increases. For crash
elements, novel numerical triggers were developed to initiate and propagate a numer-
ically stable crush failure mode. This work was then applied to the design of a demon-
strator energy-absorbing structure in carbon fabric/epoxy, suitable for integration into
a helicopter fuselage subfloor as part of the crash management system. Final validation
of the design concept and FE simulation tools was achieved through the manufacture
of test articles for the frame section. Quasi-static and dynamic crash tests were carried
out, and the results compared with predictions from FE simulation. Comparisons of the
failure modes, peak force, steady-state crush force, SEA, and crush distance showed
good agreement between the test and analysis.

These same concepts were then used in the design of a crashworthy composite
transverse floor beam which was retrofitted into the airframe of a metallic CH-46E
helicopter and crash tested in the NASA TRACT program [55]. Although the crash-
worthiness of the concept structure had been established under vertical crash test con-
ditions on a rigid surface, it was not possible to trigger the EA crush behavior in the
full-scale airframe crash test on soft soil. This test highlighted the challenge to scale
up the design of crashworthy concept structures from laboratory tests in order to func-
tion successfully under real aircraft crash conditions. Design and test of EA subfloor
structures is just the start, as global crash mechanics will determine what failure modes
are initiated in aircraft and influence EA and crash safety as seen in the TRACT test
program.

The chapter demonstrated that the building block approach can be used to design
composite energy-absorbing structures at the lower levels of the test pyramid,
Fig. 13.3. Computational methods support the process by predicting performance,
reducing reliance on testing, and help to optimize the design of crashworthy composite
structures. At the highest levels of the test pyramid, large scale crash tests on complete
aircraft or fuselage sections are required for certification, since computational methods
to simulate full-scale aircraft crash response are at an early stage in their development.
Once “virtual” crash testing tools are available to support full-scale aircraft crash tests,
it will allow a full range of crash scenarios to be investigated with a reduction in devel-
opment and certification costs for next-generation aircraft structures.

Although considerable progress has been made in the last decade, it should never-
theless be pointed out that it will take many years for composites modeling in dynamic
FE codes to reach the same level as that currently achieved in the crash and impact
analysis of metallic structures. The reasons are historical. Metal plasticity was under-
stood, and established mathematical models date from the middle of the 20th century.
Furthermore, the automotive industry was the “driver” for the development of com-
plete vehicle FE models in crash codes, so that considerable resources have been
invested in modeling, development of test methods, code implementations, valida-
tions, etc. for metal structures. Similar resources are only now being made available
for composites materials and structures. In addition, the diversity of composite mate-
rials, the complex anisotropic failure behavior, the lack of standardized materials and
dynamic test procedures and the smaller more specialist market for composites, all
contribute to delay in establishing good, reliable composites models in FE crash codes
suitable for direct application to the design of crashworthy aircraft structures.
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Problems being addressed in current research programs include introducing
temperature-and-rate-dependent effects into the composites materials models. Test
data presented in the chapter showed that crash EA was generally reduced at higher
loading rates. The more brittle behavior of polymer composites at higher rates plays
a role, but other factors such as friction in the debris wedge at crush fronts or the
observed temperature increase at the crush front are also important. Temperature,
moisture content, and strain rates are known to modify composite properties and
can influence the failure mode and the energy absorbed. This highlights the need for
better experimental techniques, such as optical techniques for full-field characteriza-
tion of local failure behavior, to determine critical material parameters used to support
improved damage models and code developments.

Since fine-scale detailed damage models are mainly required in zones of failure at
the crush front or at critical joints and boundaries, much coarser global models are
required for undamaged parts of the structure and for modeling crash kinematics.
Future work is required to develop and improve multiscale computational strategies
and code coupling techniques linking fine-scale FE models with global structural
models for the prediction of crash and impact damage in large aircraft structures.
An important research activity for certification of crashworthy structures is to develop
efficient stochastic analysis methods for use with explicit FE codes. Since crash events
are stochastic in nature, through the variability of structural mass, crash velocity,
impact position and impact angle, crash surface, etc., a single crash simulation with
one set of conditions is not sufficient for certification procedures. Introducing materials
variability and manufacturing defects in stochastic analyses would allow localized
reductions in strength to be included. In this case, a certification strategy based on sto-
chastic analysis with variation in crash conditions and material variability would allow
failure envelopes to be determined for specific crash scenarios. Then it may be possible
to assess crashworthiness under realistic multiaxial crash conditions to establish struc-
tural integrity for the worst case rather than for a single crash scenario. The increased
computational costs are necessary to give confidence in the analysis methods with the
goal of certification by simulation.
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14.1 Introduction

Due to the rise in subversive activity, the need to protect people, equipment, and
structures from explosions has greatly increased. In 2016, terrorist attacks caused
the deaths of at least 25,673 people [1]. Bombings and explosions comprised 54%
of these attacks. When ranking the 50 worst terrorist attacks in 2016 by the number
of deaths, bombings/explosions accounted for 44% of the worst attacks [1]. Acci-
dental explosions, such as the tragic events in Chinese industrial parks [2,3], Russian
apartment blocks [4], and in an Indian power plant [5], are of grave concern and
receive a lot of attention in the press. Even small explosions can result in severe
injury or death, such as the “exploding electronic cigarette” incidents noted in the
United States [6].

The effects of explosions are often disastrous, particularly in confined spaces, such
as onboard an aircraft. Accidental explosions have also occurred, such as explosions in
the engine [7] and the fuel tanks [8]. These are tragic events that often cause fatalities.
Fortunately, there have been very few explosions in aircraft. In addition to accidental
explosions, the potential terrorist threat has been high in the public conscientiousness
since the devastating 9/11 attacks in the US.

Composite materials offer the potential for superior strength and stiffness proper-
ties, as their properties can be tailored to match the load and deflection orientations
at the design stage. Due to mass limitations, composite materials are finding increasing
use in the design and manufacture of primary structures in the aircraft industry. Com-
posite materials are currently being used in the manufacture of a range of primary load-
bearing structures in the aerospace industry, with examples, including the fuselage sec-
tions of the A350 XWB and the Boeing 787 aircraft. Given the possibility of explo-
sions occurring within such structures, there is a clear need to understand the
response of laminated composite materials to conditions associated with blast loading.
However, despite this distinct need, an examination of the literature indicates that there
are relatively few investigations in this area [9].
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In this chapter, the characteristics of air explosions are briefly described, and
various blast protection paradigms are discussed. The blast behavior of plain compos-
ites and multilayered structures are then discussed. Plain composites typically
comprise polymeric resins with fiber reinforcement, such as carbon fiber-reinforced
epoxy resins. Multilayered systems include composite sandwich structures and hybrid
composite-metal structures, known as fiber-metal laminates.

14.2 Characteristics of explosions in the air

An explosion is defined as a rapid release of energy in a fleeting period of time [10]. The
cause of the explosion may be mechanical, chemical, or nuclear. Nuclear explosions are
of little relevance to research on aircraft safety, but the former two explosion sources are
relevant. For example, a mechanical cause of explosions is the rupture of a pressure
vessel [10,11], such as the rapid depressurization of an aircraft [12] that has suffered
a breach in its structural integrity. Chemical explosions can have many causes, such
as vapor cloud explosions and the detonation of explosives. The former are usually acci-
dental and can be prevented on aircraft through careful design of the fuel systems. The
latter are the result of deliberate terrorist activity. Considerable effort is being spent on
preventing explosives from entering an aircraft by employing improved chemical detec-
tion systems, better screening of potential terrorists, and more vigilant airport security.
Although this is to be commended, it is still necessary to understand the effects of ex-
plosions on the structural materials used in the aircraft industry.

An explosive detonation in the air is followed by a shock wave that rapidly com-
presses the surrounding air, creating high pressure, short-duration blast wave, which,
in turn, can have destructive effects on objects in its path. The pressure magnitude and
duration of the blast wave initially depend upon the source of the explosion, but are
also influenced by the propagation media, distance traveled, degree of confinement
(creating reflections, causing quasi-static pressure accumulation, and preventing dissi-
pation of the explosive energy) and proximity to the ground. The distance between the
explosion source and the object of interest (the target) is known as the standoff dis-
tance. Increasing the standoff distance causes the pressure magnitude to decrease
and the blast duration to increase. A short standoff distance blast is referred to as a
near field explosion, and it is extremely difficult to approximate the complex pressure
profiles using simple closed forms.

As the standoff distance increases, the explosion is termed as a far-field explosion. If
the explosion is unconfined, these are lower pressure, longer duration blasts with a char-
acteristic shape, as shown in Fig. 14.1 [10,13]. The properties of the pressure profile can
be determined by using Hopkinson-Cranz scaling laws, where pressure and duration are
expressed as variables of the Hopkinson scaled distance Z, given in Eq. (14.1).

Z ¼ R

W
1 =

3
(14.1)

Where R ¼ standoff distance (m), W ¼ TNT equivalent charge mass (in kg)
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It is evident from Fig. 14.1 that an unconfined far-field explosion is characterized by
a rapid rise in pressure, up to the peak overpressure and a gradually decaying slope.
The phase of the loading that has a pressure greater than atmospheric is referred to
as the positive phase (as shown in Fig. 14.1). The subsequent negative (suction) phase
is usually longer in duration and is often neglected. However, for glazed structures, the
negative phase cannot be neglected. Many expressions have been proposed to describe
the relationship between peak overpressure, specific impulse, duration, and Z. Two of
the more common expressions are given in Eqs. (14.2) and (14.3) for side-on pressure
[10].

ps¼ 6:7
Z3 þ 1 bar ðps > 10 barÞ

ps¼ 0:975
Z

þ 1:455
Z2 þ 5:85

Z3 � 0:019 bar ð0:1 � ps < 10 barÞ (14.2)

ps¼ 14:072
Z

þ 5:540
Z2 � 0:357

Z3 þ 0:00625
Z4 bar ð0:05 � Z < 0:3Þ

ps¼ 6:194
Z

� 0:326
Z2 þ 2:132

Z3 bar ð0:3 � Z < 1Þ

ps¼ 0:662
Z

þ 4:05
Z2 þ 3:288

Z3 bar ð1 � Z < 10Þ (14.3)

Peak
overpressure

P

Negative phase

Positive phase

Atmospheric
pressure time

P

time

Figure 14.1 Schematic showing a typical pressure profile for far-field unconfined air-blast
loading.
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Since explosions usually occur outdoors, there are possible environmental effects
that should be accounted for, such as atmospheric pressure. Sachs scaling law [10]
accounts for some of these effects, but a full discussion of this is beyond the scope
of this chapter.

Explosion characteristics in an aircraft cannot be determined using simplified
empirical forms, such as those given in Eqs. (14.2) and (14.3). Various explosion sce-
narios (including analysis of, for example, different charge locations onboard an
aircraft, and the effect of altitude on cabin pressure) should be modeled using hydro-
dynamic models. Examples of explosion modeling using commercially available
codes, such as Autodyn and more recently, LS Dyna, are given in Refs. [14e16]
respectively. An explosion onboard an aircraft is clearly a confined explosion, with
the effect that the energy and the pressure involved are considerably higher than those
for an unconfined blast [17e19]. The spatial and temporal blast loading characteristics
are highly variableddepending upon (among other things) the location of the explo-
sion, the aircraft geometry, and the propagation media (for example, was the explosion
in free air, in a partially filled luggage container, or perhaps inside a recently filled fuel
tank?). Altitude may be a factor in mechanical explosions. Rapid depressurization of
the aircraft can only occur during flight when a pressure mismatch between the internal
and external skins of the aircraft develops at high altitude, whereas chemical explo-
sions could occur either on the ground or in the air.

14.3 Paradigms of blast protection

Approaches to blast protection can be categorized as active (deployed upon detection
of an explosion) or passive (always present). An example of an active mitigation sys-
tem is the water deluge system used on offshore oil and gas platforms [20]. Upon
detection of a gas leak, the entire area is showered with carefully sized water droplets
to prevent ignition and remove the energy from a vapor cloud explosion. An active
system can only work if the imminent explosion can be detected and a suitable system
deployed in time. These systems work offshore because the gas leak, which accumu-
lates relatively slowly, can be detected easily and the water system deployed. Several
researchers have worked on the detection and deployment of mitigation devices for
explosive detonations with military applications [21,22]. Such systems have yet to
be deployed in the military, and (at the time of writing) no such detection systems
are available for the case of explosive detonation onboard an aircraft. For such a sys-
tem to be viable, it would need to be robust and inexpensive to install and operate.

Passive mitigation systems are, therefore, the only viable option for the aircraft in-
dustry to consider at present. These can be divided into four blast protection
paradigms:

1. Sacrificial systemsdthese absorb energy and prevent the load from transferring to the struc-
ture that is being protected. The use of cellular metals as cladding materials has been inves-
tigated [23,24] with possible application to the hull of a mine-resistant vehicle. However,
such systems require a (heavy) protective faceplate and need a thick core to be effective.
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Hence, this type of system is impractical for blast protection onboard aircraft, where weight
and volume are critical.

2. Impedance mismatch: it is theoretically possible to pair up materials having different imped-
ances to prevent stress wave transmission to the structure to be protected. No practical sys-
tems employing this principle exist.

3. Interfering with the blast wave transmission: it is possible to place obstacles into the path of
the blast wave, which could either deflect the wave or throttle the flow. The V-shaped hull on
a landmine protected vehicle employs this principle [25], deflecting the blast impulse side-
ways, and thereby, preventing the vehicle from gaining significant vertical momentum
(that is, reducing ground lift). Other examples of this include filters [26], barriers [27], and
perforated plates [28], which restrict the blast wave propagation resulting in a lower pressure
impinging upon the primary structure. While such systems might be useful for protection of
ventilation shafts and tunnels from explosion effects, they would not be effective onboard an
aircraft.

4. Containment: in this case, the explosion is contained within an area which must not rupture.
Blast walls [29] on offshore platforms operate on this principle, separating out parts of the
platform and protecting personnel behind the barrier. This is the most relevant paradigm
for aircraft protection, with unit load devices being an ideal example. A likely location of
an explosive detonation is within a suitcase stored in a unit load device (an aircraft luggage
container). If the unit load device (ULD) could contain the explosion, then the aircraft would
sustain minimal damage, if any, and would still be able to land safely. It is important that the
materials used to construct a containment system for aircraft must be strong, ductile, and have
high rupture strains (in addition to being lightweight).

14.4 Explosion loading of fuselage structures

It is evident from the above discussion on explosions in free air and the effect of
confinement that it is necessary to understand the potential loading scenarios that
may develop onboard an aircraft due to an explosion. There is also a need to prioritize
which blast loading scenarios an aircraft may be vulnerable to, from both a structural
and a security perspective. Which areas of an aircraft may be vulnerable to the smug-
gling of explosives on board? Which areas are structurally vulnerable and require addi-
tional protection?

Composites and multilayered materials are highly sensitive to the spatial distribu-
tion of the loading, and if the design is to account properly for explosion scenarios on-
board a future aircraft the potential loading threats must be known beforehand (or can
be reliably estimated). There has been some recent work by Kotzakolios et al. [15] on
finite element modeling of the response of FML fuselage structures to blast loading
using LS Dyna. Fuselage structures comprising either aluminum alloy or GLARE 3,
with geometry typical of the Airbus A320 aircraft design, were analyzed. Four explo-
sion scenarios were examinedd100 g spheres of C4 plastic explosive were positioned
at different locations in the fuselage to determine the vulnerability of the aircraft for
each scenario [15]. No justification or risk analyses for the chosen locations were pro-
vided. Interestingly, the two materials exhibit the most severe damage under different
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loading cases. Unfortunately, no experimental results were reported for the validation
of the modeling.

It is understandable that little work of this nature has been published in the open
literature for individualized aircraft, but it would be helpful to researchers if some
more generalized information were available. This would enable researchers to
perform experimentally relevant work and to concentrate their modeling efforts in
the correct direction.

14.5 The blast performance of plain composites

An important step toward understanding the blast response of composite materials in-
volves characterizing the failure and fracture processes that result from the air-blast
loading. A number of workers have investigated the failure mechanisms in blast-
loaded composite materials [30e34]. Franz et al. [30] conducted tests on single and
multiple panel E-glass chopped strand mat/polyester structures. They observed three
distinct failure modes, matrix cracking, delamination, and penetration, and found
that the resistance to delamination/debonding decreases with increasing areal density
and thickness of the laminates. They proposed that the damage resistance of a layered
structure could be enhanced by using a graded structure, in which the front surface
layers were based on laminates exhibiting high energy absorption and damping char-
acteristics, while the rear layers should offer higher flexural rigidity for sufficient me-
chanical support and structural stiffness [30]. Comtois et al. [31] used PE4 explosive in
a blast chamber to load 2 mm thick quasi-isotropic glass and carbon fiber-reinforced
epoxy laminates. The explosive mass was varied from 0.5 to 1.0 g and the standoff dis-
tance from 54 to 500 mm. Damage in the form of delamination and fiber fracture
tended to occur at the edges of the panel because of the constraints applied by the sup-
ports. The authors showed that the conditions under which the panels were supported
had a significant effect on the development of damage within the laminates, with dam-
age in adhesively bonded laminates being less than that in clamped structures [31].
They also noted that there was less fiber damage at the supports in the carbon fiber
composites than in their glass fiber counterparts.

Yahya et al. [32e35] used a ballistic pendulum to conduct blast tests on a range of
glass and carbon fiber-reinforced composites. The fracture processes in the panels were
initially assessed by examining the proximal and distal surfaces of the panels following
blast loading. Fig. 14.2 shows photographs of a number of 4.2 mm thick laminates
subjected to impulses between 3.3 and 6.1 Ns. Following an impulse of 3.3 Ns, a small
rear surface fiber crack, propagating across the 0 fibers, was apparent. Additionally, an
array of fine cracks was in evidence on the loaded face, associated with local fiber
buckling. The laminate subjected to an impulse of 3.7 Ns displayed front surface fiber
buckling, rear surface fiber fracture as well as extensive shear fracture of the rear sur-
face fibers along the perimeter of the unsupported area, Fig. 14.2(c) [35]. Rear surface
fiber damage was considerable at impulses of 6 Ns and above, with extensive fiber
fracture being in evidence across both fiber directions.
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The test specimens shown in Fig. 14.2 were subsequently sectioned to highlight the
failure processes within the test samples, Fig. 14.3 [35]. Damage in the panels sub-
jected to the two lowest impulses took the form of fiber fracture in the rear surface plies
and buckling failure of the top surface fibers. It is interesting to note that virtually no
delamination was observed in these samples. An impulse of 5.0 Ns produced top sur-
face fiber fracture, a small amount of delamination and fiber fracture in the lowermost
plies. This damage resulted from the flexural response of the target during the blast
event. Finally, at 6.1 Ns, fiber fracture has extended through the laminate thickness
and a small area of delamination was evident close to the midplane of the sample
[35]. The lack of delamination in these samples is surprising and is clearly related
to the very high values of interlaminar fracture toughness reported in the previous sec-
tion. It is possible that the very high values of interlaminar fracture energy associated
with the current thermoplastic-matrix systems may reduce their energy-absorbing ca-
pacity under this form of extreme loading [33].

Similar failure mechanisms were observed in glass fiber-reinforced panels [33,35].
Fig. 14.4 shows cross-sections of 4.5 mm thick glass fiber-reinforced PEI composite
subjected to impulses between 7.9 and 9.4 Ns. Here, delamination between the central
plies and localized fiber fracture is in evidence following blast loading. It is evident
that the difference between the impulse associated with the damage threshold and
that to cause gross through-thickness damage is small. This is particularly evident
when the length of fiber fracture is plotted against impulse, Fig. 14.5 [35]. Here,

Figure 14.2 Rear surfaces of 4.2 mm thick carbon fiber reinforced PEI panels following air
blast testing [35].
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Laminates A, B, and C refer to 2.2, 4.2, and 6.2 mm thick laminates, respectively, and
Laminate F corresponds to a 4.5 mm thick GF/PEI plate. An examination of the figure
indicates that fiber damage propagates extremely quickly once the threshold for the
onset of such damage is exceeded. This observation agrees with the findings of Tekalur
et al. [36], who found that carbon fiber-reinforced vinylester composites showed no
signs of external damage prior to complete failure of the panel.

Fig. 14.6 shows the impulse required to cause complete through-thickness rupture
of the laminates, around the clamped periphery of the panels, as a function of laminate
thickness. The arrows in the figure signify that these laminates had not completely
failed. For each of these laminates, the level of damage suggested that the failure
threshold was close to the value indicated in Fig. 14.6 [30]. From the figure, the im-
pulse to cause target failure increases with increasing plate thickness. Included in
Fig. 14.6 (crosses) are the impulses required to initiate rear surface fiber damage in
the panels. The figure indicates this threshold impulse is very close to that required
to trigger a complete failure of the panel. Fig. 14.6 also suggests that glass fiber com-
posites offer a superior blast resistance to carbon fiber systems [30]. Similarly, Tekalur
et al. [36] showed that glass fiber-reinforced composites exhibited delamination-type
damage at relatively high shock pressures; carbon fiber systems failed in a brittle
manner under similar loading conditions. In an attempt to modify the failure mecha-
nisms in blast-loaded composite materials, Gargano et al. [37] studied the effect of

Figure 14.3 Cross-sections of 4.2 mm thick carbon fiber reinforced PEI panels following air
blast testing [35]. (a) Impulse ¼ 3.3 Ns. (b) Impulse ¼ 3.7 Ns. (c) Impulse ¼ 5.0Ns. (d)
Impulse ¼ 6.1 Ns.
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varying the fiber-matrix interfacial strength on the blast resistance of carbon fiber/
vinylester laminates. Two types of fiber-sizing agents were used, one that resulted
in a strong fiber-matrix bond, and the other that yielded a weak bond with the sur-
rounding polymer. It was shown that the impulse required to initiate damage is signif-
icantly higher, and the resulting level of damage is smaller when in laminates
exhibiting increased fiber-matrix adhesion. The possibility of suppressing delamina-
tion crack growth was investigated by Kerber et al. [38] who conducted an experi-
mental study to investigate the damage resistance of 3D composites subjected to
shock-wave loading associated with an air blast. Here, laminates based on a noncrimp
fabric were manufactured with increasing amounts of through-thickness fibers and
their response compared to that of a plain 2D woven laminate. It was shown that,
when subjected to high impulses, the delamination resistance of the 3D composites in-
creases with the level of through-thickness reinforcement. It was also observed that the
3D composites remained intact under high blast impulses, whereas the 2D systems
shattered completely.

Polyurea (PU) is an elastomeric polymer that is being increasingly used as a coating
material, usually onto metals for applications, such as hangar floors and landing gear
components, to reduce exposure to chemicals. Researchers have proposed this for as a
potential blast-resistant coating after it was demonstrated that it improved the

Figure 14.4 Cross-sections of 4.5 mm thick glass fiber reinforced PEI panels following air blast
testing [35]. (a) Impulse ¼ 7.9 Ns. (b) Impulse ¼ 8.0 Ns. (c) Impulse ¼ 9.0 Ns. (d)
Impulse ¼ 9.4 Ns.
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properties of concrete structures subjected to explosions [39]. In the composites arena,
Tekalur et al. [40] modified an E-glass vinyl ester composite by bonding a layer of PU
to the face of the composite. They showed that positioning the PU layer on the surface
facing the blast resulted in a significant enhancement of the blast resistance of the com-
posite. Similarly, Ha et al. [41] showed that adding a PU layer to a carbon fiber-
reinforced plastic improved the material’s ability to strengthen blast-loaded reinforced
concrete structures. This is a potentially interesting development for aircraft compos-
ites, as PU has a wide operating range of operating temperatures, and worthy of further
exploration.

In addition, there is also the possibility of tailoring the properties of plain compos-
ites further by adding particles (such as metallic fillers [42,43], carbon nanotubes [44]
or urea-formaldehyde [45]) to the composite layers to create multifunctional and self-
healing materials. So, von Klemperer and Maharaj [42] added copper and aluminum
powder fillers to carbon fiber epoxy laminates to improve the electromagnetic shield-
ing capacity of the composite panels. Blast tests on the laminates [43] showed that the
laminates with filler particles outperformed their plain composite counterparts,
although the margin was small.

Recently, there has been a growing interesting in the possibility of using natural fi-
bers in the manufacture of dynamically loaded engineering structures. Basturk et al.
[46] conducted an experimental and numerical investigation on the blast response of
composites based on basalt fibers. The laminates were manufactured using a resin infu-
sion technique and fully clamped for subsequent blast testing. The Galerkin method
was employed to develop nonlinear differential equations in the time domain with
the resulting predictions being in good agreement with the experimental data. In gen-
eral, natural fiber composites have inferior properties to their synthetic counterparts
(that is, carbon fiber and glass fiber). However, the use of natural materials and bio-
composites may offer reduced dependence on fossil fuels, lower disposal energy con-
sumption, and a generally lower harmful impact on human health and the environment
[47]. This makes natural fiber composites an attractive alternative, particularly, where
structural rigidity and strength are of secondary importance. At present, they are un-
likely to replacement glass and carbon fiber composites in aircraft structures.

Rather surprisingly, very little work has been undertaken to investigate the load-
bearing properties of composite materials damaged by blast loading. A study by Black
et al. [48] on glass fiber/epoxy laminates involved using a shock tube to induce
increased levels of damage within the composite laminates, the effect of which was
characterized via NDT analyses and compression testing. As expected, increased
shock damage caused a corresponding reduction in load-bearing capability. The au-
thors developed a combined damage parameter based on the individual failure mech-
anisms that were observed in the laminates after testing. The residual compressive
strength of the blast-loaded panels exhibited a linear dependence on the proposed dam-
age parameter.

A number of workers have attempted to model the blast response of composite
plates [49e54] Turkmen [49] used the Runge-Kutta-Verner analysis to solve the equa-
tion of motion of curved glass and carbon fiber cylindrical panels and compared the
resulting predictions with both experimental data and the results of finite element
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analysis. Good agreement was obtained between the experimental and predicted re-
sponses in the longitudinal direction; however, discrepancies were observed in the
circumferential direction. Yuksel and Turkmen [50] extended this work to consider
the blast response of laminated GFRP hemispheres, with a qualitative agreement being
obtained between the numerical and experimental results. Dolce et al. [51] used a
three-dimensional finite element analysis to model damage due to an air blast on a car-
bon fiber-reinforced plastic. The blast load was modeled by assuming a fluid-structure
interaction between the Eulerian blast and the Lagrangian structure [51]. Agreement
between the model and the experimental data was good in terms of both the residual
displacements and resulting damage.

Batra and Hassan [52] modeled the blast resistance of AS4/PEEK composites using
the finite element method. The problem formulation included the development of dam-
age as a result of fiber fracture, fiber/matrix debonding, matrix cracking, and delami-
nation. They showed that approximately 15% of the total work done is dissipated in
these failure modes. The model was used to show how the energy absorbed in the
various failure modes was strongly dependent on the laminate stacking sequence.
Fig. 14.7 presents a bar chart summarizing the predictions of the energy absorbed
by the principal failure modes in four-ply AS4/PEEK laminates [52]. Although delam-
ination represented the principal energy-absorbing failure process for many stacking
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Figure 14.7 Predictions of the energy dissipated in the four primary failure modes observed in
four-ply AS4/PEEK laminates based on different stacking sequences [52].
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sequences, it was negligible in a [-45,0,45,90] laminate. The authors also investigated
the influence of target thickness on delamination in the laminates. It was assumed that
the target consisted of four uniform plies with differing thickness according to the
overall desired laminate thickness. They predicted that the central deflection of the
plate decreased exponentially with target thickness, leading to a similar reduction in
the energy dissipated in delamination, Fig. 14.8. Finally, increasing the stiffness of
the reinforcing fiber altered the rate of damage development within the target and
serves to delay the onset of matrix cracking [52]. Eren et al. [55] modeled the blast
resistance of sisal fiber-reinforced epoxy composites and compared their response to
that predicted for a glass fiber-reinforced epoxy composite. Modeling was conducted
to simulate both single and multiple blasts. The authors showed that the natural fiber
composites exhibited an inferior blast response to that of the more conventional glass
fiber system, although they argued that their low cost, low density, and biodegradable
characteristics still made them attractive candidates for certain applications.

14.6 The blast performance of multilayered systems

14.6.1 Composite sandwich panels

Sandwich panels typically comprise a relatively soft core sandwiched between two
stiff outer face sheets. The addition of a core increases the bending stiffness by
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Figure 14.8 Summary of the predicted energy dissipated in different failure modes as a function
of laminate thickness for AS4/PEEK [52].
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increasing the second moment of area of the structure without significant weight pen-
alty. Thus, such structures have high specific strength and stiffness, as well as acoustic
damping properties, making them attractive materials for aerospace applications. For
example, 8% of the wetted surface of the Boeing 707 is based on sandwich structures, a
figure that rose to 46% in the Boeing 757 and 767 aircraft [56]. In addition, the fuse-
lage of the Boeing 747 is based largely on Nomex honeycomb structures, as are the
floors, ceiling, and side panels [56]. Similarly, the Beech Starship is recognized as be-
ing the first all sandwich aircraft, having carbon/Nomex and aramid/Nomex
throughout its structure. Sandwich structures, based primarily on honeycomb cores,
are also finding widespread use in the walls of luggage compartments, structures
that can potentially be subjected to blast loads from concealed explosives [57].

There is an enormous possibility for potential combinations of face sheet and cores,
including the variation of geometry (thickness of face sheets and core), material (resin,
reinforcement, core material), bonding and manufacturing methods. Arora et al. [58]
present the transient response measurements from the blast tests on sandwich panels
with E-glass fiber epoxy face sheets and polymeric foam (Corecell) cores. The panels
were considered to be representative of full-scale panels used in marine transport, with
an exposed target area of 1.6 � 1.3 m. The panels were loaded by detonating 30 kg
spheres of PE4 at several meters from the panel. Transient strain and displacement field
data were captured using high-speed photography and digital image correlation [58].
Asymmetric panel deformation was observed due to the boundary support of the
panels. Finite element models were constructed using Abaqus to understand the influ-
ence of the boundary conditions on the panel response. Damage initiated on the front
face sheet, due to cracking, and was accompanied by localized delamination. Core
shear cracking and interfacial failure were also evident. The rear face sheets did not
exhibit visible tearing and cracking failures [58].

Gardner et al. [59] presented test results on shock-loaded sandwich panels
comprising E-glass vinylester face sheets and a Corecell polymeric foam core. Tests
on panels with stepwise graded density cores and with polyurea interlayers were
also examined. Digital image correlation was used to capture the dynamic response
of the panels. The results showed that polyurea core improved the performance of
the panels when placed on the rear side of the panel. Core compression, face sheet
delamination, and core cracking were all observed.

Langdon et al. [60] tested glass fiber vinylester composite panels having an equiv-
alent mass to sandwich panels having the same composite in the face sheet and a PVC
foam core. While vinylester polymers are not aerospace resins, the research method
and results are of interest to those concerned with blast testing sandwich structures
for aerospace applications. The panels had a 200 mm diameter exposed area and
were loaded by detonating a plastic explosive in close proximity to the panels [60].
Delamination of face sheets, core compression, core fragmentation, and fiber rupture
were observed [60], as shown in a typical example in Fig. 14.9. Finite element
modeling of the panel response was also performed. The tests showed that, in this
particular case, the plain composite panels offered superior resistance to blast loading
since they could be subjected to higher charge mass explosions without rupture. The
FE analysis and the experiments showed that this was due to the higher velocity
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transferred to the front face sheet during the blast loading, which resulted in face sheet
failure. The high velocities caused fiber fracture in the front face sheet that exposed the
soft core to the blast loading, which resulted in core fragmentation. Although the
panels were destined for use in marine applications, the work highlights both the
requirement for careful design of composite panels and the complex interplay between
the geometric and material properties of these structural materials.

Ma et al. [61] studied the blast response of aluminum honeycomb sandwich panels
based on basalt fiber/aluminum alloy FML skins. Basalt was selected for its excellent
mechanical properties and environmentally friendly characteristics. The authors inves-
tigated several designs based on different graded honeycomb core designs. It was
shown that these natural fiber-reinforced structures offer a superior blast resistance
to similar panels manufactured using aluminum alloy skins. It was also demonstrated
that the blast resistance of the sandwich panels depended on the geometric dimensions
of the target, the grading of the core, as well as the intensity of the blast.

Although much of the published work on the blast response of sandwich panels has
focused on flat laminates, only a limited number of works have investigated the effect
of blast loading on curved sandwich panels [62,63]. Langdon et al. [62] investigated
the influence of curvature and load direction on the blast response of curved glass fi-
ber/epoxy laminates and sandwich panels. Lower impulse levels were transferred
when the convex side of the curved panels was oriented toward the blast. Laminate
panels exhibited superior performance when compared to equivalent mass sandwich
panels as the rupture threshold of the laminates was much higher. Increasing the front
face sheet thickness in sandwich panels was recommended, but not investigated. Hoo
Fatt and Sirivolu [63] developed an analytical model to predict the blast response of
shallow shell composite sandwich structures with a double curvature. Here,
Lagrange’s equations of motion were used to predict the response of shells with an
isotropic and a transversely isotropic elastic-plastic core. The authors conducted a
detailed parametric study, where it was shown that the blast resistance of the
double-curved panels increases as the curvature ratio decreases.

From an aerospace perspective, the work reported above indicates important con-
siderations for the use of composite sandwich panels in blast-resistant applications.
Some of the important considerations are the front face sheet thickness, the

Core fragmentation and loss

Multiple delaminations

Back face debonding

Front face fibre rupture

Figure 14.9 Photograph of a cross-section of a blast loaded polymeric sandwich panel with
glass fiber vinylester face sheets and a PVC foam core (Impulse ¼ 19.1 Ns, 10 g PE4 charge)
[60].
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equivalence of plain composite laminates, coating technology, energy absorption char-
acteristics of the core, and the delamination resistance of the composite face sheets.

14.6.2 Fiber-metal laminates

Several workers have investigated the blast resistance of multilayered systems based
on combinations of thin layers of composite material and metal alloy. Fiber-metal lam-
inates (FMLs) are hybrid structural materials comprising interleaved thin metal sheets
and fiber-reinforced polymer laminates. They were developed as a lightweight alterna-
tive to monolithic metals for the aircraft industry, particularly for improved fatigue
resistance. The only commercially used FML is GLARE©, which comprises thin
aluminum alloy sheets and glass fiber-reinforced epoxy (a thermoset). A cross-
section view through GLARE 3 is shown in Fig. 14.10. Although the initial use of
GLARE© in an aircraft was to improve the fatigue properties of the aircraft compo-
nents [64], GLARE© has also been used because of its improved impact properties,
relative to monolithic aluminum of the same areal density [65,66]. An increase in
the ballistic limit of 15% has also been reported for GLARE© when compared to
equivalent mass monolithic aluminum alloy [66].

Composite and fiber-metal laminate materials are finding increased use in the
aircraft industry. For example, Airbus has, for some time, been using GLARE© to
improve fatigue crack growth resistance, in an attempt to introduce life cycle cost sav-
ings. GLARE© has been used as a material in the upper fuselage and leading edges of
the Airbus A380. Boeing has preferred to use fiber-reinforced composites, such as
CFRP, in its aircraftda notable example being the 787.

There are various types of GLARE©, depending upon the layup of the constituents,
but only two that are regularly used in impact applicationsdGLARE 3 and GLARE 5
[64]. Typically, GLARE is manufactured using 2024-T3 sheets and S2 glass fiber-
reinforced epoxy prepreg. The distinct types of GLARE refer to the different possible
layups of the glass fiber in the composite layers. GLARE 5 was proposed as a material
to replace aluminum for unit load devices (aircraft luggage containers) but has not been
widely adopted. Fleisher [67] showed that a GLARE unit load device would contain
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0° glass fibres
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Figure 14.10 Cross-section view of GLARE 3 [68].
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blast loads comparable to those responsible for destroying Pan Am Flight 103 over
Lockerbie in December 1988. The GLARE device has been certified for use onboard
an aircraft but the higher cost (with no life cycle cost savings) of the GLARE con-
tainers compared to their aluminum counterparts has limited their use. From a research
and design perspective, the details released in Ref. [67] are incompletedthey do not
report information about the precise design and the experimental details, making the
findings difficult to replicate or use.

Langdon et al. [68] reported results from blast loading experiments on GLARE 3
panels. The panels were square, with an exposed area of 200 mm by 200 mm. The
loading was generated by detonating plastic explosive (PE4) disks at a standoff dis-
tance of 200 mm from the panel surface and directing the blast waves down a square
section tube in front of the panel. The size and mass of the PE4 disks were varied. The
panels behaved similarly to monolithic metal plates, exhibiting large plastic deforma-
tion with a classic yield line formation pattern typical of fully clamped plates subjected
to uniform impulsive loading. When presented in dimensionless form, the results indi-
cated that GLARE might potentially offer superior blast resistance to other metals and
composites [68]. However, when the explosive charge was moved closer to the panels,
failure was catastrophic as the material could not withstand such highly localized
loading.

Researchers across different institutions recently collaborated as part of an EU
funded project known as project VULCAN [69e72] to study the response of aero-
space materials, including GLARE, to dynamic loading. Mediavilla et al. [69,70] per-
formed experiments to elucidate the dynamic crack propagation and fracture response
of an aerospace aluminum alloy, CFRP, and GLARE. Results from experiments on
notched plates subjected to loading arising from an explosive line charge are reported
in Ref. [69]. Both the aluminum and GLARE exhibited ductile crack propagation,
whereas fracture of CFRP panels was brittle. Unfortunately, limited test data were pre-
sented, making it impossible to judge which material was better, as the explosive
charge failure threshold was not reported. However, since ductile crack propagation
proceeds more slowly and involves energy absorption through plastic deformation,
this may be more desirable for an aircraft. Tensile tests were performed on GLARE
and aluminum alloy specimens over the strain rate range 3 � 10�4 s�1 to 300 s�1

[70]. No significant rate sensitivity was observed across this range. Pressurized barrel
tests [69,70] were performed to gain insight into the dynamic crack propagation. The
crack speeds were measured during the barrel tests and showed that higher speeds were
measured in the CFRP material (up to 2000 m/s) [70]. The high propagation speed
indicated a more brittle failure mechanism in the CFRP compared to GLARE and
aluminum alloy. This was attributed to the lower toughness of CFRP [70].

Other types of FMLs, based on fiber-reinforced thermoplastic polymers, have been
developed by Guillen and Cantwell [73]. These are mostly based upon polypropylene,
which is not suitable for aerospace applications as the polymer is in a rubbery state
above �20�C. However, blast testing of these FMLs has been performed as reported
by Langdon and coworkers [74e78]. Langdon et al. [74] performed a preliminary
investigation on small scale FML panels manufactured from aluminum alloy and three
different composite materials. The results indicated that, in nondimensional form, the
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midpoint displacements of the different configurations of FML panel were similar to
those obtained for monolithic aluminum plates [74]. This was an unexpected result
given the completely different failure mechanisms observed in the different types of
the panel [74]. The main focus of subsequent work has been on the blast response
of aluminum alloy, and woven glass fiber polypropylene (GFPP) based FML panels
as reported in Refs. [75e78]. Localized [75,77,78] and uniformly distributed [76] blast
loading experiments have been performed on the GFPP based FMLs, with large plastic
deformation, debonding, rupture, and petaling failures reported [75e78]. Typical fail-
ure modes for blast loaded FML panels are illustrated in the photographs shown in
Fig. 14.11. Fig. 14.11(aec) are from FML panel tests reported in Ref. [76] on
FMLs with two metal layers and one composite block (known as the 2/1 configura-
tion). The panels with unidirectional plies exhibited delamination failures
(Fig. 14.11(a) and (b)), whereas the woven plies do not exhibit delamination
(Fig. 11(c)). Fiber fracture and aluminum rupture were evident at higher loads
(Fig. 11(a) and (c)). Fig. 11(d) shows a photograph of a panel cross-section typical
of tests on thicker FMLs with woven GPP layers, as reported in Refs. [75e78].
Debonding, fiber fracture, and large inelastic displacement of the aluminum are char-
acteristic failure modes in these panels.

The spatial distribution of the blast loading produced different responses in the
FML panels. Uniformly loaded FMLs exhibited higher impulses to tearing and did
not exhibit the centralized fiber fracture and panel rupture failures observed in the
locally loaded panels [73]. A photograph of a cross-section from an FML panel

Figure 14.11 Photographs of cross-sections from FML panels subjected to localized air-blast
loading (a) 2/1 FML with unidirectional GFPP layers, (b) 2/1 FML with unidirectional GFPP
layers, (c) 2/1 FML with woven GFPP layers, (d) 3/2 FML with woven GFPP layers [74,75].
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subjected to uniformly distributed loading is shown in Fig. 14.12. The debonding fail-
ures are located at both the panel edges and the in the central region. The whole section
appears “wavy” due to the elastic rebound of the composite constrained by the plasti-
cally deformed aluminum layers. However, despite the differences in panel failure
mechanisms, the nondimensional analysis showed the midpoint displacements from
both the uniform and localized blast tests could be fitted to a linear trend of increasing
normalized displacement with increasing nondimensional impulse [75,78].

Langdon et al.’s investigations on blast-loaded GFPP FMLs [75e78] showed that
the rear face of the FML frequently debonded from the rest of the panel. Since the first
failure was interfacial debonding between the composite layers and the aluminum
alloy rear panel, Langdon et al. [79] examined ways to improve this interfacial debond-
ing strength. Improving the adhesion properties of the aluminumecomposite interface
in FML panels will contribute to the development of blast resistant epoxy-based
FMLs. Various surface treatments, resin systems, adhesive additives, and glass fiber
types were examined. The interfacial bond strength, determined from single-leg
bend tests, was highest when a combination of bead blasting and silane treatment
was employed. The surface treatments had no discernible effect on the quasi-static ten-
sile properties. The blast tests showed that fiber configuration and bond strength played
a role in blast resistance, but that bond strength (and particularly resin type) was more
prominent. However, in terms of blast performance, the improved FML panels were
still inferior to GLARE.

Modeling the response of FMLs to blast loading is particularly challenging because
of the large number of layers, the possibility of multiple failure modes and the diffi-
culties in defining the spatial distribution of the blast loading pressure on the panel sur-
face. Work by Karagiozova et al. [80,81] on GFPP based FMLs, subjected to localized
blast loading, showed that the function of the composite is to spread the loading over a
wider region of the panel, thus enabling higher energy absorption. The woven compos-
ite was simplified as two orthotropic layers. Delamination and interfacial debonding
were modeled using cohesive elements. Subsequently, Soutis et al. [72] used the
same approach to model the delamination within GLARE panels subjected to air-
blast loading using the LS Dyna finite element code. Soutis et al. [72] reported
modeling predictions for the response of clamped quadrangular GLARE panels sub-
jected to explosion loading. The loading is generated by detonating spheres of C4
explosive 200 mm away from the target plates. The target plates had an exposed
area of 600 mm by 600 mm. Aluminum, glass fiber, and GLARE panels were all tested
and analyzed. The predictions were performed using LS-Dyna, and are compared to
blast loading perforation tests. Good correlation is reported [72].

Figure 14.12 Photograph of a cross-section from a GFPP based FML panel subjected to uni-
formly distributed air-blast loading [76].
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Following the approach by Karagiozova [80,81], Vo et al. [82,83] have also modeled
the low impulse blast, and impact behavior of GFPP based FMLs. Numerical simulation
results [82,83] compared favorably with experiments reported in Refs. [75e78]. Vo
et al. [83] numerically investigated the influence of aluminum alloy type on the overall
response. Four alloys were investigated. Vo et al. [83] showed that midpoint panel
displacement could be decreased by increasing the yield stress of the aluminum alloy,
but that debonding area increased with alloy yield strength. The papers by Karagiozova
et al. [80,81] and Vo et al. [82,83] mention the lack of strain rate dependent properties for
GFPP as a limiting feature in their work. To address this, Sitnokova et al. [84,85] under-
took a numerical study to model the various failure modes observed in aluminum/glass
fiber polypropylene FMLs. This work was based on the earlier experimental study by
Langdon and coworkers [75e78]. In an initial study [84], perforation-type failure in
FMLs based on several stacking sequences was modeled using Abaqus/Explicit. The
composite was treated as an orthotropic elastic material up to failure initiation and
ensuing damage using an instant failure rate-dependent model. Good agreement between
the observed and predicted perforated panels was observed for the range of laminates
considered. In a subsequent study, Sitnokova et al. [85] modeled both perforated and
nonperforated FML panels. Here a simple model based on continuum damage me-
chanics was used to describe the response of the FMLs. The blast load was modeled
as a pressure function on the front surface of the panel. It was argued that this procedure
accounted for both the temporal and spatial distribution of the blast. The finite element
models were used to predict both perforation and nonperforation damage in the
aluminum/glass fiber polypropylene laminates. Good agreement was observed between
the predicted and observed damage modes, although the level of accuracy decreased in
thicker laminates based on a larger number of plies [85].

More recently, Nwankwo et al. [86] developed a three-dimensional constitutive
analysis to model the blast response of Langdon et al.’s [75e78] glass/PP fiber-
metal laminates. The authors stated that to describe the behavior of these materials un-
der extreme conditions fully, it is extremely important to capture the highly nonlinear
transient effects, including delamination, debonding, tearing, plastic deformation, and
the fracture of the component materials. Two concepts were proposed in the context of
characterizing the blast behavior, these being the efficiency of charge and the effective-
ness of the target. It was shown that for the configuration studied, the efficiency of the
charge was 99.5%, suggesting that the system took the full impulse associated with the
charge. The effectiveness of the target is defined as the impulse corresponding to a
threshold damage level divided by the nondimensional impulse. It was argued that
the lower the efficiency parameter, the more severe the observed damage and degree
of perforation [86].

14.7 Conclusions

The blast response of composite materials has become increasingly important as these
materials are employed more frequently in modern aircraft. When considering blast
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response, it is vital that a careful assessment of the blast loading scenarios for each
aircraft design is made, as the loading is complicated by the degree of confinement,
geometrical variations, and the multiplicity of potential explosion scenarios. Recent
experimental and numerical investigations concerning the blast behavior of fiber-
reinforced polymers and fiber-metal laminates have shown that the composites are bet-
ter able to contain explosion loading that is uniformly distributed. In addition to the
nature of the loading, the failure progression and ultimate rupture loads of composite
materials depend upon many factors, including the materials, geometrical configura-
tions, overall panel thickness, and stacking sequence. Failure modes in blast loaded
composite, and fiber-metal laminates include delamination, interfacial debonding, fi-
ber fracture, plastic deformation of the metal layers, and rupture. Woven composites
appear to offer better damage tolerance to blast loading, with fewer delamination fail-
ures. Coatings and filler materials could offer a potential improvement in blast
response in the future and are avenues of future research. At present, natural fiber com-
posites cannot replace carbon fiber or glass fiber-based composites for load-bearing
structures in an aircraft due to their inferior properties.
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Repair of damaged aerospace
composite structures 15
E. Archer, A. McIlhagger
Ulster University, Newtownabbey, Ulster, United Kingdom

15.1 Introduction

The repair of composite aircraft structures is similar to that of other advanced compos-
ite repair techniques [1]. With all aircraft repairs, however, closer attention is usually
paid to the balance between weight and safety factors, aerodynamics, quality control,
and substantiation. The approach taken will depend on a number for factors, but
initially, a different set of priorities might be applied to an in-service repair versus a
manufacturing repair. The task of repair begins only after the extent of the damage
has been established by skilled personnel using inspection methods and damage
assessment. A repair has the objective of restoring a damaged structure to an accept-
able capability in terms of strength, durability, stiffness, functional performance,
safety, cosmetic appearance, or service life. Ideally, the repair will return the structure
to its original capability and appearance.

Repairs to manufacturing damage must address structural requirements (strength,
stiffness, static, fatigue, durability) and cosmetic requirements (customer will not
accept a visible repair on their expensive aircraft). However, the time required to com-
plete the repair is not usually an issue unless it delays dispatching a component.
Material cost and availability is not a major driver for manufacturing repairs where
there is predictable usage, and large volume reduces purchase cost. It may, however,
be a major issue for in-service repairs. Aircraft operators will request alternatives to
costly or scarce materials.

Repairs to in-service damage must also address structural requirements, but in this
case, the time to complete the repair is of the utmost importance (any delay to aircraft
departures or a flight cancellation is very expensive). Generally, the cosmetic appear-
ance of the repair is not a major consideration, but modern composite aircraft are often
sold on the assumption that the smoother air washed surfaces as a result of fewer fas-
teners compared to metallic structures will provide fuel savings, so an into wind step is
generally not desirable. The size of the repair and the local changes in weight can be
insignificant to the total component weight, but in weight-sensitive structures, such as
aerodynamic or hydrodynamic control surfaces, the effect to the mass balance can be
highly significant. The effective change in local weight must be controlled to within
certain limits, and in some cases, rebalancing of the component may be necessary.

Common manufacturing defects include anomalies, such as porosity, microcrack-
ing, and delamination resulting from processing discrepancies as well as inadvertent
edge cuts, surface gouges and scratches, damaged fastener holes, and impact damage.
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Damage can also occur in detail parts or components during assembly, transport, or
during operation.

A list of sources of manufacturing defects includes:

• improper curing or processing
• improper machining
• mishandling
• improper drilling
• tool drops
• contamination
• improper sanding
• substandard material
• inadequate tooling
• mislocation of holes or details

During the manufacture of a new aircraft, FAR Part 121.707 -Alteration and repair
reports, require the airframe manufacturer to keep a copy of each report of a major
repair available for inspection. Airplane operators, therefore, require a record of major
predelivery repairs. For economical and logistical reasons, they have a need to know
about any predelivery repairs that will affect their maintenance operations. In response
to these customer requirements, original equipment manufacturers (OEMs) compile a
Significant Rework Log for each airplane and deliver it with the airplane. Rework/
repair is deemed significant when it may have an impact on the way the airplane oper-
ator will perform repair, maintenance, or overhaul, or affect the inspection program
that the airplane operator must follow.

The main characteristic of in-service damage is that it occurs during service in a
random manner. A list of sources of in-service damage threats is given below:

• hail
• runway debris
• ground vehicles, equipment, and structures
• lightning strike
• tool drops
• bird strike
• turbine blade separation
• fire
• wear
• rain erosion
• ultraviolet exposure
• hygrothermal cycling
• oxidative degradation
• repeated loads
• chemical exposure

For damage sustained to aircraft structural composite materials, the repair method-
ology depends on the size of the damage and other factors. An aircraft’s Structural
Repair Manual (SRM) is a set of repair data for common damage events. It is provided
by the OEM at the time of the airplane delivery and approved by the relevant
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regulatory authority. It will indicate limitations and provide repair scheme designs if
the damage is within these limits. Generally, the repair procedures are as follows:

1. Within damage size limitations, the procedure is laid out in the SRM.
2. Outside the damage size limitations, an engineering decision is required for the design of the

repair scheme by the aircraft airworthiness design authority.

The typical procedures followed for the restoration of damaged composite air-
frames are to:

1. Find the damage,
2. Determine the extent of damage by an appropriate nondestructive inspection (NDI) method,
3. Remove the damage,
4. Fabricate the repair scheme,
5. Apply the repair scheme and
6. Restore aircraft surface finish.

There are several reasons why the ability to repair composites is considered to be a
problem. Inappropriate designs adopted in the early years of composite aircraft struc-
tures (thin skin honeycomb sandwich construction) exposed composites’ weaknesses
during service (e.g., prone to impact damage and water migration through the skins
into Nomex core, which can cause further damage, especially during freeze-thaw
cycling) and required major repair. Also, these thin laminates prevented the use of
an operator’s preferred in-service repair methods of mechanically fastened repairs.
Currently, many operators and maintenance organizations lack knowledge and expe-
rience of repairing composite structures, and hence, composites are deemed “hard” to
repair. Composites have different properties and behave differently from metal, and
unfortunately, there is little standardization on the repair materials and processes.
Also, a need to store “lifed” materials, some of which need refrigeration, is also a
cost burden on the repair organization. With the increased use of composite materials,
certificating authorities are increasingly concerned about skill base and experience
levels in maintenance organizations. Many of the legacy repair methods are not rapid
and efficient enough to meet the program needs for effective fleet support. They are
also not applicable to new airplane programs, especially those incorporating new ma-
terials and structural concepts, such as the Boeing 787, Airbus A350, or Bombardier C
Series.

15.2 Assessment of repair and nondestructive tests

In many instances, uncertainties associated with existing damage, as well as economic
considerations necessitate reliance on inspection and repair programs to ensure the
required structural capability is maintained. During the design of composite structural
components, consideration should be given to the inspection methods available to both
the manufacturer and the customer. Typical composite in-process NDI methods avail-
able to the manufacturer are visual, through-transmission ultrasonics, pulse-echo ultra-
sonics, X-ray, and other advanced NDI methods, such as enhanced optical schemes
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and thermography. Most airlines use visual inspections supplemented with both
mechanical (i.e., some form of tap test) and electronic (i.e., pulse-echo and low-
frequency bond testing) to locate damage. When airplane operators are forced to use
inspection methods that are subjective, i.e., the tap test, they are handicapped by
lack of knowledge of damage sizes and criticality. This is a significant problem for op-
erators, and while sandwich structural configurations can be very efficient from a per-
formance point of view, they tend to be fragile, easily damaged, and difficult to inspect.

15.2.1 Damage scenario

With metals, impact energy is dissipated through plastic deformation, and the structure
still retains a good deal of structural integrity. Laminated composite materials, howev-
er, are susceptible to transverse impact loading, which causes laminas to become
delaminated or skins and the core of sandwich panels to become disbonded [2].
This delamination causes a considerable reduction in tensile, shear, and especially
compressive strength [3], depending on the impact energy level, impactor shape,
morphology, and velocity. The process and consequences are described in detail in
chapter 11 of this book. Blunt impacts can induce subsurface damage without visible
surface damage [4]; it is, thus, difficult to identify such damage during visual inspec-
tions [5]. Impact loads can cause delamination, dents, and punctures, as well as micro-
damage, such as matrix-cracking and fiber breakage. Although the surface damage
may not be readily evident at the time of impact, it can cause severe internal damage
and weakening of the resin-dominated properties and could develop into a catastrophic
failure of the component. During the design and certification stages, much time and
energy are devoted to ensuring a robust airframe. From testing a large range of
different layups and thickness for different energy levels, curves are created which
act as design allowables for different components. A composite layup will have an
allowable design curve, where allowable stress (or strain) varies with thickness for a
given impact energy level up to open-hole allowables. Most composite components
are designed for specific damage resistance, damage tolerance, and durability criteria,
to alleviate the effects of the expected damage. Further information regarding bird
strike damage is given in FAR Part 25.631.

During the design stage, an energy level defines the severity of an impact. Statistical
studies are used to determine the maximum amount of energy a component can be ex-
pected to withstand without affecting the structural integrity. This could typically be
the equivalent of an 18 lb toolbox being dropped from waist height, but there are
various zones with different energy levels on the aircraft. Barely visible impact dam-
age (BVID) is a defined amount of damage that a component must be able to withstand
without affecting the structural integrity. Typically this is 1 mm dent depth; this
amount of damage may not be visible on a preflight inspection or even at scheduled
maintenance. As in the case of metal aircraft, ultimate strength and damage tolerance
philosophies are used to maintain the reliable and safe operation of composite struc-
tures. The Federal Aviation Authority (FAA) guidelines for discrete source damage
are stated in DOT/FAA/AR-02/121. They state [6]:
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1. Structure containing likely damage or defects that are not detectable during manufacturing
inspections and service inspections must withstand Ultimate Load and not impair the oper-
ation of the aircraft for its lifetime (with appropriate factor).

2. Structure containing the damage that is detectable during maintenance inspections must with-
stand a once per lifetime load, which is applied following repeated service loads occurring
during an inspection interval (with appropriate factor).

3. All damage that lowers strength below Ultimate Load must be repaired when found.
4. A structure damaged from an in-flight, discrete source, which is evident to the crew must

withstand loads that are consistent with continued safe flight.
5. Any damage that is repaired must withstand Ultimate Load.

The repair design must also be compatible with other associated systems on the
aircraft. Typically these systems are as follows:

1. Fuel System Sealing. In modern platforms, the fuel is carried within the structure as an inte-
gral part of the structure, i.e., the “wet wing” of an aircraft. Hence, any repair to a structure
that is in direct contact with the fuel system must seal the fuel tank, cater for out-of-plane fuel
pressure forces, and not contaminate the fuel system during the repair process.

2. Lightning Protection. Some composite structure has provision for conducting lightning
strikes by use of flame-sprayed coatings, bonded metallic strips, wire mesh, etc. A repair
to the structure must restore the electrical continuity, as well as the structural strength. Bolted
repairs around fuel tanks must avoid creating an electrical path. If the electrical conductivity
of the parent structure is required for lightning protection, then this must also be repaired.
Thus, the repair must also incorporate the same degree of electrical conductivity for lightning
protection.

3. Mechanical System Operation. Any component that is required to move during the operation
of the platform or is in close proximity to a moving component, and is subsequently repaired,
must ensure that the repair does not impede component operation. For example, retracting
aircraft flaps must be repaired such that the repair still provides adequate retraction clearance.

Once the extent of the damage has been assessed, the materials and processes used
in the original part fabrication must be determined. Generally, the specifications are
available from the OEM. However, if the original specifications are not available,
an engineering analysis must be conducted to determine the designed ultimate loads,
fatigue, and environmental exposure requirements per Federal Aviation Regulations
(FARs) 23.305, 23.307 and 23.573. Even if the specifications are available, however,
the specified processes may not be readily duplicable. For example, a part which was
manufactured with a preimpregnated resin system cured at 85 psi pressure in an auto-
clave may not be repairable in this fashion unless it can be disassembled and trans-
ported to a facility with the capabilities. Even if it could be transported to an
autoclave, it may not be feasible for the completed component with subassemblies
to be exposed to the temperatures and pressures of the autoclave without being totally
disassembled and supported within the manufacture’s original tooling [1]. Further-
more, the elevated pressure used to manufacture skin panels might crush honeycomb
stiffened parts of the assembly. Generally, repairs are conducted with only the use of
vacuum-induced pressures and localized heating. The reduction in pressure can cause
lower fiber volume fraction, so the mechanical strength of the vacuum bagged layup
will not be equivalent to the higher pressure laminate; this may require compensating
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the repair laminate with an additional ply, which often prevents the repair from being
totally flush with the parent material. It should also be remembered that the vacuum
pressure applied by the vacuum bag will be less at higher altitude repair centers
than at sea level.

15.3 Repair

If the damage is assessed to be negligible by the NDT method, usually, a simple
cosmetic repair is sufficient to seal the area. Negligible damage, in the terms of air-
frames, is usual, but not limited to scratches, chips, or very small holes. In this case,
the area would be filled and sealed with a repair epoxy, sanded level with the surface,
and painted. The purpose of this is purely cosmetic and to protect it from the elements.
It is often the case that small areas of damage are detected in-service, which in them-
selves do not threaten the integrity or mechanical properties of the component as a
whole; if left unrepaired, however, they may lead to further rapid propagation of the
damage through moisture ingress and fatigue. Similarly, skin damage to honeycomb
panels, core replacement in honeycomb panels or fastener hole elongation may be
repaired by potting or filling. In such a repair scheme the damage may not necessarily
be removed. However, it is important to remove any absorbed moisture. Absorbed
moisture could present long-term problems, such as corrosion or repair scheme loss.
The damaged area is filled with a suitable potting compound (neat resin or mixed
with chopped fiber) and then sealed with a layer of composite. When applying a
potting compound, the weight and balance requirements should be checked, espe-
cially, if applied to flight control surfaces. Alternatively, simple patch type repairs
can be carried out, with the minimum of preparation, to protect the component until
it can be taken out of service for a proper structural repair. These temporary repairs
should be subject to regular inspection. For repair of delaminations, resin injection
might be adequate. If however, the damage is found to be more serious but considered
repairable, then bonded or bolted repairs are the most common methodologies to pro-
vide an effective load transfer through the material. All of these common methods are
frequently employed and well developed. The one key limitation, however, is they are
all “high skill” jobs and are labor intensive, rendering them both expensive and time
consuming. The final classification of serious damage confirms the part is not viable to
effect a repair; the damaged part must be removed from the structure and replaced.

In order to develop repair concepts for a broad range of damage scenarios, the repair
design philosophy is focusing on more generic repairs that are not damage-specific.
This approach will be beneficial because generic designs and corresponding repair pro-
cedures can be developed for various levels of damage which are, within certain limits,
independent of specific damages. Another aspect of the approach is to provide opera-
tors with multiple options for a given repair situation. Options might include, as exam-
ples, temporary versus permanent repair, bonded composite patches versus bolted
composite or metal patches, or wet layup or prepreg patches versus precured bonded
patches. An operator’s choice might depend on the severity of the damage, the time
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available to perform the repair, the operator’s facilities and capabilities, inspection/
overhaul schedules and/or current field environmental conditions.

There are four basic levels of generic repair scheme designs:

1. Filling and sealing the damaged area (cosmetic repair)
2. Filling the damaged area and applying a doubler patch (semi-structural repair)
3. Bonding a flush patch to the damaged area (structural repair)
4. Bolting a patch to the damaged area (structural repair)

15.3.1 Resin injection

Resin injection can be applied for the repair of skins that have disbonded from the hon-
eycomb core on honeycomb sandwich panels, to repair delaminations between plies of
a solid laminate with no damage to the surface, or for small disbonds. Local stiffness
and stability may be restored by the injection of resin into the damaged area. This is
achieved by drilling two small holes in the surface of the laminate, down to the defect.
One hole is used to inject the resin while the other acts as a vent or vacuum port. Gener-
ally, toughened resins are more viscous than is favorable for easy injection. Also, dril-
ling the holes can possibly make the damage worse by giving any cracks a high-stress
path to follow [7,8].

15.3.2 Chopped fiber

During the assembly stage of composite aircraft components, it is occasionally neces-
sary to repair a laminated component due to defective drilling of holes. These defects
could be oversized holes, misaligned holes, incorrect geometric tolerance, etc. A com-
mon repair strategy for secondary structures is to fill the damaged hole with a combi-
nation of chopped fibers and an epoxy resin system, which subsequently cures to a
solid material, allowing a new hole to be drilled as required to meet product
conformance.

15.3.3 Bonded patch repair

The bonded repair can take the form of either an external patch, internal patch, or a
flush scarf or stepped repair as described in MIL-HDBK-17-3F 3. The internal patch
usually is not an option due to accessibility. For simplicity, the external lap is
commonly used on internal component repairs, such as bulkheads and inner skins.
To maintain aerodynamic cleanliness and to minimize moment-induced failure modes;
however, the flush scarf repair is preferred [1]. Furthermore, on composite control sur-
faces (flaps, ailerons, etc.) that have critical mass balance limitations, the lighter weight
flush scarf repair is often the only acceptable means of repair, but a high-level skill and
longer time are required to prepare the damaged area for repair.

To apply an external or internal patch (single lap joint) the surface is cleaned and
lightly abraded prior to laying up the repair. Single lap shear joints are not as structur-
ally efficient as scarf joints or step joints. For implementing the flush repairs, the
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process begins with the removal of the damage and the careful creation of a hole by the
scarf or step method. Drying the laminate prior to applying the repair scheme is impor-
tant. The patch is designed and fabricated to fit in the hole. In this case, either a
precured (or hard-patch) and secondarily bonded repair patch or cocured (soft-
parch) repair patch is adhesively bonded to the damaged area. Cocured patches are
generally stronger. Baker [9] refers to the hard-patch method as a form of scarf repair
that involves preforming the patch in a mold, then using adhesive to bond it into the
scarf cavity when cured, instead of forming the patch in place. This methodology
has several substantial advantages when compared to the industry standard soft patch
approach as the patch can be formed in the same manner as the parent component, e.g.,
autoclaved, the advantages of which have been discussed already [10]. Another alter-
native is to CNC machine hard patch to the contour of the outer mold line and scarf
cavity and then secondarily bonded into the scarf cavity. Options for the patch material
include composite laminate, titanium alloy sheet laminate, or solid titanium alloy [11].

15.3.4 Honeycomb

As the structural severity of the damage increases, particularly for thin skins and hon-
eycomb sandwich panels, some load transfer over the damaged region will be required
to restore structural integrity. Such a repair scheme, Fig. 15.3, is both cosmetic and
semi-structural. The damage is usually removed and so is any absorbed moisture,
the damaged honeycomb core is replaced or a foaming resin plug inserted. Over the
repair region, a doubler is bonded in place. The hole plug must be of low modulus
so as to not attract load, and hence, the load is transferred from the parent laminate
into the doubler and out again into the parent laminate. Often the inner skin is repaired
with a simple external lap and replacement core cocured in place with potting com-
pound around the perimeter. If the core is honeycomb, the replacement should be of
the same material with matching cell size and orientation. Large areas of core replace-
ment with potting compound should be avoided to keep from inducing a failure due to
increased local stiffness or increase in mass on components such as engine cowls [1]
(See Figs. 15.1, 15.2 and 15.4).

Figure 15.1 Typical through penetration of a 3 mm carbon fiber laminate impacted with an
energy of 40 J.
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15.4 Typical repair procedure

An industry-standard scarf repair first involves removal of topcoat and primer and
then using a hand-held pneumatic router or grinder to machine the damaged portion
of the laminate into a circular shape. The sides of the circular cutaway must then be
machined to a taper at the required angle. Two approaches can be employed, either
stepped or scarfed. The scarfed joint is theoretically superior (better stress distribu-
tion), but little difference is seen in practice. The joint face is sanded to a constant
taper ratio. Thickness of laminate and predominant nature of loading (tension or
compression) impact the optimal taper ratio (different OEMs use different taper
ratios, but typically they are between 20:1 and 50:1 but could be as high as 100:1)
[12]; however, OEMs usually simplify things and base all their repairs upon a single
taper ratio. A final solvent wipe is performed followed by a further inspection, such
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Figure 15.2 Typical flush stepped and scarf repair.

Filler ply
(optional)

Replacement core Core splice adhesive

Extra ply

Repair plies

Film adhesive

Figure 15.3 Typical repair to honeycomb sandwich panel.
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as a water break test; the area is then dried before layup begins. Most repair material
systems cure at temperatures above the boiling point of water, which can cause a dis-
bond at the skin-to-core interface wherever trapped water resides. Depending on the
resin system used, the repair will require curing at elevated temperatures. These
could be as low as 50e60�C for some room temperature wet layup resins to
180�C for some prepreg systems. Some special repair prepreg systems have been
developed with lower cure (120�C) prepregs optimized for repair use such as Hexply
M20. If the repair is to a sandwich construction, the inner skin and core are repaired
in a first step. A nonstructural backing may have to be applied to support the inner
layup during cure.

For repairs to be made in situ (without removing the component), a vacuum
bagging system is generally used. This is an integral part of the process as heating
elements are used to cure the prepreg resin in the repair material. This process oc-
curs under vacuum to optimize the resin distribution and to also provide a force to
bond the patch to the surface of the parent component. A typical vacuum bag sche-
matic is shown in MIL-HDBK 17-3F 3. The best vacuum bag schedule will vary
from one repair layup to another, with different repair layups requiring different
bleeder ply schedules. In the case of flat laminates, heat is usually applied by means
of temperature-controlled electric heating blankets in conjunction with a vacuum
bag arrangement. These blankets can also be manufactured to fit complex double
curvature aircraft surfaces, or a temporary oven might be constructed. In order to
substantiate the repair quality, a process control panel should be fabricated within
the repair vacuum bag and cured simultaneously. When the repair is completed,
the process panel can be tested to verify the process results [1]. Clearly, this process
is severely limited on a large scale as the accuracy and uniformity of the hand-
machined scarf cavity and level of cosmetic finish is entirely dependent on the
skills and experience of the operator. Another important limitation to consider
is the pressure and temperature that can be achieved using a vacuum bagging
system. For manufacturing a patch, equivalent to the quality of the original auto-
claved part, it is imperative that the patch is cured under autoclave conditions.
To account for the loss in performance, extra plies are added to the repair scheme;
this has the negative effect of prevent a “flush” repair from being totally free from
protrusion.

15.4.1 Bolted patch repair schemes

For thicker laminated sections, restoration of the design load-carrying capacity can be
provided with a bolted patch repair. This repair process is to remove the damage and
create a hole with circular ends, remove any moisture, drill the locating fastener holes
in the parent laminate, and attach the repair panel, which could be of inner, flush, and
outer patch types. The patch panels and fasteners should be coated with a sealing com-
pound and fitted wet. Bolted repairs can comprise an external or an internal patch that
results in a single shear joint, or two patches, one on each side that leads to a double
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shear joint, see Fig. 15.4. In both cases, the load is transferred through the fasteners and
the patch by shear forces, but in the case of the two-patch repair, transfer load eccen-
tricity is minimized.

Bolted repair procedure consists of six distinct steps: (1) patch preparation and
pilot drilling holes, (2) laying out hole pattern on the parent skin and pilot drilling
skin holes, (3) the transfer of the holes in the skin to the patch if the patch covers
some existing skin holes, (4) drilling/reaming of patch and skin, (5) patch and
fastener installation and (6) sealing of the repair. For complex repairs, multirow
fastener patterns will be required to gradually introduce the load from the part be-
ing repaired into the repair patch. It is virtually impossible to distribute the load
evenly between all the fasteners in a multiple-row pattern, but careful design of
patch geometry, fastener diameter, and spacing can alleviate the high loads at
the first fasteners. Such complex repairs are not usually identified in the approved
repair manuals or procedures (SRM, TO or TM) and normally need engineering
input for design. Care should be taken to prevent galvanic corrosion, and as
with composite joints, special titanium, monel, or stainless steel fasteners are
required.

External Patch with Backup Plate: This concept uses an external chamfered metal
patch bolted to the panel being repaired. The bolts thread into nut plates mounted on
metal backup plates that are on the side of the repaired panel. The backup plate can be
split into two or more pieces and slipped through the opening.

External Patch with Blind Fasteners: This concept is similar to the previous one,
except that the backup plates are not used. Blind fasteners are not as strong as bolts
and nutplates, but if acceptable strength can be restored, this concept is easier to use.

Bolted Internal Doubler: This concept has been used as a standard repair for metal
structures. Access to the backside is required to install the doubler. The doubler cannot
be installed through the hole as a separate piece because the doubler has to be contin-
uous to carry loads in all directions. The filler is used to provide a flush outer surface
and is not designed to carry loads.

External

Internal

External/internal

Titanium patch

Composite skin

Repair plug

Figure 15.4 Bolted repairs (Ref: MIL-HDBK 17).
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15.4.2 Bonded versus bolted

Repair design criteria, part configuration, and logistic requirements will dictate
whether the repair should be bolted or bonded. Depending on the layup and material,
composites can exhibit low bearing strength. Due to the bearing loads induced by me-
chanical fasteners, bolted repairs are not generally acceptable on thin laminates or
sandwich structures. According to Baker and Jones [13], bolted repairs should not
be used on laminates less than 8 mm thick. In reality, however, they are used on lam-
inates greater than 3 mm thick. Adhesive bonded patched repairs are very attractive
due to their high efficiency, more uniform stress distribution, and good fatigue
behavior. Bonded repairs enable the joining of thin sheets with minimal stress concen-
trations while providing an aerodynamically smooth repaired area with few irregular-
ities. Also, bonded repairs can be more aesthetically pleasing with minimal weight
increase and some control of joint and repair stiffness (Table 15.1).

However, the disadvantages of bonded repairs are that surface preparation is critical
and sometimes difficult, and the processing and material storage are environmentally
sensitive regarding temperature, time, and humidity. Also, NDI is required, which in-
creases the cost, skill, equipment need, and time to complete the repair. Bonded repairs
are sometimes severely size restricted and might require recurring inspections. Also,
deep damages require removal of a lot of undamaged parent material and bonded repair
must elevate the repair area to a uniform temperature, so care must be taken to alleviate
heat sink.

Bolted repairs require similar skills and processes to repair of metal structure
meaning materials, equipment and skills are more readily available, so there is an op-
portunity to save considerable time without the requirement to scarf the surface.
Also, this brings better confidence in the process and the design. The disadvantage
of bolted repairs is that it is difficult to design repairs for sandwich structures and

Table 15.1 Repair design criteria, part configuration and logistic requirements will dictate
whether the repair should be bolted or bonded (Ref: MIL-HDBK-17.3).

Condition Bolting Bonding

Lightly loaded, thin (<0.10 in. (2.5 mm)) �
Highly loaded, thick (>0.10 in. (2.5 mm)) � �
High peeling stresses �
Honeycomb structure �
Dry and clean adherend surfaces � �
Wet and/or contaminated adherend surfaces �
Sealing required � �
Disassembly required �
Restore unnotched strength �

452 Polymer Composites in the Aerospace Industry



for thin sheets due to high bearing stresses. If dissimilar materials are used, there is
the potential for thermal stresses, stiffness, and strength mismatches and environ-
mental deterioration. Bolted repairs generally incur an increase in weight, and are,
therefore, less structurally efficient and the aerodynamic smoothness more likely
to be compromised even for “flush” schemes. With composites, a greater edge dis-
tance is required than in metal structure, and a drilled hole through the complete
thickness is required regardless of damage depth. Mechanically fastened repairs
require care and accuracy in the drilling of holes and the alignment of parts during
assembly. Fastener hole breakout is a characteristic problem, commonly solved by
using a layer of woven fabric as the outermost ply for all laminates during initial
component manufacture.

In summary, bonded repairs are the preferred approach for manufacturing repairs to
both honeycomb sandwich and monolithic secondary structure. However, for the FAA
and European Airworthiness and Safety Administration, the main reason for with-
holding certification of bonded repairs for the primary structure is the lack of certainty
over bond quality, as it is not possible to assess strength and durability of bonded joints
without destructive testing.

15.5 Analysis of repair

Most repairs are basically designed as a joint to transfer the load into and out of a patch.
In the case of the bonded repair, a simple method of determining the load sharing ratio
with a bonded repair, and the parent laminate is illustrated by Hart and Smith [14]. For
ensuring that the repair configuration will have adequate strength and stiffness, the
repair joint must be analyzed to predict its strength. As stated before, if the damage
is outside of information available in the SRM, a repair scheme must be designed.
However, as FAR requires the use of data “Approved” by the FAA or data “Accept-
able” to the FAA when performing structural repairs, aircraft operators will be reliant
upon the OEM for composite repair data. More information regarding repair to struc-
ture susceptible to widespread fatigue damage is given in AC 25.571-1D stating that
analysis must be supported by test evidence. Further information on the repair
approval process is given in appendix 5 of AC 120-93.

Composite panel repair has been extensively studied for the last 40 years and many
researchers have reported that aircraft structures can be repaired to restore between 80%
and 100% of the parent [15] laminate strength. In practice, however, the composite lami-
nate strength in the overlap section of a scarfed lap joint is usually reduced when
compared with the parent laminate strength due to discontinuous fibers across the over-
lap length, as well as, stress concentrations in the bond line and laminates. In addition,
the bond strength could vary due to variations of the material or geometrical and process-
ing properties [16]. It is important to note that the structural behavior of bonded repairs
relies heavily on processing factors (i.e., surface properties, adhesion, and curing condi-
tions) rather than mechanics (i.e., stress and strain) alone [17]. By comparison, the per-
formance of mechanically fastened composite joints mainly depends on the mechanical
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factors, such as bolt load and bolt-composite mechanical interactions [18]. This differ-
ence is a major challenge to provide strong, durable, and reliable bonded repairs, espe-
cially for primary structural components.

For the analysis of adhesively bonded joints, approaches based on analytical or nu-
merical methods are used, but the majority of the existing analytical models for adhe-
sively bonded joints use two-dimensional macro mechanics, which assume plane
stress or strain state and neglect the stresses generated across the third direction in the
adherends. Considering that the transverse mechanical properties of composite lami-
nates are relatively low in comparison to the in-plane mechanical properties of the lami-
nate, joint failure could be an adherend failure in transverse tension before the failure of
the adhesive occurs [19]. The design of bonded repairs (as with bonded joints), there-
fore, should aim to provide a shear dominant stress state and induce minimum peel
(i.e., through-thickness out-of-plane) stresses in the adhesive layer to improve the joint
strength [20]. In general, bonded scarf patches, with no eccentricity of the load and min-
imal peel stresses, are the most efficient joints for bonded repair. If a sandwich structure
is repaired, the core forms a substrate, which provides support for the out-of-plane loads.
This is why bonded repairs are very efficient for sandwich structures [21].

Any repair must be capable of supporting the design loads that are applied to the
original structure. The two major aspects of supporting design loads are strength resto-
ration and stability requirements; the greatest concern is often structural instability un-
der compressive loading so the repair design must consider how to restore structural
stiffness. Damage analysis will indicate where structural instability exists. Generally,
the stiffness and placement of repair material should match the parent material as
closely as possible. This avoids any recalculations of the overall dynamic behavior
of the component, such as flutter or structural load redistribution. However, if damage
analysis indicates that local structural instability is likely, then some form of structural
doubler patch is applied to restore local stiffness. The restored stiffness should be
equivalent to the undamaged stiffness such that [22]:

Erestored1 ¼ Elam1 � h
tr

¼ Ep1tp þ Edeg1 tdamage
tr

¼ Effective Patch Stiffness þ Effective Degraded Stiffness

where:

El am1
¼ Laminate Effective Principal Stiffness

h ¼ laminate thickness
tr ¼ thickness of the repaired region
Ep

1
¼ patch stiffness

tp ¼ patch thickness
Edeg1 ¼ degraded region stiffness
tdamage ¼ depth of the damaged region
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Any permanent repair must be designed to support applied loads at the ultimate
design load level at the extremes of temperature excursions, moisture levels, and barely
visible damage levels. Also, structural repairs may be more susceptible to damage
caused by repeated loads during their service lives. This is because the repair process
is not as well controlled, and the repairs themselves create discontinuities in areas that
are exposed. Bonded repairs should be well sealed as they can develop disbonds after
being weakened by environmental effects. In a recent study on repair by bonding
external patches, Cheng et al. [23] found that high-stress concentration along the trans-
verse edges of circular patches and/or at the longitudinal edges of the hole leads to
early damage initiation in the parent plate. It is shown that the damage progression de-
pends on the repair patch. This study considered various patches of different stacking
sequences placed on both sides of the parent plate. Finite element analysis was used to
optimize patched repairs.

The design analysis of a scarf may be considered similar to a single lap bonded
joint, detailed analysis of which can be found in MIL-HDBK 17-3F 3. However,
the analysis of a bonded joint is made complex by the modulus difference of the ad-
hesive compared to the adherends and the relative thicknesses of both, which causes
a nonlinear distribution of the shear forces in a lap joint with peak stresses at the
ends [1]. Scarf repairs provide a more uniform stress distribution; however, to achieve
this, an adequate scarf angle is required [24] shown in Fig. 15.5.

Scarf repairs can bemodeled to afirst approximation as a simple scarf joint. If the patch
matches the parent material in stiffness and expansion coefficient, simple theory gives:

s ¼ P � sin 2 q

2 � t

where s is the adhesive shear stress, P the applied load per unit width, t the laminate
thickness, and q the scarf angle. The required minimum value of scarf angle q for an
applied load P can be obtained from the following, taking sP as the peak or allowable
adhesive shear stress:

P¼E � εU � t ¼ 2 � sP � t
sin 2q

where E is the laminate modulus and εU the allowable laminate strain. For small scarf
angles, the condition for reaching the allowable strain εU in the adherends is:

q <
sP

E � εU

p ptq

s

Figure 15.5 Scarf joint analysis geometry.
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Taking εU, as 4000 microstrains at design ultimate stress for the composite
component sP, for hot/wet conditions as 13 MPa for film adhesive and E as
70 GPa, typical of a composite laminate used in aircraft structure gives q � 3 de-
grees. From the above, we can also calculate the repair scheme patch length, as
shown in Fig. 15.6:

IPatch ¼ 2 � t
sin q

þ Dhole

where:

t ¼ laminate thickness
Dhole ¼ the hole diameter

In practice, a general rule of thumb for scarfing is to remove 12.7 mm per ply. Ply
thickness varies depending on the materials used in the original structure, but for car-
bon fiber unidirectional tape, it can be as thin as 0.127 mm. Clearly, a scarf repair on a
structure of 6.35 mm thickness (50 plies thick) would approximately translate to a
scarf of w635 mm.

Clearly, these are simple approaches and do not optimize the repair for a com-
plex multiload path structure. In recent research, Engels and Becker [25] proposed
a laminate plate being repaired by elliptical patches. This is done by first cutting
the damaged section to an elliptical shape and then repairing the surface with the
same shaped patches of the relevant larger size. Similarly, Wang and Gunnion
[26] postulate that a constant scarf angle in every direction may be overly conser-
vative for orthotropic laminates that make up the majority of aircraft external
structures. However, the extra complexity involved would further challenge the
current repair provision. Soutis and Hu [27] determined that scarf geometry based
on 2D stress analysis could differ from a 3D configuration. In a 2D analysis, once
the bond line fails, the joint can no longer carry the load, while in the 3D arrange-
ment the load-carrying laminate will have the strength of the plate with a scarfed
cut-out or hole. Using a nonlinear shear-lag analysis and 3D finite element anal-
ysis to estimate the compressive failure load of the repaired laminate, Hu and Sou-
tis [28] found the compressive loading mode was more severe than the tensile
mode owing to the instability of delaminated plies, instability of the patch and
skin strength reductions occurring under elevated temperatures and absorbed mois-
ture conditions. In this study, the predicted strength was within 10% of the exper-
imental data.

Dhole

l

t

θ

Figure 15.6 Scarf repair length geometry.
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15.5.1 Analysis of bolted repair

Analysis of a bolted repair follows the analysis of a bolted joint. The behavior of com-
posites in bolted joints differs considerably from what occurs with metals. The brittle
nature of composites necessitates more detailed analysis to quantify the level of
various stress peaks as stress concentrations. Composite joint design is more sensitive
to edge distances and hole spacing than metal joint designs and requires specialized
fasteners. Interference fit fasteners or rivets must not be used but expanding sleeves
can be installed as required.

The estimation of the transferred load through the repair is the first stage in the
repair analysis. Generally, the load cases must be sought from the aircraft manufac-
turer, but on special occasions, especially for temporary repairs, loads can be approx-
imated by reverse engineering, utilizing the known design of the parent structure. Care
should be taken to use conservative approximations that are based on the maximum
load that can be sustained by the geometry and layup of the parent structure. After
the load transferred through the repair is known, the distribution of this load between
the various fasteners, parent structure, and the patch has to be evaluated.

A failure analysis should also be conducted as the parent part of the joint may not be
adequate to accommodate the mechanically fastened joint. It may not have the adequate
thickness or the proper layup to provide the bearing resistance. As the layup cannot be
changed, the only recourse is to bond additional plies. However, caremust be taken so as
not to end up with a highly unsymmetrical layup. Care must also be taken to properly
estimate the bearing/by pass ratio and to consider all possible laminate failure in order
to avoid increasing the damage by failing the periphery of the repair. Analysis tech-
niques follow Volume 3, Sections 6.2.2.2 and 6.3.2.3 of the MIL-HDBK-17.

Other important variables are patch structure (composite material, layup, and thick-
ness according to the analytical results) and fastener stiffness which should be deter-
mined by test or analysis and subsequently used in the analysis of the overall repair.
Fastener tensile and shear stresses should be determined as to their adequacy for static
strength and for fatigue loading. Fastener selection is addressed in Chapter 11.

15.6 Conclusion and future trends

Regarding the current composite airframes, Boeing claims their rapid composite repair
technique for the 787 offers temporary repair capability to get an airplane flying again
quickly, despite minor damage that might ground an aluminum airplane. The 787 SRM
specifies three types of composite repair: traditional vacuum debulked bonded scarfed
repair, the company’s patented quick composite repair technique and conventional
bolted repair [29]. Looking to the future, EADS Innovation has been working on auto-
mation that might eventually carry out an entire repair cycle encompassing damage
detection, surface preparation, repair patch creation, patch application, and finally
quality assurance checking. Meanwhile, the German Aerospace Research Center
DLR has been investigating the automation of resin-infused repairs. The aim is to
develop scarf repair capability including damage removal by computer-controlled
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milling, impregnation of a dry preform laid into an excised site, and subsequent cure.
DLR claims the method is particularly appropriate for curved areas, reducing
complexity and avoiding the need to produce special tooling. Laser specialists clean-
LASER and SLCR, also in Germany, are separately working on systems to prepare
repair sites. GKN Aerospace (Isle of Wight, U.K.) and SLCR Lasertechnik (D€uren,
Germany) have agreed to develop automated laser repair for composite structures
on aircraft [30]. By looking beyond state of the art, research on structural health mon-
itors using techniques, such as embedded fiber optic strain sensing and self-healing
composites using microvascular systems of repair networks have been demonstrated.
Whatever the future holds, the approach for the composite structure design teams
needs to be based upon input and knowledge gained from a working relationship estab-
lished with the airline maintenance personnel. This can be accomplished through
repair workshops, or inquiries, involving airline and OEM customer support
personnel, engineering personnel and involvement with the Commercial Aircraft
Composite Repair Committee (CACRC). CACRCmeets twice per year, under the aus-
pices of the SAE International, alternating between Europe and North America. The
remit is to address issues experienced by aircraft operators when maintaining compos-
ite components on commercial aircraft. Delegates are drawn from airlines, OEMs, reg-
ulatory authorities, material suppliers and maintenance and repair organizations.
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16.1 Introduction

Nondestructive Testing (NDT), Nondestructive Inspection (NDI), and Nondestructive
Evaluation (NDE) are concerned with the techniques and measurements that provide
data on the condition of the materials and structures at the time of manufacturing and
during the in-service experience. The NDT/I/E methods are generally speaking
discrete inspections performed during manufacture and at specified intervals or events
during the service life of a structure.

This chapter describes the basics of NDT/I/E for polymer-based composite fiber-
reinforced structures. Today NDT/I/E methods are used primarily to detect
manufacturing defects or damage. The future direction, however, is to use these tools
for material state condition assessment and prognosis of remaining structural life.
Additionally, there are opportunities to employ NDT/I/E methods at earlier stages in
the manufacturing process of composites to reduce final inspection time and cost.

16.2 NDT, NDI, and NDE methods for polymer composite
structures

Nondestructive methods of testing, inspecting, or evaluating a product utilize physical
measurements that do not alter the condition or life of the product for its continued use.
Nondestructive Testing (NDT) and Nondestructive Inspection (NDI) are generally
considered synonymous, with both being related to the use of measurements tools
per specification and assessment against specified criteria. Nondestructive Evaluation
(NDE) and Nondestructive Characterization (NDC) are terms intended to convey the
use of nondestructive measurements for material condition, property or state assess-
ment, especially in a quantitative manner. For this text, the acronym NDT will be
used to represent all these uses.

16.2.1 Quality assurance and NDT

The fabrication of polymer composite structures used in aerospace applications fol-
lows a set of processing procedures. Imbedded in those procedures are a number of
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measurements, observations, and records of the raw materials, assembly process steps,
and curing settings that document the Quality Assurance (QA) of the final product.
NDT provides a particular verification of the quality of the structure that combined
with other QA requirements will verify that a structure is fit for service. NDT is
required at various levels and coverages, depending on the component designation
as primary or secondary structure. The primary structure is a structure where the failure
could result in loss of the air vehicle or life, and therefore, usually requires 100% area
coverage with instrumented NDT. The secondary structure is the structure where fail-
ure does not affect flight safety and may or may not require inspection beyond visual or
partial instrumented NDT coverage, depending on the manufacturing process control
capabilities.

NDT is critical to the quality assurance of primary polymer composite structure in
the aerospace industry. Above all, NDT is concerned with the safety of users of these
structures, and aircraft accident prevention. The reliability and sensitivity to relevant
defects with qualified NDT equipment and methodsdutilized by qualified NDT
personneldis essential to ensuring life-critical airworthiness.

NDT is the means of assuring that the design requirements for the as-built structure
are met and its response to all possible in-service conditions are reliably assured. This
is done by direct correlative testing of NDT capability compared to structural modeling
and destructive testing of composite sub-, mid-, and full-scale structures. Structures are
designed to be able to handle a certain level or size of flaws or damage during their use.
The selected NDT method must be shown to reliably detect flaws or damage, the size
of which would produce damage growth under any possible in-service loading condi-
tions. In the end, design “allowables”dtying together flaw size and location, structural
modeling, and mechanical testing, and NDT flaw detection capabilitydform the basis
for general structural airworthiness. Various ultrasonic methods have historically been
utilized in the defining of allowables for composites, which explains why the vast ma-
jority of primary composite structure product is inspected with some form of ultra-
sound testing.

Composite manufacturing process specifications are written to define acceptable
NDT methods and requirements for flaw sensitivities. The NDT system and method
cost, inspection coverage speed, and relevant flaw sensitivities need to be taken into
account early in the composite structural design process and manufacturing planning.
If this does not happen, the structure can end up being uninspectable at sensitivities
required, or very costly or time-consuming to inspect. Collaborative engagement of
the NDT community with the designers and fabricators is essential to ensure that
the design, manufacturing, and NDT operations work together to produce an opti-
mized, cost-effective, and reliable product.

The qualification of NDT equipment for composite inspection is accomplished uti-
lizing physical NDT reference standards that represent the structures under test and
their potential flaws. After initial qualification of the system, regular checks of the
equipment in operation are performed by rescanning the standards to look for changes
in defect sensitivity that need to be addressed before continuing.

A final important piece in product assurance is the certification of the personnel
who are conducting the NDT and analyzing the results in order to make a
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determination on product fitness for service. The American Society for Nondestruc-
tive Testing (ASNT) provides training and certification for various operational
levels of NDT personnel (as recommended in the SNT-TC-1A document published
by ASNT) for a broad range of NDT methods. There are three levels of capability
and responsibility:

Level I technicians are able to carry out calibrations and perform test procedures
under the supervision of a certified Level II or Level III personnel. Level II technicians
can calibrate, perform tests without supervision, and make test assessments when
required. Level III personnel are responsible for the training, qualification, and certi-
fication of the companies’ nondestructive testing Level I and Level II technicians.
The Level III also develops inspection procedures and acceptance criteria.
Employer-based certification requires the employer to create their own written certific-
ation document and choose a subset of SNT-TC-1A requirements based upon the
company needs. The National Aerospace Standard NAS-410 also provides for employer
or third party certification, with required specific training and experience hours on
aerospace parts.

Both primary and secondary polymer composite structure may require in-service
NDT. While a metal structure may require some frequency of inspection due to fatigue
life and potential cracking, polymer composites are generally designed to only require
an in-service inspection as a result of damage or unplanned events. Visual observation
of damage may trigger an instrumented NDT inspection for measurement of the dam-
age or degradation to determine repair or replacement.

The two major categories of polymer composite used in aerospace are laminates and
sandwich structure, which require some differences in NDT inspection methods. At the
time of manufacture, the main issues are porosity, delaminations, foreign materials,
disbonds, cracks, and wrinkles. Sandwich parts that contain honeycomb core may
also have core quality or adhesive issues. Depending on the manufacturing process,
these features may have different probabilities of occurrence. In service, the main dam-
age of interest will be delaminations, disbonds, cracking, moisture ingress, and heat
damage. Fig. 16.1 shows these primary defects of interest at the time of manufacture
and defects that can be a result of an in-service activity.

Main manufacturing NDT concerns

Porosity

Delaminations

Delaminations

Foreign material/objects

Disbonds

Disbonds

Cracking

Cracking

Wrinkles

Moisture ingress

Heat damage

Main in-service NDI concerns

Figure 16.1 Primary defects of interest at the time of manufacturing and in-service.
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The NDT technology that will be applied may be different for the two scenarios: at
manufacture or in-service. At manufacture, the defect size criteria are smaller than the
criteria that will be applied in-service. Porosity and wrinkles will not develop in-
service, so sensitivity to them is not necessary for the field. If a repair is made, then
the repair will be inspected with concern for porosity and wrinkles. At the time of
manufacture, there will be the opportunity to have NDT equipment designed to be spe-
cifically suited to inspect the product form. This equipment can be fully automated,
have high resolution, and must operate at sufficient speed to keep up with the produc-
tion rate. In the field, the inspections may need to be performed in difficult-to-access
locations and harsh environments. Field inspections will also need to be carried out at
low cost and relatively quickly.

The form of the structure determines the types of features of concern and the NDT
techniques that may be applied to detect and measure them. Table 16.1 summarizes
some general thoughts and considerations on the NDT of polymer composite structure.
ASTM also provides guidance on NDT for polymer composites [1]. Ultrasound is the
predominate method for composite laminate inspection, especially during manufac-
ture. In sandwich structure, the core material-to-face sheet bond, core condition, and
fluid ingress are the usual concerns, and a range of NDT methods can be selected to
address them.

Ultrasound inspection is used at the time of manufacture for sandwich structure,
but tap testing and low-frequency bond testers are perhaps the predominate methods
for sandwich structure in-service inspection, with radiography, thermography, and
shearography being used in a number of applications. Shearography and thermog-
raphy are used for sandwich and laminate structures, and usually for in-service appli-
cations with some production applications. Acoustic emission is used during
structural load testing. Table 16.1 also identifies 3D polymer structure and bonds
as additional categories. The baseline techniques of visual, ultrasound, thermography,
shearography, and radiography apply to these forms, but do have some differences in
application because of the configuration and the type and morphology of features to
be detected.

The combination of the material form, the structure type, manufacturing process
control, and whether the inspection is performed at the time of production or later
in-service will all influence the selection of the specifics of the NDT method and in-
spection criteria. Structure shape and defect orientation play large roles in the selection
of the method and the specific instrument variations. For example, radii inspection at
the web to caps or flanges for stringers, ribs, and spars are critical locations for defect
detection but also represent a difficult region for inspection coverage. Table 16.2 pro-
vides a summary that considers the effectiveness of the various NDT methods for
finding defects of interest. Even for recommended methods, Table 16.2 is subject to
a number of caveats depending on part specifics such as thickness, geometry, and loca-
tion of the defect. Those listed as limited applicability may be successful under some
circumstance, but generally, are not recommended or included in the specification.
Some of these issues will be mentioned in the next section on methods discussion.
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Table 16.1 Polymer composite inspection.

Category of polymer composite Inspection issues Comments on NDT inspection methods

Laminate
Hand layup
Tape layup
Fiber placement
Resin transfer molding

At manufacture
Consolidation,
Porosity,
Fiber to resin ratio,
Inclusions,
Microcracks
Delamination,
Wrinkles

In-service
Impact damage
Heat damage
Lightning strike

• Visual - Visually inspect the surface for dry plies, wrinkles, and other
surface damage. Strong backlighting visual inspection is often used on
fiberglass for detection of voids, resin pockets and cracking

• Tap testinge Coin tapping on laminate structure is not recommended but
will detect near-surface internal damage if it is of sufficient size.

• Ultrasound - Through Transmission Ultrasound (TTU) or Pulse Echo
(PE) ultrasound is the primary method for the acceptance of composite
laminate materials using an automated scanning system with water
coupled piezoelectric transducers and acceptance standards. Many vari-
ations are applicable depending on the material, configuration, thickness,
and sensitivity requirements.

• X-ray e Radiography can be used for engineering evaluation for
cracking, density variations, and tracer yarn detection for ply orientation.
Computed tomography (CT) is used for complex structure configurations
for assembly, density, and delamination.

• Thermography - Thermography is sensitive to delamination and inclu-
sions. It is applicable to relatively thin (<0.1 inch) materials.

• Acoustic Emission (AE) e AE is used for pressure vessel testing and
structural health monitoring.

• Shearography - Shearography is used for impact damage, wrinkles,
delamination, fiber bridging

• Electromagnetic - Eddy current is not commonly applied to composites,
but does have sensitivity to fiber and matrix variations. Microwave and
other electromagnetic methods are applicable to glass fiber composites
and can be sensitive to moisture or resin degradation effects.
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Table 16.1 Continued

Category of polymer composite Inspection issues Comments on NDT inspection methods

Sandwich
Honeycomb core
Foam core

At manufacture
Face sheet
consolidation,
Face sheet to core
bond,
Crushed core
Inclusions,
Wrinkles

In-service
Moisture ingress
Impact damage
Environmental
damage
Lightning strike

• Visual - Visually inspect surface for dry plies, wrinkles, and other surface
damage.

• Tap testing e Tapping for face sheet delamination and fluid ingress is
common but only recommended for thin (3e5 ply for example) face
sheets.

• Ultrasound - TTU is the primary method for sandwich structure at
manufacture. In-service resonance or bond testing methods are common.

• X-ray - Radiography can be used for face sheet to core fillet quality,
crushed core, and moisture ingress.

• Thermography eThermography detects damage and water ingress.
• Shearography - Shearography can be used to detect damage, delamina-
tion, water ingress

3D performs and other forms such as
braided, stitched, chopped fiber or
tape

At manufacture
Porosity
Resin pockets

In-service
Impact damage
Environmental
damage

• Visual - Visually inspect for surface conditions.
• X-ray e Radiography for density variations and computed tomography
(CT) for complex structure configurations.

• Ultrasound - TTU or PE ultrasound may be used but can be difficult to
penetrate some 3D forms.

Bonds
Film or paste
Secondary or co-bond

At manufacture
Unbond
Porosity
Thickness

In-service
Disbond

• Ultrasound e TTU or PE validates the bond is completed. Bond testers
check for disbonds.

• X-ray e Radiography can be used to detect voids in bonded joints.
• Thermography e Thermography detects disbonds.
• Shearography - Shearography can detect some types of poorly bonded
and disbonded elements.
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Table 16.2 NDT method applications for composites (R, Recommended; L, limited applicability).

NDT method Porosity

Laminate
delamination/
disbond

Skin to core
disbond Cracks

Surface
damage

Water
ingress Wrinkles

Visual R R

Tap test L R

Ultrasound
TTU

R R R R

Ultrasound PE R R L R

Bond testers R R L

Radiography L L R R L

Thermography L R R R

Shearography L R R L L

Electromagnetic L L

Acoustic
emissiona

R R

arequires loading of the structure.
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16.3 Probability of detection

The selection of any NDT method for a particular inspection will be due to some extent
on the probability of detection (POD) for that method. The POD is a measure of the
reliability of the method to detect a particular type of flaw size [2,3]. POD curves
are created from empirical studies to show the reliability of a method for the detection
of features or defects. A useful curve for POD’s is the 90% POD with 95% confidence,
referred to as 90/95 POD. Fig. 16.2 is a notional POD curve which shows how one
method may perform more reliably than another for the detection of particular flaw
sizes. Probability of detection curves can be expensive to experimentally develop
because they require test samples with known defect sizes and numerous inspection
tests by different operators to develop credible statistics. Model assisted based POD
methods are being developed to reduce this burden [4].

Depending on the requirements and costs, one method may be chosen over
another, provided it registers sufficient reliability. For example, while visual inspec-
tion is unreliable for small defects compared to an instrument inspection, in some
aerospace in-service applications it can be more cost-effective or practical to use vi-
sual inspection on a frequent basis than a more sensitive and costly instrument in-
spection less frequently to achieve the same service reliability of a component. It
is common to specify that inspections require a signal to noise of SNR > 2.5 for
the system sensitivity to the detection criteria of designated features in a calibration
standard. Under a normal curve distribution, this would provide better than 98.7%
detectability.
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Figure 16.2 Notional probability of detection curve for three methods.
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16.4 Visual and tap testing

Visual inspection/observation and recording is a fundamental task of the QA activity in
the polymer composite processing activities and specification requirements. Visual
testing of the finished surface in polymer composites is important not only as an inspec-
tion in itself but as an aid to any required additional instrumented NDT. Visual inspec-
tion is primarily performed at optical wavelengths suitable for the human eye. The
principal features of interest are surface damage, surface porosity, dry ply, mark-off,
bow waves, resin-rich areas, and wrinkles [5,6]. Surface damage may be in the form
of indentations or cracks. Dry ply is a surface condition where fibers are not covered
by sufficient resin, leaving very small pockets on the surface which can become surface
porosity. Mark-off can be resin-dominated ridges formed by improper tooling or
bagging. Bow waves are material waviness near edges or step changes. Resin rich sur-
face zones are indicative of nonuniformity or subsurface variations such as wrinkles.
Wrinkles can be visually detected if they extend to the edge of the part, and the edge
is trimmed. They can also be detected on the surface as a slight out-of-plane change
or by a slight change in the fiber or resin pattern of the surface layer.

Illumination is a critical issue for visual inspection, particularly the intensity and
angle of the light. It is important to orient the light to optimize detection. Visual inspec-
tion may be enhanced by additional tools such as borescopes for looking into cavities
and magnifiers or microscopes for close up inspections. Camera recording is an addi-
tional important visual inspection that can be performed as a part of composite fabri-
cation monitoring activities. Digital video magnifiers and video borescopes are
effective tools for improving detail inspections. One additional method that is of
particular interest is digital image correlation. This method uses two cameras oriented
for parallax imaging of surface patterns on a test object. The relative motion of the sur-
face patterns by the two cameras during loading or mechanical testing can be used to
calculate a full-field surface strain that provides much greater information on the part
performance than discreet strain sensors [7,8].

While not actually a visual test, tap testing is often performed in junction with visual
testing. A coin is often used. However, NDT personnel have developed specific tools for
tapping to assist them. In the tapping method, the inspector listens for a lower frequency
thud to indicate a structural defect such as delaminations. Solid structures should have a
higher frequency ring. The method is particularly effective on honeycomb structure with
a thin (3e6 ply) skin to determine when a disbond has occurred. As the thickness in-
creases the sensitivity decreases. Tap testing should not be used on composite laminates
greater than 1 mm thick [9]. Instrumented tap testers are also available that provide
quantitative information that may improve defect sensitivity in some cases [10,11].

16.5 Ultrasonic testing

Ultrasonic testing (UT) uses mechanical waves to test objects for their quality. The
ultrasound wave is generated by mechanical vibration from a transducer that
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converts an electrical signal into mechanical motion and vice versa. By inputting a
short pulse of electrical energy or a tone burst to the transducer, it generates a pres-
sure pulse thatdwhen coupled to the composite partdwill create an ultrasound
wave in the structure under test. The wave will travel in the composite material at
a particular frequency band and velocity. For the most common specifications for
composite inspection, the center frequency used will usually be between 1 and
5 MHz. The typical velocity of the ultrasound across the laminate stack is close to
2.8 mm/ms. At 1 MHz, this represents a wavelength of 2.8 mm and at 5 MHz a
wavelength of 0.56 mm. Common composite ply thickness could be in the range
of 0.1e0.35 mm. Higher frequencies will reduce the wavelength, making the in-
spection more sensitive to small features and interpretation of individual plies
but at the expense of signal penetration depth. The frequency and wavelength are
related by

l ¼ f =c (16.1)

where l is the wavelength, f is the frequency, and c is the wave speed. The trans-
mission of the ultrasound is subject to attenuation that is represented by

A ¼ A0e
�ax (16.2)

where A is the pressure amplitude after transmission, A0 is the initial pressure
amplitude, a is the attenuation coefficient in nepers per unit distance, and x is the
transmitted distance [12]. The attenuation of ultrasound through a composite is a
measure of material consolidation. From Eq. (16.2), the attenuation over a distance x
can be calculated as

UT attenuation ¼ ax ¼ lnðA0=AÞ (16.3)

In practice, ultrasound attenuation is measured in decibel (dB) units and hence

UT attenuation in dB ¼ 20 log10ðA0=AÞ (16.4)

A change of signal strength by a factor of 2 is 6 dB, and by a factor of 10 is 20 dB.
The attenuation of the ultrasound depends on frequency. For example, at 5 MHz in a
composite laminate, the attenuation could be in the range of 1.5e2 dB/mm while at
1 MHz, the values could be half of that. The values are subject to the specifics of
the fibers, resin, fiber to resin ratio, ply type, and layup. They are also subject to spe-
cifics of the ultrasonic inspection equipment. As consolidation is compromised by
porosity, the attenuation will increase. The measurement of porosity level by ultrasonic
attenuation is used for acceptance of the composite product. Calibration curves must be
developed for the specific equipment and the level of dB loss as a function of porosity
for each thickness of composite established. A typical criterion is that less than 2%
porosity is acceptable for the manufacturing processes. Greater than 4% porosity
can result in a significant knockdown in performance.
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The detection of features in composite laminate, such as delamination or inclusions
is a function of the transmission or reflection of the ultrasound across the material. This
is dependent on the acoustic impedance difference between the materials at the feature
interface. The acoustic impedance Z is defined as

Z ¼ rv (16.5)

where r is material density and v is the particle velocity (aka, acoustic velocity). The
transmission pressure amplitude at an interface is given by

T ¼ 2Z2=ðZ2 þ Z1Þ (16.6)

and the reflection pressure amplitude is given by

R ¼ ðZ2 � Z1Þ=ðZ2 þ Z1Þ (16.7)

where Z1 is the acoustic impedance of the first material and Z2 is the acoustic
impedance of the second material at the interface [13]. The acoustic impedance of a
polymer composite, for example, is on the order of 470,000 g/cm2-s while air is only
40 g/cm2-s. In view of Eqs. (16.6 and 16.7), a composite to air interface will have a
transmission pressure coefficient of 0.00,017 and a reflection pressure coefficient of
0.9998. This very low transmission and very high reflection explain why de-
laminations are easy to detect with ultrasound. Inclusions that are not bonded into the
composite will be easy to detect. However, inclusions will only be detectable
depending on the significance of the acoustic impedance difference with the
composite.

16.5.1 UT methods

UT includes many variants. The principal methods of ultrasound include through
transmission ultrasound (TTU), pulse-echo (PE), and pitch-catch. Additionally, ultra-
sound methods can include guided wave, resonance, and bond testing methods. Within
these designations are a number of subtle distinctions on what can be done and how the
signal can be used. Fig. 16.3 roughly shows the configuration of TTU, PE, Pitch Catch,
and guided waves methods.

The TTU method is one of the most frequently used methods for UT of composites.
In this method, an ultrasonic signal is sent from a transmitting transducer to a receiving
transducer penetrating the composite to be inspected. The signal strength received is a
measure of the part quality as measured by the acoustic attenuation. Decreasing quality
by such effects as porosity, inclusions, wrinkles, etc. will increase the acoustic atten-
uation and reduce the measured signal strength. Decreasing the ultrasound frequency
from, say, 5e1 MHz will also decrease the attenuation of the composite, making the
inspection method more penetrating for thicker composites, but also less sensitive to
subtle features such as some types of inclusions. Delamination and disbonds will
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nearly block the signal making them easy to detect. The penetration power of TTU
makes it particularly useful for sandwich structure composites with honeycomb or
foam cores or very thick or attenuative structure. The drawback to TTU is that access
to both sides of the part is required. The two transducers must be aligned with each
other and also be normal to the surface such that the scanning system must maintain
the orientation on curved parts. The signal that is detected by the receiving transducer
is usually plotted as a function of position and is called a C-scan display. The TTU
C-scan display will show where a feature may be located in the surface area of a
part, but it does not indicate the depth of the feature.

The PE method is one-sided, using a single transducer as both the transmitter
and the receiver. At any single point, the output that is obtained is called an A-
scan, which is a plot of signal amplitude versus time. The A-scan is commonly
used by inspectors to interpret the condition of the part under examination. The
signal is a time base response from reflections within the part. The typical interpre-
tation is to check for a strong echo from the back wall of the part to show good
transmission. Also, the inspector will look for echo indications from internal loca-
tions between the front surface and the back wall in the part to indicate inclusions
or delamination. If the part has porosity, the back wall echo will be reduced or lost,
although there may not be a significant reflection from the scattered internal
porosity as there could be from an inclusion or delamination. Interpretation of the
A-scan will provide the depth location of defects from the “time of flight” (TOF)
display based on the velocity of the material. The interpretation of the strength of
an internal reflection signal relative to the loss of the back signal reflection is used
by inspectors to assess the defect type.

The PE method can be used with a handheld instrument at any particular point on a
part, or in a scanning mode with the transducer, either riding on the surface, moved in a
water tank or scanned with a water squirter system. When a one dimensional (line)
scan is made and an image of distance versus time with the signal amplitude shown
in gray scale the output is called a B-scan. B-scans are useful for identifying internal
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Figure 16.3 Typical ultrasonic configurations: (a) TTU; (b) PE; (c) Pitch Catch and (d) guided
waves.
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echo locations produced by inclusions, feature steps in part, such as ply drops, or out of
plane distortions, such as wrinkles. In standard ultrasonic system electronics there will
be a “time gate” that will zone regions of the A-scan where an amplitude will be
measured. When a value from the time gate, such as the signal intensity at the back
wall of the part, is plotted as a function of x and y position on the part, the output is
called an amplitude C-scan, which is similar to the TTU C-scan. The gate may also
be an internal gate between the front and back wall, or a full gate that is the signal after
the front surface but includes the back wall. A signal, such as a peak value, in the gate,
will be recorded for the C-scan display. The C-scans from these different gate config-
urations may be slightly different depending on the defect type and its effect on the
reflected signal. Another common plot is the TOF C-scan, where the grayscale is
the depth (the time between the near surface and return signals multiplied by velocity
and divided by two) in the part at which the reflected signal is greater than a prescribed
threshold above the noise floor. Often inspectors display both the amplitude and TOF
C-scans to interpret the data. In PE mode applications, the placement of the gate and
threshold level can make a significant difference in the ability to detect defects of in-
terest. Specifications, standards, and procedures established by designated experts
(NDT Level III) are used to calibrate inspection systems to be sure the settings will
result in images of sufficient sensitivity to critical defect types. Fig. 16.4 shows these
differences in data display used for interpretation of the features detected in a 22 ply
composite laminate containing two impact areas and two partially drilled holes.

In the pitch-catch method, two ultrasound transducers are used, one as a transmitter
and one as a receiver. However, unlike the TTU method, the pitch-catch transducers
may be on the same side of the part or oriented in a number of ways for the ultrasound
to progress from one transducer to the other. The interpretation is usually based on
changes in detected signal strength or frequency and calibrated against a known test
sample.

Ultrasound can operate in a variety of modes, including longitudinal, transverse,
guided waves, or surface waves [14,15]. Of these modes, the longitudinal wave is
the most common used for TTU and PE C-scans for composites. Transverse waves
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Figure 16.4 Ultrasonic signal display options of A, B, and C-scans.
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are often used in metallic inspections, such as welds because of the generally isotropic
behavior of metals and the shorter wavelength of shear waves relative to longitudinal
waves to provide higher sensitivity. For polymer composites, the significant anisotropy
in the layup makes shear waves more difficult to use effectively. Guided waves, which
include Lamb waves, are used in composite inspection. These waves are sometimes
referred to as structural waves and can require considerable interpretation when
used for NDT. Guided waves are discussed in the SHM chapter of this book. Surface
or Rayleigh waves are useful for detecting surface cracks in metals but have not seen
much application for composites.

Two other options for ultrasound that are commonly used are resonance and
bond testing, both of which use lower frequencies than TTU or PE and are used
almost exclusively for in-service applications. In the resonance mode, the ultrasonic
transducer is used in a continuous or repeated tone burst operation. Placing the
transducer on a part will cause an impedance change to the transducer operation.
The impedance effect is picked up as a change in the amplitude and phase of the
transducer signal as it is moved over the part. Resonance scanning can be very sen-
sitive to changes in the composite thickness or sandwich structure quality. The fre-
quency used for resonance inspection is usually in the low hundreds of kilohertz. In
the bond testing instrument configuration, a pitch-catch arrangement is typically
used with low-frequency transmission, often in the tens of kilohertz range, from
the transmitter to the receiver on a single side of the structure. Bond testing is
most applicable to thin laminate layers bonded to other structure, such as the
face sheets of a sandwich structure.

As mentioned earlier, ultrasound for composite inspection is most commonly
generated by piezoelectric transducers that convert electrical signals into mechanical
motion and vice versa. The generated frequency is controlled by the crystal thickness
of the piezoelectric, the construction of the transducer housing, and the electrical signal
characteristics. The transducers can be made in a variety of sizes and with lenses for
focusing the ultrasound if desired. Larger diameter transducers will have greater power
but may not be suited for small feature detection or operation near edges. Transducers
with beams in the 6e12 mm diameter (0.25e0.5 inch) range are commonly used in
composite inspections. For detailed inspections, they may be focused to something
on the order of 1e2 mm (0.04e0.08 inch) in size on a depth of interest in the part.
Transducers are usually categorized as broadband or narrowband depending on
whether they are damped to have a narrow pulse with broad frequency content or
allowed to ring to have a higher output at a specific frequency. The broadband trans-
ducers are typically used for pulse-echo applications because they can resolve depth
features, particularly at near and far surfaces. The narrow-band transducers offer
significantly higher power and are useful for TTU applications on highly attenuative
or thick structure. For efficient inspection, the ultrasound from the transducer must
be coupled to the part. Typically, water coupling is used by either immersion scanning
systems, water squirter, or bubbler systems. Fig. 16.5 shows examples of ultrasonic
scanning systems for composites. In Fig. 16.5(a), the composite part is immersed in
a water tank for scanning, which provides excellent coupling. Water bubbles must
be removed from the tank and the surface of the part. In Fig. 16.5(b) water squirters
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that use high-pressure water flow around the transducer in a nozzle are attached at the
end of a pair of opposing articulating arms on large gantry towers to stream the water
coupling to the part. The water may include a surfactant to improve wetting, although
that may not be allowed on many composites. Scanning may also be performed with a
surface following transducer in contact or in a water bubbler such that there will be a
water layer present on the composite surface for coupling. Sometimes it is sufficient to
use a water mist on the surface and a transducer with a rubber shoe or housing to slide
over the surface.

It is possible to use air as the coupling for a noncontact inspection using piezo-
electric transducers. The noncontact application of ultrasound is desirable to avoid
the issues with water couplant systems involving the handling of the water and uni-
form surface wetting. However, the high impedance mismatch between air and solids
causes a significant loss of acoustic energy at the interface resulting in poorer signal
to noise available for the inspection. At low frequency, 50e500 kHz, transducers can
be made that will transmit sufficient intensity to be useful. Air coupled ultrasound is
used on sandwich structure applications, where lower frequencies are typically used
anyway, and where critical defect sizes may be relatively large, on the order of
25 mm (1 inch).

The rate of automated inspection of parts using mechanical scanning systems will
depend on the pulse repetition rate of the transducer, the required data spacing for
feature detection, and the speed of the mechanical system. In most cases, the time
of transit through the part for inspection will be a few to tens of microseconds, which
means that pulse repetition rates of tens to possibly hundreds of kilohertz would be
acceptable. The data spacing for most composite inspection is usually one-third of
the smallest required feature size detection. This means that for a minimum feature
detection on the order of 6 mm (0.25 inches) the data spacing would be 2 mm
(0.080 inches). Finer data spacing is used in development activities or for interpreta-
tion of detected abnormal features. Depending on how often the mechanical scanner
must change direction, the overall composite inspection will have a wide scanning
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Figure 16.5 Example ultrasonic scanning systems (a) laboratory immersion tank with test
samples, (b) water squirter.
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rate range. For single transducer scanning methods, the rate can be in the range of
10e40 square feet/hour. For increasing the rate, the scanning system may use multiple
transducers arranged for specific purposes. In the case of composite structures that
have radii, such as angle or I beams, transducer arrays may be set at prescribed orien-
tations to be normal to the curvature at specific locations in the radii, and the part
moved past them.

An improvement over the individual transducers is the phased array transducer
systems that may have many elements such as 16 to over 128 elements in a linear
arrangement [13,16]. The phased array electronic systems will pulse multiple small
(e.g., 1 mm wide) elements in a timed sequence to create an ultrasonic beam with
directional or focused properties based on the time phasing of the transducer pulses
and the relative spacing of the elements. When phased array instruments use the
phasing to send the beam at angles different from normal to the surface it is referred
to as a sector or S-scan. When the array of transducers elements are pulsed with the
intent of creating a sequence of normal beams to the surface, the array is performing
an electronic or E-scan. Often the sequencing will utilize four to eight elements in the
array for each beam and then step along the array to create the multiple ultrasonic
beams in sequence. As an example, an array with 1.5 mm wide elements may pulse
4 elements simultaneously to create a 6 mm wide transducer beam. The pulsing
sequence may be in steps as small as 1 element to create beams that are scanned
at only 1.5 mm apart for fine resolution or stepped by four elements, so the beams
are 6 mm apart depending on the needs of geometry in a particular part. With these
methods, modern scanners can inspect composite structures with rates of over 150
square feet per hour, and in some cases, up to more than four times that amount
[17]. It is possible to produce the transducer element in a 2D format, creating an
area imager [18]. Such a device is particularly useful for rapid field inspection of
small areas of suspected damage.

Another method of generating ultrasound uses the photothermoelastic effect
from laser energy [19,20]. A laser pulse of proper wavelength and sufficient inten-
sity on the surface of a composite will be absorbed and generate an ultrasonic pulse
in the material. The surface motion from the ultrasound reflection signal can be
detected by laser interferometric measurements. Laser UT has several advantages.
The method is noncontact and can be quite rapid depending on the laser repetition
rate (typically 100e600 Hz). The ultrasound is generated in the part normal to the
surface although the beam may come from an angle, which makes the scanning of
complex contour shapes very easy. The scanning system can use mirrors to scan the
beam at a distance from the part, reducing the mechanical system. There is a lim-
itation to the amount of off-normal angle that can be tolerated, so the systems usu-
ally cover approximately �30 degrees before being repositioned for additional
coverage on a part. For parts that are highly contoured or have sharp angles, a sec-
ond scan is sometimes performed with a new orientation of the beam relative to the
part. The drawbacks to laser UT are the higher system cost relative to piezoelectric
systems, and limitations for the generation of ultrasound in some materials.
Because it is only a one-sided approach, laser UT is not typically applicable to
sandwich structure for the core inspection.
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16.6 Thermography

Thermography or infrared testing uses the heat transfer rate of materials as a means to
detect subsurface features by measurement of the surface temperature or surface tem-
perature rates of change [1,21]. For the aerospace industry, composite inspection ther-
mography has generally not been chosen as the manufacturing inspection method of
choice because of the limitations in the sensitivity to measure porosity and inclusions
at specification levels for critical structure. In less critical applications, thermography
may be applied at the manufacturing level. Once a composite part has been put into
service, thermography can be very useful for the detection of in-service damage, where
porosity or inclusions are not relevant defects. Impact damage causing delamination
and cracks in composite laminate, sandwich structure disbonds, or honeycomb water
ingress are excellent applications of thermography.

Thermography is usually performed as an area inspection and can be relatively fast.
The method requires some form of stimulation to the sample that generates heat, and
then a measurement of the surface irradiance or temperature. Fig. 16.6 shows the basic
effect of thermography that is used to assess material conditions. A surface is heated in
some manner in Fig. 16.6(a). That surface will emit infrared radiation (Fig. 16.6(b)).
As heat is transferred internally in the part, the surface emissions will change with
time. As shown in Fig. 16.6(c), if an internal feature exists, it will alter the heat
flow, resulting in a change in the surface infrared emission. An infrared camera is
the most common method of measurement of the surface temperature within a field
of view over time. A general rule of thumb for thermography, due to the heat flow
effects, is that the size of the feature that needs to be detected should be greater
than its depth in the part.

Thermography may be applied passively or actively. In the passive mode, heating
by natural surroundings can be used as the source. For example, as an aircraft coming
down from high altitude warms up, thermographic images of the structure can be used
to visualize some subsurface conditions. In the active mode, various moderate heat
sources or controlled rate sources may be used. In many cases, moderate heating
with a hairdryer or heat blanket for a few seconds is sufficient in generating heat
into a composite for sufficient sensitivity to detect subsurface features. Sandwich struc-
ture is often inspected in this manner. Controlled heat sources can be used in a method
called lock-in thermography where the heat source, such as a halogen lamp, is used
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Figure 16.6 Thermographic inspection method (a) surface heating, (b) surface emission and
heat transfer, (c) effect of an internal feature on surface emission.
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with a temporal variation of input to the surface that has the effect of creating a phase
lag in the camera images between areas of features and background [22]. The lock-in
thermography method is effective for separating out surface emissivity effects of the
sample and optimizing the sensitivity to a particular depth in a part based on the
rate of heat input fluctuation and the heat transfer in the part. The lock-in method
may require more sampling time than other thermography methods in order to maxi-
mize sensitivity and detect small defects deep in a part.

Perhaps the most common method of controlled active thermography for compos-
ites is flash thermography where a very short time burst of energy is used to impart heat
onto the surface. The transient surface temperature will then be monitored by the
infrared camera.

In the flash thermography application, the surface temperature change with time is
given by

TsðtÞeTsð0Þ ¼ Q=KrCðptÞ1=2 (16.8)

where Ts is the surface temperature, t is the time,Q is the input energy, K is the thermal
conductivity, r is the density, and C is the specific heat of the material. The change in
temperature with time will be a straight line on a logarithmic plot with a slope of 0.5.
However, when a discontinuity or the back surface is encountered, the slope will
change. Using Thermographic Signal Reconstruction (TSR) from the sequence of
thermographic images taken on the infrared camera, a significant improvement in
sensitivity can be obtained for thermography [22]. The processing of the images is a
pixel by pixel assembly of the surface temperature decay. This curve can then be
interpreted by differentiation for the first derivative inflection point and second de-
rivative maximum. This data can be used to tell the time at which an inflection
occurred, and thus the depth of the internal feature or back wall.

The rate of heat transfer in composites is particularly suited to this TSR method
of inspection, and the resulting highly sensitive images can be obtained over the
area of inspection in a few seconds. Fig. 16.7 shows the thermographic TSR second
derivative image of the 22 ply (4 mm thick) composite sample from Fig. 16.4 with
subsurface features. Fig. 16.7 includes a picture of the thermography system,
curves of the temperature decay with time for regions in the sample and an image
of the second derivative of the temperature decay at about 16 s after the pulse.
Fig. 16.8 shows both a radiographic and a thermographic image of a honeycomb
sandwich structure with water ingress. While the radiographic image provides finer
detail in this case, the difficulty of the inspection relative to the speed and ease of
thermography makes thermography of interest wherever it is demonstrated to have
sufficient sensitivity.

In recent years, composite fabricators have considered the use of infrared thermog-
raphy as a tool for in-process monitoring. Of particular interest is the monitoring of
green plies for Foreign Object Debris (FOD). In-process IR thermography has been
shown to be very effective for finding FOD. Fig. 16.9 shows how much better IR
can detect a tape layer, even subsurface, than a visual image.
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Figure 16.7 Example thermographic inspection of a composite sample.

Radiograph Thermograph(a) (b)

Figure 16.8 Example inspection of composite honeycomb with water inclusion comparing a
radiographic and thermographic image.

Visual FOD (tape) IR FOD (tape) IR FOD (subsurface tape)

Figure 16.9 IR imaging on surface and subsurface plies enhance the detectability of FOD
during composite ply or fiber placement application compared to visual.
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End-item FOD detection requires higher UT detection sensitivities than delamina-
tions or disbonds do. If avoidance of FOD can be assured during fabrication, UT in-
spection requirements can be relaxed, which simplifies and reduces end item
inspection time, and enables quick repair in the green stage rather than the much
more costly repair of a cured part. IR FOD detection feasibility has been demonstrated
on a composite aerospace structure for essentially all of the FOD of interest, for the
allowable flaw size.

A dynamic thermal imaging schema is shown in Fig. 16.10 for ply by ply FOD in-
spection. By using IR cameras mounted on gantries, a ply laydown can be inspected
for FOD at speeds on the order of 100 in/s. A line of heat is used to generate a thermal
response that is imaged using a stand-off IR camera positioned a selected distance
(d) behind the heat line. Automated defect recognition algorithms that size and locate
FOD in near real-time can be used.

Subsurface (beneath a ply or two) FOD, fuzzballs and “void-like” layup anomalies
are detected in addition to surface FOD. Examples of gaps, porosity, twisted plies, and
ply ends are shown in Fig. 16.11. Thermal signatures of these various features permit
anomaly classification and on-the-fly decision-making. The result is that the IR ther-
mography FOD scanning system also eliminates the need for time-consuming and
labor-intensive manual visual inspection for anomalies between applied layers of
composite.

16.7 Shearography

Shearography is an optical interferometric technique that is finding increasing applica-
tion for composite inspection [23,24]. Fig. 16.12 shows a schematic of the shearogra-
phy process. Coherent laser light is scattered from the test surface and passed through a
shearing optic that splits the scene into two identical but displaced images before the
image is focused on the detector. Each resolution element of the detector receives

IR camera
Line heater

v

H

dFO
Vx

FOVv

Figure 16.10 Dynamic IR
thermography system
schematic using a line heater to
monitor for on-surface or near-
surface defects.
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energy from two distinctly different locations on of surface being imaged. The sepa-
ration distance and direction between two positions on the object create the shear vec-
tor. The light from each point will be focused on the same pixel in the CCD camera by
the shearing optic consisting of the beam splitter and adjustable mirrors creating inter-
ference. When the object is stressed the two points that contribute to the speckle phase
information at a resolution element undergo an out-of-plane motion relative to each
other altering the phase relationship of the light and changing the intensity response
in the image. The difference before and after stressing will show surface displacement
indications that can identify subsurface features.

The stressing of the part may be performed by several means, such as vacuum, ther-
mal, or vibration loading. In production, shearography is most often used with vacuum
rooms, pulling only 1 or 2 psi. For in-service applications, shearography is used with
vacuum heads, thermal heating, or vibration. Shearography is most useful on honey-
comb and foam structures. It can detect features in the laminate to 0.100 depth and
sometimes more. Fig. 16.13 shows the use of a large shearography system on the

Gaps

Voids/porosity Ply ends Twisted plies

Figure 16.11 Various types of in-process flaws that can be rapidly detected with IR
thermography.

Object

Shearing
optic

CCD
camera

Laser

Mirrors

Figure 16.12 Configuration for
a shearography system.
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exterior of a rocket body checking for bonded insulation defects. The associated image
shows disbonds of the outer foam insulation from the skin. Much smaller and portable
shearography systems are available for field inspections.

16.8 Radiography

Radiography uses penetrating radiation to inspect materials for changes in density or
thickness [25]. Fig. 16.14 shows how X-ray transmission through an object will
change its intensity as a function of an internal void. The transmitted beam intensity
is recorded by an imaging detector system, such as a film or a digital imaging system.
The general equation for the attenuation of the radiation beam is given by

IðEÞ ¼ I0ðEÞe�mðEÞx (16.9)

where IðEÞ is the transmitted beam intensity as a function of energy E, I0ðEÞ is the
initial X-ray beam spectrum intensity, mðEÞ is the material linear attenuation

Shearography system Image of disbonds

(a) (b)

Figure 16.13 Shearography examples: (a) shearography system inspecting a rocket body,
(b) shearography image shows foam insulation disbonds.

Ι0 X

Ι = Ι0e–µΧ

Ι = Ι0e–µ(Χ–t)

X-ray beam Void of thickness t Object of material with x-ray
atenuation coefficient µ

Imaging 
detector

Figure 16.14 X-ray transmission through a sample for detection of internal features.
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coefficient, and x is the thickness. In most cases, m is closely related to material
density and radiography is referred to as a “density multiplied by thickness” mea-
surement due to the mx term in the exponent. Because m is a function of energy, the
sensitivity of X-ray inspection is dependent on the X-ray energy chosen for the
inspection.

Fig. 16.15 shows a plot of estimated linear attenuation coefficients up to 50 keV for
Carbon Fiber Reinforced Plastic (CFRP) and aluminum. At an effective energy of
approximately 20 keV the attenuation coefficient for CFRP is of the order of
0:66 cm�1. By differentiating Eq. (16.9)

dI=dx¼ � mI0e
�mx (16.10)

and upon rearrangement, Eq. (16.10) becomes

dI=I¼ � m dx (16.11)

an approximate 1 ply (approx. 0.19 mm) change in thickness will represent about a
1.2% change in intensity.

While radiography can be very sensitive to volumetric features, it is not sensitive to
planar defects such as delamination. Fig. 16.16 shows a digital X-ray arrangement and
radiograph of the CFRP panel from Figs. 16.4 and 16.7. The 22 ply panel contains 20
plies of CFRP tape and 1 ply of fiberglass fabric on each side. The partial holes are
clearly detectable, but the delamination for impact damage is not. A penetrameter of
0.125 mm thickness is included in the image to show the sensitivity, including the
detection of holes in the penetrameter as small as 0.25 mm. When delaminations
lead to cracking then radiography can detect the damage.

Although radiography is not usually selected for laminate damage detection, it is
useful for volumetric features, such as water intrusion in a honeycomb sandwich
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Figure 16.15 X-ray linear attenuation coefficient estimates for CFRP and aluminum.
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structure as was shown in the example of Fig. 16.8(a). An extension of radiography for
3D volumetric inspection is computed tomography. In computed tomography, data is
taken with many radiographic projection views from around an object, and the com-
puter reconstructs the data to create a volumetric data set [26]. Image planes through
the data set will reveal the internal configuration and material variations. The recon-
structed image is basically a map of the linear attenuation coefficient of the sample
in small volume elements. Fig. 16.17 shows two examples of CT images.
Fig. 16.17(a) shows a woven J structure. Fig. 16.17(b) is a CT image of an approxi-
mately 20 mm diameter coupon from a laminate structure containing porosity. The
CT slice cuts at a slight angle through two plies and the porosity lies along the fibers
for each orientation.

X-ray
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CFRP
panel

Digital
imaging
panel

Enlargement of
penetrameter

Radiograph

Detected 
holes

Partial
holes

Figure 16.16 X-ray inspection example for CFRP panel.

Figure 16.17 CT scan images of CFRP (a) woven J structure, (b) porosity in laminate.
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16.9 Electromagnetic methods

Electromagnetic methods, such as eddy current, capacitance, microwaves, and tera-
hertz radiation are not traditional inspection methods for composites, but they can
be used in some circumstances [27]. Microwaves (300 MHze300 GHz,
1000e1 mm) and terahertz (300 GHze3 THz, 1e0.1 mm) are applicable to fiberglass
composite inspection and have been successful at the detection of damage and internal
features [28e36]. However, electromagnetic radiation at these wavelengths does not
penetrate conductive materials. For CFRP, which is mildly conductive, they are
only useful for sensing very near the surface. Capacitance measurements can be
used to measure dielectric property changes in composites such as moisture uptake
or cure condition.

Eddy current inspection is typically performed in metallic components for cracks or
thickness inspections. The method uses a changing magnetic field to create eddy cur-
rents in the substrate under test. The eddy currents create a secondary field back in the
eddy current coil. Changes in the substrate that affect the eddy current flow will alter
the secondary electromagnetic fields, and therefore, affect the originating coil imped-
ance. Measurement of the impedance changes of the initiating coil or of a separate
pickup coil will allow the detection of material changes such as cracks. The standard
depth of penetration for eddy current inspection is given by:

d ¼ ðpfmrm0sÞ�1=2 (16.12)

where f is the coil operating frequency (Hz), mr is the relative permeability of the
material being tested, m0 is the permeability of free space (m0 ¼ 4p � 10�7 H=m), and
s is the conductivity (S/m). The low conductivity of composites means that the in-
spection should penetrate into the material and could allow small high-frequency coils to
be applied for penetration. Fig. 16.18 shows an example of scanning with an eddy
current based system at 700 kHz on a cracked composite part. The part is a hat-stiffened
skin with a crack along the edge of the hat. The eddy current scan shows the edges with a
change in signal due to the cracking. The photograph is taken from what would be
considered the back side, while the eddy current scan is taken from the skin side.

16.10 Bond inspection

The assembly of composite structural elements into a complete integrated structure
will often involve bonding processes. These may be cobonds or secondary bonds.
In cobonds, a cured composite is assembled with a film adhesive to an uncured lami-
nate layup. The assembly is cured in an oven or autoclave. Secondary bonds are bonds
between two cured laminates. The adhesive may be film or paste, and the cure may be
in an oven or at room temperature. Composite repair following a damage event usually
involves a cobond by scarfing out the damaged area, laying in a film adhesive, adding
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prepreg layers, bagging and curing. Cobonds and secondary bonds will be inspected
by many of the methods used for laminate inspection, checking for voids or disbonds.
The choice of method depends on the configuration.

The inspection of bonds may have an added requirement that the strength of the
bonds be verified. This is often achieved by proof testing the structure or mechanically
testing a witness coupon assembled simultaneous with the bond. The search for a
nondestructive method to evaluate bonds for strength has been difficult. Numerous at-
tempts have been made to find a correlation between ultrasonic or other NDT methods
with bond strength [37e40]. Nondestructive methods have not been completely suc-
cessful because the strength parameter is measured in the plastic regime of material
while nondestructive testing is performed in the elastic regime. Sufficiently strong
stress waves that can actually fail weak bonds have been found to provide a local proof
test validation method to assess the adhesive strength in composite bonds [41e43].

16.11 Summary and conclusions

This chapter has discussed the modes of damage which can occur with polymer com-
posites. Failure occurs progressively under tension, compression, or shear and polymer
composites are particularly prone to low-velocity impacts, which may result in damage
which is not obvious to the naked eye. This emphasizes the need to test polymer com-
posite aircraft structures both at the time of manufacture and in-service. The method-
ologies currently employed for NDT/NDI/NDE of aircraft structures have been
detailed, and examples are shown. The precise method used for a given application
will depend on the economic cost, subject to a sufficient probability of detection of
any damage.

16.12 Future trends

Future trends in NDT of composites are expected to be transformative for the entire
industry. In the manufacturing arena, robotics and other flexible automation will

Photograph

Cracked edge

Eddy current scanFigure 16.18 Eddy current
inspection of a cracked hat
stiffener composite
(a) photograph with the crack
location marked in white
(b) eddy current scan.
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replace current higher cost, large footprint stationary scanning systems. Waterless
stand-off NDT sensors, such as Infrared Thermography and Laser Ultrasound, are be-
ing advanced to inspect complex shapes, thinner laminates, and edges, without having
to touch the part or deal with water collection and recirculation issues. NDT will be
moved earlier into the manufacturing processes and be better integrated so that feed-
back will reduce costly flaws and repairs and improve designs. Process monitoring and
process control with NDT sensors are gaining interest, as is modeling of NDT
aproaches for faster and better integration before fabrication starts. Automated defect
analysis and artificial intelligence (AI) will be developed and utilized to increase
manufacturing throughput by reducing time-consuming manual interactions and tak-
ing better advantage of the data collected.

Manufacturing and in-service NDT data and analysis will be better integrated in the
future. 2-D and 3-D NDT data mapping on the structure will be used for improved life-
cycle utilization of the data, including maintenance decision-making and prognostics.
Some future NDT capabilities aimed at reducing composite in-service costs will
include structural health monitoring (SHM) using new on-board NDT sensors, surgical
NDT tools and methods for inspection hard-to-access areas, and web-based “remote
expert” NDT, where the inspection is guided or completed by an off-site expert
with limited or no on-site NDT support. UAV-based visual inspection is expected
to provide pre-NDT assessments of where and when a full NDT must be performed.
Rapid methods for moving NDT results to finite element analysis and performance
prediction are also being developed. Finally, automated crawling platforms carrying
various NDT sensors or sensor arrays will be developed enough to reduce manual in-
spections for commercial and military aircraft and other composite structures.
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Structural health monitoring
(SHM) of aerospace composites 17
Victor Giurgiutiu
University of South Carolina, Columbia, SC, United States

17.1 Introduction

Structural health monitoring (SHM) relies on sensors that can be permanently placed
on the structure and monitored over time, either in a passive or in an active way. These
sensors should be affordable, lightweight, and unobtrusive so as to not impose cost and
weight penalty on the structure and to not interfere with the structural strength and
airworthiness.

Nondestructive Testing (NDT), Nondestructive Inspection (NDI), and Nondestruc-
tive Evaluation (NDE) are concerned with the techniques and measurements that pro-
vide data on the condition of the materials and structures at the time of manufacturing
and in-service. The NDT/I/E methods are generally speaking discrete inspections per-
formed during manufacture and at specified intervals or events during service of a
structure.

The tools used for NDT/I/E and for Structural Health Monitoring (SHM) can be
quite complementary, and in many cases, they may be used in what might be consid-
ered a similar fashion, i.e., employing SHM on-board sensors as in situ NDT/I/E by
engaging in sensor acquisition at specified intervals. Chapter 16 describes the basics
of NDT for polymer composite structures, while SHM is discussed in Chapter 17.
Today NDT methods are used primarily to detect manufacturing defects or damage.
The future direction, however, is to use these tools for material state condition assess-
ment and prognosis of the remaining structural life.

This chapter starts with a brief overview of the composite damage situations. This is
followed by a description of the major methods applied to composite structures during
in-service inspection.

17.2 Composite damage

Advanced composite materials are made of high-strength fibers embedded in a poly-
meric matrix. Glass fiber-reinforced polymer (GFRP), and carbon fiber-reinforced
polymer (CFRP) are among the most common composite materials. The damage
and failure of metallic structures is relatively well understood; the in-service damage
and failure of metallic structures occurs mostly due to fatigue cracks that propagate un-
der cyclic loading. In contrast, the damage of composite materials occurs in many more
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ways than that of metals [1]. Composites fail differently under tension than they fail in
compression, and the effect of fastener holes is much more complicated than in metals.
In addition, the composites are prone to hidden damage from low-velocity impact (e.g.,
the drop of a hand tool on a wing, or large hail impact on a radome, etc.); such damage
can be barely visible and may go undetected, but its degradation effect on the compos-
ite structure strength can be dramatic. In order to satisfy the aircraft damage tolerance
requirements [2], one has to demonstrate that a composite aircraft structure possesses
adequate residual strength in the presence of assumed worst-case damage, such as, for
example, caused by a low-velocity impact on a composite structure [3,4].

Tension, compression, and shear are the three fundamental modes in which a com-
posite lamina may fail. As the composite material is made up of multiple laminae
(layers, plies) of various orientations, the stresses in the lamina principal directions
vary from lamina to lamina. As the load is increased, so do the various stresses in
the laminae, and failure values may be attained in a certain lamina in a certain principal
direction without the overall laminate experiencing actual failure; in other words, the
failure of the composite laminate is a progressive phenomenon. This progressive dam-
age evolution is subcritical for a while but eventually leads to the ultimate failure of the
composite laminate.

17.2.1 Tension damage in composites

When subjected to axial tension, the composite material displays progressive failure
through several damage mechanisms taking place sequentially. Consider, for example,
the cross-ply laminate of Fig. 17.1: as an axial load is applied in the longitudinal
(L) direction, the 0-degree ply is loaded along its reinforcing fibers, whereas the 90-
degree ply is loaded across the fibers. Because the strength of the polymeric matrix
is much less than that of the fibers, the across-the-fiber strength of the lamina is
much lower than the along-the-fiber strength. Hence, matrix cracking of the 90-
degree ply occurs at an early stage in the loading cycle (Fig. 17.1). As the tension
load increases, further damage occurs in the form of delaminations between the 0-
and 90-degree plies due to 3-D effects at the interface between the two plies with radi-
cally different properties. The matrix cracks existing in the transverse ply act as discon-
tinuities generating 3-D disbonding stresses that promote delaminations. The same 3-D
effects will lead to splitting of the 0-degree plies at higher tension loads. If the load
continues to increase, the 0-degree plies will eventually fail due to fiber fracture, at
which point no load can be supported any longer [6].

This simple 0/90 example indicates that internal damage in a composite laminate
can happen at relatively low stress levels in the form of matrix cracking; this is fol-
lowed, at intermediate levels, by interlaminar delamination and lamina splitting. If
the applied stress is cyclic, as in fatigue loading, then these low-level damage states
can increase and propagate further and further into the composite with each load cycle.
The reinforcing fibers have high strength and good load carrying properties, but the
matrix cracking, delamination, and lamina splitting mechanisms usually lead to in-
service composite structures becoming operationally unfit and requiring replacement.
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17.2.2 Compression damage in composites

When subjected to axial compression, the composite fails through the loss of elastic
stability (buckling). At the global scale, buckling can be avoided by the appropriate
sizing of the component length versus its bending stiffness such that loss of elastic sta-
bility does not occur for the given boundary conditions and operational load levels. At
the local scale, the composite material itself can fail under compression through the
microbuckling mechanism (Fig. 17.2). The high-strength fibers encased in the poly-
meric matrix can be viewed as beams on elastic foundation, where the elastic support
is provided by the matrix stiffness. Under axial compression, such a beam on an elastic
foundation would eventually buckle and take an undulatory shape (Fig. 17.2(a)). The
compressive stress values at which such buckling occurs are dictated by the fiber
bending stiffness and matrix compression stiffness. As the compressive load is further
increased, the microbuckling is further exacerbated until local failure occurs in the
form of kink bands (Fig. 17.2(b)).

For a given composite material system with a certain fiber/matrix combination, the
microbuckling compressive strength is fixed and cannot be altered through structural
design. In order to modify the microbuckling compressive strength, one has to address
the very constituents of the composite material system. For example, the thicker boron
fibers have a higher compression buckling strength than the thinner carbon fibers; for
this reason, boron fiber composites may be preferred in places where material
compression strength is the critical factor.

Fiber fracture
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Figure 17.1 Longitudinal tension of a
0/90 composite laminate: The
highlight of several damage modes:
matrix cracking in transverse
(T) lamina; splitting of longitudinal
(L) laminae; delamination between T
and L laminae [5].
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17.2.3 Fastener hole damage in composites

Mechanical fasteners used in riveted and bolted joints are prevalent in metallic
aircraft structures, where they offer a rapid and convenient method of assembling
large structures from smaller components. The load-bearing mechanisms of metallic
joints are well understood and easily predicted. The use of mechanical fasters in
composite structures is also allowed, but this comes with significant strength and fa-
tigue penalties. Nonetheless, mechanical fasteners are still widely used in the con-
struction of current composite structures, especially when load transfer has to be
achieved between composite and metallic components. A typical example is illus-
trated in Fig. 17.3(a), where the load from a composite wing skin is transferred
into an aluminum metallic bracket through a 9-bolt junction. When in service,
each hole in the composite skin would be subjected to both tension and/or compres-
sion loading that may, under certain circumstances, promote damage initiation and
damage progression [7].

Under tension (Fig. 17.3(b)), the composite joint may fail in one of three major
modes: (i) tear failure; (ii) bearing failure; and (iii) shear-out failure. Of these, tear fail-
ure is unlikely to happen because the fiber reinforcement is strongest in tension. The
shear-out failure would happen if the fibers are predominant in the tension direction;
shear-out failure can be counteracted through material design by the addition of 45-
degree reinforcement. The bearing failure is more difficult to prevent because it is a
compression-type loading that has to be taken up by the polymeric matrix and by
the fibers under compression. Bearing failure may occur through matrix crushing, or
fiber microbuckling, or both.

Under compression (Fig. 17.3(c)), the composite joint may fail in three major
modes: overall buckling of the component; local buckling of the region weakened
by the hole; fiber microbuckling at the areas of highest compression strength. The
overall compression buckling can be prevented by proper component design. Local

φ

β

w

(a) (b) (c)

Figure 17.2 Compression damage of fiber composites through microbuckling: (a) undulations
of buckled fibers; (b) kink band local failure schema; (c) micrograph of kink band formation in
T800/924C carbon-fiber composite [5].
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buckling and fiber microbuckling may also be prevented by design, but damage accu-
mulation during cyclic loading would eventually weaken it.

The use of mechanical fasteners in fiber composites is somehow counter-intuitive,
but expedient. The very premise of fiber composites assumes the load to be carried
through the high-strength fibers embedded in a relatively weak polymeric matrix.
This type of load-carrying capability benefits from a smooth and continuous load
“flow” and is averse to sudden changes in material properties and geometries, such
as those imposed by a fastener hole. Ideally, composite joints should be done through
adhesive bonding with a gradual transition from one component into the next. How-
ever, mechanical fasteners are often used for a variety of reasons, and one has to assess
the consequences of such a design decision: fastener holes drilled in the composite
structures produce sudden discontinuities, interrupt the fiber flow, and act as stress
concentrators. They also act as crack and delamination initiators due to microdamage
introduced during the hole drilling process. Special attention can be given to creating
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Figure 17.3 Composite damage due to fastener holes: (a) typical bolted junction between a
composite wing skin and metallic connection; (b) failure modes in a bolted joint under tension
[5]; (c) compressive failure modes in a plate with an open hole.
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stress-free holes by designing local reinforcement; damage-free holes can also be man-
ufactured with special tooling. However, these aspects come with the added cost and
may not always be implemented in practice.

17.2.4 Impact damage in composites

Composite aerospace structures are prone to a particular type of damage that is not crit-
ical in metallic aerospace structures, i.e., low-velocity impact damage. Such damage
may occur during the manufacturing or in-service due to, say, a hand tool being drop-
ped onto a thin-wall composite part. When such an impact happens on a conventional
metallic structural part, either the part is not damaged at all, or, if it is damaged, then it
shows clearly as an indent or scratch. In composite structures, a similar impact may
damage the structure without leaving any significant visible marks on the surface
(so-called barely visible damage). In this case, the impact result takes the form of de-
laminations in the composite layup (Fig. 17.4). A more drastic impact may also show
spalling on the backside while having no visible marks on the front side.

Delamination due to barely visible impact damage may not have a large effect on
the tensile strength of the composite, but it can significantly diminish the composite
compression strength (delaminated plies have a much weaker buckling resistance
than the same plies solidly bonded together). Both component buckling strength and
local buckling strength may be affected; when a fastener hole is present, as depicted
in Fig. 17.3(c), this effect maybe even worse. For this reason, manufacturing com-
panies place a strong emphasis on testing the open-hole compression strength after
the impact of their composite structures.

Worst-case impact damage is defined as the damage caused by an impact event
(e.g., a 1-in hemispherical impactor) at the lesser of the following two energy levels:
(a) 100 ft-lb, or (b) energy to cause a visible dent (0.1-in deep). A schematic of the
various damage mechanisms that take place in a laminated composite under low-
velocity impact is shown in Fig. 17.4; they can be summarized as [8]: (a) front face
damage (crater); (b) transverse cracks; (c) delaminations; (d) back face fiber breakage.

T = Transverse cracks 
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C = Crater
S = Spalling
F = Fiber breakage

S, F
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Figure 17.4 Impact damage effects on laminated composites (a) schematics of various damage
mechanisms; (b) photo of composite surface.
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The front face damage may in many practical instances be barely visible. The impactor
shape may have a significant effect on damage details (Fig. 17.5).

17.2.5 Fatigue damage of composites

Composite fatigue is substantially more complicated than that of metals [9]. Damage
progression in a cross-ply laminated composite under fatigue loading was studied in
Ref. [10]; the following stages were identified in a unidirectional laminate under cyclic
tension (Fig. 17.6):

1. Matrix cracking
2. Crack coupling and interfacial debonding
3. Delamination
4. Fiber breaking and composite fracture

The evolution of damage through these phases depends on the cyclic fatigue
loading level; three loading levels can be identified with respect to the damage pro-
duced in the composite [10]:

Conical Ogival Hemi-spherical Flat

(a) (c) (d)(b)

(e) (g) (h)(f)

Figure 17.5 Effect of impactor size and type on the resulting damage in a laminated GFRP
composite. Top row: various impactor shapes. Middle and bottom rows: back-illuminated
images of the impact area for each impactor shape at 4 and 6 J impact energy, respectively [8].
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Loading Level 1: matrix cracks begin to develop while the fibers remain intact. Un-
der cyclic loading, these cracks propagate until they reach a fiber/matrix interface or
some other inhomogeneity. If the cyclic load is sufficiently low, these cracks will
not propagate any further, and no more fracture surfaces will be created until the fa-
tigue limit of the fibers is reached, and overall composite failure occurs.

Loading Level 2: If the cyclic load is at a higher level, then the matrix cracks may
not stop at the fiber/matrix interface as they did in Level 1. Several things could happen
at this stage: (a) when the matrix crack reaches a fiber, the stress concentration may
cause the fiber to break, forming a larger crack. (b) If the stress concentration is not
sufficiently high for the fiber to break, a separation of the fiber and matrix could occur,
and the crack propagates along the fiber/matrix interface. The damage propagating
through the (a) and (b) mechanisms reaches new fiber/matrix interfaces and may cause
further fiber fractures or fiber/matrix separation. Eventually, the degradation of the
composite will be sufficiently large to cause a fracture.

Loading Level 3: If the cyclic fatigue load is near the ultimate strength, some fibers
will fail immediately due to the statistical spread of their individual strengths. As the
cyclic loading continues, more fibers will break throughout the composite; when
enough fibers have failed in a particular area, a crack will form, leading to a rapid frac-
ture of the composite. At this level of loading, the final fracture will occur quickly, and
the damage progression trend shown in Fig. 17.6, will no longer take place.

The orientation of the laminae in the composite laminate may modify the damage
evolution. In a generic situation, the individual lamina is subjected to off-axis loading
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Figure 17.6 Conceptual description of the evolution of fatigue damage in a cross-ply laminated
composite.
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that is projected onto the lamina principal axes and may cause matrix cracks to form
parallel to the fibers. These cracks can propagate freely down the length of the fiber
either in the matrix or in the fiber/matrix interface. Debonds between the fibers and
matrix eventually will occur. The damage occurring in a composite laminate is a com-
plex phenomenon that is governed by the processes taking in each individual lamina. A
generic scenario may look as follows:

(a) Small microcracks develop in the matrix mainly between fibers that are not parallel to the
loading direction.

(b) As the cyclic loading continues, the microcracks grow and become macroscopic cracks. At
this point, the material has reached the Characteristic Damage State (CDS) as marked in
Fig. 17.6.

(c) The cracks in the matrix will spread through the ply in which they began.
(d) Stress concentrations cause microcracks to develop on either side of the initial ply.
(e) Stress concentrations between plies cause local delaminations.
(f) Once delaminations have formed, the damage increases rapidly up to complete failure.

Because of this progressive fatigue damage behavior, a composite structure subject
to high fatigue loads should be periodically inspected to monitor the damage progres-
sion just as a metallic structure is monitored under current inspection guidelines. Prop-
erly designed composite aerospace structure operates below the threshold for
significant fatigue damage during the design lifetime.

17.2.6 Damage in composite sandwich structures

The carbon fiber-reinforced polymer (CFRP) sandwich panels are much more suscep-
tible to impact damage than glass fiber-reinforced polymer (GFRP) panels, and the pre-
dominant type of damage is different: fiber breaking for CFRP sandwich and core
crushing for GFRP sandwich.

Fig. 17.7 shows the various types of damage that can happen in a composite sand-
wich under the impact, i.e.,:

• Front skin damage: (a) skin indentation; (b) skin cracking; (c) resin crushing; (d) fiber
breaking; (e) delamination

• Foam core damage: (a) core crushing; (b) core cracking.
• Interface damage: debonding at the skin/core interface

Fig. 17.7(b) shows the mapped indentation profile on a GFRP/foam core sandwich
after a 10 J impact. The indentation depth and the crater ridge swelling can be as high
as 0.1 mm.

Skin Damage: On the front face (impact side), an indentation occurs. This type of
damage is invisible to the naked eye for very low energy impact but may become
barely visible at a threshold that depends on the materials used, the structure arrange-
ment, and the attachment of the coupon to the sample holder of the impact machine.
For larger energy, the indentation is easily visible, and its detection does not need
the use of sophisticated NDE techniques. It is crucial to be able to detect the barely
visible damage because it can be accompanied by severe internal damage reducing
the local mechanical strength. As shown in Fig. 17.7(b), the indentation obtained
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may be barely visible, even for a 10 J impact. The maximum depression of the surface
is less than 0.1 mm over an extent of 40 mm. In fact, for radome sandwich structure,
due to the nature of the skin, the visual inspection can sometimes detect the damage by
a slight change in the surface color. The surface alterations, which by themselves have
no influence on the mechanical resistance of the structure, can be accompanied by
more critical damage: matrix cracking, matrix crushing, fiber breaking, and delamina-
tion. The occurrence of such types of damage strongly depends on the nature of the
skin material.

Interface Damage: In parallel with the damage of the skin, the skins/core interfaces
can be damaged by debonding. For carbon/epoxy skins and foam core, debonds are
nonexistent in spite of the presence of delaminations and fiber breaking of the front
face skin. As shown in Fig. 17.7(a), for a higher level of impact energy, debonding
can occur at the core/rear-face skin interface too.

Core Damage: In the case of lightweight foam, two types of damages take place:
core cracking in relation with skin cracking, and core crushing located underneath
debonds.

17.2.7 Damage in adhesive composite joints

Adhesive composite joints offer unquestionable manufacturing and cost advantages over
mechanical fasteners. In addition, the adhesive joining of composite parts seems more
appropriate than drilling holes, as discussed in Section 17.5. However, the reliability
of adhesive bonding cannot always be guaranteed due to a variety of reasons. Hence,
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Figure 17.7 Impact damage on composite/foam sandwich: (a) various types of possible
damage; (b) Indentation profile after a 10 J impact on a GFRP/foam core sandwich [11].
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delamination damage in composite joints is probably the most frequently occurring dam-
age, and the consequences may be quite severe. If the joint is part of a fail-safe construc-
tion, then the occurrence of delamination reduces the stiffness of the structure, and
hence, the load-carrying capability of the structure. If the joint is not in a fail-safe con-
struction, then the consequences of the joint failure may be dramatic.

17.3 SHM sensors

Some of the sensor types that have been considered for SHM applications are:

• Conventional resistance strain gages
• Fiber optic sensors, e.g., fiber Bragg gratings (FBG) strain sensors
• Piezoelectric wafer active sensors (PWAS)
• Electrical properties sensors: resistance, impedance, dielectric, etc.

These sensors may operate in static and dynamic regimes, depending on the phys-
ical principle that is employed in monitoring the structure. Other damages measuring
methods based on large-area measurements (ultrasonic C-scans, scanning Doppler
laser velocimetry, thermography, etc.) have been used in SHM development for defi-
nition and confirmation of damage and/or for understating the proposed SHM
approach; however, they do not seem appropriate for permanent installation onto
the monitored structure and will not be discussed under the heading of SHM sensors.

17.3.1 Resistance strain gages

The conventional resistance strain gages are well known [12] and need not be detailed
here. Their physical principle relies on converting a relative strain change into a rela-
tive resistance change that is read with a precision instrument (e.g., a Wheatstone
bridge). The strain-induced resistance change maybe due to purely geometric effects
(e.g., foil strain gages), or may be enhanced by the piezo-resistive effect exhibited
by some materials. Conventional resistance strain gages operate well in both static
and dynamic regimes. The signal bandwidth is limited only by the bandwidth and
signal to noise ratio (SNR) of the electronic conditioning equipment because the strain
gage coverts directly the strain change into a resistance change. The strain gage tech-
nology is well developed and relatively matured; known difficulties with using strain
gage for long-term monitoring under various environmental conditions are usually
related to the adhesion between the gage and the structure and with the adverse effect
of the environment onto the electrical wire connections that may result in strain drift or
even signal loss.

17.3.2 Fiber optic sensors

Fiber optic sensors offer several advantages for structural health monitoring:
(a) immune to electromagnetic interference (EMI); (b) corrosion resistance;
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(c) possibility of multiplexing several sensors on the same optical fiber; (d) the promise
of direct embedment into the composite material along with the reinforcing fibers, etc.
Fiber optic sensors also have several limitations that have impeded their widespread
usage: (i) the need for considerable optoelectronic equipment to convert the optical
changes into actual readings of the physical quantity being monitored (strain, or other
material property); (b) bandwidth limited by the bandwidth of the optoelectronic
equipment that has to perform complicated processing of the optical signal; etc. Fiber
optic sensors have known extensive development in recent years, and the methods
used for the demodulation and interpretation of the optical signal are very diverse
and still evolving.

Optical fiber has a central core surrounded by an annular cladding and a protective
coating (Fig. 17.8). Due to the phenomenon of total internal reflection (the cladding
has a lower refractive index than the core), the light wave is confined in the core
and travels over large distances with very little loss (Fig. 17.8(a)).

The overall diameter of a typical optical fiber varies between 120mm and 250mm;
when embedded in a composite, optical fibers may create a discernible discontinuity
(Fig. 17.8(b)); development of small-diameter optical fibers (e.g., 52mm) for embed-
ment into composites has also been reported [15]. Single-mode fibers have a small core
(w10 mm) and only accommodate the fundamental guided lightwave mode; multi-
mode fibers have larger cores (w50 mm to 100 mm) and permit the propagation of mul-
tiple modes (Fig. 17.8c). Either a single-mode or multimode optical fiber can be used
for constructing an individual fiber optic sensor. Yet a single-mode optical fiber with a
smaller core is more strain sensitive than a multimode optical fiber [14]. A comprehen-
sive review of fiber optics sensors for structural health monitoring is provided in
Refs. [16e20]. The fiber-optic sensing mechanisms for SHM applications can be
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Figure 17.8 Fiber optic essentials: (a) total internal reflection principle; (b) optical fiber
embedded in a CFRP composite [13]; (c) single-mode and multimode fibers [14].
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one of four types [17]: (a) intensity modulation; (b) polarization modulation; (c) phase
modulation; (d) scattering modulation; (e) spectral modulation.

Intensity modulation is one of the simplest to measure because it only requires a
photodetector to assess the light intensity. The intensity of the light wave traveling
through an optical fiber can be modified by microbending of the optical fiber, by a
change in the coupling of the fiber with the surrounding medium, or by the frac-
ture of the optical fiber. A photodetector is used to measure the intensity of the
light transmitted through the fiber or reflected back to the input. One drawback
of these simple optical sensors is that they cannot be multiplexed into sensor
networks.

Polarization modulation: The cross-section of the optical fiber has a fast axis and a
slow axis, which are mutually perpendicular. Two light waves individually polarized
about each of these axes will not usually interfere with each other, and their intensity
can be separately measured using polarizing filters. External stimuli, such as pressure
or twisting of the fiber may induce transfer between the two polarized modes, which
may be quantified and used for measurement.

Phase modulation: mechanical strain or thermal expansion changes the optical path
length through the fiber and hence affects the light wave phase. Interferometric
methods are used to measure the phase shift between the light wave traveling through
the sensor and a reference wave split from the same source. The reference fiber can be
exposed to some of the external effects, such as to decouple these effects from those to
be measured by the sensing fibers. For example, if mechanical strain and temperature
changes are both present, the reference fiber can be exposed to temperature only,
whereas the measuring fiber is exposed to both strain and temperature, such that the
resulting relative phase between the two fibers will be due only to the strain effects.
Optoelectronic interferometers that convert the phase shift into some numerical
readout are commercially available [21]. However, the phase modulation measure-
ments remain particular to a single fiber and multiplexing of several sensors on the
same fiber is not generally possible.

Scattering modulation: The fused silica material used in the optical fiber has
intrinsic scattering properties (Fig. 17.9(a)) that affect the light wave propagating
through it. Several backscatter waves are possible: Rayleigh, Brillouin, Raman, Stokes
(Fig. 17.9). Brillouin scattering occurs due to interactions with acoustic waves known
as phonons; its frequency shift can be related to applied strain or temperature. The
weak Brillouin can be amplified by stimulating acoustic waves through the use of a
second pulsed laser connected to the opposite end of the optical fiber. By scanning
the frequency of the pulsed laser, the relative frequency shifts at which the stimulated
Brillouin scattering occurs can be identified and converted into the applied strain or
temperature. The time of arrival of the scattered light is analyzed to determine the loca-
tion of each Brillouin scattering event. In this manner, the strain or temperature distri-
bution along an optical fiber can be measured. The strain and temperature resolution
are around 5mε and 0:25�C; nominal spatial resolution with a single laser source
is about 5 m. The use of advanced signal processing techniques, e.g., Brillouin optical
correlation domain analysis, has been shown to improve the spatial resolution
significantly [18].
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Spectral modulation: Spectral modulation is achieved through FabryePerot inter-
ferometers (FPI) or fiber Bragg gratings (FBG). Such sensors typically act as filters,
transmitting certain wavelengths, and radiating or reflecting others. Changes in me-
chanical strain, temperature, or other external parameters are converted into a shift
of the characteristic wavelength of such a filter. The decoding of the wavelength-
encoded signal is commonly done by one of three methods: (i) with an optical spec-
trum analyzer; (ii) with a tunable laser source that scans a band of wavelengths; or
(iii) with a wavelength-tunable filter. Other, more complex methods based on three-
way couplers or fast Fourier transforms have also been developed for high-rate data
acquisition and sensor multiplexing. The cavity-based FPI sensors are manufactured
by inserting into a capillary tube the two ends of a cleaved fiber separated by a small
distance (Fig. 17.9(b)). The cavity acts as a wavelength filter; if a strain is applied, the
cavity size changes and its center frequency shifts. This wavelength shift is decoded
into a strain. The FBG sensors achieve similar results through a grating pattern
imprinted directly onto the fiber with ultraviolet (UV) light, as discussed next.
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Figure 17.9 (a) Spectrum of
intrinsic scattering for fused silica
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17.3.3 Fiber Bragg grating (FBG) sensors

FBG sensors have gained considerable popularity; they are simple to manufacture by
UV imprinting of a grating pattern directly onto the fiber; the sensor diameter is the
same as the fiber diameter; several different FBG sensors can be imprinted at different
locations on the same fiber and can be individually addressed and multiplexed.

The FBG sensor (Fig. 17.10) is a permanent periodical perturbation (grating) in the
index of refraction of the optical fiber core inscribed at selected locations using high-
intensity UV light. This periodic perturbation with pitch L acts as a wavelength filter
with a narrowband reflection spectrum centered on the Bragg wavelength lB ¼ 2heffL
(Fig. 17.10(b)).
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Figure 17.10 (a) Principles of fiber Bragg grating (FBG) optical sensors; (b) details showing the
notch in the transmission spectrum and the peak in the reflection spectrum at the Bragg
wavelength lB [22].
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When the mechanical strain Dε and temperature change DT are present, the Bragg
wavelength shifts with

DlB¼DlBS þ DlBT ¼ lBð1� raÞDεþ lBð1þ xÞDT (17.1)

where x is the thermo-optic coefficient and ra is the effective strain-optic coefficient,
which is a function of the Poisson ratio n of the fiber and the Pockels constant rij, i.e.,

ra ¼ n2eff =2½r12� nðr11� r12Þ� (17.2)

If the temperature is constant, only the strain effect is present and Eq. (17.1) sim-
plifies to

DlB ¼ lBð1� raÞDε (17.3)

Eq. (17.3) shows that the relative wavelength shift is proportional to the strain, i.e.,

DlB
lB

¼ kDε (17.4)

where k is the FBG strain gage factor. The theoretical value of k for pure silica glass
has been calculated to be around kz 0:78 [23].

Besides the center frequency shift, the FBG spectrum develops other, more intri-
cate changes representative of proximal structural damage. For example, the pro-
cessing and detailed analysis of the FBG spectrum has been used to extract the
effect of nonuniform strain field in the proximity of matrix cracks and delamina-
tions [24,25].

Conditioning equipment for the FBG sensor should be able to convert the
various optical processes inside the FBG sensor into an actual strain reading at
the equipment output. This process is often referred to as “demodulation” or
“decoding” of the optical signal. Refs. [19,26] describe a number of strategies
for decoding the Bragg wavelength of the signal reflected from an FBG sensor
and extracting a strain reading: optical spectral analyzers; scanning fiber filters; un-
balanced fiber interferometers in combination with wavelength division multi-
plexers; wavelength-swept lasers; CCD arrays combined with a dispersive
element; photorefractive crystals, etc. Some of these methods are appropriate for
static and quasi-static strain measurements, some can operate in the dynamic range,
and a few could operate at ultrasonic frequencies (Fig. 17.11). The individual
addressing of several FBG sensors engraved on the same optical fiber is achievable
through wavelength domain multiplexing (WDM); the switching between various
optical fibers can be attained through time-domain multiplexing (TDM). A large
system that employs several optical fibers with a number of FBG sensors on
each fiber would have to use a WDM-TDM combination [19].
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17.3.4 Piezoelectric wafer active sensors (PWAS)

Piezoelectric wafer active sensors (PWAS) are small, lightweight, and relatively
low-cost transducers based on the piezoelectric principle that couples the electrical
and mechanical variables in the material (mechanical strain Sij, mechanical stress
Tkl, electrical field Ek , and electrical displacement Dj) in the form

Sij ¼ sEijklTkl þ dkijEk

Dj ¼ djklTkl þ ε
T
jkEk

(17.5)

where sEijkl is the mechanical compliance of the material measured at zero electric field
(E ¼ 0), εTjk is the dielectric permittivity measured at zero mechanical stress (T ¼ 0),
and dkij represents the piezoelectric coupling effect. The direct piezoelectric effect
converts the stress applied to the sensor into an electric charge. Similarly, the converse
piezoelectric effect produces strain when a voltage is applied to the sensor.

In a PWAS, the electrical field E3 is applied across the PWAS thickness in the three
directions. The prevalent piezoelectric coupling is between in-plane strain in the 1 and
2 directions and out-of-plane electrical field in the third direction.
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At ultrasonic frequencies, PWAS can sense and excite guided Lamb waves trav-
eling long distances along the thin-wall shell structures of aircraft and space vehicles
(Fig. 17.12).

PWAS are made of thin, inexpensive piezoceramic wafers electrically poled in the
thickness direction and provided with top and bottom electrodes. Typical PWAS are
7-mm squares or discs with a 0.2-mm thickness (Fig. 17.13). PWAS can be bonded
to the structure with strain-gage installation methodology. They have also been exper-
imentally inserted between the layers of a composite layup, but this option has raised
some structural integrity issues that are still being examined. The PWAS transducers
are called differently by various authors: “piezos,” “piezo wafers,” “PZTs,” etc. In this
article, we will consistently call them “PWAS” (same in singular and in plural) or
“PWAS transducers.”

When permanently attached to the structure, PWAS provide bidirectional energy
transduction from the electronics into the structure, and from the structure back into
the electronics. PWAS have been extensively used for SHM demonstrations because
they directly convert electric energy into elastic energy and vice-versa, and thus,
require very simple instrumentation: effective measurements of composite impact
waves and guided-waves transmission/reception have been achieved with experi-
mental setups consisting of no more than a signal generator, a digitizing oscilloscope,
and a PC [27]. The commercially available SMART layer technology [28,29] has
facilitated the use of these sensors in both academic and industrial SHM research.
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Figure 17.12 Coupling between
piezoelectric wafer active sensors
and Lamb waves in a thin-wall
structure: (a) symmetric mode;
(b) antisymmetric mode.
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As shown in Fig. 17.14, PWAS transducers can serve several purposes [27]: (a)
high-bandwidth strain sensors; (b) high-bandwidth wave exciters and receivers;
(c) resonators; (d) embedded modal sensors with the electromechanical (E/M) imped-
ance method. By application types, PWAS transducers can be used for (i) active
sensing of far-field damage using pulse-echo, pitch-catch, and phased-array methods,
(ii) active sensing of near-field damage using high-frequency E/M impedance
method and thickness-gage mode, and (iii) passive sensing of damage-generating
events through detection of low-velocity impacts and acoustic emission at the tip of
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Figure 17.13 Piezoelectric wafer active sensors (PWAS) installation: (a) 7-mm square PWAS
on a metallic structure; (b) 7-mm round and square PWAS on a composite structure.
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advancing cracks. By using Lamb waves in a thin-wall structure, one can detect a
structural anomaly, i.e., cracks, corrosions, delaminations, and other damages.
Because of the physical, mechanical, and piezoelectric properties of PWAS trans-
ducers, they act as both transmitters and receivers of Lamb waves traveling through
the structure. Upon excitation with an electric signal, the PWAS generate Lamb waves
in a thin-wall structure. The generated Lamb waves travel through the structure and are
reflected or diffracted by the structural boundaries, discontinuities, and damages. The
reflected or diffracted waves arrive at the PWAS, where they are transformed into elec-
tric signals.

PWAS transducers can be used in either traveling wave mode or standing wave
mode. Details are given next.

17.3.5 Travelling-wave SHM methods with PWAS transducers

Fig. 17.14(a) illustrates the pitch-catch method. An electric signal applied at the trans-
mitter PWAS generates, through piezoelectric transduction, elastic waves that travel
into the structure and are captured at the receiver PWAS. As long as the structural re-
gion between the transmitter and receiver is in pristine condition, the received signal
will be consistently the same; if the structure becomes damaged, then the received
signal will be modified. Comparison between the historically stored signals and the
currently read signal will indicate when changes (e.g., damage) take place in the struc-
ture. The pitch-catch method may be applied to situations in which the damage is
diffuse and/or distributed, such as corrosion in metals or degradation in composites.
By extension of the pitch-catch method to several pitch-catch pairs in a network of
PWAS (“sparse array”) placed around a structural region of interest, one achieves ul-
trasonic tomography through a round-robin process. Processing of the data collected
during the round-robin process yields an image of the monitored region indicating the
damaged area. Fig. 17.14(b) illustrates the pulse-echo method. In this case, the same
PWAS transducer acts as both transmitter and receiver. A tone-burst signal applied to
the PWAS generates an elastic wave packet that travels through the structure and re-
flects at structural boundaries and cracks and abrupt discontinuities. In a pristine struc-
ture, only boundary reflections are present, whereas, in a damaged structure, reflections
from cracks also appear. By comparing historical signals, one can identify when new
reflections appear due to the presence of damage. This comparison may be facilitated
by the differential signal method.

Fig. 17.14(c) illustrates the use of PWAS transducers in thickness mode. The thick-
ness mode is usually excited at much higher frequencies than the guided wave modes
discussed in the previous two paragraphs. For example, the thickness mode for a 0.2-
mm PWAS is excited at around 12 MHz, whereas the guided wave modes are excited
at tens and hundreds of kHz. When operating in thickness mode, the PWAS transducer
can act as a thickness gage. In metallic structures, thickness mode measurements allow
the detection of damage that affects the structural thickness, e.g., corrosion, which can
be detected from the other side of the structure, which is not exposed to the corrosive
environment. In composite structures, thickness mode measurements may detect
cracks which are parallel to the surface, such as delaminations. A limitation of the
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thickness mode approach is that detection can only be made directly under the PWAS
location or in its proximity. In this respect, this method is rather localized, which may
be alright for monitoring well-defined critical areas, but insufficient for large area
monitoring.

Fig. 17.14(d) illustrates the detection of impacts and acoustic emission (AE)
events. In this case, the PWAS transducer is operating as a passive receiver of the
elastic waves generated by impacts or by AE events. By placing several PWAS trans-
ducers in a network configuration around a given structural area, one can set up a
“listening” system that would monitor if impact damage or AE events take place.
Because the PWAS is self-energized through piezoelectric transduction, the listening
system can stay in a low-energy dormant mode until triggered by the incoming waves.
The signals recorded by the PWAS network can be processed to yield the location and
amplitude of the impact and/or AE event.

17.3.6 Standing-wave SHM methods with PWAS transducers

When a structure is excited with sustained harmonic excitation of a given frequency,
the waves traveling in the structure undergo multiple boundary reflections and settle
down in a standing-wave pattern known as vibration. Structural vibration is charac-
terized by resonance frequencies at which the structural response goes through peak
values. The structural response measured over a frequency range, including several
resonance frequencies, generates a vibration spectrum or frequency response function.
When damage occurring in a structure induces changes in its dynamic properties, the
vibration spectrum also changes. However, the conventional vibration analysis
methods are not sensitive enough to detect small incipient damage; they can only mea-
sure structural dynamics up to several kHz, which is insufficient for the small wave-
length needed to discover incipient damage. An alternative approach, which is able
to measure structural spectrum into the hundreds of kHz and lowMHz range, is offered
by the electromechanical (E/M) impedance method [27]. The electromechanical
impedance method measures the electrical impedance ZðuÞ, of a PWAS transducer us-
ing an impedance analyzer. The real part of the impedance ReðZÞ reflects the mechan-
ical behavior of the PWAS, i.e., its dynamic spectrum and its resonances. When the
PWAS is attached to a structure, the real part of the impedance measured at the
PWAS terminals reflects the dynamics of the structure on which the PWAS is attached,
i.e., the structural dynamic spectrum and its resonances. Thus, a PWAS attached to a
structure can be used as a structuraleidentification sensor that directly measures the
structural response at very high frequencies. Fig. 17.14(e) illustrates the E/M imped-
ance spectrum measured in the MHz range.

17.3.7 Phased PWAS arrays and embedded ultrasonic structural
radar

A natural extension of the PWAS pulse-echo method is the development of a
PWAS phased array (Fig. 17.14(f)), which is able to scan a large area from a single
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location. Phased arrays were first used in radar applications because they allowed
the replacement of the rotating radar dish with a fixed panel equipped with an array
of transmitter-receivers which were energized with prearranged phase delays. When
simultaneous signals are emitted from an array of transmitters, the constructive
interference of the propagating waves creates a beam positioned broadside to the
array. If prearranged phase delays are introduced in the firing of the signals of in-
dividual array elements, then the constructive interference beam can be steered to
different angular positions. Thus, an azimuth and elevation sweep can be achieved
without mechanical rotation of the radar platform. The phased array principle has
gained wide utilization in ultrasonics, both for medical applications and for nonde-
structive evaluation, because ultrasonic phased arrays permit the sweeping of large
volumes from a single location.

The PWAS phased arrays utilize the phased array principles to create an interro-
gating beam of guided waves that travel in a thin-wall structure and can sweep a large
area from a single location [27,30]. The embedded ultrasonics structural radar (EUSR)
methodology uses the full matrix of captured signals collected by the PWAS phased
array to recreate a virtual sweeping of the monitored structural area. The associated
image represents the reconstruction of the complete area as if the interrogating
beam was actually sweeping it. When no damage is present, the only echoes are those
arriving from the natural boundaries of the interrogated area; if the damage is present,
its echo reflection is imaged on the EUSR screen indicating its location in ðR; qÞ or
ðx; yÞ coordinates. PWAS phased arrays have been used to monitor crack growth dur-
ing fatigue testing [31].

A remarkable property of PWAS transducers is their frequency and size-dependent
tuning with various guided Lamb waves traveling in the structure, as predicted by the
following formula [30].

εxðx; tÞ¼ � i
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where x is the wavenumber and a is the PWAS half-length. The superscripts S and
A signify the symmetric and antisymmetric modes, DðxÞ is the LHS of
the Rayleigh-Lamb equation [27], and D0 is the derivative of D with respect to x.
The summations in Eq. (17.6) cover all the symmetric and antisymmetric Lamb
wave modes that exist for a given frequency-thickness value fd. It is apparent from
Eq. (17.6) that, for a PWAS of given length 2a, certain frequencies will maximize
the sin xa terms for certain modes, whereas other frequencies will vanish the sin xa
for other modes, since, at a given frequency, the Lamb wave modes have different
wavelengths. Eq. (17.6) has been verified experimentally in both metallic and
composite structures (Fig. 17.15).
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17.3.8 Electrical properties sensors

The electrical SHM of composites relies on the material itself to act as the sensor. Car-
bon fibers are electrically conductive; the epoxy resin is an insulator. The carbon fiber-
reinforced polymer (CFRP) composite is somehow conductive because the densely
packed carbon fibers may touch each other. As damage (e.g., cracks and delamination)
takes place in the composite, the electric conductivity is expected to change. The glass
fiber-reinforced polymer (GFRP) composite is a nonconductive insulator with certain
dielectric properties. Damage in GFRP composites creates microcracks and even
sizable delaminations, which change the dielectric properties of the composite since
the dielectric permittivity of air is smaller than that of GFRP. Ingress of water, which
has a dielectric permittivity higher than GFRP, will again change the overall dielectric
properties of GFRP composites.

These intuitive concepts stand at the foundation of the electrical SHM methods for
composite materials. This approach is deemed “self-sensing” because it relies entirely
on measuring a material property (i.e., electrical characteristic) and does not require an
additional transduction sensor; the only instrumentation that needs to be installed on
the composite structure consists of the electrodes. In the case of composite transport
aircraft, the conductive screen skins currently used to mitigate lightning strike could
potentially also serve as the measuring electrodes. Electrical SHM methods range
from the simple measurement of the electrical resistance measurements up to more so-
phisticated methods, such as electrical potential mapping, dielectric measurement,
electrochemical impedance, etc.

17.4 SHM methods and systems

Structural health monitoring of composites can be done in a variety of ways, and
attempting a classification is a daunting task. From the point of view of the sensor

0
0

20
40
60
80

100
120
140
160

Frequency (kHz)

A0 mode

S0 mode

S0 

 SH

f (kHz)

V
 (m

V
)

A0 

Predicted A0 rejection
and S0 “sweet spot” at 
300 kHz  

R
es

po
ns

e 
(m

V
)

100 200 300 400 500 600
0

0
1
2
3
4
5
6
7
8
9

10
11
12

100 200 300 400 500 600 700

(a) (b)

Figure 17.15 Experimental frequency tuning results: (a) maximum S0 response at around
300 kHz due to A0 rejection in a 1-mm aluminum plate; (b) similar rejection of A0 mode in a
CFRP composite plate [27].
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location, two major trends have emerged: (i) proximal/local sensor placement in the
vicinity of a structural region of interest (hot spot); (ii) remote sensor placement,
such as to interrogate a large structural area. Fig. 17.16 illustrates how these options
could be achieved with piezo and fiber-optics; other sensors (resistance strain gages,
electrical properties sensors, etc.) could also be used for either local or remote struc-
tural monitoring.

The methods that can be used for structural health monitoring depend, to a certain
extent, on the physical principles of the sensors and/or of the structural interrogation
approaches. However, two broad categories emerge: (a) passive sensing, and
(b) active sensing. The former just monitors some structural/material property or the
occurrence of damaging event; the latter actively interrogates the structure with ultra-
sonic or electromagnetic waves similar to the conventional NDE approaches.
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Figure 17.16 Possible sensor configurations for composites SHM: (a) local detection with piezo
sensors [32]; (b) local detection with optical fiber sensors [24]; (c) sparse array of piezo-sensors
guided-waves tomography for remote detection [33]; (d) phased-arrays of piezo-sensors for
remote guided-waves scanning.
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17.4.1 Strain monitoring as passive SHM method

Passive sensing SHM is done by using sensors to just “listen” to structural signals and
monitor them over time. The premise of strain SHM is that presence of damage will
generate a redistribution of mechanical strain in the structure which can be monitored
and interpreted. A sudden rise of strains in a safety-critical part of the structure should
trigger an alarm of impending failure, whereas, a sudden drop in strain may be indic-
ative that, due to damage, the monitored part no longer carries its expected share of the
load. Strain redistribution in the damage vicinity may be measured and interpreted as
indicative of damage presence and extent (Fig. 17.17).

For example, delamination in a composite layup produces strain distribution in the
surrounding area, which is substantially different from that in a pristine zone [34].
Strain monitoring can be done with conventional electrical resistance strain gages or
with fiber optics. The latter offers the capability of having several measuring locations
that can be individually addressed on the same fiber. Ref. [34] used conventional strain
gages to monitor delamination in a composite T-joint. The strain gages were placed on
the outside of the joint in zones deemed sensitive to strain redistribution due to
delaminations.
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Figure 17.17 Delamination
monitoring with conventional
strain gages: (a) composite T-joint
susceptible to delamination failure;
(b) placement of strain gages for
detecting delaminations in the
horizontal and vertical sections
[34].
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Ref. [35] used both conventional strain gages and fiber optics FBG sensors to
measure strain in an aircraft wing section having CFRP composite skins with both
cocured and cobonded stiffeners. Strain changes due to proximal damage (delamina-
tion between skin and stiffeners) or global damage (loosening of the spar/skin bolts)
were recorded. Ref. [36] used special FBG sensors (chirped FBG) inserted in a
cross-ply CFRP laminate to monitor the occurrence and growth of delamination under
four-point bending. The changes in the optical spectrum of the chirped FBG were pro-
cessed to yield the delamination occurrence and growth (Fig. 17.18).

In an early paper [24], Tanaka’s group at the University of Tokyo, Japan discussed
the detection of transverse cracks in CFRP composites using embedded FBG sensors
(Fig. 17.19). An uncoated optical fiber containing 10-mm long FBG sensor was laid
along the loading direction at the bottom of the longitudinal (0�) ply.

The strain was measured both with the FBG sensor and with a conventional resis-
tance strain gage. The specimen was loaded in a tensile machine. Good agreement be-
tween the strain values measured by FBG sensors and conventional strain gage was
observed (Fig. 17.20). Transverse cracks appeared in the 90� plies as the longitudinal
strain was increased. During various loading stages of the experiment, the position and
the number of the transverse cracks in the specimen was determined using an edge
replica technique. It was found that the transverse crack density increases with longi-
tudinal strain, as expected. As the crack density increased under increasing load, it was
noticed that the reflected FBG spectrum became distorted, in addition to being shifted.
This phenomenon was explained through a detailed analysis of the modified strain
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Figure 17.18 Chirped FBG sensor embedded in a cross-ply CFRP laminate to monitor
occurrence and growth of delamination under four-point bending: (a) location of a sensor;
(b) optical spectrum details used for quantifying delamination growth [36].
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distribution due to transverse cracks presence. From simulation studies, it was
concluded that the distortion of the spectrum can be correlated with the crack density,
which could offer a baseline-free method for transverse cracks detection.

The spectrum width at the half-maximum was proposed as a quantitative indicator
of transverse crack density. However, it was noticed in practice that the residual ther-
mal stresses resulting from the initial CFRP processing might pose a problem because
the spectrum had already split into two peaks and became much broader before the ten-
sile load was even applied. Hence, this proposed baseline-free method could be used
only if the FBG sensor could be embedded without the nonaxisymmetric residual ther-
mal stresses being present. Nonetheless, the direct measurement of actual strain with
the FBG sensor can be used as a baseline-based method of inferring the crack density
from the strain values, although this would have to rely on an initial baseline measure-
ment of the crack-free state before loading. This topic was further studied by the same
team to assess the effect of coating [37] and to test special small-diameter FBG sensors
with 52 mm outside diameter [16].
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Figure 17.19 Longitudinal embedding of an optical fiber with an FBG sensor for detecting
transverse cracks in a cross-ply CFRP specimen: (a) general view; (b) placement of the optical
fiber [24].
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Ref. [38] reports the monitoring of the buckling of a composite panel with FBG sen-
sors. The FBG sensors were used as strain sensors, and buckling was detected by the
change in the local strain measured by the FBG sensors. Three blade-stiffened CFRP
panels with cocured stiffening webs were tested under compressive load. Several FBG
sensors were surface bonded on two of the stiffened panels and embedded into the
stiffener webs of the third panel. The FBG sensors measured the strain distribution
in the stiffener web and in the skin panels. The buckling onset was detected, and
the postbuckling behavior could be tracked.

Monitoring of operational loads and strain on actual vehicles has been reported by
several authors. Ref. [39] reports multichannel FBG strain monitoring systems
installed on a sailing yacht and a turboprop aircraft. Ref. [40] reports fiber optic multi-
point strain measurement on two full-scale CFRP vehicles, an American’s Cup class
yacht and an experimental reentry vehicle. Ref. [26] describes multipoint FBG strain
measurements on a sea-going GFRP ship. The FBG sensors were installed at various
locations to measure operational loads during sea trials. Both FBG strain rosettes and
individual FBG sensors were used. Typical strain recordings are illustrated in
Fig. 17.21; strains due to wave-drive sagging and hogging of the whole ship and
due to resonant whipping of the hull can be distinguished in these signals are shown
in Fig. 17.21(a); equivalent stress resultants postcalculated from the strain data and
FEM modeling are shown in Fig. 17.21(b).

Ref. [42] reports a space-qualified FBG system, which uses FBG sensors to monitor
the strains in a filament wound CFRP tank during pressure testing. Ref. [41] describes
a space-qualified on-board FBG system used to monitor the strain on a CFRP compos-
ite LH2 tank installed on a reusable launch vehicle (RLV) test article. The FBG sensors
were installed on the CFRP composite tank with UV-cured polyurethane adhesive that
showed good performance at cryogenic temperatures. The system (which weighs less
than 2 kg) was installed, flown, and tested on the RLV; typical recorded data is shown
in Fig. 17.22.

17.4.2 Impact monitoring as passive SHM method

Both impact and acoustic emission (AE) events generate ultrasonic waves; hence, they
benefit from the commonality of sensor installation. However, the frequency bands in
which the two events take place are different; the impacts are more strongly felt as rela-
tively low-frequency flexural waves (e.g., tens of kHz), whereas the AE events happen
in a higher frequency band (e.g., 150 � 300 kHz).

Monitoring of damage-inducing impacts on a composite structure and determina-
tion of their location and amplitude has received considerable attention. The basic
method named “passive sensing diagnostics” (PSD) in Ref. [43], consists of using a
sparse array of sensors (strain gages, piezo wafers, FBG, etc.) that capture the guided
waves generated by the impact. The captured signals are processed to determine the
impact location and amplitude. The guided waves generated by the impact are highly
dispersive and multimodal (Fig. 17.23). This makes the time-of-flight determination
through signal processing quite challenging, especially in composite structures with
complicated structural features. Two algorithmic approaches have been explored for
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impact identification: (a) model based; (b) data driven. The direct use of directional
sensors has also been recently reported.

The use of fiber optic FBG sensors is attractive because a single optical fiber can
carry several FBG sensors, which can be independently interrogated; hence, the instal-
lation cabling issues are greatly simplified if FBG sensors are used instead of the more
conventional transducers. In addition, fiber optics sensors are immune to electromag-
netic interference, which can confer an advantage in certain applications.

The model-based approach to impact detection relies on a structural model that can
simulate the signals to be received by the sensors for a given impact of assumed ampli-
tude time history FðtÞ and location ðx; yÞ. The structural model varies from simple
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composite plate flexure [44], through more-complicated models of stiffened plate [45],
and FEM meshing of complicated composite structures [46]. The simulated and the
measured time series were compared, and the model parameters (impact location,
amplitude, and time-history) were adjusted through a two-stage optimization/fitting
process [47,48] (Fig. 17.24).

An alternative approach is to perform experimental system ID instead of modeling
the actual physical structure. Ref. [49] performed the system ID with the ARX tech-
nique (auto-regressive with exogenous inputs) and constructed a numerical model of
the physical system based on a finite set of experiments. In the training stage, a set
of experiments were conducted on the specimen; each experiment consisted of
applying a known impact to a known location on the structure and recording the
time-series corresponding to the impact force and the signals received at the sensors.
The recorded time-series data was used in the ARX algorithm to determine the model
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parameters and implicitly the structural transfer functions between the impact location
and the sensors. In the validation stage, the ARX was used to synthesize sensor signals
and compared them with the original experimental data; a good agreement was
observed [49].

Finally, the validated ARX model was used to detect impact at locations and
time-history different from those used in the training stage. The detection accuracy
in terms of location and force time-history was evaluated. More recent developments
of this approach [46] used a FEM simulation instead of actual hardware to construct
the system ID model; again, a force of known time-history was applied at given loca-
tions on the FEM structure, and the response of the sensors was simulated. The simu-
lated sensors response was used as input the system ID algorithm. A two-step
optimization using genetic algorithms (GA) was applied to fit the system ID model
to the FEM-generated signals. This approach permitted the exploration of a wide
parameter space in simulation in order to find the most appropriate sensors network
configuration that would give an acceptable probability of detection (POD) of the
impact with manageable sensor-installation costs.
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Figure 17.24 Impact identification on stiffened composite panel using a system ID approach:
(a) impact locations; (b) impact localization spread; (c) force reconstruction [49].
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Structural models for complicated composite structures may not be detailed enough
to handle wave propagation simulation. Hence, techniques that do not require a struc-
tural model and rely entirely on the measured data are of interest. Data-driven tech-
niques have been investigated by several researchers: Ref. [50] used an artificial
neural network (NN) for impact detection in a CFRP composite plate instrumented
with four piezo wafer sensors. NN training was done with an initial set of 100 low-
energy impacts (0:3 J) applied on the nodes of a 10-by-10 grid covering most of the
plate. The second set of 30 low-energy impacts was performed at randomly selected
sites on the same grid. The third set consisted of only one single severe-energy impact
(10 J) that produced an indentation on the front face of the panel, cracking on the back
face, and internal delaminations between the plies. Finally, the fourth set of low-energy
impacts was performed to teach the NN the “feel” of a damaged panel. Features
extracted from the signals were used to train the NN algorithm. The mean detection
error was 5% (17 radial mm on a 340 mm by 340 mm plate). Further work by the
same team, which includes a more complicated NN, larger set of features, and the
use of genetic algorithm (GA) optimization is reported in Refs. [51,52]. Other artificial
intelligence techniques, e.g., case-based reasoning (CBR) have also been explored
[15].

The use of directional sensors can greatly simplify impact detection and localiza-
tion. Directional sensors overcome the time-of-flight triangulation difficulty posed
by the multimodal dispersive character of the guided waves generated by the impact
event. Only two directional sensors are needed to locate an impact; each sensor gen-
erates a ray indicating the direction of the presumptive wave source and the impact is
easily located at the intersection of these two rays (Fig. 17.25(a)).

Several directional sensors types have been proposed, one based on fiber optics
[53], the other based on piezo wafers [54]. Ref. [53] reports a rosette constructed
from three FBG optical sensors arranged in a triangular pattern (Fig. 17.25(b)). Strain
gage rosette principles are used to resolve the principal directions and obtain the
sensing ray direction. Ref. [54,55] report a piezo rosette constructed from three
macro-fiber composite (MFC) sensors arranged in a star pattern (Fig. 17.25(c)).
Both methods obtained good impact localization without any structural model, neural
net, or signal baseline (Fig. 17.26). Piezo rosettes constructed from thin rectangular
wafers of PMN crystals cut and poled in the ½011�c direction have also been reported
[56].

17.4.3 Acoustic emission monitoring as passive SHM method

Acoustic emission (AE) can be monitored with both piezo transducers and fiber optics
sensors. The piezo-based AE sensors are relatively well established in conventional
ultrasonic NDE; however, these conventional AE sensors are not quite appropriate
for deploying in large numbers on a flight structure due to both cost and size. The
compact SHM sensors (both piezo and optical) have also been shown capable of
AE monitoring: Ref. [52,57,58] used piezo wafer sensors, whereas Ref. [59,60]
used optical fiber Bragg gratings (FBG) sensors for AE emission monitoring. Existing
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AE monitoring methodology for signal capturing and interpretation (noise filtering,
AE events counting algorithms, etc. [61]) can also be used with SHM sensors.

Ref. [57] reports that the impact response recorded by a piezo wafer sensor mounted
on a CFRP plate seems to show two separate wave types (Fig. 17.27): (a) a stress wave
due to the initial impact; and (b) a superposed high-frequency wave packet similar to
an AE burst due to the composite laminate suffering damage (delaminations and splits)
due to impact.

A similar situation in which the signal received by the piezo wafer transducer dur-
ing an impact event on a composite structure seems to contain two distinct components
(impact generated waves and AE waves) was also reported in Ref. [52]. As illustrated
in Fig. 17.28, the higher-order wavelet-transform components of the signal from a
3.7 J impact (Fig. 17.28(b)) show AE bursts that were not present in the signal from
a lower-energy impact (Fig. 17.28(a)). The interpretation of these signals was as fol-
lows: the 3.7-J impact produced internal damage (and hence AE signals) but the
lower-energy impact did not.

Ref. [60] describes the use of a dual-demodulator FBG system to measure both the
strain and the acoustic emission signal emanating from the damage created in a cross-
ply laminated composite under tensile loading. One FBG sensor, one electrical strain
gage (ESG), and one PZT sensor were mounted on a CFRP cross-ply composite spec-
imen (Fig. 17.29). The dual demodulation was achieved with a tunable Fabry-Perot
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Figure 17.25 Impact localization with directional sensors: (a) localization is obtained at the
intersection of two directional sensor rays; (b) FBG rosette directional optical sensor [53]; (c)
MFC rosette directional piezo sensor [54].
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filter (TFPF) for quasi-static strain and a Mach-Zehnder interferometer (MZI) for strain
waves. The quasi-static strain and the strain wave signals measured by the FBG sensor
showed sudden strain shifts accompanied by high-frequency strain waves in the hun-
dreds of kHz range occurring when transverse cracks propagated in the transverse
layer of the cross-ply composite (Fig. 17.30). Note that the FBG signal in
Fig. 17.30 is proportional to the dynamic strain whereas the PZT signal is proportional
to the strain rate.

17.4.4 Acousto-ultrasonics active SHM method

Active sensing SHM consists of “interrogating” the structure with wave transmitters
and picking up the structural response with wave receivers. The waves used in active
SHM may be elastic or electromagnetic. In the former case, one distinguishes
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methods based on (a) frequency response function; (b) acousto-ultrasonics;
(c) electromechanical impedance spectroscopy; (d) directional guided waves. In the
latter case, one has a variety of electric, magnetic, and electromagnetic methods
used for monitoring the composite electrical properties.

Acousto-ultrasonics [63] is a guided-wave pitch-catch method. The “acousto” part
in the name reminds of the reception of guided waves generated by the acoustic emis-
sion (AE) process at a propagating crack. The term “ultrasonics” infers that this is an
active technique in which ultrasonic waves are generated by the transmitter; thus, this
technique is different from the AE technique that is just a passive technique.

Acousto-ultrasonics requires two ultrasonic guided-wave probes, a transmitter, and
a receiver [30]. In SHM work, the transmitter has usually been a piezoelectric wafer;
the receiver has traditionally been also a piezoelectric wafer, which imparts reciprocal
transmitter-receiver capabilities to the setup and enables guided-waves tomography.
The use of different receivers, e.g., fiber optics FBG sensors, has also been reported
[64]; this option is attractive because a single optical fiber can carry several FBG sen-
sors that can be independently interrogated; hence, the installation cabling is greatly
simplified. In addition, fiber optics sensors are immune to electromagnetic interfer-
ence, which can confer an advantage in certain applications. However, FBG cannot
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Figure 17.29 Simultaneous measurement of static strain and strain waves in a cross-ply com-
posite using FBG sensors and dual-demodulator system: (a) specimen instrumented with FBG
sensor, PZT sensor, and electrical strain gage (ESG); (b) experimental setup schematics [60].
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usually act as a transmitter, and this imposes limitations on the methodology; reports of
using optical fiber for guided waves excitation also exist, but these attempts are still
confined to the laboratory [65].

The acousto-ultrasonics approach, aka “active damage diagnostics” (ASD) [43],
has received extensive attention in composites SHM; ASD is the operating principle
of the SMART Layer technology [28,29]; this technique has been extensively used
to image impact damage and delamination in laminated composites that compared
quite well with X-ray and C-scan imaging (Fig. 17.31). Its principles are illustrated
in Fig. 17.32: a unit damage identification cell (UDIC) is defined by four piezo wafer
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Figure 17.30 (a) Quasi-static strain measured with the TFPF-demodulated FBG sensor signal;
(b) strain wave signals measured with the MZI-demodulated FBG sensor compared with that
measured by the PZT sensor [60].
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transducers that can act as both transmitters (actuators) and receivers (sensors) of ul-
trasonic guided waves [33]. A round-robin pitch-catch process takes place between
the four transducers. The transducer acting in actuator mode generates a diagnostic
wave that interacts with the composite structure and is modified by the damage. The
wave is received at the other three transducers acting as receivers. The six possible
transducer pairs define six path-dependent signals. For each path, a scatter signal is
defined as the difference between a baseline signal, previously recorded on a pristine
specimen, and the current signal recorded on the damaged specimen. The set of
recorded pitch-catch signals is processed through a computer algorithm to yield the
damage image and estimate its size and location (Fig. 17.31)

A large variety of damage imaging algorithms has been reported in the literature.
Ref. [33] used a structural model based on axisymmetric flexure-like guided waves
at relatively low frequency-thickness product values; these waves are highly disper-
sive, and their speed tends to zero as frequency tends to zero; hence, a reduction in
effective plate thickness due to damage effects a strong reduction in the wave speed.
The wave speed reduction factor was assumed to be constant within a damaged area.
This structural model was used to predict the scattered wave signal from a damage
assumed to be an ellipse of semi-axes ða; bÞ, inclination q, and location ðx; yÞ. A
two-step fitting algorithm was used, first for the time of flight (TOF), next for the dam-
age location, size, and shape. The algorithm was calibrated for a number of composite
layups and damage types [66] and incorporated in the SMART Suitcase commercial
software [65]. Other more elaborate structural models (both analytical and FEM) for
considering the complicated interaction of guided waves with defects in layered com-
posites are possible (Fig. 17.33).

(a) (b)X ray picture with damage

a : semi-major axis of the damage.
b : semi-minor axis of the damage.
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Figure 17.31 Impact damage identification in a composite panel with the embedded pitch-catch
method: (a) “real damage” detected by X-rays superposed with the “estimated damage”
computed from the data; the location of the four piezo wafer transducers “PZT” is also shown;
(b) comparison between estimation and real damage size is described by an ellipse with pa-
rameters a; b; q [33].
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The guided wave tomography has been extensively used in conventional ultrasonic
NDE, and some sophisticated data-driven imaging algorithms have been developed
(e.g., Ref. [68]). Similar approaches have been tried for acousto-ultrasonics SHM im-
aging [69,70]. Ref. [67] performs a comprehensive comparative study of various tomo-
graphic imaging algorithms: fan-beam filtered back-projection (FBP), interpolated
FBP, algebraic reconstruction technique (ART) with BesseleKaiser basis functions,
probabilistic reconstruction algorithm (PRA), etc. The use of their own RAPID algo-
rithm that accounts for wave scattering and reflection from damage using a probabi-
listic damage detection concept where the final tomogram is a superposition of ray
ellipses was recommended. The ray ellipses are initially constructed using simulated
multi-mode guided wave propagation in the composite; they can be modified based
on experimental data for a more accurate representation of defects.

A considerable number of references discuss imaging algorithms that are entirely
data-driven and do not require a structural model. Similar to the passive damage diag-
nostic approach, neural networks (NN) have been proposed that would be trained on a
number of damage scenarios and then used to identify actual damage; however, this
data-driven approach seems to require a large number of tests and could be cost
prohibitive.

Another model-free method for active damage detection is based on directional
transducers. For passive sensing, Section 17.4.1 has already discussed the use of
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Figure 17.32 Schema of acousto-ultrasonics damage imaging in a composite: (a) experimental
setup; (b) scatter signal definition [33].
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directional strain rosettes (both piezo and optical) to effectively detect an acoustic
source without the need for a structural model. For active sensing, directional transmis-
sion, as well as the reception of a guided wave can be achieved with phased-array
transducers. Ref. [67] reviews the main imaging techniques for guided-wave SHM
and identifies the phased-array principles as the other major approach besides tomog-
raphy. Ref. [71] constructed in situ phased-arrays of piezo wafer active sensors tuned
to low-dispersion S0 waves. The EUSR1 phased-array SHM concept which performs
the phased-array reconstruction in postprocessing, and thus, does not need multi-
channel measuring capabilities, was proposed. The EUSR phased-array SHM was
used to image in situ the actual crack growth during fatigue testing of an aluminum
plate [31]. Extension to two-dimensional phased-array scanning was studied for
different array geometries and was demonstrated experimentally for a rectangular array
[72] (Fig. 17.34).

Ref. [67] demonstrated the simultaneous imaging of multiple crack and hole dam-
age sites using a single circular-fence phased-array placed at the center of an aluminum
plate. Ref. [73] studied the extension of phased array principles to composite structures
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Figure 17.33 Imaging tomogram of impact damage in a composite plate: (a) photo showing
damage location and sensors setup; (b) reconstructed tomogram showing predicted damage
location and size [67].
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Figure 17.34 in situ phased array for monitoring multiple damages on an aluminum plate: (a)
circular-fence array of piezo wafer active sensors placed at plate center; (b) simultaneous
imaging of multiple crack and hole damage sites on the plate [67].

1 Embedded ultrasonic structural radar.
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and developed appropriate signal processing algorithm (experimental results of actual
damage imaging in a composite specimen have still not been published).

Directional transducers, such as macro-fiber composite (MFC), can be placed along
the desired directions for ultrasonic interrogation. In addition, MFC transducers can be
arranged in rosette configurations and then be excited with phased signals such that a
beam steering effect is achieved. An extensive theoretical and experimental study of
the capabilities of directional MFC transducers and MFC rosettes is given in Ref. [74].

Another method of constructing transducers with intrinsic beam steering capabil-
ities for large area SHM imaging is described in Ref. [75]. A steerable directional
transducer is constructed with eight independently addressable sectors arranged
around the circle at 45� pitch (Fig. 17.35(a)). Each sector has an actuator outer part
and a sensing inner part. An interdigitated electrode pattern was printed on a
copper-clad Kapton film using photolithography. 0.2-mm thick PZT-5A piezoceramic
rings were diced into wedge-shaped fibers such that a fiber width of 0.36 mm was
achieved at the inner radius. The fibers and electrodes were bonded together and cured
in an autoclave and then poled (Fig. 17.35(b)). The steering of the directional sensor is
achieved by switching between the individual sector. Calibration experiments were
performed on an aluminum plate; the SLDV measured wave field for various excita-
tion directions agreed very well with the theoretical predictions.

A directional SHM transducer that does not require phase-array delays or connec-
tion switching to achieve steering is described in Ref. [76]. This directional sensor
achieves tuning into the preferential direction at certain discrete frequencies, which
are the solution of a frequency-wavenumber equation. The transducer consists of a
skew array of piezo wafer active sensors placed at pitch values d1; d2 and angles
a; b about the 1 and 2 axes, respectively (Fig. 17.36(a)). The transducer achieves direc-
tivity at certain frequencies; Fig. 17.36(b) illustrates the directionality measured with
SLDV on an isotropic aluminum: 45�@105 kHz, 120�@150 kHz, �17�@200 kHz,
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Figure 17.35 Directionally steerable CLOVER transducer for 2-D SHM scanning:
(a) schematic illustrating the geometry of an individual sector; (b) actual implementation [75].
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88�@280 kHz. Thus, the transducer directionality is controlled by the excitation
frequency in discrete steps.

Ref. [76] also addresses directionality in a composite plate, which is more difficult
to achieve because of the inherent anisotropy of the medium. Fig. 17.36(c) shows such
directional pattern obtained through guided wave simulation in a unidirectional a
GFRP plate. A further extension of this concept to achieve continuous steering through
a double spiral shape is presented in Ref. [77].

Piezo-optical acousto-ultrasonics uses piezo transmitters and FBG sensor re-
ceivers. Ref. [78] describes a piezo-optical approach to detect impact delaminations
in CFRP composites; a pitch-catch method based on the mode conversion between
symmetric and antisymmetric guided waves modes at the delamination is used. A
3:4�mm thick CFRP quasi-isotropic plate with artificial midplane delamination
was tested. Piezo actuators were placed on both sides of the plate such that symmetric
and antisymmetric modes could be independently excited. It was found that the
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532 Polymer Composites in the Aerospace Industry



pristine 3:4mm quasi-isotropic CFRP specimen accommodates three guided wave
modes (quasi A0, S0, A1) at 300 kHz. However, the delaminated region is composed
of thinner branches, say 1:7mm each. In these thinner plates, only two guided wave
modes (quasi A0 and S0) propagate at 300 kHz. Hence, the A1 mode, which is present
in the pristine plate, cannot propagate in the top and bottom branches of the delami-
nated plate. Thus, mode conversion takes place at the beginning of the delaminated
region, and the A1 mode converts into S0 and A0 modes. Conversely, at the end of
the delamination region, when the thickness changes back from 1:7mm to 3:4mm,
some of the energy of the S0 and A0 modes will be converted into a reemerging
A1 mode. Therefore, if there is delamination in the middle of the thickness of the
laminate, it is expected that the frequency dispersion curves of the Lamb waves
that pass through the delaminated area will change because of the mode conversions
at both tips of the delamination.

When antisymmetric modes were used (A0, A1), the A1 mode was converted into
the S0 mode in the delaminated area (Fig. 17.37(a)). In this case, the dispersion of
the group velocity differs between the A1 mode in the pristine region of 3.4 mm thick-
ness and the S0 mode in the delaminated region of 1.7 mm thickness, as plotted in
(Fig. 17.37(b)). Since the S0 mode is faster than the A1 mode, the arrival time of
the A1 mode at the FBG sensors decreases with the increase of the delamination length.
Furthermore, this difference in the velocity increases as the frequency decreases.
Hence, the frequency dispersion of the received A1 mode is expected to change,
depending on the delamination length. This phenomenon was investigated numerically
and experimentally, and a damage index based on the A1 conversion was proposed for
quantifying the delamination damage. A similar mode conversion phenomenon
measured with scanning Doppler laser vibrometry was reported in Ref. [79]; the gen-
eration of standing waves that persist only in the delamination region was also
observed [79].

Ref. [80] describes the use of a hybrid PZT/FBG system for active detection of
impact delamination damage in a composite plate using acousto-ultrasonic tomogra-
phy. Fig. 17.38 shows a schematic of the sensor layout. The advantage of the FBG sen-
sors is that several of them can be laid out on the same optical fiber, hence, reducing the
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region: (a) wave propagation schematic; (b) group velocity changes due to effective thickness
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number of cable connections. As indicated in Fig. 17.38, the FBG sensors surround the
impact damage area and hence collect signals from several directions. Fig. 17.39
shows the imaging of the damage through the guided-waves interrogation system
compared with conventional X-ray.

17.4.5 Vibration monitoring active SHM method

Finding damage from changes in structural vibration is one of the longest-researched
SHM approach [81]. Structural vibration is characterized by resonance frequencies at
which the structural response goes through peaks. At each resonance, the structure vi-
brates in salient modes. The structural response measured over a frequency range con-
taining several resonance frequencies generates a vibration spectrum or frequency
response function. At a generic frequency that is not a resonant, the structure motion
follows an operational deflection shape. If a structure suffers damage, then its dynamic
properties (resonance frequencies and mode shapes, damping, operational deflection
shapes, etc.) also change.

A pertinent survey article [82] classifies the vibration-based damage identification
methods into four categories: (i) natural frequency-based methods; (ii) mode shape-
based methods; (iii) curvature/strain mode shape-based methods; (iv) other methods
based on modal parameters. Although most of these methods can tell that some dam-
age is present from vibration changes, the finding of damage location and size proves
to be very challenging. This fact is not surprising because vibration assessment is a
global method, whereas damage is a local event. Damage-induced local changes
have only limited influence on the global scale. In other words, loss of structural
strength at a local scale may cause structural failure in virtue of the “weakest link”
principle but may not be detected at the global scale before the failure actually oc-
curs. An additional difficulty is that, in practical applications, the vibration changes
due to damage may be confounded by those due to environmental vibrations or by
temperature/humidity changes that affect the structural vibration but do not represent
damage.

Composite
plate

PZT

FBG

Hybrid smart layer

67 mm Impact damage

Figure 17.38 Hybrid PZT/FBG system for the detection of impact delamination damage in a
CFRP composite plate [80].
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Most of the vibration-based SHM work reported to date is model-based; a common
approach is to have a detailed structural model that is fitted to a pristine structure over
the frequency range of interest. For detecting damage, the model is manipulated by
introducing simulated damage at various locations until the vibration measured on
the damaged structure is being reproduced by the model. A variety of optimization
methods for model updating have been tried [82] to achieve this data-fitting goal.
This approach was used by Ref. [83] to detect low-energy impact damage in quasi-
isotropic 3.12-mm thick CFRP beams. The beams were shaken with burst random
excitation, and frequency response function (FRF) was measured at 33 points Doppler
laser velocimeter (DLV) filtered in the 0� 1:6 kHz band. A modal identification pack-
age was used to obtain the modal parameters; a damage-induced decrease of natural
frequencies and increase of modal damping were observed. A detailed FEM model
was used in a topological optimization loop to construct the damage scenario that
best fits the measured vibration data. Fig. 17.40 shows a FEM-generated image of
the damaged specimen; the FEM damage zones compare well with the ultrasonic C-
scan of the actual specimen.

The curvature/strain modes method hold the promise of detecting damage from the
processing of experimental data without a structural model. The premise of the method
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Figure 17.39 Detection of impact delamination damage in a CFRP composite plate using a
hybrid PZT/FBG system (a) reconstructed tomographic image; (b) X-ray image [80].

Figure 17.40 Vibration-based identification of impact damage in quasi-isotropic CFRP through
model updating: top picture shows the ultrasonic C-scan of the specimen; the bottom picture
shows the damage areas fitted in the FEM model [81].
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is that damage in thin-wall structures induces local discontinuities that strongly affect
the curvature of the flexural modes of the structure [84]. The curvature of the modes
(i.e., the curvature modes) can be determined through space-wise double differentia-
tion of the measured displacement/velocity/acceleration modes. They can also be
measured directly with surface mounted strain gages.

If the modal displacement is measured on a dense grid with a scanning Doppler
laser velocimeter (SLDV) then curvature modes method can be quite effective.
Ref. [85] demonstrates its successful application on a composite beam with a couple
of saw-cut notches. The beam was excited with a surface mounted piezoceramic wafer.
The curvature mode shapes are determined through space-wise double differentiation
of the measured displacement; a strain energy ratio (SER) is calculated at each grid
point. A method for self-baselining is also proposed. This method does not require
measurements on a pristine structure; the baseline is simply determined from the
damaged structure itself under the hypothesis that damage is a local phenomenon
that sharply modifies the curvature modes of the structure in a local region. Hence,
a baseline is obtained through low-order smoothing of the measured data such that
higher order variations are eliminated. If the data is very dense, this can be achieved
simply through undersampling [85]. Other possible approaches are low-order curve
fitting, spline interpolation [85], wavelet transform, etc.

However, SHM applications of the curvature-modes method require the use of in
situ sensing instead of the SLDV approach. Ref. [86] describes the use of surface-
mounted flexible piezo sensors made of polyvinylidene fluoride (PVDF) place at 16
locations on a cross-ply CFRP beam. Vibration excitation was done with a piezocer-
amic wafer mounted at the end of the beam energized by a sine signal swept up to
2 kHz. Various damages were applied on separate specimens (saw-cut notches; delam-
inations simulated by Teflon inserts; impact). A set of pristine specimens were used to
construct a baseline database of curvature modes. Subsequently, data were taken on the
damaged beams. Further processing of these experimental results was done in
Ref. [87]. The method showed promise although the experimental data suffered
from considerable scatter.

Considerable effort has been dedicated to applying statistical signal processing
methods to vibration signals [88]. Ref. [89] describes shaker tests performed on a com-
posite wing instrumented with FBG sensors and accelerometers. The wing had sand-
wich construction with composite faces and foam core. Consecutive low-velocity 7-J
impacts were applied in a certain zone of the wing, which was surrounded with FBG
sensors. Vibration signals were recorded during stochastic Gaussian excitation in the
0e1500 Hz range. The FBG sensors were sampled at 3906 Hz. The vibration time-
series signals were processed with statistical method aimed at revealing the nonlinear
response features associated with impact damage [89].

17.4.6 Frequency transfer function active SHM method

The frequency transfer function SHM method resembles the vibration SHM methods
in the fact that it uses the spectral representation of the data. However, its implemen-
tation is different; the frequency transfer function (FRF) between two structurally
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mounted piezo wafers is determined directly through sweep-sine or broadband random
excitation. The complex quantity measured in this way is also known as transmittance.
FRF SHM methods can be either model-based or model free.

A model-based FRF SHM method is described in Ref. [62]. The analysis is per-
formed in two steps: (a) direct problem; (b) inverse problem. The direct problem is
stated as follows: given a composite structure with known damage, find the FRF be-
tween a given pair of actuator-sensor wafer transducers. For solving the direct prob-
lem, a model of a composite structure with attached piezo wafer transducers was
constructed, e.g., the actuator-sensor pair depicted in Fig. 17.41. The model is used
to predict the FRF between the two transducers. Next, delamination damage is intro-
duced into the model, and a new FRF is predicted (Fig. 17.41). If the structure has
several transducers, then all the possible combinations are used to determine a set of
FRF data.

The inverse problem is more challenging: given a measured FRF between actuator-
sensor pairs, find the location and size of the damage in the composite structure. For
solving the inverse problem, one has to sift through all the possible combinations of
damage size and location and then select the one that best fits the measured data.
Ref. [62] describes in quite a detail this two-step process consisting of building the
model, conducting experiments, and then iteratively adjusting the model to determine
the best possible approximation of the size and location of the damage. It was found
that the method was successful in determining delaminations that were greater than
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Figure 17.41 Model-based FRF SHM: (a) composite specimen geometry; (b) frequency
response function (FRF) up to 2 kHz showing changes due to damage [62].
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approximately 10% of the beam length but had difficulty with smaller delaminations. It
was found that experimental noise can obscure the subtle changes in the amplitude
response produced by delaminations.

Ref. [90] describes a model-free FRF SHM method named active damage interro-
gation (ADI). It also consists of multiple actuator-sensor pairs of piezo wafer trans-
ducers mounted on the structure. Broadband signals (white noise or chirp up to
100 kHz) are transmitted between all the possible pairs in a round-robin process,
and the associated transfer functions magnitude and phase spectra are calculated
(Fig. 17.42). The data is further processed with statistical methods to determine a
comprehensive damage indication metric or damage index (DI) for each actuator.
The damage is then localized to a damage zone by identifying the actuator with the
highest DI. Further processing of an array of DI values can be performed to localize
the damage further within the damage zone. A more recent revisiting of this approach
through numerical modeling and improved placement of the transducers is reported in
Ref. [91].

17.4.7 Electromechanical impedance spectroscopy active SHM
method

The electromechanical (E/M) impedance spectroscopy is a high-frequency standing
waves method capable of detecting small local damage in the vicinity of the trans-
ducer. The essence of the E/M impedance technique consists of using an electrical
impedance analyzer to measure the impedance, ZðuÞ, of a PWAS transducer firmly
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attached to the monitored structure. As proven through theoretical developments and
experimental tests [27], the real part of the impedance ReðZÞ reflects the mechanical
behavior of the structure on which the PWAS is attached, i.e., its follows the dynamic
spectrum and the resonances of the structure [92,93]. Thus, a PWAS attached to a
structure can be used as a structuraleidentification sensor that directly measures
the local structural spectrum at very high frequencies. Electromechanical impedance
spectroscopy (EMIS) has been shown to be very effective in the detection of proximal
disbonds [94] and delaminations [32]. It has also been used to monitor material state
change in composite specimens during fatigue testing [95,96].

Detection of delaminations has been tried by both traveling guided waves and by
standing ultrasonic guided waves. In the former case, mode conversion and scatter
at the delamination boundary modifies the traveling wave pattern. In the latter case,
disbonds and delamination manifest high-frequency “breathing” modes that were
not present in the pristine structure.

Conventional vibration analysis methods, which measure structural dynamics up to
several kHz, are not sensitive enough to detect damage that is much smaller than the
structural scale, such as local delaminations in a composite structure. These local res-
onances would manifest as new peaks in the high-frequency spectrum of the local
structure. Local vibration measuring techniques that can sense the high-frequency
breathing mode of the disbonded area and its effect on the dynamics of the surrounding
structure are needed. Laser Doppler velocimeter (LDV) measurements have verified
that piezoelectric wafer sensors attached to the structure can excite the high-
frequency breathing modes of a disbonded or delaminated area [79,85,97]. A method
to directly measure this high-frequency local vibration spectrum is offered by the E/M
impedance method, which can measure the structural spectrum into the hundreds of
kHz and low MHz range [27].

Fig. 17.43 shows the application of EMIS for the detection of 20-mm long delam-
ination on a 2�mm thick L-section bonded stiffener [94]; PWAS transducer a2,
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Figure 17.43 E/M impedance spectrum showing new resonant frequencies due to disbond
(PWAS a2) that were not present in a well-bonded region on the same member.
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which is placed in a zone proximal to the delamination displays new resonances asso-
ciated with disbond vibration at w 350 kHz and w 510 kHz. In the same time, these
new resonances are not present in the spectrum measured by the witness PWAS trans-
ducers a1 and a3 that were placed on the same stiffener but some 70 mm away on
either side of the disbond. The fact that the a1 and a3 spectra are almost identical con-
firms the consistency of the EMIS method.

A comprehensive analysis of the use of EMIS for damage detection in laminated
composites was presented in Ref. [32]. Fig. 17.44 shows the experimental setup and
the analytical model. A transfer-matrix method approach was used to compute the
high-frequency dynamics of the delaminated composite beam and then predict the
E/M impedance at the piezoelectric sensor. An extensive parameter study of the effect
of delamination length, position, and depth location on the E/M impedance spectrum
was performed. The effect of the PWAS transducer location relative to the disbond was
also studied. The prediction results were compared with experiments performed on
quasi-isotropic CFRP beams.

The EMIS method was used by several authors to measure disbonds and delamina-
tion: Ref. [98] discusses FEM simulation of EMIS disbond detection in bonded com-
posite repairs; ref. [99] reports the measurement EMIS for disbonding detection of
CFRP composite strips used for strengthening and rehabilitation of concrete structures.
EMIS was also used for monitoring progressive changes in a composite material dur-
ing cyclic fatigue loading: Ref. [100] describes how EMIS was applied to ceramic ma-
trix composites during axial fatigue and compared the results with acoustic emission
readings; Ref. [95] reports EMIS being used to monitor woven GFRP specimens
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Figure 17.44 Modeling of electromechanical impedance spectroscopy for delamination
detection in CFRP composites: (a) experimental setup; (b) analytical model [32].
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undergoing flexural fatigue; Ref. [96] compares EMIS measurements and FEM
predictions at high ultrasonic frequencies (hundreds of kHz to tens of MHz).

17.4.8 Electrical properties monitoring active SHM method

The electrical SHM of composites relies on the material itself to act as a sensor. As
mentioned in Section 15, the carbon fibers are electrically conductive, whereas the
glass fibers and the epoxy matrix are insulators. Hence, the electrical SHM of compos-
ites will be performed differently for CFRP than for GFRP, as detailed next.

When a unidirectional CFRP composite specimen is stretched, its longitudinal
resistance decreases. This phenomenon (which may be due to both a transverse Pois-
son effect and carbon fiber piezo-resistivity) is reversible, and the resistance returns to
its initial value as the load is released. However, if damage occurs, irreversible resis-
tance changes may occur. Fig. 17.45 shows the variation of longitudinal electrical
resistance during tension-tension fatigue testing of a unidirectional CFRP composite
specimen. The reversible cyclic changes of resistance are due to the reversible cyclic
strains. The permanently increased resistance at cycle # 218,281 may be due to perma-
nent damage, e.g., matrix and some fiber fracture in the specimen. Ref. [101] correlated
the appearance of residual electrical resistance changes with optical microscope obser-
vation on the side of a cross-ply specimen. It was concluded that residual electrical
resistance change became elevated just after the onset of matrix cracking at 0.25%
strain.

Impact damage detection by electrical resistance monitoring of CFRP composites
has been given a lot of attention. The methods fall into two large categories:
(a) monitoring of an average damage state of the whole panel by performing overall
resistance measurements; and (b) damage location through more elaborate measure-
ments and data processing. Ref. [102] describes a conductivity mapping approach
that employs an array of electrodes surface-mounted on the CFRP composite. Mea-
surements taken between one electrical contact and all of its neighbors in the array
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Figure 17.45 Variation of longitudinal electrical resistance during tensionetension fatigue
testing of a unidirectional CFRP composite specimen. The cyclic change of resistance is due to
reversible cyclic strain; the permanent increased in resistance around cycle # 218,281 may be
due to permanent damage, e.g., some fiber fracture [103].
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could give conductivity values in all the corresponding directions. By plotting the con-
ductivity values over the specimen area and looking for anomalies in the conductivity
surface, one could identify possible damage zones. Detection of fiber fracture and ma-
trix damage (transverse cracking and delamination) was demonstrated. The method
was shown capable of detecting surface-breaking severe damage but unable to detect
barely visible mild damage.

Ref. [104] uses a “response surface” technique to process the electrical resistance
measurements. A large number of cross-ply and quasi-isotropic specimens were tested
such that statistical data processing could be applied. Copper-foil electrodes mounted
on one side of the CFRP specimens during prepreg layup were cocured with the spec-
imen (Fig. 17.46). Impact-induced matrix cracking and delaminations were detected.
Probability of location estimation and error bands were computed [104]. The extension
of this method to woven CFRP composites is described in Ref. [105].

Ref. [106] describes multiphysics FEM simulation of two electrical conductivity
techniques for delamination detection in CFRP composites: (a) the circular array
method (Fig. 17.47(a)); and (b) the matrix array method (Fig. 17.47(a)). It was
concluded that the matrix array method was more effective and gave a smaller error
in detecting delamination than the circular array method [106]. However, the matrix
array method may be affected by severe impacts that may produce damage to the elec-
trode strips mounted on the specimen surface. If this happens, the surviving electrodes,
which were more remote from the damage may be used to measure the large-scale elec-
trical resistance changes as in the circular array method.

The electrical potential method uses the array of contact electrodes to measure the
electrical potential with respect to a reference point or the ground. Since the potential
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Figure 17.46 Electrical
resistance monitoring with
surface mounted electrodes:
(a) surface mounted electrodes
pattern; (b) schema of
delamination and matrix
cracking phenomena in relation
to the electrode placement [104].
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depends on the direction of electric current flow, the electrical potential would be done
for all possible current flow configurations (electrical tomography). Circular or grid ar-
rays may be used (Fig. 17.47(a,b)). Ref. [108] describes a numerical and experimental
study of using the electrical potential method to detect impact-induced delaminations
in a CFRP quasi-isotropic laminate using a surface-mounted circular array. Compari-
son of calculated and measured data revealed that the measured and calculated con-
tours of equipotential change surrounding impact damage seem similar but are
different in details. In both simulation and experiment, the potential changes are
concentrated in a two-lobe region elongated in the surface fiber directions.

An extensive study of the electrical potential method is described in Ref. [107].
Different methods of electric current injection were considered (use only one specimen
surface; use both specimen surfaces and send current across thickness; use the spec-
imen side edges). The relative orientation of electric current injection with respectto
the direction of specimen fibers in the top layer was also investigated. A comparative
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study of the electrical resistance and electrical potential methods for damage detection
in CFRP quasi-isotropic specimens of various thicknesses (i.e., 8, 16, 24 plies) is
described in Ref. [109]. It was found that both the electrical resistance and the electri-
cal potential methods were effective for damage sensing in thin (8-ply) composites. In
this case, the potential method was found superior to the resistance method, which
showed some inconsistency in the variation of readings with increasing impact energy
for the segments not containing the impact point. The superiority of the potential
method over the resistance method for the 8-ply composite was explained in terms
of the current path distortion resulting from the impact damage. For the 16-ply and
24-ply composites, the resistance method was effective, whereas the potential method
was not. This means that the potential method does not work when the distance of sep-
aration between the applied current line and the potential gradient line is excessive. A
distance of 2.10 mm (16 plies) in the through-thickness direction was found excessive,
whereas a distance of 1.05 mm (8 plies) was not.

Since GFRP composites are nonconducting dielectrics, their electrical SHM is done
with frequency domain methods. Ref. [110] describes the measurement of changes in
the dielectric constant of GFRP composites due to delamination and water seepage.
The method rests on the different values of the relative permittivity of air (εair z
1), water (εwater z 81) in comparison with that of GFRP composite (εGFRP ¼ 3:12).
GFRP plate specimens (12.5 mm thick) were fabricated with built-in delaminations
(thin pockets) placed at different depths (2.0; 3.5; 4.0; 5.5; 6.0; 7.5 mm). The pockets
could be filled with water and sealed. The measurements were done with a capacitance
meter connected between two surface-applied electrodes. Sensing of delamination
depth was explored for both dry and wet pockets. It was found that the presence of de-
laminations (both dry and wet) could be detected well when they are close to the sur-
face, but less well as their position is more and more removed from the specimen
surface.

Ref. [111] used electrochemical impedance spectroscopy (ECIS) to monitor woven
GFRP composites during cyclic fatigue loading in flexure. The ECIS readings were
taken at various stages during the fatigue life; the ECIS testing was done inside an
environmental chamber. The damage began with matrix cracking on the tensile side
of the specimen; the pattern of matrix cracking is associated with tow geometry of
the fiber weave pattern. Fracture of the specimen occurs when the damage propagates
through the thickness of the specimens to create a continuous fracture path across the
fibers. The process of progressive damage and fracture path creation in this insulating
heterogeneous material is related to a process of conduction paths creation due to mois-
ture infiltration during damage development.

The measured data is presented in Fig. 17.48. Each curve represents an x-y plot of
the Re-Im parts of the impedance for various frequency values in the 1 kHz to 10 kHz
range. Low excitation frequencies (i.e., down to 1 kHz) produce data to the right of
Figure 48b, and high excitation frequencies (i.e., up to 10 kHz) produce the data on
the left-hand side of Fig. 17.48(b) and toward the origin of the graph. It is apparent
that the undamaged specimen is effectively a dielectric, and its impedance is domi-
nated by the capacitive response with the reactance XCðuÞ ¼ 1=iuC. In this case,
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the real part of the impedance represents the internal energy-dissipation losses during
cyclic excitation.

As the frequency u increases, the capacitive reactance diminishes, and the curve
aims toward the axis origin. As damage progresses and conductive paths are created
in the damaged material, the relative proportion between the real and imaginary parts
of the impedance changes. The greatest difference in Fig. 17.48(b) data seems to be
between the results for the undamaged specimen, and the results for the specimen

Figure 17.48 Electrochemical impedance spectroscopy (ECIS) Nyquist plot of Re-Im imped-
ance curves at various stages during low-cycle flexure fatigue testing of woven GFRP
(specimen failure occurred at w7000 cycles) [111].
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Figure 17.49 Comparison of normalized progressive damage accumulation as a function of the
fraction of life of the tested specimens [111].
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cycled to only 1000 cycles, which represent the first 14% or so of the specimen life. As
damage progresses, the lower-frequency imaginary component of the impedance (to
the right of Fig. 17.48(b)) drops sharply in magnitude, indicating a sharp decrease
in capacitive reactance.

It is apparent that the ECIS method is remarkably sensitive to the details of internal
damage development in woven GFRP composites; in addition, the actual progress of
the degradation in terms of life and remaining strength can be related to ECIS data.
Fig. 17.49 compares of different ways to quantify damage development in terms of
loading cycles: (a) initial slope of the Nyquist plot; (b) impedance magnitude at a fixed
frequency, say at 1000Hz; (c) remaining strain. Averaged multispecimen data
recorded at 25%, 50%, 75%, and 100% of life are shown. The two selected ECIS char-
acteristics (initial Nyquist slope and impedance magnitude at a fixed frequency) show
a clear relationship with the fractional life variable; in fact, they seem good damage
indicators, especially of early damage onset. However, many other characteristics
could have been selected in the robust ECIS data set.

Electromagnetic methods for finding defects and damage in composite materials
rely on the response of these materials to the excitation by electromagnetic fields.
Dielectric composites, such as GFRP materials, can be interrogated with the use of
an electric field whereas conductive composites, such as CFRP materials can be inter-
rogated with a magnetic field.

Fig. 17.50(a) shows the detection of an internal defect (zone of missing foam) in a
GFRP sandwich specimen by illumination with an electric field (e.g., with an electric
antenna in near field) and by measuring the total electric component of the electric field
crossing through the material. Fig. 17.50(b) shows the magnetic imaging of delamina-
tion in a CFRP plate. Both measurements were performed in the transmission mode
with excitation and detection fields being of the same type: electric/electric for
GFRP and magnetic/magnetic for CFRP.
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Figure 17.50 Electromagnetic methods for imaging of damage or defects in composite
materials: (a) electric imaging of a GFRP sandwich specimen showing the detection of a zone
with missing foam; (b) magnetic imaging of delamination in CFRP plate [112].

546 Polymer Composites in the Aerospace Industry



Eddy currents (EC) technique are well developed for damage detection in metallic
structures. Recent studies have shown that they can also be used in CFRP composites
[113]. CFRP permeability and conductivity influence the EC penetration depth. EC
methods permit the determination of textural parameters like layer orientation and
gap sizes between roving, the detection of foreign polymer particles; fuzzy balls and
visualization of undulations can also be done with this method. The detection of a
4:48� fiber misalignment was shown possible; other textural features can also be auto-
matically found and classified. This technique holds the promise of in situ sensing
through MWM-array eddy current technology [114].

A hybrid electromagnetic method is also possible for CFRP composites in which a
modulated high-frequency electric excitation is applied, and the magnetic response of
the material is recorded. Ref. [112] describes such a hybrid method applied to a CFRP
composite plate and compares its efficacy with the acousto-ultrasonic method. The
instrumented CFRP specimen is depicted in Fig. 17.51. The specimen was a 16-ply
cross-ply CFRP plate. An acousto-ultrasonic SMART layer was embedded in the mid-
plane, and a hybrid electromagnetic layer HELP© with a 20mm � 20mm mesh was
applied to one side of the specimen. A 700 kHz high-frequency electric excitation with
full 1 kHz modulation width was applied. The damage was applied in the form of im-
pacts, and electric spark burns to simulate lightning strikes. The impacts I1 and I2 were
of 2 and 4 J, respectively. The burns were applied with high-energy sparks (30 V, 5 A)
of various energies: 120 J, 40 J, 80 J, 400 J for B1, B2, B3, B4, respectively. The
hybrid electromagnetic and acousto-ultrasonic imaging results are compared in
Fig. 17.52(a).

The hybrid electromagnetic HELP© method could detect all damages but I1,
whereas the acousto-ultrasonic SMART layer method could only detect damages I1,
I2, B4. The fact that the HELP© method could not detect the low-energy damage
I1 is attributed to the fact that this mild impact only produced delamination but no
composite breakage; this indicates that the HELP© may not be able to detect mild de-
laminations. It is also noticed that the lowest-energy burn B2 (40 J) is only slightly
visible in Fig. 17.52(a), which may be indicative that this slight burn damage is prob-
ably at the detection threshold of this method.
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Smart
layer

Electromagnetic help layer Structure under test

Figure 17.51 CFRP plate specimen instrumented with hybrid electromagnetic layer HELP©
and with acousto-ultrasonic SMART layer: (a) schematic; (b) photograph [112].
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The fact that the SMART layer method could not detect the B1, B2, B3 burns may
be attributed to the fact that these damages were only superficial changes that did not
affect sufficiently the guided wave propagation used in the acousto-ultrasonic method.
The severe damage B4 (400 J electric spark) was detectable with this method because
it produced sufficient local changes in the material to scatter the guided waves used in
the acousto-ultrasonic method.

17.4.9 Direct methods for impact damage detection

A number of publications describe attempts to directly detect the composite impact
damage with damage-sensitive embedded sensors or through composite self-
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Figure 17.52 Comparative detection of impacts (I1, I2) and burns (B1, B2, B3, B4) on a CFRP
plate instrumented with hybrid electromagnetic layer HELP© and with acousto-ultrasonic
SMART layer: (a) image showing that the HELP© method could detect all damages but I1
whereas the Lamb wave-based SMART layer method could only detect I1, I2, and B4 dam-
ages; (b) image showing the detection levels of the electromagnetic HELP© method [112].
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Figure 17.53 Measuring impact response in a composite with fiber optics through the change of
optical intensity due to fiber microbending and fiber fracture [115].
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sensing. Ref. [115] uses optical intensity sensors consisting of small diameter (40 mm)
multimode optical fibers with a polyimide coating, which change their transmission
characteristics when suffering microbending due to structural damage (Fig. 17.53(a)).

Ref. [116] describes a method for the detection of damage in GFRP composites us-
ing conventional reinforcing E-glass fibers that were made to act as light guides and
dubbed reinforcing fiber light guides (RFLG). These reinforcing-fiber light guides
were used to detect damage induced in the composite by impact, indentation, and
flexure. The E-glass fibers were converted into light guides by applying an appropriate
cladding material. The coating resins were epoxy-based and polyurethane-based resin
systems. These self-sensing fibers or reinforcing-fiber light guides were surface
mounted and also embedded at two specified locations within 16-ply glass fiber-
reinforced epoxy prepreg composites.

The data demonstrated that the self-sensing concept could be used to study in situ
and in real-time the failure processes in glass fiber-reinforced composites. The charac-
terization of failure modes observed when the composites with the self-sensing light
guides were subjected to impact, indentation and flexural loading was attempted.
The damaged areas in the GFRP composite were located by means of the “bleeding”
light emanating from the broken self-sensing E-glass fibers (Fig. 17.54). The RFLG
approach was further refined by developing a sol-gel cladding fabrication technique
[117].

The use of the triboluminescent effect to capture impact damage events in a CFRP
panel is described in Ref. [118]. Hollow silica capillaries were incorporated into CFRP
composite panels; the composite prepreg was doped with Terbium triboluminescent
compound. After curing of the composite, the silica capillaries were filled with rhoda-
mine 6G in benzyl alcohol and sealed. The panels were again impacted in the drop-
weight tower, with the resulting light emission recorded (Fig. 17.55).

(a) (b)

5 mm 5 mm

Figure 17.54 Detection of 2 J impact delamination in a GFRP composite with RFLG fibers
placed on the top surface: (a) front face; (b) back face [116].
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Refs. [11,119] describe the use of optical time-domain reflectometry (OTDR) and
fiber Bragg gratings (FBG) to detect impact damage in GFRP sandwich specimens.
The optical fibers were embedded in the sandwich core at various depth
(Fig. 17.56). The principle of the detection method consists in the fact that deformation
and damage due to impact leaves areas of permanent strain around the impact zone.
The OTDR and FBG methods were employed to detect such changes in comparison
with the preimpact baseline. It was concluded that both methods are able to detect
the permanent strain changes produced by the impact provided the sensors are in
the proximity of the impact zone.

17.5 Summary, conclusions, and suggestions for further
work

This chapter started with a review of the modes of damage that can occur in polymer
composites. Failure occurs progressively under tension, compression, or shear and
polymer composites are particularly prone to low-velocity impacts that may result
in damage which is not obvious to the naked eye. This emphasizes the need to test
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Figure 17.55 Use of triboluminescence to detect the impact on a CFRP panel: (a) CFRP panel
showing the place of impact and two photoluminescent hollow silica fibers used to capture the
triboluminescence phenomenon; (b) triboluminescent signal captured during impact [118].
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Figure 17.56 Thickness-wise locations of the optical fibers for OTDR and FBG damage
detection in a GFRP-face/rigid-foam sandwich [11].

550 Polymer Composites in the Aerospace Industry



polymer composite aircraft structures both at the time of manufacture and in-service. A
brief review of the main means and methods for the emerging field of structural health
monitoring (SHM) of safety-critical composite structures was presented. The different
physical principals employed by each approach have been detailed for the various
sensor types, which may either focus on a specific (small) area or cover large areas
of the structure. Examples have also been presented to illustrate the practical interpre-
tation of the sensor derived data.

Considerable further research is, however, needed to mature the development of
SHM sensors and methods in order to achieve a viable and practical implementation
of this promising new technology. Future work should cover the development of
new sensors, improvement of sensor data interpretation, and a great effort in the pre-
dictive simulation of how the SHM system would function such that its fundamental
parameters can be fine-tuned before actual implementation.
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Lightning strike direct effects 18
A. Murphy
School of Mechanical & Aerospace Engineering, Queen’s University Belfast, Belfast,
United Kingdom

18.1 Introduction to lightning

Lightning is a natural electrostatic discharge resulting from a build-up of a differential
charge between a cloud (or mass of air) and the earth (or another remote mass of air).
The lightning arc is the electrical discharge channel, which transfers and balances the
remote differential charges. Different scenarios have been proposed for the formation
of the unbalanced state of charge in a cloud, including the movement and collision of
water or ice due to air currents and gravity. This behavior is proposed to create positive
charges, which generally move upwards and negative charges, which generally move
downwards. Thus, a part or series of clouds will act as a cathode, which is negatively
charged and the earth or a remote weather system will act as an anode, which is posi-
tively charged. If the electric field is sufficiently intense and exceeds the dielectric
strength of the air, charged electrons will flow from the cathode to the anode.

The breakdown of air will involve pilot streamers and stepped leaders, which
together will propagate an initial conductive channel between the unbalanced charges.
The mechanism of forming the channel involves the charged particles, free electrons,
being accelerated due to the electric field. In this process, due to the speed at which the
free electrons are moving, when they collide with neighboring atoms, the atoms will
release an electron. The loss of an electron will ionize the atom and also start to create
an ionized channel of air. Again due to the electric field, electrons progress while ions
remain behind. The freed electrons subsequently collide with further atoms leading to
further electron releases creating an “avalanche” of electrons, which accelerate toward
the anode. During the collisions, energy will also be released, which will start to heat
the channel. The avalanches of electrons propagate and extend the channel of ionized
air, ultimately forming a circuit of ionized air between the cathode and anode. As elec-
tric current is inversely proportional to the impedance of a path the channel will appear
to branch out irregularly and connect to any object, which will reduce the channel’s
resistance. An aircraft in proximity can become part of the discharge circuit resulting
in an aircraft lightning strike. It has been established that the conductive properties of
an object are not a major factor in the probability of a strike attachment but rather the
proximity of the nearest object and the fastest, most conductive route to the ground are
the influencing factors.

Once the discharge circuit is formed between the negatively charged cathode and
the remote positively charged anode a massive flow of electric current occurs over a
very short duration, which superheats the conducting channel, forming a highly
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electrically conductive plasma channel. This highly electrically-conductive plasma
channel enables the very large flow of charge in a very short period of time. This
plasma channel consists of electrons, atoms, and molecules at a ground state or an
excited state, positive ions, negative ions, and photons. Due to the intense currents
produced during the lightning discharge, significant magnetic fields are generated,
which, in turn, induce and apply electromagnetic force on the ionized air channel.
The Lorentz force is the main magnetic force acting on the channel and this will
modify the velocity and pressure profile within the channel and in the surrounding
air. The interactions between the magnetic and velocity fields are in part controlled
by Faraday’s and Ampere’s Laws.

18.2 Aircraft and lightning

It is commonly stated that a commercial, civil transport aircraft can be expected to be
struck by lightning once per year or between 1000 and 10,000 hours of flight time.
These numbers are derived from the number of reported lightning events, the number
of active aircraft, and the average flight hours for aircraft. In reality, the probability
for a particular aircraft to be struck by lightning is strongly influenced by the time of
year, the geographic location, the local weather conditions, and the aircraft altitude.
Again statistically, aircraft are also expected to experience more lightning strikes outside
the cruise phase of flight (i.e., during taxi, take-off, climb, descent, hold, landing). This
relates to the proximity to the ground, and thus, the weather conditions and intensity of
electrostatic fields, but also the reduced ability to maneuver around adverse weather
conditions. It has also been reported that of the recorded aircraft lightning strike events
approximately 90% involve the aircraft inducing the phenomenon. The remaining cases
are considered to have flown into an independently initiated lightning arc [1]. In both
cases, the aircraft becomes part of the cathode to anode discharge circuit. Initially, the
lightning attaches to an extremity point of the aircraft. The lightning path then continues
from another extremity point of the aircraft in order to complete the circuit, for example
to the ground, making the aircraft between the two locations part of the cathode to anode
discharge circuit. The current will travel between the entrance and exit location on the
aircraft by way of the shortest, most conductive path. Once the discharge circuit is
completed, which now includes part of the aircraft between the attachment locations,
a massive flow of electrical current takes place. The duration of the current flow is short
(of the order of microseconds) during which time the current magnitude significantly
varies. As the aircraft is moving forward at speed and the current flow varies signifi-
cantly during a lightning event the circuit attachment points can move along the aircraft,
attaching and reattaching to other locations of the aircraft.

Although lightning strikes frequently occur to the global aircraft fleet, they rarely
compromise “continued safe operation” of a protected aircraft. When struck a wide
range of effects are possible. The severity of effects is dependent on the energy level
and duration of the strike and the attachment locations. In any case, the resulting need
for inspection and associated repairs can directly impact airline operations, causing
costly delays or serious service interruptions. For a metal aircraft, when a lightning
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strike occurs, the lightning energy is rapidly conducted away from the attachment
point, and the discharge current flow travels through the exterior aircraft aluminum
structure. This is possible because of the favorable conduction properties of the
airframe aluminum materials. However, where the conducting channel attaches to
the aircraft, significant local mechanical damage is possible. The physical damage
can be in the form of surface charring to puncture of the external skin. Such effects
are labeled as direct effects and include any physical damage to the aircraft structure
or systems resulting from the charge entering, transmitting through, and exiting the
aircraft. The significant electric pulses and electromagnetic fields passing through
the aircraft structure can also interfere with and damage electronic / electrical systems.
Such effects are labeled indirect effects and require the protection of sensitive
electronic devices from potentially very powerful electric pulses. Direct and indirect
effects can occur together. This chapter specifically focuses on direct effects due to
the significant cost and weight penalties associated with protecting composite
structures, which without additional engineering, possess less favorable conduction
properties when compared with traditional airframe aluminum materials.

18.3 Composite material and lightning

Aerospace manufacturers are increasingly using laminated composites to replace metal
materials in primary structures with the objective of reducing aircraft weight and main-
tenance requirements. The use of composite material includes the extremities of the
aircraft, which are the typical locations for the initial attachment of the lightning
arc. Composite materials present a challenge to lightning strike protection due to the
insulating nature of the polymer resin that surrounds the load-bearing fibers. The
electrical resistivity is the property of a material that quantifies how strongly that
material opposes the flow of electric current. Table 18.1 presents typical electrical
resistivity values used by lightning strike researchers for their composite laminate
materials along with properties for traditional aircraft skin aluminum alloy. Obviously,
the composite resistivity properties are orthotropic, and clearly, the most conductive
path is in the fiber direction (dominated by the carbon fiber properties as opposed to
the resin properties). In the example given the aluminum alloy’s resistance to current
flow is two orders of magnitude smaller than that in the composite material fiber

Table 18.1 Room-temperature material properties used in preceding thermal-electric
simulations.

Material

Resistivity (Um)

Longitudinal Transverse Thickness direction

IM600/133 (Vf ¼ 60%) [2] 2.78 � 10�5 8.73 � 10�1 5.58 � 102

Aluminum alloy (2024) 5.82 � 10�8
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direction and six orders of magnitude smaller than that in the composite material
through-thickness direction. The lower properties in the transverse and thickness direc-
tion are due primarily to the properties of the polymer constituent and the isolating
nature of the reinforcing fiber lamination within the polymer (with the fibers typically
possessing good electrical conductivity, as witnessed in the fiber (longitudinal) direc-
tion). Researchers have attempted to understand the relative importance of thermal and
mechanical properties with respect to resisting lightning strike damage. To this end,
testing with material systems with different thermal properties (glass transition temper-
ature) and mechanical properties (mode I fracture toughness) has been completed [2].
The limited empirical results indicate a measurable benefit in a greater glass transition
temperature, resulting in smaller damage area and damage depth. However, from the
experimental campaign, a clear, measurable benefit was not achieved with greater frac-
ture toughness.

It is important to point out that all such material properties are temperature depen-
dent and strain-rate dependent. Table 18.1 presents only room temperature properties.
With significant heating, the individual material constituent properties will vary and
how they behave together as a conductive path, and structural unit will also change.
Ultimately, with extreme heating, a composite material will char, decompose, and
constituent elements ablate. This process, with the constituents converting to ash or
gaseous products in different volumes at various temperature levels, will change the
electrical, thermal, and mechanical properties. However, the room temperature
properties are a good way to illustrate the orthotropic and relatively poor conductive
properties of standard composite aerospace materials.

The immediate effect of poor conductive properties is slower and less effective
charge dissipation away from any attachment point, and thus, the potential for a greater
build-up of localized electrical energy. Additionally, lower thermal conductivity
reduces the effective dissipation of heat generated by the lightning charge, potentially
enabling the local accumulation of temperature and the possibility for serious material
damage. Thus, an additional protection material is required to rapidly redistribute the
intense charge and eliminate or reduce the potential for material damage. Moreover, to
replicate the protective behavior of a metal airframe structure, where the discharge
current flow travels around the exterior aircraft structure, the additional protective
material must encompass the complete airframe forming a Faraday cage and prevent-
ing the discharge circuit from contact with passengers, crew, fuel or electronic
systems. This additional protective material is required on or in the exterior structure
of a composite aircraft and is called a Lightning Protection System (LPS). Without a
suitable LPS, a lightning strike may significantly damage or penetrate the external
structure. The contemporary method to protect composite aircraft structures is to use
an outer layer of conductive material, for example, a metallic mesh, typically
embedded during component manufacture. The conductive layer must be close to
the surface to work effectively, and thus, directly impacts the manufacturing of com-
ponents, the assembly of components, and final finishing processes, such as painting.
This makes the aircraft more complex and costly to manufacture and can also be

564 Polymer Composites in the Aerospace Industry



expected to increase the structural weight. The LPS can also have an impact on aircraft
operations with additional costs associated with inspection and likely repairs.

18.4 Lightning loading mechanisms

Due to the discharge, an electric current load is exerted on the aircraft at the attachment
point. Also, due to the formation and existence of the superheated conducting plasma
channel thermal and acoustic pressure loads are often described to occur along with the
current load. However, owing to the complex and interacting physics, and the short
dynamic and transient nature of the discharge and attachment, the loading mechanisms
on aircraft are not well understood. Four loading mechanisms have been generally
speculated, but their magnitude and influence on direct effect damage are not agreed.
The loads are categorized into electrical and thermal loading, mechanical pressure/
acoustic loading, and explosive and rate effect loading within the material.

Considering first electrical loading, this form of load results in Joule effect heating
(or resistive heating) in the material. In this process, the passage of the electric current
produces heat, which is dependent on the current load and the material resistance
(Joule’s first law). The current is dictated by the potential difference and again, the
resistance of the material to current flow (Ohm’s law). The voltage difference creates
an electric field that accelerates the charge carriers in the direction of the electric field.
However, when the charged particles collide with ions, particles are scattered in direc-
tions, which are not aligned with the current path. Energy is thus converted from elec-
trical charge transfer to thermal heating.

In addition to the heat generated by the current load, a thermal conduction heat load
from the conducting plasma channel is possible. Although the transfer of heat by thermal
conduction is a function of the temperature difference (which would logically be
expected to be significant) the duration of a lightning strike and the duration at a fixed
attachment point is potentially very short. What also complicates the definition of this
form of loading is the challenge of isolating the behavior, which is naturally linked
with the conducting channel and as a consequence the applied electric load. Equations
for this form of loading have been proposed and applied within damage analysis [3,4].
However, many researchers dismiss this form of heat loading on the assumption that its
magnitude is insignificant in comparison to the scale of electric current resistive heating.

As the air acts as an insulator, the initial formation phase of the discharge circuit is via
a network of crooked leader paths with numerous dead-end branches. The time taken to
form the circuit depends on the length between the particular charge states (cloud and
earth, for example). The return stroke, the major discharge phase of the lightning event
occurs along the established circuit network. It is generally suggested, based on high-
speed imaging of real lightning events, that the discharge phase along the formed circuit
takes a fraction of the time taken to establish the circuit network. For example, the
discharge phase has been measured to move along the establish circuit at
100,000 km/s and contain energy orders of magnitude greater than that required during
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the establishment of the circuit. Given the energy and speed of the return stroke, it is
envisaged that it results in a physical impact on the aircraft. This occurs where the
discharge circuit exits from the aircraft toward the earth (or a remote weather system)
which is acting as the anode. First, an initial longitudinal pressure load is envisaged
as the return stroke is formed along the discharge circuit. A radial pressure shockwave
due to the rapid heating of the conducting channel is also expected (sometimes termed
the acoustic load). The pressure loading is thus assumed to result from arc channel
expansion and will include additional magnetohydrodynamic effects. The magnetically
induced pressures, due to Ampere’s law, will pull together the current streamlines in the
arc channel, which intensifies the local pressure (typically termed the magnetic pinch
load). In addition, the magnetic force induced by the current circulation at the attachment
point also induces a mechanical pressure load in the arc column at the attachment point.
There is potentially additional loading of the structure due to the current circulation at the
attachment point due to the interaction between the magnetic field and the structural
material (strongest with ferromagnetic materials). Furthermore, the current flowing in
the specimen directly will act to create an additional internal load on the material. These
final loads could be significant on a ferromagnetic based LPS embedded within a com-
posite component. Finally, electromagnetic forces between plies of different orientation
are also speculated and proposed to push ply layers apart. This mismatch would be a
result of current flow in different directions in different ply layers.

It is also suggested that additional internal mechanisms are potentially responsible
for further material damage. A number of mechanisms are generally suggested to cause
such damage:

• The current induced heat causes vaporization of moisture, at the surface or absorbed moisture
inside the material, and this, in turn, creates expanded steam (explosive vaporization), which
“blows apart” the local material. Specifically for painted and composite structures with
surface protection layers, a further mechanical loading mechanism has been indicated where
Joule heating and vaporization of the paint or protection layer results in damage on the sur-
face plies.

• Due to the very rapid heating, it is proposed that trapped gas from decomposing resin below
the intact surface or below laminate layers, which have not completely lost their integrity,
results in an outward force. The inference is that particular common forms of damage - flay-
ing of fibers outwards and separation of surface plies (ply lift) - is a result of such an internal
blast, explosion force or outgassing mechanism.

• An internal mechanical loading results from electrical load-induced thermal expansion. In
this case, the surrounding structure at the ambient temperature constrains the thermal expan-
sion of the material at the attachment point, which is rapidly heated by the application of the
lightning current (via resistive heating).

• Due to dielectric breakdown and differing fiber orientations, and hence mismatch in current
flow, additional electromagnetic forces may force apart ply layers and produce or exacerbate
delamination.

Generally, there is still uncertainty in the mechanisms during a lightning strike,
which leads to damage. This is partly due to the complex thermal, electrical, electro-
magnetic, and mechanical components of the event, and partly due to the limited
experimental test results in the public domain.
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18.5 Composite material damage due to lightning

In real lightning strike events, the damage is usually found at the lightning entrance or
exit attachment points, where the energy density is at its highest. Experimental studies
have identified the main damage modes occurring in composite materials struck by
lightning to be fiber breakage and ablation, resin decomposition, pyrolysis, and surface
erosion, ply lift (surface ply delamination) and internal delamination and matrix intra-
laminar cracking. However, a significant range in the volume of each type of damage is
found. Foster et al. [5] attempt to characterize the typical damage from published
laboratory experiments into three forms, Table 18.2.

First severe damage, which is defined by a damage zone with char residue pene-
trating several ply layers into the material, depending on the size of the lightning strike.
This damage is mainly attributed to thermal decomposition and ablation of the fiber
and resin. The damage can be generally described as an absence of resin with absent
or broken and frayed fibers. Generally, there is a charred appearance, but limited resid-
ual ash and the fibers flaying outward from the surface has led to the suggestion of an
internal explosion.

Second, a moderate damage zone, which is defined as a wide surface area with
thermal decomposition and sharp and shiny resin. This damage is shallow, confined
to the top ply layers and contains the severe damage area. In this case, the damage
comprises narrow, discontinuous damage sites of exposed and broken fibers. These
“scars” become larger and denser closer to the lightning attachment point. At each
scar, fiber bundles have burst upwards from the surface, and fiber breakage is at the
center of the uplift. Matrix cracking occurs near the root of the fiber uplift. Electron
microscopy scanning determines the fibers are generally still well covered with resin,
and the resin fracture surface has a relatively sharp and rugged morphology, compared
with the severe damage area.

Thirdly sub-surface damage, which is defined as sub-surface intralaminar and inter-
laminar matrix cracking. Beneath the severe damage and moderate damage zones
combined intralaminar and interlaminar damage can completely saturate the local
material. A network of cracks is typically reported with potentially isolated intralaminar
and interlaminar cracking remote from the severe damage zone. Delamination is gener-
ally stacking sequence-dependent and is typically the damage mode at the greatest depth.

From the above, it is clear that the failure behavior of a composite material struck by
lightning is a highly complex phenomenon and involves many interactive thermal and
mechanical physics. A number of authors suggest that surface damage is in the main
due to thermal effects and beneath this damage is due in the main to mechanical effects
resulting from the rapid nature of the event (including the thermal loading). The
damage is also dependent on the intensity and form of the lightning loading, along
with the specimen material constituents, material layups, and the design of the LPS.
In a laboratory, the specimen fixturing and boundary conditions and specimen condi-
tion (for example moisture content) are also known to impact the damage form. In a
real event on an aircraft, the surrounding structure, paint, fasteners, flight loads, etc.,
are all expected to further influence the damage.

Lightning strike direct effects 567



Table 18.2 Damage zone definitions.

Severe damage
Characterize by an absence and/or broken fibers, with the majority of surface resin absent:

• Resin thermal decomposition due to dark appearance and char residue.
• Signs of mechanical force present: some sharp resin morphology, fractured fibers, fibers
blown outwards.

e.g., Specimen B-4 Specimen C2-1

Severe damage area = 975mm

Max. length = 44mm

Max. width = 24mm

Fibre direction

Severe damage area = 950mm

Max. length = 42mm

Max. width = 32mm

Fibre direction

Moderate damage
Characterize by an absence of some surface resin, may also include limited fiber burst out
and/or fracture:

• Some thermal decomposition
• Signs of mechanical force present: Sharp and shiny resin morphology, fractured fibers
which appear to have been blown out of resin.

e.g., Specimen B-4 Specimen C2-1

Length=76mmWidth=62mm

Fibre direction

Length = 67mm
Width = 60mm

Fibre direction

Sub-surface damage
Including intralaminar and interlaminar matrix cracking

e.g., Specimen B-4



18.6 Lightning experimental testing

Test standards representing the features of real-world lightning events have been
developed. The test standards are used to ensure that lightning protection systems
can safely shield the underlying composite materials during the service life of an
aircraft. Variants of such test procedures are also used by researchers to understand
how composite material, protection systems, and lightning test parameters influence
the scale and form of material damage.

18.6.1 Standard test methods and aircraft protection design

From measurements taken on test aircraft flown purposely into active lightning storms,
the size of lightning impulse currents have been measured, and standardized lightning
intensity and current waveforms have been established for laboratory certification
testing. The standardized test waveforms and testing procedures are defined in detail
in the standards [6e8]. The waveforms are defined through their maximum current
(IMAX), the rise time from 10% to 90% of the maximum current (T1) and the time to
reach the post-peak value of 50% of the maximum current (T2). Tolerances are also
defined on the waveform parameters as these are not directly controlled within a
test. The test waveforms can also be described in terms of the total waveform electrical
charge in coulombs, the integral of current over time, Eq. (18.1). The action integral is
also used to describe the waveforms, representing the specific energy of the impulse
current in Joules per ohm, Eq. (18.2). In both equations IðtÞ is the transient electric
current and t is time.

Electrical charge Q ¼
Z t

t0

IðtÞdt (18.1)

Action Integral AI ¼
Z t

t0

I2ðtÞdt (18.2)

A total of four current waveforms are defined in the standards. Each waveform relates
to an envisaged sequence of load derived from the measured lightning events. The envis-
aged sequence of loading events follows on from the completion of the lightning
discharge circuit. First, the return stroke begins to propagate along the formed circuit
and through the aircraft; this is described by Waveform A. Once the return stroke rea-
ches the oppositely charged state an intermediate current flow is assumed, Waveform B,
followed by a continuing current, described by Waveform C. Finally, as the original
cloud (mass of air) discharges another cloud is assumed active in the circuit (remem-
bering that the aircraft is continuously moving). Thus, a second return stroke is assumed
corresponding to the discharge of this new cloud or mass of air, described byWaveform
D. Fig. 18.1 illustrates the four waveforms. From Fig. 18.1 it can be seen that the first
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return stroke (Waveform A) has a high-intensity peak current (up to 200 kA) but a very
short duration (up to half a millisecond). The intermediate waveform (Waveform B) is a
lower intensity current and a longer duration (lasting up to 5 ms). The continuing current
waveform (Waveform C) is the longest current and lasts for up to one second. The
subsequent return stroke (Waveform D) is similar to Waveform A in duration (up to
half a millisecond) but half the peak current.

Also derived from the original test flights flown purposely into active lightning
storms, captured in-service experiences and more recently via predictive modeling
is an understanding of how lightning strikes are distributed on the geometry of an
aircraft - their potential frequency, intensity, and duration. Thus, zoning identifies
the surfaces on an aircraft as a function of the lightning threat. The aircraft is divided
into zones, and each zone is designed and tested to withstand the relevant waveforms
(A to D). Together, the defined waveforms and zoning are used as the key instruments
in the design and certification of an aircraft protection system. This allows the LPS to
be optimized for the particular zone. For example, the extremities of the aircraft would
be expected to be subject to lightning attachment and first return strokes (waveform A).
Whereas other portions, for example, the main body of the fuselage could witness
swept strokes or re-strikes (C and D). Other zones must safely sustain and dissipate
the lightning current between the zones in which the lightning current enters and exits
the aircraft. Additionally, acceptable damage and the need for repair are also coupled
to the lightning strike definitions. For example, high energy strikes, above 50 kA and
up to 200 kA, should not affect continued safe flight and damage will be readily detect-
able. For low energy strikes, less than 30 kA and above 10 kA, no repair will be
needed with barely visible or no damage. Between 50 and 30 kA repairs may be
needed and visible damage may occur.

For aircraft certification, the full magnitude and full range of waveforms can be
applied sequentially to a single zone, and the LPS must protect and ensure flight safety.
The full magnitude waveforms are generally applied to full-scale test components once

Waveform A

Waveform B

Waveform C

Waveform D
Peak amplitude = 200 kA ±10%
Action integral = 2x106 A2s ±20% 

Average amplitude = 2 kA ±20%
Max charge transfer = 10 C ±10%

Amplitude = 200 – 800 A
Action integral = 20 C ±20% 

Peak amplitude
= 100 kA ±10%
Action integral
= 0.25x106 A2s

A B C D

≤ 500 ms ≤ 5 ms 0.25 s ≤ T ≤ 1 s ≤ 500 ms Time

C
ur

re
nt

Figure 18.1 Lightning strike test waveform standards.

570 Polymer Composites in the Aerospace Industry



the design is matured. In the case of early screening of material systems and LPS
designs, the full waveforms are too large for practical coupon level testing. Thus,
reduced scale waveforms are typically used. In a laboratory, an artificial lightning
strike is carried out by applying a large current through an impulse generator. The
impulse generator supplies a large current over a short period of time to a specimen
via a discharge probe. The test specimen is typically placed on or clamped to, an
earthed test fixture to permit the current to travel to and then through the specimen
to the ground in a controlled fashion. The discharge probe is positioned at a distance
from the specimen, and an insulating sphere may be placed on the end of the discharge
probe to avoid a direct shock wave between the probe and the surface of the specimen.
Furthermore, to ensure the arc channel flows around the sphere and into the specimen,
a fuse wire may be extended from the discharge probe around the sphere and posi-
tioned above the desired strike point.

18.6.2 Special test methods

In addition to the standard certification test arrangements, special test arrangements
have been proposed to understand better the loading induced by lightning. For
example, a number of special specimen holding fixtures and deflection measurement
systems have been proposed to study pressure wave characteristics of the artificial
lightning strike test waveforms [9,10]. By striking the specimen directly and striking
a grounded component above the specimen and below via a central specimen hole and
recording specimen deformations valuable but incomplete understanding of the pres-
sure load has been derived. Alongside the experimental works, simulation approaches
have been proposed to reverse engineer the pressure wave details from the measured
specimen displacements. It is also worth noting that a number of authors have also
investigated the potential to employ transverse impact test arrangements to replicate
lightning strike behavior. Although both lightning strike and transverse impact tests
result in many similar modes of damage, the position of damage differs considerably.
The damage from a lightning strike test tends to be concentrated over the top plies
only. Such a damage pattern is not typical of transverse impact loading (at high or
low speed), where damage typically occurs through the thickness of the specimen.
As the form and location of the damage are significantly different between the light-
ning strike and transverse impact damage, it has proven difficult to draw meaningful
understanding directly applicable to lightning protection.

In addition, many researchers have performed and reported lightning strike exper-
iments. Typically, these have been performed on composite material coupon scale
specimens, and thus, scaled versions of the standardized test waveforms have been
used. Only a small number of experimental studies have been published on composite
materials, which adhere to the largest standardized certification waveform (waveform
A). Table 18.3 presents a summary of many of the public domain lightning strike test
results on composite materials. It is interesting to note the large variation in the applied
current waveforms, varying distance between the specimen and the discharge probe,
varying specimen fixturing and boundary conditions, and different material constitu-
ents and material layups. Few repeat tests are reported, and thus, given the small total
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Table 18.3 Experimental setups used in the literature.

First
author

Peak current (kA)/
Action integral (A2 s)

Specimen
boundary
conditions

Specimen
size (mm)

Specimen
thickness
(mm) Material Layup

Hirano
[11]

40/22,000 Placed on surface 350 � 350 4.704 IM600/133 [45/0/�45/90]4s

Kawakami
[2,12]

40/18,500 Two edges
clamped to
base

140 � 140 2.2 T700/2510 [02/902]2s

Kawakami
[2,12]

80/87,000 Two edges
clamped to
base

356 � 254 4.1 T300 3K Tow, resin
XB 3518 BD

20 layer twill weave
[0/90]

Feraboli
[13,14]

30/23,800 Two edges
clamped to
base

304.8 � 38.1 2.88 G30-500 12K fiber,
HTA/7714A resin

45/02/�45/02/90]s

Hosokawa
[15]

157/- Placed on surface 150 � 150 1 TR50S fiber
Sandwich panel

Skin, [45/�45], # of
plies not known

Chemartin
[4]

200/- Two edges
clamped to
base

100 � 100 0.2 Carbon fiber e

Haigh [9] 100/- Two edges
clamped to
base

550 � 550 e Carbon fiber 6 layer weave

Munoz
[16]

200/- e e e e e
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Gou [17] 100/- Four edges
clamped to
base

406 � 406 1.778 Unidirectional
carbon

Fiber

[0,�45, 90, 45]2

Lepetit
[18]

98/,300,000 Two edges
clamped to
base

450 � 450 2 T700/M21 8 layer quasi-
isotropic

Yamashita
[19]

1.2/- Four edges
clamped to
base

110 � 110 0.8e1.1 CF mat reinforced
thermoplastic,

Vf ¼ 30%,
Polypropylene
resin

n/a
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volume, the large variation in test and material parameters and the limited repetitions
there is a restriction on general conclusions, which can be drawn. An additional
complexity is that authors do not have a consistent definition of damage and have
measured using a range of techniques with different fidelity (e.g., surface visual
inspection and image analysis, cross-section observation, ultrasonic scanning, micro
X-ray inspection, optical and electron microscopy).

18.6.3 Experimentally derived relationships

For each of the public domain experimental studies, the authors have typically noted
probable or possible causes of the damage. Resistive heating due to the applied current
is consistently identified to cause a significant amount of the measured damage, but
many note that it does not completely explain all the damage witnessed. The pressure
load and magnetic loads are experimentally difficult to study in isolation and are often
acknowledged to exist and commonly suggested to explain variation in results or the
difference between expected and measured behavior. Some correlation has been exper-
imentally found between lightning parameters, such as action integral, electrical
charge, peak current, and current rise rate with damage area, and characteristics of
damage (damage depth, and surface area, and delamination area). These relationships
are generally developed for a single waveform strike on a pristine specimen. Action
integral is the clearest predictor of the severe damage and delamination area and dam-
age depth. These relationships can be related back to the developed waveforms, which
have specific action integral, electrical charge, and peak current values. Waveforms A
and D are thus expected to generate the greatest damage depth. Waveform C is antic-
ipated to generate significant surface damage. In addition, considering the application
of more than one test waveform, the characteristics of damage (damage depth and
surface area) will be dependent on the order in which the waveforms are applied.
The induced damage from the preceding waveform will influence the initial thermal
state of the material but also the way in which the subsequent waveform will electri-
cally and mechanically interact with the specimen material. Damage development and
current and temperature dispersion due to the preceding damage will, therefore, change
from an equivalent strike on a pristine material. Thus, the damage from a single wave-
form will be different if applied within a combination of waveforms or in a different
sequence location within a combination of waveforms.

Experimental works have also attempted to correlate between damage parameters
and residual strength of the material specimens. There appears some potential correla-
tion between peak current and residual strength, and damage area and residual
strength. This suggests that residual strength of the composite could be estimated
from lightning parameters or damage area, but the correlations are typically only
demonstrated for individual material and layup combinations [2,11,13,14].

In summary, there is still limited understanding and quantification of the damage
mechanisms through purely experimental artificial lightning strike test campaigns.
Much of this lack of knowledge is due to the speed and intensity of the event, which
means it is very difficult to take physical measurements near the strike point during the
strike. Post-test inspection of the damage is also difficult, as there are a number of
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different surfaces and internal damage modes, which are difficult to differentiate in a
post-test inspection. Some caution should be taken with any regression of damage
characteristics, such as depth and surface area because substantial variation is possible
in the modes of damage. Moreover, a great number of variables are involved in light-
ning strike testing, the lightning waveform, specimen fixturing, and location relative to
the discharge probe, the protection system design, and the composite materials. The
specimen stacking sequence and the specimen condition (for example moisture
content). Together, the expense and time required to complete tests and the volume
of variables included in testing, significantly increase the difficulty of establishing a
generic understanding from individual test results.

18.7 Lightning protection systems

An aircraft Lightning Protection System (LPS) relies on creating a conducting layer
toward the outer surface of the aircraft, providing an equivalent form of protection
to that used in an aluminum aircraft with an exterior conducting path. In this way,
the LSP enables the applied lightning current to flow around the passengers, crew,
fuel, and safety-critical systems. For minimizing damage, the conducting path must
enable the current to remain at the exterior of the aircraft, to dissipate charge quickly,
and to permit the current to flow easily from any attachment point to any other remote
location, where it exits the aircraft. The LSP must also shield the aircraft systems from
electromagnetic surges and interference resulting from the lightning electromagnetic
effects. Again the creation of an exterior conducting path can act as a Faraday cage,
and provide the necessary protection. Thus, LPS are typically in the form of a thin
layer of conducting material, which is located within the external aircraft skin compos-
ite laminate. The thin layer of material is placed within the laminate toward or at the
external surface during manufacture or added to the surface once the part is manufac-
tured. The most common LPS material is a metal mesh, which offers the required
conductive properties at maximum surface coverage per unit of mass. Copper and
aluminum are used as LPS meshes, which can be laminated with standard aerospace
materials, but special attention is required with aluminum due to the potential for
galvanic corrosion.

Meshes are available as woven fabrics constructed from specialist monolithic metal
wires, which can be loom woven into drapable fabrics with wires running in both the
warp and weft directions. Expanded foil meshes are also available, which can be
thinner due to their manufacturing process where a monolithic metal foil is perforated
and stretched to create a mesh with a specific aspect ratio diamond pattern. Both
materials can be preprocessed to create preimpregnated plies for lamination during
part manufacture. Or can be laminated into multilayer surface-mountable materials
(surfacing films), which combine the lightning protection material with resin and or
isolation layers, which improve their performance and or add supplementary function-
ality. Additionally, carbon and glass fabrics are available, which have small diameter
metal wires woven into the toes to increase conductivity and shielding. Moreover,
novel carbon and glass fibre fabrics with special conductive coatings are available.
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The fabric coatings link the warp and weft toes, and thus, form the integrated conduc-
tive shielding layer. Again such fabrics may be incorporated with resins to create
preimpregnated plies or may be laminated into surface-mountable materials to increase
conductivity and shielding.

The current LPS are proven to protect aircraft having significant service history on a
wide range of aircraft types and composite material systems. However, given the large
wetted surface area of an aircraft and the nonstructural single function of the LPS
materials used today, there is potential for weight saving. A common aspiration is
the formulation of an appropriate conductive resin, which could perform the standard
functions of load transfer and fiber protection, but which could also eliminate the need
for the metal mesh. Alternatively, the manufacturing burden associated with lami-
nating a metal mesh into each external surface component or the manual application
of shielding layers on manufactured components could be lessened with more efficient
and automatable ways of creating the exterior layer through coating, painting or print-
ing. In both cases, it is also arguable that such new materials and processes could
reduce the burden of operational inspection, maintenance, and repair.

Thus, numerous approaches to enhance the electrical conductivity of composite
resins have been reported. In particular, with the addition of materials to form conductive
structures with sufficient conductivity to act as the primary LPS. Due to their promising
mechanical, electrical, and thermal properties many forms (fillers, films, etc.) of carbon
fibre, carbon black, carbon nanotubes, and graphene have been investigated. However
major challenges still exist for such enhancements particularly around disbursal and
uniformity of additives to create the necessary conductivity, the integrity of the host
polymer under high current densities (and associated thermal load), behavior at failure
(with further damage induced by the failure of the added material or hosting resin) and
ultimately production scale speed and cost. Again much research has been invested in
approaches to create coatings, sprays, and paints with sufficient conductivity to act as
an LPS. Separating the LPS from the structure could offer an advantage in simplifying
manufacture, both for component production and assembly, and also improve in-service
inspection and repair. Again challenges remain, relating to bond strength, integrity under
high current densities, damage induced by the failure of the material, and process
production scale cost and speed. In general, a major constraint of new protection solu-
tions is the complex multiphysics, high temperatures, and short duration of strike events,
which has meant that LPS design has to date been empirical and incremental. A lack of
quantitative analysis and simulation methods for lightning strike events means that the
current designs and new proposed designs are not being developed and optimized with a
full understanding of the range of physical behaviors, which occur during a lightning
strike event.

18.8 Modeling for a lightning strike on aerospace
composites

A lightning strike is a highly complex phenomenon that involves many interactive
physics such as electrical, magnetic, thermal, and mechanical behavior all occurring
within a very short timeframe. Given the noted limitations of physical testing, the
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potential of numerical simulations offers many advantages to study lightning strike
events, and the resultant damage creation. A significant advantage is the potential to
scrutinize, during the virtual event, the internal specimen damage behavior. Thus,
computational modeling has dominated lightning strike research over recent years
with authors typically modeling the electrical and mechanical loads on a test specimen
based around the standard artificial lightning strike test waveforms. In modeling the
test specimen behavior using the Finite Element method, for example, researchers
have been able to take advantage of recent advances in numerical modeling tech-
niques, including many associated with the simulation of composite material damage
mechanics. Additionally, progress has been made in terms of modeling the thermal
plasma associated with an artificial lightning strike test. Modeling of the plasma can
encompass all the key physics mentioned previously, but requires a highly complex
solution procedure within a multiphysics simulation, and to date, results in high
computational expense.

18.8.1 Modeling specimen thermal behavior

The flow of electric current in a material is governed by the electric potential difference.
In the case of an artificial lightning strike test, the potential is modeled between the arc
attachment and the grounded face of the test specimen. Joule heating arises when such
current flow is converted into thermal energy, and such heating can then change material
properties and thereby change the current flow. In addition, the converted thermal
energy may then be transferred through the material via thermal conduction or given
enough energy can lead to a change of state of the material (again changing material
electric properties). Thus, due to the coupled thermal-electric behavior between electri-
cal potential and temperature fields, it is necessary to solve both fields simultaneously.
This is most typically achieved using the Finite Element Method and the coupled
thermal-electric equations in a two-step simulation procedure. First, a fully coupled
thermal-electric analysis represents the current loading and the resistive heating,
typically using a transient solution procedure. A second analysis then models the heat
dissipation through the specimen using a heat transfer solution procedure.

To date, much of the modeling research has studied the influence of material prop-
erty representation on the prediction of the induced specimen temperature profile
[20e24]. Many of these studies attempt to replicate a single experimental work
[11]. Each study represents the experimental setup and specimen with some small
differences - normally driven by the computational cost of the analysis and attempts
to reduce this. Together, the simulation results also permit the identification of
thermal-electric behavior during a lightning strike. In general, the simulation results
illustrate that when the current is initially applied to the specimen most current flows
in the fiber direction, with only small magnitude current flows in the transverse and
through-thickness directions. This is a result of a combination of the orthotropic
material properties, Table 18.1, and the relative distances to be traveled by the current
to reach the ground (at the edge and beneath the specimen). Together, with the low
resistivity in the fiber direction, the long length to the ground is the route with the
lowest resistance rather than the shorter, higher resistivity routes (in the transverse
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and through-thickness directions). Therefore, initially, there is significant current flow
in the top ply in the fiber direction, which results in top ply resistive heating along the
fibers away from the current attachment. The increased top ply temperature, in turn,
increases the transverse and through-thickness electrical conductivity as the resin
decomposes, and the conductivity in the through-thickness direction rapidly increases.
As a result, proportionally more electric current begins to flow through the thickness of
the top ply than flows along the ply fibers. Similar to the behavior witnessed in the top
ply, and due to the lag between current flow and temperature rise, the current in the
second ply will initially flow in the fiber direction. Thus, a pattern emerges - initially,
in each ply, the majority of the current flow is in the ply fiber direction before resistive
heating elevates the temperature to the point when a greater proportion of current then
begins to flow through the thickness of the ply. As the current flow progresses down-
ward into the specimen, a stacking-sequence dependent temperature distribution is,
thus, created.

The major modeling developments, from the noted series of studies, is the impor-
tance of material property representation. The initial studies did not represent all
material properties or temperature-dependent material properties, and as a result,
predicted unrealistically high temperatures. Subsequent works refined the range of
temperature-dependent material properties necessary for modeling and the impact of
individual properties on temperature magnitude and profile prediction. Fig. 18.2
presents some typical surface temperature profiles from these key studies. These
predictions are overlaid on the moderate damage area determined from image analysis
of the equivalent test specimen. In the figure, the specimen surface is binarized, such
that the experimental moderate damage area is identified as the black regions, and the
pristine specimen surface is identified as the white regions. The predicted tempera-
tures, with significant zones above the glass transition temperature for common aero-
space resin systems, clearly suggest that electric current resistive heating can be
expected to be an important mechanism for damage. However, examining the surface
temperature fields, it is clear to recognize consistent differences between the predicted
temperature contours and the identified experimental damage. The temperature
contours from all simulations have a similar shape, which is narrow and elongated
in the surface ply fiber direction. Thus, the greatest difference between the predicted
temperature and the measured damage is the width.

It is possible to use the predicted temperature fields to assess the level of material
damage, either using a simple set of temperature rules or with an integrated analysis
decomposition model, which can represent changing electric and thermal-electric
properties with temperature during the thermal-electric analysis. A number of studies
also propose and demonstrate methods to represent the ablation of specimen material.
This is achieved at an element level by either removing an element, which has reached
some critical temperature and reapplying the current load at the adjoining elements or
modifying the properties of the element to create a near-infinite electrical conductivity
and thus, the current load progresses to the adjoining elements [21,22].

However, when considering damage predictions, it is important to consider how the
base material properties are identified and modeled. Given the extreme conditions being
modeled for most properties, the proposed material relationships have necessarily been
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extrapolated from experimental data generated from lower temperature and heating rate
tests. Thus, there is a significant challenge, generally associated with modeling lightning
strike, with respect to material property data. The noted simulations typically predict
temperatures beyond 1000�C in the specimen and with total test duration as short as
half a millisecond the material state, the temperature heating rate and the temperature
magnitude all have the potential to compromise the usefulness of material properties,
which can be measured with standard laboratory setups. Not only is this relationship
important for the prediction of the induced temperature but also for the interpretation
of the predicted temperature with respect to specimen damage.
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Figure 18.2 Predicted temperature fields from simulations overlaid on binarised images
representing surface pristine and moderate damage areas (white and black respectively). (a)
[20], (b) [23], (c) [22], (d) [24], (e) [21].
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To date, Thermogravimetric Analysis (TGA) data has been widely used as a means
of obtaining temperature-dependent material properties and interpreting temperature
profiles from thermal-electric simulations. TGA data captures the change of mass of
a material specimen in a controlled atmosphere as a function of increasing temperature.
Resin decomposition occurs at a much lower temperature than that required for carbon
fiber decomposition. As the resin decomposes, as a result of a series of chemical
reactions, it will change its form, from a pristine solid material to combinations of
ash, char, and gaseous products. Thus, material models based on TGA data typically
describe a relationship between material temperature and percentage resin decomposi-
tion. The percentage resin decomposition is then further extrapolated, potentially with
additional theory or test, to describe the effect of percentage resin decomposition on
thermal, electrical or mechanical properties of the composite material. The tempera-
tures required to decompose carbon fiber is beyond standard TGA hardware and is
not typically represented in such models. Additionally, the temperature rates achieve
within standard TGA hardware is many orders of magnitude lower than that witnessed
in lightning strike thermal-electric analysis. To account for the difference between the
temperature rate at which the material behavior is measurable, and the extreme condi-
tions during a lightning strike, offsets are often proposed to represent heating rate
effects. It has similarly been suggested that pressure during a lightning strike will
influence decomposition and should be considered in the creation of experimental
data or an additional manipulation applied to standard atmospheric test results.
Thus, damage predictions based on thermal-electric analysis and TGA data requires
careful interpretation and a full understanding of how the measured material properties
are processed for use in the simulation. Finally, it is worth noting that TGA data typi-
cally identifies weight loss below 100�C due to moisture evaporation, this is important
to note given the proposed damage mechanism of moisture explosive vaporization.

In addition to material properties, another notable uncertainty in the discussed
studies, thus far, is the application of the electric current load. The load, a version
of a standard waveform, is applied as a uniform electric current load through a single
node or over a constant radius on the specimen surface. It is possible that the idealiza-
tion of a fixed, concentrated electrical load potentially results in unrepresentative
electrical energy being dissipated along a narrow band of surface fibers, as obviously
seen in Fig. 18.2. Moreover, the concentration of the load would logically result in
more rapid through-thickness heating, leading to accelerated through-thickness electri-
cal conductivity and unrepresentative energy dissipation. Experimental observations
suggest that a lightning channel attached to a specimen is neither constant in form,
nor is it stationary.

A small number of studies have, thus modeled nonuniformity, movement, and
expansion of the arc channel. In these works, assumptions have been made on how
the arc attaches to the specimen based on descriptions within the experimental studies.
One work [25] considers the same experimental setup [11] used as the bases for much
of the material modeling developments discussed herein. This study considers four
observed arc characteristics: arc channel expansion with time, asymmetric arc channel
expansion, fragmented arc behavior with a fixed central portion plus an expanding
portion, and finally a moving arc. Fig. 18.3 presents a typical surface temperature
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Figure 18.3 Temperature contour predictions from a thermal-electric simulation modelling
combined arc expansion and arc movement along with equivalent experimental damage im-
ages [25].
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prediction (with combined arc expansion and arc movement). By examining the
surface temperature fields, it is possible to recognize similarities between the predicted
temperature regions and the damage classifications. However, as the parameters,
which describe the time-varying arc behavior are in the main assumptions the predic-
tion results primarily indicate the importance of the arc attachment characteristics,
rather than offering a measurable improvement in prediction accuracy. The authors
also note that thermal behavior is only one element of the damage mechanisms and
damage from mechanical effects, such as pressure loading and thermal expansion, is
contained within the associated experimental results.

18.8.2 Modeling specimen pressure loading

To date, the majority of numerical studies by researchers have focused on modeling
resistive heating from the electrical load. However, nonthermal loads are referenced
in the experimental literature - pressure loads induced by acoustic and electromagnetic
effects, explosive loads resulting from internal trapped gases, and internal specimen
mechanical loading resulting from electrical load-induced thermal expansion.

Of the nonthermal loads, the shockwave or acoustic pressure load has received the
greatest study. Many of the studies combine the shockwave pressure load with electro-
magnetic effects as in reality, the fluid pressure and electromagnetic effects are
coupled. As noted earlier, researchers have used novel experimental setups to under-
stand the magnitude and form of the pressure present during artificial lightning wave-
form testing. In addition, researchers have formulated approaches to calculate pressure
load magnitude and distribution. In particular, Chemartin et al. [4], Gineste et al. [10]
and Kawakami and Feraboli [12] describe the arc plasma physics, which results in
pressure loading, and outline the use of simplifications and theoretical equations and
numerical simulations to predict the load. In general, the literature suggests that the
pressure load varies radically in magnitude and with time around the arc attachment
point. Table 18.4 summarizes the proposed pressure loads in the literature.

With respect to the numerical analysis, again, the studies predominantly use the
Finite Element Method. The time-varying nature of the pressure loads results in
very rapid and local material loading, which results in pressure waves propagating
through the test specimen. Damage is then a result of the propagating internal pressure.
A wide range of failure criteria have been applied to predict the onset of fiber or matrix
failure. Moreover, post-initiation energy-based or displacement-based damage evolu-
tion models utilizing principles of material degradation have also been employed to
predict damage progression. The most recent studies have also used contact modeling
methods to simulate cohesive behavior at individual ply interfaces and allow the pre-
diction of delamination initiation and growth.

Significantly Foster et al. [25] model a large range of pressure shockwave loads
specifically to cover the range proposed in the literature. The simulation results gener-
ated from explicit Finite Element simulations have been compared with measured test
specimen damage. The results indicate that although the proposed pressure loads can
cause damage consistent with that which is measured experimentally, the pressure
load-induced damage is negligible with respect to the overall scale of damage. In

582 Polymer Composites in the Aerospace Industry



general, the vast majority of studies [4,9,10,12,16] demonstrate or conclude that the
pressure loads are not enough to cause significant damage alone; however, they would
be expected to combine with thermal effects and induce additional matrix cracking and
delamination behavior.

18.8.3 Modeling specimen explosive and thermal expansion
loading

Experimental authors have proposed that decomposition may result in explosive loads.
A common explanation for surface ply damage is due to a trapped gas load from the
decomposition of internal resin material. This form of loading relies on heating and
decomposition behavior, where further decomposition within the material results in
char and gas, before material in the surrounding region is decomposed to a state, which
will allow the release of the generated products of the decomposition, especially gas.
Chippendale [28] proposes a thermochemical decomposition model, and along with
assumed decomposition ratios (90% gas, 10% char), the conservation of mass and the
ideal gas law proposes an approach to evaluate the potential internal pressure load.
The method also describes how Darcy’s law can be used to account for leakage. Other
works demonstrate the use of Finite Element Analysis to solve for such internal explo-
sive loads [24], but such works do not to date demonstrate a clear linkage between
explosion parameters and the decomposition behavior and the base material properties.
Lepetit et al. [29,30] note that surface damage appears to have mainly thermal origin,

Table 18.4 Proposed lightning strike pressure load analytic expressions.

Assumed
Radius
(mm)

Max
magnitude
for 40 kA
strike(MPa)

Max
magnitude
for 200 kA
strike
(MPa)

Electromagnetic
“Flux”
Equation

Expansion
shock
wave
magnitude
(MPa)

Kawakami
[2,12]

1, 2 25 637 e e

Chemartin
[4]

5 2 50 m0i
2

4p2R2 e

Munoz
[16]

5 2 50 m0i
2

4p2R2 10

Haigh [9],
Gineste
[10]

4, 5, 6 0.5 12.7 m0i
2

6p2R2 12.7

Reid [26] e e 100 e 10

Hardwick
[27]

e e 100 e 10

Foster [25] 1e5 mm 2 - 50 MPa e e
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and thus, proposes a thermal model to calculate an explosive pressure from the vapor-
ization of surface materials, for example, the protection mesh or paint on the specimen
surface. The authors propose that this model could be used along with a mechanical
model to evaluate material damage. These proposed explosive behaviors and loads
are potentially the most complex during a lightning strike event, and as such, there
has been limited progress on modeling. This is a topic that requires further research.

Finally, a small number of modeling studies have examined the potential for dam-
age due to constrained thermal expansion. Foster et al. [31] argue that artificial light-
ning strike test damage typically includes evidence of mechanical damage which direct
thermal loading and pressure loads are unlikely to be responsible for. A simulation
study was undertaken on this basis, in which, specimen time-dependent temperature
from a thermal-electric simulation was mapped into a mechanical thermal-expansion
model. Due to the variation in temperature and the orthotropic thermal expansion
coefficient of the composite material, the induced thermal strains are constrained
and result in thermal stresses. The study identifies that no single material data set is
available which represents the high heating rates, high temperatures and high strain-
rates expected during a lightning strike test, and thus, the study is undertaken in three
phases; first, with only temperature-dependent material properties; second, with
temperature and temperature-rate dependent material properties; and third, with
temperature, temperature rate and strain-rate dependent material properties. The stated
logic is that individually introducing the dependencies allows an understanding of their
relative importance.

The simulations predict significant ply transverse direction stresses and ply
through-thickness strains. Generally, the predicted damage, in terms of surface area
and depth, is comparable with measured specimen damage, which includes damage
resulting from both mechanical and thermal loading. The results demonstrate the
sensitivity of damage prediction to the thermal lag due to a large heating rate and
the influence of strain rate. Example surface damage area predictions from Foster
et al. [31] are presented in Fig. 18.4. Significantly the model simulated the same exper-
imental setup considered in Fig. 18.3, and thus, together, these figures allow compar-
ison between damage due to thermal-electric behavior, Fig. 18.3, and damage due to
thermal expansion with and without material strain rate effect modeling, Fig. 18.4(a)

Predicted
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Damage area
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m
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m
m

150 mm 150 mm
720 mm2 1920 mm2

(a) (b)

Figure 18.4 Surface damage prediction assuming; (a) no material strain-rate effect,
(b) assuming a simple [31] material strain-rate effect. Red represents damage while blue
represents pristine material.
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and (b) respectively. The overriding conclusion, however, is that material properties
are not available for the combination of extreme conditions witnessed during a light-
ning strike (high heating rates, high temperatures, and high strain-rates) which are
necessary for such analysis. Finally, as noted with all the preceding simulations, the
study is reliant on analyst assumptions on the lightning channel arc attachment to
the specimen.

18.8.4 Modeling lightning plasma

While much of the simulation work to date has confirmed the importance of resistive
heating in lightning strike damage and the potential role and scale of mechanical
loadings, the predictions do not, in general, compare well with experimental measure-
ments. This in part is due to the application of idealized, assumed load distributions on
the specimen, for example, uniform electric current, or pressure load following a theo-
retically derived distribution. The key benefit of modeling the plasma is the represen-
tation of the previously discussed experimental arrangements with the real electric test
conditions as simulation input parameters. As such, specimen loading conditions can
be calculated and not assumed, Fig. 18.5.

Plasma simulations are typically based on Magnetohydrodynamics (MHD). MHD
predicts gross plasma behavior rather than the behavior of the individual plasma
components (i.e., electrons, atoms, ions, and photons, etc.). MHD represents the
motion of an electrically conducting fluid in the presence of an applied magnetic field.
Lightning generates magnetic fields due to the intense currents produced during
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Figure 18.5 Sequential simulation framework for lightning direct effects.
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discharge. The plasma produced by the ionization of air can be considered to be the
fluid. Once the fluid starts conducting electricity, a magnetic field is induced and
applies electromagnetic force on the flow. This magnetic force modifies the fluid
flow velocity and pressure. Thus, MHD is a combination of three distinct sets of partial
differential equations; Maxwell’s equations of electromagnetism, NaviereStokes
equations of fluid motion, and thermal conduction equations for heat transfer. These
partial differential equations can be solved numerically using the Finite Element or
the finite volume method. For both methods, commercial software, which will be
familiar to the engineering community is available. Accurate simulation of a thermal
plasma requires calculating the plasma composition and estimation of thermodynamic
and transport properties.

The modeling of lightning arc plasma has been built on models originally created to
represent welding processes. In general, models are developed assuming Linear Ther-
mal Equilibrium and Linear Chemical Equilibrium plasma. The equilibrium distribu-
tion of energy among the plasma components is determined by the temperature.
Complete thermodynamic equilibrium exists when all forms of energy distribution
are described by the same temperature. Thus, the coupling between mass, momentum,
thermal energy, and electromagnetic conservation is at the center of the analysis
calculations. MHD simulations can predict the electric current density, pressure,
heat flux in and around a lightning arc channel, including at its attachment with the
test specimen. Fig. 18.6 presents a typical temperature prediction from an MHD simu-
lation for a Waveform B artificial lightning strike test. In general, modeling has been
developed with the inclusion of additional physical phenomenon in order to reduce the
need to define or impose simulation boundary conditions, particularly at the specimen.
In general, progressive research studies have strived to reduce the need to define initial
plasma boundary conditions, for example, temperatures and electrical conductivities.
Additional efforts have been made to reduce the computational burden of the analysis,
in particular with Finite Element based solutions, which have time-step constraints for
transient heat transfer analysis.
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Figure 18.6 Example temperature prediction for a test Waveform B artificial lightning strike.
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Important MHD simulation works include Chemartin et al. [4] who modeled the
behavior of a simulated lightning strike test waveform in an effort to understand the
arc attachment behavior during a Waveform C swept stroke. Abdelal and Murphy
[32] followed Chemartin et al. presenting a complete description of an FE approach
but modeling a 2D-axisymmetric Waveform B simulated lightning strike test condi-
tion. Abdelal and Murphy represented initial plasma formation using cold-field
electron emissions and enabling the transient prediction of thermal, mechanical, and
electromagnetic behavior. In order to reduce the simulation run time, they also
harnessed similitude theory to increase the utility of the model as a design tool.
More recently, two works have proposed CFD plasma models. Chen et al. [33] devel-
oped a coupled plasma fluid-structure simulation for test Waveform A while Wang
et al. [34] completed a study on Waveform C. Both of these works created 3D simu-
lations but included significant initial boundary condition assumptions.

Finally, research has also been conducted to integrate plasma modeling, and
specimen thermal and mechanical modeling. Millen et al. and Chen et al. coupled
plasma models with specimen thermal-electric models and predicted damage profiles
[33,35]. Although the noted works demonstrate the potential to create a completely
virtual test, there are significant constraints in their use due to limitations on available
material properties, as highlighted in the previous sections.

18.9 Modeling enabled LPS design

Clearly, great potential exists to harness the power of the described modeling
approaches to enhance protection system design and tailor LPS solutions to specific
material systems and stacking sequences, aircraft zones, and components. The final
aim of simulation development must be to enable engineers to explore the electric,
chemical, thermal and mechanical processes active during a lightning strike event,
specifically at the interface between the lightning current channel and the composite
structure. By understanding this behavior, the great opportunity is to formulate new
and elegant protection solutions, a task not possible through traditional experimental
testing. In gaining such predictive simulation capability, it may be possible to harness
as yet unexploited electric and chemical behaviors to enhance aircraft lightning protec-
tion. For example, to modify the plasma properties at the arc structure interface via
sacrificial surface coatings, which can modify local plasma properties and increase
shielding or increase arc movement, reducing local temperature build-up and conse-
quent material damage.

Ultimately the developing modeling capability has the potential to minimize the
volume of physical testing used in product development, creating direct aircraft
program cost and time benefits. However, potential unknowns and variability in the
physical materials and the environment in which they are manufactured suggest that
computational methods cannot replace physical testing completely. Nevertheless, in
other areas of structural behavior, robust, validated numerical prediction procedures
have been demonstrated to reduce the number of experimental tests required to vali-
date a new design.
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As the modeling capability associated with lightning events improves and engineers
become ever more reliant on simulation, the need for validation of models is evident.
In aerospace, the systems engineering “V” diagram is the embedded approach to
system development and validation. In this, the system is broken down to its smallest
component elements for design and development. These smallest elements are tested,
and are then integrated into the higher system level, tested again and so on, until the
whole product is assembled and tested in its final operational state. Tests to screen
candidate designs or later for performance demonstration for certification do not by
design enable the best simulation validation data. Typically loading conditions, bound-
ary conditions, discrete or focused data capture, all restrict simulation validation.
Moreover, the simulations seeking to more closely represent the tested reality add
detail to reproduce better test results; but getting closer to the reality of the test does
not imply being closer to the reality of the aircraft in service [36]. This is particularly
true for lightning tests, which are idealized representations of a natural phenomenon
that exhibits great variation. Thus, as modeling capability increases, there is also a
need for the physical testing associated with aircraft design and certification to evolve.

18.10 Outstanding challenges requiring further research

The design of new and novel protection solutions is constrained by the complex multi-
physics, high temperatures, and short duration of strike events, which has meant LPS
design has to date been empirical and incremental in nature. A lack of quantitative
analysis methods has resulted in an incomplete understanding of the physics, and
thus, it can be argued that the current designs are not optimized considering the full
range of physical behaviors, which occur during a lightning strike event. Simulation
methods show much promise to support in the development and design of improved
protection systems; however, there is a requirement for better capture of experimental
behavior so that simulation methods can be thoroughly critiqued and improved. Key
behavior, such as arc channel expansion and movement needs to be systematically
captured and studied. Moreover, for plasma model verification and validation, exper-
imental methods must be employed to capture plasma composition and properties.
Interaction between the plasma and specimen surface is also necessary if step change
in the mechanism of protection is to be logically conceived. Much of this experimental
data is required over a range of current waveforms - beyond the four required for
certification. With regards to the prediction of damage, the most significant constraint
on progress is the availability of material properties at the high heating rates, high
temperatures, and high strain-rates expected during lightning strike events. Initial
simulation work has identified the probable range over which data is required, but
novel experimental programs are required to create the data. Modeling of explosive
behavior requires much work and is again highly reliant on appropriate material
data. In this case, methods need to be explored to relate conditions during the lightning
strike event and material properties to explosive energy. Finally, the coupling between
the plasma models and the specimen models are not fully developed with only
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one-way sequential coupling demonstrated to date [35]. Part of this challenge relates to
the computational cost of the plasma models, which will grow with greater coupling
but also with the addition of currently missing physics and chemistry. In summary,
much is still to be understood on the detailed behavior of a lightning strike event on
composite material, and to translate this into engineering tools to improve the design
of lightning protection systems.
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Certification and airworthiness of
polymer composite aircraft 19
S. Waite
Senior Expert e Materials, Certification Directorate, EASA, Cologne, Germany

19.1 Introduction

Composite materials potentially offer many benefits to aviation which are well recog-
nized, e.g., high strength and/or stiffness to weight ratios, potential fatigue, and
maintenance benefits, etc. Consequently, the aviation industry has increasingly been
using composite materials in a growing number of product applications over many
decades. However, although well established in the General Aviation (GA) and the
rotorcraft industries, the recently extended use of composites into significantly loaded
and complex large passenger aircraft applications has required that the regulators pay
particular attention to the subject, as any such potentially significant changes would do,
and as has been evident in a growing number of projects, e.g., in A350 [1] and B787
[2] airframes, and other large passenger aircraft-related products, including the LEAP
engine fan blade [3], A400M propeller (Ratier Figeac FH386), undercarriage struc-
tures, and composite seat frames [4]. These projects have been dominated by the
use of Polymer Matrix Composites (PMCs) using an array of processes, as discussed
in this chapter. However, there are also many other rapidly emerging materials and
processes, for which, much of what is discussed remains relevant to some extent,
but are not specifically discussed in this chapter.

The regulatory expectation is that the existing “acceptable” level of safety is to be
maintained, which may be challenging when considering that the “engineering prop-
erties” of composite materials differ significantly from traditional metals, these being
more directly built into the part, or repair, because they are a function of material,
process, and fabrication methods, which may be sensitive to many process parameters.
In particular, anisotropy can offer many potential and competing types of flaw and
damage modes, some of which may be difficult to detect. Therefore, a thorough threat
assessment is important for safe aircraft design, manufacture, and operation, with the
assessment paying particular attention to process controls and developing a good
understanding of damage tolerance.

These characteristics require a more integrated approach to initial and continued
airworthiness certification, necessitating the development of new workforce knowl-
edge and skills throughout the industry. The regulatory process can benefit signifi-
cantly from sharing “lessons learned.” However, this requires that any “lessons
learned” be correctly defined, documented, and communicated throughout the
industry. Globalization, and the evolution of a more segmented industry have added
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to these challenges, noting the more integrated relationship between design, manufac-
ture, and operational issues relative to more conventional technologies.

The regulators (certifying agencies) are required to help maintain the existing
acceptable level of safety via the certification process, by which the applicants demon-
strate to the regulators, via the official documents (sometimes directly supported by
conformity checks, test witnessing, or interviews completed by the regulator, etc),
that the appropriate level of achievement has been met, as measured relative to the
aviation safety regulations (including the showing of the Means of Compliance
(MoC)).

There exists a growing body of supporting guidance documentation regarding the
certification and airworthiness of composite aviation structures, these typically
addressing specific themes or groupings of specific themes, e.g., AMC 20e29 [5],
CMH-17 [6]. However, there are still only a limited number of texts providing a
broader overview of the subject from a regulatory perspective, Waite [7], Ashforth
and Ilcewicz [8]. Therefore, this chapter aims to add to that limited coverage by briefly
providing such an overview, linking academic understanding and process with certifi-
cation as it relates to design, manufacture, and operational reality.

19.2 The regulators, regulations, and certification

The certification of composite aircraft products occurs within the bounds of many
high-level regulations, which have been defined by the regulators in conjunction
with industry, and which are not material, process, or fabrication method specific.
However, the importance of needing to identify material, process, and fabrication
methods is recognized at the legally binding product definition level. Consequently,
the majority of direct regulatory engagement with composite materials typically occurs
at the interpretative level, generally via guidance material and/or direct involvement
with applicants and the databases supporting the products.

Noting the dependency of the “engineering properties,” and a successful design,
upon the integrated relationship between material, process, and fabrication methods,
the regulatory confidence, and the level of regulatory involvement in any particular
project, will be dependent, in part, upon the criticality of the application and/or the
novelty of the material, process, fabrication methods and/or novelty of the application
to the applicant. Consequently, established databases and the use of previously demon-
strated successful design methodologies support efficient certification, while the certi-
fication of new materials, processes, and fabrication methods and/or applications new
to applicants are likely to require further mitigating actions, e.g., the use of obviously
conservative design philosophies and/or the use of fleet leader and fleet sampling stra-
tegies, whereby structure in lead time products may be subjected to additional actions
(for example, additional inspections, tests, or cut-ups).

Appendix 1 provides details of the regulators, regulations, and certification by
providing a brief description of the regulatory structure, including linkage to guidance
documentation, within which certification of composite aircraft products occurs.
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19.3 Certification of composite aircraft

Product certification is initially defined relative to requirements and guidance material
which considers design, manufacture, and predicted operation based upon existing
experience, expected utilization, and predicted performance, etc. This is considered
to be “initial airworthiness.” However, the experience may not be as expected and/
or utilization may change, resulting in unexpected and/or unacceptable performance.
Therefore, the “initial airworthiness” process is to be supported by an appropriate
“continued airworthiness” process defined by monitoring activities and corrective
actions.

The integrated relationship between the design, manufacture and operation of com-
posite products and composite “engineering properties” requires an appropriately
integrated relationship between initial airworthiness and continued airworthiness
activities. This should be defined within the certification process.

19.3.1 Initial airworthiness

A safe design is considered to be one which is adequately robust to manage all likely
threats, including the explicitly defined threats in the Certification Specifications (CS).
For metallic structure, Swift [9] discussed the two frame bay skin crack and cracked
frame criterion, which is a relatively simple design philosophy, which can help to
define a robust structure that may be capable of sustaining damages resulting from
many threat sources without all threat details being explicitly and directly included
within the test substantiation process (provided that it is demonstrated to be appro-
priate for the material and configuration selected for the design). For many established
Type Certificate Holders (TCH), this approach has become common practice for
metallic structures, helping to define the currently acceptable level of safety. Such
an approach works, in part, for metallic structure because fatigue in metallic structures
also offers the potential and realistic opportunity of finding progressive crack growth
within timescales and regulatory load thresholds acceptable to the regulators and
operators. However, in order to achieve “equivalence” regarding robustness in com-
posite structure designs, the potential for more damage modes needs to be addressed,
including some of which are not readily detectable, e.g., weak bonds, disbonds, delam-
inations. Therefore, caution should be exercised when taking such an approach to
composite certification in order to ensure that all damage modes have been addressed
in the substantiation test work. Furthermore, the application of seeded damage modes
requires caution in order to avoid masking other competing, and potentially more
critical, damage modes, e.g., a hole in a composite of similar size to a possible delam-
ination may not represent the potential for further delamination growth, which may
exist between plies but which may not exist in the physics of creating the simple
hole for damage simulation purposes. Such an approach may be further challenged
by the quasi-brittle performance demonstrated by some composite materials and
configurations, which are not evident in the majority of metallic structures.

Certification and airworthiness of polymer composite aircraft 595



Composite aircraft are certified within the regulatory framework described in
Appendix 1. The certifications are defined relative to a series of established product
design CSs which address the majority of design and construction themes in Subparts
to each CS. For example Subpart C “Structure” which includes the requirements, in
part, for loads, static strength, fatigue and damage tolerance, and lightning protection
(for CS25); and Subpart D “Design and Construction,” which includes requirements,
in part, for material properties, design values, fabrication methods, fire, and lightning
protection.

Composite materials are only identified explicitly in the content of a limited number
of these CS’s, e.g., composite material specific specifications have been introduced
into the rotorcraft CSs, i.e., 27.573, and 29.573.

Note: Until CS-23 amendment 5, CS-23 included 23.573, which also explicitly
included the reference to bonded structures. However, the recent move toward
performance-based requirements has moved the relatively prescriptive content to
guidance documentation, ASTM F3115 [10].

The majority of regulatory references to composites occur in guidance materials.
However, although little composite specific content exists in the CS specifications,
many CS specifications may be significantly impacted by the use of composite mate-
rials, as captured in Appendix 1 to AMC 20e29 [5] (harmonized with FAA AC 20-
107B), as referenced from key CS requirement CS-2x-603, e.g., CS 25.603 Materials
(See AMC 25.603; For Composite Materials, see AMC 20e29; For use of glass in pas-
senger cabins, see AMC 25.603(a)).

The suitability and durability of materials used for parts, the failure of which could
adversely affect safety, must

(a) Be established on the basis of experience or tests;
(b) Conform to approved specifications, that ensure their having the strength and other prop-

erties assumed in the design data (See AMC 25.603(b); and
(c) Take into account the effects of environmental conditions, such as temperature and

humidity, expected in service.

The table presented in AMC 20e29 Appendix 1 also identifies a broad range of
specifications requiring further consideration when introducing composite materials
into a design. This is presented in the form of theme groupings of key CSs, also refer-
enced to, and discussed, in text of paras. 6e11 in the document (not repeated here), i.e.

- Para. 6: Material and Fabrication
- Para. 7: Proof of Structured Static
- Para. 8: Proof of StructuredFatigue and Damage Tolerance
- Para. 9 Proof of StructuredFlutter
- Para. 10: Continued Airworthiness
- Para. 11: Additional Considerations

- Crashworthiness (including impact dynamics)
- Fire Protection, Flammability, and Thermal issues
- Lightning Protection

- Appendix A1.1 Applicable CSs and Relevant Guidance
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- Appendix A1.2: Definitions
- Appendix A1.3: Change of Composite Materials and/or Process

The table in AMC 20e29 Appendix 1 provides useful linkage between design,
production, and continued airworthiness issues in accordance with Safety Manage-
ment System (SMS) principles.

19.3.2 Residual strength (RS), fatigue and damage tolerance
(F&DT)

In order for a structure to function safely, and economically, throughout its lifetime, it
is important that the aircraft be designed to account for all likely threats throughout
manufacturing and operation. This requires that a threat assessment be completed
throughout these activities, which includes the identification of the threat sources,
particularly those which could impact structural performance and safety. These threats
need to be characterized and included in the substantiation process. There could be a
potential benefit arising from further threat assessment standardization.

Although the need for a threat assessment exists for all aspects of design, it is of
particular importance to composite structure RS and F&DT certification because com-
posites may be sensitive to process (bonding in particular) and accidental damage.
A key requirement capturing this intent is CS25.571:

CS25.571: Damage-tolerance & fatigue evaluation of structure

“(a) General. An evaluation of the strength, detail design, and fabrication must show that
catastrophic failure due to fatigue, manufacturing defects, environmental deterioration,
or accidental damage will be avoided throughout the operational life of the aeroplane
. ”

“(3) . inspections or other procedures must be established as necessary to prevent cata-
strophic failure, and must be included in the Airworthiness Limitations Section (ALS) of the
Instructions for Continued Airworthiness (ICA) required by CS 25.1529”

Although this text is taken from CS25, its basic intent applies more broadly to any
structure of significance to maintaining safety in any product, i.e., the specification
requires that all threats be considered (not only fatigue and corrosion, as metal expe-
rience has typically dictated). Structure (baseline and repairs) is to be designed to avoid
catastrophic failure by ensuring that damage can be detected and repaired within
substantiated inspection intervals when using substantiated inspection methods. This
expectation is defined relative to regulatory reference load levels. Fig. 19.1 provides
a guidance framework within which this MoC could be developed.

A structure should be capable of sustaining Ultimate Load (UL) capability
throughout the operational life of the aircraft. UL is, per the CSs, typically 1.5 x Limit
Load (LL). LLs are specified in the CSs and can generally be equated to the maximum
loads expected throughout the operational life of the aircraft. Any period during which
the structure is exposed to RS below UL capability should be minimized and damage,
when detected, must be repaired to restore UL capability.
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Fig. 19.1 suggests the definition and use of “Categories” of damage terminology in
order to help manage the process, as explained in AMC 20e29. However, applicants
can take different approaches, provided that the underlying issues are addressed.

Category 1 damage is that which could occur in production or service and remain
undetected for the life of the airframe, e.g., Barely Visible Impact Damage (BVID).
The structure is to be demonstrated to sustain UL following a lifetime of operation
with Category 1 damage. Typically, this capability is extended and demonstrated
for slightly larger damages in order to help define Allowable Damage Limits
(ADLs). This supports the design of a more commercially viable product by reducing
the need for operators to repeatedly contact the TCH for disposition of many very
minor damages.

Categories 2, 3, and 4 are as described in Fig. 19.1. Categories 2 requires detection
within substantiated inspection frequencies using substantiated inspection methods.
Category 3 should be immediately obvious within a small number of cycles of occur-
rence, e.g., being evident during a simple preflight walk-around inspection, requiring
immediate repair accordingly. Category 4 is immediately obvious to the flight crew
allowing appropriate pilot action to support Continued Safe Flight and Landing
(CSF&L).

Category 5 is outside immediate certification considerations but must be reported
for disposition, as discussed later in this chapter. It is important that the bounds to
all damage be located and repairs completed in accordance with regulations.

Category 2 damage:
VID, damage requiring repair per

normal inspection process

Category 1 damage:
 BVID, allowed Mfg. damage

Limit

Ultimate

1.5 Factor 
of safety

∼ Maximum load
per lifetime

Continued
safe flight

Allowable
damage limit

Critical damage
threshold

(ADL) (CDT)

Increasing damage severity

Category 5 damage:
Anomalous damage not covered in

design but known to operations,
requiring immediate repair

Category 4 damage:
 Discrete source damage,

obvious to flight crew,
 requiring repair after flight

Category 3 damage: 
Obvious damage found within a

few flights of occurrence,
requiring immediate repair

Design
load
level

Figure 19.1 Schematic diagram showing design load levels versus categories of damage
severity; Fig. 19.3 in Ref. [5].
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Metal structure designs, being typically fatigue driven, are allowed some credit for
being able to detect cracks and characterize crack growth when establishing inspection
frequencies. Design typically ensures that cracking is detectable well before the
structural capability is reduced to LL.

Composite structures typically require a damage “no-growth” philosophy because
damage growth can be rapid, unpredictable, and may not be readily detectable. There-
fore, the inspection intervals associated with likely damages require substantiation in
RS and F&DT tests. Fig. 19.2 shows a schematic diagram illustrating that such damage
should not remain undetected in the structure and without repair for a long time.

Ideally, a design should avoid configurations, which might result in steep RS reduc-
tions prior to reaching the detection threshold, particularly if the reduction in capability
is close to regulatory load thresholds, Fig. 19.3.

19.3.3 Building-block approach

A test or analysis supported by test, building-block approach is often used to support
certification, including the development of sizing criteria and analysis processes for
many subjects, including static strength, RS capability, F&DT, crashworthiness;
[11]. Fig. 19.4 shows an example of such an approach, as it may apply to a large
passenger aircraft certification. This provides some appreciation of the extent of
work necessary to generate a database, which could be considered to be adequate to
support certification of a large passenger aircraft composite product. This example
is supported by previous evolution in composite aircraft design concepts and technol-
ogy databases. The definition of the test and analysis pyramid, and the number of test
specimens necessary for certification may vary significantly from product to product,
depending upon size and complexity.

When applied to F&DT certification, the base of the test pyramid is typically used to
establish Environmental Knock Down Factors (EKDF) or scatter factors intended to

Damage initiation
or occurrence

Slow-growth approach#

No-growth approach##

Restidual strength

Limit loads

Ultimate loads

# Repair to restore ultimate strength
## No growth without repair is not acceptable

Shows acceptable interval at reduced RS before being repaired (no-growth case).

Shows unacceptable interval at reduced RS before being repaired (no-growth case).

Time

Figure 19.2 Schematic diagram of residual strength; Fig. 19.4 in Ref. [5].
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Figure 19.3 Damage detection and residual strength.
From Composite Materials Handbooke 17 (CMH-17) vol. 3 rev, 2003. https://www.cmh17.org.
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address material and process variability, e.g., Load Enhancement Factors (LEFs).
These factors are then applied to higher test pyramid tests, as appropriate, because it
is usually impractical to test a large complex structure in representative environments.

The mid-pyramid can be used to investigate configured structures, including testing
of some damaged structures in environmental chambers, as may be possible within the
bounds of the available test facilities. The number and types of test configurations
selected involve some “engineering judgment” because an industry-wide standardized
method is yet to be developed. However, the selections should address the full range of
configuration variables, e.g., the range of skin-stringer stiffness ratios in the design etc,
and all potential damage modes. Particular care should be taken to ensure that repre-
sentative Boundary Conditions (BCs) are maintained due to damage initiation and
growth being sensitive to such restraints. The higher building blocks in the pyramid
are generally used to validate loads and support the global Finite Element Models
(FEMs). Smaller product structures, e.g., General Aviation (GA) structures, allow
some variation regarding this approach, whereby a complete structure might be tested
hot, including a factor for moisture.

Note: Such products tend to rely upon limited high-level testing and little
mid-pyramid work. This approach may work for simple design concepts, e.g., aero-
batic airframes using single spar designs, when a bending test is likely to address
worst-case loading. However, if designing for multiple load paths, then a simple
bend test (without a supporting mid-test pyramid) is unlikely to provide adequate
grounds for certification due to the potential for unsubstantiated variation in load paths.
Therefore, further high-level pyramid testing may be expected by the regulator to
ensure that load paths, and the potential for competing damage modes, has been
substantiated, unless addressed by other mitigating factors.

The extensive testing needs that are associated with composites, largely the result of
anisotropy and data scatter, are potentially very expensive and time consuming.
Furthermore, computer modeling capability is rapidly developing. Therefore, there
exists considerable industry interest in using analysis to replace test. However, accept-
ability of such an approach is typically limited to previously validated models as used
and demonstrated by the applicant, i.e., extrapolation of either design concepts and/or
modeling philosophy (beyond limits of similarity, as agreed with the regulator) is
discouraged. For example, and when demonstrated to be applicable, the use of more
mature linear modeling techniques are more likely to be accepted as being similar
than less mature nonlinear techniques. Therefore, the EASA principles of Level of
Involvement (LoI), will typically be applied and test validation of new concepts and
configurations are likely to be required for the foreseeable future, particularly for
new and less experienced organizations. There exists scope to optimize the potential
use of the test and analysis pyramids by careful selection of test configurations relative
to global and local FEM capability, e.g., Figs. 19.5 and 19.6.

Much value can be gained from developing strain and failure predictions when
moving up through the increasingly complex test-analysis pyramid. However, it
should be noted that, for the purposes of certification, the predictions for any tests
to be witnessed by the regulators should be presented to the regulators prior to the
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test because true prediction should not be confused with predictions tuned to directly
match previous test results.

The building-block approach allows for some combined RS and F&DT certification
test work to be completed together using the same test article and test sequence for
composite structures. However, this requires caution because most practical structures
are typically hybrid structures, i.e., a combination of conventional metals (often used at
major load transfer joint locations) and composites, and the constituent materials
demonstrate very different properties, e.g., data scatter, thermal coefficients, damage
initiation mechanisms, etc.

High loads: Typically, fatigue testing of a metallic structure should not include
load peaks, which might retard the crack tips, such that the testing becomes unrepre-
sentative for the metals. However, composite failure is typically driven by peak loads,
so load peaks should be retained in the fatigue test spectrum. The need to also apply
LEFs to the composite materials, in order to address data scatter, further complicates
the situation.

Low loads: Typically, metals demonstrate active crack growth throughout a signif-
icant load range, requiring that most, or all, loads be retained in the test spectrum.
However, many composites are not sensitive to low loads, allowing for the potential
to remove a significant, but substantiated, part from the fatigue spectrum, thus short-
ening the test timescale.

Boxes physical tests 
to

computed models

Figure 19.5 Large full-scale test numerical simulation from slide 16 in Fualdes 2016 [13].

Figure 19.6 (a) and (b): A350 - Large full-scale test numerical simulation- 68 million degrees of
freedom; from slide 19; Fualdes 2016 [13].
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The significance of these challenges is a function of the material combinations
selected for the design and structure complexity, requiring careful consideration during
certification and resulting in several approaches as to how the test and analysis pyramid
can be used for substantiation. One approach is to use separate metallic and composite
test pyramids. This typically requires that the metal structure in the composite test
pyramid structure be repaired and replaced (sacrificed) during the F&DT testing in
order to ensure that the composite is tested with the appropriate LEFs. Alternatively,
different levels in the test pyramid can be tested using different LEFs, as appropriate to
the component material combinations (which may be metallic and/or composite,
noting that many composite structures also comprise of different composite material
and process combinations, each of which also may have different LEFs). Again, it
is necessary to ensure that representative BCs are maintained. The management of
LEFs in the test process is discussed in a growing body of work, e.g., Refs. [12,14].

A further challenge, arising from the use of hybrid structures (typical combinations
of metal and composites), is the management of structures subjected to significant
combined thermal and mechanical loads. In particular, it is impractical to combine
real thermal and mechanical cycles in the testing of many large hybrid structures,
e.g., hybrid wing center box structures, including fuel tanks. Industry and the
regulators are working to standardize expectations better regarding this subject.

19.3.4 Structural bonding

AMC 20e29 para.6 addresses “Material and Fabrication” and highlights the impor-
tance of following a strict process in order to produce reliable and robust composite
structures. Material and fabrication require significant consideration in the threat
assessment, and potential flaws need to be identified and managed appropriately in
the test and analysis pyramid.

For design engineers familiar with metallic structures, the para.6 text indicates that
composites typically require more involvement with, and understanding of, materials
and fabrication processes that may be required for many metallic structures. Para.6
highlights structural bonding as being particularly dependent upon strict process
control and justifies specific attention in any threat assessment.

Historically, a reference to bonding has been assumed to refer to the structural
bonding of two metal items (adherends) using adhesive. Fig. 19.7 from Ref. [15] is
a reminder that the metallic aging aircraft program was initiated following several large
metallic aircraft incidents, including the Aloha incident. However, the damage, in this
case, resulted, in part, from an initial cold bond failure in the metallic lap joints.

The evolution of composites has resulted in an extended definition for bonded joints
to include a broad array of configurations, including metals and/or composites (either
in cured or uncured state, with or without additional adhesive), Fig. 19.8 from
Ref. [16]. If the first item 1or 2 is initially uncured when the joint is constructed,
then it is termed “co-bonded.” If both, 1 and 2 are initially uncured, then it is termed
“co-cured.” Co-cured joints have not historically been fully addressed under the
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bonded joint specification 25.573(a) (5), although such bonds have many of the attri-
butes associated with bonded joints and should be certified accordingly. It is advisable
to clarify the definition of bonding used in any discussion because some variation in
terminology exists across products.

A correctly designed bonded joint is expected to fail in the adherend (cohesive fail-
ure), although failure within the adhesive may occur (also cohesive failure). Failure at
the interface between the adherend and adhesive is also possible (adhesion failure).
Adhesion failures are considered to be unacceptable because such failures are difficult
to detect, and the RS and F&DT capabilities are difficult to characterize, Fig. 19.9;
[17]. Such failures suggest poor process control. Issues requiring particular attention
include cleanliness, surface preparation, surface activation (typically when using

Figure 19.7 Alohadpartially initiated by cold bonded joint failure [15].

Adhesive

1

2

Figure 19.8 Bonded joint configurations [16].

Adhesion failure

Figure 19.9 Adhesion failure - unacceptable [17].

604 Polymer Composites in the Aerospace Industry



metallic adherends), surface protection, material compatibility, bond line thickness, all
of which can result in “weak bonds” and disbonds, if not adequately controlled. Weak
bonds are bonds which have not adequately completed the intended chemical reac-
tions, leaving no obvious physical evidence of having failed to complete the
process, e.g., no physical gaps. Such bonds may further degrade, yet the damage
may remain undetectable.

Industry has demonstrated many years of successful bonding in many baselines,
and potentially more challenging, repaired structures, e.g., there are many successful
sailplanes and general aviation applications using bonded configurations, including
successful extensive repairs to sailplanes, which have been completed in the mainte-
nance environment and which required the use of bonded splices to reattach separated
empennage structures to fuselage structures. However, there have also been incidents
associated with bonded baseline and repaired structures.

The majority of bonding related incidents have been a limited threat to safety,
largely due to the limited criticality associated with the majority of applications.
However, there have been some more significant incidents, e.g., involving large
passenger aircraft flight control surfaces and engine intakes. Furthermore, there have
also been some incidents in which the bonded structure failure has included bonded
joints which function as part of a critical single load path structure, e.g., rotorcraft
blades, tail booms, etc.

Some of the more significant events include a series of incidents associated with
potential environmental degradation of adhesives in both original rudder baseline
metal skinemetal core sandwich structure control surfaces and repairs, followed by
failure resulting from bond surface contamination in later replacement production
parts. Examples of such incidents, including incidents associated with elevons of
similar configuration, are addressed in a series of AAIB bulletins and reports,
including [18e20], see also Fig. 19.10(a) and (b) from Ref. [18]. Further investigations
of other sandwich structure control surface configurations and damage are included in
the reports by Hilgers [21], Hicken [22], and related workshop discussions in recent
CMH-17 meeting proceedings and EASA events. As a result of significant open
sharing of “lessons learned,” Airbus, in conjunction with CMH-17, has helped to
develop a broader understanding of sandwich response to Ground-Air-Ground
(GAG) pressure cycles in nonmetallic sandwich structure configurations. This has
also resulted in a developing ASTM D30 standard associated with Mode 1 type of
skin to core failure.

Some of the potentially more significant incidents involving repaired structures
have included an example of radome collapse in flight, which resulted in airflow inter-
fering with flight instrument indications. In this case, the damaged structure showing
evidence of extensive disbond and possible unidentified repair, Fig. 19.11 [23]. This
emphasized the importance of responsible maintenance organizations clearly identi-
fying, and recording, having worked within TCH data limits, and the importance of
demonstrating an adequate understanding of process sensitivity, from both design
and production perspectives. Such understanding should be supported by extensive
development work, appropriate First Article Inspections (FAI) definitions, and
supporting sampling strategies in production, etc. In general, it is considered that
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current understanding of composite technology severely limits the scope for “reverse
engineering,” i.e., building a part or extensive repair referenced only to limited data,
e.g., dimensions, use of mixed and selected sections of repair manuals, if not supported
and approved by the TCH or STCH.

Noting the need to pay particular attention to better understanding of bonded struc-
tures, AMC 20e29, para.6 repeats the intent from CS23.573(a) (5) amdt 4, which
addressed bonded structure, because elements of this specification have been used,
and proved to have been relevant, for other products, including CS-P ‘Propellers’.
In this case, in-service experience has proved the importance of using design features
intended to prevent catastrophic failure because, following a disbond event, blade

Right hand side of failed rudder

Figure 19.10 (a) Repaired original baseline rudder structure incident. (b) Later rudder structure
incident (G-BOAE, 4/12/2002) [18].

Figure 19.11 “Repaired” bonded structure failure (not considered to be the result of a bird
strike) [23].
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separation from a blade root has been prevented by such a feature. The CS23.573(a) (5)
text is repeated below, including the addition of limitations and author comments asso-
ciated with its use.

23.573(a) (5) amdt. 4 states:
‘For any bonded joint, the failure of which would result in catastrophic loss of the

aeroplane, the limit load capacity must be substantiated by one of the following
methods:

(i) The maximum disbonds of each bonded joint consistent with the capability to withstand the
loads in paragraph (a) (3) (i.e., critical limit flight loads considered ultimate) of this section
must be determined by analysis, tests, or both. Disbonds of each bonded joint greater than
this must be prevented by design features;

Limitations:

- not to be used to manage poor process - strict process control is always required for bonding
(implicit in CS2x.605)

- identification of appropriate and acceptable “design features” would benefit from
standardization

or

(ii) Proof testing must be conducted on each production article that will apply the critical
limit design load to each critical bonded joint;

Limitations:

- not practical for large airframes
- does not address degradation
- poor test load simulation can damage the airframe

or

(iii) Repeatable and reliable nondestructive inspection techniques must be established that
ensure the strength of each joint.’

Limitations:

- “Weak bonds” cannot be detected visually
- there is no reliable industrial scale NDI means available with which to detect such

defects, particularly for in-service use

Note: The industry and regulators continue to work toward addressing these limi-
tations. In the meantime, the regulators address the subject by expecting strict process
substantiation and the use of conservative design concepts, as substantiated on a case
by case basis (until more standardized approaches are developed). In recognition of the
challenges associated with bonding, the regulators have limited bonded repair design
to ensure that failure of the bonded repair will not expose the structure to less than LL
capability (or higher, depending upon governing TCH criteria), in the Bonded Repair
Size Limits (BRSL) Certification Memo (CM) [24].
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19.3.5 Accidental impact damage

A common and potentially significant threat to composite structure arises from impact
events, requiring an assessment of potential impact threat sources throughout
manufacturing and in-service. Accidental impact damage may result from many sour-
ces, e.g., including in production handling, in-service tire debris, engine debris, hail,
bird strike, etc., these requiring consideration relative to one or more of the categories
of damage identified in Fig. 19.1. In order to properly substantiate the structure, the
impact threat source is to be fully characterized, i.e., energy, geometry, stiffness,
etc., in order to help determine which resulting “representative” flaws and damages
require inclusion in substantiation test and analysis work. This can be a challenge
because the structure responses to impact, i.e., damage initiation, damage modes,
extents, locations, and growth, may be sensitive to Boundary Conditions (BCs).
Furthermore, the specific impact source details, i.e., geometries and energies, are often
unknown. However, the existing metallic fleet can provide a useful source of informa-
tion regarding potential threat sources because metallic structure often provides
witness to impact in the form of dents, gouges, and scratches. Fig. 19.12 shows the
summary of such a fleet survey of complete aircraft.

The damage threats can vary from component to component, and a survey is needed
to identify the most damage-prone areas and potential damage sources. For example, a
fuselage is exposed to different accidental threats than an empennage or a wing, due to
proximity to the ground and also servicing access. Thus, particular attention should be
given in the representation of the impactor type and size.

Fig. 19.13 shows such data when processed in the context of energy levels and rate
of occurrence, presented as threat zones (low, medium, and high), medium and high
being applicable local to fuselage door cut-outs in this case. Noting that the threat
source details are typically unknown, the missing information can be recovered by
impacting structures of similar configuration in order to produce similar damages.
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Figure 19.12 Threat characterizationdfleet damage survey from slide 24; Fualdes 2016; [13].
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Once the threat has been defined, similar impacts can be applied to the composite
structure, thus creating reference damage for substantiation in the composite certifica-
tion process. Accidental damage may be considered to be sharp or blunt.

Sharp impacts may result in penetrations, requiring an understanding of notch
behavior in order to design a robust structure. Substantiation of such data should typi-
cally be supported by using the building-block approach and involve consideration of
notches ranging from fastener holes (both open and filled) in simple panels, through to
large guillotine testing of configured and loaded structure (intended to represent
discrete source threats, such as large engine debris impact of the pressure hull).

Blunt impacts may result in hidden damage, which may initiate at energies lower
than those necessary to initiate externally detectable damage. If material screening
strategies have not eliminated such materials from the selection process, and such
materials are selected by the applicant, then substantiation should include thorough
characterization of the material behavior throughout a range of energies, impactor
geometries, and stiffnesses. An appropriate inspection method and schedule is to be
then substantiated. Fig. 19.14 shows an example plot demonstrating investigation of

Medium High Energy / rate of occurrence

Figure 19.13 Threat characterizationdZoning; from slide16 Fualdes 2014 [1].
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Figure 19.14 Damage characterization and detection thresholds [28].
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a range of impactors at a range of velocities, as considered necessary to explore the
potential for damage and its detectability following the impact of a sandwich structure,
see also the “inspection and damage detection” section below.

Fig. 19.15 develops the discussion by an example of R&D work completed to show
the significance of impactor geometry to dent detection following the impact of a
monolithic skin and stringer panel with 25.4 and 320 mm diameter metallic impac-
tors, respectively, at similar energy levels. When considering this structural configura-
tion, both impactors resulted in similar small internal damages. However, the larger
blunt impactor leaves no external visible indication. Although a robust design should
be demonstrated to tolerate such damage through appropriate F&DT substantiation,
damage resulting from multiple impacts could be more challenging, depending upon
the design concept.

A further historical consideration is that threats have typically been addressed in
certification by impacting conventional structures using the maximum threat stated
in the specifications, e.g., a 4lb bird would be used in the bird strike test, as necessary
to address CS25.631 (8lb for the empennage in accordance with FAA Part 25.631), or
a maximum tire debris size would be used, as determined by the CS25.734 tire model.
However, this may not be fully representative of the damage risk for composite struc-
tures due to the many competing damage modes, and the damage detection capability
being a function of impactor energy, impactor geometry, impactor stiffness, BCs, etc.
For example, if considering tire debris impact, the impactor is blunt and compliant
(to some extent), offering the potential to deliver significant energy during a blunt
impact event. Furthermore, debris, less than the maximum tire debris size, and at a
lesser energy level than the maximum stated in CS25.734, might cause a disbond or

 25.4 mm

Impacts 9 – 60 J 

Damage visible
(enhanced for photo)

 320 mm

Impact 2 – 60 J 
Impact 3 – 75 J 

Damage not visible

Figure 19.15 Impactor geometry and damage detection [27].
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delamination in a monolithic bonded skin and stringer configured structure, or result in
a crushed core in a sandwich structure such that the damage is not readily detectable.
This may have both safety and commercial implications because, following a loss of
tread from a tire, a decision is to be made regarding the need to NDI all structure in the
debris trajectories. This requires careful consideration when satisfying CS2x.571,
possibly requiring testing to address a range of impactor parameters (depending
upon the design concept) in order to support the definition of maintenance instructions,
as indicated in Fig. 19.14.

Similarly the hail threat may require further consideration, depending upon the
aircraft configuration, because hail demonstrates a broad range of compositions Field
et al., [25], providing both strengths and stiffnesses which may change the dynamics of
impact, thus challenging the validity of using a steel impactor simulation for airframe
test work (note frozen water-soaked cotton balls are used for windshield tests in some
test standards). Recent critical sandwich structure applications have required thorough
impact investigation [26], as would be expected in DOT/FAA/AR-99/49 [28]. Current
accepted hail certification practice, i.e., threat source definition, integration into the
design (in-flight and ground hail), and simulation are discussed in CMH-17 hail
[29]. However, standardization continues to develop.

Other certification practices, established during metallic certification and which
have contributed to the existing acceptable level of safety, might also need further
consideration when certifying composite structures, subject to the design concept.
For example, bird strike testing of metallic structures has typically been completed
with unloaded structures, while real in-service structures are usually impacted under
load, e.g., typically approximately 1g. Therefore, noting the engineering property
differences which exist between metallic and composite structures, it cannot be
assumed that the existing level of safety will be maintained by following the same
certification procedures. Investigations such as UK CAA/Cranfield [30] and DLR
[31] suggest that impacting composite structure subject to preload might both reduce
the extent of readily detectable damage and the RS capability, depending upon the
level of preload. This might be important for a design including critical flight control
surfaces, which might be exposed to critical load cases when deployed on approach to
landing, typically, a bird strike rich environment.

Extensive testing may be necessary to characterize all such parameters. However,
demonstration of an appropriately robust large damage capability may significantly
reduce the work required, provided that it can be demonstrated that the regulations
can be satisfied and that the large damage capability concept has fully bounded the
threat and the likely damage modes. For safety purposes, likely impacts should be
managed using a comprehensive F&DT philosophy. CMH-17 [6] provides some guid-
ance regarding deterministic and semi-probabilistic approaches. However, it should be
noted that a semi-probabilistic approach requires access to a significant and credible
database.

A detailed account of the current understanding of impact damage, compression
strength after impact, and fatigue of impact-induced delaminations is found in
Chapter 11.
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19.3.6 Initial airworthinessdcontinued airworthiness and
maintenance

In order to design for a safe and efficient structure, both commercial and safety inter-
ests can best be satisfied by designing with maintenance and modification in mind, as
shown schematically in Fig. 19.16. This involves consideration of the “initial airwor-
thiness” issues described above, e.g., robust design, allowing for useful ADLs, but also
designed for easy access and inspection (minimizing the need for NDI), and ease of
repair.

An efficient approach to design for a maintainable structure is for the TCH and the
operators to work together, benefitting from TCH certification knowledge in conjunc-
tion with direct operator knowledge, which adds value based upon operational
experience, understanding access issues, knowledge of in-service inspection capabil-
ities, etc.

For large passenger aircraft and large rotorcraft, this dialogue typically occurs
through the Maintenance Review Board (MRB) resulting in an MRB Report
(MRBR). The initial maintenance requirements are provided by Maintenance Steering
Group-3 (MSG-3), defining maintenance tasks and intervals, as agreed with the
regulators. These are delivered in a baseline planning document, known as the Master
Planning Document (MPD). The MPD forms the baseline for the development of
individual aircraft Maintenance Schedules (MS), which can be adapted subject to
experience (local environment, utilization, etc.), supported by appropriate evidence,
and regulatory agreement.

CS2x.571 states that inspections or other procedures must be established as neces-
sary to prevent catastrophic failure and that these must be included in the Airworthi-
ness Limitations Section (ALS) of the Instructions for Continued Airworthiness (ICA)
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Figure 19.16 Design for maintainable structure from CMH-17, V3C14, rev g Fig. 14.10.9.1(a)
[33].
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required by CS 25.1529. Therefore, tasks critical to maintaining airworthiness,
including inspections and life limitations, are included in the ALS. Further important
documents supporting initial airworthiness include the Maintenance Manuals (MMs)
and the Structural Repair Manuals (SRMs), the SRM providing ADLs and some repair
instructions.

The potential benefits arising from close TCH co-operation with the operators is
evident in Ref. [32], which provides practical design solutions which might improve
design for ease of repair. For example, Fig. 19.17 provides an example based upon
the frequent experience of damage to trailing edge structures, which are vulnerable
to ground vehicle impact. Earlier designs typically bonded and fastened the trailing
edges, resulting in the need to break the structure for the purposes of access and repair.
This often resulted in more damage and the need for a larger and more complex repair
than the original damage would have required. A potentially simple and efficient
solution is to design with a gasket and removable fastener.

AC 43-214A [34] (previously AC 145-6) was written to provide guidance regarding
repairs and alterations to composite and bonded aircraft structure and on facilities,
equipment, and inspection processes that a Maintenance Repair Organization
(MRO) must have to perform repairs and alterations. It is closely linked to AMC
20e29, yet recognizes the many different and additional practical constraints which
exist in the maintenance environment relative to a large TCH using a baseline structure
manufacturing facility. This document reminds the reader that repairs are intended to
restore airworthiness, i.e., the Design Organization Approval (DOA) holder, usually
the TCH or STCH, is to provide adequate data intended to make this possible, while
the MRO is to execute the repair to the required standard.

19.3.7 Inspection and damage detection

Aircraft safety relies upon a robust F&DT philosophy, which requires the timely detec-
tion of damage, forming part of the continued airworthiness process. Chapter 16 gives
a detailed account of NDT techniques in aircraft.

CS2x.571 states “. inspections or other procedures must be established as neces-
sary to prevent catastrophic failure.”

Furthermore, AMC 20e29 states “The extent of initially detectable damage
should be established and be consistent with inspection techniques”

Alternate
considerationFay surface soalant

Damage after breaking sealant 

Design a separable trailing edge
Consider one or more of the following solutions.
•   Use a sealant that is easier to remove
•   Use a release agent on one or both panels
•   Use a simple gasket

Sealant or
 gasket

Removable
fastener

Figure 19.17 Designing for ease of repair [32].

Certification and airworthiness of polymer composite aircraft 613



The regulators do not certify inspection methods but accept them when substanti-
ated as part of a certified product.

Visual inspection is the dominant inspection method, representing 80% þ of
inspections in service. The remainder of inspections relies upon NDI. This balance
between visual inspection and NDI is unlikely to change significantly in the near
future, primarily due to the cost and/or limited capability of some NDI methods.
For NDI to be acceptable in-service applications, the method needs to be cheap, robust,
reliable, portable, easy to operate (minimal training and qualification being required),
and the data needs to be easy to interpret. Few NDI methods satisfy all of these con-
ditions. CS2x.571 also states that “other procedures” could be used to support the DT
philosophy, which could allow for the use of appropriately substantiated Structural
Health Monitoring (SHM) in the future [35].

Although many NDI methods exist in R&D processes and are used to support
production, surprisingly few appear as identified certification steps in the certification
processes, and even fewer of these appear in-service applications. The most frequently
used methods included are tap testing, Ultrasonic Testing (UT), radiography, and to
some extent, thermography and shearography. Moisture meters are also used to detect
free-standing and absorbed moisture.

The basics of most established NDI methods are explained in other textbooks and
guidance documentation. Therefore, the following is provided only as a reminder
regarding the established NDI methods, some of which are continuing to be developed.
Some of these are being optimized for simplified use, e.g., the Ramp Damage Checker
is a simplified Ultrasonic Testing (UT) tool intended to be used by appropriately
trained inspectors who do not necessarily have specific NDI qualifications, e.g., Level
1,2, and 3; [36]. Furthermore, some methods are being developed using communica-
tion technologies to pass data directly to the TCH for processing. Fualdes 2014 [37]
provides an overview of inspection and detection methods used in relation to A350
F&DT philosophy.

19.3.7.1 Visual inspection

Visual inspection is associated with a range of more specific definitions, including
surveillance, normal visual, detailed visual. Each has a specific definition and will
be associated with appropriate levels of access, lighting, cleanliness, distance, etc.
Inspections using magnifying glasses and boroscopes may also be identified as visual
inspection methods, although these should be limited to localized inspection applica-
tions due to challenges regarding an operator’s ability to maintain concentration and
orientation in an extensive complex structure. Furthermore, lighting difficulties and
shadows may compromise damage detection.

The visual inspection definitions can be defined by the TCHs relative to substanti-
ated Probabilities of Detection (POD) data and in the context of the TCH design
philosophy. However, some more standardized definitions exist within processes,
such as MSG 3.
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e.g., MSG3 definition of General Visual Inspection (GVI):

“A visual examination of an interior or exterior area, installation or assembly to
detect obvious damage, failure or irregularity. This level of inspection is made from
within touching distance unless otherwise specified. A mirror may be necessary to
enhance visual access to all exposed surfaces in the inspection area. This level of
inspection is made under normally available lighting conditions such as daylight,
hangar lighting, flashlight or drop-light and may require removal or opening of
access panels or doors. Stands, ladders or platforms may be required to gain
proximity to the area being checked. Basic cleaning may be required to ensure
appropriate visibility.”

Inspections are typically targeting the reliable detection of dents, cracks, scratches,
gouges, and corrosion in metallic structures. However, as already discussed, many
damage modes may exist in composites, some being difficult to detect, e.g., disbonds
and delaminations and the correlation with dent depth data and RS capability may be
of limited use; planar damage size reflecting better RS capability, Figs. 19.2e19.10 in
Ref. [38]. See Chapter 12 for further data and models regarding these correlations.

When inspecting for dents, the POD should be established and shown to be conser-
vative relative to the DT design concept used. The POD can be dependent upon many
variables, e.g., surface finish, Fig. 19.18 shows the same dented panel in the same
lighting. The only difference being that the dent is visible when the panel is wetted.

Color could also be significant to the successful detection of dents, Fig. 19.19
shows the bivariate plot of dent depth v width for gloss white and gloss blue panels,
suggesting that increased w/d can reduce POD and that the POD for white is greater
than for blue. Again, the potential for any uncertainty should be addressed by robust
design philosophy.

The probability of making a valid finding (not a false alarm, or missed finding) is a
function of many factors, including inspector experience, job instructions, the criti-
cality of the component being inspected, expectations of damage, and personal biases;
Psymouli et al. [39]. In order to verify the finding, the inspector might alter distance,
angle, lighting, cleanliness, and complete a tactile test, e.g., tap or poke the structure.
An internal inspection may be a very important part of the process. Fig. 19.20 shows a
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Figure 19.18 Surface finish and damage detection [27].
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large passenger aircraft horizontal stabilizer spar internal damage uncovered at a
significant maintenance input sometime after external damage had been detected
and a cosmetic repair applied without internal inspection having been completed.
This case, highlights the importance of training and awareness regarding composite
damage and inspection needs. It also highlights the importance of designing with a
robust design philosophy.

Tap test: Tap testing relies upon assessing audible responses following tapping a
structural surface. Damage modifies the stiffness, thereby influencing the frequency.
Typically, a sharp, clear sound signifies an undamaged structure, while a dull sound
signifies a damaged structure.

In its simplest form, use of a simple hand-held coin to tap a structure to detect a
local damage or suspected damage site can provide useful, but very limited, supporting
information in a visual damage assessment, particularly when used with thin skin
structures, provided that the user has knowledge of the configuration, e.g., existing
underlying structure details, etc. However, such a crude tool should not be relied
upon and is of limited value for large areas of the structure. Any doubt regarding a
“good” response should be followed up with the use of more reliable methods.
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Figure 19.19 Surface finish and damage detection; Cook et al. [40].

Figure 19.20 Internal inspection following an external finding can be important [68].
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Tap testing exists in more automated forms, which may be more reliable and precise
than the manual tapping with a coin, allowing the use of standardized frequencies, and
recording of data, etc. However, such methods need thorough substantiation for
specific applications and structural configurations.

Ultrasonic Testing (UT): UT functions by introducing high frequency sound into
the structure and may be used to determine the existence of damage by either
measuring the signal on the far side of the structure, i.e., Through Transmission
(TT), or measuring the returned signal, i.e., Pulse Echo (PE). The existence of damage
typically changes the signal response.

UT is available in an extensive range of equipment options, including many
portable forms. Typically, the signal is coupled with the structure using a coupling
agent, e.g., water jet, gel, etc., although noncoupled methods are in development.
The equipment and data interpretation requires trained and qualified staff, although
simplified tools are in development. UT may be useful to help establish the extent
of in-plane damages, e.g., delaminations, although some of the details in multiple
layers of damage may be masked by other damage signals.

Data may be developed at a point location, linearly, or in plan form, i.e., A, B, or
C-scans respectively, and is typically referenced to standards, e.g., using a Flat Bottom
Hole (FBH) reference panel. However, for complex parts, a “representative” reference
part might be accepted as part of the reference data set, once the processes have been
frozen and the FAI details established.

Radiography (X-Ray) Radiography functions by passing X-rays through the part
and recording the transmitted signal, typically on film. The absorption is a function of
part density, which may be changed by damage. Therefore, composites require the use
of lower X-ray energies than typically denser metals. It may be necessary to use
penetrants, e.g., Zinc Iodide, in order to emphasize damages, e.g., delaminations,
assuming that the damage can be accessed by the penetrant. Such penetrants are
very difficult to remove from the inspected parts. Radiography can be useful for indi-
cating the extent of cracks and delamination in laminates or the existence of fluid in
sandwich structures.

Fig. 19.21(a) shows a simple comparison between UT and conventional X-ray data
for the same damaged specimen, while Fig. 19.21(b) shows the use of more recent
technology, comparing thermographic images with visual images of a panel both
before and following having been subjected to high-velocity impacts.

Radiographic equipment is typically heavy and of limited portability. It also has sig-
nificant health and safety limitations. This is certainly challenging in a maintenance
environment when an on-wing inspection is necessary because hangar space will be
subject to access restrictions during the process.

More recent developments in UT and X-ray capability allow very detailed images
of a structure to be created, including 3D images, e.g., using Computerized Tomogra-
phy (CT) scans, which can be used to develop very detailed 3D images of internal
structure.

Certification and airworthiness of polymer composite aircraft 617



19.3.8 Continued airworthiness

Initial designs may not perform as expected, potentially resulting in unsafe conditions
and requiring corrective actions, e.g., repairs outside the SRM limits, etc. Furthermore,
operators may wish to change the product by adding modifications, e.g., adding large
antennas, or changing the utilization, e.g., change use from a passenger aircraft to a
cargo aircraft or “water bomber.” These may significantly impact structural perfor-
mance, and safety, if not appropriately designed and manufactured. Therefore, the
“initial airworthiness” process is to be supported by appropriate “continued airworthi-
ness” processes. These are generally governed within the regulatory systems previ-
ously described.

Once in-service, unexpected issues of safety concern may be addressed by the issue
of Airworthiness Directives (ADs), which may require specific inspections and/or
require completion of corrective actions, e.g., delivered via Service Bulletins (SBs).
ADs may also impose, or change, life limitations and can result in fleets being
grounded. As is the case for “initial airworthiness,” there is little specific reference
to composites at the regulatory level regarding “continued airworthiness.”Again, there
is only limited, but increasing reference to composites at the guidance level, e.g., ACs,
CMH-17 Volume 3, CMs, etc.
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Figure 19.21 (a): Comparison between X-ray and UT (simple parallel B-scans) - indications of
high strain level fatigue generated cracking and delamination in a 3-Point Bend Specimen
(carbon prepreg 914C UD tape laminate); Waite [41].
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Fig. 19.21 (b) shows visual and thermographic (lock-in thermography) images of a simple
carbon prepreg panel before and after the high-velocity impact [31], demonstrating the
potential for thermographic methods to provide useful information in a laboratory
environment.
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19.3.8.1 Ground impact damage and high-energy wide-area
blunt impact (HEWABI)

A threat of particular interest is ground impact, e.g., impacts with ground vehicles and
equipment, etc., which account for more than 40% of aircraft damage, costing an
estimated Euro 2e4 4 billion per year in repairs and lost services [42]. Fig. 19.22
shows an example. This suggests that both commercial and safety benefits might result
from investing adequately in ground staff training.

Such events should be obvious, reported, and repairs completed accordingly. For
this reason, such events are considered to be outside the damage threats addressed
in the certification process, although the applicant is expected to provide the appro-
priate data necessary to ensure that all damage can be found and repaired to bring
the structure back to service, should that be desired, appropriate, and economical.
Such events have been identified as Category 5 in Fig. 19.1.

However, noting that composites have the potential for hidden damage, Category 5
damage has attracted some attention, particular relating to HEWABI. This has resulted
in R&D work and the recognition that the workforce needs to be provided with appro-
priately emphasized information regarding the operation and maintenance of such
products, in accordance with EASA Operational Suitability Data (OSD) principles,
see Appendix A1.2, and FAA policy [43]. R&D has considered various structural
configurations, including all-composite airframes, such as composite skin/stringer/
frame constructions [44], and hybrid airframes, with composite skin/stringer and
metallic frame constructions [45]. These used analyses supported by test building-
block approach.

Characterization of the threat source has been challenging due to the broad range of
variation associated with each of the many parameters relating to the impactor (ground
vehicle). For example, ground vehicles may be defined by many parameters, including
mass, speed, geometry, contact point material (noting the recent move to soften vehi-
cles by using rubber bumpers). The aircraft is also defined by many variables,
including mass, geometry, contact point material, and configuration (relating to both
local stiffness and aircraft level stiffness). The aircraft may be impacted over a broad
range of contact angles, and it may also translate upon impact, the dynamics of the
actual event being difficult to represent in either test or analysis. Consideration of these
points results in challenges regarding the definition of BCs for both test and analysis.

Fig. 19.23(a) and (b), show early R&D work completed using a 5 frame hybrid test
article, including an impactor with 4in diameter rubber bumper, in the test rig, and the

Figure 19.22 Ground vehicle impact [68].
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FEM model used to support the investigation. Fig. 19.24(a) shows that impact, equiv-
alent to a 2500 kg vehicle at 1 m/s, produced no externally obvious damage, yet
failed shear ties on the inside, Fig. 19.24(b).

Initial R&D work would suggest that it is possible to produce internal damage with
little external visible damage following a significant impact outside the regulatory
certification envelop, although the need to improve the representation of the BCs
has been recognized. The consequences of such damage would depend very much
upon the details of the design concept. For example, the failure of a number of shear

Figure 19.23 (a) Hybrid Test Article. (b) Hybrid Test Article FEM.
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ties might be addressed by Category 2 considerations, i.e., they may be detected within
the scheduled internal inspection cycle while retaining acceptable RS capability by
virtue of a broader robust design strategy. Note: Robust design strategies have been
demonstrated for existing product configurations, these involving significant and
extensive building-block test and analysis work. Furthermore, these have been
supported by significant efforts to improve workforce knowledge, as required by
OSD and FAA Policy [43]; see workforce knowledge section below.

19.3.9 Product changes (repairs outside existing data limits and
modifications)

The regulatory significance of product changes or repairs is normally classified as
“minor” and “major”,” as discussed in Appendix 1. Organizations wishing to change
a structure, e.g., modifications or repairs, typically need to satisfy the original Certifi-
cation Basis (CB), depending on the extent, criticality, and complexity of the change
(some significant changes may require reference to later requirements, see below).
Organizations wishing to develop changes typically need the appropriate organiza-
tional approvals identified in Appendix 1, although some more specific organizational
approvals are also available for product changes, e.g., Ref. [46]. The DOAs may be
supported by an appropriately approved Production Organization Approval (POA)
holder, while “Production without Production Organization Approval” is possible
under Subpart F. When addressing product changes, the changes may involve new
and/or baseline structure which could be metallic or composite.

(a) (b)
External surface

after impact

Impact = 2500 kg at 1 m/s

Figure 19.24 (a) Hybrid Test Article following impactdexternal view. (b) Hybrid Test Article
following impactdinternal view showing shear tie failure.
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Product change can present a very significant challenge to STCHs without direct
TCH support if the intended modification or repair to the composite structure is outside
existing TCH published data limits, e.g., as is typically provided per the SRM or in
TCH Service Bulletins (SBs), because, unlike many metallic configurations, much
of the data is very material, process, and configuration specific and, typically, such
data is limited by TCH willingness to share Intellectual Property (IP). Furthermore,
an applicant may be significantly challenged when demonstrating equivalence to
such data, if made available by the TCH. Without understanding the design allowables,
damage modes, etc., it will be difficult to assess the impact upon the composite base-
line structure [47]. Accordingly, applicants for such changes should understand that
the regulators are unlikely to be able to approve such changes which may impact
safety-critical baseline structures, e.g., Primary Structures, Principle Structural
Elements (PSEs), and Critical Parts, etc., without appropriate TCH data. The devel-
oping discussion regarding composite modifications is evident in proceedings of
various workshops, for example, composite modification workshops 2016, 2017
[48,49].

19.4 Other considerations

19.4.1 Crashworthiness

The existing acceptable level of safety for large passenger aircraft is provided by using
various CSs such as CS25.561, 25.562, 25.721, supported by long experience of
survivable accidents, the complexity of which have been beyond modeling capability
and complete definition within any CS. For crashworthiness, AMC 20e29 states:

“assure that occupants have every reasonable chance of escaping serious injury
under realistic and survivable crash impact conditions. A composite design should
account for unique behavior and structural characteristics.”

An “equivalence” approach has been adopted for recent projects, requiring that the
same basic criteria be addressed: (a) retention of items of mass; (b) survivable pulse;
and (c) protection of living space and (d) protection of escape routes.

A safety strategy was developed which included building and validating analytical
models against previous metallic narrow-body fuselage section drop test data and
applying these methods to existing “conventional” wide-body aircraft designs in order
to define survivable reference criteria for final comparison with the composite wide-
body airframe designs. In the absence of wide-body drop test data, the existing conven-
tional wide-body fleet accident experience is considered to have demonstrated an
acceptable level of safety over many decades when using the existing dynamic impact
requirements and established design concepts. Therefore, such data was considered to
provide an equivalence reference for the selected conventional comparative airframe,
noting that any poor design details which might drive unacceptably low reference
vertical drop speed values (Vz) would not be accepted by the regulators for application
to the new composite design.
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For the new designs, the design features constructed using composite materials
were substantiated by test and analysis building-block work, as appropriate to the
complexity and deviation of the design from conventional design practices.

Consideration was given to the potential for competing damage modes to result in
changes in the governing survival criteria throughout the likely survivable Vz range,
this being potentially being up to 30 ft/s (9.2 m/s) (based upon actual accident
data), but depending more specifically upon reasonable survivability, reference data
having been generated by the conventional configuration used for equivalence pur-
poses, as previously discussed. This was achieved by analytical model investigations
of the conventional and new designs throughout a range of drop speeds and for a range
of passenger and cargo load configurations. Consideration was also given to off-axis
impacts for the more complex or novel design features, i.e., for those impacts associ-
ated with realistic scenarios, including yaw, pitch, and roll, when consideration of a
simple vertical impact alone might be inappropriate.

Crashworthiness certification was managed in recent projects using an EASA SC.
There is a growing body of developing guidance material [50e52]. See Chapter 13 for
more detail on the crashworthiness of polymer composites.

19.4.2 Thermal issues, fire protection, and flammability

The regulations have included fire protection and flammability requirements for inte-
rior structures, and structures local to the power plant, for many years. However, the
increasing use of composite has required that the thermal and fire issues be more
thoroughly and systematically addressed.

Thermal issuesdwithin the design envelope: Thermal considerations require
thorough exploration of the heat environment, also allowing for local equipment instal-
lations which might impact the reference structure temperatures relative to atmospheric
temperatures, in order to ensure that local glass transition temperatures (Tg), will not
be challenged in normal operation. Some established design practices exist regarding
this point, e.g., Ref. [53]. This prescribes a commonly used minimum margin between
Tg and Maximum Operating Temperature (MOT) of 50�F (28�C) for laminates, while
30�F (17�C) is expected for adhesives. For example, local electrical heat sources could
contribute to an extreme atmospheric temperature, adding to the reference airframe
temperature when the aircraft is on the ground and subject to heat soak at a desert
airfield. Furthermore, aircraft paint color may be important for low Tg materials, as
is often used in GA applications. Further safety mitigating factors are expected to
address such matters, if not addressed directly within the bounds of conventional
certification practices, e.g., temperature measurement devices could be used with flight
restrictions and/or maneuver limitations applied for a given period following take-off
(intended to allow for structure cooling), etc. It should also be noted that low temper-
atures may be more critical for some materials and applications. These considerations
should be addressed in the material selection, qualification, and DT processes
accordingly.

Fire Protection and Flammability: Beyond consideration of interiors, and struc-
ture local to power plant, there are no composite or structure specific requirements
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addressing fire protection and flammability. Therefore several fire scenarios have been
addressed via SCs in recent projects, i.e., in-flight fire and postcrash fire. Again, an
“equivalency” strategy has been expected, and the use of the building-block approach,
which is necessary because the fire behavior and structural response may be dictated
by the complexity of the configuration or the fire being external or internal to the struc-
ture, etc.

The possibility of in-flight fire should be minimized, but if it occurs, it should be
detected and suppressed, e.g., using extinguishing systems, etc. However, the potential
for latent fires might also exist. In all cases, the damage scenarios should be managed
in the context of the F&DT philosophy. Postcrash fire considerations primarily address
ensuring that collapse of fuel tank structures and release of fuel does not occur
following an otherwise survivable crash and fire before the passengers have evacuated
the aircraft.

Compliance has largely been demonstrated by test and analysis to show that,
following an otherwise survivable crash landing, there is sufficient time for passenger
to egress, without fire penetration or the release of gasses and/or materials that are
either toxic or reduce visibility (smoke density) or could increase the fire severity.
This has included testing, which had demonstrated that the strength and stiffness of
the composite structure does not reduce more than “equivalent” metallic structures
when exposed to a similar pool fire. The analysis should consider various permutations
of postcrash configurations, e.g., using CS25.729, including collapsed undercarriage
permutations or a separated engine, in conjunction with a range of possible fuel
weights and distributions.

Additional considerations include the need to inform rescue crews of any structural
configurations which might change rescue procedures, including instructions
regarding those new procedures, e.g., when placing ladders against composite struc-
tures previously exposed to fire, once extinguished, etc.

Safety considerations should be extended to providing guidance to recovery crews
regarding the removal of the wreckage from a crash site, e.g., due to possible fiber
release, etc., and the appropriate environmental measures necessary to return the site
to its original use, e.g., due to soil contamination.

19.4.3 Lightning

AMC 20e29 para.11 addresses lightning protection. Typically, the conductive paths
which are inherent to metallic structures allow the lightning energy to enter and exit
the airframe with limited damage. However, composite airframes are significantly
less conductive than metals, requiring a more active, lightning and static electricity
management strategy. These typically involve the inclusion of embedded conductive
metallic meshes, conductive surface layers or attachment of metallic strips and frames,
etc., such that a complete and robust conductive network is established and maintained
throughout the aircraft’s operational life. The threat source remains much as identified
in existing metallic zoning guidance, [54,55].

The potential for structural damage should be explored for all material combina-
tions, particularly fastened joint combinations, considering the likely range of fastener
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fit qualities and allowing for nonfunctional contact with protective meshes. Any result-
ing damage should be managed within the scope of the damage categories and the
F&DT philosophy.

A threat requiring particular attention is that resulting in arcing, particularly in a fuel
tank. The regulatory expectation is that redundancy in protection systems be demon-
strated. Furthermore, such systems need special consideration in production, mainte-
nance programs and care in repair processes. Service experience has provided
examples of catastrophic failure following a lightning strike. A recent AAIB report
[56] describes metal fatigue failure initiated by a small production defect in a hybrid
structure rotor blade caused by arcing associated with a previous lightning strike.

Lightning considerations should extend to the protection of systems, which may
result in a significant weight penalty due to the need for additional insulation. Careful
investigation and characterization of the importance of paint thickness may be neces-
sary because the composite structural response to lightning strike has been demon-
strated to be very sensitive to this parameter. See Chapter 18 for a detailed account
of lightning strike issues on polymer composite aircraft.

19.4.4 Workforce knowledge, training, and teamwork

Design, production, and maintenance organizations rely upon an appropriately quali-
fied and experienced workforce to design, produce, and operate a safe product.
Furthermore, the regulators must develop and maintain appropriate knowledge to
help ensure that this is being achieved [57].

Appropriate communication between staff members, both within and between these
organizations is essential. These expectations are embedded within the regulations,
particularly at a high level. However, there are few detailed engineering standard prac-
tices for composites. Therefore, in order to maintain safety and minimize associated
costs, good teamwork is essential. This relies upon each team member understanding
their own capabilities, knowledge, and responsibilities and how these relate to the
capabilities, knowledge, and responsibilities of others. Furthermore, they must know
as to how and when to communicate with other team members. TCH workshop and
conference presentations, e.g., Ref. [58], help to develop broader common knowledge
and support improved communications. These organizations and workforces also rely
upon appropriate training, including theory, “hands-on,” and “On the Job Training”
(OJT) to create and maintain such a workforce.

In the design environment, the large and established TCHs tend to develop technol-
ogy applications and databases for future products in conjunction with in-house staff,
supported by selective external training. Furthermore, they are typically resourced to
interact with production and in-service activities, as would be beneficial for efficient
composite design, particularly for maintenance and repair. Therefore, such organiza-
tions are well placed for knowledge transfer within their organizations, and also to
develop and deliver appropriate product specific training to customers, e.g., type
courses and other training courses [58].

New TCHs, or TCHs new to composites, will need to develop a substantial training
strategy, which will be linked to specific configuration development. Experience has
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shown that this can be a significant challenge for new GA and small rotorcraft
organizations, which typically have very limited resource. Even when using
established materials, problems may be encountered because previous success in
established organizations has been based, in part, upon “tribal knowledge.” Therefore,
new organizations can potentially benefit from engaging with shared database groups
[59]. Such an approach offers potential benefit to the new organization in the form of
access to knowledge, experience, and data, while the new organization might initially
offer other benefits to the group, e.g., document translation, etc., until it becomes a
valid technical member and contributor.

Design organizations supporting the MRO community, particularly those not
directly supported by TCHs, are often subject to similar resource challenges. Further-
more, they typically work within tight timescales and with limited facilities, while
supporting multiple technologies from multiple TCHs using the limited published
supporting manual data. Therefore, knowledge transfer, training, teamwork, and
awareness become particularly important for those responsible in these environments,
e.g., the EASA Certification Verification Engineers (CVEs) and supporting the design
team. The significance is emphasized by the recent extensive introduction of compos-
ites into more critical large airframe structural applications because it has exposed
many in the in-service environment to composites for the first time.

It is essential that the TCHs have provided to the workforce the appropriate knowl-
edge and training regarding the product and its technologies because the arrival of new
technology poses many challenges [60]. In particular, the MROs are to ensure that they
develop and support appropriate maintenance workforces capable of working with
these products and technologies, such that poor repair practice is avoided,
Fig. 19.25, also [61,62].

(EU) No. 1321/2014 [63] addresses workforce knowledge and training, in partic-
ular, PART 66 “Certifying Staff,” while workforce training organization consider-
ations are addressed in the context of PART 147 “Training Organizations.” The
majority of guidance is at a high level. However, EASA is in the process of enhancing
details associated with some aspects of workforce knowledge and training, e.g.,
licensed workforce training.

Ribbon direction???
Cell deformation???

Figure 19.25 Training necessary to avoid poor repair practices; FAA case studies [62].
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Furthermore, the EASA OSD strategy provides some more prescriptive links to
composite knowledge expectations and training via EASA CM-MCSD-001“Mainte-
nance Certifying Staff,” which references, e.g., SAE AIR 5719 [64]. This strategy is
also supported by other documents produced by SAE CACRC.

Training and awareness expectations may be particularly important to composite
structures and should be extended to all levels of the operational environment, regula-
tory expectations including monitoring and inspection of movement areas [65] and
operation of vehicles [66].

Failure to support such actions can be expensive and potentially of safety concern,
e.g., Fig. 19.26 winglet and Fig. 19.27 engine examples;

In order to better standardize knowledge levels, the FAA defines three levels of
knowledge:

Level I: A basic introduction to the definition of composite materials, common
terminology, and basic processing.

Level II: Safety Awareness, is the level identified as required for workforce support-
ing composite applications.

Level III: Specialized Training is special skills needed in the industry and possibly
by some regulator experts. Examples of Level 3 training include specific NDI
techniques and analytical modeling methods (e.g., finite element analysis).

A series of online courses have also been developed, including a “hands-on”
supplement, to support Level II knowledge for composite engineering (CSET) and
manufacturing (CMT). Furthermore, a maintenance course (CMfgT) is planned for
general availability. These form part of an industry and regulator composite safety
strategy, and is recognized by EASA [67]. The regulatory intent is that certifying staff,
e.g., Part 66 staff supporting composites, CVEs, be at Level II, as appropriate to com-
posite design, manufacturing, or maintenance.

Figure 19.26 Pilot/ground crew wingspan awareness - two passing aircraft winglets collision
(one severed) during taxiing (the previous model did not have winglets) . a potential repair
challenge? [68].
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19.4.5 Reporting, forensics, and database taxonomy

The regulations identify the importance of personnel engaged in aviation activities,
particularly those with safety-related functions, making every effort to identify, report,
and correct nonconformities and/or damage throughout production and in service. This
includes individuals reporting to their respective organizations and organizations
reporting to the regulators (particularly relating to incidents and accidents).
Importantly, these processes also allow for anonymous reporting. It is important that
organizations provide the appropriate support to the workforce regarding training
and execution for these processes.

The importance of reporting systems is identified throughout the EASA regulations,
including PART 21.A.3A “Failures, malfunctions and defects” [69] and in-service
reporting is addressed in ADR.OR.D.030 “Safety reporting system” [70]. Although
safety should always be the priority, the realities associated the time pressures, partic-
ularly in operational environments, combined with perceived threats by staff from their
employers regarding continued employment following reporting an event, must be
recognized, even with the availability of anonymous reporting. Therefore, every effort
should be made by organizations to develop strategies to prioritize safety while
minimizing the “blame culture,” which might discourage reporting.

Furthermore, AMC 20-29 states:

“Pilots, ramp maintenance and other operations personnel that service aircraft
should be trained to immediately report anomalous ramp incidents and flight events
that may potentially cause serious damage to composite aircraft structures.”

TCHs of recent large composite products have developed training and awareness
data to improve understanding of the product which should support correct actions
following incidents and findings. This supports the intent of the EASA OSD strategy,
and [43].

Figure 19.27 Ground crew awarenessdengine lowered on to steps as wing deflected during
refueling [68].
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Once a finding has been made, or an incident has occurred, it is important that all
available and appropriate data is correctly reported in order to ensure correct disposi-
tion. Although correct repair may be the priority for an operator, the information also
has potential future safety and commercial value, but only if correctly processed and
reported.

Although a correctly completed repair can resolve an immediate short term opera-
tional problem, it may not address a broader systemic matter. Furthermore, following
more serious incidents and accidents, it is essential that the correct data is developed
and reported in order to establish cause and appropriate corrective actions. In such
cases, the availability of correct data can also help to potentially limit the scope of
action required relating to the remaining fleet and may allow the effort to be directed
to addressing the correct problem.

Initial Cause: Correct identification of any obvious and initial cause, if known,
may support changes in process which help to avoid future reoccurrence of such
events, e.g., impact events in service may be the result of particular ground vehicle
driver practices. Furthermore, knowledge of the cause may help to identify likely
damages throughout a structure, e.g., a high energy blunt impact, or evidence of an
impact of unknown energy, would be assumed to require inspection of all load paths
for remote damage resulting from load transfer, unless otherwise substantiated. It is
important that all damage locations, damage modes, and defect/damage extents be
identified for the purpose of completing appropriate repairs.

Forensics: If no obvious initial cause can be conclusively identified, then further
forensic work may be required. It is important that all damage locations, damage
modes, and defect/damage extents be investigated in order to correctly separate the
cause from witness. Bonded structures can be challenging, [17,71e73]. It is important
to establish whether a reported “disbond” is a correctly reported adhesion failure (a po-
tential production/repair process error), or an incorrectly reported adherend failure
(a potential design or operational error). The direction of subsequent investigation
may be very different, depending upon the initial data supplied. The forensics specific
to fire damaged composites is currently an initiative in the FAA Composite Plan. The
loss of evidence associated with fire can be particularly challenging.

Database Taxonomy: Assuming that the correct cause has been identified and
forensics have been completed, it is then important that consistent terminology [74],
be used when the data is entered into the database, as otherwise the data may be
lost to those searching the database. Further standardization regarding this matter is
recommended for improved efficiency.

19.5 The future certification and airworthiness of
polymer composite aircraft

New technologies and new applications of existing technologies are developing
quickly, changing the relationship between design, production, and in-service func-
tions. A consequence of this process is a developing approach to regulation, moving
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toward “performance” based regulations, away from more “prescriptive” based regu-
lations, e.g., as evident in the change from amendment 4 to amendment 5 of CS23.
Furthermore, the EASA focus for new product certifications will be based upon
criticality and novelty of design, i.a.w LoI principles.

However, the existing fleet already includes significant composite structure, some
used in critical applications, potentially requiring future safety management as lessons
continue to be learned. For example, recent events relating to sandwich structures in
large passenger aircraft and rotorcraft products have required the review of good sand-
wich structure design practices [75,76] and is likely to be supported by other documen-
tation, e.g., a Sandwich Structure Airworthiness Circular (AC) and/or guidance within
CMH-17. Similarly, industry-led organizations, such as SAE CACRC, continue to
work toward supporting aging composite products, e.g., Ref. [77] addresses the man-
agement and repair of metal skin - metal core sandwich structure products, many of
which are out of production. Furthermore, MROs continue to research improved repair
methods. Popp [78] discusses efforts to combine an array of developing technologies
intended to improve bonded repair efficiency.

Lessons learned from recent large composite passenger aircraft certifications, as
expressed in SCs, are being processed for potential rule and guidance changes in
Aviation Rulemaking Advisory Committee (ARAC) Working Groups (WGs).
For example,

1/Transport Airplane Metallic and Composite Structures Working Groupd
Recommendation Report to FAA (TAMCSWG). The WGs were formed to investigate:
1. Threat Assessment
2. Structural Damage Capability (SDC)
3. Testing of Hybrid Structure
4. Aging Mechanisms
5. Inspection Thresholds
6. Bonded or Bolted Repairs
7. Large Modifications
8. Inspections and the Airworthiness Limitations Section (ALS)
9. Harmonize European Aviation Safety Agency (EASA) Aging Aircraft Rulemaking
10. Emerging Material Technology
11. Rotorburst Policy
12. Cracking During Full-Scale Fatigue Test
2/Transport Aircraft Crashworthiness and Ditching Working Group Report to FAA
(TACDWG). The WGs formed were:
1. In-service Data Evaluation
2. Crashworthiness
3. Ditching
4. Equipage and Protocol

The outcome of these activities is yet to be processed. However, most change
recommendations are likely to be related to guidance, not rule, content. Existing guid-
ance material continues to be revised, e.g., AC20-107B/AMC 20e29, having been
issued in 2009/2010 respectively, are under consideration for revision. New guidance
documentation continues to be developed in response to “lessons learned” or to
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support new applications, e.g., draft SAE AIR 6337 [79] is in development to address
composite seat structures.

The Industry Regulator Composite WG continues to work to identify themes of po-
tential safety concern in large passenger airframe applications, for example, Fig. 19.28,
supported by many industry standardization bodies, e.g., CMH-17, SAE CACRC,
ASTM, etc. There is potential to develop similar activities for GA and the rotorcraft
industries.

PMCs continue to dominate major composite airframe configurations, and pro-
cesses continue to evolve, e.g., there being significant continued interest in Vacuum
Assisted Resin Transfer Molding (VARTM) and developing an interest in out of auto-
clave prepreg technologies. However, materials and processes will also continue to
evolve, continuing to require the appropriate characterization of sensitivities, dominant
failure modes, etc., e.g., for CMCs, MMCs, and Additive Manufacturing (AM)
methods. Furthermore, applications will continue to extend beyond airframe, engines,
propellers, undercarriage, seats, etc.

Regardless of the material, process, or configuration, the regulators will be looking
for the identification of key parameters and the demonstration of understanding of the
sensitivity of “engineering properties” to these parameters, and how they are managed
to ensure stable production such that design allowables remain valid.

There is a need for better standardization of the statistical management of the mid-
dle of the test and analysis pyramid. Furthermore, a clear understanding of damage
modes will need to be demonstrated, including the use of appropriate RS and
F&DT strategies. This will form an important part of the developing discussion and
industry interest in the potential to increase the use of analysis in place of the test.

Overview FY2017
Red is new FY2017

CE B: Advanced composite
maintenance

Green is expected to have a
significant revision in FY2018

CE D: Composite quality
assurance

CE G: Engine applications
guidance

COS B: HEWABI (High-
energy, wide-aera blunt
impact)
COS C: Failure analysis of
composites subjected to fire

CE A: Hybrid F&DT
substantiation

CE C: Composite structural
modifications 

COS A: Bonded structure

CE E: Bonded structure
guidance

CE F: General Composite
structure guidance

WE A: Composite
manufacturing
technology

WE B: Composite
structures technology

WE C: Composite
maintenance technology

Continuous operational
safety (COS) Certification efficiency (CE) Workforce education

(WE)

Federal aviation
administration 4

Transport WG meeting, ontario canada
july 17–21, 2017

Figure 19.28 Example of FAA AVS Composite Safety Pland2017(means of output delivery
continues to evolve, subject to changing rulemaking and guidance philosophy).
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Regardless of PMC airframe and passenger critical structure designs, e.g., compos-
ite seats [79], not being driven by fatigue, such structures will continue to need to show
that they meet regulatory objectives throughout service lives, in accordance with the
basic and legally binding regulations, Appendix 1.

The potential exists to exploit better the anisotropic properties of composites such
that loaded structures can be designed to adapt to assist optimization of the aerody-
namic profiles throughout the operational envelope in each phase of flight. These
may be combined with Structural Health Monitoring (SHM) methods. All will require
appropriate cautious management in order to establish true “airworthiness credit.”

Further subjects offering the potential for improved certification efficiency, subject
to R&D progress, include, hybrid structures, LEF management, inspection and
damage detection (use of IT, drones, etc.), process monitoring replacing inspection,
HEWABI, forensics, database management, relative static and dynamic structural
performance in various damage states, etc.

Composite materials will also play a significant role relative to increasing global
environmental concerns. However, the obvious potential weight benefits may be
significantly offset by issues associated with production (including the materials and
processes used to make them), operation challenges, and disposal of composite
structures.

The Advisory Council for Aeronautical Research in Europe (ACARE) is playing a
significant role in directing, i.c.w. European Industry, the aviation R&D in Europe,
setting environmental targets for 2020 and beyond.

- Reduce fuel consumption and carbon dioxide (CO2) emissions by 50% per passenger
kilometer;

- Reduce nitrogen oxide (NOx) emissions by 80%;
- Reduce perceived noise by 50%; and
- Make substantial progress in reducing the environmental impact of the manufacture,

maintenance as well as disposal of aircraft and related products.

The Clean Skies Program [80], currently “Clean Sky 2,” forms part of this strategy.
The Clean Skies program is the largest European research program developing inno-
vative, cutting-edge technology aimed at reducing CO2, gas emissions, and noise
levels produced by aircraft. Funded by the EU’s Horizon 2020 program, Clean Sky
contributes to strengthening European aero-industry collaboration, global leadership,
and competitiveness.

Composite materials feature significantly in many of the projects in various stages
of development, such projects being coordinated with EASA, as and when appropriate
[81].

Above all, one the largest challenges to the industry, including the regulators, seems
to be the safe management of the integrated design, production and continued airwor-
thiness processes associated with composites in an increasingly segmented global
industry. In particular, appropriate knowledge transfer and effective training will be
necessary to make this possible and efficient. The industry also needs to strive to
ensure composites provide a net environmental benefit relative to conventional
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materials, and the industry and regulators need to move toward global harmonization
and standardization, which can form a key part of an effective SMS.

Note: This chapter was written to add to the existing limited coverage of composite
certification texts from a regulatory perspective. It provides a brief overview of the
subject, linking academic understanding and process with certification as it relates
to design, manufacture, and operational reality. Therefore, it only represents a refer-
ence to some key themes and ideas and does not represent an MoC or regulatory
position for use in certification. The appropriate, and current, texts should be consulted
for the purpose of any certification, and the appropriate regulators consulted for any
clarifications prior to any embarking upon any project.

The content of this Chapter is partly derived from presentations given by EASA,
Ente Nazionale per l’Aviazione Civil (ENAC, Italy), Airbus, Boeing, Lufthansa Tech-
nik, Adhesion Associates, Snecma, and Expliseat at the SAA-EASA Composite
Materials Seminar, held at the Singapore Aviation Academy on 14e16 April 2014.

https://saa.caas.gov.sg/documents/20181/339902/SAA_Journal_2014.pdf/
93eca021-cd8f-4edc-af6f-6196515bfd15.

The author wishes to thank those who supported and reviewed this chapter, partic-
ularly Chantal Fualdes (Airbus).

Appendix 1: The regulators, regulations, and certification

A1.1 The regulators and the regulations

The aviation regulators and the associated regulatory systems were established primar-
ily to help define and maintain safety. However, the regulators were also established to
help maintain a “level playing field” for the applicants (initially for local industry, but
increasingly throughout global industries).

Generally, the aviation regulators, e.g., European Aviation Safety Agency (EASA),
Federal Aviation Administration (FAA), Transport Canada Civil Aviation (TCCA),
have been structured to address similar scopes of interest relating to all aspects of avia-
tion safety, although the details of these organizational structures may differ.

In Europe, EASA is structured [82] to function as a centralized organization repre-
senting EU aviation regulatory interests. The EASA Certification Directorate carries
responsibilities for initial airworthiness, working with the Flight Standards Directorate
to support and standardize design, production, and continued airworthiness activities.
EASA also relies upon the European National Airworthiness Authorities (NAAs) for
the execution of many of the production and continued airworthiness processes.

The regulators typically structure the regulations to comprise of high-level legally
binding “performance” based regulations supported by more “prescriptive” guidance
documents. The details of these regulations may vary from regulator to regulator,
although the basic intents remain similar.

The higher levels of the EASA regulations structure [83,84] are governed by the
legally binding European aviation Basic Regulation EC (EU) 2018/1139, which
addresses all aspects of aviation and is supported by further regulations which lay
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down the Implementing Rules (IRs) relative to each of the various aspects of aviation,
e.g., EC (EU) No 748/2012 PART 21 addresses a broad range of initial airworthiness
aviation activities such as certification of aircraft and related products, parts and appli-
ances, as well as the approval of design and production organizations, e.g., PART 21
Subpart J “Design Organization Approvals” and Subpart G “Production Organization
Approvals,” etc. Similarly, EC (EU) 1321/2014 addresses the continued airworthiness
of products and the approval of organizations involved in the continued airworthiness
processes, e.g., PART 145 “Maintenance Organization Approvals,” PART 147
“Training Organizations,” etc.

The IRs are further supported by more prescriptive nonbinding documentation, e.g.,
“soft law” relating to certification of aircraft and related products, parts and appliances,
such as Certification Specifications 25 (CS-25) “Large Aeroplanes.” The contents of
many of the CSs are common to other regulators, e.g., CS-23 “Normal Category Aero-
planes,” CS-25 “Large Aeroplanes,” CS-27 “Small Rotorcraft,” CS-29 “Large Rotor-
craft”, CS-E “Engines”, CS-P “Propellers”. EASA also supports “Sailplanes and
Powered Sailplanes” in CS-22.

The CSs are further supported by other nonbinding guidance documents, e.g.,
Acceptable Means of Compliance (AMC), such as AMC 20e29 “Composite Aircraft
Structures” (harmonized with FAA AC 20-107B), as referenced from CS25.603 (as
discussed in this chapter).

EASA also produces Certification Memorandum (CMs), which support the inter-
pretation of the existing rules and guidance. Sometimes CMs are harmonized with
FAA Policy Statements (PSs), e.g., EASA CM-S-005 “Bonded Repair Size Limits”
is similar to FAA PS PS-AIR-100-14-130-001.

A1.2 Certification

Product Certification is typically defined relative to requirements and guidance
material as developed by the regulatory organizations in conjunction with industry
consultation and support.

An aviation product is defined in PART 21.A.31 by its Type Design (TD) [85],
which explicitly includes the need to identify the materials, processes, methods of
manufacture, and assembly.

The regulators require that, for the issue of a product Type Certificate (TC) which
supports the TD, the criteria for issue of a TC be satisfied. Issue of the TC is necessary
before the Certificate of Airworthiness (C of A) can be issued for each and every
product produced in order for it to be released to service.

The TC will be based upon a Certification Basis (CB), which typically comprises of
reference to a particular set of specifications, e.g., EASA Certification Specifications
(CSs), as appropriate to the product type and configuration at a specified amendment
level at the agreed date of application.

The CB may be supplemented by additional requirements, identified as Special
Conditions (SCs), when the existing requirements are not considered to adequately
address the product configuration, e.g., when it introduces novel and unusual design
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features, such as new materials and/or processes. SCs are often candidates for future
rulemaking processes.

The increasingly rapid evolution of new technologies and pressure to apply these
technologies, have moved the regulators toward “performance” based regulations,
which identify high-level safety objectives, and away from the more “prescriptive”
regulations, which have largely been based upon more conventional and established
technology evolution.

Although this flexibility does offer potential benefits to industry, e.g., more rapid
entry to the market for a particular design concept, it does also require that other miti-
gating actions be taken to help ensure that the existing acceptable level of safety is
maintained. For example, the TCHs need to provide instructions to customers
regarding the correct use of new technologies, both from a commercial and safety
perspective. Therefore, EASA has developed an Operational Sutability Data (OSD)
strategy [86], intended to improve the link between the product, its supporting data,
and the workforce.

Furthermore, in the absence of a progressively developed and established data-
bases, EASA is increasingly expecting product certification to be supported by a fleet
leader and/or sampling strategies. Such mitigating actions are considered to be poten-
tially important for new organizations until they can establish a credible and applicable
database relating to any specific technology.

Regulators typically require that, for certification, a product be defined and sup-
ported by appropriately approved design, production, maintenance, and operational
organizations at different stages in the aircraft program development. This is best
achieved by appropriately integrated involvement of all parties. However, it should
be noted that:

. an appropriately approved design organization (e.g. TC or STC Holder, i.e. TCH,
STCH respectively) typically holds ultimate responsibility for the product, including
its initial airworthiness, and is usually directly supported by appropriately approved
production organizations. Furthermore, the TCH or STCH is responsible, in part, for
maintaining product continued airworthiness via delivery of continued airworthiness
data, while appropriately approved maintenance organizations are also responsible
for showing compliance with this data in order to ensure the continued airworthiness
of the aircraft and thus its safe operation. Appropriate communication between all
parties is essential for this to function safely and efficiently.

In order to further support these more integrated activities, the need to consider the
regulations in a more holistic sense has been promoted by EASA via a Safety Manage-
ment Systems (SMS) [87], in support of the European Plan for Aviation Safety (EPAS)
[88].

SMSs provide opportunities for continuous safety enhancement. Furthermore, the
regulators are working together to enhance the requirements and guidance materials
with respect to the SMS concept, which is intended to support certification efficiency,
e.g., the FAA’s Aviation Safety Office (AVS) [8] has developed a Strategic Composite
Plan in 2013, referred to as the “Composite Plan,” addressing aircraft design,
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manufacturing, and operation. This Composite Plan identified three focus areas:
Continuous Operational Safety (COS); Certification Efficiency (CE); and Workforce
Efficiency (WE), within which a number of certification-related tasks are identified,
as discussed in this chapter. The themes originally identified in the Composite Plan
are supported by international industry and regulators and focuses upon structural
engineering issues, as well as related manufacturing procedures and maintenance prac-
tices. The plan has been reviewed annually and priority is assigned, or reassigned, to
tasks based on issues that pose the greatest safety threats. Furthermore, the plan and the
form of its output continue to evolve with changing regulatory strategies, although the
technical themes are likely to remain relevant. These activities depend upon an indus-
try interface and defining achievable deliverables, such as is evident in CMH-17 [6]
and SAE publications by CACRC [89]. These activities are also supported by R&D
activities.

EASA recognizes these international activities within its own strategy, which also
identifies local themes requiring particular attention, e.g., sandwich structures, as
discussed in this chapter. EASA is also working to further improve certification
efficiency by developing a Level of Involvement (LoI) strategy, which prioritizes
criticality and novelty in its regulatory processes [90].

Note: The regulators do not certify materials or processes directly, but accept them
as part of a certified product. The applicant may gain credit for the use of the same ma-
terials and processes in future similar applications and/or by use of recognized shared
database processes [59,91].

A1.3 Product change and repairs

The significance of any product changes is normally classified as “minor” and “major.”
A “minor change” is one that has no appreciable effect on the weight, balance, struc-
tural strength reliability, operational characteristics, or other characteristics affecting
the airworthiness of the product (aircraft). All other changes are considered “major
changes.”

The details of the approval processes may vary among regulators. In general, for the
minor changes, the regulator may grant approval without the substantiation or descrip-
tive data. However, the data will be expected to be made available for investigation by
the regulators. Approval of major changes must be substantiated by data, including
descriptive data, for inclusion in the TD. An STC is issued to register the approval
of change along with the TC previously issued for the product.

A repair may also be classified as major if it needs extensive static, fatigue and
damage tolerance strength justification and/or testing in its own right, or if it needs
methods, techniques or practices that are unusual (i.e., unusual material selection,
heat treatment, material processes, jigging diagrams, etc.) [92], even if the resulting
technical impact upon safety is finally determined to be of lesser significance than it
initially, and potentially, could have been, based upon initial assessment.

In a situation when the certification agency finds the proposed change in design,
power, thrust, or weight is so extensive that it warrants a substantially complete
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investigation of compliance with the applicable regulation, then the applicant must
apply for a new TC.

International harmonization efforts over many years have agreed on a rule relating
to the designation of applicable regulations for product design changes. This rule is
known as the “Changed Product Rule” (EU Part 21.A.101). This regulation requires
that all changes to a type certificated product must show that the product complies
with the airworthiness requirements applicable to the category of the product in effect
on the date of the application for the change. For changes that are major, an investiga-
tion may be required on the designation of applicable regulations. As a relief, excep-
tions are permitted for using the earlier amendment of regulations for certain
conditions. Through a joint effort with EASA and TCCA, the FAA issued “AC 21-
101-1” in 2003 to support its implementation.

The aforementioned design changes are prompted by the revised purpose of the
aircraft and are considered voluntary. However, a mandated design change may be
required when the certifying authority finds that the design changes are either neces-
sary to correct the unsafe condition of the aircraft or will contribute to the safety of
the aircraft as presented through service experience. ADs are issued to address these
mandated requirements (EU PART 21A.3B).

Note: The regulatory terms, the words of “minor” and “major” have been used to
classify for both the “design changes” and “repairs” functions. While (engineering)
approval may be involved for both processes, one distinct difference exists. Repair
is a function intended to bring the structure to its original design strength and integrity,
and therefore, the design basis remains intact. On the other hand, “design changes”
may result in a revision of the original certification basis. Note: The applicant is
advised to check the definitions of “major” and “minor” because there exists wording
differences between the regulators, and to some extent the detailed scope of
application.

Appendix 2: Glossary of terms, acronyms, and
abbreviations

Abbreviations & acronyms

AAIB Aircraft Accident Investigation Bureau (UK)
AC Advisory Circular (FAA)
ACARE Advisory Council of Aero Research in Europe
AD Airworthiness Directive
ADL Allowable Damage Limits
ALS Airworthiness Limitations Section
AM Additive Manufacturing
AMC Acceptable Means of Compliance
ARAC Aviation Rulemaking Advisory Committee
BC Boundary Condition
BRSL Bonded Repair Size Limits
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BVID Barely Visible Impact Damage
C of A Certificate of Airworthiness
CACRC Commercial Aircraft Composite Repair Committee (SAE)
CB Certification Basis
CDT Critical Damage Threshold
CM Certification Memorandum
CMC Ceramic Matrix Composite
CS Certification Specification
CT Computer Tomography
CSF&L Continued Safe Flight and Landing
CVE Certification Verification Engineer
DOA Design Organization Approval
EASA European Aviation Safety Agency
EPAS European Plan for Aviation Safety
EKDF Environmental Knock Down Factor
FAA Federal Aviation Administration
FAI First Article Inspection
FBH Flat Bottom Hole
F&DT Fatigue and Damage Tolerance
FEM Finite Element Model
GA General Aviation
GAG Ground Air Ground
GVI General Visual Inspection
HEWABI High-Energy Wide-Area Blunt Impact
ICA Instructions for Continued Airworthiness
IP Intellectual Property (IP)
IR Implementation Rule
IT Information Technology
LEF Load Enhancement Factor
LoI Level of Involvement
LL Limit Load
MoC Means of Compliance
MM Maintenance Manual
MMC Metal Matrix Composite
MOT Maximum Operating Temperature
MPD Maintenance Planning Document
MRB Maintenance Review Board
MRBR Maintenance Review Board Report
MRO Maintenance Repair Organization
MS Maintenance Schedule
MSG Maintenance Steering Group
NAA National Airworthiness Authority
NDE Nondestructive Evaluation
NDI Nondestructive Inspection
OSD Operational Suitability Data
PE Pulse Echo
POA Production Organization Approval
POD Probability of Detection
PMC Polymer Matrix Composite
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PS Policy Statement (FAA)
PSE Principal Structural Element
R&D Research and Development
RS Residual Strength
SB Service Bulletin
SC Special Condition
SDC Structural Damage Capability
SHM Structural Health Monitoring
SMS Safety Management System
SRM Structural Repair Manual
STCH Supplemental Type Certification Holder
TACDWG Transport Aircraft Crashworthiness and Ditching Working Group
TAMCSWG Transport Airplane Metallic and Composite Structures Working Group
TCCA Transport Canada Civil Aviation
TC Type Certificate
TCH Type Certificate Holder
TD Type Design
Tg Glass Transition Temperature
TT Through Transmission
UL Ultimate Load
UT Ultrasonic Testing
VARTM Vacuum Assisted Resin Transfer Molding
Vz Velocity (Z - vertical component)
WG Working Group

Definition of terms
Critical Structure
(AMC 20e29)

A load-bearing structure/element whose integrity is essential in
maintaining the overall flight safety of the aircraft. This definition
was adopted for this AMC because there are differences in the def-
initions of primary structure, secondary structure, and principle
structural elements (PSE) when considering the different cate-
gories of aircraft. For example, PSE are critical structures for large
aeroplanes.

Glass Transition
(SAE AIR 4844)

The reversible change in an amorphous polymer or amorphous re-
gions of a partially crystalline polymer from, or to, a viscous or
rubbery condition to, or from, a hard and relatively brittle one.
See Reference 2.9-ISO 472.

Glass Transition
Temperature “Tg”
(SAE AIR 4844)

The approximate midpoint of the temperature range over which the
glass transition takes place:

Primary Structure
(AC 25.1529-1A)

A structure that significantly contributes to the carrying of flight
ground or pressure loads.
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PSE
(AMC CS25.571
Amdt.22 para. 2.7.2)

An element that contributes significantly to the carrying of flight,
ground, or pressurization loads, and whose integrity is essential in
maintaining the overall structural integrity of the aeroplane.

Structural Bonding
(AMC 20e29)

A structural joint created by the process of adhesive bonding,
comprising of one or more previously cured composite or metal
parts (referred to as adherends).

Weak Bond
(AMC 20e29)

A bond line with mechanical properties lower than expected, but
without any possibility to detect that by normal NDI procedures.
Such a situation is mainly due to a poor chemical bonding.
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(COS)
Cost-effective manufacturing strategy, 83
for composite structures, 90f
implications for, 90e91

Coupled thermal-electric analysis, 577
Coupled thermal-electric equations, 577
Crack-band models, 363
Cracked frame criterion, 595
Cracking mechanism, 292e293
Crash analysis of composite structures, 406
Crash elements, design analysis of
DLR crush segments, 385e386
EA web segment, 386e387

Crash modeling, 394e396
Crash test of composite helicopter frame

structure, 387e402
Crashworthiness, 623e624
Crashworthiness Working Group (CWG),

405e406
Crashworthy aerospace composite

components
composite structural elements under crash

loads design, 379e387
crashworthy design concepts for aircraft

structures, 373e379
design and crash test of composite

helicopter frame structure, 387e402
future trends in damage and crash

modeling, 403e407
Crashworthy design concepts for aircraft

structures, 373e379
CRC-ACS. See Cooperative Research

Center for Advanced Composite
Structures (CRC-ACS)

Crimp, 35
intervals, 26e27

CRTM. See Compression resin transfer
molding (CRTM)

Crush failure mechanisms, 380

Crush initiators, 379e380
CS. See Certification Specifications (CS)
CS 25.603 Materials, 596
CSET. See Composite engineering (CSET)
CSF&L. See Continued Safe Flight and

Landing (CSF&L)
CSS. See Composite Subfloor System (CSS)
CT. See Compact tension (CT)
CT scans. See Computerized Tomography

scans (CT scans)
CTS technique. See Continuous Tow

Shearing technique (CTS technique)
Curing process, 78
Current flow, 565
Curvature/strain modes method, 535e536
CVEs. See Certification Verification

Engineers (CVEs)
CWG. See Crashworthiness Working Group

(CWG)
Cyber-physical systems, 10e11
Cyclic fatigue fracture loading, 208
Cyclic fracture mechanics tests, 206, 206t
Cyclic test methods, 206e208
CZM model. See Cohesive zone model

(CZM model)

D
Damage, 513
accumulation, 289
specifics in textile composites, 42e43

in composite sandwich structures,
499e500

delay procedures, 363
detection, 613e617
evolution law, 43e46
factors, 44e45
future trends in, 403e407
imaging algorithms, 528
mechanisms, 8
of metallic structures, 491e492
prediction, 394e396
progression
in C1_C1_C1 joint, 359e361
in C3_C3_C1 joint, 361e363
in multibolt joints, 359e363

scenario, 444e446
tolerance, 6, 113e118
zone, 178e179

Damage index (DI), 538
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Damage-resistant structure
resistance to fatigue delamination growth,

325e326
resistance to impact, 324e326

Damage-tolerant laminates, 115e116
DArcy’s equation, 70
Data display, 472e473
Data-driven techniques, 522, 529
Database taxonomy, 630
DCB. See Double cantilever beam (DCB)
DDS. See 4,4-Diaminodiphenylsulfone

(DDS)
de Havilland Mosquito aircraft (DH98), 14
DEA. See Deployable energy absorber

(DEA)
Debond crack growth, 296e297
Decoding, 506
Decomposition model, 578
Defect engineering framework, 83
Degradation factor, 45
0 degree ply, 154e155
Delaminations, 48, 87e89, 195, 471, 496

fatigue, 299e300
larger voids as, 183e184
models, 383e384
effect of voids on delamination growth,

92e93
Demodulation, 506
DEN specimen. See Double-Edge-Notched

specimen (DEN specimen)
DENT specimen. See Double-Edge Notched

Tensile specimen (DENT specimen)
Deployable energy absorber (DEA),

377e378
Design Organization Approval (DOA), 613
DETA. See Diethylenetriamine (DETA)
Detection method, 550
DGEBA. See Diglycidyl ether of bisphenol-

A (DGEBA)
DH91 Albatross airliner, 14
DH98. See de Havilland Mosquito aircraft

(DH98)
DI. See Damage index (DI)
4,4-Diaminodiphenylsulfone (DDS), 260,

262
GIM parameters for, 266t

Diamond wire sawing, 201
DIC. See Digital image correlation (DIC)
Dicyandiamide (DICY), 260, 262, 267

Dielectric analysis, 64
Diethylenetriamine (DETA), 263f
Differential scanning calorimetry, 64
Diffusion, 255
Digital image correlation (DIC), 202e203,

428, 469
Digital twin, 10e11
Diglycidyl ether of bisphenol-A (DGEBA),

263f
Dilatational invariants, 174
Direct methods for impact damage

detection, 548e550
Directional sensors, 522
Directional SHM transducer, 531e532
“Disbond”, 630
Discrete Ply Model, 316
Distortional invariants, 174
DLR crush segments, 385e386
DLV. See Doppler laser velocimeter (DLV)
DMTA. See Dynamic-mechanical-thermal

analysis (DMTA)
DOA. See Design Organization Approval

(DOA)
Domain superposition technique

(DST), 34
Doppler laser velocimeter (DLV), 535
Double cantilever beam (DCB), 92, 92f
Double-Edge Notched Tensile specimen

(DENT specimen), 205
Double-Edge-Notched specimen (DEN

specimen), 205
Dry fiber, 62, 289e290
Dry ply, 469
DST. See Domain superposition technique

(DST)
Dual-demodulator FBG system, 523e524
Ductile crack propagation, 431
DYNA3-D, 313
Dynamic test, 390e391, 393
Dynamic thermal imaging, 480
Dynamic-mechanical-thermal analysis

(DMTA), 229, 265
Dynema, 276e277

E
E-glass
fibers, 278e280, 279f, 549
vinyl ester composite, 423e425

EA. See Energy absorption (EA)
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EASA. See European Aviation Safety
Agency (EASA)

ECIS. See Electrochemical impedance
spectroscopy (ECIS)

Eddy current (EC)
inspection, 485
technique, 547

Effective crack length approach, 203e204
Effective delamination length, 202e203
Eigenvalue analysis, 106
EKDF. See Environmental Knock Down

Factors (EKDF)
Elastic
coupling, 101e102

effects, 101
forms, 103t
of thin-walled laminate, 102e103, 103t

energy, 44e45
properties of laminates, 102e104
tailoring, 101, 108

Electrical discharge channel, 561
Electrical potential method, 542e544
Electrical properties, 564
monitoring active SHM method, 541e548
sensors, 513

Electrical resistivity, 563e564
Electrical SHM methods, 513
Electrical strain gage (ESG), 523e524
Electrochemical impedance spectroscopy

(ECIS), 544, 546
Electromagnetic conservation, 586
Electromagnetic interference (EMI), 501e502
Electromagnetic methods, 485
Electromagnetic sensors, 16e17
Electromechanical impedance spectroscopy

(EMIS), 511, 538e539
active SHM method, 538e541

Electron irradiation of carbon-fiber epoxy
composite, 229

Electrostatic discharge (ESD), 199
Embedded sensors, 79
Embedded ultrasonic structural radar

methodology (EUSR methodology),
511e512

EMI. See Electromagnetic interference
(EMI)

EMIS. See Electromechanical impedance
spectroscopy (EMIS)

Empirical knock-down factors, 35

ENAC. See Ente Nazionale per l’Aviazione
Civil (ENAC)

End-item FOD detection, 480
Energy
costs, 253
energy-absorbing composite, 325
energy-absorbing mechanisms in composite

structural elements, 379e383
method, 123e124
for propagation, 114e115

Energy absorption (EA), 371e372,
380e382

web segment, 386e387, 387f
Engineering elastic constants, 162e163
Ente Nazionale per l’Aviazione Civil

(ENAC), 634
Environmental Knock Down Factors

(EKDF), 599e601
Environmental stress corrosion cracking

(ESCC), 279e280
EPAS. See European Plan for Aviation

Safety (EPAS)
Epoxy matrix-dominated properties, 406
Epoxy resins, 259e260, 262, 303
Epoxy-based resin systems, 66
Equilibrium equation, 128
“Equivalence” approach, 623
ESCC. See Environmental stress corrosion

cracking (ESCC)
Eschelby inclusions, 24
ESD. See Electrostatic discharge (ESD)
ESG. See Electrical strain gage (ESG)
EU CRASURV Project, 377
European Aviation Safety Agency (EASA),

631, 634, 637
OSD strategy, 628
principles, 601

European Plan for Aviation Safety (EPAS),
636

EU’s Horizon 2020 program, 633
EUSR methodology. See Embedded

ultrasonic structural radar
methodology (EUSR methodology)

EUSR phased-array SHM concept,
529e530

Exploding electronic cigarette, 415
Explosions, 415
characteristics in air, 416e418
loading of fuselage structures, 419e420
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Explosive vaporization, 566
Extended finite element formulation

(X-FEM), 34, 176, 223e224
Extended Stein’s model for orthotropic

plates, 123e124
External patch

with backup plate, 451
with blind fasteners, 451

Extra Wide Body (XWB), 14

F
F-35 fighter aircraft, 199
F&DT. See Fatigue and damage tolerance

(F&DT)
FAA. See Federal Aviation Administration

(FAA)
Fabric geometry model. See Orientation

averaging (OA)
FabryePerot interferometers (FPI), 504
FAI. See First article inspections (FAI)
Failure, 333e334

analysis, 457
procedures, 169e170
trends in, 184

criteria, 173
from defects, 89
mechanisms, 373, 420e422
of metallic structures, 491e492
modeling, 46e49, 168
prediction using bearing-bypass diagrams,

349e352
surface, 172

Fan-beam filtered back-projection (FBP),
529

FARs. See Federal Aviation Regulations
(FARs)

Fast remotely actuated channeling
(FASTRAC), 74e75, 76f

Fasteners
for composite aircraft, 331
hole
breakout, 452e453
damage in composites, 494e496

FASTRAC. See Fast remotely actuated
channeling (FASTRAC)

Fatigue
damage of composites, 497e499
delamination growth from impact damage,

321e324

within impact damage vs. fatigue cycles,
322f

normalized stress vs. cycles for failure,
320f

fracture curves, 220
of laminates, 299e300
life
of composite, 9
data, 319

limit, 289, 293e297, 300
of polymer composites, 289
construction of FLDs, 289e295
fatigue of laminates, 299e300
modeling of FLD trends, 295e297, 296f

testing, 293
Fatigue and damage tolerance (F&DT),

597e599
Fatigue life diagram (FLD), 289
construction of, 289e295
baseline FLD, 294f
fatigue life data, 295f
fiber failure scenarios, 290f
matrix crack bridged by fibers, 293f
surface replicas, 292f

modeling of FLD trends, 295e297, 296f,
298f

region I of, 289, 291f
region II of, 289, 293f
region III of, 289, 294f
superimposed, 295f

FBG. See Fiber Bragg gratings (FBG)
FBH. See Flat bottom hole (FBH)
FBP. See Fan-beam filtered back-projection

(FBP)
2.5D FE model, 384
Feasible region of lamination parameters,

134e135
Federal Aviation Administration (FAA),

371e372, 444e445, 634
Federal Aviation Authority. See Federal

Aviation Administration (FAA)
Federal Aviation Regulations (FARs),

445e446
FEMs. See Finite element models (FEMs)
Fiber
defects, 85e87
failure process, 290e291
dominant mechanism, 289
progression in fatigue, 296
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fiber-bridging, 207
cracks, 295e296
matrix cracking, 299e300

fiber-dominated properties, 276e280
advanced polymer fibers, 276e277
carbon fibers, 276
glass fibers, 277e280

fiber-optics sensing mechanisms, 502e503
fiber-sizing agents, 422e423
fiber/matrix

adhesion, 216
bond, 8
effect of fiber/matrix debonding,
292e293

interface, 296e297
interface, 4e5
kinking, 9, 9f
optics sensors, 501e504

FBG sensors, 516, 519
Fiber Bragg gratings (FBG), 522e523, 550
Fiber volume fraction (FVF), 29e30
Fiber-metal laminates (FML), 198e199,

416, 430e434
Fiber-reinforced polymer-matrix composites

(FRP composites), 195e198
fracture mechanics

simulation and modeling approaches for,
223e224

test data for selected, 210e217
test methods for, 203e210
testing of nonunidirectional FRP
composites, 217e223

45/-45 fibers, 176
Fick’s second law, 255
Fickian diffusion, 253e257
Filament winding, 65e67
Finite difference technique, 7
Finite element models (FEMs), 7, 9e10, 24,

42e49, 219e220, 337, 372e373,
394e395, 394f, 426e427, 576e577,
601

codes, 311e312
solid bolt model, 7, 8f
transformation of geometry into, 28e35

geometrical challenges, 29e30
paths, 32e33
specifics, 33e35
3D meso-FE models, 30e32

Fire protection, 624e625

First article inspections (FAI), 605e606
First-level optimization, 135e137
First-ply failure theories, 170e176
failure criteria, 173
using lamination parameters, 174e176
LaRC 03 failure criterion, 174
maximum strain, 171
maximum stress, 170e171
notched strength of composite laminates,

176
onset failure theory, 174
Puck criterion, 173
Tsai-Hill failure criterion, 171e172
Tsai-Wu failure criterion, 172e173

Flammability, 624e625
Flash thermography, 478
Flat bottom hole (FBH), 617
Flaws effect on strength of woven

fabrics, 182
FLD. See Fatigue life diagram (FLD)
“Flow-control” additives, 260
“Flying knife” technology, 11e12
FML. See Fiber-metal laminates (FML)
Force resultants, 156e161
Forensics, 630
Four-ply laminate, modeling of, 47e48
Fourier transforms, 504
Fourth industrial revolution, 10e11
FPI. See FabryePerot interferometers (FPI)
Fracture
process, 420
toughness, 92

Fracture mechanics of polymer composites
in aerospace applications, 195e196

applications, 200e203
environmental conditions, 224e230
simulation and modeling approaches,

223e224
test data, 210e217
test methods, 203e210
cyclic test methods, 206e208
high-rate test methods, 208e210
quasi-static test methods, 203e205, 203t

testing of nonunidirectional FRP
composites, 217e223

Fragmentation, 406e407
Frame section (FS), 400
Frame structure design concept, 387e390
Free volume, 283
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Frequency response function (FRF),
535e537

Frequency transfer function active SHM
method, 536e538

FRF. See Frequency response function
(FRF)

Friction effects on single-bolt joints,
340e344

FRP composites. See Fiber-reinforced
polymer-matrix composites (FRP
composites)

FS. See Frame section (FS)
Fuel system sealing, 445
Fuselage

drop tests, 375
explosion loading of fuselage structures,

419e420
FVF. See Fiber volume fraction (FVF)

G
G-constant mode I cyclic fatigue fracture

tests, 207
GA. See General Aviation (GA); Genetic

algorithms (GA)
GAG pressure cycles. See Ground-air-

ground pressure cycles (GAG
pressure cycles)

Galerkin method, 425
GCMMA approach. See Globally

Convergent Method of Moving
Asymptotes approach (GCMMA
approach)

GCS. See Global coordinate system (GCS)
General Aviation (GA), 593, 601
General Visual Inspection (GVI), 615
Genetic algorithms (GA), 125, 135, 138,

164, 167, 521e522
Geometrical model of woven unit cell,

27e28
Gerber cutter system, 63
German Aerospace Center (DLR), 405e406
GFPP. See Glass fiber polypropylene

(GFPP)
GFRP. See Glass fiber-reinforced polymer

(GFRP)
GIM. See Group interaction modeling

(GIM)
GLARE. See Glass Laminate Aluminum-

Reinforced Epoxy (GLARE)

Glass fiber polypropylene (GFPP), 431e432
Glass fiber-reinforced polymer (GFRP),

253, 376e377, 491e492, 499,
513, 544

Glass fibers, 277e280
ESCC, 279e280
thermal effects, 278e279
vinylester composite, 428e429

Glass Laminate Aluminum-Reinforced
Epoxy (GLARE), 15, 198e199,
430e431

Glass transition temperature, 254, 265, 266f,
268, 273e274

Global buckling, 310
Global coordinate system (GCS), 36e37
Global FE model, 389e390
Global model, 364
Global/local buckling, 310
Globally Convergent Method of Moving

Asymptotes approach (GCMMA
approach), 136e137

Gordon Aerolite material, 14
Governing equations, 127e128
Gradient-based method, 111
Grid-stiffened structures, 185
Ground impact damage, 620e622
Ground-air-ground pressure cycles (GAG

pressure cycles), 605
Group interaction modeling (GIM), 264
parameters for TGAP cured with

DDS, 266t
Guided waves, 473e474
tomography, 529

GVI. See General Visual Inspection (GVI)

H
Halogen lamp, 477e478
Hard-patch method, 447e448
Harris’s postbuckling model, 130e131
HB 7402 standard, 203e204
Heat, 13
HEWABI. See High-energy wide-area blunt

impact (HEWABI)
Hierarchical scaling method, 296
High resolution computed tomography

X-ray scan (HRCT X-ray scan),
380e382

High speed video (HS video), 391, 393
High strain fibers, 4
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High-energy wide-area blunt impact
(HEWABI), 620e622

High-modulus polyethylene, 276e277
High-rate
fracture mechanics tests, 208e210
test methods, 208e210

High-velocity impact, 316e317
Hole
alternative methods to predict final failure

of laminate with, 178e180
effect on laminate strength, 177e178

Homogeneous metallic materials, 9
Homogenized stiffness matrix of composite,

36e37, 39
Honeycomb, 448
Hopkinson-Cranz scaling laws, 416
HRCT X-ray scan. See High resolution

computed tomography X-ray scan
(HRCT X-ray scan)

HS video. See High speed video (HS video)
Hybrid electromagnetic HELP© method,

547
Hybrid electromagnetic method, 547
Hydraulic fluid, 281
Hydrogen bonding, 265
of water molecules, 263e264

b-Hydroxyl amine network,
259e260

Hygro-thermal effects on fracture toughness,
228e229

Hypervelocity, 304

I
i-th warp path, 25e26
ICA. See Instructions for Continued

Airworthiness (ICA)
Ideal mesoscale model, 28e29
IIoT. See Industrial Internet of Things (IIoT)
IM7/977e1 (unidirectional CFRP epoxy),

210
IMM. See Independent mesh

method (IMM)
Impact damage, 303e304
in composites, 496e497
detection, 541e542

direct methods for, 548e550
fatigue delamination growth from impact

damage, 321e324
force-time trace, 307f

nature of, 304e309, 304f
post impact fatigue behavior of polymer

composite laminates, 317e324
residual strength
and damage extent after impact,
311e317

after impact, 309e311
Impact monitoring as passive SHM method,

518e522
Impact platform, 391, 391f
Impedance
effect, 474
mismatch, 419

Impregnated yarns, 35e36
Impurities, 259
role and unreacted resin components, 267

In situ NDT/I/E methods, 491
In situ phased-arrays, 529e530
In-plane
fatigue life of impacted composites,

318e321
Young’s modulus, 3e4

In-service damage, 442
Independent mesh method (IMM), 34
Independent meshes, 34
Industrial Internet of Things (IIoT), 10e11
Industry-specific fracture mechanics test

procedures, 201e202
Industry-standard scarf repair, 449e450
Inflating yarns, 32e33
Infrared testing, 477
Initial airworthiness, 595e597
Injection compression molding.

See Compression resin transfer
molding (CRTM)

Instructions for Continued Airworthiness
(ICA), 597, 612e613

Instrumented tap testers, 469
Intellectual property (IP), 623
Intensity modulation, 503
Interactive physics, 576e577
Interdigitated electrode pattern, 531
Interface, 5
damage, 500
defects, 87e89

Interfacial stability during moisture
absorption, 258e259

Interfering with blast wave transmission,
419
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Interferometric methods, 503
Interfiber matrix cracking, 299e300
Interlaminar

delamination, 195, 197, 197f
normal stress, 7
stresses, 178

Interlock angle, 40e41
Intermediate tests, 208e210
Internal inspection, 615e616
International harmonization, 638
International Organization for

Standardization (ISO), 199e200
ISO 15024 test standards, 203e204

Interpolated FBP, 529
Intersection levels, 25e26
Interyarn fiber, 29
Intralaminar

cracking, 93e94
delamination, 197, 197f, 205
material model for fabric composite, 404

Intraply cracking, 46e47
Intrayarn cracking, 42e43
Intrayarn FVF (iy-FVF), 29e30, 46e47
Inverse matrix, 153
IP. See Intellectual property (IP)
IRs, 635
ISO. See International Organization for

Standardization (ISO)
Iso-strain formulation, 37
Iso-stress formulation, 37
iy-FVF. See Intrayarn FVF (iy-FVF)

J
Japan Industrial Standards (JIS), 199e200
Japanese Standardization Agency (JSA),

199e200
JIS. See Japan Industrial Standards (JIS)
JIS K7086 test standards, 203e204
Joint geometries, 334e335
Joint Strike Force (JSF), 12e13
Joule’s first law, 565
JSA. See Japanese Standardization Agency

(JSA)
JSF. See Joint Strike Force (JSF)
K
Kevlar (DuPont), 276e277
Kink band formation, 181
Kirchhoff hypothesis, 149
Knowledge levels, 628

K
L/D. See Lift/drag (L/D)
Lagrange’s equations of motion, 429
Laminate(s), 6
CFRP structures, 113
composites, 7
materials, 444

coordinate system, 151e155
elastic properties of, 102e104
special classes of, 161e167
stacking sequence, 7
stiffness, 155
strength
hole effect on, 177e178
theories, 169

thickness, 167
Lamination parameters, 164e167
first-ply failure using, 174e176

Landing and Impact Research (LandIR), 397
LaRC 03 failure criterion, 174
Large commercial aircraft, 331e332
Large-scale bridging (LSB), 205
Larger voids as delaminations, 183e184
Laser Doppler velocimeter (LDV), 539
Layup optimizers, 164
LDV. See Laser Doppler velocimeter (LDV)
LEFM. See Linear elastic fracture mechanics

(LEFM)
LEFs. See Load enhancement factors (LEFs)
Lekhnitskii’s solution, 177e178
Lenticular-like yarn cross-section edges, 34
LEO. See Low earth orbit (LEO)
Level of Involvement (LoI), 601, 637
Lift/drag (L/D), 60
Light RTM (LRTM), 74e75
Lightning, 229e230, 625e626
protection, 445

Lightning protection system (LPS),
564e565, 575e576

design modelling enable, 587e588
Lightning strike direct effects, 561e562
aircraft and lightning, 562e563
challenges, 588e589
composite material and lightning, 563e565
thermal-electric simulations, 563t

composite material damage due to
lightning, 567

lightning experimental testing, 569e575
aircraft protection design, 569e571
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experimentally derived relationships,
574e575

special test methods, 571e574
standard test methods, 569e571

lightning loading mechanisms, 565e566
LPS, 575e576
modeling enabled LPS design, 587e588
modeling for lightning strike on aerospace

composites, 576e587
modeling lightning plasma, 585e587
modeling specimen explosive and
thermal expansion loading, 583e585

modeling specimen pressure loading,
582e583

modeling specimen thermal behavior,
577e582

Limit load (LL), 597
Line of heat, 480
Linear analysis, 176
Linear elastic fracture mechanics (LEFM),

179, 196, 203e204
Linear stress-strain response, 168e169
laminate strength theories, 169

LL. See Limit load (LL)
Load
distribution in large joint assemblies, 353
load-displacement curve, 344

Load enhancement factors (LEFs), 599e601
Local buckling, 310
Local dent deflection, 305e306
Local fiber volume fractions, 30
Local stiffness degradation, 43e46
Local surface indentation, 305
Lock-in thermography method, 477e478
LoI. See Level of Involvement (LoI)
Longitudinal wave, 473e474
Lorentz force, 561e562
Low earth orbit (LEO), 226
Low-cost nonautoclave processing methods,

12e13
Low-frequency bond testers, 464
Low-temperature molding (LTM10), 12e13
LPS. See Lightning protection system (LPS)
LRTM. See Light RTM (LRTM)
LS Dyna finite element code, 433
LSB. See Large-scale bridging (LSB)
LTM10. See Low-temperature molding

(LTM10)
LTM45 EL, 12e13

M
Mach-Zehnder interferometer (MZI),

523e524
Macro fiber composite (MFC), 522, 531
Magnetohydrodynamics (MHD), 565e566,

585e586
Maintenance manuals (MMs), 612e613
Maintenance Repair Organization

(MRO), 613
Maintenance Review Board (MRB), 612
Maintenance Schedules (MS), 612
Manual layup techniques, 69e70
Manufacturing defects, 441e442
in composites and effects on performance,

83e89
fiber waviness effect, 88f
implications for cost-effective

manufacturing, 90e91
level of fiber misalignment, 87f
mechanics-based analysis of defects,

91e96
modeling with defects, 89e90
region of entangled fibers, 89f

Manufacturing processes
in aircraft construction, 11e14
automated prepreg processes, 67e69
for composite materials and

components, 59
filament winding, 65e67
key property and process requirements,

60e62
prepreg/autoclave processes, 62e65
process monitoring, 78e79
resin-infusion processes, 69e78

Marguerre-type energy method, 124e125
Master Planning Document (MPD), 612
Matched-die molding, 70
Material state, 89
Matrix
array method, 542
coding, 26e27
of multilayered weave, 25e26, 25f

cracking, 93e94
cracks, 169, 170f
defects, 83e84
pocket meshing, 34
swelling, 281

Maximum operating temperature (MOT), 624
Maximum strain, 171
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Maximum stress, 170e171
Mechanical fasteners, 494
Mechanical system operation, 445
Mechanics-based analysis of defects, 91e96

effect of defects on progressive intralaminar
cracking, 93e96

effect of voids
on delamination growth, 92e93
on effective elastic properties, 91

Mesh-sensitivity effects, 363
Meshless method, 316e317
MeshTex program, 46e47
Mesodamage modeling, 42
Mesophase pitch-based fibers, 3e4
Mesoscale composite modeling approach,

383e384, 403
Metal matrix composites (MMC), 230
Metal structure designs, 599
Metallic certification, 611
Method of inclusions (MoI), 35e42
MFC. See Macro fiber composite (MFC)
MHD. See Magnetohydrodynamics (MHD)
Microbial

degradation of CFRP composites, 225e226
films on CFRP, 225e226

Microbuckling, 493
Micromechanical enhancement, 174
Micronization, 267
MIL-STD-1290A, 371e372
Military aircraft, skin temperature and local

relative humidity, 253e254, 254f
Minimum threshold strain, 117
Misalignment angle, 182
“Missing weft” algorithm, 26e27, 39e40
Mixed variational principle, semi-analytical

model based on, 131e133
Mixed-mode

I/II analysis, 210e213
strain energy release rates, 324

MMC. SeeMetal matrix composites (MMC)
MMs. See Maintenance manuals (MMs)
Mode

jumping, 124e125
mode I cyclic compression-compression

tests, 208
mode II tests, 208
mode III cyclic fatigue, 208

Model(ing)
approaches, 149e150

braiding process with 1D beam elements,
32e33

large joint assemblies, 352
model-based approach, 519e520
model-based FRF SHM method, 537
model-free FRF SHM method, 538
of textile composites, 23

Modular sandwich beam concept, 376e377
Mohr-Coulomb stresses, 174
MoI. See Method of inclusions (MoI)
Moisture
absorption, 254e255
effect, 273e276

content and time dependence prediction,
257

theoretical moisture distribution, 258f
distribution in laminate, 257, 258f
effect on composite performance
moisture absorption effect, 273e276
thermal cracking, 272e273
thermal stresses, 271e272

retention mechanism in aerospace epoxies
chemical aspects, 261e264
predictive modeling, 264e266

sensitivity of matrix resins, 259e261
advanced matrix resins, 260e261
epoxy resins, 260
moisture content of carbon fiber
composites, 262t

Moment resultants, 156e161
Monte-Carlo simulations, 180e181
Mori-Tanaka homogenization, 37e39
closed-form expressions for, 36
scheme, 24

MOT. See Maximum operating temperature
(MOT)

MPD. See Master Planning Document
(MPD)

MRB. See Maintenance Review Board
(MRB)

MRB Report (MRBR), 612
MRO. SeeMaintenance Repair Organization

(MRO)
MS. See Maintenance Schedules (MS)
Multi-walled carbon nanotubes (MWCNT),

226
Multibolt joints analysis, 359e363. See also

Single-bolt joints analysis
bolt-load distribution in joints, 348e349
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damage progression
in C1_C1_C1 joint, 359e361
in C3_C3_C1 joint, 361e363

failure prediction using bearing-bypass
diagrams, 349e352

load distribution in large joint assemblies
and effects of missing fasteners, 353

modeling large joint assemblies, 352
Multichannel FBG strain monitoring

systems, 518
Multidirectional laminates, 197e198,

219e220
Multiheaded robot machinery, 67
Multilayered systems, 416
blast performance

composite sandwich panels, 427e430
FMLs, 430e434

Multilayered weave, 25e26
matrix coding of, 25e26, 25f

Multilevel joint analysis, 364
Multiphysics FEM simulation, 542
Multiscale joint analysis, 364
MWCNT. See Multi-walled carbon

nanotubes (MWCNT)
MZI. See Mach-Zehnder interferometer

(MZI)

N
NAAs. See National Airworthiness

Authorities (NAAs)
Nano-modified matrix polymers, 199
Narrow-band transducers, 474e475
National Airworthiness Authorities (NAAs),

634
Natural composites, 3
NCF. See Noncrimped fabric (NCF)
NDC. See Nondestructive characterization

(NDC)
NDE. See Nondestructive evaluation (NDE)
NDI. See Nondestructive inspection (NDI)
NDT. See Nondestructive testing (NDT)
Near field explosion. See Short standoff

distance blast
Near-infrared spectroscopy (NIR), 262e263
Neural network (NN), 522
NIR. See Near-infrared spectroscopy (NIR)
Nitrogen oxide (NOx), 633
NLV, 138
NN. See Neural network (NN)

No growth approach, 202
Non-Fickian behavior, 256
Nonaqueous environments, 280e281
Noncrimped fabric (NCF), 5e6
Nondestructive characterization (NDC), 461
Nondestructive evaluation (NDE),

461e464, 491
Nondestructive inspection (NDI), 452,

461e464, 491, 614
Nondestructive method, 486
Nondestructive testing (NDT), 441,

461e464, 486, 491
NDT Level III, 472e473
NDT/I/E methods, 461, 491
for polymer composite structures,

461e464
applications for composites, 467t
polymer composite inspection,
465te466t

QA and, 461e464
Nonlinear constraints for coupled lamination

parameters, 134e135
Nonlocal approaches, 363
Nonunidirectional FRP composites, fracture

mechanics testing of, 217e223
Notch effect, 310
Notched strength of composite laminates,

176e177
Nuclear explosions, 416

O
o-FVF. See Overall FVF (o-FVF)
OA. See Orientation averaging (OA)
OCT test. See Overheight compact tension

test (OCT test)
OEMs. See Original equipment

manufacturers (OEMs)
OHC strength. See Open-hole compressive

strength (OHC strength)
Ohm’s law. See Current flow
On the Job Training (OJT), 626
One-ply
composite simulation, 47
coordinates, 150

Online cure monitoring, 78e79
Onset failure theory, 174
Open hole, 177
Open-hole compressive strength (OHC

strength), 6, 496
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Operational Suitability Data (OSD), 620,
636

Optical fiber, 502, 550
Optical time-domain reflectometry (OTDR),

550
Optimization methods, 185
Optimum design, 111e112
Optoelectronic interferometers, 503
Organic solvents, 280e281
Orientation averaging (OA), 36e37
Original equipment manufacturers (OEMs),

442
OSD. See Operational Suitability Data

(OSD)
Osmotic pressure, 267
OTDR. See Optical time-domain

reflectometry (OTDR)
Out of autoclave processes, 69
Out-of-plane

buckling displacement, 106
deflection, 123e124
stresses, 163

Overall FVF (o-FVF), 29
Overheight compact tension test (OCT test),

405e406

P
PA12. See Polyamide 12 (PA12)
PAN-based Type I carbon fibers.

See Polyacrylonitrile-based Type I
carbon fibers (PAN-based Type I
carbon fibers)

PANDA2 program, 124e125
Parallel paths, 108, 110f
Paris plot, 202, 210e213
Paris-graph, 207
Passive damage diagnostic approach, 529
Passive mitigation systems, 418e419
Passive sensing diagnostics (PSD),

518e519
Passive sensing of damage-generating

events, 509e510
Passive SHM method. See also Active SHM

method
acoustic emission monitoring as,

522e524
impact monitoring as, 518e522
strain monitoring as, 515e518

Patch structure, 457

PBO. See Poly(p-phenylene-2,6-
benzobisoxazole) (PBO)

PE method. See Pulse-echo method
(PE method)

PE4. See Plastic explosive (PE4)
“Peanut” shaped delamination, 304,

311e312, 312f, 314, 315f
PEEK. See Polyetheretherketone (PEEK)
PEI. See Polyetherimide (PEI)
Peridynamics, 224
Permeability, 70
Perturbation
method, 123e124
parameter, 130

PES. See Polyethersulphone (PES)
Phase modulation, 503
Phased array electronic systems, 476
Phased PWAS arrays, 511e512
Phenolics, 66
Phenomenological models, 299
Phonons, 503
Pick spacing, 40e41
Piezo-optical acousto-ultrasonics, 532e533
Piezoelectric wafer active sensors (PWAS),

507e510, 509f
phased PWAS arrays and embedded

ultrasonic structural radar, 511e512
standing-wave SHM methods with PWAS

transducers, 511
travelling-wave SHM methods with PWAS

transducers, 510e511
Pitch-catch method, 473e474, 510
Plain composites, 416
blast performance of, 420e427

Plasma modelling, 587
Plastic explosive (PE4), 431
Plasticity model, 383e384
PLINK elements, 394e395
Ply, 63
cracks approach, 299e300
and laminate coordinate systems,

150, 150f
model, 383e384
nesting, 29
ply-level radial stress distribution,

344e346
ply-level stiffnesses, 183
stiffnesses, 150e151
strength, 167
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Plywood-balsa-plywood sandwich
laminate, 14

PMCs. See Polymer matrix composites
(PMCs)

POA. See Production Organization
Approval (POA)

POD. See Probability of detection (POD)
Polarization modulation, 503
Policy Statements (PSs), 635
Poly(p-phenylene-2,6-benzobisoxazole)

(PBO), 276e277
Polyacrylonitrile-based Type I carbon fibers

(PAN-based Type I carbon fibers),
3e4

Polyamide 12 (PA12), 205
Polyetheretherketone (PEEK), 6, 210,

214e215, 260, 281
Polyetherimide (PEI), 281
Polyethersulphone (PES), 260
Polyimides, 66
Polymer composites, 289, 406e407,

461e462, 473e474
aircraft

certification, 594, 635e637
of composite aircraft, 595e623
crashworthiness, 623e624
future certification and airworthiness,
630e634

lightning, 625e626
product change and repairs, 637e638
regulators, regulations, 594,
634e635

thermal issues, fire protection, and
flammability, 624e625

workforce knowledge, training, and
teamwork, 626e628

Polymer matrix, 253
Polymer matrix composites (PMCs), 83e84,

253, 593, 632
Polyphenylene sulfide (PPS), 205
Polyurea (PU), 423e425
Polyvinylidene fluoride (PVDF), 536
Porosity, 182e183
Post impact fatigue behavior of polymer

composite laminates
general behavior, 317e318
In-plane fatigue life of impacted

composites, 318e321
Postbuckling analysis, 123e125, 128e134

asymptotic closed-form solutions,
128e131

fundamental theory, 126e128
constitutive equations of composite
laminates, 126e127

governing equations, 127e128
postbuckling stiffness indices, 133e134
semi-analytical model based on mixed

variational principle, 131e133
two-level postbuckling optimization of

composite structures, 134e144
Postbuckling of circular sublaminate, 113,

114f
POSTOP program, 124e125
PPS. See Polyphenylene sulfide (PPS)
PRA. See probabilistic reconstruction

algorithm (PRA)
Precracking methods, 201
Prepegs process, 60e65
Pressure loading, 565e566, 580e582
Primary load-bearing joints, 364
Principle Structural Elements (PSEs), 623
Probabilistic damage detection, 529
probabilistic reconstruction algorithm

(PRA), 529
Probability of detection (POD), 468, 521,

614
90/95 POD, 468

Process monitoring, 78e79
Product
certification, 595, 635
change, 622e623, 637e638

Production Organization Approval
(POA), 622

Progressive fatigue mechanism, 300
Progressive intralaminar cracking, effect of

defects on, 93e96
Propagation model, 114e115
Proximal/local sensor placement, 513e514
PSD. See Passive sensing diagnostics (PSD)
PSEs. See Principle Structural Elements

(PSEs)
PSs. See Policy Statements (PSs)
PU. See Polyurea (PU)
Puck criterion, 173
Puck model, 44
Pulse-echo method (PE method), 471e473,

510, 617
Pultrusion, 77e78
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PVDF. See Polyvinylidene fluoride (PVDF)
PWAS. See Piezoelectric wafer active

sensors (PWAS)

Q
Quality Assurance (QA), 461e462

and NDT, 461e464
Quality assurance testing, 202e203
Quantitative modeling, 295e296
Quarter-scale model, 387e388
Quasi-isotropic CFRP, 532e533
Quasi-static crush test, 381f, 383

of composite helicopter frame structure,
390e394

Quasi-static mode II, 203e204
Quasi-static test methods, 203e205, 203t

R
R-curve. See Resistance curve (R-curve)
R-ratio, 196e197
Radar cross-section (RCS), 18
Radar-absorbent material (RAM), 18
Radiography (X-Ray), 482e484, 617

CT scan images of CFRP, 484f
inspection example for CFRP panel, 484f
linear attenuation coefficient estimation,

483f
transmission, 482f

RAM. See Radar-absorbent material (RAM)
Ramp Damage Checker, 614
Rapid depressurization of aircraft, 418
Razor blade tips, 34
RCS. See Radar cross-section (RCS)
Recycling of FRP composites, 225e226
Reference fiber, 503
Refinements in fiber process technology, 4
Reinforcement, 253
Reinforcing fiber light guides (RFLG), 549
Relative humidity (RH), 253e254,

406e407
Remote sensor placement, 513e514
Repair, 446e448, 576, 637e638

analysis, 453e457
bolted repair analysis, 457

assessment, 441
bonded patch repair, 447e448
chopped fiber, 447
of composite aircraft structures, 441
honeycomb, 448

nondestructive tests, 441
damage scenario, 444e446

procedure, 449e453
bolted patch repair schemes, 450e451
bonded vs. bolted, 452e453

resin injection, 447
Reporting systems, 629
Representative volume element (RVE), 23,

174
Residual strength (RS), 597e599
and damage extent after impact
simple analytical approach, 311e313
simulated development of compression
after impact failure, 316f

techniques to predict impact damage
extent and CAI strength, 313e317

after impact, 309e311
Resin
infusion technique, 425
injection, 447
materials, 5e6
thermo-mechanical response of, 268e270

Resin film infusion (RFI), 6, 12e13, 15, 74
Resin infusion between double flexible

tooling (RIDFT), 74, 76
Resin transfer molding (RTM), 5e6,

12e13, 60, 71e74, 84. See also
Vacuum-assisted resin injection
molding (VARI molding)

variants, 74e77
Resin-infusion processes, 69e78
manual layup and sprayup techniques,

69e70
matched-die molding, 70
pultrusion, 77e78
RTM, 71e74
VARI molding, 71
variants of VARI and RTM processes,

74e77
Resistance
to fatigue delamination growth, 325e326
to impact, 324e326
strain gages, 501

Resistance curve (R-curve), 207, 219
Resonance scanning, 474
“Response surface” technique, 542
Retrofit, 376e377
helicopter subfloor crash structure, 397e402
program, 402
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Reusable launch vehicle test (RLV test), 518
Reverse engineering, 605e606
Rework/repair, 442
RFI. See Resin film infusion (RFI)
RFLG. See Reinforcing fiber light guides

(RFLG)
RH. See Relative humidity (RH)
RIDFT. See Resin infusion between double

flexible tooling (RIDFT)
RLV test. See Reusable launch vehicle test

(RLV test)
Robust design strategies, 621e622
ROM. See Rule of mixtures (ROM)
Round-robin process, 510, 527e528
Rovings, 4
RS. See Residual strength (RS)
RTM. See Resin transfer molding (RTM)
Rule of mixtures (ROM), 60e61
Runge-Kutta-Verner analysis, 425e426
RVE. See Representative volume element

(RVE)

S
S-RIM. See Structural reaction injection

molding (S-RIM)
Sachs scaling law, 418
Sacrificial systems, 418e419
Safety Awareness, 628
Safety Management System (SMS), 597,

636
Safety strategy, 623
Sandwich panels, 311
SBs. See Service Bulletins (SBs)
Scanning Doppler laser velocimeter

(SLDV), 536
Scanning electron microscopy (SEM), 229
Scanning system, 476
Scarf repairs, 455
Scatter band, 291
Scattering modulation, 503
SCF. See Stress concentration factor (SCF)
Scissoring effect, 34
SCRIMP. See Seemann’s composite resin

infusion molding process (SCRIMP)
SCs. See Special Conditions (SCs)
SEA. See Specific energy absorption (SEA)
Second-level optimization, 137e138
Secondary bonds. See Cobonds

Seemann’s composite resin infusion
molding process (SCRIMP), 74e75,
75f

Segment crush tests, 383e384
Self-sensing concept, 549
SEM. See Scanning electron microscopy

(SEM)
Semi-analytical model based on mixed

variational principle, 131e133
Semi-analytical postbuckling model,

124e125
Semi-probabilistic approach, 611
SENB. See Single-edge notched bending

(SENB)
Sensors, 501e513
SER. See Strain energy ratio (SER)
SERR. See Strain energy release rate

(SERR)
Service Bulletins (SBs), 618, 623
SF. See Straight fiber (SF)
Shear, 492
moduli of porous matrix, 183
modulus of rubber, 270
shear stress-strain plot, 168e169, 169f

Shear-lag model, 295e296
Shear-out failure, 494
Sheared tow thickness, 111
Shearography, 480e482
configuration, 481f
examples, 482f

Shifted paths, 108, 110f
SHM. See Structural health monitoring

(SHM)
Short fibers, 197e198
Short standoff distance blast, 416
SIFT. See Strain Invariant Failure Theory

(SIFT)
Signal to noise ratio (SNR), 501
Silica network, 278e279, 279f
hydrolysis and ionization, 280f

Silicones, 66
Simple analytical approach, 311e313
Simplified coupon tests, 332
Simulated multi-mode guided wave

propagation, 529
Simulation method, 404e405
Single circular-fence phased-array,

530e531
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Single-bolt joints analysis. See also
Multibolt joints analysis

bolt-hole clearance effects, 338e348
effects of friction, 340e344
3D stress analysis in protruding-head joints,

344e348
Single-edge notched bending (SENB),

203e204
Single-filament tests, 259
Single-ply coordinate system, 150e155

laminate coordinate system, 151e155
laminate stiffness, 155

“Sinusoid” beam, 397
Skin damage, 499
SLDV. See Scanning Doppler laser

velocimeter (SLDV)
SM. See Strain-mapping (SM)
Smart factories, 11
SMART Suitcase commercial software, 528
Smooth particle hydrodynamics (SPH), 34
SMS. See Safety Management System

(SMS)
SNR. See Signal to noise ratio (SNR)
Solubility parameters, 280
Space-qualified FBG system, 518
Special classes of laminates, 161e167

lamination parameters, 164e167
ply strength, 167

Special Conditions (SCs), 635e636
Specialized Training, 628
Specific energy absorption (SEA), 376
Specimen

explosive modeling, 583e585
surface damage prediction assuming,
584f

pressure loading modeling, 582e583
lightning strike pressure load analytic
expressions, 583t

thermal behavior modelling, 577e582
predicted temperature fields, 579f
temperature contour predictions, 581f

Spectral modulation, 504
SPH. See Smooth particle hydrodynamics

(SPH)
Spitfire fuselage, 14
Splaying, 380
Split Hopkinson bar impact tests, 406
Sprayup techniques, 69e70
SRM. See Structural Repair Manual (SRM)

SSCF. See Steady-state crush force (SSCF)
Standard test methods, 569e571
Standardized test wav, 571e574
Standing-wave
pattern, 511
SHM methods with PWAS transducers,

511
Standoff distance, 416
Static load, 278
Steady-state crush force (SSCF), 380e382
Steady-state crush phase, 380e382
Stick-slip friction model, 342
Stiff frame structure, 389e390
Stiffeners, 308e309
Stiffness & strength of composite structural

elements, 147
alternative methods to predict final failure

of laminate with hole, 178e180
failure
analysis procedures, 169e170
modes, 168

first-ply failure theories, 170e177
force and moment resultants, 156e161
future trends, 184e186
in failure analysis, 184e185
new design concepts, 184e186

effect of hole on laminate strength,
177e178

linear stress-strain response, 168e169
modeling
effect of anomalies, 182e184
approaches, 149e150

single-ply coordinate system, 150e155
special classes of laminates, 161e167
structural elements, 147e149, 148f
woven composite materials, 180e182

Stiffness modeling, 35e42
analytical approaches to, 35e37
MoI and Mori-Tanaka homogenization,

37e39
3D angle interlock composites,

39e42
Stitching yarns, 222
Straight fiber (SF), 111e112
laminates, 299
buckling optimization of, 107e108

Straight-fiber composite laminates,
postbuckling optimization of, 138

Strain energy ratio (SER), 536
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Strain energy release rate (SERR), 92, 93f,
113e115

Strain gage rosette principles, 522
Strain gage technology, 501
Strain Invariant Failure Theory

(SIFT), 173
Strain monitoring as passive SHM method,

515e518
Strain-mapping (SM), 46
Stress
modeling, 42
stress-life fatigue behavior, 319
stress-strain equations for single ply, 151
value, 178e179

Stress concentration factor (SCF), 178
Stretching behavior of plate, 128
Strip models, 106
Structural bonding, 603e607
Structural crash tests, 372e373, 383e384
Structural crashworthiness, 371e372
Structural elements, 147e149, 148f
Structural health monitoring (SHM), 364,

491, 614, 633
acoustic emission monitoring as passive

SHM method, 522e524
acousto-ultrasonics active SHM method,

524e534
composite damage, 491e501
compression damage in composites, 493
damage in composite sandwich structures,

499e500
direct methods for impact damage

detection, 548e550
electrical properties

monitoring active SHM method,
541e548

sensors, 513
EMIS active SHM method, 538e541
fastener hole damage in composites,

494e496, 495f
fatigue damage of composites, 497e499
FBG sensors, 504e506
fiber optics sensors, 501e504
frequency transfer function active SHM

method, 536e538
impact

damage in composites, 496e497
monitoring as passive SHM method,
518e522

methods and systems, 513e550
PWAS, 507e510
resistance strain gages, 501
sensors, 501e513
strain monitoring as passive SHM method,

515e518
tension damage in composites, 492
vibration monitoring active SHM method,

534e536
Structural reaction injection molding (S-

RIM), 74e75
Structural Repair Manual (SRM), 442e443,

612e613
Sub-surface damage, 567
Superposition, principle of, 179
Surface delaminations, 113
Surface-mounted flexible piezo sensors, 536
Symmetric laminates, 161e163
Systems engineering “V” diagram, 588

T
TACDWG. See Transport Aircraft

Crashworthiness and Ditching
Working Group (TACDWG)

Tangential stresses distribution, 346fe347f,
347e348

TANGO. See Technology Application to
Near Term Business Goals and
Objectives (TANGO)

Tap testing, 469, 616
Tape-laying machines, 11e12
Tapping method, 469
TC. See Type Certificate (TC)
TCCA. See Transport Canada Civil Aviation

(TCCA)
TCH. See Type Certificate Holders (TCH)
TD. See Type Design (TD)
TDM. See Time-domain multiplexing

(TDM)
Tear failure, 494
Technology Application to Near Term

Business Goals and Objectives
(TANGO), 332

Tensile
loading, 9
strength, 281e282

Tension, 492
damage in composites, 492
damage under, 494
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Tension (Continued)
tension-compression fatigue, 208
tension-tension loading in fatigue, 318

Terrorist attacks (2016), 415
Tetraglycidyl 4,4-diaminodiphenylmethane

(TGDDM), 260, 262
Textile

composites, 23
integration, 24f
modeling, 23
specifics of damage accumulation in,
42e43

reinforcements, 23
TFPF. See Tunable Fabry-Perot filter

(TFPF)
TGA data. See Thermogravimetric Analysis

data (TGA data)
TGAP. See Triglycidyl paminophenol

(TGAP)
TGDDM. See Tetraglycidyl 4,4-

diaminodiphenylmethane (TGDDM)
Thermal cracking, 272e273
Thermal decomposition, 567
Thermal energy, 586
Thermal expansion, 580e582

loading modeling, 583e585
surface damage prediction assuming,
584f

Thermal fatigue, 273e276
Thermal spiking, 253e254, 268, 268f
Thermal stresses, 271e272
Thermal-electric behavior, 577
Thermo-gravimetric analysis, 64
Thermo-mechanical response of resins,

268e270
Thermography, 477e480

dynamic IR thermography system, 480f
inspection of composite honeycomb, 479f
IR imaging on surface and subsurface

plies, 479f
thermographic images of composite

samples, 479f
thermographic inspection method, 477f
types of in-process flaws, 481f

Thermogravimetric Analysis data (TGA
data), 580

Thermoplastic materials, 5, 260
Thin plate-like structures, 123
Three-dimension (3-D)

analysis method, 340
angle interlock composites, 39e42
constitutive analysis, 434
FEM, 348
finite element analysis, 425e426
meso-FE models, 30e32
reinforcements, 201
simulations, 587
stiffness values of laminate, 163
stress analysis in protruding-head joints,

344e348
structures, 61
weave topology and geometry, 24e27

Threshold values, 202
Through Transmission (TT), 617
Time of flight (TOF), 472, 528
Time-domain multiplexing (TDM), 506
Tomographic imaging algorithms, 529
Tow paths, 111
Tow shearing angle, 110e111
Toyobo (aramids), 276e277
TRACT research program. See Transport

Rotorcraft Airframe Crash Testbed
research program (TRACT research
program)

Transfer-matrix method approach, 540
Transformation matrix, 152
Translaminar delamination, 197, 197f
Translaminar fracture, 205
Translational freedom, 265
Transmission ultrasound (TTU), 471
Transmittance, 536e537
Transmitted beam intensity, 482e483
Transport Aircraft Crashworthiness and

Ditching Working Group
(TACDWG), 631

Transport Airplane Metallic and Composite
Structures Working Group
(TAMCSWG), 631

Transport Canada Civil Aviation (TCCA),
634

Transport Rotorcraft Airframe Crash
Testbed research program (TRACT
research program), 397

TRACT 1 crash test, 399
Transverse
cracking, 93e94, 94fe95f
cracks, 516e517
I-beams, 400
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multiple cracking, 273
stresses, 7
waves, 473e474

Trapezoid core concept, 398e399
Travelling-wave SHM methods with PWAS

transducers, 510e511
Triboluminescent effect to capture impact

damage events, 549
Triglycidyl paminophenol (TGAP), 260,

262
GIM parameters for, 266t

Tsai-Hill failure criterion, 171e172
Tsai-Wu failure criterion, 172e173
TT. See Through Transmission (TT)
TTU. See Transmission ultrasound (TTU)
Tufting, 222
Tunable Fabry-Perot filter (TFPF), 523e524
“Turbostratic” graphite, 3e4
Twaron (Teijin Twaron), 276e277
TWIST aircraft wing spectrum, 321
Two-dimension (2D)
phased-array scanning, 529e530
2D-axisymmetric Waveform, 587
weave topology and geometry, 24e27

Two-level postbuckling optimization of
composite structures, 134e144

straight-fiber composite laminates, 138
two-level optimization framework,

134e138
feasible region of lamination parameters,
134e135

first-level optimization, 135e137
optimization criteria, 134
second-level optimization, 137e138

variable angle tow composite
laminates, 139

variable thickness, 139e144
Two-ply coordinates, 150
Type Certificate (TC), 635
Type Certificate Holders (TCH), 595,

626e627
Type Design (TD), 635
Typhoon jet fighter, 18, 19f

U
UAVs. See Unmanned aerial vehicles

(UAVs)

UBC. See University of British Columbia
(UBC)

UD composites. See Unidirectional
composites (UD composites)

UDIC. See Unit damage identification cell
(UDIC)

UHMWPE. See Ultra-high-molecular-
weight PE (UHMWPE)

UL. See Ultimate Load (UL)
ULD. See Unit load device (ULD)
Ultimate Load (UL), 597
Ultra-high-molecular-weight PE

(UHMWPE), 276e277
Ultrasonic testing (UT), 469e476, 614, 617
methods, 471e476
example ultrasonic scanning systems,
475f

ultrasonic configurations, 472f
ultrasonic signal display, 473f

Ultrasonic(s), 526
tomography, 510
transducer, 474
ultrasonic C-scans, 6

Ultrasound, 464
for composite inspection, 474e475
inspection, 464
wave, 469e470

Ultraviolet light (UV light), 277, 504
Uniaxial tensile tests, 46
Unidirectional composites (UD composites),

11e12, 290e291, 383e384
Unidirectional laminate, 130e131,

197e198
Unit damage identification cell (UDIC),

527e528
Unit load device (ULD), 419
University of British Columbia (UBC),

405e406
Unmanned aerial vehicles (UAVs), 3, 78
Upper bound approach, 300
UT. See Ultrasonic testing (UT)
UV light. See Ultraviolet light (UV light)

V
V22 Osprey Tilt-rotor, 10e11, 11f, 17
Vacuum bagging system, 64
Vacuum molding (VM), 12e13
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Vacuum-assisted resin injection molding
(VARI molding), 60, 71. See also
Resin transfer molding (RTM)

variants, 74e77
Vacuum-assisted resin transfer molding

(VARTM), 12e13, 74, 74f, 632
Vacuum-induced perform relaxation

(VIPR), 74e75, 75f
Valid finding, 615e616
VARI molding. See Vacuum-assisted resin

injection molding (VARI molding)
Variable angle fibers using continuous tow

shearing, 108e112
Variable angle tow (VAT), 108, 111, 125

postbuckling optimization of VAT
composite laminates, 139e144

Variable stiffness laminates, 185
Variable thickness, postbuckling

optimization of, 139e144
VARTM. See Vacuum-assisted resin

transfer molding (VARTM)
VAT. See Variable angle tow (VAT)
VCCT. See Virtual Crack Closure

Technique (VCCT)
Viable strategy, 371
Vibration, 511

monitoring active SHM method, 534e536
Vickers Wellington bomber, 184
VICON-type analysis, 107
VIPASA-type analysis, 107, 111, 112f
VIPR. See Vacuum-induced perform

relaxation (VIPR)
Virtual Assembly, 10e11
Virtual Crack Closure Technique (VCCT),

223e224
Virtual Fabrication, 10e11
Virtual Factory, 10e11
Virtual manufacturing, 10e11
Visual inspection, 469, 614e617
Visual testing, 469
VM. See Vacuum molding (VM)
Voids, 84, 87f

in composite laminate, 86f
representative microscopic images, 84f
in unidirectional carbon/epoxy

composite, 85f
effect of voids

on delamination growth, 92e93
on effective elastic properties, 91

Von K�arm�an large deflection equation,
125e127

Voxel meshing, 34e35
VULCAN project, 431

W
Warp
direction, 40e41
warp-interlaced 3D weave, 25e26
zone, 25e26

Water, 474e475
coupling, 474e475
molecules, 268
squirters, 474e475

Wave speed reduction factor, 528
Wavelength domain multiplexing (WDM), 506
WE. See Workforce Efficiency (WE)
Weave coding, 26
Wedge-type test, 208e210
Weft yarn, 26
for warp direction loading, 37

WGs. See Working Groups (WGs)
Whitney-Nuismer approach, 178
WiseTex models, 40, 46e47
Workforce Efficiency (WE), 636e637
Working Groups (WGs), 631
Worst-case impact damage, 496e497
Woven
composite materials, 180e182, 433
effect of flaws on strength of woven
fabrics, 182

stiffness models, 180e181
strength models, 181e182

unit cell architecture, 24e35
geometrical model, 27e28
transformation of geometry into FE
model, 28e35

2D and 3D weave topology and
geometry, 24e27

Wrinkles, 469

X
X-FEM. See Extended finite element

formulation (X-FEM)
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X-ray microcomputed tomography,
224e225

X36 fighter research aircraft study,
12e13

XWB. See Extra Wide Body (XWB)

Y
Yarn volume fraction (YVF), 29
Yarns, 28e29
impregnated, 35e36
inflating, 32e33
spacing overlap, 30

stitching, 222
volumes, 27e28, 28f
weft, 26

Young’s moduli of porous matrix, 183
Young’s modulus, 162e163
YVF. See Yarn volume fraction (YVF)

Z
Z-pinned FRP composites, 201
Z-pinned laminates, 221e222
Z-yarns, 25e26
Zinoviev’s model, 44

Index 673




	Cover
	Related titles
	Polymer Composites in the Aerospace Industry
	Copyright
	Contributors
	Preface
	Part One: Design and manufacture of composite components for aerospace structures
	1 - Aerospace engineering requirements in building with composites
	1.1 Introduction
	1.1.1 Carbon fiber types and properties
	1.1.2 Fiber-matrix interface
	1.1.3 Resin materials

	1.2 Analysis and design
	1.3 Manufacturing techniques
	1.4 Applications in aircraft construction
	1.5 Conclusion
	References
	Further reading

	2 - Modeling of 2D and 3D woven composites
	2.1 Introduction
	2.2 Architecture of a woven unit cell
	2.2.1 2D and 3D weave topology and geometry
	2.2.2 Geometrical model: yarn volumes
	2.2.3 Transformation of the geometry into FE model
	2.2.3.1 Geometrical challenges
	2.2.3.2 Overview of 3D meso-FE models
	2.2.3.3 Paths forward
	2.2.3.4 Specifics of finite element modeling of textile composites


	2.3 Stiffness modeling: method of inclusions
	2.3.1 Analytical approaches to stiffness calculations
	2.3.2 Method of inclusions and Mori-Tanaka homogenization
	2.3.3 Example: 3D angle interlock composites

	2.4 Stress and strength modeling: FE analysis
	2.4.1 Stress modeling
	2.4.2 Specifics of damage accumulation in textile composites
	2.4.3 Local stiffness degradation and damage evolution law
	2.4.4 An example of failure modeling

	2.5 Conclusions
	References

	3 - Manufacturing processes for composite materials and components for aerospace applications
	3.1 Introduction
	3.2 Key property and process requirements
	3.3 Prepreg/autoclave processes
	3.4 Filament winding
	3.5 Automated prepreg processes: automated fiber placement and automated tape layup
	3.6 Resin-infusion processes
	3.6.1 Manual layup and sprayup techniques
	3.6.2 Matched-die molding
	3.6.3 VARI molding
	3.6.4 RTM
	3.6.5 Variants of VARI and RTM processes
	3.6.6 Pultrusion

	3.7 Process monitoring
	3.8 Conclusions
	References

	4 - Manufacturing defects in composites and their effects on performance
	4.1 Introduction
	4.2 Defects in composite materials
	4.3 Modeling with defects
	4.4 Implications for cost-effective manufacturing
	4.5 Mechanics-based analysis of defects
	4.5.1 Effect of voids on effective elastic properties
	4.5.2 Effect of voids on delamination growth
	4.5.3 Effect of defects on progressive intralaminar cracking

	4.6 Summary
	References

	Part Two: Composite performance in aerospace structural design
	5 - Buckling and compressive strength of laminates with optimized fiber-steering and layer-stacking for aerospace applications
	5.1 Introduction
	5.2 Elastic properties of laminates
	5.3 Buckling analysis
	5.4 Buckling optimization of straight fiber laminates
	5.5 Variable angle fibers using continuous tow shearing
	5.6 Compression after impact and damage tolerance
	5.7 Conclusion
	Glossary
	References
	Further reading

	6 - Postbuckling analysis and optimization of laminated composite plates with applications in aerospace
	6.1 Introduction
	6.2 Fundamental theory
	6.2.1 Constitutive equations of composite laminates
	6.2.2 Governing equations

	6.3 Postbuckling analysis
	6.3.1 Asymptotic closed-form solutions
	6.3.2 Semi-analytical model based on a mixed variational principle
	6.3.3 Postbuckling stiffness indices

	6.4 Two-level postbuckling optimization of composite structures based on lamination parameters
	6.4.1 Two-level optimization framework
	6.4.1.1 Optimization criteria
	6.4.1.2 Feasible region of lamination parameters
	6.4.1.3 Two-level optimization
	First-level optimization
	Second-level optimization


	6.4.2 Postbuckling optimization of straight-fiber composite laminates
	6.4.3 Postbuckling optimization of variable angle tow composite laminates
	6.4.4 Postbuckling optimization of variable thickness, variable angle tow composite laminates, toward “buckle-design” concept

	References

	7 - Stiffness & strength of composite structural elements
	7.1 Introduction
	7.2 Definition of structural elements
	7.3 Modeling approaches
	7.3.1 The single-ply coordinate system
	7.3.2 The laminate coordinate system
	7.3.3 Laminate stiffness
	7.3.3.1 Force and moment resultants
	7.3.3.2 Special classes of laminates

	7.3.4 The use of lamination parameters to define laminate stiffnesses
	7.3.5 Ply strength
	7.3.5.1 Failure modes
	7.3.5.2 Linear stress-strain response

	7.3.6 Laminate strength theories
	7.3.6.1 Typical failure analysis procedures
	7.3.6.2 First-ply failure theories
	7.3.6.2.1 Maximum stress
	7.3.6.2.2 Maximum strain
	7.3.6.2.3 Tsai-Hill
	7.3.6.2.4 Tsai-Wu
	7.3.6.2.5 Other failure criteria
	7.3.6.2.6 The Puck criterion
	7.3.6.2.7 LaRC 03 failure criterion
	7.3.6.2.8 Onset Failure Theory (originally Strain Invariant Failure Theory)
	7.3.6.2.9 First-ply failure using lamination parameters


	7.3.7 Notched strength of composite laminates
	7.3.7.1 The effect of a hole on laminate strength
	7.3.7.2 Alternative methods to predict final failure of laminate with a hole


	7.4 Woven composite materials
	7.4.1 Stiffness models
	7.4.2 Strength models
	7.4.3 The effect of flaws on the strength of woven fabrics

	7.5 Modeling effect of anomalies
	7.5.1 Porosity
	7.5.2 Larger voids as delaminations

	7.6 Future trends
	7.6.1 Trends in failure analysis
	7.6.2 New design concepts
	7.6.2.1 Grid-stiffened structures
	7.6.2.2 Variable stiffness laminates
	7.6.2.3 AP-PLY laminates


	References
	Sources of further information and advice
	Appendix 1: Glossary

	8 - Fracture mechanics of polymer composites in aerospace applications
	8.1 Introduction and overview
	8.2 Applications of fracture mechanics to FRP composites used in aerospace
	8.3 Fracture mechanics test methods for FRP composites
	8.3.1 Quasi-static test methods
	8.3.2 Cyclic test methods
	8.3.3 High-rate test methods

	8.4 Fracture mechanics test data for selected FRP composites
	8.5 Fracture mechanics testing of non-unidirectional FRP composites
	8.6 Fracture mechanics simulation and modeling approaches for FRP composites
	8.7 Fracture mechanics testing under aerospace environmental conditions
	8.8 Conclusions and outlook
	Appendix: glossary
	Acknowledgments
	References

	9 - The response of aerospace composites to temperature and humidity
	9.1 Introduction
	9.1.1 Moisture absorption
	9.1.2 Fickian diffusion
	9.1.3 Prediction of moisture content and time dependence
	9.1.4 Moisture distribution in a laminate
	9.1.5 Interfacial stability during moisture absorption

	9.2 Moisture sensitivity of matrix resins
	9.2.1 Epoxy resins
	9.2.2 Advanced matrix resins

	9.3 Mechanism of moisture retention in aerospace epoxies
	9.3.1 Chemical aspects
	9.3.2 Predictive modeling

	9.4 Anomalous effects
	9.4.1 Role of impurities and unreacted resin components

	9.5 Thermal spiking
	9.6 Thermo-mechanical response of resins
	9.7 Effect of moisture on composite performance
	9.7.1 Thermal stresses
	9.7.2 Thermal cracking
	9.7.3 Effect of moisture absorption

	9.8 Fiber-dominated properties
	9.8.1 Carbon fibers
	9.8.2 Advanced polymer fibers
	9.8.3 Glass fibers
	9.8.3.1 Thermal effects
	9.8.3.2 Environmental stress corrosion cracking (ESCC) of glass fibers


	9.9 Non-aqueous environments
	9.10 Composite unidirectional properties
	9.10.1 Tensile strength
	9.10.2 Compressive strength

	9.11 Conclusions
	References

	10. Fatigue of polymer composites
	10.1 Introduction
	10.2 Construction of FLDs
	10.3 Modeling of FLD trends
	10.4 Fatigue of laminates
	10.5 Concluding remarks
	References

	11 - Impact, post-impact strength, and post-impact fatigue behavior of polymer composites
	11.1 Introduction
	11.2 Nature of impact damage
	11.3 Residual strength after impact: observations
	11.4 Residual strength and damage extent after impact: predictive models
	11.4.1 Simple analytical approach
	11.4.2 Numerical techniques to predict impact damage extent and CAI strength

	11.5 Post impact fatigue behavior of polymer composite laminates
	11.5.1 General
	11.5.2 In-plane fatigue life of impacted composites
	11.5.3 Fatigue delamination growth from impact damage

	11.6 The damage-resistant structure: designing against impact and fatigue
	11.6.1 Resistance to impact
	11.6.2 Resistance to fatigue delamination growth

	11.7 Conclusions
	11.8 Future trends
	References

	12 - Design and failure analysis of composite bolted joints for aerospace composites
	12.1 Introduction
	12.1.1 General overview of composite joint design
	12.1.2 Terminology used in bolted joint design
	12.1.3 Bolted joints failure modes
	12.1.4 Problem description
	12.1.4.1 Joint geometries
	12.1.4.2 Materials
	12.1.4.3 Bolt-hole clearance


	12.2 Finite element model
	12.3 Analysis of single-bolt joints
	12.3.1 Effects of bolt-hole clearance
	12.3.2 Effects of friction
	12.3.3 3D stress analysis in protruding-head joints

	12.4 Analysis of multibolt joints
	12.4.1 Bolt-load distribution in joints
	12.4.2 Failure prediction using bearing-bypass diagrams
	12.4.3 Modeling large joint assemblies
	12.4.4 Load distribution in large joint assemblies and effects of missing fasteners

	12.5 Failure analysis of joints
	12.5.1 Progressive damage analysis
	12.5.2 Damage modeling in multibolt joints
	12.5.3 Load-redistribution after bearing failure in multibolt joints
	12.5.4 Progression of damage in multibolt joints
	12.5.4.1 Damage progression in the C1_C1_C1 joint
	12.5.4.2 Damage progression in the C3_C3_C1 joint


	12.6 Future trends
	12.7 Conclusions
	12.8 Further sources of information
	12.8.1 Conferences
	12.8.2 Websites
	12.8.3 Interest groups and industries
	12.8.4 International journals and books

	References
	Further reading

	13 - Design and testing of crashworthy aerospace composite components
	13.1 Introduction
	13.2 Crashworthy design concepts for aircraft structures
	13.2.1 Design philosophy and requirements for airframe crash resistance
	13.2.2 Use of composites in crashworthy subfloor structures

	13.3 Design of composite structural elements under crash loads
	13.3.1 Energy-absorbing mechanisms in composite structural elements
	13.3.2 Composites damage and delamination models
	13.3.3 Design analysis of crash elements
	13.3.3.1 DLR crush segments
	13.3.3.2 EA web segment


	13.4 Design and crash test of composite helicopter frame structure
	13.4.1 Frame structure design concept
	13.4.2 Quasi-static and crash test results
	13.4.3 Crash modeling and damage prediction
	13.4.4 Retrofit helicopter subfloor crash structure

	13.5 Future trends in damage and crash modeling
	13.6 Concluding remarks
	Acknowledgments
	References

	14 - The blast response of composite and fiber-metal laminate materials
	14.1 Introduction
	14.2 Characteristics of explosions in the air
	14.3 Paradigms of blast protection
	14.4 Explosion loading of fuselage structures
	14.5 The blast performance of plain composites
	14.6 The blast performance of multilayered systems
	14.6.1 Composite sandwich panels
	14.6.2 Fiber-metal laminates

	14.7 Conclusions
	References

	15 - Repair of damaged aerospace composite structures
	15.1 Introduction
	15.2 Assessment of repair and nondestructive tests
	15.2.1 Damage scenario

	15.3 Repair
	15.3.1 Resin injection
	15.3.2 Chopped fiber
	15.3.3 Bonded patch repair
	15.3.4 Honeycomb

	15.4 Typical repair procedure
	15.4.1 Bolted patch repair schemes
	15.4.2 Bonded versus bolted

	15.5 Analysis of repair
	15.5.1 Analysis of bolted repair

	15.6 Conclusion and future trends
	References

	16 - Nondestructive testing of aerospace composites
	16.1 Introduction
	16.2 NDT, NDI, and NDE methods for polymer composite structures
	16.2.1 Quality assurance and NDT

	16.3 Probability of detection
	16.4 Visual and tap testing
	16.5 Ultrasonic testing
	16.5.1 UT methods

	16.6 Thermography
	16.7 Shearography
	16.8 Radiography
	16.9 Electromagnetic methods
	16.10 Bond inspection
	16.11 Summary and conclusions
	16.12 Future trends
	References

	17 - Structural health monitoring (SHM) of aerospace composites
	17.1 Introduction
	17.2 Composite damage
	17.2.1 Tension damage in composites
	17.2.2 Compression damage in composites
	17.2.3 Fastener hole damage in composites
	17.2.4 Impact damage in composites
	17.2.5 Fatigue damage of composites
	17.2.6 Damage in composite sandwich structures
	17.2.7 Damage in adhesive composite joints

	17.3 SHM sensors
	17.3.1 Resistance strain gages
	17.3.2 Fiber optic sensors
	17.3.3 Fiber Bragg grating (FBG) sensors
	17.3.4 Piezoelectric wafer active sensors (PWAS)
	17.3.5 Travelling-wave SHM methods with PWAS transducers
	17.3.6 Standing-wave SHM methods with PWAS transducers
	17.3.7 Phased PWAS arrays and embedded ultrasonic structural radar
	17.3.8 Electrical properties sensors

	17.4 SHM methods and systems
	17.4.1 Strain monitoring as passive SHM method
	17.4.2 Impact monitoring as passive SHM method
	17.4.3 Acoustic emission monitoring as passive SHM method
	17.4.4 Acousto-ultrasonics active SHM method
	17.4.5 Vibration monitoring active SHM method
	17.4.6 Frequency transfer function active SHM method
	17.4.7 Electromechanical impedance spectroscopy active SHM method
	17.4.8 Electrical properties monitoring active SHM method
	17.4.9 Direct methods for impact damage detection

	17.5 Summary, conclusions, and suggestions for further work
	References

	Part Three: Aerospace applications
	18 - Lightning strike direct effects
	18.1 Introduction to lightning
	18.2 Aircraft and lightning
	18.3 Composite material and lightning
	18.4 Lightning loading mechanisms
	18.5 Composite material damage due to lightning
	18.6 Lightning experimental testing
	18.6.1 Standard test methods and aircraft protection design
	18.6.2 Special test methods
	18.6.3 Experimentally derived relationships

	18.7 Lightning protection systems
	18.8 Modeling for a lightning strike on aerospace composites
	18.8.1 Modeling specimen thermal behavior
	18.8.2 Modeling specimen pressure loading
	18.8.3 Modeling specimen explosive and thermal expansion loading
	18.8.4 Modeling lightning plasma

	18.9 Modeling enabled LPS design
	18.10 Outstanding challenges requiring further research
	Acknowledgments
	References

	19 - Certification and airworthiness of polymer composite aircraft
	19.1 Introduction
	19.2 The regulators, regulations, and certification
	19.3 Certification of composite aircraft
	19.3.1 Initial airworthiness
	19.3.2 Residual strength (RS), fatigue and damage tolerance (F&DT)
	19.3.3 Building-block approach
	19.3.4 Structural bonding
	19.3.5 Accidental impact damage
	19.3.6 Initial airworthiness—continued airworthiness and maintenance
	19.3.7 Inspection and damage detection
	19.3.7.1 Visual inspection

	19.3.8 Continued airworthiness
	19.3.8.1 Ground impact damage and high-energy wide-area blunt impact (HEWABI)

	19.3.9 Product changes (repairs outside existing data limits and modifications)

	19.4 Other considerations
	19.4.1 Crashworthiness
	19.4.2 Thermal issues, fire protection, and flammability
	19.4.3 Lightning
	19.4.4 Workforce knowledge, training, and teamwork
	19.4.5 Reporting, forensics, and database taxonomy

	19.5 The future certification and airworthiness of polymer composite aircraft
	Appendix 1: The regulators, regulations, and certification
	A1.1 The regulators and the regulations
	A1.2 Certification
	A1.3 Product change and repairs

	Appendix 2: Glossary of terms, acronyms, and abbreviations
	Abbreviations & acronyms

	References

	Index
	A
	B
	C
	D
	E
	F
	G
	H
	I
	J
	K
	M
	N
	O
	P
	Q
	R
	S
	T
	U
	V
	W
	X
	Y
	Z

	Back Cover



