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Foreword 

The publication of the second edition of Aircraft Engine Design is particularly 
timely because it appears on the eve of the 100th anniversary of the first powered 
flight by the Wright brothers in 1903 that paved the path to our quest for further 
development and innovative ideas in aircraft propulsion systems. That path led to 
the invention of the jet engine and opened the possibility of air travel as standard 
means of transportation. The three authors of this new volume, Dr. Jack Mattingly, 
Dr. William Heiser, and Dr. David Pratt produced an outstanding textbook for 
use not only as a teaching aid but also as a source of design information for 
practicing propulsion engineers. They all had extensive experience both in teaching 
the subject in academic institutions and in research and development in U.S. Air 
Force laboratories and in aerospace manufacturing companies. Their combined 
talents in refining and expanding the original edition produced one of the best 
teaching texts in the Education Series. 

The 10 chapters in this text are organized essentially along three main themes: 
1) The Design Process (Chapters 1 through 3) involving constraint and mission 
analysis, 2) Engine Selection (Chapters 4 through 6), and 3) Engine Compo- 
nents (Chapters 7 through 10). Thus the present text provides a comprehensive 
description of the whole design process from the conceptual stages to the final in- 
tegration of the propulsion system into the aircraft. The text concludes with some 
16 appendices on units, conversion factors, material properties, analysis of a variety 
of engine cycles, and extensive supporting material for concepts used in the text- 
book. The structure of this text is tailored to the special needs of teaching design 
and therefore should contribute greatly to the learning of the design process that is 
the crucial requirement in any aeronautical engineering curricula. At the same time, 
the wealth of design information in this text and the comprehensive accompanying 
software will provide useful information for aircraft engine designers. 

The AIAA Education Series of textbooks and monographs, inaugurated in 1984, 
embraces a broad spectrum of theory and application of different disciplines in 
aeronautics and astronautics, including aerospace design practice. The series in- 
cludes also texts on defense science, engineering, and management. It serves as 
teaching texts as well as reference materials for practicing engineers, scientists, 
and managers. The complete list of textbooks published in the series can be found 
on the end pages of this volume. 

J. S. PRZEMIENIECKI 
Editor-in-Chief 
AIAA Education Series 



Preface 

On the eve of the 100th anniversary of powered flight, it is fitting to recall how 
the first successful aircraft engine came about. In 1902 the Wright brothers wrote 
to several engine manufacturers requesting a 180-1b gasoline engine that could 
produce 8 hp. Since none was available, Orville Wright and mechanic Charlie 
Taylor designed and built their own that produced 12 hp and weighed 200 lbs. 
How far aircraft engines have come since then! Only a generation later Sir Frank 
Whittle and Dr. Hans von Ohain, independently, developed the first flight-worthy 
jet engines. Subsequent advances have produced the high-tech gas turbine engines 
that power modem aircraft. 

Over the past century of progress in propulsion, one constant in aircraft en- 
gine development has been the need to respond to changing aircraft requirements. 
Aircraft Engine Design, Second Edition explains how to meet that need. You have 
in your hands a state-of-the-art textbook that is the distillation of 15 years of 
improvements since its original publication. Five primary factors prompted this 
revised and enlarged edition: 

1) Altogether new concepts have taken hold in the world of propulsion that 
require exposition, such as the recognition of throttle ratio as a primary designer 
engine cycle selection, the development of low pollution combustor design, the 
application of fracture mechanics to durability analysis, and the recognition of 
high-cycle fatigue as a leading design issue. 

2) Classroom experiences with the original textbook have led to improved 
methods for explaining many central concepts, such as off-design performance and 
turbomachinery aerodynamic performance. Also, some concepts deserve further 
exploration, for example, uninstalled/installed thrust and some analytical demon- 
strations of engine behavior. 

3) Dramatically new software has been developed for constraint, mission, and 
component analyses, all of which is compatible with modem, user-friendly, menu- 
driven PC environments. The new software is much more comprehensive, flexible, 
and powerful, and it greatly facilitater rapid design iteration to convergence. 

4) The original authors became acq"ainted with Dave Pratt, an expert in the 
daunting field of combustion, and persuaded him to place the material on combus- 
tots and afterburners on a sound phenome~ological basis. This required entirely 
new text and computer codes. They were also fortunate to be able to solicit out- 
standing material on engine life management and engine controls. 

5) The authors felt that a second example Request for Proposal (RFP) would 
add an important dimension to the textbook. Moreover, their experience with a 
wide variety of example RFPs revealed the need for several new constraint and 
mission analysis cases. 

With more than 100 years of experience in propulsion systems, the authors have 
each contributed their own particular expertise to this new edition with a resultant 

xiii 
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synergy that will be apparent to the disceming reader. One experience that the 
authors have in common is service in the Department of Aeronautics at the U.S. 
Air Force Academy where I was department head. It was also my privilege to 
have worked with Bill Heiser and Jack Mattingly as a coauthor on the original 
edition of Aircraft Engine Design. I am pleased that Dave Pratt has joined Bill and 
Jack to contribute his knowledge of combustion to this new edition. The result is a 
much improved and very usable textbook that will well serve the next generation 
of professionals and students. 

In preparing this new edition of Aircraft Engine Design, the authors have drawn 
upon their vast experience in academia. Dr. Heiser served 10 years in the Depart- 
ment of Aeronautics of the Air Force Academy and has taught at the University 
of California, Davis, and the Massachusetts Institute of Technology. Dr. Mattingly 
taught for seven years at the Air Force Academy. In addition, he has taught at the 
Air Force Institute of Technology, the University of Washington, the University 
of Wisconsin, and Seattle University, where he served as Department Chair. 
Dr. Pratt has been a faculty member at the U.S. Naval Academy, Washington State 
University, the University of Utah, the University of Michigan, and the University 
of Washington, including eight years as Department Chair at Michigan and 
Washington. He also spent a sabbatical at the Air Force Academy. In recogni- 
tion of their academic contributions, the authors have all been named professors 
emeriti. 

The authors' considerable experience in research and industry also contributed 
to their revision of Aircraft Engine Design. Dr. Heiser began his industrial experi- 
ence at Pratt and Whitney working on gas turbine technology. Subsequently he was 
Air Force Chief Scientist of the Wright-Patterson Air Force Base Aero Propulsion 
Laboratory in Ohio and then at the Arnold Engineering Development Center in 
Tennessee. Later he directed all advanced engine technology at General Electric. 
He was the principal propulsion advisor to the Joint Strike Fighter Propulsion 
Team that was awarded the 2001 Collier Trophy for outstanding achievement in 
aeronautics. Dr. Heiser was Vice President and Director of the Aerojet Propulsion 
Research Institute in Sacramento, California, where Dr. Pratt was also a Research 
Director. Dr. Pratt was a Senior Fulbright Research Fellow at Imperial College 
in London and spent time at the Los Alamos Laboratories. He has consulted for 
more than 20 industrial and government agencies. While at the Air Force Aero 
Propulsion Laboratory, Dr. Mattingly directed exploratory and advanced develop- 
ment programs aimed at improving the performance, reliability, and durability of 
jet engine components. He also led the combustor technical team for the National 
AeroSpace Plane program. Dr. Mattingly did research in propulsion and thermal 
energy systems at AFIT and at the Universities of Washington and Wisconsin. 

In addition to this new edition of Aircraft Engine Design, the authors have 
published other significant textbooks and technical publications. Dr. Heiser and 
Dr. Pratt received the 1999 Summerfield Award for their AIAA Education Series 
textbook Hypersonic Airbreathing Propulsion. Dr. Mattingly is the author of the 
McGraw-Hill textbook Elements of Gas Turbine Propulsion and has published 
more than 30 technical papers on propulsion and thermal energy. Dr. Heiser has 
published more than 70 technical papers dealing with propulsion, aerodynamics, 
and magnetohydrodynamics (MHD). Dr. Pratt has more than 100 publications 
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in pollution formation and control in coal and gas-fired furnaces and gas turbine 
engines, and in numerical modeling of combustion processes in gas turbine, auto- 
motive, ramjet, scramjet, and detonation wave propulsion systems. 

Just as important as the depth and breadth of the authors' expertise is their 
ability to impart their knowledge through this textbook. I am confident that this 
will become apparent as you use the second edition of Aircraft Engine Design. 

As we embark on the second century of powered flight, let us recall the words 
of Austin Miller inscribed on the base of the eagle and fledglings statue at the U.S. 
Air Force Academy: 

"Man's flight through life is sustained by the power of his knowledge." 

Brig. Gen. Daniel H. Daley (Retired) 
U.S. Air Force 
August 2002 
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Nomenclature (Chapters 1-3) 

= area 
= afterburner 
= angle of  attack, Fig. 2.4 
= aspect ratio 
= speed of  sound 
= quantity in quadratic equation 
= quantity in quadratic equation 
= best  cruise altitude 
= best  cruise Mach number  
= coefficient o f  drag, Eq. (2.9) 
= coefficient o f  drag at max imum L/D, Eq. (3.27a) 
= coefficient o f  additional drags 
= coefficient o f  drag for drag chute 
= coefficient o f  drag at zero lift 
= coefficient o f  lift, Eq. (2.8) 
= coefficient o f  lift at maximum L/D, Eq. (3.27b) 
= coefficient in specific fuel consumpt ion model ,  Eq. (3.12) 
= coefficient in specific fuel consumpt ion model ,  Eq. (3.12) 
= quantity in quadratic equation 
= drag 
= infinitesimal change 
= planform efficiency factor 
= exponential  o f  
= fuel specific work, Eq. (3.8) 
= acceleration 
= Newton ' s  gravitational constant  
= acceleration of  gravity 
= height  
= coefficient in lift-drag polar equation, Eq. (2.9) 
= coefficient in lift-drag polar equation, Eq. (2.9) 
= inviscid drag coefficient in lift-drag polar  equation, Eq. (2.9) 
= viscous drag coefficient in lift-drag polar equation, Eq. (2.9) 

= velocity ratio over obstacle, Eq. (2.36) 

= velocity ratio at touchdown, (VTD = kTD VSTALL) 

= velocity ratio at takeoff, Eq. (2.20) 
= lift 
= natural logarithm of  
= Mach number  
= best  cruise Mach number 
= number  of  turns 
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S u b s c r i p t s  

a v g  = 

B = 
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load factor, Eq. (2.6) 
pressure 
total pressure, Eq. (1.2) 
weight specific excess power, Eq. (2.2b) 
dynamic pressure, Eq. (1.6) 
additional drags; gas constant 
radius 
wing planform area 
distance 
installed thrust; temperature 
total temperature, Eq. (1.1) 
throttle ratio, Eq. (D.6) 
installed thrust specific fuel consumption, Eq. (3.10) 
time 
total drag-to-thrust ratio, Eq. (3.5) 
velocity 
weight 
energy height, Eq. (2.2a) 
installed thrust lapse, Eq. (2.3) 
instantaneous weight fraction, Eq. (2.4) 
empty aircraft weight fraction (= W E / W T O )  

ratio of specific heats 
finite change 
dimensionless static pressure (see Appendix B) 
dimensionless total pressure, Eq. (2.52b) 
infinitesimal quantity 
dimensionless static temperature (see Appendix B) 
angle of climb 
dimensionless total temperature, Eq. (2.52a) 
theta break, 00 where engine control system sets simultaneous maxima 

of Tt4 and zrc. (see Appendix D) 
wing sweep angle 
coefficient of friction 
drag coefficient for landing, Eq. (2.32) 
drag coefficient for takeoff, Eq. (2.24) 
mission leg weight fraction, Eq. (3.46) 

density 
summation 
dimensionless static density (see Appendix B) 
angle of thrust vector to wing chord line, Fig. 2.4 
angular velocity 

average 
braking 
best cruise altitude 
combat air patrol 
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= e m p t y  

= f u e l  

= f r e e  ro l l  

= f ina l  

= g r o u n d  ro l l  

= in i t i a l  

= l a n d i n g ;  l i f t  

= m a x i m u m  

= m i d  p o i n t  

= m i n i m u m  

= o b s t a c l e  

= p a y l o a d  

= e x p e n d e d  p a y l o a d  

= p e r m a n e n t  p a y l o a d  

= r o t a t i o n  
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Nomenclature (Chapters 4-10 and Appendices) 

A = area; pre-exponential factor, Eq. (9.25) 
AR = aspect ratio; area ratio, Eq. (9.61) 
a = speed of sound; axial interference factor, Fig. L.4 
a = constant in swirl velocity equation, Eq. (8.24) 
ai = speed of sound at station i 
a '  = rotational interference factor, Fig. L.4 
B = ratio of Prandtl mixing length to shear later width, Eq. (9.53); 

afterburner blockage D/H, Eq. (9.87) 
BCA = best cruise altitude 
BCM = best cruise Mach number 
b = constant in swirl velocity equation, Eq. (8.24) 
C = constant 
CA = nozzle angularity coefficient, Eq. (10.24) 
Co = coefficient of drag; nozzle discharge coefficient, Eq. (10.22) 
Cfg = nozzle gross thrust coefficient, Eq. (10.21) 
CL ---- coefficient of lift 
Cp = pressure recovery coefficient, Eq. (9.62); power correlation 

parameter, Eq. (L. 18) 
C~, = ideal power coefficient, Eq. (L.9) 
Cr = thrust correlation parameter, Eq. (L. 17) 
C~. = ideal thrust coefficient, Eq. (L.8) 
CTOH = power takeoff shaft power coefficient for high-pressure spool, 

Eq. (4.21b) 
CTOL = power takeoff shaft power coefficient for low-pressure spool, 

Eq. (4.22b) 
Cv = nozzle velocity coefficient, Eq. (10.23) 
C~ = shear layer growth constant, Eq. (9.54) 
c = airfoil chord 
cp -- specific heat at constant pressure 
D = diameter; drag; diffusion factor, Eq. (8.1) 
Dadd = additive drag, Eq. (6.5) 
DSF = disk shape factor, Eq. (8.68) 
d = infinitesimal change 
E = modulus of elasticity 
ei = polytropic efficiency of component i 
exp = exponential of 
F = uninstalled thrust, Eq. (4.1) 
f = fuel-to-air mass flow ratio 
g¢ = Newton's gravitational constant 
go ---- acceleration of gravity 
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H = height; enthalpy of a mixture of gases, Eq. (9.8) 
HP = horsepower 
h ---- altitude; static enthalpy 
he r  = Heating value of fuel 
hr = height of rim 
hti = total enthalpy at station i 
I = impulse function, Eq. (1.5); air loading, Eq. (9.31) 
IMS = integral mean slope, Eq. (6.11) 
J = ratio ofjet-to-crossflow momentum flux or dynamic pressure, 

Eq. (9.40); advance ratio, Eq. (L.20) 
k j,, k-j = forward, reverse rate constant for j t h  reaction, Eqs. (9.14) 

and (9.15) 
L = length 
~. = natural logarithm of 
M = Mach number; mean molecular weight 
MFP = mass flow parameter, Eq. (1.3) 
MFp = static pressure mass flow parameter, Eq. (1.4) 
tn = mass flow rate 
?:nci = corrected mass flow rate at station i, Eq. (5.23) 
N = rotational speed (rpm); number of moles, Eq. (9.26); number 

of holes, Eq. (9.113 ) and (9.118); number of nozzle 
assemblies, Eq. (9.105) 

NB = number  of blades 
Nci = corrected engine speed at station i, Eq. (5.24) 
N/4 = rotational speed of high-pressure spool 
NL = rotational speed of low-pressure spool 
n = number; exponent 
ni = mass-specific mole number of i th species 
nm = sum of mole number in mixture 
P = pressure; power 
Pe = external pressure 
Pi -- pressure at station i 
Pr = reduced pressure, Eq. (4.3c) 
PTO = shaft power takeoff 
eti = total (or stagnation) pressure at station i 
P~ = wetted perimeter of duct 
Q = torque 
q = dynamic pressure, Eq. (1.6) 
R = gas constant 

R ---- universal gas constant 
Rj = forward volumetric rate of j th reaction, Eq. (9.14) 
RRf = volumetric reaction rate of fuel, Eq. (9.24) 
r = radius; shear layer velocity ratio, Eq. (9.52) 
S = uninstalled thrust specific fuel consumption, Eq. (4.2) 
S' = swirl number of primary air swirler, Eq. (9.48) 
s = entropy; spacing; shear layer density ratio, Eq. (9.55) 
T ---- temperature 
TAFT = adiabatic flame temperature, Fig. 9.3, Eq. (9.23) 
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activation temperature, Eq. (9.24) 
throttle ratio, Eq. (D.6) 
thrust scale factor (Section 6.3) 
total (or stagnation) temperature at station i 
residence time or stay time at blowout, Eqs. (9.76) and (9.129) 
residence time or stay time, Eqs. (9.76) and (9.129) 
velocity component in direction of flow 
axial or throughflow velocity 
velocity; volume, Eq. (9.19) 
turbine reference velocity, Eq. (8.38) 
tangential velocity 
weight; thickness; width 
power absorbed by the compressor 
power produced by the turbine 
axial component of distance along jet trajectory, Fig. 9.14, 

Eq. (9.40) 
axial location 
radial component of distance along jet trajectory, Fig. 9.14, 

Eq. (9.40) 
mole fraction of ith species, Eq. (9.25) 
Zweifel coefficient 
engine bypass ratio, Eq. (4.8a); angle; coefficient of thermal 

expansion; area fraction, Eq. (9.108) 
mixer bypass ratio, Eq. (4.8f) 
off-axis turning angle of swirler blades, Eq. (9.48) 
stoichiometric coefficients of ith species in j th reaction, Eq. (9.13) 
bleed air fraction, Eq. (4.8b); angle 
blade angle 
function defined by Eq. (8.7) 
ratio of specific heats; angle 
finite change 
enthalpy of formation of ith species, Eq. (9.7) and Table 9.1 
small change in; dimensionless static pressure (see Appendix B); 

time-mean width of shear layer, Figs. 9.12 and 9.19, Eq. (9.54) 
exit deviation of compressor blade, Eq. (8.18) 
dimensionless total pressure at station i, Eq. (5.21) 
time-mean width of mixing layer, Eqs. (9.37) and (9.58) 
exit deviation of turbine blade, Eq. (8.55) 
combustion reaction progress variable, Eq. (9.21) 
rate of dissipation of turbulence kinetic energy, Eq. (9.74) 
cooling air #1 mass flow rate, Eq. (4.8c) 
cooling air #2 mass flow rate, Eq. (4.8d) 
adiabatic efficiency of component i 
engine overall efficiency of engine, Eq. (E.3) 
engine propulsive efficiency of engine, Eq. (E.4) 
inlet total pressure recovery (Section 10.2.3.2) 
mil spec inlet total pressure recovery, Eq. (4.12b~l) 
engine thermal efficiency of engine, Eq. (E.4) 
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dimensionless static temperature ratio (see Appendix B); angle 
dimensionless total temperature at engine station i, Eq. (5.22) 
theta break, 00 where engine control system sets simultaneous maxima of 

Tt 4 and nc (see Appendix D) 
weight fraction, Eq. (3.46) 
total pressure ratio of component i 
isentropic freestream recovery pressure ratio, Eq. (4.5b) 
density 
solidity; stress; static density ratio (see Appendix B); time-mean 

conical half-angle of round jet, Fig. 9.12, Eq. (9.37) 
average blade stress, Eq. (8.66) 
rotor airfoil centrifugal stress, Eq. (8.62) 
disk stress 
rim stress 
disk thermal differential stress in radial direction, Eq. (8.71) 
disk thermal differential stress in tangential direction, Eq. (8.72) 
ultimate stress 
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Engine Cycle Design 



1 
The Design Process 

1,1 Introduction 
This is a textbook on design. We have attempted to capture the essence of the 

design process by means of a realistic and complete design experience. In doing 
this, we have had to bridge the gap between traditional academic textbooks, which 
emphasize individual concepts and principles, and design handbooks, which pro- 
vide collections of known solutions. The most challenging and productive activities 
of the normal engineering career are at neither end of the spectrum, but, instead, re- 
quire the simultaneous application of many principles for the solution of altogether 
new problems. 

The vehicle employed in order to accomplish our teaching goals is the airbreath- 
ing gas turbine engine. This marvelous machine is a pillar of our modern techno- 
logical society and comes in many familiar forms, such as the turbojet, turbofan, 
turboprop, and afterburning turbojet. With such a variety of engine configurations, 
the most appropriate for a given application cannot be determined without going 
through the design process. 

1.2 Designing Is Different 
It should be made clear at the outset what is special about the design process, 

for that is what this textbook will attempt to emphasize. Every designer has an 
image of what elements constitute the design process, and so our version is not 
likely to be exhaustive. Nevertheless, the following list contains critical elements 
with which few would disagree: 

1) The design process is both started by and constrained by an identified 
need. 

2) In the case of the design of systems, such as aircraft and engines, many 
legitimate solutions often exist, and none can be identified as unique or optimum. 
Systematic methods must be found to identify the most preferred or "best" solu- 
tions. The final selection always involves judgment and compromise. 

3) The process is inherently iterative, often requiring the return to an earlier step 
when prior assumptions are found to be invalid. 

4) Many technical specialties are interwoven. For example, gas turbine engine 
design involves at least thermodynamics, aerodynamics, heat transfer, combustion, 
structures, materials, manufacturing processes, instrumentation, and controls. 

5) Above all, the design of a complex system requires active participation and 
disciplined communication by everyone involved. Because each part of the sys- 
tem influences all of the others, the best solutions can be discovered (and major 
problems and conflicts avoided) only if the participants share their findings clearly 
and regularly. 
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1.3 The Need 

Gas turbine engines exert a dominant influence on aircraft performance and must 
be custom tailored for each specific application. The usual method employed by 
an aircraft engine user (the customer) for describing the desired performance of an 
aircraft (or aircraft/engine system) is a requirements document such as a Request 
for Proposal (RFP). A typical RFP, for the example of an Air-to-Air Fighter (AAF), 
is included in its entirety in Sec. 1.11 of this chapter. It is apparent that the RFP 
dwells only upon the final flying characteristics or capabilities of the aircraft and 
not upon how they shall be achieved. 

The RFP is actually a milestone in a sequence of events that started, perhaps, 
years earlier. During this time, the customer will have worked with potential sup- 
pliers to decide what aircraft specifications are likely to be available and affordable 
as a result of new engineering development programs. Issuance of the RFP implies 
that there is a reasonable probability of success, but not without risk. Because the 
cost of development of new aircraft/engine systems as well as the potential future 
sales are measured in billions of dollars, the competitive system comes to life, and 
the technological boundaries are pushed to their known limit. 

Receipt of the RFP by the suppliers, which in this case would include sev- 
eral airframe companies and several engine companies, is an exciting moment. It 
marks the end of the preliminary period of study and anticipation and the beginning 
of the development of a product that will benefit society and provide many with 
the satisfaction of personal accomplishment. It also marks the time at which the 
"target" becomes relatively stationary and a truly concerted effort is possible, 
although changes in the original RFP are occasionally negotiated if the circum- 
stances permit. 

A member of an engine company will find his or her situation complicated 
by a number of things. First, he or she will probably be working with several 
airframe companies, each of which has a different approach and, therefore, requires 
a different engine design. This requires some understanding of how the aircraft 
design influences engine selection, an aspect of engine design that is emphasized in 
this textbook. All of the engine commonalties possible among competing aircraft 
designs should be identified in order to prevent resources from being spread too 
thin. The designer will also experience a natural curiosity to find out what the other 
engine companies are proposing. This curiosity can be satisfied by a number of 
legitimate means, notably the free press, but each revelation will only make the 
designer wonder why the competition is doing it differently and cause his or her 
management to ask the same question. With experience, the RFP will gradually 
change in ways not initially anticipated. Slowly but surely, the constraints imposed 
by each requirement, as well as the possible implications of such constraints, will 
become evident. When the significance of the constraints can be prioritized, the 
project will be seen as a whole and the designer will feel comfortable with his 
choices. 

The importance of the last point cannot be overemphasized. Once received, the 
RFP becomes the touchstone of the entire effort. It must be read very carefully at 
first so that a start in the right direction is assured. The RFP will be referred to 
until it becomes ragged, leading to complete familiarity and understanding and, 
finally, a sense of relaxation. 
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1.4 Our Approach 
To bring as much life as possible to the design process in this textbook, the Air-to- 

Air Fighter RFP is the basis for a complete preliminary engine design. All of the ma- 
terial required to reach satisfactory final conclusions is included here. Nevertheless, 
it is strongly encouraged that simultaneous detailed design of the airframe by a par- 
allel group be conducted. The benefits cascade not only because of the technical in- 
terchange between the engine and aircraft people, but also because the participants 
will come to understand professional love-hate relationships in a safe environment! 

To make this textbook reasonably self-contained for each step of the design 
process, a fully usable and (within limits) proper calculation method has been 
provided. Each method is based on the relevant physical principles, exhibits the 
correct trends, and has acceptable accuracy. In short, the material in this textbook 
provides a realistic presentation of the entire design process. 

And that is what happens in the case of the AAF engine design as this textbook 
unfolds. At each step of the design process, the relevant concept is explained, the 
analytical tools provided, the calculated results displayed, and the consequences 
discussed. There is no reason that other available tools cannot be substituted, other 
than the fact that the numbers contained herein will not be exactly reproduced. 
Moreover, when the detailed design of individual engine components is considered, 
it will be found that some have been concentrated upon and others passed over. 
Specific investigations as dictated by interest or curiosity are to be encouraged. 

Indeed, when sufficiently familiar with the entire process, it is recommended that 
the reader consider the Global Range Airlifter (GRA) RFP presented in Appendix P 
or develop an RFP based on personal interest, such as a supersonic business jet 
or an unpiloted air vehicle (UAV). The approach and methods of this textbook 
are also ideally suited to the AIAA Student Engine Design competition, which 
provides novel challenges annually. 

1.5 The Wheel Exists 

One of the main reasons that this textbook can be written is that the groundwork 
for each step has already been developed by previous authors. Our central task has 
been to tie their material together in a systematic and comprehensive way. It would 
be inappropriate to repeat such extensive material, and, consequently, the present 
text leans heavily on available references--in particular, Aerothermodynamics of 
Gas Turbine and Rocket Propulsion by Gordon C. Oates, 1 Elements of Gas Turbine 
Propulsion by Jack D. Mattingly, 2 and Aircraft Design: A Conceptual Approach 
by Daniel P. Raymer. 3 These pioneering contributions share one important char- 
acteristic: They have made the difficult easy, and for that we are in their debt. 

A persistent problem is that of the often overlapping nomenclature of aerody- 
namics and propulsion. Because these fields grew more or less independently, the 
same symbols are frequently used to represent different variables. Faced with this 
profusion of symbology, the option of graceful surrender was elected, and the 
traditional conventions of each, as appropriate, are used. The Table of Symbols 
encompasses all of the aerodynamic and propulsion nomenclature necessary for 
this textbook, the former applying to Chapters 1-3 and the latter to Chapters 4-10, 
respectively. Our experience has shown that in most cases readers with appropriate 
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backgrounds will have little difficulty interpreting the symbology and, with prac- 
tice, recognition will become automatic. 

1.6 Charting the Course 

There is no absolute roadmap for the design of a gas turbine engine. The steps 
involved depend, for example, on the experience of the company and the people 
involved, as well as on the nature of the project. A revolutionary new engine will 
require more analysis and iteration than the modification of an existing powerplant. 

Nevertheless, there are generalized representations of the design process that 
can be informative and useful. One of these, which depicts the entire development 
process, is shown in Fig. 1.1. This figure is largely self-explanatory, but it should 
be noted that the large number of studies, development tests, and iterative loops 
reveal that it is more representative of what happens to an altogether new engine. 

Up 
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Fig. 1.1 Gas turbine engine design system. 2 
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r Drag Polar 

I. 
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Engine Cycle Analysis 
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Engine Cycle Selection 
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Analysis 

Revised A/C 
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Fig. 1.2 Preliminary propulsion design sequence. 

The portion of Fig. 1.1 enclosed by the dashed line is of paramount importance 
because that is the territory covered by this textbook. Although the boundary can 
be somewhat altered, for example by including control system studies, it can never 
encompass the hardware phases, such as manufacturing and testing. 

Figure 1.2 shows the sequence of gas turbine engine design steps outlined in this 
textbook. These steps show more detail, but directly correspond to the territory just 
noted. They include several opportunities for recapitulation between the engine 
and airframe companies, each having the chance to influence the other. 

It will not be necessary to dwell on Fig. 1.2 at this point because this textbook is 
built upon this model and the chapters that follow correspond directly to the steps 
found there. 
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1.7 Units 
Because the British Engineering (BE) system of units is normally found in 

the published aircraft aerodynamic and propulsion literature, that is the primary 
system used throughout this textbook. Fortuitously or deliberately, many of the 
equations and results will be formulated in terms of dimensionless quantities, which 
places less reliance on conversion factors. Nevertheless, the AEDsys software that 
accompanies this textbook (see Sec. 1.10.1) automatically translates between BE 
and SI units, and Appendix A contains a manual conversion table. 

When dealing with BE propulsion quantities, it is particularly important to keep 
in mind the fact that 1 lb force (lbf) is defined as the force of gravity acting on a 
1-1b mass (lbm) at standard sea level. Hence, 1 lb mass at (or near) the surface of 
the Earth "weighs" 1 lb force. Thus, the thrust specific fuel consumption, pounds 
mass of fuel per hour per pound of thrust, can be regarded as pounds weight of 
fuel per hour per pound of thrust and traditionally appears with the units of 1/time. 
Also, specific thrust, pounds of thrust per pound mass of air per second, can be 
regarded as pounds of thrust per pound weight of air per second. The situation is 
less complex when dealing with SI units because the acceleration of gravity is not 
involved in conversion factors. 

1.8 The Atmosphere 
The properties of the approaching air affect the behavior of both the airplane and 

the engine. To provide consistency in aerospace analyses, the normal practice is 
to employ models of the "standard atmosphere" in the form of tables or equations. 
The equations that describe the standard atmosphere are presented in Appendix B 
(based on Ref. 4). The properties are presented in terms of the ratio of each property 
to its sea level reference value. Note that the property values at sea level are also 
included and are denoted by the subscript "std." 

The standard atmosphere is, of course, never found in nature. Consequently, 
several "nonstandard" atmospheres have been defined in order to allow engine 
designers to probe the impact of reasonable extremes of "hot" and "cold" days 
(Ref. 5) on engine behavior. In addition, the "tropical" day (Ref. 6) has been 
defined for analysis of naval operations. The information in Appendix B or AEDsys 
software that accompanies this textbook (see Sec. 1.10.1) will allow you to select 
either the standard, cold, hot, or tropic atmospheres when testing your engines. 

1.9 Compressible Flow Relationships 
The external and internal aerodynamics of modern aircraft are dominated by 

compressible flows. To cope with this situation, we will take full advantage 
throughout this textbook of the analytical and conceptual benefits offered by the 
classical steady, one-dimensional analysis of the flow of calorically perfect gases 
(Refs. 1, 2, and 7). 

Six of the most prominent compressible flow relationships will now be sum- 
marized for later use. Their value to designers and engineers is easily confirmed 
by their frequent appearance in the literature, as well as by the simple truths they 
tell and their ease of application. They share the important characteristic that they 
are evaluated at any point or station in the flow, rather than relating the properties 
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at one point or station to another. The ratio of specific heats y is constant in this 
formulation. 

1.9.1 Total or Stagnation Temperature 

The total or stagnation temperature Tt is the temperature the moving flow would 
reach if it were brought adiabatically from an initial Mach number M to rest at a 
stagnation point or in an infinite reservoir. The total temperature is given by the 
expression 

Tt = T (1 + ~ - - ~ M  2 ) (1.1) 

You may find it helpful to know that the term (y - 1)M2/2 that appears in a 
myriad of compressible flow relationships can be thought of as the ratio of the 
kinetic energy to the internal energy of the moving flow. Hence, the ratio of total 
to static temperature increases directly with this energy ratio. 

1.9.2 Total or Stagnation Pressure 

The total or stagnation pressure Pt is the pressure the moving flow would reach if 
it were brought isentropically from an initial Mach number M to rest at a stagnation 
point or in an infinite reservoir. The total pressure is given by the expression 

Y 

2 (1.2) 

This relationship serves as a reminder that the pressure of the flow can be in- 
creased merely by slowing it down, reducing the need for mechanical compression. 
Moreover, because the exponent is rather large for naturally occurring physical pro- 
cesses (e.g., the pressure ratio for air can be as much as 10 when the Mach number 
is 2.2), no mechanical compression may be required at all. The corresponding 
propulsion devices are known as ramjets or scramjets because the required pres- 
sure ratio results only from decelerating the freestream flow. 

1.9.3 Mass Flow Parameter 

The mass flow parameter based on total pressure M F P  is derived by combining 
mass flow per unit area with the perfect gas law, the definition of Mach number, 
the speed of sound, and the equations for total temperature and pressure just given. 
The resulting expression is 

~+1 

M F P -  e----~ - M 1 + 2 

The total pressure mass flow parameter may be used to find any single flow 
quantity when the other four quantities and the calorically perfect gas constants 
are known at that station. The M F P  is often used, for example, to determine the 
flow area required to choke a given flow (i.e., at M = 1). The M F P  can also be 
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used to develop valuable relationships between the flow properties at two different 
stations, especially when the mass flow is conserved between them. 

Because the MFP is a function only of the Mach number and the gas properties, 
it is frequently tabled in textbooks. Unfortunately, each MFP corresponds to two 
Mach numbers, one subsonic and one supersonic, and the complexity of Eq. (1.3) 
prevents direct algebraic solution for Mach number. Finally, the MFP has the 
familiar maximum at M = 1, at which the flow is choked or sonic and the flow per 
unit area is the greatest. 

1.9.4 Static Pressure Mass Flow Parameter 

The mass flow parameter based on static pressure MFp can be derived by 
combining Eqs. (1.2) and (1.3). The resulting expression is 

r h ~ t  ~ c (  ~ ' -  1M2 ) (1.4) 
M F p - -  - ~  - - M  - -  1 +  2 

The static pressure mass flow parameter is commonly used by experimentalists, 
who often find it easier to measure static pressure than total pressure. Fortunately, 
each MFp corresponds to a single Mach number, and the form of Eq. (1.4) permits 
direct algebraic solution for Mach number. 

1,9.5 I m p u l s e  F u n c t i o n  

The impulse function I is given by the expression 

I = PA + &V = PA(1 + yM 2) (1.5) 

The streamwise axial force exerted on the fluid flowing through a control volume 
is I e x i t  - -  I e n t r y  , while the reaction force exerted by the fluid on the control volume 
is [ e n t r y  - -  [ ex i t .  

The impulse function makes possible almost unimaginable simplification of 
the evaluation of forces on aircraft engines and their components. For example, 
although one could determine the net axial force exerted on the fluid flowing 
through any device by integrating the axial component of pressure and viscous 
forces over every infinitesimal element of internal wetted surface area, it is certain 
that no one ever has. Instead, the integrated result of the forces is obtained with 
ease and certainty by merely evaluating the change in impulse function across the 
device. 

1.9.6 Dynamic Pressure 
Most people are introduced to the concept of dynamic pressure in courses on 

incompressible flows, where it is the natural reference scale for both inviscid and 
viscous forces caused by the motion of the fluid. These forces include, for example, 
stagnation pressure, lift, drag, and boundary layer friction. It is surprising, but 
nevertheless true, that the dynamic pressure serves the same purpose not only for 
compressible flows, but for hypersonic flows as well. The renowned and widely 
used Newtonian hypersonic flow model uses only geometry and the freestream 
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dynamic pressure to estimate the pressures and forces on bodies immersed in 
flows. 

The dynamic pressure q is given by the expression 

PV2 ~ ypM2 q= -~ = FRTM 2-  (1.6) 
K 

where the equations of state and speed of sound for perfect gases have been substi- 
tuted. The latter, albeit less familiar, version is greatly preferred for compressible 
flows because the quantities P and M are more likely to be known or easily found, 
and because the units are completely straightforward. Consequently, the latter 
version is predominantly used in this textbook. 

1.9.7 Ratio of Specific Heats 
The constant ratio of specific heats used in the preceding equations must be 

judiciously chosen in order to represent the behavior of the gases involved re- 
alistically. Because of the temperature and composition changes that take place 
during the combustion of hydrocarbon fuels, the value of y within the engine can 
be considerably different from that of atmospheric air (y = 1.4) Two commonly 
occurring approximations are y = 1.33 in the temperature range of 2500-3000°R 
and y = 1.30 in the temperature range 3000-3500°R. The computational capabil- 
ities of AEDsys (see Sec. 1.10.1) may also be used in a variety of ways to determine 
the most appropriate value of y to be used in any specific situation. 

1.10 Looking Ahead 
In the following chapters, we have made a substantial effort to reduce intu- 

itive and qualitative judgment as much as possible in favor of sound, flexible, 
transparent--in short, useful--analytical tools under your control. For example, 
the next two chapters are based on only two equations of great generality and power. 
They can be applied to an enormous diversity of situations with successful results. 

Even though good analysis can minimize the need for empirical and experi- 
mental data, it cannot be altogether avoided in the design of any real device. We 
have therefore tried to clearly identify when data must be employed, what range 
of values to chose, and where the data are obtained. We believe that this has the 
advantage of pinpointing the role of experience in the design process, as well 
as allowing for sensitivity studies based upon the expected range of variation of 
parameters. 

1.10.1 AEDsys Software 
A CD-ROM containing an extensive collection of general and specific computa- 

tional software entitled AEDsys accompanies this textbook. The main purpose of 
AEDsys is to allow you to avoid the complex, repetitive, tedious calculations that 
are an inevitable part of the aircraft engine design process and to instead focus on 
the underlying concepts and their resulting effects. The AEDsys software has been 
developed and refined with the sometimes involuntary help of captive students 
from all walks of life over a period of more than 20 years, and it has become a 
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formidable capability. Put simply, the AEDsys software plays an essential role in 
achieving the pedagogical goals of the authors. 

With practice, you will find your own reasons to be fond of AEDsys, but they 
will probably include the following six. First, the input requirements for any cal- 
culation automatically remind you of the complete set of information that must 
be supplied by the designer. Second, units can be effortlessly converted back and 
forth between BE and SI, thus evading one of the greatest pitfalls of engineering 
work. Third, all of the computations are based on physical models and modem 
algorithms that make them nearly instantaneous. Fourth, many of the most impor- 
tant computational results are presented graphically, allowing visual interpretation 
of trends and limits. Fifth, they are compatible with modem PC and laptop presenta- 
tion formats, including menu- and mouse-driven actions. Sixth, and far from least, 
is the likelihood that you will find uses for the broad capabilities of the AEDsys 
software far beyond the needs of this textbook. 

Because the CD-ROM contains a complete user's manual for AEDsys, no ex- 
planations will be provided in the printed text. The table of contents is listed next. 

1.10.2 AEDsys Table of Contents 
AEDsys Program 

This is a comprehensive program that encompasses Chapters 2-7. It includes 
constraint analysis, aircraft system performance, mission analysis of aircraft 
system, and engine performance. User can select from the basic engine models 
of Chapters 2 and 3 or the advanced engine models of Chapter 5 with the instal- 
lation loss model of Chapter 6 or constant loss. Calculates engine performance at 
full and partial throttle using the engine models of Chapter 5. Interface quantifies 
can be calculated at engine operating conditions. 

ONX Program 
This is a design point and parametric cycle analysis of the following engines 
based on the models of Chapter 4: single-spool turbojet, dual-spool turbojet 
with/without afterburner, mixed-flow turbofan with/without afterburner, high 
bypass turbofan, and turboprop. User can select gas model as one with constant 
specific heats, variable specific heats, or constant specific heats through all 
components except for those where combustion occurs where variable specific 
heats are used. Generates reference engine data for input to AEDsys program. 

ATMOS Program 
Calculate properties of the atmosphere for standard, hot, cold, and tropical days. 

GASTAB Program 
This is equivalent to traditional compressible flow appendices for the simple 
flows of calorically perfect gases. This includes isentropic flow; adiabatic, con- 
stant area frictional flow (Fanno flow); frictionless, constant area heating and 
cooling (Rayleigh flow); normal shock waves; oblique shock waves; multiple 
oblique shock waves; and Prandtl-Meyer flow. 

COMPR Program 
This is a preliminary mean-line design of multistage axial-flow compressor. 
This includes rim and disc stress. 

TURBN Program 
This is a preliminary mean-line design of multistage axial-flow turbine. This 
includes rim and disc stress. 
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EQL Program 
This calculates equilibrium properties and process end states for reactive mix- 
tures of ideal gases, for different problems involving hydrocarbon fuels and 
air. 

KINETX Program 
This is a preliminary design tool that models finite-rate combustion kinetics in 
a simple Bragg combustor consisting of well-stirred reactor, plug-flow reactor, 
and nonreacting mixer. 

MAINBRN Program 
This is a preliminary design of main combustor. This includes sizing, air parti- 
tioning, and layout. 

AFTRBRN Program 
This is a preliminary design of afterburner. This includes sizing and layout. 

INLET Program 
This is a preliminary design and analysis of two-dimensional external compres- 
sion inlet. 

NOZZLE Program 
This is a preliminary design and analysis of axisymmetric exhaust nozzle. 

The AEDsys Engine Pictures folder also contains numerous digital images of the 
external and internal appearance of a wide variety of civil and military engines. 
These are intended to help you visualize the overall layout and the details of 
components and subsystems of vastly different engine design solutions. You should 
consult them frequently as a sanity check and/or to reinforce your own learning 
experience. 

1.11 Example Request for Proposal 
The following Request for Proposal (RFP) was developed by the authors working 

with the U.S. Air Force Flight Dynamics Laboratory and has been used in numerous 
propulsion design course at the U.S. Air Force Academy. This RFP will be used as 
the specification step in the design process for the example design that is carried 
through this textbook. The reader is reminded that an RFP for the Global Range 
Airlifter, an altogether different mission and aircraft, can be found in Appendix P 
along with the basic elements of a solution found on the CD-ROM. 

Request for Proposal for the Air-to-Air Fighter (AAF) 

A. Background 
Now into the 21st century, both the F-15 and F-16 fighter aircraft are physically 

aging and using technology that is outdated. Although advances in avionics and 
weaponry will continue to enhance their performance, a new aircraft will need to 
be operational by 2020 in order to ensure air superiority in a combat environment. 
Recent advances in technology such as stealth (detectable signature suppression), 
controlled configured vehicles (CCV), composites, fly-by-light, vortex flaps, super° 
cruise (supersonic cruise without afterburner operation), etc., offer opportunities 
for replacing the existing fleets with far superior and more survivable aircraft. The 
F-22 Raptor will take its place in the fighter inventory by 2010 and capitalize on 
advanced technologies to provide new standards for fighter aircraft performance. 



14 AIRCRAFT ENGINE DESIGN 

There will be a pressing need, however, for a smaller, less expensive fighter to 
complement the F-22 as the low end of a "high/low" fighter mix. It is the purpose 
of the RFP to solicit design concepts for the Air-to-Air Fighter (AAF) that will 
incorporate advanced technology in order to meet this need. 

B. Mission 

The AAF will carry two Sidewinder Air Intercept Missiles (AIM-9Ls), two 
Advanced Medium Range Air-to-Air Missiles (AMRAAMs), and a 25 nun cannon. 
It shall be capable of performing the following specific mission: 

10 
Subsonic Cruise Climb ~ 9 ~sacs~Pe 8 ~  ~ 7  

l Supersonic I Descend n~,,,,~. = .... .~. ]21 ~sce~ DeliverExpendablee ~Penet ra t ion  

I o . . . .  od % /  / 
I ,% / Accelerate [Land / " ~ , , ~  J And-Climb Combat Air Patrol 

and Takeoff 

Mission profile by phases s 

Phase Description 

1-2 

2-3 

3-4 

4-5 
5-6 

Warm-up and takeoff, field is at 2000 ft pressure altitude (PA) with air 
temperature of 100°E Fuel allowance is 5 min at idle power for taxi and 
1 rain at military power (mil power) for warm-up. Takeoff ground roll plus 3 s 
rotation distance must be < 1500 ft on wet, hard surface runway (#re = 
0.05), Vro = 1.2 VSTAL L. 

Accelerate to climb speed and perform a minimum time climb in mil power to 
best cruise Mach number and best cruise altitude conditions (BCM/BCA). 

Subsonic cruise climb at BCM/BCA until total range for climb and cruise climb 
is 150 n miles. 

Descend to 30,000 ft. No range/fuel/time credit for descent. 
Perform a combat air patrol (CAP) loiter for 20 min at 30,000 ft and Mach 

number for best endurance. 

(continued) 
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Mission profile by phases a (continued) 

15 

Phase Description 

6-7 

7-8 

8-9 

9-10 

10-11 

11-12 
12-13 
13-14 

Supersonic penetration at 30,000 ft and M = 1.5 to combat arena. Range = 
100 n miles. Penetration should be done as a military power (i.e., no 
afterburning) supercruise if possible. 

Combat  is modeled by the following: 
Fire 2 AMRAAMs 
Perform one 360 deg, 5g sustained turn at 30,000 ft. M = 1.60 
Perform two 360 deg, 5g sustained turns at 30,000 ft. M = 0.90 
Accelerate from M = 0.80 to M = 1.60 at 30,000 ft in maximum power 

(max power) 
Fire 2 AIM-9Ls and 1/2 of ammunition 

No range credit is given for combat maneuvers. 
Conditions at end of combat are M = 1.5 at 30,000 ft. 
Escape dash, at M = 1.5 and 30,000 ft for 25 n miles. Dash should be done as a 

mil  power supercruise if possible. 
Using mil power, perform a minimum time climb to BCM/BCA. (If the initial 

energy height exceeds the final, a constant energy height maneuver may be 
used. No distance credit for the climb.) 

Subsonic cruise climb at BCM/BCA until total range from the end of combat 
equals 150 n miles. 

Descend to 10,000 ft. No time/fuel/distance credit. 
Loiter 20 min at 10,000 ft and Mach number for best endurance. 
Descend and land, field is at 2000 ft PA, air temperature is 100°F. A 3 s free 

roll plus braking distance must be < 1500 ft. On wet, hard surface runway 

(/z8 = 0.18), VTD =1.15 VSTAL L. 

aAll performance calculations except for takeoff and landing distances should be for a standard day 
with no wind. 

C. Performance Requirements~Constraints 
C. 1 Performance table 

Performance 

Item Requirement 

Payload 

Takeoff distance a 
Landing distance b 
Max Mach number c 
Supercruise requirement c,d 

2 AMRAAM missiles 
2 AIM-9L missiles 
500 rounds of 
25 mm ammunition 
1500 ft 
1500 ft 
1.8M/40 kft 
1.5M/30 kft 

(continued) 



16 AIRCRAFT ENGINE DESIGN 

Performance (continued) 

Item Requirement 

Acceleration c 0.8 -* 1.6M/30 kft 
t _< 50s 

Sustained g leveV n _> 5 at 0.9M/30 lift 
n > 5 at 1.6M/30 kft 

aComputed as ground roll plus rotation distance. 
bComputed as a 3 s free roll plus braking distance to full stop. Aircraft weight 
will be landing weight after a complete combat mission. 
CAircraft is at maneuver weight. Maneuver weight includes 2 AIM-9L missiles, 
250 rounds of ammunition, and 50% internal fuel. 
dThe supercruise requirement is designed to establish an efficient supersonic 
cruise capability. The operational goal is to attain 1.5M at 30,000 ft in rail power; 
designs capable of meeting this goal will be preferred. As a minimum, the design 
should achieve the specified speed/altitude condition with reduced afterburner 
power operation that maximizes fuel efficiency during supercruise. 

C.2 Other required~desired capabilities 
C.2.1 Crew of one (required). The cockpit will be designed for single pilot 

operation. All controls and instruments will be arranged to enhance pilot workload, 
which includes monitoring all functions necessary for flight safety. Use 200 lb to 
estimate the weight of the pilot and equipment. 

C.2.2 Air refuelable (required). Compatible with KC-135, KC-10, and 
HC- 130 tankers. 

C.2.3 Advanced avionics package. Per separate RFP. 
C.2.4 Maintenance. A major goal of the design is to allow for easy inspec- 

tion, access, and removal of primary elements of all major systems. 
C.2.5 Structure. The structure should be designed to withstand 1.5 times the 

loads (in all directions) that the pilot is expected to be able to safely withstand. 
The structure should be able to withstand a dynamic pressure of 2133 lbf/ft 2 (1.2M 
at SL). Primary structures should be designed consistent with requirements for 
durability, damage tolerance, and repair, and structural carry-throughs should be 
combined where possible. Primary and secondary structural elements may be fab- 
ricated with composite materials of necessary strength. Use of composites in pri- 
mary and secondary structures should result in substantial weight savings over 
conventional metal structures. The design will allow for two wing and one center- 
line wing/fuselage hardpoint for attachment of external stores, in addition to hard 
points for missile carry. 

C.2.6 Fuel~fuel tanks. The fuel will be standard JP-8 jet engine fuel (re- 
quired). All fuel tanks will be self-sealing. External fuel, if carried, will be in 
external 370-gal fuel tanks (JP-8, 6.5 lbf/gal). 

C.2.7 Signatures. Design shall reduce to minimum, practical levels the 
aircraft's radar, infrared, visual, acoustical, and electromagnetic signatures 
(desired). 
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D. 
D.I 
D.1.1 

D.1.2 

D.1.3 

Government-Furnished Equipment (GFE) 
Armament~stores 

AIM-9L Sidewinder Missile 
Launch weight: 191 lbf 
AMRAAM 
Launch weight: 326 lbf 
25 mm cannon 
Cannon weight: 270 lbf 
Rate of fire: 3600 rpm 
Ammunition feed system weight (500 rounds): 405 lbf 
Ammunition (25 mm) weight (fired rounds): 550 lbf 
Casings weight (returned): 198 lbf 

/9.2 Drag chute  
Diameter, deployed: 15.6 ft 
Time from initiation to full deployment (during free roll): 2.5 s 

E. Aircraft Jet Engine(s) 

The basic engine size will be based on a one- or two-engine installation in 
the aircraft. Engine operation at mil power is with no afterburning and with the 
maximum allowable total temperature at the exit of the main burner. Max power is 
with afterburning and with the maximum allowable total temperatures at the exits 
of both the main burner and the afterburner. The afterburner shall be capable of 
both partial and maximum afterburner operations. Each engine shall be capable of 
providing 1% of the core flow bleed air. The engine(s) shall be capable of providing 
a total shaft output power of 300 kW at any flight condition. Reverse thrust during 
landing should be considered as an optional capability in the design. 

1.12 Mission Terminology 
To identify and classify the many types of flight that must be considered dur- 

ing a given mission, it is important to adhere to a structured set of nomenclature. 
The starting point for the system employed in this textbook is illustrated in the 
mission profile of Sec. 1.11B, where the flying that takes place between any two 
numbered junctions is called "phase" (e.g., Phase 3-4 is a subsonic cruise climb 
at BCM/BCA). When it happens that more than one clearly identifiable type of 
flight occurs within a phase, the different types are called "segments" (e.g., combat 
Phase 7-8 contains two separate turn segments and one acceleration segment). The 
corollary, of course, is that missions are made up of phases and segments. 

During the derivations that will be carried out in order to support mission anal- 
yses, the term used to describe generic conditions of flight is "leg" (e.g., constant 
speed cruise leg and horizontal acceleration leg). Hence, a leg can be either a phase 
or a segment. Because of the long and varied history of aviation, every type of flight 
or leg has a number of widely recognized titles. For example, constant speed cruise 
includes dash and supersonic penetration, and loiter includes combat air patrol. 
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In the derivations of design tools, the most recognizable, general, and correct title 
for the type of flight is selected. In the example based upon the RFP, reality dictated 
the use of the contemporary name (or jargon) for each leg. However, the general 
case it corresponds to is clearly identified. 
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2 
Constraint Analysis 

2.1 Concept 
The design process starts by considering the forces that act on the aircraft, 

namely, lift, drag, thrust, and weight. This approach will lead to the fortunate dis- 
covery that several of the leading performance requirements of the Request for 
Proposal (RFP) can be translated into functional relationships between the mini- 
mum thrust-to-weight or thrust loading at sea-level takeoff (TsL/Wro) and wing 
loading at takeoff (Wro/S). The keys to the development of these relationships, 
and a typical step in any design process, are reasonable assumptions for the air- 
craft lift-drag polar and the lapse of the engine thrust with flight altitude and Mach 
number. It is not necessary that these assumptions be exact, but greater accuracy 
reduces the need for iteration. It is possible to satisfy these aircraft/engine system 
requirements as long as the thrust loading at least equals the largest value found 
at the selected wing loading. Notice that the more detailed aspects of design, such 
as stability, control, configuration layout, and structures, are set aside for later 
consideration by aircraft system designers. 

An example of the results of a typical constraint analysis is portrayed in 
Fig. 2.1. Shown there are the minimum TsL/Wro as a function of Wro/S needed 
for the following: 1) takeoff from a runway of given length; 2) flight at a given 
altitude and required speed; 3) turn at a given altitude, speed, and required rate; 
and 4) landing without reverse thrust on a runway of given length. Any of the 
trends that are not familiar will be made clear by the analysis of the next section. 

What is important to realize about Fig. 2.1 is that any combination of TSL/WT"o 
and Wro/S that falls in the "solution space" shown there automatically meets all 
of the constraints considered. For better or for worse, there are many acceptable 
solutions available at this point. It is important to identify which is "best" and why. 

It is possible to include many other performance constraints, such as required 
service ceiling and acceleration time, on the same diagram. By incorporating all 
known constraints, the range of acceptable loading parameters (that is, the solution 
space) will be appropriately restricted. 

A look at example records of thrust loading vs wing loading at takeoff is quite 
interesting. Figures 2.2 and 2.3 represent collections of the design points for jet 
engine powered transport-type and fighter-type aircraft, respectively. The thing 
that leaps out of these figures is the diversity of design points. The selected design 
point is very sensitive to the application and the preferences of the designer. Pick 
out some of your favorite airplanes and see if you can explain their location on the 
constraint diagram. For example, the low wing loadings of the C-20A and C-21A 
are probably caused by short takeoff length requirements, whereas the high thrust 
loading and low wing loading of the YF-22 and MIG-31 are probably caused by 
requirements for specific combat performance in both the subsonic and supersonic 
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Fig. 2.1 Constraint analysis--thrust loading vs wing loading. 
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12  Fig. 2.2 Thrust loading vs wing loading--cargo and passenger aircraft. 
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Fig. 2.3 Thrust loading vs wing loading--fighter aircraft. 1-2 

arenas. Where do you think the location would be for the AAF, supersonic business 
jet, GRA, and UAV? 

2 . 2  D e s i g n  T o o l s  

A "master equation" for the flight performance of aircraft in terms of takeoff 
thrust loading (TsL/Wro) and wing loading (Wro/S) can be derived directly from 
force considerations. We treat the aircraft, shown in Fig. 2.4, as a point mass with 
a velocity (V) in still air at a flight path angle of 0 to the horizon. The velocity of 
the air ( - V )  has an angle of attack (AOA) to the wing chord line (WCL). The lift 

WCL ~ ~ L 

OS w ~ ~  WCL 

Fig. 2.4 Forces on aircraft. 
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(L) and drag (D + R) forces are normal and parallel to this velocity, respectively. 
The thrust (T) is at an angle 9 to the wing chord line (usually small). Applying 
Newton's second law to this aircraft we have the following for the accelerations: 

Parallel to V: 

W W d V  
T cos(AOA + ~o) - W sin0 - (D + R) = --all -- (2.1a) 

go go dt 

Perpendicular to V: 

W 
L + T sin(AOA + 9) - Wcos0 = - - a ±  (2.1b) 

go 

Multiplying Eq. (2.1a) by the velocity (V), we have the following equation in the 
direction of flight: 

{T cos(AOA + ~o) - (D + R)}V = W V sin0 + (i) 

Note that for most flight conditions the thrust is very nearly aligned with the 
direction of flight, so that the angle (AOA + ~o) is small and thus cos(AOA + ~) .~ 1. 
This term will therefore be dropped from the ensuing development, but it could be 
restored if necessary or desirable. Also, multiplying by velocity has transformed 
a force relationship into a power, or time rate of change of energy, equation. This 
will have profound consequences in what follows. Since V sin 0 is simply the 
time rate of change of altitude (h) or 

dh 
V sin 0 = - -  (ii) 

dt 

then combining equations (i) and (ii) and dividing by W gives 

T - ( D + R ) v =  d { h  V 2} dze 

w = - g  
(2.2a) 

where Ze = h + V2/2go represents the sum of instantaneous potential and kinetic 
energies of the aircraft and is frequently referred to as the "energy height." The 
energy height may be most easily visualized as the altitude the aircraft would 
attain if its kinetic energy were completely converted into potential energy. Lines 
of constant energy height are plotted in Fig. 2.5 vs the altitude-velocity axes. The 
flight condition (h = 20 kft and V = 1134 fps) marked with a star in Fig. 2.5 
corresponds to an energy height of 40 kft. Excess power is required to increase the 
energy height of the aircraft, and the rate of change is proportional to the amount 
of excess power. 

The left-hand side of Eq. (2.2a) in modern times has become recognized as a 
dominant property of the aircraft and is called the weight specific excess power 

d z e  __ d h + (2.2b) 
P s -  dt dt 
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Fig. 2.5 Lines of constant energy height (ze). 

This is a powerful grouping for understanding and predicting the dynamics of 
flight, including both rate of climb (dh/dt)  and acceleration (dV/d t )  capabilities. 
Ps must have the units of velocity. 

If we assume that the installed thrust is given by 

T = etTsL (2.3) 

where ot is the installed full throttle thrust lapse, which depends on altitude, speed, 
and whether or not an afterburner is operating, and the instantaneous weight is 
given by 

W = fl WTO (2.4) 

where fl depends on how much fuel has been consumed and payload delivered, 
then Eq. (2.2a) becomes 

Wro - ~ \ Tff-~ro + (2.5) 

Note: Definition of ot 
Particular caution must be exercised in the use of a throughout this textbook 

because it is intended to be referenced only to the maximum thrust or power 
available for the prevailing engine configuration and flight condition. For example, 
an afterbuming engine will have two possible values of ot for any flight condition, 
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one for mil power and one for max power (see Sec. 1.11E of RFP). You must 
differentiate carefully between them. Lower values of thrust are always available 
by simply throttling the fuel flow, thrust, or power. 

It is equally important to remember that both T and TSL refer to the "installed" 
engine thrust, which is generally less than the "uninstalled" engine thrust that 
would be produced if the external flow were ideal and created no drag. The dif- 
ference between them is the additional drag generated on the external surfaces, 
which is strongly influenced by the presence of the engine and is not included in 
the aircraft drag model. The additional drag is usually confined to the inlet and 
exhaust nozzle surfaces, but in unfavorable circumstances can be found anywhere, 
including adjacent fuselage, wing, and tail surfaces. The subject of "installed" vs 
"uninstalled" thrust is dealt with in detail in Chapter 6 and Appendix E. 

Now, using the traditional aircraft lift and drag relationships, 

L = nW = qCLS (2.6) 

where n = load factor = number of g's (g = go) _L to V(n = 1 for straight and 
level flight even when dV/dt ~ 0), 

D = q C D S  (2.7a) 

and 

R = qCDRS (2.7b) 

where D and CD refer to the "clean" or basic aircraft and R and CDk refer to 
the additional drag caused, for example, by external stores, braking parachutes or 
flaps, or temporary external hardware. Then 

CL-- qS -- q 

Further, assuming the lift-drag polar relationship, 

CD = KIC2L + K2CL + CDO (2.9) 

Equations (2.7-2.9) can be combined to yield 

D + R = q S { K I ( q f l ~ ° ) 2 + K 2 ( n ~ f l q  V~°)+CDo+CDR} (2.10) 

Finally, Eq. (2.10) may be substituted into Eq. (2.5) to produce the general form 
of the "master equation" 

q' o) ] 
WTO t~ [ flWro L \ q + K2 - -  JC CDO "~- CDR "J- ~- 

(2.11) 

It should be clear that Eq. (2.11) will provide the desired relationships between 
TSL/WTO and Wro/S that become constraint diagram boundaries. It should also 
be evident that the general form of Eq. (2.11) is such that there is one value of 
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WTo/S for which TSL / WTO is minimized, as seen in Fig. 2.1. This important fact 
will be elaborated upon in the example cases that follow. 

Note: Lift-drag polar equation 
The conventional form of the lift-drag polar equation is 3 

CD ~- C n m i n  + K'C 2 + K ' ( C L  - C L m i n )  2 

where K' is the inviscid drag due to lift (induced drag) and K" is the viscous drag 
due to lift (skin friction and pressure drag). Expanding and collecting like terms 
shows that the lift-drag polar equation may also be written 

/¢" t I t"~ 2 CD ~-" (K' + K")C2L - (2K't CLmin)CL q- (CDmin ~ .~ ~Lmin] 

o r  

where 

CD = K1C 2 + K2CL + CDO (2.9) 

K1 = K'  + K" 

K2 = -2K"CLmin 

l¢,'tl t~2 
CDO = CD min -'[- *~ ~ L  min 

Note that the physical interpretation of CDO is the drag coefficient at zero lift. Also, 
for most high-performance aircraft CL min ~ 0, SO that K2 ,~ 0. 

A large number and variety of special cases of Eq. (2.11) will be developed in 
order both to illustrate its behavior and to provide more specific design tools for 
constraint analysis. In all of the example cases that follow, it is assumed that the ot 
of Eq. (2.3), the fl of Eq. (2.4), and the K1, K2, and CDO of Eq. (2.9) are known. If 
they change significantly over the period of flight being analyzed, either piecewise 
solution or use of representative working averages should be considered. 

2.2.1 Case 1: Constant Altitude~Speed Cruise (Ps = O) 

Given: dh/dt = O, dV/dt  = 0, n = 1 (L = W), and values of h and V (i.e., q). 
Under these conditions Eq. (2.11) becomes 

TsL _ fl Ka + K2 + (2.12) 
Wro ot q \ - - S - ]  f l / q ( Wro /S )  

This relationship is quite complex because TsL/Wro grows indefinitely large 
as WTo/S becomes very large or very small. The location of the minimum for 
TsJ  Wvo can be found by differentiating Eq. (2.12) with respect to WTo/S and 
setting the result equal to zero. This leads to 

S -Iminr/W K1 
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Fig.  2 .6  Forces  on  a ircraft  in turn.  

and 

TSL 1 nfl {2~/(CD0 + CDR)KI + K2} 
V;S o Jmi .  = 

Occasionally n is stipulated in terms of other quantities. In the case of a level, 
constant velocity turn, for example, where the vertical component of lift balances 
the weight and the horizontal component is the centripetal force, n is as shown in 
Fig. 2.6. 

It follows from the Pythagorean Theorem that 

\ g o  / 

n =  l + \ goRc ] 

and 

(2.16) 

(2.17) 

which can be used when the rotation rate (~2) or the radius of curvature (Re) is 
given rather than the load factor (n). 

2.2.4 Case 4: Horizontal Acceleration [Ps = (V/go) (d V/dt)] 

Given: dh/dt = 0, n = 1 (L = W) and values of h, Vinitial, Vfinal, and Atallowable. 
Under these conditions Eq. (2.11) becomes 

TSL B [ 13 {WTo ~ CDO'q-CDR 1 dV I 
- -  r ' K 1  

Wro - -dl q ~----~-} + K2 +13/q(Wro/S) + ~--d-t- I (2.18a) 

which can be rearranged to yield 

{ 13(WTo~ CDo+CDR I 1 dV _ ot TSL K1 + K2 + (2.18b) 
go dt 15 WTO q \ S - , ]  fl~q-('WT-~) I 

Strictly speaking, Eq. (2.18b) must be integrated from Vi,itiat to V~nal in order to 
find combinations of thrust loading and wing loading that satisfy the acceleration 



28 AIRCRAFT ENGINE DESIGN 

time criterion. A useful approximation, however, is to select some point between 
Vi, iti~t and Villa1 at which the quantities in Eq. (2.18a) approximate their working 
average over that range, and set 

l d V  l ( Vfinal = Vinitial ) 
go dt go Atallowable / 

In this case the constraint curve is obtained from Eq. (2.18a), which again has the 
properties of Eq. (2.12) including the location of the minimum Tsr/Wro. 

Equation (2.18b) can be numerically integrated by first recasting the equation 
as 

1 [v~.,., V d V  1 fv~2,aldV 2 
Atallowable = - -  - -  -- (2.19a) 

go a v~,i,i~ Ps 2g0 Jvi],~ Ps 

where 

TsL K1 + K2 + (2.19b) 
Ps = V -~ Wro q \ - - -S-]  fl/q(WTo/S)A 

The solution of the required thrust loading (TsL/Wro) for each wing loading 
(WTo/S) can be obtained by the following procedure: 

1) Divide the change in kinetic energy into even sized increments, and calculate 
the minimum thrust loading [maximum TSL/WTO corresponding to Ps = 0 in 
Eq. (2.19b) for all kinetic energy states]. 

2) Select a thrust loading larger than the minimum and calculate the acceleration 
time (A t) using Eqs. (2.19a) and (2.19b). Compare resulting acceleration time with 
Atallowable. Change the thrust loading and recalculate the acceleration time until it 
matches Atallowabl e. 

2.2.5 Case 5: Takeoff Ground Roll ($G), when TSL > >  (D + R) 
Given: dh/dt = 0 and values Of SG, p, CLrnax, and VTO = k T o V s T A L  L. 

Under these conditions Eq. (2.5) reduces to 

TsL 

WTO 

which can be rearranged to yield 

d s  

fl dV fl dV 
m 

ago dt ago d s / V  

fl ( W r o ~ v  
ago \ T-s-sS / d V 

and integrated from s = 0 and V = 0 to takeoff, where s = so and V = Vro, 
with the result that 

(WTo  
S G ---- _ _  

a / 2g0 

provided that representative takeoff values of a and fl are used. Defining 

Vro = kro VSrALL (2.20) 
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where kro is a constant greater than one (generally specified by appropriate flying 
regulations) and VSrAU~ is the minimum speed at which the airplane flies at CL m,x, 
then 

o r  

qCLmaxS = 1 2 ~PV~TALLCLmaxS = flWTo 

V ,ALL (W O) % - 

2 2 P--~L ~ \ - - f f - ]  
(2.21) 

or  

where 

Under these conditions 

D + R  

Wro 

so that Eq. (2.5) becomes 

rsL 
WTO 

(CD -~- CDR -- I~roCL)qS -t- tXTo~WTo 
t ~ WTO 

{ fl('~OTO) l d V }  fl ~ro q S + / X r o + - -  
ot go 

~ro = CD + CoR -/zroCL (2.24) 

which can be rearranged and integrated, as in Case 5, to yield 

{ / I ( ~  "~CLmaxl} (2 .25)  _ fi(Wro/S) In 1 - ~ro TSL IZro] 
SG Pgo~ro WTO 

provided that representative takeoff values of ot and fl are used. 
For this case TSL/Wro must increase continuously with Wro/S, but in a more 

complex manner than in Case 5. That result is again obtained in the limit as all 
terms in ~ro approach zero and In (1 - e) approaches - e ,  whence 

~( Wro / S) ~ro 
s G 

PgO~TO (Ol/~)(ZsL/WTo)fLmax/k20 

WTO ~ SGPgoCLmax 
(2.22) 

(2.23) 

2.2.6 Case 6: Takeoff Ground Roll ($G) 
Given: dh/dt = 0 and values of p, D = qCDS, CLmax, VTO = kToVsTALL, and 

R = qCDRS + #ro(fiWro - qCLS). 

with the final result that 

WTO 0l SGPgoCLmax 

For this limiting case TSL/WTO is directly proportional to Wro/S and inversely 
proportional to s~. 
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a) 

V=0 

Rotation 

V~o 
Ground Roll 

S G ..I ~1 SR 

Transition gel 

~ hTR 

~1- Sre ~ SoL 

STO 

Fig. 2.7a Takeoff  terminology (hrR < hobs). 

hobs 

Note: Total takeoff distance 
Two cases arise: 
Case A (Fig. 2.7a): The total takeoff distance (sro) can be analyzed as ground 

roll (SG) plus three other distances: the first (SR) to rotate the aircraft to the takeoff 
lift condition (traditionally CL = 0 . 8 C L m a x )  while still on the ground; the second 
(SrR) to transit to the angle of climb direction; and the last (scD to clear an obstacle 
of given height. These distances may be estimated as followsl: 

SR = tR Vro = tRkro~/{2fl / (pCL max)}(WTo/ S ) (2.26) 

where tR is a total aircraft rotation time based on experience (normally 3 s), 

STR = Rc sin OCL -- Vr2° sin OCL 
g o ( n -  1) 

VT20 sin OCL k2ro sin OCL 2fl ( Wro 
SrR = go(O.8k2o _ 1) = g0~.8~ro --- 1) ~ \ - S - , ]  (2.27) 

where Occ is the angle of climb, which can in turn be obtained from Eq. (2.2a) as 

1 dh T - D  
- sin Ocz - - -  

V dt W 

and, if hobs > hrR 

hobs --  hTR 
SCL -- (2.28) 

tan OcL 

where hobs is the required clearance height and hrR is given by the following 
expression, provided that hobs > hrR: 

VZo(1--cosOcL) kZo(1--cOSOcL) 2fl ( t ~ o )  
h r R =  go(O.8k2o - 1) ---- g0(0---~8"-k2~o--1) P C L m a x  - -  

(2.29) 
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b) 

Rotation 

V~o 
V = 0 Ground Roll 

SG • S R 

STO 

Transition 

V " C l i m /  

bs 

~ -  Sob ~ ~ 

Fig. 2.7b Takeoff terminology (hTR > hobs). 

Case B (Fig. 2.7b): The distances SG and sn are the same as in case A, but the 
obstacle is cleared during transition so STO = Sa + SR + Sobs where Sobs is the 
distance from the end of  rotation to the point where the height hobs is attained. 
There follows 

V2o sin Oobs 
Sobs = Rc sinOobs go(O.8k2o - 1) (2.30) 

where 

hobs 
Oobs = COS -1 1 - -  Rc I 

2.2.7 Case 7: Braking ROII(SB) 
Given: ot < 0 (reverse thrust), dh/d t  = 0 and values of  p, VrD = krDVsTAIZ, 

D = qCDS, and R = qCDRS + Izs(flWro -- qCLS).  
Under these conditions 

D + R (Co -~- CDR -- lZBCL)q if" tZBflWTo 

t~ WTO t ~ Wro 

so that Eq. (2.5) becomes 

TsL 
- ~ ~-~ ~oro ~ - -g i -  

(2.31) 
WTO go 

where 

~L = CD -'[- CDR -- ].I"BCL (2.32) 

which can be rearranged and integrated, as in Case 6, to yield 

_ f l ( W T o / S )  l n { I + ~ L / [ ( I Z B  + ( - -Or)TsL~CLmax]I  
sa Pgo~r 7 -  W r o ]  k2--~-D ] ] (2.33) 
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provided that representative landing values of a and fi are used and where kTD is a 
constant greater than one (generally specified by appropriate flying regulations). 

For this case reverse thrust can be used to great advantage. If the second term in 
the bracket of Eq. (2.33) is made much less than one by making ( - a )  very large, 
then 

S B --~ 
¢~(Wro/S) ~L 

PgO~L [(- -~)I t~](TsLIWTo)(CLmax/k2D) 

or 

WTO (--Ol) SBPgoCLmax 
(2.34) 

Note: Total landing distance 
The total landing distance (sL) can be analyzed as braking roll (sB) plus two 

other distances (see Fig. 2.8): the first (SA) to clear an obstacle of given height and 
the second (SFR) a free roll traversed before the brakes are fully applied. These 
distances may be estimated as follows: 1 

S A = 
pgo(C~ + coR) - -  \ k~ob, + k~D + 

C L max 2h obs 

(c .  + co.)(ko~s + ~ )  

(2.35) 

where hobs is the height of the obstacle and the velocity at the obstacle is 

gobs = kobs VSTALL (2.36) 

and 

SFR = tFR VTD : tFRkTD~// { 2 fl / (pC L max) }( W T o  / S )  (2.37) 

gobs 

-~-*~ ~ A p p r o a c h  
h °b~ 

Free Roll 
VrD k Braking V = 0 

I. sA J I. Iv[ SFR I "~l S B 

SL Yl 

Fig. 2.8 Landing terminology. 
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where tFR is a total system reaction time based on experience (normally 3 s) that 
allows for the deployment of a parachute or thrust reverser. 

2.2.8 Case 8: Service Ceiling (Ps = dh/dt) 
Given: d V / d t  = O, n = 1 (L = W), and the values of h (i.e., or), dh/d t  > O, 

and CL. 
Under these conditions Eq. (2.11) becomes 

TSL -- fl K1 - -  + K2 + fl/q(WTo/S) 
Wro ot 

where 

or 

and 

or 

so that 

qCL S = flWTo 

,dh} 
+ V ~- (2.38) 

CL = fl-- ( ~  0 (2.39) 

q - -  2 - - ( L  

v =  (2.40) 

Since 

then 

and cr. 
Under these conditions Eq. (2.11) becomes 

_{ TSL fl K1 + K 2 +  
W~o ,~ \ ~ ) 

C L max W 
CL -- k2 ° -- qS  -- 

TSL fl [ CLmax + + 

CDO "~ CDR } 
( f lWro /qS)  + sin 0 (2.42) 

CDO "~ CDR I 
CLm~x/k2 ° + sinO J (2.43) 

2.2.9 Case 9: Takeoff Cfimb Angle 

Given: O, n = 1 (L = W),  dV /d t  = 0, CDR , CLmax, kro, and the values ofh  

____{ CDO"~-CDR l dh} 
TSL fi K1CL + K2 + + (2.41) 
Wro ~ CL V d[ 
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and 

V = V T ° = ~  O'PSL2t~k2OcL max ( ~ O )  (2.44) 

is employed to find Mro for a given Wro/S and thus the applicable values of 
et, K1, K2, and Coo. Because they vary slowly with WTo/S, the constraint bound- 
ary is a line of almost constant TSL/Wro. 

2.2.10 Case 10: Carrier Takeoff 

Given: n = 1 (L = W), Vro, dV/dt, CL m a x ,  kTo, 1~, and the values of h and a. 
Solving Eq. (2.44) for wing loading gives 

WTO PsL C L max V•O 
T max = 2~k2ro (2.45) 

where the takeoff velocity (Vro) is the sum of the catapult end speed (Ve.d) and 
the wind-over-deck (Vwod) or 

Vro = Ve,d + Vwoa (2.46) 

A typical value of kro is 1.1 and of Ve,d is 120 kn (nautical miles per hour). 
Wind-over-deck can be 20 to 40 kn, but design specifications may require launch 
with zero wind-over-deck or even a negative value to ensure launch at anchor. This 
constraint boundary is simply a vertical line on a plot of thrust loading vs wing 
loading with the minimum thrust loading given, as already seen in Eq. (2.43), by 

r l  TSL fl K 1 -  + K2 + + --  (2.47) 
L ~ Jmin = ~ k2o CLmax/k2o go --~ 

where or, K1, KE, and Coo are evaluated at static conditions. A typical value of 
the required minimum horizontal acceleration at the end of the catapult (dV/dt) is 
0.3 go. 

2.2.11 Case 11: Carrier Landing 

Given: n = 1 (L  = W), VTD, CL max, kTD, fl, and the values o f  h and ~r. 
Rewriting Eq. (2.45) for the touchdown condition gives 

WTO PsL C L max V~'D 
- - g -  max = 2flk2ro (2 .48)  

where the touchdown velocity (Vro) is the sum of the engagement speed (Ve.g, 
the speed of the aircraft relative to the carrier) and the wind-over-deck (Vwod), or 

Vro = Veng + Vwod 

A typical value ofkro  is 1.15 and of Ve.g is 140 kn (nautical miles per hour). As 
in Case 10, this constraint boundary is simply a vertical line on a plot of thrust 
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loading vs wing loading. The minimum thrust loading is given by Eq. (2.49): 

 o O,min = /K'  
CDO ÷ CDR I 

+ K 2 + CLmax/k2 D + sin 0 J (2.49) 

where - 0  is the glide-slope angle. 

2.2.12 Case 12: Carrier Approach (Wave-off) 
Given: O, n = 1 (L = W), VTD, dV/d t ,  el, fi, CDR, CLmax, kTD, and the values 

of h and a. 
Because carrier pilots do not flair and slow down for landing but fly right into 

the carrier deck in order to make certain the tail hook catches the landing cable, the 
approach speed is the same as the touchdown speed (VrD). Rewriting Eq. (2.48) 
for the approach condition gives 

[WTo] (rpsLCLmaxV2D (2.50) 

- U  max = 

As in Cases 10 and 11, this constraint boundary is simply a vertical line on a plot 
of thrust loading vs wing loading. 

Under these conditions Eq. (2.11) becomes 

1 --~dV} CL max CDO ÷ fOR __ 
L IrSL1WTO..Jmin =~--0/ K1---~--TD +g2+ CLmax/k2D + sin 0 + go (2.51) 

where - 0  is the glide-slope angle and or, K1, K2, and CDO are evaluated at static 
conditions. Typical wave-off requirements are an acceleration of 1/8 go while on 
a glide-slope of 4 deg. 

2.3 Preliminary Estimates for Constraint Analysis 
Preliminary estimates of the aerodynamic characteristics of the airframe and of 

the installed engine thrust lapse are required before the constraint analysis can be 
done. The following material is provided to help obtain these preliminary estimates. 

2.3.1 Aerodynamics 
The maximum coefficient of lift (CL max) enters into the constraint analysis dur- 

ing the takeoff and landing phases. Typical ranges for CL max divided by the cosine 
of the sweep angle at the quarter chord (Ac/4) are presented in Table 2.1, which is 
taken from Ref. 4. This table provides typical CL max for cargo- and passenger-type 
aircraft. For fighter-type aircraft a clean wing will have CL max ~ 1.0 --+ 1.2 and a 
wing with a leading edge slat will have CLmax ~ 1.2 -+ 1.6. The takeoff maximum 
lift coefficient is typically 80% of the landing value. 
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Table 2.1 CLmax for high lift devices 4 

High lift device Typical flap angle, deg CL m a x / C O S ( A c / 4 )  

Trailing edge Leading edge Takeoff Landing Takeoff Landing 

Plain 20 60 1.4 ~ 1.6 1.7 ~ 2.0 
Single slot 20 40 1.5 ~ 1.7 1.8 ~ 2.2 
Fowler 15 40 2.0 ~ 2.2 2.5 ~ 2.9 
Double sltd. 20 50 1.7 ~ 2.0 2.3 ~ 2.7 
Double sltd. Slat 20 50 2.3 ~ 2.6 2.8 ---> 3.2 
Triple sltd. Slat 20 40 2.4 ~ 2.7 3.2 ~ 3.5 

The lift-drag polar for most large cargo and passenger aircraft can be estimated 
(Ref. 5) by using Fig. 2.9 and Eq. (2.9) with 

1 
0.001 _< K" < 0.03, 0.1 < C L m i n  < 0.3, K '  -- 

hARe 
where the wing aspect ratio (AR) is between 7 and 10 and the wing planform 
efficiency factor (e) is between 0.75 and 0.85. Note that 

: ld'll("2 K 2  - 2 K " C L  min K1 = K' + K", Coo C D m i n  + -~ " - ' L m i n '  : 

The lift-drag polar for high-performance fighter-type aircraft can be estimated 
(Ref. 5) using Eq. (2.9), K:  = 0, and Figs. 2.10 and 2.11. 
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2.3.2 Propulsion 
The variation of installed engine thrust with Mach number, altitude, and after- 

burner operation can be estimated by developing a simple algebraic equation that 
has been fit to either existing data of company-published performance curves or 
predicted data based on the output of performance cycle analysis (see Chapter 5) 
with estimates made for installation losses. The following algebraic equations for 
installed engine thrust lapse are based on the expected performance of advanced 
engines in the 2000 era and beyond. These models use the nondimensional tem- 
perature (8 and 80) and nondimensional pressure (8 and 80), defined next, and the 
throttle ratio (TR) described in Appendix D. The rationale for these models has 
a sound, fundamental basis that is developed in Mattingly 6 and confirmed by the 
analysis of Appendix D. 

8 = T / T ,  td and 8 o = T t / T ~ t d = 8 ( l + f f ~ - M ~ )  (2.52a) 

_Z_ 

6=P/P~ta and 6 0 = P J P ~ t d = 6  1 +  (2.52b) 

High bypass ratio turbofan ( Mo < 0.9) 

8o < TR ot = 6o{1 - 0.49v/~o} 

8o > TR o t=60 {1 -0 .49v / -~o  

Low bypass ratio, mixed flow turbofan 
Maximum power: 

8o > TR 

Military power: 

3(80 -rR  ] (2.53  
1.5 T Mo ] 

8o < TR ot=8o  

ot = 6o{1 - 3.5(80 - TR)/8o} 

Oo < TR a = 0 . 6 6 o  

= 0.66o{1 - 3.8(80 - TR)/Oo} 

(2.54a) 

8o > TR (2.54b) 

Turbojet 
Maximum power: 

8o < TR t~ = 6o{1 - 0.3(80 - 1) - 0 . 1 v ~ o  } 

{ l '5(8°--TR)} (2"55a) 8o >TR o t=6o  1 - 0 . 3 ( 8 0 - 1 ) - 0 . 1 v / M o o  0o 

Military power: 

8o < T R o t  = 0.86o{1 - 0.16x/~o} 

8o > TR a = 0.880 { 1 - 0.16v/--~o 24(8o--TR) [ (2.55b) 
(9 + Mo)8o I 
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Turboprop 

M0 < 0.I c~=80 

Oo < TR o t : 8 0 { 1 - 0 . 9 6 ( M 0 - 1 )  1/4} 

{ 3(O°-TR) ] (2"56) Oo >TR ~ = 8 0  1 - 0 . 9 6 ( M 0 - 1 )  1/4- 8.13(M0-0.1) 

2.3.3 Weight Fraction 
In the computation of every constraint, the instantaneous weight fraction (fl) of 

the aircraft is required. An initial numerical estimate for this weight fraction at 
each mission junction must be based on experience. To provide you with guidance 
for these estimates, the instantaneous weight fraction along the mission of two 
typical aircraft, a fighter aircraft and a cargo or passenger aircraft, are shown in 
Figs. 2.12 and 2.13, respectively. 

2.4 Example Constraint Analysis 
The performance requirements of the Air-to-Air Fighter (AAF) aircraft Request 

for Proposal (RFP) in Chapter 1 that might constrain the permissible aircraft takeoff 
thrust loading (TsL/Wro) and wing loading (Wro/S) are listed in Table 2.El. In 
this example, we shall translate each of these performance requirements into a 
constraint boundary on a diagram of takeoff thrust loading vs wing loading. This 
will be accomplished with each requirement by developing an equation for the 
limiting allowable loadings in the form 

Z {(TsL/ Wro), (Wro/ S)} = 0 

Combat 

So bsonic Cruise Clim b ..............~ Escape ~=:~ ~ 

oovorEx .. ., S  =roC 

~ ~ ~ . . . . . . .  

~°~oen~ ~ / ~ 
I And # ' ~  ! .......... ~ ~ 
t Land / ~ 1 1  J ~ m l  ~ Combat Air Patrol 

o 

P = • R' Warm-up 
and Takeoff 

Fig. 2.12 Instantaneous weight fraction: typical fighter aircraft. 
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Fig. 2.13 Instantaneous weight fraction--typical cargo and passenger aircraft. 

Finally, with the help of the constraint diagram so constructed, we shall select 
initial values of ( T s L / W r o )  and ( W r o / S )  for the AAE 

2.4.1 Constraint Boundary Analysis 
To proceed, it is necessary to have preliminary estimates for CL max, the lift-drag 

polar, and engine performance data. These data are based on current technology 

Table 2.El Selected AAF specifications 

Mission phases and segments Performance requirement 

1-2 Takeoff 
Acceleration 

Rotation 

6-7 Supersonic penetration 
and 8-9 and escape dash 

7-8 Combat 
Turn 1 

Turn2 

Acceleration 

13-14 Landing 
Free roll 
Braking 

Max Mach number RFP para. C. 1 

2000 ft PA, 100°E STo = S G ~- S R <_< 1500 ft 
kTo = 1.2, #tO = 0.05, max power 
Vro, tR = 3 s, max power 

1.5M/30 kft, no afterburning (if possible) 

30,000 ft 
1.6M, one 360 deg 5g sustained turn, with 

afterburning 
0.9M, two 360 deg 5g sustained turn, with 

afterburning 
0.8 -+ 1.6M, At < 50 s, max power 

2000 ft PA, 100°F, SL = SIR + SBR < 1500 ft 
krD = 1.15, tFR = 3 S, /ZB = 0.18 
Drag chute diameter 15.6 ft, deployment <2.5 s 

1.8M/40 kft, max power 
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for fighter-type aircraft and engines. The variation of thrust with Mach number 
and density is shown in Fig. 2.Elb that depicts the so-called engine thrust lapse 
of Eqs. (2.54a) and (2.54b) for three typical values of the throttle ratio (TR). In 
addition, the instantaneous weight fraction (fl) must be estimated for each item of 
Table 2.El. Reasonable estimates (see Figs. 2.12 and 2.13) will fall between 1.0 
at takeoff and 0.5, say, at landing. 

The aerodynamic data of Fig. 2.El a provide the initial estimates of CL max, K 1 ,  

and CDO required by Eq. (2.1 lb) and its descendants. Please note that the AAF is at 
first assumed to have an uncambered airfoil, for which K2 = 0. The following AAF 
calculations will therefore use the relevant equations with K2 set equal to zero. 
Note that CL max = 2 was arrived at after many values of CL max were examined, 
such that takeoff would not overconstrain the problem. According to Table 2.1, this 
requires a fighter with very low wing sweep (improbable, especially in this case 
with supercruise requirements) or augmented high lift (such as achieved by using 
vortex lift created by leading edge extensions, etc.). This challenges the aircraft 
designer to join in the effort by using advanced technology for this requirement. 

The installed propulsion data of a low bypass ratio, mixed flow turbofan engine 
are selected and plotted in Fig. 2.E lb based on Eqs. (2.54a) and (2.54b). A range of 
TR from 1.0 to 1.08 is shown because the hot day takeoff and supercruise require- 
ments desire a TR greater than 1.0 (see Appendix D). It is important to have a 
good first estimate of the installed engine thrust lapse, which is usually obtained 
from such open literature information as company brochures, technical papers, 
and textbooks. 1,2 Another very effective method for obtaining engine thrust lapse 
is simply to run the performance computer portion of the AEDsys program sup- 
plied with this textbook for an initial guess of the engine design point. That was 
the origin of the engine thrust lapse equations of Sec. 2.3.2. 

The computations and data required to construct each boundary in the complete 
constraint diagram of the AAF are contained in the Sec. 2.4.3. The Constraint 
Analysis software in the AEDsys program makes these calculations effortless. 

Before determining the constraint for each item of Table 2.El in detail, we will 
first illustrate the procedure with the takeoff distance and supercruise phases. This 
will also help us appreciate the role of the engine TR and select a value capable of 
meeting these two constraints. 

Takeoff. For this illustrative case we consider the airplane accelerated by 
thrust with no resisting forces whatever in the ground roll. The thrust is balanced 
by drag forces during the constant velocity rotation. Under these conditions our 
takeoff constraint boundary equation comes from Case 5, Eq. (2.22), solved for 
SG, and Eq. (2.26), where sTO = SG + SR, or 

STO ~--- [ pgofLmaxOlwet(ZsL/WTO) ] I VRCL max 

(2.El) 

which is in the form 

a +b v 
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Fig. 2.El Preliminary AAF data: a) aerodynamic data; b) installed thrust lapse. 
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Table 2.E2 Thrust  lapse variation 
with throttle rat io-AB on 

TR ~)lwe t 

1.00 0.6885 
1.05 0.8400 
1.06 0.8703 
1.07 0.9006 
1.08 0.9309 

From item 1 of Table 2.El, Fig. 2.E 1, and the standard atmosphere of Appendix 
B, we have 

kro = 1.2 /3 = 1.0 0 = 1.0796 

MT'o = 0.1 CLmax = 2.0 8 = 0.9298 

cr = 8 / 0 = 0 . 8 6 1 2  p = 0 . 0 0 2 0 4 7 s l / f t  3 t R = 3 . 0 s  

go = 32.17 ft/s 2 

For the range of TR the corresponding thrust lapses (or) from Eq. (Z54a) are shown 
in Table 2.E2. 

With these values we can evaluate the coefficients a, b, and c in Eq. (2.El), 
which, for computational convenience, we solve for WT.o/S in order to obtain 

where 

( - - ~ ) = { - b + ~ }  2 2 a  

10.93 
a =  b-----79.57 c = 1 5 0 0  

Otwet( TsL/ WTO ) 

whence we obtain the matrix of results for Wro/S: 

(00)M=0.1 = 1.0818 

(80)M=0.1 = 0.9363 

STO = 1500ft 

(2.E2) 

TR TsL/Wro 0.4 0.8 1.2 1.6 2.0 2.4 

1.00 Wro/S (lbf/ft 2) 27.3 47.9 64.9 79.6 92.5 104 

1.05 Wro/S (lbf/ft 2) 32.2 55.7 74.8 91.1 105 118 

1.06 Wro/S (lbf/ft z) 33.2 57.2 76.7 93.2 107 120 

1.07 Wro/S (lbf/ft 2) 34.1 58.7 78.6 95.33 110 122 

1.08 Wro/S(lbf/ft 2) 35.1 60.2 80.4 97.4 112 125 

The takeoff constraint boundaries for this range of throttle ratios are shown in 
Fig. 2.E2. An airplane with thrust and wing loadings in the region to the left of 
the boundary can take off within the specified constraints, but those to the right 
cannot. 
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Fig. 2.E2 Constraint diagram for takeoff and supercruise conditions. 

Supercruise. For constant altitude/speed cruise, Case 1, Eq. (2.12), with 
CoR = K2 = 0 gives 

W~ro ,] K l q  + 
Coo } 

fl /q (Wro/ S) 

From item 2 of Table 2.El,  Fig. 2.El,  and the standard atmosphere of  
Appendix B, we have 

0 = 0.7940 (0o)M=1.5 = 1.1513 3 = 0.2975 

K1 = 0.27 Coo = 0.028 /~ = 0.78 

q = 991.6 lbf/ft 2 

(6o)M=1.5 = 1.0921 

The supercruise constraint boundary equation is, therefore, 

\~oro] ( TsL ~ 0.78ot 2.12 x 10 .4 + (Wro/S)I (2.E3) 
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Table 2.E3 Thrust lapse variation 
with throttle ratio-AB off 

TR ado, 

1.00 0.3278 
1.05 0.4359 
1.06 0.4576 
1.07 0.4792 
1.08 0.5008 

with a = t~dry as a function of TR from 
whence we obtain the matrix of results for TsL/Wro: 

TR Wro/S (lbf/ft 2) 20 40 60 
1.00 TsL/Wro 4.25 2.14 1.44 
1.05 TsL/Wro 3.19 1.61 1.08 
1.06 Tsl./Wro 3.04 1.53 1.03 
1.07 TsL/Wro 2.90 1.46 0.986 
1.08 TsJ Wro 2.80 1.40 0.944 

Eq. (2.54b), as shown in Table 2.E3, 

80 100 120 
1.10 0.898 0.767 

0.827 0.675 0.576 
0.788 0.643 0.549 
0.752 0.614 0.524 
0.720 0.588 0.502 

As shown in Fig. 2.E2, this constraint boundary places a lower limit on the 
allowable wing loading and, together with the takeoff constraint boundary, encloses 
the "solution space" of allowable combinations of thrust and wing loadings that 
satisfy the two performance requirements considered here. The main consequence 
of increased throttle ratio, as expected, is to reduce TsL/Wro by sustaining thrust 
to higher values of M0 and 00 (see Fig. 2.Elb). 

The selection of a thrust loading and wing loading from Fig. 2.E2 is a compro- 
mise of many factors. For a given Wro, a low (Wro/S) value means large wing 
area while a high value of (TsJ Wro) results in a large thrust requirement. In 
addition, a low wing loading reduces the airplane riding qualities and range and 
can increase the aircraft radar cross section. We would prefer, therefore, relatively 
low thrust and high wing loadings. We might, based on the constraint diagram of 
Fig. 2.E2, select 1.0 and 64 lbf/ft 2 for our AAF thrust and wing loadings and an 
engine throttle ratio of 1.07. However, we must take into account all performance 
requirements as well as the takeoff ground roll drag in constructing the fighter's 
complete constraint diagram. 

When this is done, we employ the AEDsys Constraint Analysis software to 
obtain and construct Fig. 2.E3, which is the complete constraint diagram we seek 
in order to make a judicious selection of (TsL/Wro) and (Wro/S) for the AAE 
Notice that the solution space in the diagram is bounded with constraints formed 
by the supercruise, 0.9M/5g combat turn, takeoff, and landing RFP requirements. 
It is interesting to superimpose the AAF solution space of Fig. 2.E3 on Fig. 2.3, 
which contains the wing and thrust loadings of 22 fighter-type airplanes, as is done 
in the composite Fig. 2.E4. We see that none of the contemporary fighters meets all 
of the RFP requirements for the AAF, thus the need for a new airplane. However, 
the larger YF-22 and YF-23 have similar thrust and wing loadings, which might 
be expected because they have similar requirements. 
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Fig. 2.E3 The complete preliminary AAF constraint diagram ( T R  = 1.07). 

2. 4.2 Selection of the Preliminary Air-to-Air Fighter Design Point 
We are now in a position to make a preliminary selection of the thrust loading 

and wing loading that will guarantee that all the flight constraints are met. To do 
this, we will refer repeatedly to the constraint diagram of Fig. 2.E3. You will find 
that the tools are provided to allow the solution to be iterated and refined as better 
information becomes available, until a final converged solution is obtained. 

As you can see from Fig. 2.E3, the limits imposed by the sustained 1.6M/5g 
combat tum, the acceleration requirement, and the maximum Mach are, for this 
aircraft, not important. Please bear in mind, however, that this will not be the case 
for aircraft designed for other applications and may not even remain true for the 
AAF if the underlying assumptions change (e.g., if the afterburner is not used 
during sustained combat turns). For the time being, then, we will concentrate on 
the four flight conditions that do form the boundaries of the AAF solution space, 
namely, supercruise, 0.9M/5g combat turn, takeoff, and landing. 

At this stage of the design process, the constraint analysis also can be used 
to bring down the ultimate takeoff weight (and cost) of the AAE On the one 
hand, lower thrust loadings lead to smaller engines and greater wing loadings 
lead to smaller wings. On the other hand, as you will see in Sec. 3.2.7, the fuel 
consumed in supercruise can be reduced by selecting a wing loading closer to the 
minimum thrust loading, which is evidently to the right of the solution space. This 
means that we must focus on design points on the right side of the "bucket" formed 
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Fig. 2.E4 Composite thrust loading vs wing loading--fighter aircraft and prelimi- 
nary AAE 

near the juncture of the three constraining lines, preferably those near to the region 
of previous thrust loading experience, which extends to about TSL/WTO = 1.2 
according to Fig. 2.E4. Fortunately, the wing loadings in the region are well within 
the design experience or the industry, as seen in Fig. 2.E4, and high enough to assure 
good handling qualities) It is equally important to avoid trying to put too fine a 
point on our choice, lest the movement of any of the constraining lines caused 
by improved estimates of aircraft and/or engine performance render it useless. 
Following this logic, it appears that the preliminary design point 

TSL/WTO = 1.25 

Wro/S = 64 lbf/ft 2 

TR = 1.07 

as indicated on Figs. 2.E3 and 2.E4, is a reasonable first choice, and this shall be 
used as our decision. A host of interesting observations evolve, the most important 
of which are the following: 

1) The "new" capabilities of the AAF, namely short takeoff and landing, and 
nonafterburning supercruise have "driven" the design. 

2) Relieving the takeoff constraint (by increasing sTO or CL max), the landing 
constraint (by increasing SL or providing reverse thrust), the 0.9M combat turn (by 
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decreasing the number of gs), and the supercruise constraint (by decreasing the 
supercruise Mach number) simultaneously would do little to reduce the required 
TsL/Wro because of the bunching of the other constraints in the same neighbor- 
hood. The good side of this situation is that the resulting engine will be running 
near its full thrust at many flight conditions, so that its size will not be made ex- 
cessively large by any single requirement, and its performance is liable to remain 
high over the entire mission. This often happens when the RFP is the result of 
thoughtful consideration and balancing of the requirements. 

3) The drag chute is a bargain. Without it TslJ Wro would increase beyond any 
reasonable limit because Wro/S = 50.8 lbf/ft 2 with no drag chute. 

4) The throttle ratio has migrated in the direction of the supercruise 00 = 1.15 
(see Appendix D). 

Evaluating Ps. At this point in the design process, it may surprise you to find 
that a great deal of preliminary information is already available about the AAE 
For example, once Tsl./Wro and Wro/S are selected, it is possible to compute 
the weight specific excess power (Ps) for flight at any chosen/3, n, altitude, and 
velocity. To see this, combine Eqs. (2.2b) and (2.1 l) with R = 0 to find that 

P~ = V \-~oroJ - K1 q \ - - -~- j  - Kz n ~/q(WTo/S) (2.E4) 

Equation (2.E4) was used in AEDsys to compute the contours of constant Ps 
for the preliminary AAF of Fig. 2.E3 at military power with n = 1 and/~ = 0.97. 
The results, which are displayed in Fig. 2.E5, are remarkably similar to that of 
"real" airplanes and contain useful guidance for future pilots of the AAF, as well 

Ps (min 0, max - 600, incr - 50 fl/sec) Standard Day Atmosphere 

70 I I I [ ] ] I I [ ] ] ] | [ I I ] ] W/S = 64 
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Fig. 2.E5 Preliminary AAF Ps contours at military power with minimum time-to- 
climb path. 
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as for analyses. Fighter pilots routinely compare these Ps diagrams for their aircraft 
with those of their potential adversaries in order to determine where in the flight 
envelope they enjoy the greatest combat advantage. 

Further, Fig. 2.E5 provides a graphic method for determining the minimum 
time-to-climb flight path from a lower to a higher energy height. Equation (2.2b) 
rewritten as 

f2 fz~ -e2 dZe A t  ---- dt = 
, es 

(2.E5) 

shows that the minimum time-to-climb from Zel(hl, V1) to the higher energy level 
Ze2(h2, V2) corresponds to the flight path that produces the maximum specific 
excess power Ps at each Ze. This maximum occurs at the point of tangency between 
a line of constant energy height and the contour line of the maximum Ps attainable 
for that energy height. For Ze = 70 kft, for example, this tangency occurs at Ps = 
320 ft/s, V = 1480 ft/s, and h = 36 kft. Continuing in this vein, one can find the 
minimum time-to-climb flight path, from Ze of 13 kft at sea level to a Ze of 96 kft 
at an altitude of 57 kft, as shown in Fig. 2.E5. 

These preliminary quantitative results will, of course, change once the final 
selection of the AAF design point has been made and as improved models of the 
aircraft and engine performance are developed and used. 

There are several other features of the Ps contours of Fig. 2.E5 that are striking 
and noteworthy, and they can be usefully generalized to applications beyond the 
AAE First, the theta break line of 1.07 at the peak of each contour is clearly 
visible, and the value of moving it nearer to the supercruise flight condition is 
evident. Second, the dip of each contour caused by the transonic drag rise near 
M = 1 is also clearly visible. Third, the discontinuity on the right-hand side of each 
contour marks the atmospheric tropopause. Finally, the minimum time-to-climb 
path is quite similar to the theta break line because of the dominant influence of 
engine thrust on G,  but not identical because aircraft drag also contributes to the 
calculation [see Eq. (2.E4)]. 

2.4.3 Complete AAF Constraint Boundary Computations 
The constraint computational procedure and results for the performance require- 

ments in Table 2.E1 follow. The same procedure is used in each constraint bound- 
ary calculation. First, the applicable constraint boundary equation from Sec. 2.2 
is written. Next, data to determine the values of all constants as they appear from 
left to right in the equation are listed. This is followed by the specific constraint 
boundary equation resulting from the given data. Finally, some solution sets of 
this equation are tabulated. These are the data plotted in Figs. 2.E3 and 2.E4. The 
same calculations can be performed and the boundaries plotted much more rapidly 
using the Constraint Analysis portion of the AEDsys software included with this 
textbook. An additional benefit of the software is that it constitutes a checklist of 
the quantities required for the calculation of any chosen constraint boundary. The 
individual values were obtained as described in Sec. 2.4.1, but it must be empha- 
sized that they can be altered for the purpose of exploration at the discretion of the 
reader. 
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Careful note should be taken of  the fact that these hand calculations completely 
duplicate the AEDsys Constraint Analysis computations obtained by using the 
AAF.AED file. Any minor differences are simply the result of  the cumulative 
effects of  rounding off. Thus we see that one of the motivating forces for carrying 
four significant figures is to minimize the impact of  these small imperfections on 
the overall results. 

Miss ion p h a s e  1-2 :  Takeoff, no obstacle. 2000 ft PA, IO0°F, kro = 1.2, 
/ZTo = 0.05, tR = 3 s, sro = sc + sz¢ < 1500 ft, max power. 

From Case 6, Eqs. (2.25) and (2.26) with STo = so + sR 

- -  Ta J 
where 

a m fl l n { 1 - - ~ T O / I (  ~ TSL 
PgO~TO Wro 

#TO) "-~To max 1 

b = tlckro~/2fl/(pCLrnax) C = Sro 

We estimate ot and fl to be constant at appropriate mean values. A conservative 
estimate for ~ro for the AAF is obtained by assuming (CDR -- IzToCL) = 0 and 
evaluating CD at CL = CL max/k2o • With 

fl = 1.0 p = 0.002047 slug/ft 3 CL max = 2.0 CL = 1.389 

K1 = 0.18 CDO = 0.014 ~TO = 0.3612 

cr = 0.8613 0 = 1.0796 8 = 0.9298 TR = 1.07 

MTO = 0.1 (00)M=0.1 = 1.0818 (60)M=0.1 = 0.9363 (awet)M=O.1 = 0.9006 

STO = 1500 ft 

then 

a = -42 .061n 

whence 

{ 1 -  0 . 2 5 9 9 / [ 0 . 9 0 0 6 ( W ~ o  ) - 0.051 } b = 7 9 . 5 7  c = 1 5 0 0  

TSL/ WTO WTo / S, lbf/ft 2 
0.4 15.5 
0.8 46.4 
1.2 68.7 
1.6 86.9 
2.0 103 
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Mission phases 6-7 and 8-9: Supersonic penetration and escape dash. 
1.5M/30 kft, no afterburning. 

F r o m  Case 1, Eq. (2.12), with Con and Ka = 0 

With 

then 

whence  

-- -~ X , q  \ - - -~-]  + fi/q'(--~TTo/S) ] 

/3 = 0.78 0 = 0.7940 0o = 1.1513 

3o = 1.0921 TR = 1.07 adry = 0.4792 

Kl  = 0.27 CDo = 0.028 

3 = 0.2975 

q = 991.6 lb f / f t  2 

(>) ~ T O ]  = 3.457 x 10 .4  + - -  

57.94 

( Wro / S) 

WTo / S, lbf/ft 2 TSL/ WTO 
20 2.90 
40 1.46 
60 0.986 
80 0.752 

100 0.614 
120 0.524 

Mission phase  7-8: Combat turn 1. 1.6M/30 kft, one  360 deg 5g sustained 
turn, wi th  aflerburning. 

F r o m  Case 3, Eq.  (2.15), with CDR and K2 = 0 

Wro -- ol [ q \ S ] / 3 /q~ro /S )  J 

With 

fl = 0.78 

30 = 1.2645 

Coo = 0.028 

0 = 0 . 7 9 4 0  0 o = 1 . 2 0 0 5  

TR = 1.07 Olwe t = 0.7829 

K1 = 0.288 

3 = 0.2975 

q = 1128 lbf/ft  2 

then 

W-~ro] = 4.960 x 10 -3 - -  + - -  
40.34 

( Wro / S) 
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whence  

WTo/S, lbff~ 2 TsL/WTo 
20 2.12 
40 1.21 
60 0.970 
80 0.901 

100 0.899 
120 0.931 

Mission phase 7-8: Combat turn 2. 0.9M/30 kft, two 360 deg 5g sustained 
turns, wi th  afterburning. 

F r o m  Case 3, Eq. (2.15), wi th  CDn and K2 = 0 

With 

then 

whence  

Wro ~ I q \ S / f l /q(-~ro/S) I 

fl = 0.78 0 = 0.7940 0o = 0.9226 8 = 0.2975 

80 = 0.5032 TR = 1.07 Olwe t = 0.5033 q = 357.0 lbf/ft 2 

Coo = 0.016 K1 = 0.18 

( TsL ] = 0 .01524( - -~)  + - -  11.35 

( Wro / S) 

WTo/S, lbf/ft 2 
20 
40 
60 
80 

100 
120 

TSL/ WTO 
0.872 
0.893 
1.10 
1.36 
1.64 
!.92 

Mission phase 7-8: Horizontal acceleration. 
50 s, max power. 

From Case 4, Eq. (2.18a), with CDR and K2 = 0 

0.8 --+ 1.6M/30 kft, at At  _< 

WTO -- "~ f l /q(WTo/S) + g ~  

We obtain approximate  constant  values o f  q,  KI, CDO, and a at a mean Mach  
number  o f  1.2. 
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With 

/~ = 0.78 

30 = 0.7215 

CDO = 0.028 

At = 50 s 

then 

TsL 
WTO 

whence 

0 = 0 . 7 9 4 0  0 o = 1 . 0 2 2 7  3 = 0 . 2 9 7 5  

TR = 1.07 Olwe t = 0.7216 q = 634.6 lbf/ft 2 

Kl = 0 . 2 1 6  a = 9 9 4 . 8 f t / s  A M = 0 . 8  

= 2 . 8 7 0  x 1 0 - 4 ( - - ~ )  -q - - -  
24.62 

( Wro / S) 
+ 0.5348 

WTo/S,  lbf/ft 2 TsL/WTo 
20 1.77 
40 1.16 
60 0.963 
80 0.866 

100 0.810 
120 0.775 

Mission phase 13-14: Landing, no reverse thrust. 2000 fl PA, 100°F, 
kTD = 1.15, tFR = 3 s,/zB = 0.18, SL = SFR "Iv SB ~ 1500 ft, GFE drag chute, 
diameter 15.6 ft, deploymemt < 2.5 s. 

From Case 7, Eqs. (2.33) and (2.37) with SL = Srn + sn 

where 

(W~o)__ = { - b +  ~ / -bT+4ac ]  z ~ a  

a m m 
PgO~L 

,n { .  + + - -  - -  (--~) TSL ~CLmax 1 

e 

b = tFRkrD~/2fl/(pCLmax) C = SL 

We assume a drag chute drag coefficient of  1.4 based on the RFP chute area 
of 191 ft 2. Estimating the airplane wing area to be about 500 ft 2, the chute drag 
coefficent (Cone) is 0.5348 referred to the wing area. A conservative estimate of  ~L 
for the AAF is obtained by evaluating C o  at 0.8 of  the touchdown lift coefficient 
(CLmax/k2o) a n d  by assuming (Con - IZBCL) = O. 
With 

/~ = 0.56 p = 0.002047 slug/ft 3 CLmax = 2.0 CDnc = 0.5348 

CL = 1.210 K1 = 0.18 CD0 = 0.014 CD = 0.2775 

~ L = 0 . 8 1 2 3  a = 0  S L = 1 5 0 0 f t  



54 AIRCRAFT ENGINE DESIGN 

then 

whence 

a = 1 4 . 4 7  b = 5 7 . 0 6  c =  1500 

Wro/S = 70.6 lbf/ft 2 

With no drag chute, the same assumptions and computational methods yield a 
wing loading constraint of 50.8 lbf/ft 2. 

Maximum Mach number. M = 1.8 at 40,000 ft, max power. 
From Case 1, Eq. (2.12), with CDR and K2 = 0 

Tsz _ fl K1 -[- 
Wro ot q \ ~ - /  fl/q(WTo/S) 

With 

/3 = 0.78 0 = 0.7519 (00)M=1.8 = 1.2391 

(~0)M=1.8 = 1.0676 TR = 1.07 Olwe t = 0.5575 

K1 = 0.324 Coo = 0.028 

then 

whence 

= 0.1858 

q = 891.8 lbf/ft 2 

( T s L ]  ( _ ~ )  44.79 
~OTOJ = 3.965 X 10 -4 + (WTo/S) 

WTo / S, lbf/ft 2 TSL/ Wro 
20 2.25 
40 1.14 
60 0.770 
80 0.592 

100 0.487 
120 0.421 
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3 
Mission Analysis 

3.1 Concept 
With preliminary design values of takeoff thrust loading (TsL/Wro) and wing 

loading (Wro/S) now in hand, the next step is to establish the scale of the aircraft 
via the estimation of gross takeoff weight (Wro). This will be accomplished by 
flying the aircraft through its entire mission on paper. 

The key fact is that WTo is simply the sum of the payload weight (We), the 
empty weight (WE), and the required fuel weight (WF), or 

WTO = Wp -t- WE -t- WF (3.1) 

These will now be considered in turn. 
Wp is specified in the Request for Proposal (RFP) and comes in two parts. The 

first is the expendable payload weight, which is delivered during the trip (WpE), 
such as cargo or ammunition. The second is the permanent payload weight, which 
is carried the entire mission (Wpp), such as the crew and passengers and their 
personal equipment. 

WE consists of the basic aircraft structure plus any equipment that is permanently 
attached, such as the engines, the avionics, the wheels, and the seats. In short, WE 
includes everything except Wp and WF. WE can be estimated as a fraction of 
Wro, as shown in Figs. 3.1 and 3.2, which correspond to conventional, lightweight 
metal construction. The ratio of WE to Wro has obviously depended on the type of 
aircraft and its size, but the range of this parameter is not wide. Because WE/Wro 
varies slowly with Wro, an initial value may be obtained from an initial estimate 
of WTO and any necessary correction made when WTO becomes more accurately 
known. 

When one contemplates the enormous range of ages and types of aircraft dis- 
played in Figs. 3.1 and 3.2, and the relatively narrow range of WE/WTo, it is 
possible to conclude that "practical" aircraft have "natural" empty weight frac- 
tions that provide reliable future projections. This observation should increase 
your confidence in their validity. 

WF represents the fuel gradually consumed during the entire mission. Except 
for the instantaneous release of WpE, the aircraft weight decreases at exactly the 
same rate at which fuel is burned in the engine. The rate of fuel consumption, 
in turn, is simply the product of installed engine thrust (T) and installed engine 
thrust specific fuel consumption (TSFC). T can be found from whatever version 
of Eq. (2.1) is most convenient, while TSFC depends on the engine cycle, flight 
conditions, and throttle setting and must initially be estimated on the basis of 
experience. 

The fuel consumption analysis has several fortunate benefits. For one thing, it 
results in calculations based on relatively little information. For another, it reveals 

55 
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the "best" way to fly certain legs for minimum fuel usage. Finally, it shows that the 
fuel burned during each mission leg is a fraction of the aircraft weight starting the 
leg, whence WF becomes a calculable fraction of Wro. Most of the analysis below 
is devoted to the development of the "weight fraction" equations needed for the 
many possible kinds of mission legs. 

Substitution of the derived results for We/Wro and Wr/Wro into Eq. (3.1) 
yields an unambiguous value for Wro as a function of Wp,o and Wee (see 
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Sec. 3.2.12). Then TSL and S are found by multiplying W r o  by thrust loading 
and wing loading, respectively. 

dW 

d t  

which may be rewritten as 

3.2 Design Tools 
The following material might very well be called the "thermodynamics of flight" 

because it deals largely with the way the thrust work of the engine is used by the 
aircraft. We expect that it should have a special appeal to engine designers, who 
always deal with the conversion of energy from one form to another, but seldom 
see aircraft treated in this manner. 

We begin by considering the rate at which aircraft weight is diminishing as a 
result of the consumption of fuel, namely 

d W F  
. . . .  T S F C  × T (3.2) 

dt 

dW T 
- -  - -  T S F C - -  dt  (3.3) 
W W 

Note again that T is the installed thrust and T S F C  is the installed thrust specific 
fuel consumption. Also, since 

T T dt T d s  
dt -- - -  ds -- 

W W d s  W V  

then this portion of Eq. (3.3) represents the incremental weight-velocity specific 
engine thrust work done as the amount of fuel dWF is consumed. Just as it is 
with any other thermodynamic situation, this engine thrust work will be partly 
invested in the mechanical energy (potential plus kinetic) of the airplane mass 
and partly "dissipated" into the nonmechanical energy of the airplane/atmosphere 
system (e.g., wing tip vortices, turbulence, and aerodynamic heating). The ratio 
of mechanical energy to "dissipation" will, of course, depend on the type of flight 
under consideration, as will be seen in what follows. 

The main work of this section will be to determine how Eq. (3.3) can be integrated 
in order to obtain "weight fractions" 

Wf a/ __. Wl 

Wi,  itial Wi 

for a variety of mission legs of practical interest. From a mathematical point 
of view, proper integration of Eq. (3.3) requires a knowledge of the behavior 
of the thrust specific fuel consumption and the "instantaneous thrust loading" 
{ T / W  = ( o t / ~ ) ( T s L / W r o ) }  as a function of time along the flight path. Experience 
indicates that the integration can be separated into two distinct classes, cor- 
responding to Ps > 0 (type A) and Ps = 0 (type B). These will now he considered 
in turn. 

Instantaneous thrust loading behavior: type A, Ps > O. When Ps > 0, 
some of the thrust work is invested in mechanical energy. Also, it is generally true 
that specific information is given regarding the amount of installed thrust applied, 
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as well as the total changes in altitude (h) and velocity (V) that take place, but 
not the time or distance involved. In fact, the usual specification for thrust is the 
maximum available for the flight condition, or T = a TsL. Examples of type A are 
found as Cases 1-4: 1) constant speed climb, 2) horizontal acceleration, 3) climb 
and acceleration, and 4) takeoff acceleration. 

Progress toward a solution may now be made by using Eq. (2.2a) in the form 

7" V dt = 7"  ds = d(h + V2/2go) _ dze (3.4) 
W W 1 - u  1 - u  

where 

D + R  
u -- - -  (3.5) 

T 

whence, combining Eqs. (3.3) and (3.4), 

dW TSFC 
- -  -- - -  d(h + V2/2go) (3.6a) 
W V(1 - u )  

o r  

dW TSFC 
- -  -- - -  dze (3.6b) 
W V(1 - u )  

The quantity u determines how the total engine thrust work is distributed between 
mechanical energy and dissipation. More precisely, Eq. (3.5) shows that u is the 
fraction of the engine thrust work that is dissipated, so that (1 - u) must be the 
fraction of the engine thrust work invested in mechanical energy. This is further 
confirmed by Eq. (3.4), which reveals that (1 - u) equals the change in mechan- 
ical energy (W dze) divided by the total engine thrust work Tds. Note that when 
T = D + R and u = 1, all of the thrust work is dissipated, and the type A analysis 
yields no useful results. 

The actual integration of Eq. (3.6a) is straightforward and depends only upon 
the variation of {TSFC/V(1 - u)} with altitude and velocity. When this quantity 
remains relatively constant over the flight leg, as it frequently does, the result is 

~-/Wf- exp { v ~ T S F C ( V 2 ) } u )  ~go -- ~ A  h + (3.7a) 

o r  

- -  _ I TSFC | 
Wfwi -- exp [ - V(1 - u) AZe I (3.7b) 

where AZe is the total change in energy height. Otherwise, the integration can 
be accomplished by breaking the leg into several sm~ller intervals and applyng 
Eq. (3.7) to each. The overall W f / W i  will then be the product of the results for 
the separate intervals. 

Equations (3.6) and (3.7) highlight the fact that, within certain limits, potential 
energy and kinetic energy can be interchanged or "traded." For example, if there 
were no drag (u = 0) and Ze were constant, as in an unpowered dive or zoom climb, 
no fuel would be consumed and dW = 0 or Wf = Wi. This, in turn, reveals the 
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forbidden solutions of Eqs. (3.2), (3.6), and (3.7) for which W would increase 
during the flight leg and which correspond to T < 0 and dZe < 0. Lacking special 
devices onboard the aircraft that could convert aircraft potential and/or kinetic 
energy into "fuel," it must be true for any condition of flight that dW < 0 and 
w: <_wi. 

fs a n d  the m in im um fuel path. As already mentioned, the fuel consumption 
analysis also reveals the "best" way to fly type A legs for minimum fuel usage. 
Equations (3.2), (2.2b), and (2.3) may be combined to yield 

ot TSFC 
dWF = T x TSFC x dt = TsL dZe 

Ps 

where 

T - ( D + R ) }  T 
P~= ~ V = ~ ( 1 - u ) V  

Defining the fuel consumed specific work ( fs)  as 

Ps TSL dze 
fs "-- - -  -- (3.8) 

ot TSFC dWF 

then 

f2 f Ze2 dz e 
WF~ 2 = dWF = TsL (3.9) 

t l  Zel  Is 

Equation (3.9) shows that the minimum fuel-to-climb flight from Zel (hl, Wl) to 
Zea (he, V2) corresponds to a flight path, that produces the maximum thrust work 
per unit weight of fuel consumed at each energy height level in the climb, i.e., the 
maximum value of fs at each Ze. As you can see from Eq. (3.8), the units of fs are 
feet. 

Constant fs and Ze contours in the altitude-velocity plane (e.g., see Fig. 3.E6 
in Sec. 3.4.4) provide a graphical method for finding the maximum f~ at any Ze 
and hence the minimum fuel-to-climb path from Zel to Ze2. This is analogous to 
using the P~ and ze contours of Fig. 2.E5 to find the minimum time-to-climb path 
in conjunction with the time-to-climb equation from Eq. (2.2b). 

fl 2 fZe ze2dze At  = dt = 
, P ,  

Because fs and Ps are closely related through Eq. (3.8), it should not be sur- 
prising to find that the minimum fuel-to-climb and time-to-climb paths are similar. 
This is a fortuitous result because there is little conflict between the alternatives. 

Instantaneous thrust loading behavior: type B, Ps -- 0. When Ps = 0, al l  
of the thrust work is dissipated. Also, it is generally true that the speed and alti- 
tude are essentially constant, and specific information is given regarding the total 
amount of time (At or A s / V ) ,  which elapses. Examples of type B are found as 
Cases 5-11: 5) constant speed cruise, 6) constant speed turn, 7) best cruise Mach 
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number and altitude, 8) loiter, 9) warm-up, 10) takeoff rotation, and 11) constant 
energy height maneuver. 

For this type of flight, the required thrust may not be known in advance. The 
thrust is modulated or throttled so that T = (D + R), or u = 1 by Eq. (3.5), and 
dZe = 0 by Eq. (3.4). 

Using Eq. (3.3), it follows immediately that 

dW___W T S F C ( - ~ ) d t  (3.10) 

It is often found that the quantity {TSFC(D + R)/W} remains relatively unchanged 
over the flight leg, and Eq. (3.10) can be integrated to yield 

Wfwi = exP l_TsFC(_~__R)At } (3.11) 

where At is the total flight time. If desired, the required thrust may be computed 
after the fact. Otherwise, the integration of Eq. (3.10) can be accomplished by 
breaking the leg into several smaller intervals. 

TSFC behavior. The engine installed thrust specific fuel consumption that 
appears in Eq. (3.3) is a complex function of the combination of the instantaneous 
altitude, speed, and throttle setting, especially if the engine has the option of after- 
burning. A satisfactory starting point with sufficient accuracy for this stage 
of analysis is the approximation that (see Sec. 3.3.2 and Appendix D) 

TSFC = (C1 + C2M)~/-O (3.12) 

where C1 and C 2 are constants that are known in advance for each type and 
operation of turbine engine cycle. 

It should be emphasized that approximations for TSFC different from Eq. (3.12) 
could be made and the weight fraction analysis continued to completion, but our 
experience is that this model strikes an excellent balance between accuracy and 
ease of solution for turbojet, turbofan, and turboprop engines, with or without 
afterbuming. 

dW 

W 

where 

Summary of weight fraction equations. Combining Eqs. (3.6), (3.7), (3.10), 
(3.11), and (3.12) as appropriate, the weight fraction analysis results may be sum- 
marized as follows: 

Type A ( Ps > O, T = ~ TsL given): 

_ (C1/M+C2) ( V 2) 
asta(1 ~-~ d h + ~go (Instantaneously exact) (3.13) 

D + R  
b [  - -  - -  

T 

WI exp {Exact when (3.14) 

[(CI/M + C2)/(1 - u)] is constant.} 
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Please note that type A weight fraction analysis is independent of altitude. 
Type B (Ps = O, T = D + R): 

W - -(C1 + C2M)~/O T dt (Instantaneously exact) (3.15) 

Wfwi = e x p { - ( C l  + C 2 M ) , v / O ( ~ - ) A t }  [Exactwhen (3.16) 

(C1 + C2M)VrO(D + R ) / W  is constant.] 

Please note that type B weight fraction analysis depends on altitude through 4'0. 
A large number and variety of special cases of Eqs. (3.13-3.16) shall now be 

developed in order both to illustrate their behavior and to provide more specific 
design tools for weight fraction analysis. Close attention should be paid to the 
fact that the formulas to follow can be used in two separate ways. First, they are 
imbedded in the Mission Analysis subroutines of AEDsys as the basis for the fuel 
consumption computations for legs bearing the same titles. Second, they can be 
used as they stand to estimate weight fractions or carry out mission analysis by 
hand. 

In all the example cases that follow, it is assumed that the ot of Eq. (2.3), the fl 
of Eq. (2.4), the K1, K2, and Coo of Eq. (2.9), and the C1 and C2 of Eq. (3.12) are 
known. It may also be helpful to note in the following developments that n = 1 
and L = W except for Cases 4, 6 (n > 1), 9, and 10. 

3.2.1 C a s e  1: C o n s t a n t  S p e e d  Cl imb ( Ps = d h / d t )  

Given: dV/dt  = 0, n = 1 (L = W), full thrust (T = oITsL) and values ofhinitial, 
hfinal , and V. 

Under these conditions 

/ g m  

so that Eq. (3.14) becomes 

CD -~- CDR ~ ( WTo ~ 
c~ ~ \-T-S/ 

W f =  exp { 
We  cxj ÷c2 [ I/ 

ast d 1 -- [(CD ~- CDR)/CL](t~/OI)(WTo/TsL) 

where the level flight relationships 

D + R  D + R  

W L 

have been used, and 

(3.17) 

q(CD q- CDR)S CD -~- fOR 
- (3.18)  

qCLS CL 

Ah = h~n~l - hinitial 

Appropriate average values of or, fi, O, M, and (CD + CDR)/CL for the altitude 
interval should be used, unless the quantity (C1/M + C2)/(1 - u) varies too much 
for acceptable accuracy. Then the integration is accomplished by breaking the 
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climb into several smaller intervals and applying Eq. (3.17) to each. The overall 
Wf/W~ is then the product of the separate results. 

Please note that, as stated earlier, the term [(CD + CDR)/CL](/3/ot) (Wro/TsL) 
represents the fraction of the engine thrust work that is dissipated, while 
{1 - [(CD + CDIO/CL](/3/~)(Wro/TsD} is the fraction invested in potential en- 
ergy. Low drag and high thrust are obviously conducive to efficient energy conver- 
sion, a theme that recurs in all type A flight. This highlights one path to efficient 
acceleration and/or climb. 

3.2.2 Case 2: Horizontal  Accelerat ion (Ps = Vd V/go dt) 
Given: dh/dt = O, n = 1 (L = W), full thrust (T = otTsL) and values of h, 

Vinitial, and Vfinal. 
Under these conditions 

so that Eq. (3.14) becomes 

CD ~- CDR /3 ( WTo ~ 

Wi ast d 1 -- [(C D -[- CDR) /CL] ( f l /O l ) (WTo/TsL)J  

(3.19) 

where Eq. (3.18) has been used, and 

A V 2 V~na I 2 = -- ginitia I 

Appropriate average values of or,/3, 0, V, and (CD + Czm)/CL for the speed 
interval should be used, unless the quantity (C1/M + C2)/(1 - u) varies too much 
for acceptable accuracy. Then the integration is accomplished by breaking the 
acceleration into several smaller intervals and applying Eq. (3.19) to each. The 
overall Wf/Wi is then the product of the separate results. 

Please note that, as stated earlier, the term (CD/CL)(/3/Ot) (Wvo/TsD represents 
the fraction of the engine thrust work that is dissipated, while {1-  (CD/CL)(/3/oO 
× (Wro/TsD} is the fraction invested in kinetic energy. Low drag and high thrust 
are again the ingredients of efficient energy conversion. 

3.2.3 Case 3: Climb and Accelerat ion ( Ps = dh /d t  + Vd V/go dt) 
Given: n = 1, (L = W), full thrust (T = otTsL), and values of hinitial, hfinal , and 

Wfinal . 
This solution combines those of Cases 1 and 2, with the same qualifying remarks. 

The result is 

W~ =exp{ (C]/M JvC2)[, A(h +___ V2/2go) ] /  

Wi astd 1 -- [(CD + CDR)/CL](fl/ot)(Wro/TsL) J ] 
(3.20) 

Special care must be taken in the application of Eq. (3.20) because h and V are 
truly independent of each other until the flight trajectory is chosen. The Ps diagram 
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(e.g., Fig. 2.E5) can provide excellent guidance in the selection of the h vs V 
path, especially if a maximum Ps trajectory is desired. Also, as already noted, 
the term [(Co + COR)/CL](~/Ot)(Wro/TSL) represents the fraction of the engine 
thrust work that is dissipated, and {1 - [(Co + CDn)/CL](~/oO(Wro/Tsl.)} is the 
fraction that is invested in mechanical energy (i.e., potential plus kinetic) or energy 
height. 

3.2.4 Case 4: Takeoff Acceleration (Ps = Vd V/go dt) 
Given: dh/dt = 0, full thrust (T = aTsi~) and values of P, D, CLmax, kro, 

and R. 
Under these conditions Eq. (3.14) becomes 

/ I 
-- go \ ~ /  

where u can be obtained from Eq. (2.21) as 

{ ( q ) (  S ) }fl(WTo~ 
u = Cro ~ Wro +/Zro -or \-~-sL ] (3.22) 

and Fro is given by Eq. (2.20) and M is an average value during takeoff. 

3.2.5 Case 5: Constant Altitude~Speed Cruise (Ps = O) 
Given: dh/dt = 0, dV/dt = 0, n = 1 (L = W), and values of h, V, and cruise 

range As. 
Under these conditions, and replacing At with As~V, Eqs. (3.16) and (3.18) 

become 

Wf exp{ (C1/M+C2)(CD+CDR~Asl 
-~i = a,ta C-[ ,] l (3.23) 

where CL is obtained by setting lift equal to weight and Co is computed from 
Eq. (2.9). Because (Co + CoR)/CL will vary as fuel is consumed and the weight 
of the aircraft decreases, this result is not, strictly speaking, exact. Hence, it might 
become advisable to break the cruise into several intervals and apply Eq. (3.23) to 
each. The type B Cases 6-10 that follow are, however, exact integrals. 

Equation (3.23) and the variants that follow in Case 7 are close relatives of 
the familiar Breguet range formula) The reciprocal of the collection of terms 
preceding the range As in the exponent is customarily referred to as the range 
factor (RF). Thus, for a given weight fraction, the range is directly proportional 
to the RF. The endurance factor (EF) of Case 8 belongs to the same family and 
enjoys qualities quite similar to those of the RF. 

3.2.6 Case 6: Constant Altitude~Speed Turn ( Ps = O) 

Given: dh/dt = 0, dV/dt = 0, and values of h, V, n >1, and number of 
turns N. 
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This situation can be treated much the same as Case 5, except that L = n W. 
The duration of the turning can be shown, with the help of Eq. (2.17), to equal 

2Jr Rc N 27r N V 
- (3.24) At -- V g0~/-~ " - 1 

Under these conditions Eqs. (3.16) and (3.24) become 

go n 2~"-nff-Z-]-- 1 ] 

where CL is obtained from the expression 

q \ S ]  

and CD is computed from Eq. (2.9). Because the duration of the turn is usually a 
small fraction of the mission, the values in Eq. (3.25) may be regarded as constant. 

3.2.7 Case 7: Best Subsonic Cruise Mach Number and Altitude 
(BCM/BCA) (Ps = O) 

Given: dh/dt = O, dV/dt = 0, n = 1 (L = W), and the value of cruise range 
AS. 

Subsonic cruise is usually the most important portion of any mission because 
it uses the largest amount of the onboard fuel. Hence, the analysis must be as 
accurate as possible and the results applied to minimize fuel usage. Under these 
conditions, and replacing dt with ds/V,  Eq. (3.15) becomes 

dW (C1/M + C2) (C D -~- CDR 
W = astd , -C-L I d s  (3.26) 

where the level flight relationship Eq. (3.18) has been used. 
From Eq. (3.26), it is obvious that aircraft weight reduction and fuel consump- 

tion are minimized by operating at the lowest possible value of (C1/M + C2) × 
[(Co + CoR)/CL]. This is known as the "best" cruise condition and the indi- 
vidual parameters associated with it are referred to as CL*, Co*, and M*. Finding 
them for a given aircraft is not difficult, as the following will demonstrate for one 
of the common type represented by Fig. 2.Ela. 

First, note that below the critical drag rise Mach number Mcnff, neither CL nor 
Co depend on M. In this range, 

CD "~- CDR KIC~ -4- K2CL -1- CDO -f- fOR 
CL CL 

A minimum for (CD + CDR)/CL can be found by differentiating the preceding 
equation with respect to CL and setting the result equal to zero. This leads to 

CD CDR ~* ~ "~ CDR)KI q- K2 (3.27a) + 



MISSION ANALYSIS 65 

at 

C* L = ~/(CDo + CDR)/K1 (3.27b) 

This may be substituted into Eq. (3.27) to yield 

(CD ÷ CDR)* = 2(CD0 ÷ CDR) + K2~/(CDo + CDR)/KI (3.27c) 

With practice, you may come to appreciate the fact that Case 7 binds constraint 
and mission analysis together. Equation (3.27c) is the same condition of minimum 
thrust and drag discussed in Sec. 2.2.1. The need to minimize subsonic cruise fuel 
consumption will influence the final choice of Wro/S. 

Next, because the lowest achievable value of (CD + CDR)/CL is constant 
below MCRIT, it follows that (CI /M + C2)[(CD ÷ CDR)/CL] decreases as M 
increases. Once the transonic drag rise MCRIT is reached, the situation changes 
rapidly (see Fig. 2.E 1 a). Further increases in M cause [(CD + CoR)/CL] and even- 
tually (C1/M + C2)[(CD + CDR)/CL] to increase. Rather than search for the exact 
M > Mcmr at which the minimum value of (C1/M + C2)[(CD + CDR)/CL] is 
reached, it is a slightly conservative and entirely suitable approximation to take 
M* = MCRlr = BCM, whence 

÷CDRI*= (M@RIT÷C2)(~/4(CDo÷CDR)KI÷K2) [ ( C ~ / M  + c2)C° c[ J 

which may be substituted into Eq. (3.26) to yield 

I / as W ~ - + C2 G/4(Co0 + ColdKl + K2) (3.28) 
astd 

This may be directly integrated to yield the equivalent of Eq. (3.16), 

I + / C2 (x/4(CDo CDR) ÷ gl  ÷ K2) AS (3.29) 
astd 

The range factor (RF). The range factor can be employed to more accurately 
determine the best cruise Mach number and altitude (BCM/BCA) when the variation 
of the drag polar coefficients with Mach number is known. First note that Eq. (3.26) 
can be written in terms of the range factor as 

where 

dW ds 
- (3.30) 

W RF 

L V CL astd 
RE "-- - -  - -  -- (3.31) 

D + R TSFC Co + Cole C1/M + C2 

The flight condition with the maximum range factor (RF) corresponds is the best 
cruise Mach number and altitude (BCM/BCA). The AEDsys software can calculate 
and plot contours of range factor (RF) for a range of altitudes and velocities (similar 
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to the Ps contours of Fig. 2.E5), making it easy for the user to determine the best 
cruise conditions. For cruises where the range factor (RF) is essentially constant, 
Eq. (3.30) can be integrated to obtain 

exp{ "s / ~ -  = - ~ - ~  (3.32) 

BCM flight path. Finally, because the aircraft must sustain its weight under 
this condition, the altitude may not be arbitrarily chosen, but is obtained from 
Eq. (2.6) in the form 

y P M  2 
q C L S  - - - C L S  : W 

2 

o r  

1 

-- Ps~d -- Y PstdM2RIT ~/(CDo Jc CDR)/K1 - -  (3.33) 

which is used to find the altitude of "best" cruise or BCA. Since/3 must gradually 
diminish as the mission progresses, this last result shows that 3 must gradually 
decrease and the altitude must gradually increase. Because the flight Mach number 
is fixed at MCRIT, it also follows that the speed, which is proportional to ~ ,  must 
gradually decrease until the tropopause is reached and the speed becomes constant. 
In most cases, these changes occur so slowly that the assumption of Ps = 0 remains 
true. You may find these relationships worth contemplating during your next long 
distance flight. 

3.2.8 Case 8: Subsonic Loiter (Ps = O) 

Given: dh /d t  = O, d V / d t  = O, n = 1 (L = W),  and the value of flight duration 
At. 

Under these conditions Eq. (3.15) becomes 

w (c~ + c~  CD + 
- -  - ~-~ / dt (3.34) 

where the level flight relationship of Eq. (3.18) has been used. 

The endurance factor (EF). Even though subsonic loiter does not ordinarily 
consume a large portion of the onboard fuel, the amount consumed should still 
be minimized. Equation (3.34) does not lend itself easily to this task, and the 
"best" solution must be found with the search procedures of the AEDsys software. 
Equation (3.34) can be written in terms of the endurance factor (EF) as 

dW dt 
- (3.35) 

W E F  

where 

L 1 CL 1 

E F  -- D + ~  T S F ~  -- CD + CDR (C 1 -q- C2M)~q/-O (3.36) 
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The flight condition with the maximum endurance factor (EF) corresponds is the 
best loiter Mach number and altitude. The AEDsys software can calculate and plot 
contours of endurance factor (EF) for a range of altitudes and velocities (similar 
to the Ps contours of Fig. 2.E5), making it easy for the user to determine the 
best loiter conditions. For loiters where the endurance factor (EF) is essentially 
constant, Eq. (3.35) can be integrated to obtain 

exp{ Wi - ~-~ (3.37) 

Approximate solution. Nevertheless, a suboptimal but useful solution can 
be found when necessary by hand by assuming that the aircraft is flown at the 
minimum value of (Co + CoR)/CL as given by Eq. (3.27a) and employing 
Eq. (2.6) to find the loiter Mach number 

2fl 1 ( ~ o )  
M~ -- Y PSL~--~ ~/(CDo + CDR)/K1 - -  (3.38) 

whence 

dW 

W 

and, as in Eq. (3.16) 

(e l  + C2ML)x/O( CD -~ + CDR)*,] dt (3.39) 

{ ( )'1 Wf = exp -(C1 + C2ML)v/O Co + CoR At (3.40) 
W; C£ 

In general, the countering influences of ~ in Eq. (3.38) for My and 0 render 
Eqs. (3.39) and (3.40) relatively insensitive to altitude provided that ML is less 
than MCRIT. Thus, a reasonable but somewhat conservative estimate of the weight 
fraction can be obtained by evaluating Eq. (3.40) at an altitude in the range of 
20-30 kft. If  the flight altitude is also given, the foregoing discussion still applies, 
except that ML is determined from Eq. (3.38) and cannot be freely chosen. 

The two cases that follow belong to type B because Ps = 0, even though full 
thrust (T = ctTsL) is being applied. 

3.2.9 Case 9: Warm-Up (Ps = O) 
Given: dh/dt = 0, dV/dt = 0, M = 0, D = 0, R = T = ctTsL and values o fh  and 

warm-up time At. 
Under these conditions Eq. (3.15) becomes 

dW = --C1 v/-O(c~ TsL) dt (3.41) 

which may be integrated and rearranged to reach the desired result 

Wf = I--CI~/ro%( TSL ~At 
w; 

where fl is evaluated at the beginning of warm-up. 

(3.42) 
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3.2.10 C a s e  10: Takeoff Rota t ion  (Ps = O) 

Given: dh/dt = 0 ,  dV/dt =0 ,  (D + R) = T =otTsc and values of h, Mro, and 
rotation time tR. 

Under these conditions Eq. (3.15) becomes 

dW = -(C1 + c2gro)v/O(~TsL) dt (3.43) 

which may be integrated and rearranged to reach the desired result 

W f  = -(Cl + C2Mro)V/-O~( ~-~LTo)tR (3.44) 

where/~ is evaluated at the beginning of rotation. 

3.2.11 Case 11: Constant Energy Height Maneuver(Ps = O) 

Given: A Z  e = 0, n = 1 (L = W), and the values ofhinitial,  hfinal, Vinitial, and Vfinal. 
This special case corresponds to the situation in which the potential energy is 

being exchanged in a climb or a dive for an essentially equal amount of kinetic 
energy. The required thrust work of the engine is only that necessary to balance 
the energy dissipated by the aerodynamic drag along the path. Because Wf is not 
much different from Wi for such flight, it is not necessary to perform an elaborate 
evaluation of relevant parameters along the complete trajectory. Instead, a common 
sense estimate of the average values of M, 0, and (Co + CDR)/CL will suffice. 

Under these conditions Eqs. (3.16) and (3.18) become 

W fwi = exp {-(C1 +CzM)~(CD+C°R~Atlc-L ,/ | (3.45) 

where CL is obtained by setting lift equal to weight and CD is computed from 
Eq. (2.9). All terms in Eq. (3.45) are calculated at the average altitude (havg) 
and initial energy height (Zei). The associated velocity is designated as Vmia and 
calculated from the kinetic energy at the average energy state using 

Vmid = v/2go(Zei - -  havg) 

The maneuver time interval At is best obtained by recognizing that the maneuver 
vertical distance is hfinal - hinitial and assuming that the vertical speed is some 
fraction of the midspeed (Vmid). 

3,2.12 General Determination of I/~ITo 
Equation (3.1) is the most fruitful starting point for evaluating WTO, as well as 

for understanding the factors that control Wro. Regarding the latter, it is useful 
and illuminating to rewrite Eq. (3.1) in the form 

WTo = W p / (1  wToWF ~TO) (3.1a) 

This relationship reveals that Wro is directly proportional to the We (as required 
by the customer), and inversely proportional to the difference between one and the 
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fuel weight fraction (based on aerodynamic and propulsion technologies) and the 
structural weight fraction (based on material and structural technologies). 

This is a scenario rich with heroes and villains, real and imaginary. To increase 
your appreciation of the stakes, consider the typical situation where the fuel and 
structural weight fractions add up to about 0.9, and Wro is therefore about 10 Wp. 
On the one hand, if the fuel plus structural weight fraction turned out to be only 
5% higher than expected, Wro would be more than 18 Wp. On the other hand, if 
the fuel plus structural weight fraction could be made 5% lower than expected, 
Wro would be less than 7 Wp. Thus, this highly nonlinear equation magnifies both 
the cost of failure and the reward of technological advance. 

This relationship also explains the attraction of novel aircraft concepts. The 
unpiloted air vehicle (UAV), for example, has less payload (e.g., no pilot plus 
equipment) and a smaller structural weight fraction (e.g., no cockpit, canopy, or 
environmental and protective gear) than its piloted counterpart. The result is a 
dramatically smaller, lighter, and less expensive vehicle for the same mission. 

The Mission Analysis subroutine of AEDsys allows Wro to be determined by 
an iterative process, as follows. For the given mission profile, Wp, an initial esti- 
mate of Wro, and the corresponding allowable We/Wro (e.g., Figs. 3.1 and 3.2 
or Sec. 3.3.1), the vehicle is flown from takeoff to landing. Any remaining pay- 
load or reserve fuel is then removed in order to determine the remaining weight, 
which equals We, and allows the actual WE/Wro to be calculated. If the latter 
value exceeds the allowable We/Wro, a higher value of Wro must be selected 
and the process repeated, and vice versa. This process continues until a satis- 
factory level of convergence is reached. Since We/Wro is weakly dependent 
upon Wro (see Sec. 3.3.1), unexpectedly large changes of Wro are generally re- 
quired to correct for relatively small differences in WE/Wro. This is, of course, 
very good news when the latter is smaller than allowable, but very bad news 
otherwise. 

3.2.13 Algebraic Calculation of WTO 
Equation (3.1) may also be used to calculate the takeoff weight algebraically 

(i.e., by hand). It will be convenient in this derivation to use the terminology 

Wf = 1-I -< 1 (3.46) 
Wi i f  

for the weight ratio of mission legs where only fuel is consumed. For example, 
if the consecutive junctions of the mission are labeled with sequential cardinal 
numbers, such as those of the AAF RFP in Chapter 1, it follows that 

_ _  W 5  
w ,  - w3 × _ = l q  i - i  i - i  = i -  I 
W2 W2 W3 W4 23 34 45 25 

For the special case where the expendable payload is delivered at some point 
" j "  in the mission, the terminology Wf/Wi or IF] is not used. Write instead 

W~ - Wpe Wee 
- 1 - - -  (3.47) 

w: wj 
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When WF and We are expressed in terms of Wro, Eq. (3.1) in the form 

Wro = We + WE + Wpe + Wpp (3.48a) 

leads to the desired relationship for Wro. For a mission with n junctions and 
payload delivery at junction j ( j  < n), WF is expressed in terms of Wro by the 
sum of the aircraft weight decrements between takeoff and junctionj and between 
junctionj (after the delivery of Wpe) and landing thusly 

which reduces to 

The historical correlations of Figs. 3.1 and 3.2 and Sec. 3.3.1 relate We to Wro 
via 

WE 
F - - -  -- f (Wro)  (3.48c) 

Wro 

where f (Wro)  is given by Eqs. (3.50-3.53). Combining Eqs. (3.48a), (3.48b), and 
(3.48c) and solving for Wro yields 

Wee + WPeI-- I 
j n (3 .49)  Wro 1 - - - r  

I I  - F 

I n  

This equation carries the same information found in Eq. (3.1a) and allows 
the straightforward calculation of Wro. Of special note are the facts that Wpp 
matters more than Wpe because it is carried the whole way, and that the original 
form of Eq. (3.1a) is recovered when Wpe is zero. This approach also produces 
useful results when payload is expended at multiple junctions in the mission. 

An initial estimate of Wro must be made during this part of the design process 
in order to place values upon the Wpe/Wro of the payload deliveries and the 
allowable I'. If the initial estimate of Wro is different from the value given by 
Eq. (3.46), then the I-I s computed after payload deliveries and/or the I" taken from 
Fig. 3.1 or 3.2 or Sec. 3.3.1 will be in error and an iterative solution of Eq. (3.49) 
will be necessary. Because both the l-I s and F vary slowly with the estimate of 
Wro, this iteration process converges rapidly. 

3.3 Aircraft Weight and Fuel Consumption Data 
A preliminary estimate of the ratio of aircraft empty weight (WE) to takeoff 

weight (Wro) is required to solve for the aircraft takeoff weight as indicated by 
Eqs. (3.48c) and (3.49). In addition, the thrust specific fuel consumption (TSFC) 
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must be estimated for each phase/segment of the mission to determine its weight 
fraction [see Eqs. (3.12) and (3.17) or (3.32)]. The following material is provided 
to help make these preliminary estimates. 

3.3.1 Empty Aircraft Weight Fraction (r )  
As indicated by Figs. 3.1 and 3.2, there is a relationship between aircraft empty 

weight (WE), aircraft takeoff weight (Wro), and the type of aircraft. Several 
authors 3'4 have performed correlations of We to Wro, which are the bases of 
the following results: 

Cargo aircraft: F : 1.26W~ -°'°8 (3.50) 

Passenger aircraft: F = 1.02 WTg "06 (3.51) 

Fighter aircraft: F = 2.34W~ -°'13 (3.52) 

Twin turboprop aircraft: F = 0.96W~ -°'°5 (3.53) 

3.3.2 Installed Thrust Specific Fuel Consumption (TSFC) 
The installed thrust specific fuel consumption of an aircraft engine varies with 

Mach number, altitude, type of engine, and throttle conditions. Estimates of TSFC 
can be obtained from engine manufacturer's published data or from the output 
of performance (off-design) cycle analysis (see Chapter 5) compensated by in- 
stallation losses. Another source is measurements of the airframe/engine system 
obtained during flight test. The following models of TSFC (expected for ad- 
vanced engines in the 2010 era and beyond) are provided to help these preliminary 
estimates. The units of TSFC are 1/hour (h-l). 

High bypass ratio turbofan engine (M < 0.9): 

TSFC = (0.45 + 0.54M0)v/-O (3.54) 

Low bypass ratio mixed turbofan engine: 

TSFC = (0.9 + 0.30M0)V'-0 mil power (3.55a) 

TSFC = (1.6 + 0.27M0)C'0 max power (3.55b) 

Turbojet engine: 

TSFC = (1.1 + 0.30M0)~/-O mil power (3.56a) 

TSFC = (1.5 + 0.23M0)x/-0 max power (3.56b) 

Turboprop engine: 

TSFC = (0.18 + 0.8M0)~¢/-0 (3.57) 
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Fig. 3.E1 Mission profile by phases. 

3.4 Example Mission Analysis  

The Request for Proposal (RFP) mission for the Air-to-Air Fighter (AAF) of 
Chapter 1 will be flown on paper in this example. The purpose initially is to find 
the weight fraction (Wf/Wi) of each mission phase and then a takeoff weight 
(Wro) estimate. Our ultimate goal is to use this estimate of Wro and the value of 
thrust loading (TsL/Wro) selected in the Chapter 2 example outlined in Sec. 2.4 to 
determine the AAF installed thrust requirement (TsL). The wing loading (WTo/S) 
selected and WTO will also give us our first estimate of the AAF wing area. The mis- 
sion to be flown is depicted in Fig. 3.El and is given with more detail in Table 3.El. 

3.4.1 Weight Fraction Analysis 
In addition to the design tools of this chapter, certain other information is re- 

quired to complete the weight fraction calculations. These supportive materials 
are the AAF preliminary data contained in Figs. 2.El and 2.E5, Sec. 3.3, and the 
standard atmosphere tables in Appendix B. From Eq. (3.55), the thrust specific 
fuel consumption (TSFC) in units of 1/hour is (1.6 + 0.27 M0)V'-O for maxi- 
mum power and (0.9 + 0.3 M0)~/-ff for military power and lower. Figure 2.E5 was 
used to determine the minimum time-to-climb path and the result is presented as 
Fig. 3.E2. 

To illustrate the calculation procedure, let us determine the weight fraction of 
segment E in Mission Phase 2-3 (Table 3.El). First, please note that we shall round 
off to four significant digits all numbers recorded for weight fraction calculations in 
this chapter. However, the recorded numbers are obtained from calculations done 
by the AEDsys computer program. At times, therefore, you may not reproduce 
exactly our numbers because of a discrepancy in the significant digits of the input 
numbers and those used in serial internal calculations. 
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Table 3.El  AAF mission 

73 

Mission 
phases Segments Condition 

1-2 Warm-up and takeoff 
A--Warm-up 
B--Acceleration 
C--Rotation 

2-3 Acceleration and climb 
D--Acceleration 
E--Climb/acceleration 

3-4 Subsonic cruise climb 
4-5 Descend 
5-6 Combat air patrol 
6-7 Supersonic penetration 

F--Acceleration 
G--Penetration 

7-8 

8-9 

Combat 
H--Fire  AMRAAMs 
I- -Tum 1 

J--Turn 2 

K--Acceleration 
L--Fire  AIM-9Ls & ½ ammo 
Escape dash 

9-10 Minimum time climb 
10-11 Subsonic cruise climb 
11-12 Descend 
12-13 Loiter 
13-14 Descend and land 

2000 ft PA, 100°F 
60 s, mil power 
kro = 1.2, IZro = 0.05, max power 
Mro, tR ---- 3 s, max power 
Minimum time-to-climb path 
Mro to McL/2000 ft PA, 100°F, mil power 
Mcc/2000 ft PA, 100°F to BCM/BCA, 

mil power 
BCM/BCA, As23 + As34 = 150 n miles 
BCM/BCA to Mcae/30k ft 
30 kft, 20 min 
30,000 ft 
McaP to 1.5M/30k ft, max power 
1.5M, ASF + Asc = 100 n miles, 

no afterburning 
30,000 ft 
652 lbf 
1.6M, one 360 deg 5g sustained turn, 

with afterburning 
0.9M, two 360 deg 5g sustained turn, 

with afterburning 
0.8 to 1.6M, At < 50 s, max power 
657 lbf 
1.5M/30 kft, As89 = 25 n miles, 

no afterburning 
1.5M/30 kft to BCM/BCA 
BCM/BCA, As10-11 = 150 n miles 
BCM/BCA to Mloiter/lO kft 
Mlo,er/10 kft, 20 min 
Mloiter[lO kft to 2000 ft PA, 100°F 

One may question the wisdom of  carrying calculations to four significant figures 
that are based upon numbers often estimated to be correct to a few percent. The 
underlying reason is that the 1--Is are generally the difference between unity and a 
quantity of  the order of 0.01, which is calculated from the estimated n u m b e r s - -  
often the exponents of  Eqs. (3.14) and (3.16). Therefore, in order to be certain that 
the small quantity is correct to two significant figures, it is necessary to maintain 
four places in I-I. This should also be understood to emphasize the fact that the 
weight fraction of  fuel consumed (1 - l-I) for most flight legs is quite small, but 
the cumulative effect is what matters. 

During segment E, the A A F  climbs and accelerates at military power to BCM/ 
BCA along the minimum time-to-climb path of  Fig. 3.E2 via the following climb 
schedule of  Table 3.E2. 
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The mid state point is chosen arbitrarily but judiciously in order to obtain rea- 
sonable average values. The reader, as ever, is free to vary the mid point selection 
in order to determine the sensitivity of the results to this choice. 

Equation (3.33) of  Case 7, with CDR = 0, yields the BCA 

P 2~(Wro/S) ~/-~--,v 
~BCA - -  P--~td - -  ~ V  ~DO/  ~ 1  

} / rs td  jr1 CRIT 

where Wro/S = 64 lbf/ft 2 and, from Fig. 2.Ela,  M c m r =  0.9, CDO = 0.016, 
and K1 = 0.18. From weight fraction calculations preceding segment E, (fli)E = 
0.9773, which we can use as an estimate for fl = (fli)e so that 

•BCA = 0.1749 and h ~ 42,000 ft 

Table 3.E2 Climb schedule 

Altitude, ft Mach number Computation interval 

2,000 (100°F) 0.70 Initial state point 
9,000 0.775 
16,000 0.85 
23,000 0.875 Mid state point 
30,000 0.90 
36,000 0.90 
42,000 0.90 Final state point 
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Proceeding, then, with the weight fraction calculation for segment E, we have 
from Case 3, Eq. (3.20), with CDR = 0 

where 

I-'Ie - Wf - exp (C1/M + C2) [ A(h + V2-/u 2g°) ] -1 

c_  _(WTo3 
u = c L  o~ \ Y Z s ~ J  

For this illustrative calculation we select the single gross interval having the 
initial, middle, and final state points listed with Table 3.E2. An appropriate average 
value of u is found using fl = fli and values CD/CL and ot at the mid state point. 
The initial, final, and middle state point values of h and M from Table 3.E2 and 
fl = fli are used in conjunction with the following Climb/Acceleration Weight 
Fraction Calculation Method to find l i e .  

Climb/acceleration weight fraction calculation method 
Given: 

Initial state point quantities: hi, M i , ( a / astd ) i , fl i 
Final state point quantities: h f ,  My, (a /asta) f 
Middle state point quantities: h, M, 0, 8, 00, 80, (a/asta), K1, K2, CDO 
Other quantities: astd, go, WTo/ S, y, Pstd, TSL/ WTO, Cl, C2 

Equations: 

Vi = (a /astd)iastdMi 

Vf : (a/astd)fastdM f 

\ 2g0 J 2go 

 o (W o3 
U 

TA s  A Z  e 

W 1 - u  

V = (a/aste)astaM 

A h  = h i  - h~ ,xt  - -  ~ -  V -d \ -~s~  ) 

,,Ze= +,',( , , ,  = 
\ 2goJ 

2~(Wro/ PstdSM 2 ]---[ { CL -- l . e  = exp 

CD K1 C2 't- K2CL q- CDO 
CL CL 

If max power, 

Ol = Olwet(O0, TR, 60) 

(C1/M -[- C2) 

astd 

x [A h -1 + 
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If mil power, 

With 

ot = Otary(00, TR, 30) 

(a/astd)i = 1.039 

V/ = 811.7 ft/s 

(a/asta)f = 0.8671 

Vf = 870.9 ft/s 

(AV2/2go) = 1549 ft 

Ah = 40,000 ft 

AZe = 41,550ft  

/3 = 0.9773 

Wro/S = 64 lbf/ft 2 

3 = 0.4051 

M = 0.88 

CL = 0.1346 

K1 = 0.18, K2 = 0.0 

Coo = 0.016 

CD = 0.01926 

CD/CL = 0.1431 

0 = 0.8420 

00 = 0.9724 

30 = 0.6706 

Otary = 0.4024 

TsL/WT'o = 1.25 

u = 0.2780 

TAs/W = 57,550ft  

(a/astd) = 0.9176 

V = 901.2ft/s 

At = 2.068 min 

As = 18.39 n miles 

Ct/M + C2 = 1.323h -1 

then 

F I E  = 0.9812 

This weight fraction of 0.9812 means that fuel in the amount (1 - 0.9812) 
flWro is consumed as 57,550 ft of weight specific thrust work is produced. The 
dissipated nonmechanical energy fraction of this work is u = 0.2780, while the 
fraction invested in airplane mechanical energy (Aze) is (1 -- u) = 0.7220, of 
which 96.27% is potential energy and 3.72% is kinetic energy. The climb time and 
ground distance covered are 2.068 min and 18.39 n miles, respectively. 

At the end of segment E, /3f = /3t FIE = 0.9589. Now a new mean value of 
/3 for segment E can be estimated and the calculation of Fie  iterated. When this 
is done using the average value of (0.9773 + 0.9589)/2 = 0.9681, we obtain the 
same value for Fie ,  justifying the use of/3i for ~3avg. Also the 8BCA calculation can 
be repeated now using/3f,  and we find again that h ~ 42,000 ft. 

This calculation illustrates how a mission leg weight fraction is determined. The 
results of such calculations for all mission phases are contained in Table 3.E3 and 
Fig. 3.E3. The detailed computations leading to the data shown there are given in 
the Sec. 3.4.4 (Complete AAF Weight Fraction Computations). 

--'[ = 0.7152 W F / W T o  = 0.2787 
1 14 

1-I = 0 .8585 1-I = 0 .9164 
7 14 8 14 
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Table 3.E3 Summary of results---mission analysis---24,000 lbf WTO 

77 

Mission Mission fl = W/Wro Fuel used, Payload, 
phase segments End of leg I41[/Wi = 1-I lbf lbf 

if 

1-2 A Warm-up 0.9895 0.9895 252 
1-2 B Takeoff acceleration 0.9853 0.9958 100 
1-2 C Takeoff rotation 0.9837 0.9984 39 
2-3 D Acceleration 0.9773 0.9935 155 
2-3 E Climb/acceleration 0.9584 0.9806 453 
3- -4  Subsonic cruise climb 0.9331 0.9736 607 
4-5 Descend 0.9331 1.0000 0 
5-6 Combat air patrol 0.9027 0.9675 729 
6-7 F Acceleration 0.8880 0.9837 354 
6-7 G Supersonic penetration 0.8331 0.9382 1317 
7-8 H Fire AMRAAMs 0.8060 0 652 
7-8 1 1.6M/5g turn 0.7860 0.9753 478 
7-8 J 0.9M/5g turns 0.7682 0.9774 427 
7-8 K Acceleration 0.7550 0.9828 317 
7-8 L Fire AIM-9Ls and 0.7276 0 657 

1 amino 
8-9 Escape dash 0.7127 0.9795 358 
9-10 Minimum time climb 0.7106 0.9970 51 

10-11 Subsonic cruise climb 0.6891 0.9698 516 
11-12 Descend 0.6891 1.0000 0 
12-13 Loiter 0.6668 0.9677 535 
13-14 Descend and land 0.6668 1.0000 0 
End Remove permanent 0.6106 1348 

payload 
Total 6688 2657 

3.4.2 Determination of WTO, TSL, and S 
The time has come to compute the takeoff weight of the AAF. To do this, 

information obtained from the RFP, Table 3.E3, and Fig. 3.E4 will be inserted into 
the equation 

Wpp -~- WpEI I'-I "~- WpE2 E 
7 14 8 14 

Wro 
F [  - F 
1 14 

which can be easily recognized as the analytical extension of Eq. (3.49) of 
Sec. 3.2.12 to this multiple payload release mission. 

The quantities appearing on the right-hand side of this equation are evaluated 
thusly: 
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Wet, = 200 lbf Pilot plus equipment 
270 Cannon 
405 Ammunition feed system 
275 Returning ammunition 
198 Casings weight 

1348 lbf 
Wt,el = 652 lbf AMRAAMs 
Wpe2 = 382 lbf Sidewinder missiles 

275 Spent ammunition 
657 lbf 

Wp = 2657 lbf 
(Source: AAF RFP Sec. D.) 

F I  = I-I"" I-I = 0.8585 
7 14 7 8 13 14 

U = H " "  1-I =0 .9164 
8 14 8 9 13 14 

1-I = F I  F l  = 07152 
1 14 1 2 13 14 

(Source: Table 3.E3.) 
If  we assume that Wro = 24,000 lbf, Eq. (3.52) gives 

I" = We/Wro = 0.6306 

Thus 

1348 + (652)(0.8585) + (657)(0.9164) 
Wro = = 29,6701bf 

0.7152 - 0.6306 

This result evidently calls for another iteration, in which the small changes 
in the I-I s after junction 8 are neglected. If  we assume that Wro = 28,000 lbf, 
Eq. (3.32) gives 

Thus 

WTO = 

I" = We/Wro = 0.6217 

1348 + (652)(0.8585) + (657)(0.9164) 
= 26,840 lbf 

0.7152 - 0.6217 

Referring to Fig. 3.2, reproduced here as Fig. 3.E4, it can be seen that this 
conventional metal version of the AAF would be a little heavier than existing 
lightweight fighters (e.g., F-16). In the time period of the expected introduction 
and serial manufacture of the AAF, the available nonmetals that can be used with 
confidence will reduce I" for aircraft of this size by approximately 3 to 5%. With this 
new assumption in hand, Wro is recalculated for the assumed Wro of 24,000 lbf 
and a conservative estimate of 3% empty weight savings, 

1348 + (652)(0.8585) + (657)(0.9164) 
Wro = = 26,840 lbf 

0.7152 - 0.97 x 0.6306 

For an assumed Wro of 24,150 lbf, the resulting Wro is 24,1501bf. 
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The conclusion, then, is that the AAF can have a practical (and affordable) size, 
but only if reliable nonmetallics having competitive strength, durability, and repara- 
bility become available according to schedule. Because the choices of TsL/Wro = 
1.25 and Wro/S = 64.0 lbf/ft a have already been made, the description of the 
AAF at this stage of design, in dimensional terms to three significant figures, 
using W F / W T o  = 0.2787, is 

WTo = 24,000 lbf 
TsL = 30,000 lbf 
S = 375 ft 2 
We = 26601bf 
WE = 14,650 lbf 
Wv = 6,6901bf 

This information can be used to generate a number of perspectives on the na- 
ture and shape of the corresponding aircraft. For example, because afterbuming 
military engines ordinarily have TsL in the range of 15,000-35,000 lbf, the deci- 
sion may remain open as to whether the AAF is a single- or twin-engine design. 
Further, if it is assumed that the wing is a delta planform with an aspect ratio 
of 2, the total wing span will be approximately 27 ft. Because the takeoff pay- 
load fraction (Hip~ WTo) of fighter aircraft is usually in the range of 0.05-0.10, 
the AAF value of 0.111 shows that it is quite a workhorse. For further refer- 
ence, We / Wzo for the largest cargo and transport aircraft is in the range of only 
0.15-0.25. 

3.4.3 First Reprise 
This is the first opportunity to evaluate some of the key assumptions that have 

been made along the way. Hopefully, they will be found to be sufficiently accurate 
that the present results are acceptable. Otherwise, it may be necessary to reiterate 
the process up to this point with new assumptions. 

During the calculation of various other boundaries on the constraint diagram, 
it was necessary to assume values for the weight fraction (fl). In fact, /3 was 
taken to be 1.0 at takeoff, 0.56 at landing, and 0.78 everywhere else (an estimate 
of the aircraft maneuver weight). The maneuver weight (50% fuel, 2 AIM-9Ls, 

1 ammunition) and its associated fl can be estimated now that the aircraft and 
takeoff weight has been determined. The easiest method is to subtract the weight of 

1 ammunition from the takeoff weight (Wro) to obtain _12 fuel, AMRAAMs, and 
a maneuver weight of 19,730 lbf or/3 = 0.8221. Because this weight fraction 
is greater than the estimated 0.78 used in the constraint analysis of Chapter 2, 
the associated constraint lines will require a larger thrust loading for each wing 
loading. In addition the results of the mission analysis give a better estimate of 
the takeoff and landing weight fractions (see Table 3.E3). The new estimates for 
/3 resulting from the mission analysis and the estimate of the maneuver weight 
encourage a reconsideration of the legs that bound the solution space of Fig. 2.E3, 
as summarized next: 

1) Takeoff, Mission Phase 1-2: Because the real/3 must be less than 1.0, the 
takeoff constraint boundary is conservative and is less critical than originally es- 
timated. 
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2) Combat Acceleration: The maneuver fl value of 0.8221 is greater than the 
initial estimate of 0.78, and therefore this constraint requires a larger thrust loading 
of 0.969 at a wing loading of 64 lbf/ft 2, more than originally estimated. 

3) Supercruise, Mission Phase 6-7 and Maneuver Weight: Here the initial fl 
value for mission phase 6-7 of 0.8880 is higher than the initial estimate, and the 
required thrust loading increases to 0.934 at a wing loading of 64 lbf/ft 2, much less 
than the selected thrust loading of 1.25. The maneuver fl value requires a thrust 
loading of 0.930 at a wing loading of 64 lbf/ft 2, less than that of mission phase 
6-7. 

4) 5g turn at 0.9M/30 kft, Maneuver Weight: Here the maneuver fl value for 
turn is higher than the initial estimate, and the required thrust loading increases to 
1.261 at a wing loading of 64 lbf/ft 2, slightly more than the selected thrust loading 
of 1.25. If the difference were larger, a reconsideration of the thrust loading would 
be appropriate, but this small change does not warrant a reselecfion. Chapter 6 will 
better define the required thrust loading. 

5) 5g turn at 1.6M/30 kft, Maneuver Weight: Here the maneuver fi value for 
turn is higher than the initial estimate, and the required thrust loading increases to 
0.931 at a wing loading of 64 lbf/ft 2. 

6) Landing, Mission Phase 13-14: In the calculation of landing distance using 
a drag chute (Sec. 2.4, Mission Phase 13-14), it was assumed that the wing area 
(S) was 500 f12, whereas the presently derived value is 375 ft 2. Substituting the 
new value would have the effect of increasing the chute drag coefficient to 0.7131. 
When combined with the new fl value of 0.6668, the Wro/S boundary is moved 
to 64 lbfffl 2. 

7) 1.8M/40 kft, Maneuver Weight: Here the maneuver fi value for turn is higher 
than the initial estimate, and the required thrust loading increases to 0.728 at a 
wing loading of 64 lbf/ft 2, much less than the selected thrust loading of 1.25. 

A revised constraint, diagram is given in Fig. 3.E5. Note that the AAF design 
point is now on the landing constraint line, slightly below the 0.9M/30 kft 5g turn 
line, and above the other constraint lines. Further work in this textbook will focus 
on the engine and the design thrust loading (TsL/Wro) may change from its current 
design value of 1.25. However the wing loading (WTo/S) is assumed to remain at 
64 lbf/fl 2. 

3.4.4 Complete AAF Weight Fraction Computations 
The RFP mission of the AAF is flown in this section to find the weight fraction 

of each mission segment and phase. These calculations are the source of the data 
given in Table 3.E3 and Fig. 3.E3. The same procedure is used in each weight 
fraction calculation. First, the applicable weight fraction equation from Sec. 3.2 is 
written. Next, data are given to determine the values of all quantities in the order 
they appear from right to left in the weight fraction equation. Finally, the weight 
fraction and the accumulated fl are calculated. Please note that for all mission legs 
we shall use fli for [~avg and K2 = 0. 

Careful note should be taken of the fact that these hand calculations com- 
pletely duplicate the AEDsys Mission Analysis computations obtained by using 
the AAEAED file. Any minor differences are simply the result of the cumulative 
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effects of rounding off. Thus we see that one of the motivating forces for carrying 
four significant figures is to minimize the impact of these small imperfections on 
the overall results. 

Mission phase 1-2: Warm-up and takeoff. This phase consists of segments 
A (Warm-up), B (Takeoff Acceleration), and C (Takeoff Rotation). 

A) Warm-up. 2000 ft PA, 100°E 60 s, mil power. 
From Case 9, Eq. (3.42) 

With 

0 = 1.0796 

ad~ = 0.5390 

then 

U A  -~- 1 -  C l ~ / - O ~ ( - ~ o ) m t  

3=0 .9298  M 0 = 0  00=1.0796 30=0.9298 

TsL/Wro=l.25 f l = l . 0  A t = 6 0 s  C l = 0 . 9 h  -a 

1--IA "~" 0.9895 

fl = 0.9895 
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B) Takeoff acceleration. 2000 ft PA, 100°F, kro = 1.2 , /Zro  = 0.05, CDR = 
0.07, C L max = 2.0, Macce I = 0.1, max  power. 

F rom Case  4, Eqs. (3.21) and (3.22) 

1-I" = exp [ -(C' + C2M)~/-O \ ~ -  u,l ~ [ 

With Vro evaluated f rom Eq. (2.21), the takeoff  es t imate  o f ~ r o  f rom Chapter  2, 
Sec. 2.4.3, and a evaluated at Maccel, and with 

/~ = 0.9895 a = l l 6 0 f t / s  /Zro = 0.05 

Wro/S = 641bf/ft  2 CLmax = 2.0 kro = 1.2 

Mro = 0.1819 0 = 1.0796 6 = 0.9298 

0o = 1.0818 60 = 0.9363 Otwet = 0.9006 

TsL/Wro = 1.25 u = 0.2725 C1 + C2M = 1 .627h -1 

then 

C) Takeoff rotation. 
F r o m  Case  10, Eq. (3.44) 

I - I c  = 1 - - (C1  " } - C 2 M ) ~ I I o ~ - ~ ( ~ o ) t R  

With 

tR = 3 S  

6 = 0.9298 

TSL/Wro = 1.25 

then 

I - I 8  = 0.9958 

/~ = 0.9853 

Mro/2000 ft PA, 100°F, tR = 3 s, m a x  power.  

/3 = 0.9853 0 = 1.0796 

6o = 0.9515 Olwe t = 0.9003 

I - I c  = 0.9984 

The weight  fract ion for miss ion  phases 1 -2  is the product  o f  the weigh t  fract ions 
for segments  A, B, and C. 

I"I  : I-IA F I B  I " I c  : 0.9837 
12 

/3 = 0.9837 

Macce I = O. 1 

Vro = 211.1 ft/s 

q = 45.601bf/f t  2 

~ro = 0.3612 

Mro = 0.1819 

00 = 1.0867 

C1 --k C2M = 1.649 h -1 
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Mission phase 2-3: Accelerate and climb. This phase consists of  segments 
D (Horizontal Acceleration) and E (Climb and Acceleration). 

D) Horizontal acceleration. Mro -+ Mct/2000 ft PA, 100°E mil power. 
For this Mach number change of  0.1819 to 0.70, a single interval calculation will 

suffice. The Climb/Acceleration Weight Fraction Calculation Method of Sec. 3.4.1 
is used with properties evaluated at the middle state point (M = 0.4410, 2000 
ft PA, 100°F) and fl = fli. 

With 

(a/astd)i = 1.039 

V/ = 211.1 ft/s 

(a/a~td)f = 1.039 

Vf = 812.0ft/s 

A(vZ/2go) = 9555 ft 

Ah = 0.0ft  

A Z  e ~--- 9555 ft 

/3 = 0.9837 

Wro/S = 64 lbf/ft 2 

8 = 0.9298 

M = 0.4410 

CL = 0.2351 

Ka = 0 . 1 8 ,  K 2 = 0 . 0  

CDo = 0.014 

CD = 0.02395 

CD/CL = 0.1019 

0 = 1.0796 

0o = 1.1215 

8o = 1.0627 

Otd~y = 0.5264 

Tsz/Wro = 1.25 

u = 0.1524 

TAs /W = l l , 270f t  

(a/astd) = 1.039 

V = 511.5 ft/s 

At = 32.97 s 

As = 2.775 n miles 

C1/M + C2 = 2.340 h -1 

then 

H e = 0.9935 

fl = 0.9773 

Note that Aso = 2.775 n miles and AtD = 32.97 S. 
E) Climbandacceleration. McL/2OOOftPA, 100°F--+ BCM/BCA, milpower. 
The weight fraction of  this mission segment is calculated along the minimum 

time-to-climb path depicted in Fig. 3.E2. In our illustrative example of  Sec. 3.4.1, 
we found the weight fraction of  this segment, using a single gross interval, to 
be 0.9812. Here we shall use the three successive integration intervals given in 
Table 3.E4 for our calculations, applying Eq. (3.20) to each. We use/3 =/3i  and 
the values of  the state properties (or, 0, Co/CL, and V) at the mid state point of each 
interval to obtain an appropriate average value of the required properties. The fli of  
each succeeding interval is obtained by multiplying the fli of  the preceding interval 
by I-I. By comparing the final result with that of  Sec. 3.4.1, we can determine 
whether it is necessary for sufficient accuracy to break the climb/acceleration 
calculations into still smaller intervals. 

Following this approach, the Climb/Acceleration Weight Fraction Calculation 
Method of  Sec. 3.4.1 was used to obtain the results given in Table 3.E5. 

H E  = H a  H b  H c  = 0.9806 



MISSION ANALYSIS 85 

Table 3.E4 Segment F,---schedule and intervals 

Integration interval 
Climb schedule (state points) 

Altitude, fl Mach number a b c 

2,000 (100 °F) 0.70 
9,000 0.775 

16,000 0.85 
23,000 0.875 
30,000 0.90 
36,000 0.90 
42,000 0.90 

Initial 
Mid 
Final Initial 

Mid 
Final Initial 

Mid 
Final 

This result differs insignificantly from the earlier result of  the single gross in- 
terval calculations for the illustrative example in Sec. 3.4.1. The amount of  fuel 
consumed for this phase has changed by  only 3%. We should therefore not con- 
sider breaking this phase into even finer intervals. Summarizing, then, we have the 
following results for Mission Phase 2-3:  

As23 = Asp + Ase = 23.04 n miles 

At23 = Ato + AtE = 2.906 min. 

H = H D  H E  = 0.9742 
23 

fi = 0.9584 

Mission phase 3-4: Subsonic cruise climb. BCM/BCA, As23 -}- As34 = 
150 n miles, mil power. 

This is a type B (Ps = 0, T = D + R) mission leg for which full thrust is not 
usually applied. Even so, we shall use a conservative full thrust value of  TSFC 
from Sec. 3.4.1 for all type B legs in these calculations. 

From Case 7, Eq. (3.29), with COR = K2 = 0 

{ ~ (C1-'[- C2McRIT)AS34 I 
]7.. = exp MCRIT as----~d I 
34 

Table 3.E5 Segment E----climb/acceleration results 

Ah, AV2/2gc, AZe, TAs/W, At, As, C]/M + C2, 
Interval ft ft ft CD/C L lg ft min n miles h- 1 I-I 

a 14,000 2 2 1 0  16,210 0.1601 0.1962 20,170 0.4915 4.067 1.462 0.9927 
b 14,000 2 .254 14,000 0.1384 0.2696 19,170 0.6913 6.119 1.329 0.9937 
c 12,000 -662.4 11,340 0.1111 0.3755 18,150 1.1728 10.086 1.3 0.9941 

40,000 1550  41,550 57,490 2.356 20.27 
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with 

then 
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As34 = 127.0n miles K1 = 0.18 Coo = 0.016 

Mcmr = 0.9 C1 -+- C2McRIT ---- 1.1700 h -1 

I - I =  0.9736 
3 4  

fl = 0.9331 

Note should be taken of  the fact that fuel consumption could be further reduced 
for this phase by capitalizing on the range factor as described in Sec. 3.2.7, Case 7. 
Consequently, the preceding result may regarded as conservative. 

with 

then 

Mission phase 4-5: Descend. BCM/BCA --~ MCAp/30 kfc 

- I  = 1.0 
4 5  

fl = 0.9331 

Mission phase 5-6: Combat air patrol. 30 kft, 20 min., mil power. 
From Case 8, Eq. (3.40), with CoR = K2 = 0 

I-'I = exp{-(C1 + C 2 M c A P ) W / O ~ A t }  
5 6  

At = 1200s 0 = 0.7941 8 = 0.2976 

K1 = 0.18 Coo = 0.014 C~ = 0.2789 

MCA P = 0.6970 C1 + C2M = 1.1091h -1 

- - I =  0.9675 
5 6  

/~ = 0.9027 

At the end of  combat air patrol MCA P = 0.6856 from Case 8, Eq. (3.38). 
Note should be taken of  the fact that fuel consumption could be further reduced 

for this phase by capitalizing on the endurance factor as described in Sec. 3.2.8, 
Case 8. Consequently, the preceding result may regarded as conservative. 

Mission phase 6-7: Supersonic penetration. This phase consists of  seg- 
ments F (Horizontal Acceleration) and G (Supersonic Penetration). 
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Table 3.E6 Segment F--horizontal acceleration 
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AZe, TAs/W, At, As, CI/M + C2, 
Interval Mi Mf Mavg ft Co/CL u ft min n miles h -I 

a 0.6856 0.95 0.8178 6,652 0.1085 0.1697 8,011 0.2567 2.062 2.227 0.9956 
b 0.95 1.23 1.0900 9,389 0.2537 0.2907 13,240 0.2332 2.496 1.738 0.9943 
c 1.23 1.5 1.3650 11,340 0.4192 0.3552 17,590 0.1828 2.452 1.442 0.9937 
- -  E 27,380 - -  38,840 - -  0.6727 7.010 - -  - -  

F) Horizontal acceleration. MCAP --+ 1.5M/30 kft, max power. 
This acceleration calculation is divided into the three intervals shown in 

Table 3.E6. The initial, final, and average Mach number of  each interval and h = 
30,000 ft are used in the Climb/Acceleration Weight Fraction Calculation Method 
of  Sec. 3.4.1. The calculated results are given in Table 3.E6. 

Then 

I - I F  = I - - Ia  U b  U c  = 0.9837 

/3 = 0.8880 

It is interesting to note from Table 3.E6 that the total mission weight specific 
work is 38,840 ft with 70.49% used to increase the mechanical kinetic energy 
of the airplane. The remaining 29.51% is dissipated into nonmechanical energy 
of the airplane/atmosphere system. A single gross interval calculation for this 
segment gives higher values of  total time and total ground distance by 1.16% and 
4.22%, respectively, and lower values of  weight fraction and specific thrust work 
by 0.024% and 0.33%, respectively. Also note that Ass  = 7.01 n miles. 

G) Supersonic penetration. 1.5M/30 kft, AsF + Asc  =100  n miles, no after- 
burning. 

From Case 5, Eq. (3.23), with CoR = 0 

with 

then 

Asa  = 92.99 n miles 

CL = 0.05731 

CD = 0.02889 

C1/M -t- C2 : 0.9 h -1 

K1 : 0.27 

CD/CL : 0.5040 

- I c  = 0.9382 

Segments F and G together yield 

U = U F 1--IG = 0.9231 
67  

/3 = 0.8331 

6 = 0.2976 

Coo = 0.028 
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Mission phase 7-8: Combat. This phase consists of  segments H (Fire 
AMRAAMs),  I (Combat Turn 1), J (Combat Turn 2), K (Horizontal Accelera- 
tion), and L (Fire A1M-9Ls and ½ ammo). 

H) Fire AMRAAMs. 652 lbf. 
From Eq. (3.47), and since fl Wro = W7 here, 

t ~ WTO --  WpE1 WpE1 
- 1 - - -  

Wro ~ Wro 

with 

then 

WpE 1 = 652 lbf 

= 0.8331 

Wro = 24,0001bf 

fl WTO -- WpE1 
- -  0.9674 and fl = 0.8060 

Wro 

I) Combat turn 1. 1.6M/30 kft, one 360 deg 5g sustained turn, with after- 
burning. 

From Case 6, Eq. (3.25), with CDR = 0 

n f D  I-II=exp{_(CI+C2M)~/-~(___~_L ) 2zrNV ] 
g0 / 

with 

0 = 0.7941 

[ 0.7821 wet } 
ot = 0.4444 dry 

K1 = 0.290 

nCo/CL 
Co/CL = 0.1883 Olreq = ~ ~  - 0.6070 

CI + C2M = 1.693 h -1 linearly interpolated 

then 

3 = 0.2976 

I CI + CzM = 1.380 

Coo = 0.028 

0o = 1.201 

CL = 0.2286 

Co = 0.04305 

%AB = 48.15 

V = 1592ft/s 

--II = 0.9753 

J) Combat turn 2. 
burning. 

From Case 6, Eq. (3.25), with Cog = 0 

1--i:=exp{_(Cl+C2M)v/-~(n~_~D L / go n2~/~--I 

3o = 1.265 

fl = 0.7860 

0.9M/30 kft, two 360 deg 5g sustained tums, with after- 
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Table 3.E7 Segment J--horizontal acceleration 
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Aze, TAs/W, At, As, C1/M + C2, 
Interval Mi Mf Mavg ft CD/CL u ft min n miles h-I ]7 

a 0.8 1.06 0.930 7,438 0.1589 0.1878 9,158 0.1950 1.781 1.990 0.9955 
b 1.06 1.33 1.195 9,925 0.3755 0.3205 14,610 0.1748 2.052 1.609 0.9942 
c 1.33 1.6 1.465 12,170 0.5579 0.4086 20,580 0.1723 2.480 1.362 0.9931 

E 29,530 44,350 0.5421 6.313 

with 

0 = 0.7941 3 = 0.2976 00 = 0.9228 

{ 0"5033 wet/dry _ { 1.843 wet }dry  
ot = 0.3020 | CI +C2M = 1.170 Cc = 0.7045 

K1 = 0.18 Coo = 0.016 Co = 0.1053 

nCD/CL 
Co/ CL = 0.1495 Otreq = P ~---"-/'~U-~,, -- 0.4700 %AB = 83.46 

ISL/ vvTO 

C1 + C2M = 1.732 h -l linearly interpolated V = 895.4 ft/s 

then 

- 'L  = 0.9774 

30 = 0.5033 

fl = 0.7682 

0.8 --+ 1.6M/30 kft, max power. K) Horizontal acceleration. 
This acceleration calculation is divided into the three intervals shown in 

Table 3.E7. The initial, final, and average Mach number of  each interval and h = 
30,000 ft are used in the Climb/Acceleration Weight Fraction Calculation Method 
of Sec. 3.4.1. The calculated results are given in Table 3.E7. 

Then 

V I K  = r i o  I - I b  I - I f  = 0.9828 

fl = 0.7550 

The weight specific thrust work of segment K is 44,350 ft with 66.58% going to 
increase the kinetic energy and 33.43% dissipated into nonmechanical energy by 
the drag forces. 

A single interval calculation for this segment gives essentially the same weight 
fraction value but lower values of time, distance, and specific thrust work by 4.44%, 
3.26%, and 1.78%, respectively. 

L) Fire AIM-9Ls and ~ ammunition. 657 lbf. 
From Eq. (3.47), and since Wj = fl Wro here, 

fl Wro - Wpz2 Wpe2 

3 Wro 3 Wro 
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with 

AIRCRAFT ENGINE DESIGN 

WpE2 = 657 lbf 

/~ = 0.7550 

WTo = 24,0001bf 

then 

Wro - W p ~  
- 0.9637 and 

Wro 

For mission phase 7-8 we have 

- I  0.8734 
7 8  

fl = 0.7276 

= 0.7276 

Mission phase 8-9: Escape dash. 1.5M/30 kft, As89 = 25 n miles, no 
afterbuming. 

The computational procedure is identical with that of segment G. Here the 
distance is smaller (25 n miles vs 92.99 n miles) and the fraction of takeoff weight 
(fl) is less (0.7276 vs 0.8880), making CL smaller (0.04696 vs 0.05731) and 
CD/CL greater (0.6090 vs 0.5041). The net effect is a higher weight fraction for 
this leg (0.9795 vs 0.9382) and less fuel consumed, as 

- I  0.9795 
89  

fl = 0.7127 

Mission phase 9-10: Minimum time climb. 1.5M/30 kft --~ BCM/BCA, mil 
power. 

In this leg kinetic energy is exchanged for potential energy as the airplane 
climbs from 30,000 ft to the Case 7 48,000 ft (BCA) and the Mach number is 
reduced from 1.5 to 0.9 (BCM). Using the initial and final values of h and V in the 
following listing, we find that the energy height diminishes by 4800 ft. We assume, 
therefore, in accordance with the RFP, a constant energy height maneuver for the 
weight fraction calculation of this phase. 

From Case 11, Eq. (3.42), with CDR = 0 

]--I = exp { - (C , -q -CeM)~ /CO(~L)A t  ] 
9 10 

with (assuming the vertical speed is 0.5 of Vmia) " 

A h V Zmia 
At  -- 0.5Vmi~a 2g0 Zei - -  havg 
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and 

Then, 

Ot = 0.7941 

= 1492fffs 

hi = 30,000fl  

Zei = 64 ,600h  

h f  = 4 8 , 0 0 0 h  

Of = 0.7519 

V f =  871.2fffs 

z~  = 59 ,800h 

AZe = - - 4 8 0 0 h  

h a ~ = 3 9 , 0 0 0 h  

Vm~ = 1284fffs 

A t = 28.04 s 

Omm = 0.7519 

Mmid = 1.326 

$mid= 0.1949 

CLmia = 0.08986 

Klmid  = 0 . 2387  

K2mid = 0 

C oomid = 0 .028  

Comia = 0.2993 

(Co/CL)mia = 0.3330 

C1 + C2Mmid = 1.298 h -1 

As  = 5.131 n miles 

H = 0.9971 
9 10 

fl = 0.7106 

This is a conservative estimate in as much a s  AZe = -  - 4 8 0 0  ft < 0. 

Mission phase 10-11: Subsonic cruise climb. BCM/BCA, A s 1 0 _ l l  = 

150 n miles, mil power. 
Refer to the outbound subsonic cruise climb leg data, mission phase 3-4.  The 

weight fraction of  this leg is lower (0.9698 vs 0.9736) due only to a higher 
cruise distance (144.9 vs 127.0 n miles). The starting BCA is higher (48,000 ft 
vs 42,000 ft) because of the airplane's  lower weight (0.7106 Wro vs 0.9584 Wro). 
Then, 

I - ' [ =  0.9698 
10 11 

fl = 0.6891 

Mission phase 11-12: Descend. BCM/BCA ---* Mtoiter/lO lift. 

--I = 1.O 
11 12 

~ = 0.6891 

Mission phase 12-13: Loiter. Mzoit, r/ l O kft, 20 min., mil power. 
Refer to data for the combat air patrol loiter leg, mission phase 5-6.  Compared to 

that leg the weight fraction of  this leg is about the same (0.9677 vs 0.9675) because 
the offsetting effects of  the dimensionless temperature 0 (0.9312 vs 0.7941) and 
Mach number (0.3940 vs 0.6970). Because of  the lower vehicle weight and altitude 
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ofthis leg,  theloiterMach number i smuchles s thanthato f the  C A P l e g .  Then ,  

H = 0 .9677  
12 13 

fl = 0 .6668  

Mission phase 13-14: Descend and land. Mloiter/lO kft --> 2000 ft PA, 
100°F. 

H = I . 0  
13 14 

fl = 0 .6668  

The results of  all of  the AAF weight fraction computations in the preceding are 
summarized in Table 3.E3 and Fig. 3.E3. 

Minimum fuel-to-climb path. Although the AAF is not required by the RFP 
to fly a minimum fuel climb, this section is included to show the application of the 
material on minimum fuel path included as a note in Sec. 3.2 and for comparison 
with the minimum time path of Fig. 3.E2. Values of  fuel consumed specific work 
(f i )  were calculated for the AAF at military power using Eq. (3.8) for the following 
data: 

TSL/WTO : 1.25 WTo/S = 64 lbf/f t  2 /3 = 0 .97 q -}- C2M : 0.9 + 0 . 3 M  

The results of these calculations are presented in Fig. 3.E6 as contours of constant 
fuel consumed specific work (f i )  plotted in the velocity-altitude space with con- 
tours of  constant energy height (Ze). The minimum fuel-to-climb path from energy 

7O 
i 

6 0 -  

5 0 -  

40- -  
Alt 

3 0 -  

(kft) - 

2 0 -  

fs (min = 0, max = 2800, incr 200 kft) Standard Day Atmosphere 

1 0 -  

I I I I I I I ~  

100 500 

Fig. 3.E6 

i i I I I I / I i i / 

• I i i i l I I I i 

1000 1500 

Velocity (fl/sec) 

Minimum fuel-to-climb path on fs chart. 

2000 

W/S = 64 

"TAV - 1.25 

_Beta 0.97 

g's - 1.00 

Tmx = 1.0 

"TR = 1.07 
- A B  off 

Engine #2 

TSFC #2 
"Aircraft #5 

Min fuel 
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height Zel(hl, V1) to energy height Ze2(h2, V2) corresponds to a path having a max- 
imum value of fs at each Ze. The resulting minimum fuel-to-climb path from a Ze 
of 12 kft at sea level (where 111 = 879 ft/s) to a Ze of 95 kft at 57 kft altitude (where 
V2 = 1564 ft/s) is also shown on Fig. 3.E6. 

Based on the comparison of Figs. 3.E2 and 3.E6, the following comments can 
be made: 

1) The contours Ps = 0 and f~ = 0 are the same. This follows from the definition 
of f~ given in Eq. (3.8). 

2) The minimum fuel-to-climb path is similar but different from the minimum 
time-to-climb path for evident reasons [see Eq. (3.8)]. 

3) The minimum fuel-to-climb path stays subsonic to a higher altitude (about 
37 kft) than that of the minimum time-to-climb (about 15 kft). 

You may find it useful to know that the weight fraction for a type A flight path 
can be expressed conveniently in terms of Tslff Wvo, fs, Ze, and/3 by dividing 
Eq. (3.9) by the aircraft weight at the start W 1 (= • WTO), noting that WFI_2 = 
W1 - W2, and using the definition of 1-[1 2( = W2/WO. Making these substitutions 
gives 

Ze2 

w 12 _1_1-I_ raze 
W1 1 2 fl Wro fs 

Zel 

The resulting equation for the aircraft weight fraction 1-[1 2 is 

TSL f Ze2 dZe 
I - I = l  f l ~ o  Z 
1 2 Zel 

Application of this equation to the subsonic portion of the minimum fuel-to- 
climb path of Fig. 3.E6 (Zel = 12 kft, Ze2 = 52 kft) where fs is approximately 2800 
kft gives the following estimate for the weight fraction: 

-I 0.9815 
12 
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4 
Engine Selection: Parametric Cycle Analysis 

4.1 Concept 
The preparations are now complete to begin the design of the specific engine 

and airframe that can best perform the prescribed mission. Engine and airframe 
designers must now part company in order to concentrate intensely on perfecting 
their own product. They will come together again and share information only after 
they know a good deal more about their machines. 

As engine designers, the required installed sea level static thrust (TsD of the 
engine(s) is now known, as well as the assumed behavior of thrust and specific 
fuel consumption with altitude and Mach number, depending on whether or not an 
afterburner is operating. Much good work remains to be done before the right 
engine is known in enough detail to decide how well the task can really be ac- 
complished. Most of that work is based on a comprehensive, efficient method of 
jet engine cycle analysis pioneered by Frank Marble of the California Institute of 
Technology and perfected by Gordon Oates of the University of Washington as 
presented in Ref. 1 and by Jack D. Mattingly of Seattle University as presented in 
Ref. 2. 

The object of parametric cycle analysis is to obtain estimates of the perfor- 
mance parameters (primarily specific thrust and thrust specific fuel consumption) 
in terms of design limitations (such as maximum allowable turbine temperature 
and attainable component efficiencies), the flight conditions (the ambient pres- 
sure, temperature, and Mach number), and design choices (such as compressor 
pressure ratio, fan pressure ratio, bypass ratio, and theta break). The comparative 
simplicity of the aerothermodynamic analysis is achieved by treating each stream 
as the one-dimensional flow of a perfect gas, by representing nonideal component 
behavior through realistic efficiencies, and by using a compact and intuitively ap- 
pealing set of nomenclature. Please note that the inclusion of nonideal (or real) 
component behavior to the degree desired leads to a close imitation of nature, even 
for very complex configurations. 

Engine design starts with parametric cycle analysis, which presumes that all 
design choices are still under control and that the size of the engine has yet to be 
chosen. The mental image usually attached to this stage of development is that of 
a "rubber" engine, whose size is arbitrary and performance is largely known in 
terms of ratios or "specific" terms. Therefore, each complete set of design choices 
results in a piece of hardware with its own geometry and operating characteristics. 

This stage of design is usually referred to in the literature as "on-design" or 
"design point" cycle analysis. Our experience has taught us that the term parametric 
cycle analysis is preferable because it is always difficult and often impossible to 
identify a single point that dictates the design. The final design of an engine 
is based on its performance over the entire aircraft mission, and the winner is 

95 
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chosen because of its balanced behavior over the whole flight spectrum and seldom 
(if ever) matches any one of the mission flight conditions. Consequently, we have 
learned that it best to refer to the operating point at which all design quantities are 
known as the "reference point." 

Then, why bother with parametric cycle analysis? There are at least three good 
reasons. First, engine performance analysis at conditions away from the reference 
point, usually referred to in the literature as "off-design" cycle analysis, cannot start 
until the reference point and the size of the engine have been chosen by some means. 
Second, parametric analysis is much less tedious and time consuming than per- 
formance analysis, often providing mathematical optima, that can be directly ex- 
ploited. Third, and most important, identifying the combinations of design choices 
that provide the best performance at each mission flight condition reveals trends 
that illuminate the way to the best solution. A reasonable expectation after the com- 
pletion of the parametric cycle analysis is that the most promising type of cycle has 
been identified and the possible range of each design choice has been bracketed. 

To provide the most potent tools for parametric cycle analysis, relationships 
will be developed in this chapter for one of the most complex and flexible engine 
cycles known: the mixed flow, afterburning, cooled, two-spool turbofan engine 
with bleed air and power extraction. This is done because the behavior of many 
other cycles can be obtained merely by setting some design choices to trivial values 
and because this cycle is needed for the AAF example used in this textbook. Be 
aware that, even though this cycle is not included there, the development closely 
parallels that in Chapter 7 of Ref. 2. The resulting equations can be solved in 
many ways, but the most convenient should be to simply use the ONX computer 
program provided with this textbook. If you wish, you may choose to build your 
familiarity with and your confidence in this computer program by calculating the 
design point performance of some simpler cycles. Otherwise, you will have ample 
opportunity to compare your results with those that go with the following example. 

Believing it serves a useful purpose, introductory material from Ref. 2 is re- 
produced in the derivations, particularly the definitions and notation. From this 
point on, the nomenclature is shifted entirely to the propulsion nomenclature of 
the Table of Symbols and Ref. 2. 

4.2 Design Tools 
The uninstalled engine thrust (F) and the uninstalled thrust specific fuel con- 

sumption (S) are the primary measures of the engine's overall performance. The 
uninstalled thrust (see Appendix E) for a single exhaust stream engine can be 
written as 

1 
F = --(th9V 9 - -  th0V0) + A9(P 9 - -  P0) (4.1) 

gc 

where station 0 is far upstream of the engine and station 9 is the engine exit. The 
term gc appears in Eq. (4.1) as a reminder that the units must be watched carefully. 
In this particular case, for example, if the units of rh are pounds mass/second and 
V are feet/second, then g¢ must be Newton's constant of 32.174 lbm-ft/(lbf-s 2) if 
F is to be measured in pounds force. If the units of rn were slug/s instead, then 
g~ would be unity. Because incorrect dimensions are responsible for more errors 
than any other thing, careful bookkeeping and double-checking are a worthwhile 
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Table 4.1 Typical F/mo and S values 
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Compressor Fan 
Engine pressure pressure Bypass Tt7, I',4, F/tho, S, 
type ratio (zrc) ratio (zrf) ratio (or) °R °R lbf/lbm/s 1/h 

Turbojet 10-20 
no A/B 

Turbojet 10-20 
with A/B 

Turbofan 20-30 
low u 
no A/B 

Turbofan 8-30 
low u 10-30 
with A/B 

Turbofan 30--40 
high ot 
no A/B 

2-4 0.2-1 

3600 

2000 54-58 1.0-1.1 
3000 93-96 1.3-1.4 
2000 94-101 2.0-2.2 
3000 115-119 1.7-1.8 
2000 23-47 0.85-1.0 
3000 53-84 0.96-1.5 

2-4 0.2-1 3 6 0 0  2000 75-98 2.1-2.7 
3000 102-116 1.7-2.0 

1.4-1.6 5-7.5 2000 5.5-12 0.76--0.97 
1.4--4 5-10 3000 13-27 0.67-1.03 

investment of time. The uninstalled thrust specific fuel consumption (S) is given by 

S -- /~f -[- FhfAB (4.2) 
F 

where (rhf + rhfAB) is the total fuel flow rate to the main bumer and afterburner 
of an engine. Since one pound mass of fuel at (or near) the surface of the Earth 
weighs one pound force in the British Engineering system, the thrust specific fuel 
consumption may be regarded as pounds weight of fuel per hour per pound force 
of thrust, and is traditionally reported in units of 1/h. 

Parametric cycle analysis employs the uninstalled thrust per unit mass flow of 
captured airflow (F/rho) or specific thrust and the uninstalled thrust specific fuel 
consumption (S) as the performance measures of primary interest. Representative 
values of these parameters for several common but different engine types are given 
for guidance in Table 4.1. 

4.2.1 Station Numbering 
Consider the generalized engine shown in Figs. 4.1a and 4.lb. The station 

numbers of the locations indicated there are in accordance with Aerospace 

bleed air 

Fig. 4.1a Reference stations--mixed-flow turbofan engine. 
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B)  

2 13 

1 are h 
I ~om~ ~om, 

2.5 

power extraction 

PTOL PTOH 
ID bleed air cooling air #2 Ib 

| cooling air #1 
3 /3.1 ,4 "~ 4 1 high-p ....... turbine 4;4 ,~ 4.5 

jrL[ l u~or[  I :Oxen: I I rotor [ ~  [rotor] [ mixer2 I 

high-pressure spool ] 

5 
I 

low-pressure spool 

Fig. 4.1b Reference stations--bleed and turbine cooling airflows. 

Recommended Practice (ARP) 755A (Ref. 3) and will be used throughout this 
textbook, and include: 

Station Location 

0 
1 
2 
13 
2.5 

3 
3.1 
4 

4.1 

4.4 

4.5 

5 
6 
16 
6A 

7 

8 
9 

Far upstream or freestream 
Inlet or diffuser entry 
Inlet or diffuser exit, fan entry 
Fan exit 
Low-pressure compressor exit 
High-pressure compressor entry 
High-pressure compressor exit 
Burner entry 
Burner exit 
Nozzle vanes entry 
Modeled coolant mixer 1 entry 
High-pressure turbine entry for zrtn definition 
Nozzle vanes exit 
Coolant mixer 1 exit 
High-pressure turbine entry for rtH definition 
High-pressure turbine exit 
Modeled coolant mixer entry 
Coolant mixer 2 exit 
Low-pressure turbine entry 
Low-pressure turbine exit 
Core stream mixer entry 
Fan bypass stream mixer entry 
Mixer exit 
Afterburner entry 
Afterburner exit 
Exhaust nozzle entry 
Exhaust nozzle throat 
Exhaust nozzle exit 



ENGINE SELECTION: PARAMETRIC CYCLE ANALYSIS 99 

4.2.2 Gas Model 

The air and combustion gases are modeled as perfect gases in thermodynamic 
equilibrium, and their properties are based on the NASA Glenn thermochemical 
data and the Gordon-McBride equilibrium algorithm (see Ref. 7). Thus, this gas 
model includes the variation of specific heat at constant pressure Cp with tem- 
perature. In addition, the classical perfect gas model with constant specific heats 
(also know as a calorically perfect gas) is also included as a limiting case in this 
analysis. 

For the perfect gas with variable specific heats, the required additional thermo- 
dynamic definitions (Refs. 1, 2, 4) are 

h - -  Cp d T  (4.3a) 

fr~ aT (p - -  C p --T- (4.3b) 
ef 

Pr--exp ( ~ - - ~ )  (4.3c) 

where ~b is the temperature dependent portion of entropy (s) and Pr (called the 
reduced pressure) is the pressure variation corresponding to the temperature change 
for an isentropic process (s = constant). The differential equation for entropy is 
the Gibbs equation T ds = dh - v dP, which becomes T d s  = d h  - R d P / P  for a 
perfect gas (Ref. 4). Integration of this latter equation using the definition of q~ gives 
the following relationship for the finite change in entropy between states 1 and 2: 

$ 2  - -  S1 -~- ~b2 - -  (~1 - -  R In/°2 (4.3d) 
P1 

For an isentropic process, Eq. (4.3d) reduces to 

~ 2  - -  ~ 1  = R In P2 (4.3e) 
P1 

Using Eq. (4.3c) we can express the pressure ratio for an isentropic process in 
terms of the reduced pressure Pr as 

P2 nst = ~-,-1 (4.3f) 

We note that for the simplifying case of a calorically perfect gas (CPG) or 
constant specific heats for the finite change between states 1 and 2 

a) Eqs. (4.3a), (4.3b), and (4.3d) become 

h 2  - h i  = c p ( T 2  - T1) (4.3a-CPG) 

(92 - -  ~1 = Cp In T2 (4.3b-CPG) 
T1 

T2 _ R In P2 (4.3d-CPG) 
s 2 - S l = C p In T1 P1 
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Table 4.2 Calling nomenclature for subroutine FAIR 

Symbol Knowns Unknowns 

FAIR(l, f, T, h, Pr, 4), Cp, R, y,a) f, T h, P~, (]), Cp, R, y,a 
FAIR(2, f, T,h, Pr, c]),Cp, R, y,a) f ,h  T, Pr, 4),Cp, R, y,a 
FAIR(3, f, T,h, P~,c]),Cp, R, y,a) f, Pr T,h ,  qb, Cp, R, y,a 
FAIR(4, f, T,h, P,.,qS, Cp, R, y,a) f, q5 T,h, Pr, Cp, R, y,a 

b) Eq. (4.3f) becomes the familiar isentropic relationship 

( - ~ l ) s = c o n s t = ( ~ l )  Y-zzT-I (4.3f-CPG) 

The effect of variable gas properties can be easily included in a computer analysis 
of gas turbine engine cycles, as follows. In addition to the ideal gas equation, two 
subroutines are needed: 1) a subroutine that can calculate the thermodynamic state 
of the gas given the fuel/air ratio f and one temperature dependent property; and 
2) a subroutine that can calculate the compressible gas relationships Tt/T, Pt/P, 
and mass flow parameter (MFP) given the Mach number (M), total temperature 
(Tt), and fuel/air ratio ( f ) .  

The subroutine FAIR was developed to calculate the temperature dependent 
properties given the fuel/air ratio f and one of the following properties: T, h, 
Pr, or ~p. Table 4.2 gives the calling nomenclature for the subroutine FAIR. The 
subroutine also determines the specific heat Cp, the gas constant R, the ratio of 
specific heats V, and the speed of sound a. 

The compressible flow subroutine RGCOMP was developed to calculate the 
compressible flow relationships for this gas model with variable specific heats. 
Table 4.3 gives the calling nomenclature for this subroutine. The equations used 
in RGCOMP are given in Appendix F. 

4.2.3 Total Property Ratios 
You will find it very important to be able to swiftly identify and thoroughly 

grasp the physical meaning of the quantities that are about to be defined in order 
to understand and manipulate the cycle analysis results. We therefore recommend 
that you spend enough time to completely familiarize yourself with the material 

Table 4.3 Calling nomenclature for subroutine RGCOMP 

Symbol Knowns Unknowns 

RGCOMP(1, T,, f, M, T,/T, Pt/P, MFP) 
RGCOMP(2, Tt, f, M, TilT, P,/P, MFP) 
RGCOMP(3, Tt, f, M, Tt/ T, Pt/ P, MFP) 
RGCOMP(4, T,, f, M, T,/T, P,/P, MFP) 
RGCOMP(5, Tt, f, M, Tt/ T, P,/ P, MFP) 

Tr, f , M  Tr/T, Pt/P, MFP 
Tr, f, Tt/T M, Pt/P, MFP 
T,,f, Pt/P M, Tt/T, MFP 
T,,f, MFP T,/T, Pt/P,M < I 
T,,f, MFP Tt/T, Pt/P,M > 1 
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of Secs. 4.2.3 and 4.2.4, and then mark their location carefully so that you can find 
them quickly whenever necessary. 

The ratio of total (isentropic stagnation) pressures rr and total (adiabatic stag- 
nation) enthalpies r are introduced, where 

total pressure leaving component i 
zri -- (4.4a) 

total pressure entering component i 

total enthalpy leaving component i 
ri -- (4.4b) 

total enthalpy entering component i 

For the case of the calorically perfect gas, we assume a zero reference value of the 
enthalpy at zero absolute temperature. Thus enthalpies are replaced by the specific 
heat times the absolute temperature, and ri becomes the ratio of total temperatures 
or 

total temperature leaving component i 
vi - (4.4b-CPG) 

total temperature entering component i 

Note should also be taken of the fact that for case of the calorically perfect gas the 
relationships of Sec. 1.9 apply to Eqs. (4.4a) and (4.4b). 

Moreover, the Jr and v of each component will be identified by a subscript, as 
follows: 

Subscript Component Station 

AB Afterburner 6A --~ 7 
b Burner 3.1 --~ 4 
c Compressor 2 ~ 3 
cH High-pressure compressor 2.5 ~ 3 
cL Low-pressure compressor 2 ~ 2.5 
d Diffuser or inlet 0 --~ 2 
f Fan 2 ~ 13 
- -  Fan duct 13 --~ 16 
m 1 Coolant mixer 1 4 --~ 4.1 
m2 Coolant mixer 2 4.4 ~ 4.5 
M Mixer 6 -~ 6A 
n Exhaust nozzle 7 ~ 9 
t Turbine 4 ~ 5 
tH High-pressure turbine 4 --+ 4.5 
tL Low-pressure turbine 4.5 ~ 5 

Examples 

zrc, rc = compressor total pressure, temperature ratios 

zrb, rb = burner total pressure, temperature ratios 
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Exception.  rr and Err are related to adiabatic and isentropic freestream re- 
covery, respectively, and are defined by  

h,o ho + V ~ / ( 2 & )  
rr "-- - -  (4.5a) 

ho ho 

['to Prto 
Er r ~ '  --  - -  (4.55) 

Po g o  

Thus, freestream total enthalpy hto = horr and freestream total pressure Pro = 
Po Err. For the simplifying case of  a calorically perfect gas, we have, in accordance 
with Sec. 1.9, 

rto v 1 
- 1 q- c -=- - -M~ (4.5a-CPG) 

Tr - -  TO Z v 

( Y-1 2) ~'--~ 
Err = Tr r - I  = 1 + - - - - ~ M ;  (4.5b-CPG) 

Further exceptions. It is often desirable to work in terms of design limitations 
such as the maximum allowable turbine inlet total temperature, Tt4. The term rx 
is thus used and is defined in terms of  the enthalpy ratio 

ht4 
rx --  - -  (4.6c) 

h0 

Similarly, for the afterburner 

ht7 
r),aB --" - -  (4.6d) 

h0 

For a calorically perfect gas, Eqs. (4.6c) and (4.6d) become 

r ) ~ -  Cp4Tt4 (4.6c-CPG) 
C po To 

C p7 Tt7 
r)~AB -- (4.6d-CPG) 

C po To 

Component Er and r .  A complete compilation of  total pressure and total 
enthalpy ratios follow. Please note in the following that it has been assumed that 
Ptl3 = Ptl6, ht13 = htl6 a n d  P t3  = Pt3.1, hi3 = ht3.1. 

Diffuser (includes ram recovery): 

Fan: 

Pt2 ht2 
Erd = - -  rd --  --  1 (4.7a) 

Pro hto 

P t l 3  ht13 
Erf = Pt2 "~f = ht2 (4.7b) 
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Low-pressure compressor: 

7~cL ~. 
et2.5 ht2.5 

75cL 
P,2 ht2 

High-pressure compressor: 

2"fcH : 
Pt3 ht3 

V:cH 
Pt2.5 ht2.5 

Compressor: 

et3  
7g c ~- - -  ~__ 7~cLYgcH 

P,2 
~c - -  

ht3 
- -  "CcL TcH 

ht2 

Burner: 

e t4  hi4 
7~b = - -  "Cb - -  

e t3  ht3 

Coolant mixer 1: 

Pt4 . 1  
7"t'ml = ~'ml - -  

/',4 
ht4.1 

ht4 

High-pressure turbine: 

~tH - -  - -  
et4.4 et4.4 

- -  ~ m l - -  
P,4 Pt4.1 

"ftH 
ht4.4 

ht4.1 

Coolant mixer 2: 

~m2 - -  - -  
Pt4.5 

et4.4 
- - 1  

ht4.5 
"Cm2 - 

ht4.4 

Low-pressure turbine: 

YrtL = 
1'15 

Pt4.5 
"~tL 

ht5 

ht4.5 

Mixer: 

~ M  
Pt6A 

e,6 
ht6A 

• M - -  
ht6 

Afterburner: 

Pt7 
2"gAB _ 

Pt6A 

ht7 
~ A B - -  

ht6A 

Exhaust nozzle: 

Pt9 

P~7 
ht9 

- 1  
ht7 

(4.7c) 

(4.7d) 

(4.7e) 

(4.7f) 

(4.7g) 

(4.7h) 

(4.7i) 

(4.7j) 

(4.7k) 

(4.71) 

Jr. -- rn -- (4.7m) 
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For the calorically perfect gas, all of  the component r except that of  the burner 
and afterbumer become total temperature ratios. For example, rc = Tt3/Tt2 and 
rtH = T t 4 . n / T t 4 . 1 .  The r for the bumer and afterburner become 

C p4 Tt 4 
-gb -- (4.7f-CPG) 

C p3 Tt3 

"gAB-- cp7Tt7 (4.71-CPG) 
Cp6A Tt6A 

4.2.4 Mass Flow Rates 

The mixed-flow turbofan engine with afterbuming, bleed air, and cooling air 
is a very complex machine with numerous air and fuel flow rates. The cycle 
analysis of  this engine includes those mass flow rates that have major importance 
in engine performance and, hence, cycle selection. Please note that the mass flow 
rate frequently changes between stations as flow is added or removed or fuel is 
added (see Fig. 4.2). The symbol rh is used for the mass flow rate with a subscript 
to denote the type as follows: 

Subscript Description Station 

b 
C 
cl 
c2 
F 
f 
fAB 
0--+9 

Bleed air 3-3.1 
Core airflow through engine 2.5, 3 
Cooling air for high-pressure turbine nozzle vane 3-3.1, 4-4.1 
Cooling air for remainder of high-pressure turbine 3-3.1, 4.1-4.4 
Fan air flow through bypass duct 13, 16 
Fuel flow to main burner 3.1-4 
Fuel flow to afterbumer 6A-7 
Flow rate at numbered station 

M a s s  flow ratios. In engine cycle analysis, it is often most effective to cast 
the calculations into dimensionless mass flow ratios. The most useful of these for 
the engine of  Figs. 4.1 a, 4. lb, and 4.2 include the following: 

Bypass ratio (or): 

Bleed air fraction (fl): 

bypass flow rh F 
Ct --' -- (4.8a) 

core flow rhc 

Cooling air fractions (el and e2): 

E l -  

bleed flow rhb 

core flow rhc 

82 ~" 

(4.8b) 

mcooll (4.8c) 
rhc 

rhc°°12 (4.8d) 
rhc 
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t • thcfl rhc¢ 2 • 
mcEl b. 

rhc(fl +el +~ 2 ) rhI[ v ~  
3.1 • 4 41 high-p ....... turbine 4i4 , 25~31 , ~ - - ~ , ~ - - ~ , ~ - ~  ~- - - -~ ,~  

' i b=:l I  iEI I r:= ] I : 
rho=rhc+fh ~ = (l+a)rh c 

r~= rh c 

~, =mc(1-fl-e,-e2) 

m 4 = thc(1- fl -ei -e2)(l+ f )  
th4. , = rh4. , = rh c {(1 -/3 -e,  - e2)(1 + f )  +e,} 
m45 =ms = rhc {(1-fl -e,-e2)(1+ f )+e ,  +e:} 

Fig. 4.2 Reference stations--turbine cooling air. 

Burner  fuel /a ir  ra t io  ( f ) :  

burner  fuel  flow / 'hf 
f -  burner inlet  airf low rh3.1 

Mixer  bypass  rat io (a ' ) :  

o/I --  
fan air  enter ing mixer  rh 16 

turbine gas enter ing mixer  /'h 6 

Afterburner  fuel /a ir  rat io (faB): 

fAB --" 
afterburner  fuel  flow rhfAB 

afterburner  inlet  airflow rhc + rhF -- rhb 

Overal l  fuel /a ir  rat io (fo):  

f o -  
total  fuel  flow #if -Jv rhfAB 

engine inlet  airf low thc ~- ?/'/F 

Fuel /a i r  ra t io  at stat ion 4.1: 

f4.1= f 
1-I-f-t-el/(1 - - f - - E  1 - - 8 2 )  

Fuel /a i r  ra t io  at s tat ion 4.5: 

f4.5 
f 

l + f - k - ( e l  -k-e2)/(1 - - ~ - - E  1 - -S2)  

Fuel /a i r  ra t io  at stat ion 6A: 

f6A -- f4"5(1 -- /~) 
l + o t - f l  

(4.8e) 

(4.8f)  

(4.8g) 

(4.8h) 

(4.8i) 

(4.8j) 

(4.8k) 
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Turbine cooling. The model of turbine cooling incorporated into the engine 
analysis is shown in Fig. 4.2. Cooling air is drawn off at the compressor exit 
(station 3). A portion of this cooling air (rhcoon = rhce i )  is used to cool the high- 
pressure turbine nozzle guide vanes. The remainder (rhcool2 = rhce2) is used to 
cool the high-pressure turbine rotor. For cycle purposes, the cooling airflows mcooll 
and rh~oot2 are modeled as being introduced and fully mixed in coolant mixer 1 
and coolant mixer 2, respectively. No total pressure loss is assumed for coolant 
mixer 2. No cooling air is included for the low-pressure turbine. 

4.2.5 Component Efficiencies 
Rotating machinery. For the rotating machinery components it is usually 

convenient to relate their Jr to their r by means of efficiencies, which account 
for losses or real effects and are based on experience. Two such efficiencies are 
commonly employed, r/corresponding to the overall Jr and r and e corresponding 
to an imaginary process in which zr and r are arbitrarily close to one. The latter 
efficiency, known as the polytropic efficiency, can be used more broadly because 
it represents a level of technology rather than the behavior of a given device (as 
given by 0). Table 4.4 gives representative values of the polytropic efficiency for 
different levels of technology. 

Like Refs. 1 and 2, the subscript i is used to represent the exit state or process of 
a 100% efficient or ideal turbomachinery (such as the compressors and turbines). 
This ideal exit state or process is used to calculate the overall efficiency (~) from 
the polytropic efficiency (e) and the dimensionless zr or 3. A compilation of rela- 
tionships for the engine of Figs. 4.1 and 4.2 for variable specific heats are given 
next. The reduced pressure at the ideal exit state is used to obtain the corresponding 
temperature and enthalpy. 

Fan: 

ht13 ~ f = ( P r t l 3 ~  ef 

"Of = hi2 ' \ Prt2 J ' 

Low-pressure compressor: 

ht2.5 ( ert2.5"~ ecL 

r c L -  ht2 7rcL ~, Pr,2 ,] 

High-pressure compressor: 

ht3 ( Prt3  ~ ecH 

r d - 1 -  ht2.5 , JrcH = \ P---~t2.5 / ' 

High-pressure turbine: 

ht4.4 ( Prt4.4 ) 1/etH ' 

rtH - h t4 .1 '  YrtH = ~ P~lt4.1,] 

r f i  --  1 
Pr t l3 i  = 7g fPr t2 ,  Of --  - -  (4.9a) 

r f - - 1  

ert2.5i ~- 7gcLert2, T]cL - -  - -  
"EcL i --  1 

V c L -  1 

(4.9b) 

er t3 i  ~-- 7gcHert2.5, l']cH - -  
ZcHi --  1 

VcH-- 1 

(4.9c) 

Prt4.4i ~ 7gtHPrt4.1, TltH - -  - -  
I --  TtH 

1 - - r t n i  

(4.9d) 
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Table 4.4 Component polytropic efficiencies and total pressure losses 

Component 

Level of technology 

Figure of merit Type 1 2 3 4 

Diffuser 

Compressor 
Fan 
Burner 

Turbine 

Afterburner 

Nozzle 

M a x i m u m  Tt4 

Maximum Tt 7 

A a 0.90 
rrd max B b 0.88 

C c 0.85 

ec 0.80 
e f  0.78 
rrb 0.90 
r/b 0.88 
et Uncooled 0.80 

Cooled 

~AB 
r/AB 

7fn 

0.90 
0.85 

D d 0.95 
E e 0.93 
F f O.9O 

(K) 1110 
(°R) 2000 
(K) 1390 
(°R) 2500 

0.95 0.98 0.995 
0.93 0.96 0.97 
0.90 0.94 0.96 
0.84 0.88 0.90 
0.82 0.86 0.89 
0.92 0.94 0.96 
0.94 0.99 0.995 
0.85 0.89 0.91 
0.83 0.87 0.89 
0.92 0.94 0.95 
0.91 0.96 0.97 
0.97 0.98 0.995 
0.96 0.97 0.985 
0.93 0.95 0.98 
1390 1780 2000 
2500 3200 3600 
1670 2000 2220 
3000 3600 4000 

aA = subsonic aircraft with engines in nacelles. 
bB = subsonic aircraft with engine(s) in airframe. 
cC = supersonic aircraft with engine(s) in airframe. 
dD = fixed-area convergent nozzle. 
e E  = variable-area convergent nozzle. 
f F  = variable-area convergent-divergent nozzle. 
gStealth may reduce Jrd max, 7rAB, and zrn. 
Note: The levels of technology can be thought of as representing the technical capability for 20-year 
increments in time beginning in 1945. Thus level 3 technology presents typical component design 
values for the time period 1985-2005. 

L o w - p r e s s u r e  turb ine :  

ht5 ( Prr5 ] t/etL 1 - - r t L  
r/tL - -  h t4 .5 '  7ftL = ~ P r t 4 . 5 J  , Prt5i  -D- 7rtLPrt4.5, rhL - -  1 - -  rtLi 

(4.9e)  

A c o m p i l a t i o n  of  re la t ionsh ips  for  the  e n g i n e  o f  Figs.  4.1 and  4 .2  for  the  case  
o f  cons tan t  specif ic  hea ts  (ca lor ica l ly  per fec t  gas)  inc ludes  the fo l lowing:  

Fan:  

yes 

( _ _  Ttl3 Jrf = r t l3  y t r t l3i  - -  ( j~I) 'T-  ~ f  = 
"Of - -  Tt2 ' \ - ~ t 2  ,] , "rfi - -  Tt2 ' r f - 1 

(4 .9a -CPG)  
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Low-pressure compressor: 

yecL 
Tt2.5 { rt2.5 "~ Y -1 Tt2.5 i ~,-I "(cLi -- 1 

, = ! I - - -  - (ZrcL) 7 - ,  ~d .  - -  rcL --  Zt2 7t'cL ~-~t2 /] ' "CcLi Tt2 "gcL -- 1 

High-pressure compressor: 

(4.9b-CPG) 

Tt3 ( rt3 ~ ~,-1 Zt3 i ×-1 "VcH i - - 1  
= , = - - - - ( J r c H )  7 ,  0 c H = - -  

"EcH Tt2.5 7gcH Ik Tt2.5 /I , "gcHi Tt2.5 rcH -- 1 

High-pressure turbine: 

(4.9c-CPG) 

y 
Zt4.4 ( Tt4.4 ~ (Y-iSetH Zt4.4i ~-,  1 - rtH 

, - - - ( n ' , H )  7 ,  n~//- ~ 
"CtH - -  Tt4.1 ~ t ,  : Ik ~ ] , ~tHi T,4.1 _ "Etni 

(4.9d-CPG) 

Low-pressure turbine: 

rt5 ( r l s ~ ( Y - ~ ) e t L  
7 : tL -  Zt4. % , TCtL = ~ T--~4.5/] ' 

Tt5i Lz2 1 -- "(tL 
"gtLi - -  - -  (2"gtL) Y , ?]tL - -  - -  

Tt4.5 1 -- "gtLi 

(4.9e-CPG) 

C o m b u s t i o n  componen ts .  For those components in which combustion takes 
place, combustion efficiency is used to characterize the degree to which the chem- 
ical reactions have gone to completion. The efficiencies are based upon the ratio of  
the actual thermal energy rise to the maximum possible thermal energy increase, 
as represented by the lower heating value of  the fuel ( h e R ,  see Table 9.2). Thus, 
we have the following for a perfect gas with variable specific heats: 

Bumer: 

lil4ht4 --/h3.1ht3.1 
/lb ~--- < 1 (4.10a) 

lh f hpg 

Afterburner: 

#17ht7 -- th6Aht6 A 
~AB = < 1 (4.10b) 

rhfaBhpR -- 

For the case of  the calorically perfect gas, these combustion efficiencies are written 
as follows: 

Burner: 

th4cp4Tt4 -- th3.1Cp3.1 Tt3.1 
t/b = < 1 (4.10a-CPG) 

lf, l f h p  R 

Afterburner: 

l'h7cp7 Tt 7 - l~16ACp6 A Tt6A 
OAB = < 1 (4.10b-CPG) 

m f a B h e R  



ENGINE SELECTION: PARAMETRIC CYCLE ANALYSIS lO9 

Power transmission components. For those components that merely trans- 
mit mechanical power by means of shafts, gears, etc., a simple definition of me- 
chanical efficiency is used to account for the losses due, for example, to windage, 
bearing friction, and seal drag. In such cases 

mechanical power output 
TIm = (4.11) 

mechanical power input 

so that rlmn, tlmL, Omen, and t/mPL refer to the high-pressure turbine shaft, low- 
pressure turbine shaft, and power takeoffs from the high-pressure shaft and low- 
pressure shaft, respectively. 

4.2.6 Assumptions 
Before proceeding with the analysis, the underlying assumptions to be employed 

are summarized as follows: 
1) The flow is, on the average, steady. 
2) The flow is one-dimensional at the entry and exit of each component and at 

each axial station. 
3) The fluid behaves as a perfect gas (but not necessarily calorically perfect) with 

constant molecular weight across the diffuser, fan, compressor, turbine, nozzle, and 
connecting ducts. 

4) For the case of variable specific heats, the NASA Glenn thermochemical data 
and the Gordon-McBride equilibrium algorithm are used to obtain thermochemical 
properties of air and combustion gases at any station (see Chapter 9). For the case 
of the calorically perfect gas, Cp and F are assigned one set of values from station 
0 through stations 3.1 and 1.6 (denoted as Cpc and Fc), a second set of values from 
station 4 through 6 (denoted as Cpt and Ft), a third set of values leaving the mixer 
at 6A (denoted as CpM and FM), and a fourth set of values from station 7 through 
9 (denoted as CpA8 and FAS). 

5) The total pressure ratio of the diffuser or inlet is 

Ygd = 7"(dmaxT]Rspec (4.12a) 

where Zrd max is the total pressure ratio caused only by wall friction effects and 
OR spec is the ram recovery of military specification MIL-E-5008B (Ref. 5) as 
given by 

17Rspec = 1 for M0 < 1 (4.12b) 

OR~ve¢=I--O.O75(Mo--1) 1"35 f o r l  < M 0  < 5  (4.12c) 

800 
for5 < M 0  (4.12d) 1"JR spec - -  M 4  + 9 3 5  

6) The fan and low-pressure compressor are driven by the low-pressure turbine, 
which can also provide mechanical power for accessories, ProL. 

7) The high-pressure compressor receives air directly from the low-pressure 
compressor and is driven by the high-pressure turbine, which can also provide 
mechanical power for accessories, Pron. 

8) High-pressure bleed air and turbine cooling air are removed between stations 
3 and 3.1. 

9) The flow in the bypass duct (from station 13 to 16) is isentropic. 
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10) The effect of cooling on turbine efficiency is accounted for by a reduction 
of etH due to Filcool 1 and rhcool 2. 

11) The fan and core streams mix completely in the mixer, the total pressure 
ratio YEM being 

7"(M = 7"gMideal YEMmax (4.13) 

where YgMideal is the total pressure ratio across an ideal constant area mixer and 
YEMmax is the total pressure ratio due only to wall friction effects. 

4.2.7 Engine Performance Analysis 
The definitions and assumptions just catalogued will now be used to analyze 

the overall and component performance of the engine cycle of Figs. 4.1a, 4.1b, 
and 4.2. We would like to emphasize the fact that the following solution process 
may be successfully applied to a wide variety of airbreathing engine cycles. We 
recommend that you employ the following sequence of steps whenever a new 
engine cycle is to be studied. 

Uninstalled specific thrust (F/rho). Equation (4.1) can be rearranged into 
the following nondimensional form for the uninstalled specific thrust (F/m0): 

rhoao - 1 +--~ ~o - Me + 1 + fo 1 -~u Re Vg/ao Vo 

(4.14) 

When the nozzle exit area is chosen for ideal expansion and maximum unin- 
stalled specific thrust, then P0 = P9, and the last term in the preceding equation 
vanishes. Otherwise, Po/P9 # 1 is a design choice, and Eq. (4.14) shows that the 
nondimensional uninstalled specific thrust depends largely upon the velocity ratio 
Vg/ao and the overall static temperature ratio T9/To, which are considered next. 

Velocity ratio (Vg/ao). From ht = h + V2 /2g¢, using Eq. (4.6b) and ht9 = ht7 
gives 

a-o! = M2 \-Voo J = M2° hto ho r r - 1  ~t9 

where ht9/h9 is a function of the nozzle total exit state (t9) and the total to static 
pressure ratio (Pt9/P9) as given by 

~ 9  -m- YEr YEd Y75cL YEcH YEb YEtH 7[tL YEM YEAB YEn (4.16) 

For the case of a calorically perfect gas, the velocity ratio is given directly by 

/ / a~/  ~ - - ] -  1 - ~t9 -- ~ --i- 1 - (4.15-CPG) 
\ P , 9 /  
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Overall s tat ic  t empera ture  ratio (7"9/To). The nozzle static exit state (9) can 
be determined using the isentropic pressure ratio (Pt9/Pg) and the nozzle total exit 
state (t9) because 

et9 Pr t9 
- -  ( 4 . 1 7 )  

P9 Pr9 

The static temperature ratio (T9/To) directly follows using the reduced pressure at 
station 9 to obtain the corresponding temperature. 

For the case of a calorically perfect gas, the static temperature ratio is given 
directly by 

T9 Tt9 / To 
TO VAB -1 

( Pt9 / P9 ) ×AB 

(4.17-CPG) 

Burner  fuel~air ratio (f). Applying the definition of burner efficiency 
[Eq. (4.10a)] yields 

th fhpR17 b qt_ rh3 .1h t3  = th4ht4 

which, using the definition of f ,  Eq. (4.8e), becomes 

rz -- rrZcL rcn 
f = (4.18) 

hpROb/ho -- rz 

The equation is written in this form because it is used mainly to compute f from 
the cycle design parameters. For the case of a calorically perfect gas, h0 = cpcTo 
in Eq. (4.18). 

Af terburner  fuel/air ratio (lAB). Applying the definition of afterburner effi- 
ciency [Eq. (4.10b)] yields 

thfABhpRrlA B --1- rh6Aht6 A = rn7ht7 

which, using the definition of faB, Eq. (4.8g), becomes 

1 - / ~  - s1 - E2) "('LAB -- rX'CmlrtHTm2rtLrM (4.19) 
fAR = 1 + f 1 q- 0l -- ~ hpROAB/ho -- rXAB 

Again, Eq. (4.19) is generally used to compute fAB from cycle design parameters. 
For the case of a calorically perfect gas, h0 = cpcTo in Eq. (4.19). 

Coolant  mixer  t empera ture  ratios (rml ,rrr~). The first law energy balance 
of the mixing process from station 4 to 4.1 yields 

(1 - fl - el - e2)(1 + f )  + elZrZc~trc#/Zx 
Zml = (4.20a) 

(1  - f l  - e l  - e 2 ) ( 1  + f )  + e l  
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Likewise, the first law energy balance of the mixing process from station 4.4 to 
4.5 gives 

(1 - / 3  - el - e2)(1 + f )  + el + E2{rrrcH'gcH/(r)~rml"CtH)} 
TreE ~--- (4.20b) 

(1 - / 3  - e l  - e2)(1  + f )  + e l  + E2 

Equations (4.20a) and (4.20b) are unchanged for the case of  a calorically perfect 
gas. 

rtH = 1 - -  

where 

High-pressure turbine total temperature ratio (rtH). A power balance on 
the high-pressure spool gives 

r h a . l ( h t 4 . 1  - -  hta.a)rlmH = r h c ( h t 3  - -  h t 2 . 5 )  -[- Pron/OmpH 

which allows the calculation of the high-pressure turbine total temperature ratio 

rrr~L(rcH -- 1) + (1 + oI)CToH/OmPH 
(4.21a) 

0m/-/rx{(1 --/3 -- el -- 82)(1 + f )  + elrrrcLrcH/r;~} 

CroH = ProH/(rhoho) (4.21b) 

For a calorically perfect gas, Eq. (4.21a) is unchanged, and ho=cmTo in 
Eq. (4.21b). 

For the special case of  no bleed air, no turbine cooling, and no power takeoff, 
Eq. (4.21a) reduces to 

rr r~z ( rcH - 1) 
rtH = 1 (4.21c) 

rlmHrx(1 -[- f )  

Low-pressure turbine total temperature ratio (rtL). A power balance on 
the low-pressure spool gives 

r h 4 . 5 ( h t 4 . 5  - -  ht5)lTmL = lhc (h t2 .5  - h t2 )  -4- t h F ( h t l 3  - -  h t2)  + PrOL/~mPL 

which allows calculation of the low-pressure turbine total temperature ratio 

rr{(rcL -- 1) + ct(rf -- 1)} + (1 + ol)CroL/FlmPL 
rtL = 1 - 

where 

rlmnrXrtH{(1 --/3 -- el -- e2)(1 + f )  + (El -[- e2/Ztn)rrrcLrcH/rX} 

(4.22a) 

CroL = ProL/(rhoho) (4.22b) 

For a calorically perfect gas, Eq. (4.22a) is unchanged, and h0 = cpcTo in Eq. 
(4.22b). 

For the special case of  no bleed air, no turbine cooling, and no power takeoff, 
Eq. (4.22a) reduces to 

r r{ ( rcL  - -  1) + a(rf  - 1)} 
rtL = 1 - (4.22c) 

Flm H r~. "EtH 
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The mixer. Application of the conservation equations to a mixer with no wall 
friction is a relatively straightforward task. When the fan and core streams have 
the same gas properties (i.e., Cp, c~, R, and y), closed-form algebraic solutions are 
possible for the cases of the constant area mixer and the constant pressure mixer, as 
shown in Ref. 1. For the more general case, where the fan and the core streams have 
quite different gas properties and the area or static pressure is not held constant, 
a more complex solution is required. Because the constant area mixer provides a 
close approximation to the behavior of existing aircraft engine mixers, it is used in 
our engine performance analysis. The solution for constant area mixer behavior is 
included in its entirety in Appendix G, and it is outlined next for the general case 
of a gas with variable specific heats. 

There are several important things to keep in mind about the role of the mixer 
in the turbofan cycle analysis. To begin with, the solution of the mixer equations 
simply reveals the properties of the completely mixed flow at station 6A (i.e., 
rh6A, Pt6A, ht6a, m6a, Cp6a, and ~'6A) when the same properties are known for the 
fan flow at station 16 and the core flow at station 6. Furthermore, the solution 
depends on the design selection of A6/A16, which is the equivalent of choosing 
either M6, M16, or P6 (provided that P6 = PI6). Finally, and most importantly 
in the long run, the mixer can have a first-order effect on cycle properties and 
should not be regarded as a passive device despite its harmless appearance (see 
Sec. 4.3.4). In many cases, M6 can be chosen to optimize cycle performance at 
a chosen reference point, and it is shown in Ref. 6 that the mixer by itself can 
compensate for wide ranges in fan pressure ratio (zrf) to provide almost constant 
performance for turbofans without afterburners. Conversely, the presence of the 
mixer can restrict the achievable range of engine operating conditions, as will be 
seen in the AAF example used in this textbook. The solution is now given in outline 
form for the total temperature and pressure ratios of a frictionless constant area 
mixer as presented in Appendix G. 

Using the results of the engine performance analysis to this point, values of 
ghl6/th 6 (0/'), Ptl6/Pt6, and htl6/ht6 are easily found from Eqs. (G.1), (G.2), and 
(G.3) of Appendix G. A first law energy balance across the mixer then directly 
gives Eq. (G.4), the desired mixer total temperature ratio 

ht6a 1 q- ol'htl6/ht6 
rM = - -  -- (4.23) 

ht6 1 + ~I 

Now all that remains is to find Pt6A/Pt6. From the definition of the mass flow 
parameter M F P  (see Sec. 1.9.3), 

MFP = 
PtA = PV Pt R T  P t / P  V R P J P  

where R is a function of the fuel/air ratio f and the terms y, Tt /T ,  and P t / P  are 
functions of the Mach number (M), the static or total temperature (T or Tt), and 
the fuel/air ratio ( f ) .  For convenience, we choose the total temperature (Tt) for 
expressing the mass flow parameter in its functional form, and we write 

rh ~ F f  t M . Y/Uf-~ T~t~/ T -- M F P ( M , Tt , X ) (4.24) 
M F P  -- P r Y -  V R Pr / P 
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Solving Eq. (4.24) for Pt and forming the ratio Pt6A/Pt6, the mixture total pressure 
ratio is 

Pt6a t - -  A6 MFP(M6, Tt6, f6) (4.25) 
TfMideal -- Pt~ -- (1 + ot )x/rM ~ MFP(M6A, Tt6a, f6a) 

where (1 + d )  = ri't6a/th 6. For a constant area mixer with M6 specified, only 
M6A need be determined to find YrMideal from Eq. (4.25) because MI6, and hence 
A 16/A6 and A6/A6A, result directly from satisfying the Kutta condition at the end 
of the splitter plate (P6 = P16). 

For an ideal (no wall friction) constant area mixer, application of the momen- 
tum equation provides an algebraic solution for M6A and, hence, for zrMideal. The 
momentum equation in terms of the impulse function I (see Sec. 1.9.5) is, for an 
ideal constant area mixer, 

16 if- 116 = I6A (4.26) 

where 

I =- PA(1 + yM 2) (4.27) 

The product PA in Eq. (4.27) can be replaced by 

PA = (4.28) 
ygc 

which follows from rh = pAV, P = pRT, and V = M ~ ,  to give 

R 6 / ~ a  1 + Y6aM2a = R/R~ (1 -~- )/6 M2) + A16/A6(1 + Y16M26) 

V G M6A V Y6 M6(1 + a')  (4.29) 

where the right hand side is a known constant. This is a nonlinear equation for M6A 
that can be solved by functional iteration in combination with the compressible 
flow functions ( f ,  Tt, and M6A known; find T6A). The resulting value of M6A is 
placed in Eq. (4.25) to give 7rMide,,t and, finally, 

2"gM = Y'gMrnax 7"(Mideal (4.30) 

where ~Mmax is the mixer total pressure ratio caused by wall friction only (no 
mixing losses). 

Uninstalled thrust specific fuel consumption (S). Equation (4.2) can be 
rearranged into the following forms for the uninstalled thrust specific fuel con- 
sumption: 

S -- rhf + rhfaB _ (rhf + rhfaB)/rho _ fo (4.31) 
F F/mo F/mo 

The input for this equation is derived from Eqs. (4.14), (4.8h), (4.18), and (4.19). 
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Propulsive efficiency (r/p), thermal efficiency (17 TH) , and overall efficiency 
(~o). Three cycle concepts usually presented early in the development of propul- 
sion theory are propulsive efficiency (the ratio of thrust power to the rate of kinetic 
energy generation of the engine gas flow), thermal efficiency (the ratio of the rate 
of kinetic energy generation of the engine gas flow plus shaft takeoff power to the 
rate at which thermal energy is made available by the fuel), and overall efficiency 
(the ratio of the thrust power to the rate at which thermal energy is made available 
by the fuel). Since these concepts retain much of their original meaning even for 
the most complex cycles, they are included in our calculations. They are described 
and examined in detail for the classical case of no bleed air extraction or shaft 
takeoff power in Appendix E. For the general case, 

r / p = 2  ~ l + f o -  \ ~ o o J - 1  

and 

(4.32a) 

,TT. =  ,VooJ 1 
- + , , o  

(4.32b) 

and 

Vo(F/rho)  Vo 1 
rio - -  fohpR --  h e r  S (4.32c) 

4.2.8 Computational Inputs and Outputs 
It is only reasonable to assume that many design parameters must be selected 

before the cycle performance equations may be solved in the sequence just outlined 
and detailed in Appendix H and the parametric performance of the corresponding 
engine predicted. This is, of course, what makes engine design both fascinating and 
perplexing, for finding the right combination for a given task requires ingenuity 
and persistence. At the outset, it is not even certain that a successful combination 
can be found. 

The greatest ally in this potentially overwhelming situation is the AEDsys soft- 
ware, which enables your computer to execute the job of repetitive, complex cal- 
culations without delay or error. The parametric design computer program ONX 
is arranged to accept a traditional list of inputs and provide all of the necessary en- 
gine performance outputs. You should be able to convince yourself that the inputs 
listed as follows, with the help of the definitions and efficiency relationships given 
in this chapter, will indeed allow the system of equations listed in Appendix H to 
be solved. Please notice that Table 4.1 and Eq. (4.1) can be used to make an initial 
estimate for rh0, which is required for the power extraction input term. 

The AEDsys cycle analysis programs have three different models of the gas 
properties available for your use. In increasing order of complexity, accuracy, and 
computational time they are the following: 
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Constant specific heat (CSH) model The air and conbustion gases at inlet 
and exit of each component are modeled as perfect gases with constant specific 
heats (calorically perfect gases). The values of the specific heats are allowed to 
change from inlet to exit of combustion processes (main burner and afterburner) 
and the mixing of two air streams. Representative values of the specific heats must 
be judiciously chosen for the engine inlet, main burner exit, and afterburner exit. 
The mixer exit specific heat properties are calculated from basic thermodynamics. 
This is the basic model used in the first edition of this textbook and the equations 
are included on the accompanying CD-ROM. 

Modified specific heat (MSH) model This model uses the constant specific 
heat (CSH) model to calculate all engine properties except the fuel used. Using 
input exit total temperatures (Tt4 and T,7) and the total temperatures obtained from 
the CSH model for the inlet to the main burner (Tt3) and afterburner (Tt6A), the 
amounts of fuel burned and calculated using Eqs. (4.10a) and (4.10b), where the 
total enthalpies (ht) come directly from the variable specific heat (VSH) model and 
h e~ is given. For the purpose of these estimates, C12H23 is used as the representative 
fuel. This improvement over the CSH model gives better estimates of the fuel used 
with few additional calculations. 

Variable specific heat (VSH) model The air and combustion gases at in- 
let and exit of each component are modeled as perfect gases in thermodynamic 
equilibrium and their properties are based on the NASA Glenn thermochemical 
data and the Gordon-McBride equilibrium algorithm. For the purpose of these es- 
timates, C12H23 is used as the representative fuel. This is the most complex model 
and requires considerable computing power. It is possible that performance cal- 
culations may not converge with a preset number of iterations due to the iterative 
nature of some solution schemes. 

To strengthen your confidence in and deepen your understanding of the para- 
metric analysis, we strongly encourage you to do one reference point calculation 
completely by hand, and demonstrate to yourself that the algebraic equations re- 
duce to those given in Ref. 2 for a more restrictive case, such as the afterburning 
turbojet or the nonafterbuming mixed flow turbofan. 

Inputs 
Flight parameters: 
Aircraft system parameters: 
Design limitations: 

Fuel heating value: 
Component figures of merit: 

Design choices: 

Mo, To, Po 
fl, Cror, CTOH 

hpR 

S1, $2 
-Trb, ~d max, 7rMmax, 7"(AB, ~n 

e f ,  ecL , ecH, et14, etL 

T]b, I~AB, l~mL, OmH, Y]mPL, OmPH 
7r f , rCcL , rrcH , or, Tt4, Tt7, m 6 ,  P o /  P9 

The inputs have been arranged in the order of increasing designer control but 
greater possible range of variation. The search boils down to finding the best 
combination of the 8 design choices on the bottom line while making sure that the 
other 25 parameters are realistic. One of the strengths of this approach that should 
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be used is to perform a sensitivity study (see Sec. 4.4.5) in order to determine 
which of the 25 parameters must be accurately known. You may wonder why theta 
break/throttle ratio and the Tt3max limit (see Appendix D) are missing from this set 
of inputs. This happens because the TR and OObreak are relevant to performance 
away from the reference point and because Tt3 is a simple function of Mo, To, and 
:re that can be separately tested against T,3max. 

Considering all of the intermediate and supporting parameters, there is a vast 
array of possible outputs, and a judicious selection must be made. The basis of their 
selection is primarily, of course, to reveal overall engine parametric performance, 
but a variety of internal quantifies are provided in order to check for consistency 
and permit easy hand calculation of those quantities not presented. 

Outputs 
Overall performance: F/mo, S, fo 

~ ~" , nr~, Vg / Vo, P,9 / Pg , Tg / To 
Component behavior: Jrt,9, zctL 

"If, "CcL , "IcH, "ItH, "ItL, "I)~, "I)~AB 
f ,  fAB 
M16, M6A, M9 

There follows next a sample case of input and output for a typical mixed flow 
aflerbuming turbofan engine cycle. This calculation was performed for the mod- 
ified specific heat (MSH) model described above where the specific heats are 
constant through all components except the combustor and afterburner. The first 
step in becoming familiar with the use of the ONX computer program should be 
to reproduce these results. 

Before closing this section, we need to bring to your attention the fact that you 
are now in a position to generate an almost uncontrollable amount of information 
about parametric engine performance. It is therefore essential that you henceforth 
maintain clear and consistent records of your computations. To help you achieve 
this goal, we have provided both the means to insert individual file names and 
an automatic date/time mark for each computation. You will find it valuable to 
prepare a separate document summarizing the purpose of each computation. 

4.3 Finding Promising Solutions 
The parametric calculations described in detail in the preceding section and 

embodied in the accompanying ONX computer program must be used repeatedly 
in order to find the best combinations of design parameters for an engine. Basically, 
a search must be conducted to find the influence of each of the design parameters 
and from that to find the combinations that work well at each of the important 
flight conditions. Selecting the flight conditions for study of a complex mission 
requires some judgment. As a minimum, one should examine engine behavior at 
the extreme conditions as well as at those conditions that play the greatest role in 
the constraint analysis or the mission analysis. 

As each mission phase is studied, for each combination of input design pa- 
rameters the primary result will be the variation of uninstalled thrust specific fuel 
consumption (S) with uninstalled specific thrust (F/rho) as nc is varied, as shown 
in the carpet plots of Figs. 4.3 and 4.4. In this representation, the most desirable 
direction to move is always down and to the right. Unfortunately the laws of nature 



Sample ONX Computer Output 
O n - D e s i g n  Ca l c s  ( O N X  V 5 . 0 0 )  Da te :  X / X X / X X  X : X X : X X  P M  

Fi le :  E 1 O N . o n x  
T u r b o f a n  E n g i n e  w i t h  A f t e r b u r n i n g  

u s i n g  Var i ab le  Spec i f i c  H ea t  ( V S H )  M o d e l  

* * * * * * * * * * * * * * * * * * *  In p u t  D a t a  * * * * * * * * * * * * * * * * * * * * * * * * *  

M a c h  N o  = 1 .600 A l p h a  = 0 . 4 0 0  

A l t ( f t )  = 3 5 0 0 0  P i f / P i c L  = 3 . 8 0 0 / 3 . 8 0 0  

TO (R)  = 3 9 4 . 1 0  Pi  d (max )  = 0 . 9 6 0  

P 0  (psia)  = 3 .467  P i  b = 0 . 9 5 0  

D e n s i t y  = . 0 0 0 7 3 5 2  P i n  = 0 . 9 7 0  

(S lug/ f l^3)  Ef f ic iency  
B u r n e r  = 0 . 9 9 9  

M e c h  H i  Pr  = 0 .995  

M e c h  L o  Pr  = 0 .995  

F a n / L P  C o m p  = 0 . 8 9 0 / 0 . 8 9 0  (ef /ecL) 

T t4  m a x  = 3 2 0 0 . 0  R H P  C o m p  = 0 . 9 0 0  (ecH)  

h - fue l  = 18400 B t u / l b m  H P  T u rb i n e  = 0 . 8 9 0  (e tH)  

C T O  L o w  = 0 . 0 0 0 0  L P  T u rb i n e  = 0 . 9 0 0  (etL) 

C T O  H i g h  = 0 . 0 1 5 0  P w r  M e c h  E f t  L = 1 .000  

C o o l i n g  A i r  #1 = 5 . 0 0 0  % P w r  M e c h  E f t  H = 0 . 9 9 0  

C o o l i n g  A i r  # 2  = 5 .0 0 0  % B l e e d  A i r  = 1 ,000  % 

P0 /P9  = 1 .0000  

** A f t e r b u r n e r  ** 

T t7  m a x  = 3 6 0 0 .0  R Pi  A B  = 0 . 9 5 0  
Eta  A / B  = 0 . 9 9 0  

*** M i x e r  *** Pi  M i x e r  m a x  = 0 . 9 7 0  

* * * * * * * * * * * * * * * * * * * * * *  R E S U L T S  * * * * * * * * * * * * * * * * * * * * * * * * *  

Tau  r = 1 .510 

P i  r = 4 ,2 3 7  

Pi  d = 0 . 9 2 4  

T t 4 / T 0  = 8 .1 2 0  

P T O  L o w  = 0 ,0 0  K W  

P T O  H i g h  = 3 0 1 .3 4  K W  

P t l 6 / P 0  = 14 .876 

P t6 /P0  = 13 .792 

Pi  c = 16 ,000 

Pi f = 3 . 8 0 0 0  

Tan  f = 1 .5372 

E t a f  = 0 .8681  
Pi  cL = 3 .800  

E t a c L  = 0 .8681  

Pi  c H  = 4 .2 1 0 5  

Tau  c H  = 1 .5734 

E t a  c H  = 0 .8 7 9 5  

P i t H  = 0 .4 6 9 3  

Tau  tH  = 0 . 8 4 5 7  

Eta  tH  = 0 . 8 9 8 0  

Pi  tL  = 0 . 4 9 3 9  

Tau  tL = 0 . 8 5 0 4  

W i t h o u t  A B  

Pt9 /P9  = 12.745 

f = 0 . 0 3 1 2 7  

F / m d o t  

S 
T 9 / T 0  

V 9 / V 0  

M 9 / M 0  

A 9 / A 0  

A 9 / A 8  

= 6 2 .8 5 9  lb f / ( l bm/s )  

= 1 .1386  ( l b m / h r ) / l b f  

= 2 .5 4 2 8  

= 2 .268  

= 1,439 

= 1.136 

= 2 .372  

T h r u s t  = 12572 l b f  

T h e r m a l  E f t  = 5 5 .8 9  % 

P ropu l s i ve  E f t  = 6 1 .6 2  % 

a0  (ft /sec) = 974 .7  

V 0  (ft /sec) = 1559 .4  

M a s s  F l o w  = 200 .0  l b m / s e c  

A r e a  Z e ro  = 5 .422  sqf i  

A r e a  Z e ro*  = 4 . 3 3 6  sqf t  

T t 1 6 f f 0  = 2 . 3 1 2 4  

T t 6 / T 0  = 5 . 7 7 0 2  

T au  m l  = 0 . 9 6 8 4  

Tan  m 2  = 0 . 9 7 4 2  

T an  M = 0 . 8 2 0 6  

Pi  M = 0 .9771  

T au  cL  = 1 .5372  

M 6  = 0 . 4 0 0 0  

M 1 6  = 0 . 5 1 5 9  

M 6 A  = 0 . 4331  

A I 6 / A 6  = 0 . 1 8 4 4  

G a m m a  M = 1 .3165 

C P  M = 0 . 2 8 4 9  

Eta  tL  = 0 . 9 0 7 0  

W i t h  A B  

Pt9 /P9  = 12 .418 

f = 0 . 0 3 1 2 7  

f A B  = 0 . 0 3 2 2 2  

F / m d o t  = 110 .634  lb f / ( lbm/s )  

S = 1 .6878 ( l bmlh r ) / l b f  

T 9 / T 0  = 5 . 3 3 6 4  

V 9 / V 0  = 3 .142  

M 9 / M 0  = 1 .416  

A 9 / A 0  = 1 .775 

A 9 / A 8  = 2 .489  

T h r u s t  = 2 2 1 2 7  l b f  

T h e r m a l  E f f  = 4 7 . 4 0  % 

P r o p u l s i v e  E f t  = 4 9 , 0 1 %  
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Fig. 4.3 Parametric performance of mixed flow turbofans (no AB). 
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Fig. 4.4 Parametric performance of mixed flow turbofans (w/AB). 
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do not always fully cooperate, and there is usually a tradeoff between S and F/rho, 
where one can be improved only at the expense of the other. Be prepared for intu- 
ition to go wrong at this point because increases in cycle temperatures (e.g., rz) and 
component pressure ratios (e.g., zrc) do not always lead to improved performance. 
You may find recourse to propulsive, thermal, and overall efficiency and Eq. (4.32) 
to be helpful in discovering the root cause of parametric performance trends. This 
explains why they are always included in the output quantities. To make use of the 
computed results, initial goals must be established for S and F/rho, as described 
next. 

4.3.1 Uninstalled Specific Fuel Consumption (S) 
Clear targets can be set for S because of the initial expectations already es- 

tablished by mission analysis. The main caution to be raised is that the mission 
analysis is based on installed specific fuel consumption (TSFC), while the cycle 
analysis yields uninstalled specific fuel consumption (S). A good rule of thumb 
is that installed exceeds uninstalled by 0 to 10%, depending on the situation (see 
Chapter 6), or a conservative average value of about 5%. Hence, the most revealing 
way to display the parametric analysis results is to plot the target or goal value of 
S on the carpet plot of S vs F/rho. 

The totality of results must be used with care. On the one hand, reference point 
values of S may be different than the corresponding off-design values that will 
be computed later. Also, installation effects will vary with distance from the final 
reference point. On the other hand, it is needlessly restrictive to require that the 
specific fuel consumption be less than or equal to the target value at every flight 
condition. It is necessary only that the total fuel consumption, integrated over the 
entire mission, meets its goal. Therefore, a higher fuel consumption on one leg may 
be traded for a lower fuel consumption on another, provided that the integrated gains 
equal or outweigh the losses. A good general rule is to concentrate on reducing S 
for those legs using the most fuel (i.e., smallest 17) in the mission analysis. 

4.3.2 Uninstalled Specific Thrust (F/mo) 
Because the physical size of the engine (i.e., rho design) is not known at this 

point, no stated target for F/rho exists. Although the size of the engine can always 
be increased to provide the needed total thrust, it is always desirable to achieve large 
values of F/rho in order to decrease the size (as well as the initial and maintenance 
cost, volume, and weight) of the engine. Once again, it should be noted that a 
constraint analysis is based on installed thrust (T), while the cycle analysis yields 
uninstalled thrust (F), with F exceeding T by 0 to 10% depending on the situation 
and distance from the final design point. 

A good general rule here is to concentrate on increasing F/rho for those legs that 
formed the boundary of the solution space in the constraint analysis. The lower 
thrust required for flight conditions away from that boundary will be attained by 
reducing Tt7 and/or Tt4. In fact, for flight conditions that require considerably less 
than the available thrust, it is more realistic to run these parametric computations 
at less than the maximum values of Tt7 and/or Tt4. 

Even though no precise goal for F/rho is available, ballpark figures can be easily 
generated using ONX, a representative sample of which is given in Table 4.1. 
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These numbers will also be useful in the initial estimation of 

Pro Pro F 

Cro -- rhoho Fho rho 
(4.33) 

4.3.3 Parametric vs Performance Behavior 

During this process of selecting a set of reference point parameters for each 
critical flight condition, it is important to remember that the final engine will always 
be running off-design and will therefore behave differently at each operating point. 
Thus, it makes little sense to try to find an engine, for example, of f ixed rrc, try, 
or, and Zt4 that works reasonably well at every operating point. It is, however, 
desirable to have the selected sets of reference point parameters generally follow 
the natural path of a single engine running off-design. Applying this logic will 
increase the probability of success of a design. 

But how is this natural path established in advance? There is no simple answer 
to this question, but some good approximations are available. The best would 
be to run several off-design computations (see Chapter 5) for promising designs 
in order to generate directly applicable guidance. This would be equivalent to 
coupling parametric and performance computations in an iterative manner and, 
time permitting, offers a rich design experience. A simple and direct, but less 
reliable, method is to use the typical off-design parameter behavior information of 
Figs. 4.5-4.11, which are generated by the performance computer program portion 
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Fig. 4.5 Compressor pressure ratio (~'c) performance characteristics for a turbojet 
with TR = 1.0. 
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of the AEDsys program developed in Chapter 5. Please note that the high- and 
low-pressure turbine total temperature and total pressure ratios are almost constant 
[see Eqs. (4.21c) and (4.22c) and Appendix D] and that afterburner operation has 
no effect on these results because it is assumed (and almost universally true) 
that the nozzle throat area (As) is controlled to make the mixer and all upstream 
components oblivious to the afterburner conditions by maintaining a constant value 
of the pressure at the mixer exit. Also, the results shown for 40 kft represent those 
for all altitudes above the tropopause. Another means to understand and predict 
off-design behavior is to employ the algebraic methods found in Appendix D. 

Figures 4.5-4.11 all display the unmistakable signature of performance analysis, 
namely the theta break imposed by the control system at 00 = Oooreak = TR (see 
Appendix D). We will explain in much greater detail how to integrate performance 
analysis computations into the search for promising reference points in Sec. 4.4.4. 

4.3.4 Influence of the Mixer 

One of the things about to be encountered is the remarkable impact of the 
seemingly innocuous mixer on the range of acceptable design parameters for mixed 
exhaust flow engines. The main reason for this influence is that the fan and core 
streams are not separately exhausting to atmosphere, where their behavior would 
be uncoupled and the only physical constraint would be Pt > Po, but they are 
brought together in pressure contact within confined quarters. For this situation, 
the operating parameters are much more restricted because neither M6 nor M16 can 
be less than zero (reverse flow) or greater than one (choked). In tact, it is desirable 
that neither M6 nor M16 even begin to approach zero because the corresponding 
flow area would increase the engine cross-sectional (or frontal) area beyond reason. 
Finally, common sense would encourage keeping design point values of M6 and 
MI6 in the range of 0.4-0.6 because they are certain to migrate away during off- 
design operation and therefore should start off with some cushion. 

It is challenging to balance rrc, try, or, and Tt4 in order to make M6 and M16 behave 
properly. One available life preserver is to recognize that this desired behavior 
requires Pt6 approximately equal to Ptl6, or 

Pt6 Po~rT"fdYfcLYrcHYrbYrtHrftL 

Ptl6 POTfr~dTg f 

which reduces to 
1 

7licLJ~'c.HJ'gtHJ'CtL/Yr f ~ - -  ~'~ 1 (4.34) 
7 r b  

and then to use Eqs. (4.21c) and (4.22c) to reveal how to make yrc~/, Yrtn, and 
ZrtL bring Pt6 and Ptl6 together. For example, if Zrc~/, zra4, and ZrtL are too large, 
Eq. (4.22c) clearly shows that rtL, and therefore rrtL, Can be reduced by increasing 
o/or ygf and by decreasing rx. The physical interpretation of this is that the low 
pressure turbine drives the increase of fan airflow and pressure ratio. Also, as rx and 
the capacity for each pound of air to do work in the low pressure turbine decrease, 
zrtL must decrease in order to maintain the same power output. A valuable feature 
of the ONX computer program is its ability to calculate the fan pressure ratio (7rf) 
for a given bypass ratio (or), or Vice versa, that automatically matches the total 
pressures at stations 6 and 16 using the complete Eqs. (4.21a) and (4.22a). This 
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feature is activated by following the directions at the bottom of the ONX input 
data window for the mixed flow turbofan engine. 

The final safety net is that the ONX computer program has been arranged to 
override the input of M6 if M16 is out of limits in order to obtain a legitimate 
solution. Even if the solution is not a useful one (i.e., M16 "~ 0), the results will 
indicate the right direction. If no solution is possible, the printout will tell which 
of the two mixer entry total pressures was too high. 

4.3.5 The Good News 
Applying the ONX parametric engine cycle computer program to a new set of 

requirements is an exhilarating experience. The tedious work is done so swiftly and 
the results are so comprehensive that natural curiosity simply takes over. Almost 
any search procedure from almost any starting point quickly leads to the region 
of most promising results. The influence of any single input parameter on all of 
the output quantities can be immediately determined by changing its value only 
slightly. This is the basis of sensitivity analysis (see Sec. 4.4.5). The behavior of 
each component can also be clearly traced and the possibility of exceeding some 
design limitation (e.g., compression ratio or temperature) easily avoided. 

In addition to fun, there is also learning. Armed with computational power and 
an open mind, the best solutions made possible by natural laws literally make 
themselves known. Simultaneously, the payoff made possible by various tech- 
nological improvements or changes in the ground rules is determined. For the 
moment, each participant really is like an engine company preliminary design 
group, with similar capabilities and limitations. No wonder it is exhilarating. 

4.4 Example Engine Selection: Parametric Cycle Analysis 
Using the methods of the preceding sections, the search begins for the best com- 

binations of engine design parameters for the Air-to-Air Fighter (AAF) described 
in the Request for Proposal (RFP) of Chapter 1. Of the three thermodynamic mod- 
els available with the ONX program, we have chosen to use for this exercise the 
modified specific heat model MSH (constant specific heats through all components 
except the combustor and afterburner where variable specific heats give a more 
accurate estimate of the fuel consumption). This engine model gives the best of 
both worlds--quick and accurate estimates of engine parametric behavior. Possi- 
ble combinations of engine design points at selected critical flight conditions will 
be investigated in order to narrow the ranges of key engine design parameters. 
Once the most promising ranges of these parameters have been found, off-design 
or performance analysis (Chapter 5) can proceed and the selected engine sized 
(Chapter 6) to produce the installed thrust required. 

4.4.1 Selection of Suitable Ranges of Design Point Parameters 
In the constraint analysis of Chapter 2, a preliminary choice was made of the 

engine's throttle ratio (TR), and a value of 1.07 was selected. The AAF constraint 
and mission flight conditions are plotted vs theta zero (00) in Fig. 4.El. Note that 
the corresponding flight conditions bracket the 1.07 value of 00. The engine is Tt4 
limited to the right of 00 = 1.07 and zrc limited to the left (see Appendix D). 

To shrink the bewilderingly large number of promising reference point choices 
to a manageable size, it is not necessary to conduct an exhaustive investigation of 
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all possible combinations of aircraft flight conditions and engine design points. 
Instead, a few critical flight conditions having significantly different characteristics 
and/or large fuel usage (small FI) may be used to establish important trends. For 
the AAF of the RFP, the following represent such a sample: 

1) Takeoff, 100°F at 2,000 ft--High thrust is required at a flight condition 
(00 > 1.07) where the engine operation is Tt4 limited. This is not plotted in Fig. 4.E 1 
because the flight condition does not occur on a standard day. 

2) Subsonic Cruise Climb (BCM/BCA), 0.9M/42 k f t i L o w  fuel consumption 
is required in phases 3-4 (I-I = 0.9736) and 10-11 (FI = 0.9698). 

3) Supersonic Penetration and Escape Dash, 1.5M/30 kft--High thrust is re- 
quired to permit low fuel consumption without afterburning (supercruise) in phases 
6-7 segment G (FI = 0.9382) and 8-9 (FI = 0.9795). 

4) Supersonic Acceleration, 1.2M/30 k f t i B o t h  high thrust and low fuel con- 
sumption with afterburning are required in phases 6-7 segment F (FI = 0.9837) 
and 7-8 segment K (FI = 0.9828). 

4.4.2 Component Design Performance Parameters 
Referring to the data of Table 4.4, and recognizing that the AAF engine will 

use the most advanced engine technology available, the design will be based on 
the following component performance parameters and information: 
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Description Input value 

Polytropic efficiency 
Fan (ef) 0.89 
Low-pressure compressor (eeL) 0.89 
High-pressure compressor (ecu) 0.90 
High-pressure turbine (etH) 0.89 
Low-pressure turbine (etD 0.91 

Total pressure ratio 
I n l e t  (Ygd max) 0 .97  

Burner (zrb) 0.96 
Mixer (ZrM max) 0.97 
Afterburner (ZrAB) 0.95 
Nozzle (zrn) 0.98 

Component efficiency 
Burner (Ob) 0.995 
Afterburner 0/AS) 0.97 
Mechanical 

Low-pressure spool (OmL) 0.995 
High-pressure spool (0m/4) 0.995 
Power takeoff LP spool (l]meL) 0.995 
Power takeoff HP spool (tlmeu) 0.995 

Fuel (JP-8) heating value (heR) 18,400 Btu/lbm 
Main burner exit (Tt4 max ) _~< 3400 ° R 
Afterburner (TtT) 3600°R 
Turbine cooling air 

Tt4max > 2 4 0 0 ° R  61 = 62 = (Tt4max - 2 4 0 0 ) / 1 6 , 0 0 0  

Tt4max ~-~ 2400°R sl = 62 = 0 

4.4.3 Analysis of Results 
The ONX parametric computer program accompanying this textbook was used 

to study 60 different design point combinations of  the design parameters Zrc, zrf, or, 
Tt4, and Tt7 for the three flight conditions selected as critical for fuel consumption 
in Sec. 4.4.1. The carpet plots in Figs. 4.E2-4.E6 are the results of  this study 
for the most promising combinations of design choices. The results are plotted as 
uninstalled specific fuel consumption vs uninstalled specific thrust. The required 
uninstalled specific fuel consumption (S) is plotted in order to allow for convenient 
comparison with the estimated value of  the uninstalled fuel consumption. Please 
note that ~ = 0 corresponds to a zero bypass turbofan, normally known as a 
turbojet. Incorporation of the engine control into the parametric analysis requires 
that Tt4 be limited to values less than Tt4ma x for flight conditions where 00 is less 
than the throttle ratio (TR). The value of Tt4 for these flight conditions can be 
calculated using (see Appendix D) 

00 ,~ "max (4.35) Zt4 = ~ 1 , 4  
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The design Tt4 and the target or goal S values are presented in Table 4.El for 
the three flight conditions of  interest. 

Subsonic cruise climb BCM/BCA, 0.9M/42 kft. Examination of the carpet 
plots of the computed results in Figs. 4.E2 and 4.E3 reveals that the uninstalled 
specific fuel consumption (S) and specific thrust (F/rho) depend strongly upon 
bypass ratio (or) and compressor pressure ratio (Trc). Comparison of Figs. 4.E2 
and 4.E3 shows the familiar result that both S and F/rho increase along with peak 
cycle temperature (Tt4). On the other hand, Fig. 4.E4 shows that fan pressure ratio 
(:rf) increases with Jrc and Tt4 and decreases with ~. Consequently, the focus here 

Table 4.El Combustor temperatures and fuel consumption goals 

Altitude, Target or goal 
Flight condition Mach kft 0o Tt4ma x Tt4 TSFC S a 

BCM/BCA 0.9 42 0.8737 3200 2613 1.015 0.964 
3400 2776 

Supercruise 1.5 30 1.151 3200 3200 1.203 1.143 
Acceleration 1.2 30 1.023 3200 3059 1.714 1.629 

aBased on data in Sec. 3.4.1 and a 5% installation loss. 



132 AIRCRAFT ENGINE DESIGN 

will be upon the selection of useful ranges of t~ and Zrc, and consideration of Tt'f 
and Tt4 will be delayed pending later results. 

Increasing ot alone causes both F/rho and S to decrease, in accordance with 
normal expectations for subsonic turbofan engines, as the available exhaust kinetic 
energy is spread over more incoming air. Because the slope of the line of constant 
Zrc shows that F/rho is decreasing percentage-wise roughly twice as fast as S, it 
does not seem advisable to choose an ot greater than 0.5. Conversely, because S 
meets the target or goal for moderate to high pressure ratios, no a less than 0.3 
should be considered. Thus, the best ~ for this flight condition is probably in the 
range of 0.3-0.5. 

Increasing Zrc alone produces a more complex behavior of F/rho and S because a 
maximum of F/rho occurs while S continuously decreases. This behavior is typical 
of turbine engines, as demonstrated in Refs. 1 and 2. The maximum value of F/rho 
is due to the simple fact that increasing values of Jrc (and thus Tt3) eventually limit 
the amount of fuel than can be added before the allowable Tt4 is reached. One should 
logically select values of Zrc that are located below the knee of the curve, but not 
so far below that F/rho is falling rapidly for slight reductions in S. Moreover, no 
Zrc should be chosen that exceeds reasonable expectations, with that value today 
being in the range of 35-40. Computations reveal, however, that Zrc cannot reach 
that limit at high Mach flight conditions before Tt3 exceed s current capabilities 
(Zt3max > 1700°R). Taken together, these reasons indicate that Zrc should be held 
in the range of 20-30 for this flight condition. 

Supersonic penetration and escape dash, 1.5M/30 kft. Very similar re- 
marks to those just stated, both qualitative and quantitative, can be made about the 
influence of zrc, zrf, a ,  and Tt4 on S and F/rho at this flight condition. The main 
differences, as illustrated by the carpet plot of Fig. 4.E5, are that F/rho decreases 
more rapidly with zrc as well as less rapidly with a in the critical area below the 
knee and that there is no sign of choking of the core flow at the highest allowable 
values of zr¢. Taking these factors into account, including the special need for high 
thrust at this flight condition, the useful ranges of parameters are 15 < Zrc < 25 
and 0.3 < a < 0.4. 

Supersonic acceleration, 1.2M/30 kft. The carpet plot of the computed 
results in Fig. 4.E6 reveal that both S can be reduced and F/mo increased by 
increasing 7r¢ and reducing ~. Again, changing either Tt4 or Tt7 would have the 
usual effect of increasing both S and F/rno. 

By this time it has become clear that the desired fuel consumption goals can 
be achieved at some flight conditions, but not all. Consequently, the focus of our 
search must continue to be on reduced fuel consumption over the entire mission. 
Otherwise, the takeoff weight (WTo) of the AAF will certainly grow beyond the 
initial estimate of Chapter 3 and, because Eq. (3.49), which determines Wro, 
is extremely nonlinear, Wro could become unacceptably large. While it is still 
possible that S will be reduced when the engine is throttled back to the required 
thrust, or the installation penalties will be less than estimated, or the TSFC models 
of Table 4.El are conservative, nothing may yet be taken for granted. 

Consequently, the engine performance information generated at this flight condi- 
tion shows that 20 < zr¢ < 30 and 0 < ~ < 0.4. The results obtained so far suggest 
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that Tt4 and Tt7 must be limited in order to achieve acceptable fuel consumption, 
even though increasing them will increase specific thrust and thereby reduce the 
size of the required engine. Their limits will be arbitrarily selected a s  Zt4 ~-- 3200°R 
and T,7 = 3600°R because even these values will push the material and cooling ca- 
pabilities expected to be available for the AAF (see Table 4.4). These assumptions, 
as well as any others, can be changed if later calculations indicate a positive benefit. 

4.4.4 Integrated Results: Range of Design Choices 
Before the final ranges of interest for key engine reference point parameters are 

selected, two facts must be recognized. First, it makes sense to state them only in 
conjunction with a specific flight condition (i.e., P0, To, and M0), preferably one 
that will be near the final reference point. Because the AAF must operate well 
over the 0.9 < M0 < 1.8/30-45 kft range, it is reasonable to conclude that the 
reference point will be in the vicinity of 1.5M/35 kft. Second, any selection must 
take into account the normal behavior of parameters when the engine is operating 
off-design. A sensible goal is for the key engine parameters to be in their best 
ranges at all critical operating points. Thus, the engine will appear to be properly 
designed for each. 

The three critical operating points were therefore added to scaled Figs. 4.6 
and 4.8, which are representative of the type of engine emerging for the AAF 
application, and the results reproduced here as Figs. 4.E7 and 4.E8. 
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Referring to Fig. 4.E7, it can be seen that both the desired and available 7rc 
decrease with M0, so that selecting the range 15 < :re < 25 at 1.5M/35 kft will 
provide the desired zrc at other flight conditions. In other words, using the trends 
of  Fig. 4.E7 and imagining that the reference point is moved through the range 
15 < Zrc < 25 at 1.5M/35 lift, one sees that the desirable 7rc at other flight conditions 
will be included. 

Referring to Fig. 4.E8, it can be seen that the situation is different, and that only 
the relatively small range of  0.3 < ot < 0.4 at the reference point of  1.5M/35 kft 
will provide desirable ot at the other critical flight conditions. 

The foregoing reasoning leads to the final choices for the most promising ranges 
of  key engine design parameters: 

1.2_<Mo_< 1.6 

3 0 < h  < 4 5 k f t  

15 < zr~ _< 25 

0.3 <¢z < 0 . 4  

3_<7r /  ~ 5  

Tt4 < 3200°R 

Tt7 < 3600°R 

0.35 < M6 < 0.45 
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A good first design should have both the compressor pressure ratio and the 
combustor exit temperature at their maximum values at a theta break 00 equal to 
the TR (see Appendix D). In this case the TR has initially been chosen to be 1.07, 
which would correspond, for example, to 1.318 Mach at 30 kft or 1.454 Mach at 
any altitude above the tropopause. Consequently, the selection of h depends on 
the choice of M0 and vice versa. 

4.4.5 Sensitivity Analysis 
The power of the parametric engine cycle performance calculations can be 

better understood and appreciated by means of this final investigation known as a 
sensitivity analysis. This is a process in which the percentage change of all output 
quantities with respect to the percentage change of each independent input quantity 
is determined by varying the input parameters only slightly and one at a time. For 
example, if one is interested in how sensitive the specific fuel consumption (S) is 
to the cycle bypass ratio (~) alone, one would form the quantity 

($2 - $1)/$1 ~S 

(ot2 - o~1)/Oll got 

from two successive reference point calculations that differ only in 6or << or. Such 
ratios, in the limit, represent the mathematical slopes or derivatives that are gen- 
erally too difficult to obtain in closed form for such a complex set of equations. 

The qualitative meaning of these ratios is easy to grasp. When they are very small 
compared to one, the input variable has little influence on the output variable. If  the 
entire array were very small compared to one, the design point would be located 
on some type of a plateau, perhaps near to an optimum. Those ratios of the order 
of one offer the opportunity for improvement and point out the desired direction 
of change. 

Consider the sensitivity of specific thrust and thrust specific fuel consumption to 
changes in flight conditions and engine design choices for a mixed flow turbofan 
engine having the component performance design values corresponding to those 
of the printout reproduced in Sec. 4.2.7, which has the engine reference point 

M 0 =  1.6 ~ = 0.4 

Alt = 35k~ ~ 4  = 3200 °R 

~c = 16 ~7 = 3600 °R 

~ f  = 3.8 Po/P9 = 1 

Table 4.E2 presents the computed sensitivity of F/rho and S to changes in the 
design choices at the engine reference point. These data were obtained from a 
fractional change of +0.05 in each design choice given. Because S and F/rho are 
at a minimum and maximum respectively for Po/P9 = 1.0, the sensitivities are 
shown for a (+) and ( - )  variation in P0/P9. From the table, the sensitivity of thrust 
specific fuel consumption to a change in bypass ratio, for example, is seen to be 

3S 
- 0.0723 mil power 

got 

= +0.0341 max power 
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Table 4.E2 Sensitivity analysis 

Military power Maximum power 
Fractional 
Variation of/with F /rho S F /rho S 

Tt 4 +1.0526 +0.5872 +0.2165 -0.0976 

Tt7 +0.8437 +0.8411 

rrc -0.0914 -0.1464 +0.0301 -0.0375 

7/'f -0.0091 +0.0069 -0.0063 +0.0068 

ot -0.2098 -0.0723 -0.0369 +0.0341 

M6 -0.0026 +0.0034 -0.0022 +0.0023 

Po/P9 -0.0039 +0.0034 -0.0033 +0.0034 
+0.0042 -0.0052 +0.0035 -0.0045 

Mo -0.5956 +0.0706 -0.1965 +0.0613 

Alt +0.1900 -0.0362 +0.1109 -0.0715 

neither of which shows a significant sensitivity of S to or. Fortunately, this insen- 
sitivity is not typical of all of the results of the analysis. 

Referring to Table 4.E2, and recalling that everything possible must be done to 
reduce S, particularly at military power, there seem to be several useful indications, 
namely: 

1) An overall mission improvement in fuel consumption can be achieved by 
reducing both Tt4 and TtT, but only at the expense of a considerably larger reduction 
in F/rho, and hence an increase in the size of the engine(s). The message here 
confirms earlier conclusions regarding the necessity to put upper limits o n  Tt4 and 
Tt7 in order to achieve fuel consumption goals. In that sense no real benefits result 
from making the engine "hotter." 

2) Relatively large changes of zr¢, zrf, and ot are required to measurably impact 
F/rho and S, particularly in maximum power. The most promising possibility is 
to increase Zrc, which improves both F/rho and S with and without afterburning. 
Next in line for consideration is an increase of zrf, provided that the decrease of 
military power F/rho is tolerable. Because changing ot has such conflicting effects, 
no clear advice for its final selection is yet available. 

3) Changing M6 has no performance consequences. Performance cannot be 
improved by changing P9/Po and, as expected, it will suffer if P9 is taken far from 
P0 and the exhaust nozzle is incorrectly expanded. 

4) For completeness, the sensitivity of engine performance to reference point 
Mach number and altitude has also been included. The large apparent benefits 
of reducing Mach number and increasing altitude are illusory, because the flight 
conditions are specified by the RFP and the gains would be lost when the engine 
is returned to the present reference point (i.e., 1.5M/35 kft). Nevertheless, in order 
to understand engine behavior more fully, recall that for any single exhaust stream 
jet engine 

F ~7ofh?R 

mo aoMo 
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and 

S -  l'h f __ aoMo 
F 7ohl, R 

where 770 is the overall cycle energy conversion efficiency from fuel energy to thrust 
work (see Appendix E). Because 7o varies relatively slowly with flight conditions, 
the overwhelming effect of decreasing M0 or decreasing a0 (i.e., increasing alti- 
tude) is to improve both F/mo and S. Thus, the ranges of M0 and h are retained 
in the parameters only to allow the effects of different mission balance points to 
be examined. 

These sensitivity analysis results lead to the conclusions that 7gf and 7rc should 
be selected from the high ends of their respective ranges, while Tt4 and/or Tt7 
should be allowed to drift down from their limiting values. Meanwhile, changes of 
o~ and M16 will not have a significant impact on the leading propulsion performance 
parameters. 

References 

IOates, G. C., The Aerothermodynamics of Gas Turbine and Rocket Propulsion, 3rd ed., 
AIAA Education Series, AIAA, Reston, VA, 1997. 

2Mattingly, J. D., Elements of Gas Turbine Propulsion, McGraw-Hill, New York, 1996. 
3"Gas Turbine Engine Performance Station Identification and Nomenclature." Society of 

Automotive Engineers, Aerospace Recommended Practice (ARP) 755A, Warrendale, PA, 
1974. 

4Reynolds, W. C., and Perkins, H. C., Engineering thermodynamics, 2nd ed., McGraw- 
Hill, New York, 1977. 

5U.S. Dept. of Defense, "Model Specification for Engines, Aircraft, Turbojet," Military 
Specification MIL-E-5008B, Washington, DC, Jan. 1959. 

6Oates, G. C., "Performance Estimation for Turbofans with and Without Mixers," Journal 
of Propulsion and Power, Vol. 1, No. 3, 1985, pp. 252-256. 

7 Gordon, S., and McBride, B., "Computer Program for Calculation of Complex Chemical 
Equilibrium Compositions," NASA SP-273, 1971. 



5 
Engine Selection: Performance Cycle Analysis 

5.1 Concept 
The parametric cycle analysis of Chapter 4 showed how reference point (design 

point or on-design) engine performance was determined by design choices. This 
made it possible to examine trends in engine specific performance (specific thrust 
and thrust specific fuel consumption) with changes in design variables and to begin 
to narrow the desirable range for each design parameter. Now that the first steps 
have been taken toward finding an optimum engine for a particular application, it 
is time to determine an engine's steady state operating performance. 

The object of performance cycle analysis is to determine the engine's perfor- 
mance over its operating envelope. The performance of several different engines 
can then be compared to reveal trends in engine performance with design choices. 
Thus, it is possible to focus in on the most promising designs and to ultimately 
find the engine reference point that has the best balanced performance over the 
whole mission spectrum. Once an engine cycle and its design choices are made, 
the results of the performance cycle analysis are used to size the engine by the 
methods presented in Chapter 6. The performance of a selected engine can also 
serve to determine how well the thrust lapse model and the fuel consumption es- 
timates, used in the constraint and mission analyses of Chapters 2 and 3, are met 
by the engine. 

Performance analysis differs significantly from parametric analysis. In paramet- 
ric (reference or design point) cycle analysis all of the design choices (including the 
flight conditions) are free to be selected by the designer, and the engine performance 
characteristics per unit mass flow are determined for each selected set of choices. 
In contrast, in performance cycle analysis the design choices have been made, and 
the performance of this specific reference point engine is needed at all possible 
operating conditions. The independent variables in performance analysis are flight 
conditions, throttle settings, and nozzle settings. Once the engine is sized and the 
mass flow rate specified, performance analysis is employed to determine how a 
selected engine performs at all operating conditions within its flight envelope. 

The mental image usually attached to this stage of development is that of an 
engine of fixed configuration that we have manufactured for testing in a facility 
that can simulate the desired flight conditions (see Appendix E). Although the 
absolute size of the engine may be arbitrary during performance analysis, and we 
may lack most of the details of the geometry of the individual components, it is 
still best to think of it as a piece of hardware that we have built in order to explore 
the behavior of this reference point engine. 

For performance analysis, individual component performance can be modeled 
as a function of operating conditions or actual component characteristics can 
be obtained from component hardware performance data. These two approaches 
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bleed air 

Fig. 5.1a Reference stations---mixed stream turbofan engine. 

correspond to varying degrees of accuracy. In the absence of actual component 
hardware in a preliminary engine design, simple models of component perfor- 
mance are used to give preliminary estimates of engine performance. 

In the following section, relationships are developed for determining the engine 
performance of the engine cycle whose parametric (reference point) performance 
was covered in Chapter 4. The analysis is an extension of that presented in Refs. 1 
and 2. The task now is to develop design tools in the form of equations and their 
solution procedures that will permit determination of the component and hence 
engine performance at any condition. 

5.2 Design Tools 

5.2.1 The Performance Problem 

The performance of a selected design point mixed flow turbofan engine of the 
type shown in Figs. 5.1a and 5.1b is desired at any flight conditions, throttle 
settings, and nozzle settings. It is assumed that a parametric (design point) cycle 
analysis has been performed for the reference point engine using the methods 
of Chapter 4 to give so-called reference conditions (subscript R) for the engine 
(SR, [F/FnO]R, etc.), for each engine component (TrfR, r/R, etc.), and for the flight 
conditions (MoR, POR, and TOR). 

To better understand the performance problem, it is instructive to review how the 
parametric analysis proceeds. In the parametric cycle analysis, Eqs. (H. 1-H. 16) of 
Appendix H constitute 16 independent equations for directly finding values of the 

B) power extraction 

PTOL PFOH 

2 
r 

I~ bleed air 

13 

ire t 
i corn 

2.5 

I cooling air #2 I~ 

cooling air #1 
3.1 4 ~.L 4. l high-pre ..... turbine 4.4 J. 4.5 5 

high-pressure spool I / 

low-pressure spool 

Fig. 5.1b Reference stations--bleed and turbine cooling air flows. 
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Table 5.1 Engine performance variables 
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Independent Constant Dependent 
Component variable or known quantity variable 

Engine M0, To, P0 /3 rn0, 
Diffuser zra = f(Mo) 
Fan Of 2gf, "~f 
Low-pressure compressor 0eL rrcL, r~c 
High-pressure compressor Ocn ZrcH, rc~ 
Burner T,4 ~rb f 
Coolant mixer 1 e~ "Cm 1 
High-pressure turbine 0tin M4 zr,H, rt~ 
Coolant mixer 2 e 2 rm2 
Low-pressure turbine r/tL, M4,5 rCtg, rtL 
Mixer zrM max, A6, JI'M, "gM, fit, 

AI6, A6A m6, M16, mra  

Afterburner T, 7 Yr aBdry, JT AB f AB 

Exhaust nozzle Po/ P9 re,, As a,y Ms, M9 

Total number 6 24 

16 dependent component performance variables in the order r f ,  rcL, r.cH, f ,  rml, 
rtH, zrtH, rm2, rtC, ZrtL, Or', rM, MI~, M6A, zrM, and fAB for given values of the inde- 
pendent quantities consisting of flight conditions, aircraft system parameters, and 
design choices. With values of these 16 component variables in hand, the engine 
reference point performance in terms of F/rho, S, tip, and tire/is readily found. 

Similarly, to find the engine performance, the operational performance values 
of the 24 dependent variables listed in Table 5.1 must be determined and then, in 
turn, related by 24 independent equations to obtain a solution for each component 
performance variable. Because performance analysis is an indirect problem as 
opposed to the direct problem of parametric analysis, the solution of the 24 perfor- 
mance equations is not as straightforward as in the parametric case. Regardless of 
the difficulty in solving the equations, once the values of the 24 dependent variables 
in Table 5.1 are known, the engine performance in terms of f ,  fAB, F/mo,  S, tie, 
and tirH follows immediately from Eqs. (4.18), (4.19), (4.14), (4.31), (4.32a), and 
(4.32b), respectively. 

Please notice in the "Constant or known variable" column of Table 5.1 that 
Tgb, gAB, and zr, are assumed to remain constant, that "Cd, 7rm2 , and rn are assumed 
equal to one, and that 7gml is contained in rrtH. Also please be aware that, because 
power extraction is considered in the analysis, a preliminary estimate of rn0 {Eq. 
(4.33) and Table 4.1} is required to proceed with the performance analyses. The 
correct value of rn0 is finally determined when the engine is sized (see Chapter 6). 

5.2.2 Assumptions 
The engine of interest is shown in Figs. 5.1a and 5.1b, where the notation 

of Chapter 4 has been retained. In addition to the assumptions summarized in 
Sec. 4.2.6, the following assumptions are employed in performance analysis: 
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1) The flow areas are constant at stations 4, 4.5, 6, 16, 6A, and 8 dry (afterburner 
off). 

2) The flow is choked at the high-pressure turbine entrance nozzles (choking 
area 4), at the low-pressure turbine entrance nozzles (choking area 4.5), and at the 
exhaust nozzle (station 8). Because the exhaust nozzle may unchoke at low throttle 
settings and affect the fan operating line (see Fig. 7.E 10), the case of the unchoked 
exhaust nozzle (station 8) is also included in this analysis. 

3) The component efficiencies (Of, OcL, OcH, Oh, OtH, rltL, 1TAB, OmL, rlml-l, ~]mPL, 
and rlmeH) and total pressure ratios (rOb, Zrgmax, rCaBary, and rrn) do not change 
from their design values. 

4) Bleed air and cooling air fractions are constant. Power takeoffs are constant. 
5) The air and combustion gases are modeled as perfect gases in thermody- 

namic equilibrium, and their properties are based on the NASA Glenn thermo- 
chemical data and the Gordon-McBride equilibrium algorithm reference, s 

6) The simplifying gas model of a calorically perfect gas is included in the 
analysis. It assumes that the gases are calorically perfect upstream and downstream 
of the bumer and afterburner and values of gt, Cpt, FAB, and CpZ B do not vary with 
throttle setting, but included is the variation of g and Cp due to mixing with bypass 
ratio. For this model, fuel-air ratios f and faB are ignored when compared with 
unity. 

7) The exit area A9 of the exhaust nozzle is adjustable so that the pressure ratio 
Po/P9 can be set to a predetermined value. 

8) The area at each engine station is constant. However the area of station 8 
changes with the afterburner setting to maintain constant pressure at the mixer exit 
or nozzle entrance. 

9) The diffuser total pressure ratio, 7rd, is given by Eqs. (4.12a-4.12d). 

5.2.3 Referencing and the Mass Flow Parameter (MFP) 
Two techniques are worthy of discussion at this point to prepare the path for their 

efficient and frequent use in the analysis to follow. The first is called referencing 
and involves the use of reference point conditions to evaluate constants appearing 
in equations for the dependent performance variables. The second exploits the mass 
flow parameter, introduced in Sec. 1.9.3, to capitalize on the law of conservation 
of mass. 

Referencing. The functional relations for engine cycle analysis are based on 
the application of mass, energy, momentum, and entropy considerations to the 
one-dimensional steady flow of a perfect gas at an engine reference or off-design 
steady state operating point. Thus, if at any off-design point 

f ( r ,  zr) = constant 

represents a relationship between the two performance variables r and Jr at a steady 
state operating point, then the constant can be evaluated at the reference point, so 
that 

f ( r ,  7r) = f ( r e ,  ZrR) = constant 
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because f (v ,  zr) applies to both on-design and off-design points. This technique 
for replacing constants with reference point values is used frequently in the per- 
formance analysis to follow. 

Mass flow parameter. The mass flow parameter (MFP) is defined as the 
grouping rn 4~ t /P t  A that can be written as 

MFP-- p----~ V R Pt V T 

The static to total pressure and temperature ratios (P/Pt, T~ Tt) are functions of the 
total temperature of gas, chemical equilibrium properties, and the Mach number. 
Thus the mass flow parameter can be written in the following functional form: 

FnVr~t -- M. V/-~ P . / ~  = MFP(M, Tt, f )  (4.24) MFP-- ~tA V R P,V T 

The subroutine RGCOMP that is used to calculate the compressible flow functions 
(P/Pt, T/Tt, and MFP) is given in Appendix F. For the simplifying case of the 
calorically perfect gas, the properties P/Pt, T/Tt, and MFP are given by 

T 1 + Y - (1.1) 
T, 2 

P ( Y -  1M2) # '  
= 1 + 2 (1.2) 

y+l ~'~ ~/~-t ~ / ~ (  1 )  2(1-)/) 
MFP-- P t ~ - - M  l + Y 2 -  M2 (1.3) 

5.2.4 Performance of Turbines with~without Coolant Mixers 

The first step in determining the performance of the entire engine at conditions 
away from the reference point is to analyze the behavior of the high- and low- 
pressure turbines. This is greatly expedited by the fact that they are both deliberately 
designed to be choked in their entrance stator airfoil or vane passages, and that 
the static pressure downstream of the low-pressure turbine is tied to the mixer 
entrance conditions. As you will see in the development that follows, this both 
restricts turbines to a very narrow range of operation and furnishes us with a 
straightforward method of solution. The remainder of the engine performance 
analysis flows directly from this step because the turbines, in conjunction with 
the throttle setting (i.e., T,4), provide the power for the fan and compressors and 
control the fan and compressor mass flows (see Sec. 5.2.5). 

The performance (rrt and rt) of a turbine at off-design is primarily determined 
by the efficiency and mass conservation relationships. It is shown in Ref. 1 that 
zrtH and VtH remain constant for an uncooled turbine with constant specific heats 
(calorically perfect gas). Similarly, as shown below, these ratios can be considered 
constant for a cooled turbine with constant specific heats (calorically perfect gas). 
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When a cooled turbine with variable specific heats is modeled, it is found that Zrtn 
and Ttn vary only slightly with engine operating condition. 

It is also shown in Ref. 1 that 7rtL and TtL are constant in an uncooled low- 
pressure turbine with calorically perfect gas for a turbofan engine having choked 
separate (unmixed) fan and core streams. For a mixed flow turbofan, on the other 
hand, these ratios cannot be considered constant because ~rtL (and hence rtL) must 
modulate at off-design conditions to maintain P6 = P16, the Kutta condition, at 
the mixer entrance. 

Variable specific heats.  Consider a high-pressure turbine with cooling air 
fractions el and e2 modeled as in Fig. 5.lb. Let the nozzle throat stations just 
downstream of stations 4 and 4.5 be denoted by 4' and 4.5'. With choked flow at 
stations 4 t and 4.5', Eq. (4.24) yields, assuming Pt4 = Pt4' and Pt4.5 = Pt4.5, 

l~t4' Pt4.5/Pt4 A 4 . 5 ,  MFP(M4,, Tt4, f )  

rh4.5' T~-~-t4.5/Tt4 a4, MFP(M4.5,, Tt4.5, f4.5) 

or, since Y/'m2 = l,  7rJtH = Pt4.4/Pt4 and 

rn4.5, 

rh4 

then 

YgtH [ 1 + 
I 

/4/4 @ /'hC(E'I + e2) (el + e2) 
= = 1 +  

/h 4 (1 - / 5  - el - e2)(1 + f )  

(_~l -~_ 82 A I A4, MFP(M4,, Tt4, f )  
(1 - fl - el - e2)(1 + f )  J A4.5, MFP(M4.5,, Tt4.5, f4.5) 

(5.1) 

where the right-hand side of  the equation is essentially constant for the assumptions 
of this analysis, namely A n , / A 4 . 5 ,  = constant, M4, = 1, M4.5, = 1, and constant 
bleed and cooling airflow fractions. Since 

f 
f4.5 = (4.8j) 

1 + f + (e l  + e 2 ) / ( 1  - fl --  e l  - -  E2) 
then for a specific value of Tt4 and f ,  Eq. (5.1) can be used to calculate Jrtn for an 
assumed value of  Tt4.5. 

Likewise, for given values of Tt4, f ,  rrtn, and Orn, the resultant turbine exit 
temperature (Tt4.5) can be determined as follows: 

1) The total enthalpy at state t4.1(ht4.1) follows from that at state t4(ht4) and 
the total enthalpy ratio of  coolant mixer 1 (rml). 

~rn l 

and 

ht4.1 
ht4.1 = ht4~- ' -  = ht4"~ml 

nt4 

where r,,i is given by 

(1 - fl - el - e2)(1 + f )  + elrrrcLrcH/rX 

(1 - / 3  - el  - e2)(1 + f )  + el 

f 

(5.2a) 

(4.20a) 

f4.1 = (4.8i) 
1 + f + e l / ( 1  -- 13 - s 1  - S2) 



ENGINE SELECTION: PERFORMANCE CYCLE ANALYSIS 145 

2) With state t4.1 known and using Eq. (4.9d), the reduced pressure at the ideal 
exit state t4.4i (Pr t4.4i) follows from its value at state t4.1 (Pr t41) and the turbine 
total pressure ratio (zrtH). 

Pr t4.4i ~-- ~tHPr t4.1 (4.9d) 

3) With Prt4.4i known and noting that f4.4 = f4.1, then ht4.4 i is known using 
the subroutine FAIR. The total enthalpy ratio of the ideal turbine (rim) follows 
directly using its definition 

rtHi = ht4.4i/ ht4.1 (4.9d) 

4) By the assumption of constant efficiency of the high-pressure turbine, 
Eq. (4.9d) can be solved for the high-pressure turbine enthalpy ratio (rtn) 

~tH = 1 - rhn(1 - "CtHi) (5.2b) 

5) With the total enthalpy ratio of coolant mixer 2 (rm2) given by 

(1 - ~6 -- el - e2)(1 + f )  + el + e2{rrrcHrcL/(rZ'rmlrtit)} 
rm2 = (4.20b) 

(1 - / 3  - e l  - e2)(1 + f )  + E1 n t- e2 

and f4.5 given by Eq. (4.8j), the total enthalpy at station 4.5 (ht4.5) can be calculated 
using 

ht4.5 = ht4 hJ 4"1 ht4"4 ht4"----~5 - ht4rml'Ctnrm2 (5.2c) 
t'It4 ht4.1 ht4.4 

6) With ht4.5 and f4.5 known, Tt4.5 follows directly using the subroutine FAIR. 
We will refer to this system of equations used to determine Tt4.5 as Eq. (5.2). 
Equations (5.1) and (5.2) give us a system of equations to satisfy that determine 

the high-pressure turbine performance rtH and rctH. This system of equations is 
programmed into the cooled turbine subroutine TURBC outlined in Appendix E 
Subroutine TURBC solves this system by first assuming an initial value of Tt4.5 
and using Eq. (5.1) to find ~rtH. Using this value of zrtH, Eq. (5.2) gives a new 
value of total temperature at station 4.5 called Tt4.5,. This new value is input into 
Eq. (5.1) and calculations are repeated until successive values are within 0.01. 
Figure 5.2 shows the variation of rrtn with throttle setting (Tt4) for a typical mixed 
flow turbofan engine. Note that 7rtn only varies 0.9%, which shows the common 
assumption used in the constant specific heat analysis that zrtrl = constant is a very 
good approximation. 

A similar, but simpler, set of equations can be solved for the uncooled low 
pressure turbine. Writing Eq. (5.1) for the low-pressure turbine gives 

rrtL A4.5, MFP(M4.5,, Tt4.5, f4.5) 
, V / ~ / T t 4 . 5  A5 MFP(M5, Tt5, f4.5) 

Because the flow is assumed to be isentropic from engine station 5 to station 6 and 
we know the area at station 6, we use the Mach number and area at engine station 
6 for the low-pressure turbine exit and write 

YrtL A4.5' MFP(M4.5,, Tt4.5, f4.5) (5.3) 
~¢/~/Tt4.5 A6 MFP(M6, Tt5, f4.5) 
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Fig. 5.2 Variation of high pressure turbine pressure ratio with throttle setting (Tt4) 
for a typical mixed flow turbofan engine. 

where A4.5,/A6 ---- constant and M4.5, = 1. Then for a specific value of Tt4.5, f4.5, 
and M6, Eq. (5.3) can be used to calculate :rtL for an assumed value of Tts. 

Likewise, for given values of Tt4.5, f4.5, 7rtL, ~tL, and Mo, the resultant turbine 
exit temperature (Tts) can be determined as follows: 

1) Using Eq. (4.9e), the reduced pressure at the ideal exit state t5i  (Pr tsi) follows 
from its value at state t4.5 (Pr t4.5) and the turbine total pressure ratio (TrtL). 

Pr t5i : 3TtL Pr t4.5 (4.9e) 

2) With Pr t 5 i  k_rlown, then ht5i is known using the subroutine FAIR. The total 
enthalpy ratio of the ideal turbine (~Li) follows directly using its definition: 

"~tLi : ht5i / ht4.5 (4.9e) 

3) By the assumption of constant efficiency of the low-pressure turbine, 
Eq. (4.9e) can be solved for the low-pressure turbine enthalpy ratio (rtD 

rtt = 1 - tilL(1 - -  "CtLi )  (5.4) 

4) Tt5 follows directly using the subroutine FAIR. 
We will refer to this system of equations used to determine Tt5 as Eq. (5.4). 

Equations (5.3) and (5.4) give us a system of equations to satisfy that determine 
the low-pressure turbine performance rrtL and rtL. This system of equations is 
programmed into the uncooled turbine subroutine TURB outlined in Appendix E 
Subroutine TURB solves this system by first assuming an initial value of Tts and 
using Eq. (5.3) to find ZrtL. Using this value of :rtt, Eq. (5.4) gives a new value of 

0.30 = i i I i 

2000 2200 2400 2600 2800 3000 3200 

T~ 4 (°R) 
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total temperature at station 5 called Tthn. This new value is input into Eq. (5.3), 
and calculations are repeated until successive values are within 0.01. 

C o n s t a n t  s p e c i f i c  h e a t s .  In the case of a perfect gas with constant specific 
heats [calorically perfect gas (CPG)], the equations that model the performance of 
the high-pressure and low-pressure turbines are simplified. The mass flow para- 
meter for a CPG is given by Eq. (1.3). Since the M F P  is the same at stations 4' and 
4.5' when M4, : M4.5'  = 1, Y4' : Y4.5' ~--- ~/t, and R4'  = R4.5' ----- gt, then Eq. (5.1) 
becomes 

7Z't/4 - - { 1 +  ( 8 1 q " 8 2 )  } a A ~ 4 ' ~  (5.1-CPG) 
(1 - -  ~ - - 7 1  --~-2)(1 + f )  za4.5' 

where 

A4' 
= constant 

A4.5, 

and where, by the assumptions of Sec. 5.2.2, 

(El + E2) 
1 + = constant 

(1 - 13 - 81 - e 2 ) ( 1  + f )  

and where, combining Eqs. (4.20a) and (4.20b), 

rmlrm2 = 1 + (1 - ~  - e l  - e2)(1 + f ) . ]  (1 - ~  --e-i ~- e-2)(1 + f )  

(5.1 b-CPG) 

Consider the order of magnitude of the second term in the numerator of 
Eq. (5. lb-CPG) compared with unity. Noting that, for the performance operation 
of interest, 7JtH ~ 0.85 and 

r~. - -  c p t T t 4  ~ 2 ---> 4 

12r12cL12cH Cpc Tt3 

the second term in the numerator of Eq. (5. lb-CPG) will be of the order of e or less 
and its variation at engine off-design can be considered small in comparison with 
unity. The denominator is constant, whence the product 72mllhm2 can be considered 
constant and Eq. (5.1-CPG) becomes 

712tH 
-- constant (5.1c-CPG) 

when e is an order of magnitude less than unity. 
For a calorically perfect gas, Eq. (5.2b) can be written as 

"CtH : 1 --  t h r i l l  - -  7r~H Y'-I)/y '  } 

and, by the assumption of constant efficiency of the high-pressure turbine, can be 
rewritten as 

1 - -  "~tn 
(e,-1)/y, -- r/tH = constant (5.2b-CPG) 

1 - 7rtH 
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To satisfy both Eqs. (5. lc-CPG) and (5.2b-CPG), the total pressure ratio and the 
total temperature ratio of the high-pressure turbine must be constant, or 

2"gtH ~ constant 
75tH ~ constant 

When the same order of magnitude analysis used with Eq. (5. lb-CPG) is applied 
to Eqs. (4.20a) and (4.20b) separately for rml and rm2, the coolant mixer total 
temperature ratios are found to be approximately constant, or 

rml = constant 
Z 'm2  ~ constant 

For the low-pressure turbine with a CPG and M4.5 = 1, Eq. (5.3) can be written 
a s  

• y~+l { ( 62)/"'" ~rtL A4.y 1 2 ?'t -- 1 M (5.3-CPG) 
A6M  y-T  1+ 2 

where 

A4.5, / A 6 = constant 

Likewise, Eq. (5.4) can be written as 

(×,-b/×, / 
rtL = 1 --  OtL{ 1 - -  ZrtL I 

and, by the assumption of constant efficiency of the low-pressure turbine, can be 
rewritten as 

1 - "(tL 
(×,-1)/×, - -  OtL = constant (5.4-CPG) 

1 - 7 r t L  

For a given value of the Mach number at station 6 (M6) and the constant values of 
the area ratio ( A 4 . 5 , / A 6 )  and the turbine efficiency (rhD, there is only one set of 
low-pressure turbine total properties (rtL, rCtL) that satisfies both Eqs. (5.3-CPG) 
and (5.4-CPG). 

5.2.5 Component Performance Analysis 
The performance of the mixed flow turbofan engine in Figs. 5.1a and 5.1b 

can now be analyzed using the assumptions of Sec. 5.2.2 and the techniques of 
Secs. 5.2.3 and 5.2.4. The goal is to obtain the 24 independent equations required 
to determine the dependent performance variables of Table 5.1. To underscore the 
logic of the iteration solution sequence that follows in Sec. 5.2.6, the required equa- 
tions will be developed in the order that each arises in the solution flowcharts of 
Figs. 5.3a and 5.3b. The equations to be developed next are represented in turn by 
the following 24 functional relationships between the 24 dependent performance 
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A) 

Calculate new 
value of a '  

using Newtonian 
iteration 

Initial values of f , a ' ,  M6, M 8 , th o 

Fig. 5.3a 

Calculate 

HPT ~ , ,  rtn, ~:ml, r.,2' T,4.5 Eq. (5-1,2) 

LPT ~,L, "r,L, T,s Eq. (5-3,4) 

~r s Eq. (5-5a) 

~ j  Eq. (5-5b) 

~'~L Eq. (5-6b) 

:rL Eq. (5-6d) 

"t'cH Eq. (5-7) 

~H Eq. (5- 8b) 

f Eq. (4-15) 

M~6 Eq. (5-9) 

a ',e,' Eq. (5-10) 

, _ a '°ew-a'l  
a er~o~ -- 

a Eq. (5-11) 

' > 0.001 9 Yes Is ~ e r r o r  " 

~ O 

Flowchart  of  iterative solution scheme (Part I). 

© 

var iab les  o f  interest :  

Zrtn = f l (Zml ,  rtn, Tin2, f )  

Zml = f3(rcL, rcn, f )  

ZrtC = fs(rtL,  f )  

Tf  = f7(rtH, rtL, TcL, rcn, Ol, f ,  l~lo) 

"rcL = f 9 ( r f )  

rcH = f l l ( r tH,  rcL, r.cH, Or, f ,  fnO) 

f = f13(rd, ,  ZcH) 

Ol t = f l5( Pt6/  Ptl6, Tt6/ Ttl6, m6,  m16) 

rM = f l7 ( ' g f ,  "gml, ~TtH, rm2, rtL, O lt) 

ZrM = f l 9 ( r M ,  M6,  M6A, or') 

M6 = f21(rM, JrM, M8, a') 
fAB = f23('~ml, rtn, rm2, rtL, rM, f )  

rtH = f2(zrtu, f )  

rm2 = f4(rcL, rcm rml, r~n, f )  

r,/~ = f6(~r,L, f )  

~rl = f 8 ( r D  

zr~L = f lo ( r~D 

~r~/ = flz(r~H) 

M16 = f14(:rrf, ~rcL, 7rcH, Zrb, 7rtn, ZrtL, M6) 

a = fl6(Ot')  

M6A = f l s ( M 6 ,  MI6 ,  o~ t) 

M8 = f20(zrcL, ZrcH, 7rb, zr,n, zrtL, JrM, f )  

rho = fz2(ZrcL, zr~/~, a )  

M9 = f24(TrcL, zr~H, Zrb, :r,m zrtL, rrM, f )  
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If M 6 > M 6"ew then 
M 6 = M 6 -0 .0001 
else 
M 6 =M 6 +0.002 

I Yes 

z" M Eq. (5-12) 

M6A Eq. (5-13) 

~M Eq. (5-14) 
M8 Eq. (5-15) 
M6,,e w Eq. (5-16) 

M ....... =IM6,e~.-M6[ 

Is M 6 ..... > 0.0005 ? 

No 

rh 0 ..... Eq. (5-17) 

t~/0new --~/o 
th0error = 

Is rn o ..... > 0.001 ? 

No 

Remainder o f  Calculations 
(Appendix I) 

Yes 

?nO = mo new 

Is an engine control limit (~., ~ Reduce Tt4 ] 
/ 

Tt3, Pt3, etc.) exceeded? I t J 

Fig. 5.3b Flowchart of iterative solution scheme (Part II). 

Please notice that each equation can be solved, in principle, in the order listed for 
given initial estimates of the three component performance variables or', M6, and 
rn0 (see Sec. 5.2.6). As the solution progresses, these estimates are compared with 
their newly computed values and iterated if necessary until satisfactory conver- 
gence is obtained. 

It is very important to recognize that the first six quantities of the solution se- 
quence (i.e., rCt~l, rtH, ~'ml, "gm2, ~tL, and rtH ) c a n  be determined by the methods 
presented in Sec. 5.2.4. The fuel/air ra t iosfand fAB are found using Eqs. (4.18) 
and (4.19), respectively. Additionally, the fuel/air ratios faA, f4.5, and f 6 a  at sta- 
tions 4.1, 4.5, and 6A, respectively, are required to solve the system of equations 
for variable specific heats. Equations (4.8i), (4.8j), and (4.8k) give the needed 
relationships for f4.1, f4.5, and f6a in terms of f ,  faB, Or, and ft. 
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Fan temperature ratio (rt) and low-pressure compressor temperature 
ratio (rcL). From the low-pressure spool power balance, we have 

rtL = 1 - -  
rr{(rcC - 1) + u ( r f  - 1)} + (1 + ot)CToL/rlmPL 

rlmnrXrta{(1 -- fl -- el -- 62)(1 + f )  + (el + F-.2/'EtH)'Er'~cLTEcH/~3.} 

which can be rearranged to yield 

r f = l +  

(1--'CtL)rlmL{th~'4CC r:x'rtH+(61"~tH-I-62)'ccL~:cH } r r  

(4.22a) 

(1 + ot ) PTOL 

~r OmPL rhoho 

{(rcL -- 1 ) / ( r f  -- 1) + Or} 

where, from Fig. 4.2, th4 / thc  = (1 - / ~  - el - 62)(1 + f )  
Because the low-pressure compressor and the fan are on the same shaft, it 

is reasonable to assume that the ratio of  the enthalpy rise across the fan to the 
enthalpy rise across the low-pressure compressor is constant. Using referencing, 
we can therefore write 

htl3 --ht2 ~f -- 1 (Tf -- 1)R 
ht2.5 --ht2 "EcL- 1 (Z'cL -- 1)R 

Thus the fan enthalpy ratio can be written as 

~:f = 1 +  

{ r~t4 "E~"CtH _1¢_ (,Sl-Ct H ..1- e2)-CcLr;cH} (1 + or) PTOL 
(1 - -  rtL)TlmL I'h C r''~ rrrlmPL fnoho 

{(ZcL -- 1 )R/ ( r f  -- 1)R + or} 

(5.5a) 

and the low-pressure compressor enthalpy ratio can be written as 

rcL = 1 + ( z f  - 1)[(ZcL -- 1 ) g / ( r f  -- 1)R] (5.5b) 

For a calorically perfect gas, h0 = cpcTo in Eq. (5.5a) and Eq. (5.5b) is 
unchanged. 

Fan pressure ratio (~f) and low-pressure compressor pressure ratio (~cL), 
From the definition of fan efficiency, Eq. (4.9a), 

htl3i = ht2{1 q- rlf('gf -- 1)} (5.6a) 

Given h t l 3 i  , the subroutine FAIR will give the reduced pressure Pr tl3i. Thus the 
fan pressure ratio is calculated using Eq. (4.9a) written as 

ert  13i (5.6b) 
~ f -- Pr t2 

Likewise, f rom the definition of low-pressure compressor efficiency, Eq. (4.9b), 

ht2.fi = ht2{1 + 17cL(ZcL - -  1)} (5.6c) 
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Given ht2.5i, the subroutine FAIR will give the reduced pressure Pr t2.5i. Thus the 
low-pressure compressor pressure ratio is calculated using Eq. (4.9b) written as 

er  t2.5i 
7'i'cL - -  - -  (5.6d) 

Prt2  

For a calorically perfect gas, Eqs. (5.6a) and (5.6b) become 

yrf = {l + Of(rf - 1 ) } ~  (5.6b-CPG) 

and Eqs. (5.6c) and (5.6d) become 

Yc 

zrcL = {1 + rIcL(72cL --  1)}~c =7~ (5.6d-CPG) 

High-pressure compressor temperature ratio (rcH). The high-pressure 
spool power balance of Eq. (4.21a) can be rearranged to yield 

/ r 1 + (1 - rtH)rlmH (1 -- fl -- el -- e2)(1 + f )  ~ Lrr'CcLrlmPH.] thoho 
"gcH 

1 - e l (1  - "CtH)rlmH 

(5.7) 

so that 

where 

Ptl6 P t2~  f Tf f 

Pt6 Pt27rcL712cHYlYb71JtHT(tL 2TcL71JcHT@JrtHTftL 

P t l6  _ ~ f et6 (5.9) 
P16 712cLT~cHTgbTt'tHTftL P6 

For a calorically perfect gas, h0 = cpcTo in Eq. (5.7). 

High-pressure compressor pressure ratio (Zrc,). From the definition of 
high-pressure compressor efficiency, Eq. (4.9c), 

ht3i = h/2.5{1 + OcH(rcH --  1)} (5.8a) 

Given ht3i, the subroutine FAIR will give the reduced pressure Pr t3i. Thus the 
low-pressure compressor pressure ratio is calculated using Eq. (4.9c) written as 

er  t3i 
7rcH - (5.8b) 

Pr t2.5 

For a calorically perfect gas, Eqs. (5.8a) and (5.8b) become 

7rcH = {1 + tlcH(rcn -- 1 ) } 3  (5.8b-CPG) 

Mach number at station 16 (M16). The definition of total pressure yields 
MI6 once Pt16/P16 is evaluated. Since Pt6 = P6, then 

P,6 Pt16 Pt6 

P16 et6 P6 
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For the flow to be in the proper direction, Ptl6 > P16.  With Ptl6/P16 and Ttl6 
known, then the compressible flow subroutine RGCOMP yields M16. For the flow 
to be subsonic, M16 < 1.0. 

For a calorically perfect gas, Eq. (5.9) becomes 

Yt 
P t 1 6  ff~f P t 6  ffrf (l_4_~]t-lM~X~ yt''7-1 
P16 7rcL37JcHTfbTftHTftL P6 7~'cLY'gcHY'(bTftHY'ftL \ ] 2  

(5.9a-CPG) 

and the Mach number at station 16 is given by 

M16 ----  ~ \-~-t6] - 1 (5.9b-CPG) 

Mixer bypass ratio (o~'). 
the mass flow parameter, 

o r  

From the definition of the mixer bypass ratio and 

a t  ~/16 Ptl6 A16 MFP16 / Tt6 (4.8f) 
-- I~17 -- Pt6 "~6 ~ VTtl6 

r 
y't'f A16 MFP16 / Tt6 

13/I (5.10) 
T(cL~cHTrbTrtH~tL A6 MFP6 VTtl6 

For a calorically perfect gas, Eq. (5.10) is unchanged. The mixer bypass ratio is 
iterated, as shown in Fig. 5.3a, until successive values are within 0.001. 

Engine bypass ratio (or). From the definitions of the engine and mixerbypass 
ratios, 

O/ . . . . .  O/t{(1 - -  fl  - -  S1 - -  ~'2)(1 + f )  + El -~- 5"2} 
rhc rn6 rhc 

o r  

Ot = Oft{(1 - -  fl  - -  81 - -  82) (1  + f )  + el + e2} 

Equation (5.11) is unchanged for a calorically perfect gas. 

(4.8a) 

(5.11) 

Mixer enthalpy ratio (rM). Equations (G.3) and (G.4) yield 

"C M 
1 + Ot'(Trrf/'CZ'rmlVtHVm2"rtL) 

1 +or' 

For a calorically perfect gas, Eq. (5.12) becomes 

1 + Olt('~rTf/'f)~Tml'gtHTm2"CtL) 

(5.12) 

rM = (5.12-CPG) 
1 + ot'cpc/Cpt 
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Mach number at station 6A (M6A). 
to the ideal mixer, we have 

~ 1 -1- Y6AM2A __ R ~  (1 
M6A V Y6 

rearranged into 

From the momentum equation applied 

q- >'6M62) + A16/A6(1 -t- Y16M26) 

M6(1 + or') 

(4.29) 

- -  1 + Y6AM2A 
m6a 

V Y6A Constant 
(5.13) 

where 

Rf-R~6T6 (1 + y6M 2) -}- A16/A6(1 -1- F16M216) 
Constant 

"1 - - V  76 M6(l+ot ' )  

For a given value of the total temperature and fuel/air ratio at station 6A, Eq. (5.13) 
is solved by functional iteration in combination with the isentropic temperature 
ratio (Tt6A/ T6A). 

For a calorically perfect gas, the Mach number at station 6A (M6A) can be solved 
for directly using the following system of equations: 

ok(M6, ~6)~- M6211 + (Y6 -- 1)M2/2]. 
(1+ y6M2) 2 ' 

~b(M16, Y16)~-" M2611 + (YI6 -- 1)M26/2] 
(1 + Y16M26) 2 (5.13a-CPG) 

R6 + ot1R16 Cp6 A 
R6A = ; ~6A -- (5.13b-CPG) 

1 + or' Cp6A -- g6a 

, 1 y6R6a *---- ( l + o t ) / I  - + ~ ' . / ' ~  -_ /  
/ L ~ / O ( M 6 ,  y6) ~ Y~-~-~6 ~ ~(~6, ~6) Y6AR~ rM 

(5.13c-CPG) 

M6A = (1 -- 2y6A) + ~i - - -  2(Yaa + 1)~ (5.13d-CPG) 

Mixer total pressure ratio (TrM). Equation (G.6) gives 

T ~ A 6  MFP(M6, Tt6, f6) 
7rMideal ---- (1 + t~')V Tt6 A6A MFP(M6A, Tt6A, f6A) 

(5.14a) 
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The mixer total pressure ratio is the product of the frictional loss (7rM max)  and the 
mixing loss (rrM ideal) or 

Y/'M = 7rM maxTrM ideal (5.14b) 

For a calorically perfect gas, Eq. (1.3) is used to calculate the mass flow param- 
eters in Eq. (5.14a), and Eq. (5.14b) is unchanged. 

Mach number at station 8 (Ms). The Mach number at station 8 depends on 
the pressure ratio Pt9/Po with the afterbumer off (dry). This ratio must be equal 
to or greater than that corresponding to Mach one for the flow to be choked at 
station 8. We write 

[,,91 
Po J dry = Zrr 2I'dYt'cL2TcHT(bYTtH~tLY'I'M 7~AB dry2Tn (5.15) 

The compressible flow subroutine RGCOMP is input this total to static pressure 
ratio in combination with the fuel/air ratio (f6A) and the Mach number at station 
9 (M9) is output for matched static pressures (P9 = P0) and afterburner off. If  
/149 >_ 1, then M8 = 1 else M8 =/149. 

For a calorically perfect gas, Eq. (5.15) is unchanged, and the Mach number at 
station 9 (M9) is solved directly from Eq. (1.2) or 

M9 . . . .  1 
Y6A--1 LPo.ldry 

If M9 >_ 1, then Ms = 1 else M8 = M9. 

Mach number at station 6 (M6). M6 can be obtained from the mass flow 
parameter (MFP6) once the latter is determined. Writing the ratio of mass flow 
rates at station 8 to station 6 for nonafterbuming operation gives 

th__88 -= Pt8dry A8dry MFP8 T~t6 or' 
th6 Pt6 A6 MFP6 V Tt8 = 1 + 

Solving for the mass flow parameter at station 6 yields 

A8dry MFP8 J Tt6 
MFP6 = 7(MTgAB dry A6 1 Jr- at Tt6A (5.16) 

! 

With MFP6 known, the compressible flow subroutine RGCOMP yields/146 < 1. 
The Mach number at station 6 is iterated, as shown in Fig. 5.3b, until successive 
values are within 0.0005. 

For a calorically perfect gas, Eq. (5.16) is unchanged, and the Mach number at 
station 6 (M6) is solved for using Eq. (1.3). 

Engine mass flow rate (rho). Conservation of mass and the definition of the 
bypass ratio (a) yield 

rh  4, 
rh0 (1 + o/)/~/C (1 + 

° t ) ( 1  - -  f l  - -  e l  - -  e2)(1 -t- f )  
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From Eq. (1.3) 

~ / 4  t - -  
Pt4,A4'MFP4, Pt4A4,MFP4, 

where, by assumption, Pt4 = Pt4, and Zt4 = Zt4,. Combining the preceding two 
equations and denoting station 4' as 4 gives 

(1 + ol)PoTgrY'gdT~'cLT"gcH~Tfb A 4 
rho = (1 ~ ~ 1  ~ e2 - -~+f - )  vt-T-~t4 MFP4 (5.17) 

For a calorically perfect gas, Eq. (5.17) is unchanged. 

Mach number at station 9 (Mg). The Mach number at station 9 depends on 
the pressure ratio Pt9/P9. We write 

Pt9 Po 
~9 ~-- "-~9YgrTgd2"[cL37:cHT(b2TtHTgtL71:MT"(ABJ'gn (5.18) 

The compressible flow subroutine RGCOMP is input this total to static pressure 
ratio in combination with the fuel/air ratio at the afterburner exit (fT) and the Mach 
number at station 9 (M9) is output. 

For a calorically perfect gas, Eq. (5.18) is unchanged, and the Mach number at 
station 9 (M9) is solved directly from Eq. (1.2), or 

M9=  T9j -1  

5.2.6 Iterative Solution Scheme 
Because there are 24 dependent variables and 24 equations, there are many 

different ways that the off-design cycle analysis equations can be ordered to obtain 
a solution. Our experience convinced us that the mixer bypass ratio (u'), the core 
entrance Mach number to the mixer (M6), and the engine mass flow rate (#to) are 
the preferred iteration variables. The iterative solution scheme shown in Figs. 5.2 
and 5.3 has been custom tailored to this application so that it will converge on a 
solution for a wide range of input values. Note that M6 is the second dependent 
variable that is iterated and successful solution of the off-design performance 
depends on its convergence. Referring to the functional relationships listed in 
Sec. 5.2.5, note that values of or', M6, and rn0 are estimated to begin a solution 
of the off-design equations. Making reasonable initial estimates can significantly 
reduce the number of iterations required for a solution. Conversely, sufficiently 
inaccurate initial estimates can prevent convergence altogether. Because M6 varies 
only slightly over the off-design range of the engine and rh0 has a small influence 
in the calculation of rcL in Eq. (5.5b), each has a secondary influence on the 
iteration scheme. The reference point values of M6 and rh0 can therefore serve as 
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satisfactory initial estimates for these two terms, or 

M6 = M6R (5.19a) 
rno = #10g (5.19b) 

However, the mixer bypass ratio 

13/ 
c~' = (5.19c) 

(1 - -  f l  - -  e l  - -  e 2 ) ( 1  -1- f )  q-  gl -? S2 

varies considerably over the expected flight envelope because it is proportional to 
the engine bypass ratio oe (see Figs. 4.8 and 4.11). We have found that a reasonable 
initial estimate of or' can be obtained using Eq. (5.19c) with o~ estimated by 

To rr 
ot ~ o t R - - - -  (5.19d) 

TOR 72rR 

where the altitude and Mach number effects on ot are accounted for by To and rr, 
respectively. When using the AEDsys software for repeating calculations where 
only one off-design independent variable is changed, the initial values of or', M6, 
and rn0 for each subsequent calculation are taken from the solution already 
converged. 

Certain features of the programmed iteration methods used in the AEDsys per- 
formance computations deserve highlighting, as follows: 

1) If  either the pressure ratio at the splitter plate (Pt 16//)16 ) or the Mach number 
in the fan stream (M16) is out of limits, the core entrance Mach number to the 
mixer (M6) is incremented by 0.01. If M16 is too low, M6 is increased. 

2) If the new value of the mixer bypass ratio (e() calculated by Eq. (5.10) is not 
within 0.001 of the preceding value, then Newtonian iteration is used to converge 
to a solution. 

3) Functional iteration is used for both core entrance Mach number to the mixer 
(M6) and the mass flow rate (rn0). 

5.2.7 Variation in Eng ine  Speed 
As is shown in Sec. 8.2.1, the change in total enthalpy across a fan or compressor 

is proportional to the shaft rotational speed (N) squared. For the low-pressure 
compressor, we can therefore write 

ht2.5 - ht2 = K I N  2 

which can be rewritten, using referencing, as 

! i 
N L  _ / ht2.5 - ht2 / ht2 "CcL -- 1 

Nt~ V ht2"5R - h t z R  V ht2R rcU¢ -- 1 

_~ht0 teL--1 ,.~00 rcL--1 

h toR vcz~ -- 1 )90R ~cLtf-- -1 
(5.20a) 
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Likewise, for the high-pressure compressor, we have 

[ / 

NIt  / ht3 - ht2.5 [ ht2.5 "rcH -- 1 

V V NoR ht3R --ht2.5R ht2.5R rcl~R - 1 

~ hto rcL rcH -- 1 ~ / O0 te l  rcH -- 1 
t 

-- ht0~ rcLR rc/4R- 1 -- V00R rcLa rc,qR -- 1 (5.20b) 

For a calorically perfect gas, Eqs. (5.20a) and (5.20b) are unchanged. 

5.2.8 Software Implementation of Performance Calculations 
The performance computer program embedded in the Engine Test portion of 

the AEDsys program uses the system of equations listed in Appendix I, which 
is based on the solution technique outlined in Secs. 5.2.4-5.2.6 and portrayed in 
Figs. 5.3a and 5.3b. The performance program is intended to be used in conjunction 
with the reference point program ONX discussed in Chapter 4. 

The reference point of the engine whose performance behavior at off-design is to 
be investigated is initially obtained using the computer program ONX. The inputs 
and outputs of the reference point analysis are the source of the reference values 
(subscript R) used in the performance computer program. The inputs listed next 
for the performance analysis, therefore, include those required for the reference 
point analysis as well as those that specify and are unique to the performance point 
being analyzed (e.g., flight conditions and limits). 

Sample printouts of the reference point (ONX) and off-design calculations 
(Engine Test portion of AEDsys) for a typical performance analysis with and 
without afterburning are given in printout samples A, B, and C. AEDsys will auto- 
matically transfer all input values (reference values) from ONX for performance 
computations other than the Performance Choices and Engine Control Limits. The 
output consists of overall engine performance parameters, component behavior in- 
formation, and a large selection of internal variables of interest. In fact, sufficient 
output data are provided to allow the hand calculation of any desired quantity not 
included in the printout. 

The Engine Test portion of the AEDsys program is a powerful learning and 
design tool. The AEDsys program will automatically scale the thrust and mass 
flow of the input reference engine when required to match the thrust loading set 
in the Mission Analysis portion. The program uses the thrust scale factor (TSF) to 
represent this scaling. TSF is calculated by determining the input engine's thrust 
at sea level, static conditions (FsL), and dividing this by the required sea level, 
static thrust (Tsc req) o r  TSF -= FsL/TsL req. Note that a thrust scale factor (TSF) of 
0.9372 is printed on printout samples B and C, and the reference mass flow rate 
has been reduced to 187.45 lbm/s from the 200 lbm/s (Design Point of sample 
printout A). 

As shown in Fig. 5.3b, the software checks to see if a control limit has been 
exceeded. It uses an iterative procedure to reduce the throttle (Tt4) until the most 
constraining limit is just met. 
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Inputs 
Performance  choices:  

Fl ight  parameters:  
Thrott le  setting: 
Exhaust  nozz le  setting: 

Des ign  constants: 
rr: 
r/: 

A: 
Others: 

Refe rence  condit ion:  
Fl ight  parameters:  
Componen t  behavior :  

Others:  

Engine  control  l imits: 

Mo, To, Po 
Zt4, Tt7 
P0/e9 

T(dmax, 7~b, 7t'Mmax, T(ABR, 7g n 

Of ,  tlcL, TIcH, T]tH, 17tL, Ob, TIroL, 17mH, 

FImPL, OmPH 
A4, A4.5, A6, A16, A6A, A8wo/AB 
fl, el, e2, hpR, ProL, Pron 

MOR, TOR, POR 
7~fR, 712cLR~ 7rcHR, YgtHR, T(tLR 

75fR, 75cLR, TcHR, TtHR, "gtLR 
M6R, M16R, M6AR, MSR 
rmlR, rm2R, fR, fABR, M9R, M19R, OtR, O{ R 
FR,  /nOR, SR 

7(cmax, Tt3max, Pt3max, % N c ,  % N H  

Outputs 
Overal l  performance:  

C o m p o n e n t  behavior :  

F,/no, S, fo, rip, TITH, 110, V9/Olo, 

Pt9 / Pg, eg / Po, Tg / To 
T( f , 7"(cL , YfcH~ 7[tH~ 2"l'tL 
"t'f ~ TcL , "6cH , "CtH , "CtL , ~l 

rml, rm2, f ,  fAB 
M6, M16, M6A, M8, M9 

Sample Printout A 

On-Design Calcs (ONX V5.00) Date: 10/01/2002 6:00:00 AM 
File: C:\Program Fi les \AEDsys\AAF Base Line Engine.ref 

Turbofan Engine with Afterbuming 
using Modified Specific Heat (MSH) Model 

Mach No 
Alt (ft) 
TO (R) 
P0 (psia) 
Density 

(Slug/ft^3) 
Cp c 
Cp t 
Gamma c 
Gamma t 

Input Data 
= 1.451 Alpha 
= 36000 Pi f/Pi cL 
= 390.50 Pi d (max) = 
= 3.306 Pi b -- 
= .0007102 P i n  = 

Efficiency 
= 0.2400 Btu/lbm-R Burner = 
-- 0.2950 Btu/lbm-R Mech Hi Pr = 
= 1.4000 Mech Lo Pr = 
= 1.3000 Fan/LP Comp = 

Tt4 max = 3200.0 R 

= -001.000 
= 3.900/3.900 

0.960 
0.950 
0.970 

HP Comp = 

0.999 
0.995 
0.995 
0.890/0.890 
(ef/ecL) 
0.900 (ecH) 
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h - - f u e l  = 18400 Btu / lbm 

CTO L o w  = 0.0000 

CTO High  = 0.0152 
Cool ing  Ai r  #1 = 5 .000% 

Cool ing  Ai r  #2 = 5 .000% 
P0/P9 = 1.0000 

** Afterburner  ** 

Tt7 m a x  = 3600.0 R 
Cp AB = 0.2950 Btu / lbm-R 

G a m m a  AB = 1.3000 
*** Mixer  *** 

**************************  RESULTS 

l i P  Turbine = 0.890 (etH) 
LP Turbine = 0.900 (etL) 

Pwr  Mech  E l f  L = 1.000 

Pwr  Mech  E f t  H = 1.000 
Bleed  Air  = 1.000% 

Pi AB = 0.950 

Eta  A/B = 0.990 

Pi Mixer  m a x  = 0.970 
* * * * * * * * * * * * * * * * * * * * * * * * * *  

Tau r = 1.421 a0 (ft/sec) = 968.8 

Pi r = 3.421 V0 (ft/sec) = 1405.7 
Pi d = 0.935 Mass  Flow = 200.0 lbrn/sec 
TauL = 10.073 Area  Zero = 6.227 sqft 

PTO L o w  = 0.00 K W  Area  Zero* = 5.440 sqft 

PTO High  = 300.61 K W  
P t l 6 / P 0  = 12.481 T t l 6 / T 0  = 2.1997 

Pt6/P0 = 12.428 Tt6/T0 = 5.5576 
Alpha  = 0.4487 

Pi c = 20.000 Tau m l  = 0.9673 
Pi f = 3.9000 Tau m2 = 0.9731 

Tau f = 1.5479 Tau M = 0.8404 

Eta  f = 0.8674 Pi M = 0.9637 
Pi cL = 3.900 Tau cL = 1.5479 

Eta  cL = 0.8674 
P i c H  = 5.1282 M6 = 0.4000 

Tau cH = 1.6803 M16 = 0.3940 

E t a c H  = 0.8751 M 6 A  = 0.4188 
P i t H  = 0.4231 A16 /A6  = 0.2715 

Tau tH = 0.8381 G a m m a  M = 1.3250 

Eta  tH = 0.8995 CP M = 0.2782 
Pi tL = 0.4831 Eta  tL = 0.9074 

Tau tL = 0.8598 
Wi thout  AB Wi th  AB 

Pt9/P9 = 11.327 Pt9/P9 = 11.036 

f = 0.03069 f = 0.03069 
f AB = 0.03352 

F/mdot  = 62.493 lbf/( lbm/s)  F /mdot  = 110.829 

lbf/( lbm/s) 
S = 1.0862 ( lbm/hr) / lbf  S = 1.6938 

( lbm/hr) / lbf  

T9/T0 = 2.5755 T9/T0 = 5.2970 
V9/V0 = 2.402 V9/V0 = 3.384 

M 9 / M 0  = 1.542 M9/M0 = 1.531 

A 9 / A 0  = 1.080 A9 /A0  = 1.625 

A9/A8 = 2.261 A9/A8 = 2.272 
Thrust  = 12499 lbf  Thrust  = 22166 lbf  
The rma l  Eff  = 55.43% Thermal  Ef t  = 45.25% 

Propuls ive  Ef t  = 59.14% Propuls ive  E f t  = 46.26% 
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Sample Printout B 

Turbofan with AB--Dual Spool AEDsys (Ver. 3.00) 
Engine File: C:\Program Files\AEDsys\AAF Base Line Engine.ref 

Date: 10/01/2002 6:00:00 AM 

Input Constants 
Pidmax = 0.9600 Pi b = 0.9500 Eta b = 0.9990 
cp c = 0.2400 cp t = 0.2950 Gam c = 1.4000 
Pi AB = 0.9500 Eta AB = 0.9900 cp AB = 0.2950 
EtacL = 0.8674 EtacH = 0.8751 EtatH = 0.8995 
Eta mL = 0.9950 Eta mH = 0.9950 Eta PL = 1.0000 
Eta f = 0.8674 PTO L = 0.0KW PTO H = 281.9KW 
Bleed = 1.00% Cool 1 = 5.00% Cool 2 = 5.00% 
Control Limits: Tt4 ----- 3200.0 Pi c = 20.00 
** Thrust Scale Factor = 0.9372 

Parameter Reference** 
Mach Number @ 0 1.4510 
Temperature @ 0 390.50 
Pressure @ 0 3.3063 
Altitude @ 0 36000 
Total Temp @ 4 3200.00 
Total Temp @ 7 3600.00 
Pi r/Tau r 3.4211/1.4211 
Pi d 0.9354 
Pi f/Tau f 3.9000/1.5479 
Pi cL/Tau cL 3.9000/1.5479 
Pi cH/Tau cH 5.1282/1.6803 
Tau ml 0.9673 
Pi tH/Tau tH 0.4231/0.8381 
Tau m2 0.9731 
Pi tL/Tau tL 0.4831/0.8598 
Control Limit 
LP Spool RPM (% of Reference Pt) 100.00 
HP Spool RPM (% of Reference Pt) 100.00 
Mach Number @ 6 0.4000 
Mach Number @ 16 0.3940 
Mach Number @ 6A 0.4188 
Gamma @ 6A 1.3250 
cp @ 6A 0.2782 
Pt 16/Pt6 1.0042 
Pi M/Tau M 0.9637/0.8404 
Alpha 0.449 
Pt9/P9 11.0362 
P0/P9 1.0000 
Mach Number @ 9 2.2217 
Mass Flow Rate @ 0 187.45 
Corr Mass Flow @ 0 251.91 
Flow Area @ 0 5.836 
Flow Area* @ 0 5.099 
Flow Area @ 9 9.481 
MB--Fuel/Air Ratio (f) 0.03070 
AB--Fuel/Air Ratio (fAB) 0.03353 
Overall Fuel/Air Ratio (fo) 0.05216 
Specific Thrust (F/m0) 110.83 
Thrust Spec Fuel Consumption (S) 1.6941 
Thrust (F) 20775 
Fuel Flow Rate 35195 
Propulsive Efficiency (%) 46.26 
Thermal Efficiency (%) 45.25 
Overall Efficiency (%) 20.93 

Pin  = 0.9700 
Gam t = 1.3000 
Gam AB = 1.3000 
Eta tL = 0.9074 
Eta PH = 1.0000 
hPR = 18400 

Test** 
1.8000 
390.00 
2.7299 
40000 

3200.00 
3600.00 

5.7458/1.6480 
0.9067 

3.0054/1.4259 
3.0054/1.4259 
4.7208/1.6377 

0.9673 
0.4231/0.8381 

0.9731 
0.5023/0.8667 

Tt4 
94.88 

100.00 
0.3835 
0.4559 
0.4187 
1.3282 
0.2762 
1.0492 

0.9735/0.8268 
0.530 

13.3874 
1.0000 
2.3377 
188.72 
196.83 
5.734 
3.985 

10.736 
0.02975 
0.03371 
0.05080 

104.69 
1.7468 
19757 
34513 
53.42 
47.10 
25.16 
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Sample Printout C 

Turbofan with AB--Dual Spool AEDsys (Ver. 3.00) 
Engine File: C:\Program Files\AEDsys\AAF Base Line Engine.ref 

Date: 10/01/2002 6:00:00 AM 

Input Constants 
Pidmax = 0.9600 Pi b = 0.9500 Eta b = 0.9990 
cp c = 0.2400 cp t = 0.2950 Gam c ---- 1.4000 
Pi AB = 0.9500 Eta AB ---- 0.9900 cp AB = 0.2950 
EtacL = 0.8674 EtacH ---- 0.8751 EtatH = 0.8995 
Eta mL = 0.9950 Eta mH ----- 0.9950 Eta PL = 1.0000 
Eta f = 0.8674 PTO L = 0.0KW PTO H = 281.9KW 
Bleed = 1.00% Cool 1 = 5.00% Cool 2 = 5.00% 
Control Limits: Tt4 = 3200.0 Pi c = 20.00 
** Thrust Scale Factor = 0.9372 

Parameter Reference** 
Mach Number @ 0 1.4510 
Temperature @ 0 390.50 
Pressure @ 0 3.3063 
Altitude @ 0 36000 
Total Temp @ 4 3200.00 
Total Temp @ 7 3600.00 
Pi r/Tau r 3.4211/1.4211 
Pi d 0.9354 
Pi f/Tau f 3.9000/1.5479 
Pi cL/Tau cL 3.9000/1.5479 
Pi cH/Tau cH 5.1282/1.6803 
Tau ml 0.9673 
Pi tH/Tau tH 0.4231/0.8381 
Tau m2 0.9731 
Pi tL/Tau tL 0.4831/0.8598 
Control Limit 
LP Spool RPM (% of Reference Pt) 100.00 
HP Spool RPM (% of Reference Pt) 100.00 
Mach Number @ 6 0.4000 
Mach Number @ 16 0.3940 
Mach Number @ 6A 0.4188 
Gamma @ 6A 1.3250 
cp @ 6A 0.2782 
Pt 16/Pt6 1.0042 
Pi M/Tan M 0.9637/0.8404 
Alpha 0.449 
Pt9/P9 11.0362 
P0/P9 1.0000 
Mach Number @ 9 2.2217 
Mass Flow Rate @ 0 187.45 
Corr Mass Flow @ 0 251.91 
Flow Area @ 0 5.836 
Flow Area* @ 0 5.099 
Flow Area @ 9 9.481 
MB--Fuel/Air Ratio (f) 0.03070 
AB--Fuel/Air Ratio (fAB) 0.03353 
Overall Fuel/Air Ratio (fo) 0.05216 
Specific Thrust (F/m0) 110.83 
Thrust Spec Fuel Consumption (S) 1.6941 
Thrust (F) 20775 
Fuel Flow Rate 35195 
Propulsive Efficiency (%) 46.26 
Thermal Efficiency (%) 45.25 
Overall Efficiency (%) 20.93 

Pi n = 0.9700 
Gam t = 1.3000 
Gam AB = 1.3000 
Eta tL = 0.9074 
Eta PH = 1.0000 
hPR = 18400 

Test** 
1.9000 
390.00 
2.4806 
42000 

2277.00 
1269.42 

1.6913/1.1620 
0.9600 

2.8692/1.4051 
2.8692/1.4051 
4.5285/1.9197 

0.9673 
0.4231/0.8381 

0.9731 
0.5023/0.8705 

Tt4 Set 
77.70 
81.97 

0.3748 
0.4814 
0.4185 
1.3302 
0.2750 
1.0706 

0.9779/0.8119 
0.576 

4.0243 
1.0000 
1.5814 
59.80 

195.80 
3.999 
3.964 
3.553 

0.01975 
0.00000 
0.01115 

43.50 
0.9228 

2601 
2400 

55.78 
43.25 
24.12 
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5.3 Component Behavior 
Off-design cycle analysis requires a model for the behavior of each engine 

component over its actual range of operation. The more accurately and completely 
this is done, the more reliable the computed results. Even though the approach 
(constant efficiency of rotating components and constant total pressure ratio of the 
other components) used in this textbook gives answers that are perfectly adequate 
for this type of preliminary design, it is important to know that the usual industrial 
practice is to use data or correlations having more accuracy and definition in the 
form of component "maps." The material in this section will explain the role and 
usefulness of these maps and will demonstrate that the approach of this textbook 
is essentially correct. Indeed, the principal values of the maps are to improve the 
understanding of component behavior and to slightly increase the accuracy of the 
results. 

5.3.1 Dimensionless and Corrected Performance Parameters 

The first step is to use dimensional analysis to identify correlating parameters 
that allow data taken under one set of conditions to be extended to other conditions. 
This is necessary because it is always impractical to accumulate experimental data 
for the bewildering number of possible operating conditions and because it is often 
impossible to reach many of them in a single, affordable facility. 

The quantities of pressure and temperature are normally made dimensionless by 
dividing each by their respective standard sea level static value. The dimensionless 
pressure and temperature are represented by ~ and 0, respectively. When total 
(stagnation) properties are nondimensionalized, a subscript is used to indicate the 
station number of that property. The only static properties made dimensionless are 
freestream, the symbols for which carry no subscripts. Thus, 

¢~i "~ e t i /  estd (5.21) 

and 

Oi ~ Tti /  T~ta (5.22) 

where Pstd = 2116.2 lb/ft z and Tstd = 518.69°R. 
Dimensional analysis of engine components yields many useful dimensionless 

and/or modified component performance parameters. Some examples of these are 
the compressor pressure ratio, adiabatic efficiency, Mach number at the engine face, 
ratio of the blade (tip) speed to the speed of sound, and the Reynolds number. 2 

The "corrected mass flow rate" at engine station i used in this analysis is defined 
as 

ITt ci ":- m i ~ i i  / ~ i (5.23) 

and is related to the engine face Mach number. The "corrected engine speed" is 
defined as 

N,.i - -  N /v/-~i (5.24) 

and is related to the Mach number of the rotating airfoils. 
There is another interpretation of the corrected mass flow rate that you may 

find intuitively appealing. Starting from the definition of the mass flow parameter, 
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substituting Eqs. (5.21-5.23), and rearranging, you will find that 

• estdAi 
mci = V~std MFPi 

Thus, rnci is the amount of mass that would flow under standard conditions if Ai 
and MFPi (i.e., F and Mi) were fixed. In other words, it is the mass flow that would 
be measured if a given machine were tested at standard conditions with the critical 
similarity parameter Mi kept equal to the desired operating value. 

It must be understood that this selection of parameters represents a first approx- 
imation to the complete set necessary to reproduce nature. This collection would 
not reflect, for example, the effects of viscosity (Reynolds number), humidity, or 
gas composition. Nevertheless, it is extremely useful and has become the propul- 
sion community standard. When required, the effects of the mission parameters 
are supplied by "adjustment factors" also based upon experience. Please note also 
the appearance, for the first time, of rotational speed (N), a quantity of obvious 
significance to the structural designer• 

5.3.2 Fan and Compressor Performance Maps 
The performance map of a compressor or fan is normally presented using the 

following performance parameters: total pressure ratio, corrected mass flow rate, 
corrected engine speed, and adiabatic efficiency. 

The performance of two modem high-performance fan stages is shown in this 
format in Fig. 5.4. They have no inlet guide vanes. One has a low tangential 
Mach number (0.96) to minimize noise. The other has supersonic tip speed and a 
considerably larger pressure ratio. Both have high axial Mach numbers. 

Variations in the axial flow velocity in response to changes in pressure cause 
the multistage compressor to have quite different mass flow vs pressure ratio 
characteristics than one of its stages. The performance map of a typical high- 
pressure ratio compressor is shown in Fig. 5.5. 

A limitation on fan and compressor performance of special concern is the stall 
or surge line. Steady operation above the line is impossible and entering the region 
even momentarily is dangerous to the engine and aircraft. 
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1.2- 

1.1 

2.0 

p ° i n t ~  ~ 1 1 0  .~ design 

°perating l i n e r S .  ~'80 ~J~., I j:~ 1.8' 

stall line / , ~  i "100 09 -t/,ZN°8' 
N~:2 

1.4- 
"" " ~ 6 5  L~ Eft= 0.85 0.86 
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% Design Corrected Mass Flow 
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1.2 

operating line ~ / ~  082 

design p ° i n t ' ~ "  ~/i "Eft = 0.80 

°-84,~,',~ V; l 

I I I I t 
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Fig .  5 .4  T y p i c a l  f a n  s t a g e  m a p s .  3 
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5.3.3 Combustor Maps 
The combustor performance parameters that are most important to overall en- 

gine performance are the pressure loss through the combustor and combustion 
efficiency. The pressure loss performance of a combustor (rOb) is normally plotted 
vs the corrected mass flow rate through the combustor (rh3x/~3/83) for different 
fuel-air ratios as shown in Fig. 5.6a. The efficiency of the combustor (fib) Can be 
presented as a plot vs the temperature rise in the combustor or fuel-air ratio for 
various values of inlet pressure as shown in Fig. 5.6b. 

5.3.4 Turbine Maps 
In a turbine, the entry stationary airfoils, often called inlet guide vanes or noz- 

zles, expand the entering flow and discharge it into rotating airfoils, known as 
rotors or blades. The flow of gas through the turbine nozzles has much in com- 
mon with the flow of a compressible fluid through an exhaust nozzle, including 
choking at the minimum area when the backpressure is below the critical value. 
Therefore, the flow through the turbine nozzles is a function of the turbine pressure 
ratio (Trt), the turbine inlet total pressure (Pt4), and the turbine inlet total temper- 
ature (Tt4) when the nozzles are operating at a subcritical pressure ratio and are 
not choked. Conversely, the flow through the turbine nozzles depends only upon 
the inlet total pressure (Pt4) and the inlet total temperature (Tt4), once choking 
occurs. 

The work extraction of modem gas turbines is usually so large, and 7rt so small, 
that the nozzles are usually choked for the design point and the surrounding region. 
If  not, the throat Mach number is sufficiently close to one that the mass flow 
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parameter approximates that of  choking (Ref. 1). The analytical convenience this 
makes possible has already been capitalized upon in Chapters 4 and 5. 

The parameters that are normally used to express the performance of a turbine 
are total pressure ratio, corrected mass flow rate, corrected engine speed, and 
adiabatic efficiency. 

Figure 5.7 shows the reciprocal turbine total pressure ratio ( 1/:rrt ), also known as 
the expansion ratio, plotted as a function of the corrected mass flow rate (rh4 ~'04/34) 
and corrected mechanical speed (N/4~4). The maximum flow of gas that can be 
accommodated by the nozzles when choked is clearly evident. 

For reasons of size, it is desirable that the turbine mass flow rate per annulus 
area be as large as possible, which also points to choking and a high reciprocal 
total pressure ratio (1/~rt). Because the mass flow rate is nearly independent of  
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speed for the pressure ratios of interest, all speed characteristics collapse onto a 
single line when plotted vs the turbine expansion ratio (1/zrt) and the turbine has 
the mass flow characteristics of a choked nozzle• So that only one map is required 
to show the performance of a turbine, the abscissa can be taken as the corrected 
mass flow rate multiplied by the corrected engine speed; thus, a separate plot for 
the turbine adiabatic efficiency is not required. A map for a typical 50% reaction 
(at mean radius single-stage turbine is shown in this format in Fig. 5.8. 
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Fig. 5.8 Typical turbine map. 
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Because the turbine adiabatic efficiency does not vary as rapidly with off-design 
variations as in a compressor, the turbine characteristic can be approximated for 
preliminary design calculations by a constant adiabatic turbine efficiency (t/t) and 
a choked mass flow characteristic. These are the characteristics that were used in 
performance analysis. 

5.3.5 Component Matching 
This is the time to clarify what appears to be a shortcoming or internal incon- 

sistency in the off-design calculation procedure. The heart of the matter is this: 
the off-design equations are silent with regard to the rotational speeds of the ro- 
tating machines, despite the obvious fact that each compressor is mechanically 
connected via a permanent shaft to a turbine, whence they must always share the 
same rotational speed. The rotational speed will, in general, be different from the 
design point speed and, for this purpose, dimensionless compressor and turbine 
performance maps (e.g., Figs. 5.4 and 5.8) also contain data pertaining to rotational 
speed. It would seem, then, that the off-design equation set lacks some true physical 
constraints (i.e., Arc = Nt) and must therefore produce erroneous results. The fol- 
lowing discussion will demonstrate that this appearance is, fortunately, misleading. 

The business of ensuring that all of the relationships that join a compressor 
and turbine are obeyed, including mass flow, power, total pressure, and rotational 
speed, is known as "component matching." The off-design calculation procedure of 
this textbook correctly maintains all known relationships except rotational speed. 

The simplest and most frequently cited example of component matching found 
in the open literature is that of developing the "pumping characteristics" for the 
"gas generator" (i.e., compressor, burner, and turbine) of a nonafterburning, single- 
spool turbojet (e.g., Refs. 1, 2, 5-7). Careful scrutiny of this component matching 
process reveals that the compressor performance map is used to update the estimate 
of compressor efficiency and to determine the shaft rotational speed; the turbine 
performance map and shaft rotational speed are then used only to update the 
estimate of turbine efficiency. In other words, the main use of enforcing Arc = Art 
is to provide accurate values of compressor and turbine efficiency. 

If suitable compressor and turbine performance maps were available, they could, 
of course, be built into the off-design calculation procedure, and the iteration just 
described would automatically be executed internally. When such performance 
maps are not available, as is often the case early in a design study, the best approach 
is to supply input values of t/c and t/t based on experience. This "open-loop" method 
can also be employed later when satisfactory performance maps become available. 

The principal conclusion is that accurate estimation of t/c and t/t at the off-design 
conditions has the same result as using performance maps and setting Nc = Nt. 
Consequently, the off-design calculation procedure of this textbook is both correct 
and complete. An important corollary to this conclusion is that the "operating line" 
(i.e., Jr or r vs rhv'CO/8) of every component in the engine is a "free" byproduct of 
the off-design calculations, even when the engine cycle is arbitrarily complex. 

To make these conclusions even more concrete, it is useful to look more closely 
at the turbine. According to the typical turbine performance map of Fig. 5.8, this 
machine can provide the same work (i.e., 1 - rt) for a wide range of No = Nt, 
while t/t varies only slightly. Please recall that as long as the flow in the turbine 
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Fig. 5.9 Single stage impulse turbine. 

inlet guide vane and some downstream flow area remains choked and rh does 
not vary significantly, then Eq. (5.2) has demonstrated that ~rt and rt must be 
essentially constant. The question, then, is how the turbine flow conditions can 
adjust themselves in order to provide the same rt at different values of (or. If  the 
mechanics of adjustment are straightforward, then the entire process of component 
matching should be more easily comprehended. 

Consider the single-stage, impulse, maximum work (i.e., no exit swirl), is- 
entropic, constant height turbine of Fig. 5.9 (see Ref. 2). At its design point, this 
turbine has a choked inlet guide vane and an entirely subsonic flow relative to the 
rotor. The flow angles are all representative of good practice. In short, this is a 
rather standard design. 

Isentropic calculations have been performed at rotational speeds ±10% from 
design, which would encompass the entire operating range for most compressors. 
The necessary condition for a solution was that rt have a design point value of 
0.896. The results are displayed in Table 5.2. 

These results confirm the message of the Euler turbine equation. Since (1 - rt) 
is proportional to (orm(1)2R  - -  1.'3R), then M2, Men,  and M 3 R  must increase in order 
to compensate for reductions in (orm, and vice versa. Nevertheless, even for such 
large differences in Wrm, the aerodynamic results are far from disastrous. For one 
thing, the inlet guide vanes remain choked (M2 > 1) and the rotor airfoils remain 
subsonic (M21¢ < 1 and M3R < 1) at all times. For another, the rotor airfoil relative 
inlet flow angle (/32) and the inlet flow angle to the downstream stator airfoils (~3) 
are well within the low loss operating range for typical turbine cascades. Finally, 
one might expect the frictional losses to increase and the efficiency to decrease as 
(orm decreases and the blade scrubbing velocity increases, but only gradually. 
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Table 5.2 Turbine off-design performance 

Quantity - 10% Design + 10% 

Wrm, ft/s 900 1000 1100 
M2 1.22 1.10 1.02 
0/2, deg 50.6 52.0 52.4 
f12, deg 35.2 32.6 28.4 
MzR 0.947 0.804 0.708 
M3R 0.820 0.804 0.790 
0/3, deg -4.2 0 3.5 
rt 0.899 0.896 0.898 

Tt2 = 2800°R; y = 1.33; gcR = 1716 ft2/(s2--¢~R). 

This turbine therefore performs gracefully as expected, providing the same rt 
with slight changes in Ot for a wide range of Arc = Nt, all of the while remaining 
choked. 

5.3.6 Engine Performance Program Predictions 
The engine performance portion (referred to as Engine Test) of the AEDsys 

program, based on the equations developed in this chapter, can determine the 
performance of many types of engines at different altitudes, Mach numbers, and 
throttle settings. The accuracy of the resulting computer output depends on the 
validity of the assumptions specified in Sec. 5.2.2. The engine speed (N) is not 
incorporated in the off-design equations and is needed only when the efficiency of 
the rotating components (fan, compressor, or turbine) vary significantly over the 
operating speed (N) of the engine. Thus, the assumption of constant component 
efficiency (Of, 0eL, 0cH, Or/4, and OtL) removes the engine speed from the system 
of equations for prediction of off-design performance. This absence of engine 
speed from the off-design equations allows the determination of engine perfor- 
mance without the prior knowledge of each component's design point (knowl- 
edge of each component's design point and off-design performance by way of 
a map is required to include engine speed in the off-design performance). As 
shown in the maps of Figs. 5.4, 5.5, and 5.8, the efficiency of a rotating compo- 
nent remains essentially constant along the operating line in the 70-100% engine 
speed range of design N/x/-O. However, a significant reduction in component ef- 
ficiency occurs when the engine speed exceeds 110% or drops below 60% of 
design N / v"O. 

The component maps of Figs. 5.4, 5.5, and 5.8 give considerable insight into 
the variation of engine speed with changes in flight conditions. High values of 
fan or compressor pressure ratio correspond to high engine speed and low val- 
ues of pressure ratio correspond to low engine speed. Figures 4.5, 4.6, 4.7, 4.9, 
and 4. l0 show that pressure ratio increases with altitude and decreases with Mach 
number with Tt4 held constant. Thus, engine speed increases with altitude and 
decreases with Mach number with Tt4 held constant. The operating regimes where 
the assumption of constant component efficiency may not apply then correspond 
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to the regions of high-altitude/low Mach number and low-altitude/high Mach 
number flight. Some of the high-altitude/low Mach number region is excluded 
from the operational envelope of many aircraft because of its low dynamic pres- 
sure and the high coefficient of lift (CL) required to sustain flight. Some of the 
low-altitude/high Mach number region is excluded from the operational envelope 
of many aircraft because of the structural limits of the airframe and the presence 
of very high dynamic pressure in this flight region. 

The effect of decreasing component efficiency is to reduce the pressure ratio, 
engine air mass flow rate, and thrust and increase the thrust specific fuel consump- 
tion from that predicted by the off-design computer program. The magnitude and 
range of this effect depends on each component's design and design point, which 
are not known at this point in the analysis. 

The predicted performance of the engine over the aircraft mission is used to 
select the best engine cycle, size the selected engine, and select component design 
points. Output of the performance portion (Engine Test) of the AEDsys computer 
program can be used to create plots of the compressor operating line at full throttle, 
as shown in Fig. 5.10, and the variation of the compressor pressure ratio at full 
throttle with changes in the flight condition, as shown in Fig. 5.11. However when 
the maximum compressor pressure ratio that the engine control system will allow 
is equal to the sea-level static value, the control system limits the fuel flow and 
the compressor pressure ratio is limited as shown at low Mach/high altitude in 
Fig. 5.11. 
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Fig. 5.10 Predicted compressor operating llne. 
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Fig. 5.H Predicted compressor pressure ratio at full throttle (TR = ]). 
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5.4 Example Engine Selection: Performance Cycle Analysis 

In the example of Chapter 2, the takeoff wing and installed thrust loadings 
of WTo/S = 64 lbf/ft 2 and TsL/Wro = 1.25 were selected for the Air-to-Air 
Fighter (AAF) of the Request for Proposal (RFP) of Chapter 1 in order to en- 
sure that all of the AAF flight constraints of the RFP are met. The mission 
analysis in Sec. 3.4 produced the AAF takeoff weight of WTO = 24,000 lbf, 
which established the required AAF wing area and sea level installed thrust to 
be S = 375 ft 2 and TsL = 30,000 lbf. 

The parametric cycle analysis example of Chapter 4 narrowed the seemingly 
unlimited range of engine design choices for the AAF to reasonable and manage- 
able ranges and found that the search for a design point engine for the AAF must 
focus on reduced fuel consumption. In addition, the Chapter 4 parametric sensitiv- 
ity analysis led to the conclusions that the selection of the engine design point fan 
and compressor pressure ratios should be from the high sides of their respective 
ranges and that the design point combustor and afterburner temperatures should 
be allowed to drift down from their limiting values. Moreover, the high altitude 
and high Mach number operational requirements of the AAF require an engine 
with a high specific thrust to obtain a low frontal area for reduced drag. This drives 
the engine selection to that of an afterburning, low bypass, mixed flow turbofan 
engine. 

Because the engine design point choice is based on thrust specific fuel con- 
sumption and specific thrust, the design point selection is independent of the engine 
thrust. Thus, whether the AAF is a single- or two-engine fighter need not be known 
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until the engine is sized. When the engine is sized, however, in Chapter 6, the 
number of engines must be specified by the airframe and propulsion design teams. 

With the detailed results of the preceding examples and the parametric 
(on-design) and performance (off-design tools) embedded in the textbook's com- 
puter programs ONX and AEDsys, the systematic search begun in Chapter 4 for 
an optimum combination of engine design choices that satisfy the AAF mission 
requirements will now be extended. In the search here, the influence of each of 
the design parameters on the engine performance at the off-design critical flight 
conditions of the mission is determined. The goal is to find the best combination 
of design choices for the AAF engine. The search is well on its way as a result of 
the extensive work accomplished in Sec. 4.4. 

5.4.1 Critical Flight Conditions 
The first engine to be selected in the search for the optimum AAF design point 

engine will serve as the baseline engine. The performance of this engine over the 
critical legs of the mission forms a basis for comparison of other engine candidates. 
It is necessary at the outset, therefore, to establish which mission legs are to be 
judged as critical for the search. Any leg that 1) has a high fuel consumption 
(low Iq) as determined from Table 3.E3 and Sec. 3.4.4; 2) represents a boundary 
of the solution space in the revised constraint diagram of Fig 3.E5; or 3) is an 
extreme operating condition should be considered critical. Based on these criteria, 
the flight conditions listed in Table 5.El are considered critical for this study. The 
power setting or, if the leg is at constant speed, the required uninstalled thrust 
[Freq = D/0.95, allowing in Eq. (6.1) for 5% installation losses] is given in the 
table for each mission leg listed. The required thrust can be used in the AEDsys 
performance analysis to find the requisite throttle setting (i.e., Tt4 and TtT) for type 
B, Ps = 0 legs. The weight fraction and the estimated installed thrust specific fuel 
consumption (TSFC) obtained in Sec. 3.3 are also listed for those legs considered 
fuel critical. The last four legs given in the table represent the takeoff constraint 
boundary limit, Combat Turn 2 constraint (0.9/30 kft, 5g), and the maximum Mach 
number extreme operating condition. 

5. 4.2 Mission Fuel Consumption 
Mission fuel usage plays a dominant role in the selection of the AAF engine 

design. There are two methods for calculating the fuel used: 1) the mission analysis 
portion of the AEDsys computer program, or 2) an estimate based on the algebraic 
analysis of Sec. 3.4.2. 

Computer calculated mission analysis. Based on an input takeoff weight, 
the mission analysis portion of the AEDsys computer program flies the aircraft 
and reference point engine through the mission and determines the fuel used for 
each leg and the overall fuel used. This powerful tool includes the engine per- 
formance engine model described in this chapter. All you need to do to begin is 
design an engine using the ONX computer program's "single point" calculation 
capability and save the resulting reference engine as a reference data file (*.REF). 
The reference data file is then input into the AEDsys program by selecting "Cycle 
Deck" from the Engine pull-down menu (or opening the "Engine Data" window), 
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Table 5.El AAF critical mission legs 

Mission phases and segments 

Table 3.E3 

M0 Alt, kft Freq, lbf 1-'[ TSFC, 1/h 

1-2: A--Warm-up 0.00 2 a Mil 0.9895 0.9352 
2-3: E--Climb/acceleration 0.875 23 Mil 0.9806 1.067 
3-4: Subsonic cruise climb 0.9 42 2,600 0.9736 1.015 
5-6: Combat air patrol 0.697 30 2,366 0.9675 0.9883 
6-7: F--Acceleration 1.09 30 Max 0.9837 1.688 
6-7: G--Supersonic 1.5 30 11,305 0.9382 1.203 

penetration 
7-8: I--1.6M/5g turn 1.6 30 19,170 0.9753 1.509 
7-8: J----O.gM/5g turns 0.9 30 14,840 0.9774 1.544 
7-8: K Acceleration 1.2 30 Max 0.9828 1.713 
8-9: Escape dash 1.5 30 11,190 0.9795 1.203 
10-11: Subsonic cruise climb 0.9 48 1,926 0.9698 1.015 
12-13: Loiter 0.394 10 1,747 0.9677 0.9825 
1-2: B--Takeoff acceleration 0.1 2 a Max 
1-2: C--Takeoff rotation 0.182 2 a Max 

0.gM/5g turns at 0.9 30 16,030 
Maneuver weight 

Maximum Mach 1.8 40 10,210 

aAtl00°F. 

selecting the "input reference data file" function, and entering the file name. Then 
the maximum compressor pressure ratio (and other operational limits) must be 
entered into the engine controls input data. The constant installation loss model 
is selected until better installation loss models become available (see Chapter 6) 
and the appropriate estimate of the loss entered into the input field. Then the 
"Engine Data" window is closed and the "Mission" window opened. Each leg of 
the mission is reviewed and the appropriate throttle limits set for Tt4. Refer to the 
AEDsys Users Manual on the accompanying CD-ROM for detailed instructions. 

Algebraic mission analysis estimate. The mission fuel fraction, from 
Sec. 3.4.2, is 

WF 1- -  + - -  1 - -  + - -  1 - -  (5.El) 
WTO Wro Wro 

Because this expression is a function of  the weight fractions l-i, l-i, and l-I, the 
In jn kn 

most important need is for a simple method for finding the weight fraction (I-[) 
ij 

of each critical mission leg for a 2given engine design. As a critical mission leg 
is flown with different reference point engines, only the value of the TSFC term 
of Table 5.El will change in the weight fraction equation for the leg. Therefore, 
from either Eq. (3.14) when Ps > 0 or Eq. (3.16) when Ps = 0, for any given leg 
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flown with a different engine, 

H = exp{-TSFC x constant} (5.E2) 
i j  

and for the special case of warm-up with a different engine, Eq. (3.42) yields, 
assuming the same thrust lapse for all engines, 

U = 1 - TSFC x constant (5.E3) 
i j  

Therefore, in order to find 1-[ for a candidate engine in the search for an optimum 
i j  

engine, it is necessary only to adjust the Table 5.El value of l--[ to reflect the new 
i j  

TSFC as found from the engine cycle analysis. It is important to recall at this 
point that the TSFC values of Table 5.El are based on the highly generalized 
models found in Sec. 3.3.2. You should therefore expect to find differences, some 
significant, between the universal models and the AEDsys cycle computations. 
The goal of the search remains, in fact, to find reference point engines that, on 
balance, are clearly superior. 

Because the AEDsys engine performance analysis gives S, the uninstalled thrust 
specific fuel consumption, the mission analysis TSFC is estimated as S/0.95, which 
allows 5% for installation losses. Therefore, the adjusted mission leg fraction 
{(I-DN} can be found from Table 5.El data and the AEDsys engine performance 

i j  
analysis data by the equations 

N \ i  j /  

in general, and 

1 

N 

for warm-up. These equations follow directly from Eqs. (5.E2) and (5.E3). 

(5.E4) 

(5.E5) 

5. 4.3 Getting Started 
The search for the AAF engine begins with a baseline reference point engine and 

its off-design performance over the critical mission legs given in Table 5.El. But 
how are the design choices (M0, h, zrc, ~rf, or, Tt4, TtT, and Mr) for the first engine 
to be chosen? A great wealth of guidance is available to help with this selection. 
In the first place, the reference point study of Sec. 4.4 reduced the design choices 
to the following manageable ranges: 

1 . 2 < M 0 <  1.6 

3 0 < h < 4 5 k f t  

15 </rc  < 25 

0.3 < o t < 0 . 4  
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3 < 7 r f  < 5  

Tt4 ~ 3200°R 

T,7 < 3600°R 

0.35 < M6 < 0.45 

In addition, the conclusions of the sensitivity study of Sec. 4.4.5 indicated that Tgf 
and 7rc should be selected from the high ends of their respective ranges, while, Tt4 
and/or To should be allowed to drift down from their limiting values in order to 
reduce fuel consumption. Moreover, as shown in Sec. 4.3.4, the selections of 7rc 
and 2"/'f are interdependent. Because we will select cycles for which 

try ~ ZrcL (5.E6) 

then, from Eq. (4.34) 

1 
7Ccn ~ - -  (5.E7) 

7rtHTgtL 
Finally, because zra4 and zrtL must be less than about 0.5 in order to ensure that the 
turbine entrance nozzles are choked, we conclude that 

rrd4 > 4 (5.E8) 

Simultaneously, note that the requirement that zrtH and 7"gtL be less than 0.5 
requires "CtH and rtL to be less than about 0.87 [see Eqs. (4.9d) and (4.9e)]. This 
impacts on the selection of try and a because Jrf, or, ra4, and rtL are  related through 
the low pressure spool power balance. As an approximation for the purposes here, 
consider the low spool power balance for a turbofan with no bleed air, no turbine 
cooling, and no power takeoff. Solving the low-pressure spool power balance 
equation [Eq. (4.22a)] for 7rf yields 

{ r]mL rgk VSml r:tHTgm2(1-- 72tL) lh4.5 } g'e/ /(Y'-l) 
try = 1 + (1 + oe)rr the- (5.E9) 

where, from Fig. 4.2 

rh4.5 
= (1 - fl - el - e 2 ) ( 1  + f )  + el + e2 ~ 1 

rhc 

Thus, Eq. (5.E9) provides a relationship between zrf and a for the given flight 
conditions and design constants and for the approximate value of 0.87 for rtH and 
r2tL. 

Finally, as mentioned in Sec. 4.3.4, common sense would encourage keeping 
the design choice of M6 in the range 0.354).45 because it is certain to migrate 
away during off-design operation. 

5.4.4 The Baseline Engine 
The search is begun by selecting the reference point for a baseline engine, verify- 

ing its operating envelope, performing a sensitivity analysis at its design point, and 
determining its off-design performance. The sensitivity analysis provides guidance 
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in selecting subsequent engines to be studied, while the detailed off-design perfor- 
mance of the baseline engine will illustrate the off-design analysis to be followed 
for other candidate engines in the search. As noted in Sec. 4.2.8, the MSH (Mod- 
ified Specific Heat) model is used in all of the ensuing AAF engine performance 
calculations. 

Selection: baseline engine. Referring to the discussion of Sec. 4.4.4, the 
reference point flight conditions for the baseline engine are selected to be M0 = 
1.451 and 36,000 ft (00 = 1.07). The design values of Tr4 and Tt7 a r e  selected to be 
3200°R and 3600°R. These choices fix rr and rz at 1.421 and 10.07, respectively. 

Now Eq. (5.E9) is used to relate the selection ofYr/ande. Using Fc = 1.4, vtt-/= 
rtL = 0.87, Vml ---- r m2  = 0.97, OraL = 0.995, e f  ---- 0.89, and lh4.5/tn C ---- 1.02 
along with the design point values of rr and rz, Eq. (5.E9a) yields 

{ 0.765} 3'2 
~ f =  1 + 1 - - -~  

Selecting a midrange bypass ratio of 0.4 for or, the reference point choice of 2Tf 

from this equation is about 3.9. As suggested by the sensitivity study and in order 
to make Zrcn > 4.0 [Eq. (5.E8)], a high range value of 20 is selected for 7rc, which 
from Eq. (5.E7) gives a reference point value of 5.13 for erie. Finally, the Mach 
number at station 6 is chosen to be 0.4 at the reference point. 

Before the performance of any engine with power takeoff can be calculated, 
an estimate of the nondimensional power takeoff (CTo) is required. We elect to 
have the 300 kW of external power driven by the high-pressure spool to minimize 
the impact on the mixer. Because the power takeoff, Pro, is a small fraction of 
the overall power produced by the high-pressure turbine, a rough estimate of the 
nondimensional power takeoff will suffice at this point. With 

PTO _ I Pr° } F 
CTO -- thoh~o [ Fho rh---oo 

then values of F and F/tho need be determined only to obtain the desired estimate 
because Pro / ho is known. From Table 4.1, F/Fno is estimated to be 110 lbf/(lbm/s). 
Thus, with F = TSL = 30,000 lbf, we find the mass flow at the sea level static to 
be 

Fno = F/(F/r'no) ~ 270 lbm/s 

which is also the corrected mass flow rate at sea level static. Like the maximum 
compressor pressure ratio, the corrected mass flow rate is limited to its sea level 
static value for flight conditions where 00 < TR (see Appendix D). Because this 
point corresponds to 00 .-~ TR, the mass flow rate at the reference point can be 
calculated from the corrected mass flow rate using Eq. (5.23) rewritten as 

m o  = , h 2  = 

With rnc2 = 270 Ibm/s, 02 -- 00 = TR = 1.07, and 62 = 7rd3o = zrrrra6 = (3.421) 
(0.9354)(0.2250) = 0.7200, then 

rho = 270 × 0.720/l~/L~.07 ~ 200 lbm/s 
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Hence, the nondimensional power takeoff, with Pro = 300 kW and h0 = 
93.72 Btu/lbm [Cp¢ = 0.24 Btu/(lbm-°R), To = 390.5°R, and h0 = cpcTo], is 
estimated to be 0.01517 or in round figures, say, 0.0152, which makes Pro = 
300.6 kW ,~ 300 kW. 

All engines to be examined in the search will use this design point value of 
0.0152 for Cro. In addition, the mixer inlet design point Mach number (M6) will 
be 0.4 for all engines to be studied. 

Please bear in mind the fact that the size or scale of the engine, as represented 
here by th0, can and will be easily changed within AEDsys to match the precise 
requirements of the aircraft system over the entire mission. Moreover, the scale of 
the engine has no effect on any specific performance properties, which includes 
the vast majority of the engine cycle quantities of interest. 

In summary, the reference point parameters for the baseline engine are as 
follows: 

M0 = 1.451 2"{f = 3.9 Tt4 = 3200°R CroH = 0.0152 

h = 36 kft a = 0.4487 Tt7 = 3600°R 

zrc = 20 M6 = 0.4 m0 = 200 lbm/s 

Note that the bypass ratio has increased from its initial assumed value of 0.4 to 
0.4487. This is mainly caused by the decreases in "CtH and TtL from their assumed 
values of 0.87 (see the following). 

The reference point performance of this engine at military power is summarized 
next. Performance results of particular interest are F/tho and S. These and other 
data, which are of interest because they are the cumulative result of many approxi- 
mations and arguments (Sec. 5.4.3) used as guidance in the selection of the design 
choices, are as follows: 

F/rho = 62.49 lbf/(lbm/s) 

7rtH = 0.4231 < 0.5 

zrtL = 0.4831 < 0.5 

rtH = 0.8381 < 0.87 

S = 1.0863 (lbm/h)/lbf 

7JtL = 0.8598 < 0.87 

e t 6 /  e t l 6  = 1.0 

MI6 = 0.394 ,-~ M6 = 0.4 

Operating envelope: baseline engine. Before examining the performance 
of the baseline engine, it is important to first ascertain the Mach number and altitude 
ranges over which the engine can operate at full throttle (Tt4max with or without 
afterburning), i.e., its full throttle operating envelope. It may come as a surprise at 
first that an engine might not be able to operate at certain combinations of Mach 
number and altitude. The full throttle Mach number and altitude operational limits 
of a mixed flow turbofan engine are caused by the requirement that both the Kutta 
condition (P6 = P16) in the fixed area mixer and the power balance between the 
fan plus low-pressure compressor and the low-pressure turbine (which fixes P6) 
must be satisfied simultaneously. There are Mach number/altitude combinations 
where both of these conditions cannot be met simultaneously, as indicated by the 
inability of the Engine Test feature of the AEDsys computer program to converge 
on a solution for MI6 and]or TtL. 

To find these boundaries for the baseline engine, a performance analysis is 
performed using the Engine Test feature of the AEDsys program with full throttle 
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(with imposed limits of Tt4 m a x  m _  3200°R, 7rc m a x  - ~ -  20, and T,3 m a x  = 1660°R) over 
the expected Mach number/altitude envelope of the AAE The results are shown in 
Fig. 5.E 1 as the variations of M6, M]6, and rtL with Mach number at constant values 
of altitude. The right endpoints in the plots are limiting operating points for the en- 
gine. The values of Mach number and altitude at these points determine an engine's 
operational envelope (e.g., see Fig. 5.E4) in a Mach number/altitude coordinate 
system. 

The results show that the baseline engine cannot operate in the high Mach/low- 
altitude regime. Fortunately, this region of inoperability is outside of the AAF flight 
envelope. Having established that the baseline engine is acceptable, its performance 
over the critical mission legs will be examined next. 

The performance of the engine at partial throttle (Tt4 < Tt4max) is also im- 
portant to understand because M6, MI6, and rtc can vary far from their design 
values. Figure 5.E2 shows the variation of M6, M16, and rtr of the baseline engine 
with reduced throttle (Tt4) at 1.451M/36 kft. Note that M16 increases with reduced 
throttle while M6 decreases. Thus, it is possible that as these Mach numbers di- 
verge, the engine cycle deck may have trouble converging on a solution at reduced 
thrott!e. 

Mission performance: baseline engine. The baseline engine is now flown 
through the AAF mission using the Mission Analysis portion of AEDsys. The 
results of these computations are presented in Table 5.E2. The bottom line result is 
an increase in fuel consumption of 130 lbf from the initial estimate of Table 3.E3, 
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Table 5.E2 AAF mission--baseline engine 

Mission phases and segments 

Table 3.E3 Baseline engine 

l-I WF, lbf l--I WF, lbf % change 

1-2: A Warm-up 0.9895 252 0.9892 258 2.4 
1-2: B Takeoff acceleration 0.9958 100 0.9954 108 4.0 
1-2: C--Takeoff  rotation 0.9984 39 0.9985 36 -7 .7  
2-3: D--Horizontal  acceleration 0.9935 155 0.9935 153 -1 .3  
2-3: E~ l imb /acce l e r a t i on  0.9806 453 0.9796 479 5.7 
3--4: Subsonic cruise climb 0.9736 607 0.9760 552 -9 .1  
5-6: Combat air patrol 0.9675 729 0.9685 705 -3 .3  
6-7: F Acceleration 0.9837 354 0.9813 406 14.7 
6-7: G--Supersonic penetration 0.9382 1317 0.9410 1256 -4 .6  
7-8: I--1.6M/5g turn 0.9753 478 0.9752 481 0.6 
7-8: J ~ . 9 M / 5 g  turns a 0.9774 427 0.9727 516 20.8 
7-8: K--Acceleration 0.9828 317 0.9806 357 12.6 
8-9: Escape dash 0.9795 358 0.9801 346 -3 .4  
9-10: Zoom climb 0.9970 51 0.9972 50 -2 .0  

10-11: Subsonic cruise climb 0.9698 516 0.9704 500 -2 .7  
12-13: Loiter 0.9677 535 0.9626 616 15.1 

Total 6688 6818 2.0 

a9.68% increase required from TsL/Wro = 1.25 to meet thrust required for 0.9M/30 kft, 5g turns at 
maneuver weight. 
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and 128 lbf more than the initial goal of 6690 lbf. The relative fuel savings in 
phases 3-4, 5-6, and 6-7 G are more than offset by the increased fuel consumed 
in phases 2-3 E, 6-7 F, 7-8 J, 7-8 K, and 12-13. A worthwhile investment of 
your time would be to calculate the fuel consumption results using the algebraic 
mission analysis estimation method just described and compare it with the precise 
values of Table 5.E2. 

Although the AEDsys computations reveal that the baseline engine is 9.68% 
too small for the 0.9M/30 kft, 5g tum, at maneuver weight, the engine will not 
be resized until we have a better estimate of the installation losses. The maximum 
Mach flight condition of 1.8M/40 kft requires 10,210 lbf of uninstalled thrust. 
As shown in sample printout B, given earlier, the baseline engine can produce 
19,770 lbf, which is more than enough. 

With the baseline engine performance in hand, the design choices of the engine 
are now varied systematically to obtain the performance of other reference point 
engines. The fuel consumption of these candidate engines is compared with that of 
the baseline engine to find the engine with the lowest fuel consumption. Hereafter, 
the baseline engine is called Engine 1. 

5.4.5 The Search 

The search methodology is straightforward. The Engine 1 (baseline engine) 
design choices (Jrc, zrf, h, and M0) are varied one at a time. Each candidate engine 
is flown in the AAF through the mission using the AEDsys software and the 
mission fuel usage determined. Each engine is also tested at the maximum Mach 
condition of 1.8M/40 kft to ensure its operation. The mission fuel used (WF) and 
the specific thrust (F//no) are the initial figures of merit. 

We have carried out that search and the reference points of the most promis- 
ing engines and the performance of those engines that would operate at all crit- 
ical mission legs are shown in Table 5.E3. The engine performance is given in 
terms of fuel saved (referenced to the 6690 lbf of fuel used that was estimated in 
Sec. 3.4) and the specific thrust and mass flow rate at takeoff. 

The search progression followed the sequence evident in Table. 5.E3. The cy- 
cle pressure ratio (Zrc) was the first design choice varied. As it was changed 
from 20 to 22, 24, 26, and 28, increasing amounts of fuel were saved. At a 
pressure ratio of 24 (Engine 3), the fuel used becomes less than the initial es- 
timate of 6690 lbf determined in Chapter 3. The fan pressure ratio (zrf) was 
the next design choice varied. As it was changed from 3.9 to 3.7, 3.5, and 3.3, 
increasing amounts of fuel were saved. Once again, the bypass ratio ~ is no 
longer an independent variable when the designer chooses to match total pres- 
sures at the mixer entrance. Note that the total temperature leaving the engine 
during dry operation (Zt6a) at the supercruise flight condition (1.5M/30 kft) de- 
creases with increasing compressor pressure ratio and decreasing fan pressure 
ratio. A low value of Tt6 A is desirable to reduce the infrared signature of the 
aircraft. 

An overarching conclusion is that fuel consumption is reduced by increas- 
ing zr¢ (thus improving thermal efficiency) and/or ot (thus improving propulsive 
efficiency). This can be readily confirmed by reviewing the complete engine 
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Fig. 5.E3 Fuel  saved referenced to Wr = 6690 lbf. 

performance results. Unfortunately, as we have come to expect, the reverse is true 
for the specific thrust. 

The fuel saved for these engines is plotted in Fig. 5.E3. Engine 15 is se- 
lected for further investigation (even though Engine 20 saves 19 lbf more fuel) 
because it saves significant fuel while keeping the engine specific thrust above 
110 lbf/(lbm/s). Compressor pressure ratios above 28 are not shown because they 
result in temperatures leaving the compressor greater than 1660°R at the maximum 
Mach flight condition of 1.8M/40 kft. 

When the reference point altitude of Engine 15 is changed to 35 kft (Engine 
21), less fuel is saved. And when it is changed to 37 kft (Engine 22), more fuel 
is saved. However these savings are exaggerated when compared with Engine 
15 because the difference in power takeoff (Pro) accounts for about 8 lbf of 
fuel (assuming a thermal efficiency of 45%, 300kW of Pro for the 1.5 hr AAF 
mission consumes 185 lbf of fuel). Thus the savings caused by altitude changes 
are negligible. Likewise the changes in fuel saved for the changes in design Mach 
number (Engines 23 and 24) are caused mainly by the changes in power takeoff 
(Pro). 

Note that the specific thrust (F/mo) does not appear to change with 
compressor pressure ratio (7rc) for a given fan pressure ratio (~rf). This is be- 
cause the exit total pressure is determined by the fan pressure ratio (7~f) and the 
exit total temperature (T~7) is fixed. The increases in compressor pressure (~rc) per- 
mit larger engine bypass ratios (o0 with corresponding lower fuel consumption. 
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The Engine 15 design parameters are as follows: 

M0 = 1.451 7/'f = 3.5 Tt4 = 3200°R Crow = 0.0152 

h = 36 kft c¢ = 0.7563 Tt7 = 3600°R 

Zrc = 28 M6 = 0.4 rh0 = 200 lbm/s 

The results of the reference point calculations for the Engine 15 engine were 
given earlier in sample printout A. Sample printout B and sample printout C give 
the performance of this engine at one full throttle and partial throttle operating 
condition, respectively. 

5.4.6 AAF Engine: Operational Envelope and Mission Performance 
Having selected a promising engine for the AAF, its capability to operate over the 

aircraft's flight regime must be confirmed and its performance for all mission legs 
determined. The operational envelope is confirmed, as with the baseline engine, by 
flying the engine at military power over the expected Mach number/altitude flight 
envelope of the AAE The engine operational envelope thus obtained is shown 
in Fig. 5.E4. The flight regime of the AAF is well within the engine operational 
envelope. 

Table 5.E4 contains a summary of the mission performance of the AAF engine in 
terms of ['I and WF. When the values of the AAF weight fractions with Engine 15 

i j  
are compared with the estimated values from Chapter 3, it is found that the Engine 
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Table 5.E4 AAF mission--Englne 15 
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Mission phases and segments 

Table 3.E3 Engine 15 

l-I w~, lbf H WF, lbf % change 
i f  i f  

1-2: A Warm-up 0.9895 252 0.9916 202 -19.4 
1-2: B Takeoff acceleration 0.9958 100 0.9952 113 13.0 
1-2: C--Takeoff rotation 0.9984 39 0.9984 38 -2.6 
2-3: D--Horizontal acceleration 0.9935 155 0.9942 138 - 11.0 
2-3: E~limb/acceleration 0.9806 453 0.9804 461 1.8 
3-4: Subsonic cruise climb 0.9736 607 0.9796 471 -22.4 
5-6: Combat air patrol 0.9675 729 0.9719 634 -13.0 
6-7: F---Acceleration 0.9837 354 0.9809 420 18.6 
6-7: G--Supersonic penetration 0.9382 1317 0.9460 1161 -11.8 
7-8: I--1.6M/5g turn 0.9753 478 0.9748 497 4.0 
7-8: J--0.9M/5g turns a 0.9774 427 0.9716 546 27.9 
7-8: K--Acceleration 0.9828 317 0.9803 369 16.4 
8-9: Escape dash 0.9795 358 0.9819 319 -10.9 
9-10: Zoom climb 0.9970 51 0.9975 46 -9.8 

10-11: Subsonic cruise climb 0.9698 516 0.9734 457 -11.4 
12-13: Loiter 0.9677 535 0.9674 547 2.2 

Total 6688 6417 -4.2 

aIncrease required from TSL / WTO = 1.25 to meet thrust required for 0.9 M/30 kft, 5g turn at maneuver 
weight. 

15 uses significantly less fuel in the Warm-up 1-2 A, Horizontal Acceleration 
2-3,  Subsonic Cruise Climb 3-4, and Supercruise 6-7 phases. For all other mission 
phases, the Engine 15 consumes about the same or more fuel, with the net result 
that Engine 15 consumes 4% less fuel for the complete mission giving a cushion 
of  271 lbf vs the total fuel consumption of  6690 lbf of Chapter 3. 

5.4.7 Second Reprise 
Now that the performance of  the selected AAF engine is known in terms of  the 

fuel used, the effect of  these changes in aircraft weight on aircraft performance can 
be updated from the First Reprise of  Sec. 3.4.3. Table 5.E5 summarizes current 
estimates of  the aircraft weight fractions and the preceding estimates of Table 3.E3. 
These results highlight another interesting and inevitable conflict for the designer. 
Although low fuel consumption is essential to achieving low Wro, it also results 
in increased values of the instantaneous weight fraction/3, which increases the 
required values of  thrust loading TSL/Wro. In the case of  the AAF, the most 
notable are the 0.9/30 kft 5g Turns 7-8  J phase and the Descend and Land 13-14 
phase. 

For the 0.9M/30 kft 5g Turns phase, the decrease in engine thrust lapse (or) of  the 
AAF engine (0.4670 vs 0.5033 in Chapter 2) and the increase in weight fraction at 
maneuver (0.8221 vs 0.78 in Chapter 2) result in a 8.69% increase of the required 
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Table 5.E5 Summary of resultsmmission analysis--24,000 lbf Wro 

Mission phases and segments 

Table 3.E3 Table 5.E4 

/3 at end of leg 1-[ /3 at end of leg l~ 
i f  i f  

1-2 A: Warm-up 0.9895 0.9895 0.9916 0.9916 
1-2 B: Takeoff acceleration 0.9853 0.9958 0.9868 0.9952 
1-2 C: Takeoff rotation 0.9837 0.9984 0.9853 0.9984 
2-3 D: Acceleration 0.9773 0.9935 0.9795 0.9942 
2-3 E: Climb/acceleration 0.9584 0.9806 0.9603 0.9804 
3-4: Subsonic cruise climb 0.9331 0.9736 0.9407 0.9796 
4-5: Descend 0.9331 1.0000 0.9407 1.0000 
5-6: Combat air patrol 0.9027 0.9675 0.9143 0.9719 
6--7 F: Acceleration 0.8880 0.9837 0.8968 0.9809 
6-7 G: Supersonic penetration 0.8331 0.9382 0.8485 0.9461 
7-8 H: Fire ARAAMs 0.8060 0.8213 
7-8 I: 1.6M/5g turn 0.7860 0.9753 0.8006 0.9748 
7-8 J: 0.9M/5g turns 0.7682 0.9774 0.7778 0.9716 
7-8 K: Acceleration 0.7550 0.9828 0.7625 0.9803 
7-8 L: Fire AIM-9Ls and ½ ammo 0.7276 0.7351 
8-9: Escape dash 0.7127 0.9795 0.7218 0.9819 
9-10: Minimum time climb 0.7106 0.9970 0.7199 0.9974 

10-11: Subsonic cruise climb 0.6891 0.9698 0.7009 0.9735 
11-12: Descend 0.6891 1.0000 0.7009 1.0000 
12-13: Loiter 0.6668 0.9677 0.6781 0.9674 
13-14: Descend andland 0.6668 1.0000 0.6781 1.0000 
End Remove permanent payload 0.6106 0.6219 

thrust loading from 1.25 to 1.36. Because this is based on a installation loss of  5% 
for this full throttle flight condition where the engine is limited by the compressor 
pressure ratio, this estimate is most likely conservative, and the thrust loading will 
not be changed until a better estimate of the installation loss is obtained in the next 
chapter. 

Constraint analysis shows that the increase in landing weight fraction requires 
either a decrease in the wing loading from 64 to 62.7 lbf/ft 2 or an increase in 
the maximum lift coefficient for landing from 2.0 to 2.05. The increase in maxi- 
mum lift coefficient is preferred to keep the wing area down and its resultant fuel 
consumption at cruise. Consequently, Engine 15 meets all the known constraints 
and promises satisfactory fuel consumption for the A A F  mission, and provides a 
satisfactory starting point for the remaining studies. 

We would do well to pause at this point to take stock of our situation. We have 
come far in short order because of  the powerful conceptual and computational tools 
at our disposal. Several promising reference point engines have been discovered 
that can apparently make possible an aircraft that can meet all of  the requirements 
of the A A F  RFP. One of those engines, designated Engine 15, has been selected 
for further investigation, although we are free to return to this step to choose others 
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if the studies ahead make reconsideration desirable or necessary. The remaining 
task is to develop tools that characterize the installation losses more realistically, 
accounting in particular for the effects of  flight conditions and throttle position. 
Once these are in hand, we can fly our aircraft over the entire AAF flight envelope 
in general, and the AAF mission in particular. 
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6 
Sizing the Engine: Installed Performance 

6.1 Concept 
At some point in the design process, the absolute size of the engine, in terms 

of some reference thrust or airflow, must be determined. Until now, a careful 
distinction has been made between the installed thrust (T) required by the aircraft 
and the uninstalled thrust (F) that would be produced by the isolated engine. The 
difference between T and F is neither academic nor insignificant. 

The uninstalled thrust represents only the ideal performance of the engine, in the 
sense that it corresponds to an installation without external drag (see Appendix E). 
Unfortunately, placing the engine within an airframe inevitably induces forces on 
the external surfaces that increase the total drag. One might call the additional 
forces the "self-drag" of the engine, but, whatever their name, they must also 
be overcome by the available thrust of the engine. The uninstalled thrust must 
therefore be the sum of the installed thrust and the self-drag; the latter must be 
accounted for before the size, or uninstalled thrust, can be known. 

This reasoning is quite logical and correct, but its practical application is not 
trivial. Because the presence of the engine and its inlet, nozzle, and exhaust stream 
actually influence the flow and pressure distribution over the entire aircraft, where 
does the propulsion "system" begin and end? Defining the physical boundaries of 
the propulsion system has been one of the greatest challenges of the aeronautics 
industry, and enormous amounts of time and energy have been invested in locating 
the proper "interface" between the airframe and the propulsion system. 

It was not always thus. In the early days of jet-propelled aircraft, when only 
relatively small turbojet engines (high F/mo) were available, the unfavorable in- 
teractions between the engine and airframe were not significant. During that period 
of time, it was conventional to confine the engine to its "flange-to-flange" domain, 
which meant from the bolt circle at the compressor entry to the bolt circle at the 
nozzle entry. When the turbofan arrived in the mid-1960s, with its larger diameter 
(lower F/tho) and more sensitive and complex compression systems, installation 
effects could no longer be ignored. An exciting and painful period of adjustment 
then took place wherein the narrow engine boundaries were expanded in order to 
improve the integrated performance of the aircraft and engine, as well as to give 
engine manufacturers more control over the internal performance and operability 
of their products. A clear example of this trend is evident in the case of the nacelle 
mounted, high bypass ratio engines introduced around 1970 in order to dramati- 
cally reduce fuel consumption. On the one hand, internal performance calculations 
favor much higher bypass ratios, but the larger diameters and resulting installation 
penalties prevent the benefits from being fully realized. On the other, transport 
engine manufacturers have moved far from their flange-to-flange world and now 
supply the entire nacelle/engine package in order to achieve the best-integrated or 
installed performance. 

189 
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For such high performance aircraft as the Air-to-Air Fighter (AAF) of this 
textbook, the engine is likely to be "buried" within the fuselage, and the division 
of territorial jurisdiction becomes difficult. The engine designer would like to have 
control over those external surfaces that directly interact with the engine, but cannot 
possibly be responsible for the entire envelope that surrounds the engine. In the 
end, the engine designer will be allowed to influence those parts that are believed 
to generate the bulk of the installation penalties and are affected by the inlet 
and exhaust flows. This will generally include the inlet and the nozzle, the exact 
boundaries being decided by negotiation in each case. As you will see, the external 
drag on the inlet and nozzle is strongly affected by the throttle setting, and it is 
therefore referred to as "throttle dependent drag." 

The foregoing should persuade you that engine integration has itself become a 
major technology in modern aircraft design and development. Aircraft and engine 
companies alike have invested heavily in this area and now have expert orga- 
nizations available to deal with its problems; the government and industry have 
acted collectively to produce clarifying standards. ~ Today it is known that engine 
integration can have beneficial and satisfying results when considered from the 
outset and done properly. When done poorly (or not at all), development crises 
are invited that, in the past, have led to dramatic examples of reduced aircraft per- 
formance and engine operability, increased program time and cost, and/or bitter 
recriminations. 

The purpose of this chapter is to provide some preliminary tools for estimating 
the installation penalties that must be compensated for by added uninstalled thrust. 
Only inlet and nozzle external losses will be considered, and they will be expressed 
in their most convenient form, namely as a fraction of the uninstalled thrust, so that 

T = F - ~ i n l e t F  - q)nozzle F 

o r  

where 

and 

T 
F = > T (6.1) 

1 - qSi.le, - (anozzte 

(Pinlet = Dintet/ F (6.2a) 

#Pnozzle = Dnozzle / F (6.2b) 

Please note that ~)inlet and 4~nozzle will vary with flight condition and throttle setting 
for any given engine. 

In addition to entering a territory rich in history and jurisprudence, this is the first 
encounter in this textbook with individual engine components: inlets and nozzles. 
In later chapters, the focus will be on their internal behavior in order to ensure that 
they will deliver the performance assumed in the cycle calculations, but now only 
their external behavior will be considered. Despite their outward appearance of 
simplicity, inlets and nozzles are actually very complex devices because they must 
meet many simultaneous requirements and they can have a very detrimental effect 
on system performance if they do not function properly. Much good technical 
work on engine/aircraft integration has been accomplished and reported over 
the past 30 years, so that many references are now available. The basics can be 
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found in Refs. 2 and 3, and an excellent survey is located in Chapter 4 of Ref. 4. 
The contents of Ref. 4 also have been updated and have been published in three 
textbooks as part of the AIAA Education Series; see Refs. 2, 5, and 6. From such 
writings it is possible to construct a partial list of the requirements to be met by 
inlets and nozzles that emphasizes the many roles they play, as follows: 

Both inlets and nozzles: 
1) Minimize installation drag on their own and adjacent aircraft surfaces (over 

wide ranges of angles of attack and throttle settings). 
2) Maximize internal total pressure recovery (Jra, Zrn). 
3) Provide controllable flow matching for all operating conditions. (Remember, 

the engine knows how much flow it wants.) 
4) Minimize weight and cost while meeting life and reliability goals. 
5) Suppress acoustic and radar signatures. 
Inlets: 
6) Control inlet spatial and temporal distortion. 
7) Provide good starting and stability characteristics. 
Nozzles: 
8) Suppress infrared (IR) signatures. 
9) Provide thrust reversing and vectoring. 
Merely skimming Ref. 5 will reveal that many types of inlets and nozzles have 

been developed to meet these requirements, depending upon the specific operating 
conditions. It will also become clear that the analysis and testing of these devices 
have become very sophisticated. Nevertheless, it is not the purpose of this textbook 
to provide comprehensive design methods for every conceivable inlet and nozzle 
configuration. Instead, some typical preliminary design estimation tools for ~inlet 
and q~nozJe will be developed. If more accuracy is required, the open literature is 
recommended. 

What really matters here is that some account must be made at this point in the 
design cycle for installation penalties. The sooner the problems are identified, the 
sooner the engine and aircraft designers can start working to solve them. 

Once an agreement is reached on the means for computing q)inlet and Cbnozzle 
as a function of flight conditions (altitude, Mach number, and angle of attack) 
and throttle setting (Tt4 and Tt7), the engine performance models of Chapter 5 
contained within the AEDsys program may be used to size the engine. Starting 
from the design point engine and mass flow selected by the methods of Chapter 5, 
the engine is "tested" at each critical flight condition at either military power or 
maximum power in accordance with the Request for Proposal (RFP) requirement 
and then the engine is "flown" through the mission. Next, either the engine mass 
flow (size) is adjusted until the required and available thrust are equal at the flight 
condition requiring the largest engine by the method of Fig. 6.E2 or the required 
size may be found in the following manner. From Eqs. (2.2a) and (6.1) it follows 
for each flight condition that 

F T 
rh 0 _ m 

F/r'no (F/m0)(1 - 4~in~e, - q~,ozz~e) 

W[(D + R ) / W  + Ps/V] 

( F / / ~ / 0 ) ( 1  - -  q~inlet - -  ~9nozz le )  
(6.3) 
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To find which of the flight conditions is most "demanding" (that is, requires the 
largest engine), each rn0 is merely multiplied by the relevant, ( lJ lOreq/rnOavai l )  eval- 
uated at sea level static as obtained from the performance computations. The 
procedure for determining these quantities will be described in detail in Sec. 6.4.3. 
You will be pleased to discover that this sizing process has been automated in 
AEDsys via the Thrust Scale Factor. The largest resulting product corresponds to 
what would be the largest design point engine and, therefore, the required size. 
This engine will, naturally, be too large for all except the most demanding flight 
condition, and actual performance at the others must be obtained later by throttling 
down Tt4 and/or Tt7 until 

F = W + -~- (1 - -  (Pinlet - -  q~nozzle) (6.4) 

for an engine of the chosen size. Not until this is done will the true behavior of the 
engine, and especially its fuel consumption, be known. 

6.2 Design Tools 

6.2.1 Subsonic Inlet Drag 
The systematic bookkeeping method for determining uninstalled thrust has been 

developed in Appendix E, where it is shown that the inlet drag is given by the 
expression 

fo m Dinlet : -  ( P  - P0)dA > 0 (E.15) 

Referring to Fig. 6.1, it can be shown that this pressure integral between station 0 
and station 1 is always positive (Refs. 1 and 2). This force is known as the 

rho 

Highlight of Inlet Lip 

Ao Ai 

U 
0 1 

Fig. 6.1 Subsonic inlet flow. 
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"additive drag" 

Dadd = (P - PO) dA  

Applying stream thrust analysis to the stream tube control volume between station 0 
and station 1, we find that 

(a, ) Dada = P1AI(1 + y M  2) - PoAo ~ + gMg (6.5) 

A good inlet would, of course, recover most of this force through suction on 
the external surface, or "lip," of the inlet, but the accompanying adverse pressure 
gradients make boundary-layer separation a constant danger, in which case the 
additive drag will not be regained. An unfortunate fact is that larger additive drags 
are harder to regain because they are associated with more severe adverse pressure 
gradients along the cowl. Please note that extemal friction is not included in this 
analysis because external viscous forces are included in airplane drag as far as 
"accounting" goes. 

Therefore, a reasonable "worst case" or upper limit, for subsonic inlet drag 
would be to assume massive separation and no recovery of additive drag. For this 
situation, Eqs. (6.2a) and (6.5), conservation of mass, and the usual perfect gas 
relationships can be combined to show that 

M 0 ~ ( 1  + y M  2) - (A]/Ao + y M  2) 
Dadd M1 

~ginlet - /no( F /rho) -- { F g¢/ (rhoao)}(g Mo) (6.6a) 

which can easily be evaluated assuming adiabatic, isentropic flow for any set of 
values of M0, M1, a0, and F/rho. The static inlet drag may be estimated from the 
reduced form of Eq. (6.6a), as follows: 

(1 + y M 2 ) / ~ / 1  + ( y -  1)M12/2- [1 + ( y -  1)M2/2] ~+-~' 
(~inlet/static 

{ F gc/(rhoao)}(y Ml)  
(6.6b) 

Figure 6.2a shows the results of calculations for a variety of M0 and M1 combi- 
nations and Fgc/(rhoao) = 4. Figure 6.2b shows the static inlet drag for several 
Fg¢/(~noao) values ranging from a high of 4 (afterbuming fighter engines) to a 
low of 0.5 (high bypass transport engines). The information contained there leads 
to the following conclusions: 

1) ~ginle t is not large if M0 is near M1. This is the natural result of D~aa being 
exactly zero when M0 = M1 and the entering stream tube experiences neither a 
change in flow area nor streamwise pressure forces on the surface. In this region, 
lip separation can still occur, especially during vigorous maneuvers, and the drag 
estimate of Eq. (6.6) may be low. 

2) For the usual range of subsonic flight (0.2 < M0 < 0.9), it is desirable to keep 
M1 in the vicinity of 0.4-0.6. 

3) Unacceptably high values of cbi, let occur at M0 = 0, the beginning of every 
flight, reaching at least 0.05-0.10, but as much as 0.40-0.50. This explains the 
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special doors found on most cowls and nacelles, which open only during takeoff 
to allow for both the effective reduction of M1 and better prevention of boundary 
layer separation. High bypass turbofan engines are also throttled up in a systematic 
manner to limit losses. 

The sharp leading edges of supersonic inlets, such as those of the AAF, prevent 
the suction and additive drag recovery from occurring except when M0 is quite 
near M1, in which case (hi, let is quite near zero anyway. Equation (6.6a) therefore 
can be used to provide a useful preliminary (and conservative) estimate of dpi,tet for 
the example aircraft. The information necessary to apply Eq. (6.6a) comes directly 
from the flight condition (i.e., M0 and To) and the engine power setting (i.e., A0 
and Fgcf fno  ) once the design point value of Al has been fixed. The subsonic inlet 
additive drag of Eq. (6.6a) is included in the AEDsys Mission Analysis, Constraint, 
and Contour Plot computations. 

6.2.2 Supersonic Inlet Drag 
In ternal  in le t  drag.  Because signals of the presence of the inlet cannot prop- 

agate upstream to warn the oncoming flow and because the flow near the inlet 
is dominated by oblique and normal shock waves as well as boundary layer sep- 
aration, supersonic inlets must be analyzed differently from subsonic inlets. For 
the same reasons, there are many generic types of supersonic inlet configurations, 
including fixed and variable geometry versions of internal, external, and mixed 
compression inlets, 5 as illustrated in Fig. 6.3. As a result of this variety, there are a 
proportionately large number of methods for predicting the upper and lower limits 
and the actual values of (~inlet for each condition. 

The method employed in this textbook is based upon Fig. 6.4, which corresponds 
to the inlet "swallowing" its projected image (i.e., A1 > A0) and, therefore, in- 
volves no additive drag in the strictest sense on the stream tube. Swallowing the 
flow at each flight condition will require a variable geometry inlet, which positions 
the shock system properly. We will assume that AI i s f i xed  at its largest  required 
value. Thus this inlet will have more airflow than the engine requires at all other 

~ " ' "~ Normal 
,, s x l ~ t  I I , /  ,' ,, ~ Normal Shock ~ . "  / ~ Shock 

. . . . .  . . ._.  . . . . .  " _ _ '  . . . . . . .  

Internal Compression External Compression 

I 

. . " . / ,  ,~, ~ Normal 
~ , ,  , , , , Shock 

Mixed Compression 

Fig. 6.3 Types of supersonic inlets. 
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Fig. 6.4 Supersonic inlet model. 

flight conditions. The excess inlet airflow must then be dumped overboard up- 
stream of the engine face, but at a lower velocity than it had in the freestream. The 
loss of momentum of this "bypass" air results in a drag on the inlet. 

Before proceeding with the analysis, a few related points will be considered. 
First, the information presented in Ref. 4 makes it clear that this is not usually the 
minimum drag condition. By moving the shock system forward so that some air 
"spills" outside the inlet lip, a favorable trade between spillage drag and bypass drag 
can be made, which results in a lower total inlet drag. The calculations done here 
will therefore be slightly conservative, but they avoid much greater complexity. 
Second, even when no bypass air is present, the inlet is usually designed to accept 
slightly more airflow than the engine requires in order to prevent internal boundary 
layer separation. The extra air flow that is "bled off" the internal surfaces and 
its loss of momentum are also chargeable to the inlet system as drag. The inlet 
area (A1) must be initially sized to provide the necessary boundary layer bleed 
air at its design condition. Third, it will be assumed that the bypass and bleed 
flows are returned to the freestream with velocities that are sonic and aligned with 
the freestream velocity. This greatly simplifies the analysis and rests upon the 
observation that, even after passing through a normal shock, supersonic airflows 
recover sufficient total pressure to isentropically reaccelerate beyond sonic velocity 
if returned to their original static pressure. This can be demonstrated very quickly 
with the help of the isentropic compressible flow and normal shock portions of the 
GASTAB computer program. Finally, this approach does not account for internal 
friction, the disturbed external pressure field on the (essentially straight) cowl, or 
the shock overpressure available for lift. With this as background, the supersonic 
inlet drag is estimated to equal the momentum change of the bypass and bleed 
flows or 

(Pinlet = poVo(A1 - Ao)(Vo - Ve) = (A1/Ao - 1)(1 - Ve/Vo) (6.7) 
Fgc Fgc/(rho Vo) 

where Ve is the velocity with which the bypass and bleed flows leave the inlet. 
Since Tte= Tto, it follows that 

ge aeMe Me TFT~ / M e [ I + ( v - 1 / 2 ) M ~ I ' / 2  
- - -  - = 

Vo aoMo M00 / / 1  + (× 1/2)M~ 
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or, because M e = l  

so that 

' 

Vo - Mo + × + 

Y -1M2"~ U2} /{Fgc/(rhoao)} (6.8) (binlet'--- (~0 --1)[Mo-- ( ~ - ~ t -  y_.[_ 1 oJ 

For typical values [e.g., A1/Ao = 1.2, M0 = 1.5, and Fgc/(moao) = 4], 
Eq. (6.8) yields q~inm ~ 0.02, which, again, is not large. Note also that qSi,,let 
approaches zero both when M0 approaches unity and when Ao approaches A l 
(the sizing condition), so that cbi,,tet can matter only when Mo is far from both 
conditions. 

Once A1 has been selected, this equation can be directly evaluated at any given 
flight condition (i.e., a0 and M0 ) and engine power setting (i.e., A0 and Fgc/fno ). 
The supersonic internal inlet drag of Eq. (6.8) is included in the AEDsys Mission 
Analysis, Constraint, and Contour Plot computations. 

External inlet drag. You may have noticed that the external surfaces of the 
nacelles of supersonic engines are often closely aligned with the direction of 
the freestream flow. This is because there is an additional drag due to the pres- 
sures exerted on any external surfaces exposed to the oncoming flow that would 
contribute to the inlet drag of Eq. (E. 15). The most obvious example of this phe- 
nomenon is the overpressure caused by oblique shock waves on the forward facing 
portion of the inlet that is inclined to the flow, as in the simple case illustrated in 
Fig. 6.5. 

oblique shock 
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Fig. 6.5 Flow in the region of a wedge shaped two-dimensional inlet. 
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Fig. 6.6 Overpressure on the external surface of the two-dimensional inlet of Fig. 6.5 
as a function of 8 and M0, from the GASTAB computer program. 

The contribution of the axial projection of the external portion of the inlet to the 
drag is given by the expression 

(ee - Po)Ae 
~) in le t  - -  (6.9) 

F 

which, by means of the usual substitutions, becomes 

(ee/Po - 1)(Ae/Ao) 
~) in le t  -~" (6.10) 

( F gc/thoao)(F Mo) 

The term (Pe/Po - I) appearing in Eq. (6.10) is a function of the wedge angle 
and the freestream Mach number that can be computed using the two-dimensional 
oblique shock portion of the GASTAB computer program. The results of such 
computations for representative values of 8 and M0 are shown in Fig. 6.6. It can be 
seen that (Pe/P0 -- 1) is insensitive to M0 but increases rapidly with 3, encouraging 
designers to avoid large wedge angles. 

For the same typical values used in the preceding examples, and for S = 10 deg 
and Ae/Ao = 0.2, fbinlet -~ 0.02, which is not large but worth avoiding. The inter- 
ested reader can easily repeat these computations for the analogous case of axisym- 
metric inlets using the conical oblique shock portion of the GASTAB computer 
program. Would you expect the drag to increase or decrease for the axisymmetric 
case? 
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A similar analysis could be carried out for the drag caused by the oblique 
expansion waves that reduce the pressure on rearward facing portions of the nacelle. 
In this case, however, the absolute magnitude of (Pe/Po - 1) can never exceed one 
because Pe must exceed zero. The supersonic external drag of Eq. (6.10) is not 
included in the AEDsys Mission Analysis, Constraint Analysis, or Contour Plot 
computations because the shape of the cowl is not generally known in sufficient 
detail at this stage of design. 

6.2.3 Exhaust Nozzle Drag 
As in the case of inlets, it is assumed that the exhaust nozzle external viscous 

forces are accounted for in the airplane drag. Referring to Fig. 6.7, which contains 
a drawing of the type of nozzle to be used as a basis for drag estimation, it can 
be seen that there is always a region of separated flow surrounding the point s, 
which would otherwise be a stagnation point for the external flow. The external 
boundary layer separation causes a pressure or "base" drag to occur, and this 
constitutes the preponderance of the nozzle drag. The nozzle drag situation is 
completely analogous to the inlet, in that the separation prevents attainment of the 
high pressures near s that would compensate for the suction on the remainder of 
the surface and result in zero pressure drag. 

An interesting and useful correlation method presented in Ref. 7 has been de- 
veloped for predicting the exhaust nozzle pressure drag 

f2 Dnozde "-- (P -- Po) dA >_ 0 (E. 16) 

in subsonic and supersonic flows, based on the "integral mean slope" (IMS) as 
defined by the equation 

1 f l  A9/AIO d(A/Alo) d (  A 
IMS -- (1 - A9/Alo) d[x/(Rlo - R9)] \~10.]  (6.11) 

I ~ x  

Fig. 6.7 Axisymmetric exhaust nozzle model. 
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where the geometrical dimensions are the same as those of Fig. 6.7. This equation 
by itself underscores the complex nature of engine/airframe integration because 
the location of the "end" of the airframe and the "beginning" of the nozzle (i.e., A 10) 
is a judgmental decision. 

Once the IMS is computed from the nozzle geometry, the corresponding drag 
coefficient can be obtained from Fig. 6.8 when 0 < M0 < 0.8 and from Fig. 6.9 
plus the empirical relationship 

Co(Mo) _ 1 - 1 . 4 e x p ( - M  2) (6.12) 

Co(1.2) ~ o  2 -  1 

when 1.2 < M0 < 2.2. When 0.8 < Mo < 1.2, the drag coefficient is given in 
Fig. 6.10 as a function of Mo and L/Dlo. 

Lacking actual nozzle contours (i.e., D vs x), it is impossible to precisely evaluate 
the IMS using Eq. (6.11). Real progress can be made, nevertheless, by evaluating 
the IMS for the general family of nozzle contours described by 

D - 1 - ( 1 - D 9 ) ( x )  n 

Dto DI0 L 

Z {, (1 O9)xn}2 
A,0 = ( 9  

o r  

(6.13) 

1 The shape of these "boattails" for D9/Dlo = ~ and a range of n is shown in 
Fig. 6.11. Note that for all n > 1 they have a smooth transition to the fuselage and 
avoid sharp corners, which often cause large drag. Because of the need to store 
supporting structure, actuators, and coolant passages, as well as to avoid sharp, 
hard-to-cool trailing edges, practical nozzles have 1 < n < 3. 
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Substituting Eq. (6.13) in Eq. (6.11) and integrating leads to the result that 

IMS 
(Dlo - D9/L)(1 - D9/DIo) 

{ (1-D9/Dl°)2} 4n 2 1 2(1 - Dg/Dlo) + 
- - ( I + D 9 / D l o )  2n - 1  3n - 1  -4n Z1 

(6.14) 

The behavior of Eq. (6.14) with n and D9/DIo is shown on Fig. 6.12. The 
inescapable conclusion is that one must hardly be concemed with the exact shape 
of the nozzle at this point in the design and that 

This result is intuitively appealing because the adverse effects of separation should 
increase both with the slope of the external nozzle contour and the amount of area 
change. 

This enormously simplifying step makes it possible to estimate the IMS 
from gross nozzle design parameters, obtain the drag coefficient from either 
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Figs. 6.8 or 6.9 and Eq. (6.12), depending upon M0, and compute the nozzle 
installation penalty from 

C~ 
D n o z z l e  qCD(Alo - -  A9) M0--~-(AI0 - A9)/Ao 

~ ) n o z z l e  - -  - -  - -  = (6.16) 
F mo(F/mo) Fgc/(thoao) 

The nozzle installation penalty when 0.8 < M0 < 1.2 uses Fig. 6.8 and 

Mo(CDe/2)(A 10/A0) 
~nozzle = (6.17) 

F gc / (rhoao ) 

For a typical supercruise case [e.g., Co = 0.10, (A10 - A9)/A0 = 0.8, 
Fgc/(fnoao) = 2.0 and M0 = 1.5], ~bnozz le  = 0.03. 

The nozzle external drag of Eqs. (6.16) and (6.17) is included in the AEDsys 
Mission Analysis, Constraint, and Contour Plot computations. 

6.2.4 Sizing the Inlet Area (A1) 
The size of the inlet area A1 is required by Eqs. (6.6a) and (6.8) to estimate the 

inlet loss ¢inlet for subsonic and supersonic inlets, respectively. The assumption of 
a constant inlet area simplifies the problem to finding the flight condition(s) that 
requires the largest inlet area, thus sizing A1. Because the engine size is not fixed 
at this point in the design process, the required inlet area A1 can be conveniently 
referenced to the freestream area of choked flow A~ of the engine at sea level, 
static conditions (designated as Aoref), and stating the required values in terms of 
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A1/Aoref. When the engine is resized to a new value of Aoref, then the new required 
inlet capture area A1 can be determined directly because both the sizing flight 
condition and the ratio A a/Aoref are constant. 

During subsonic flight, the engine airflow is usually accelerated from the free- 
stream Mach number M0 to the inlet Mach number M1. To prevent choking of the 
inlet, Ml must be less than unity (usually 0.8 or less to allow for inlet boundary 
layer displacement or blockage); in other words, the inlet physical area A1 must be 
slightly larger than the area that would be required to choke the engine flow, A~. 
For subsonic flight, the flight condition with the largest A~ therefore determines 
the inlet physical area. In addition to sizing the inlet for M1 = 0.8 or less to allow 
for boundary layer displacement, a safety margin of 4% is provided to account 
for any aerodynamic or mechanical effects that may further restrict the flow. As 
an example, an A1 is to be selected for the typical high bypass turbofan engine 
running at maximum throttle setting (max Jrc o r  Tt4 ) as shown in Fig. 6.13. From 
Fig. 6.13, the largest required A~ occurs at the flight condition of M0 = 0.9 and 
altitudes greater than 20 kft where A~ = 1.055A0ref. Therefore, sizing A 1 for M1 = 
0.8 plus a 1.04 safety factor gives 

A~ = 1.04(A~/A*I)M, =0.8A*o = (1.04)(1.038)(1.055Aoref) = 1.139Aoref 

During supersonic flight, no freestream deceleration or stream-tube contraction 
is expected, so the inlet a r e a  A 1  must simply exceed the largest required A0 by 
the minimum amount needed for boundary layer bleed and margin of safety. The 
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amount of boundary layer bleed depends on inlet type and design (see Sec. 10.2.3), 
and, for example, will be about 4% for a Mach 2 external compression inlet. 

Sizing an inlet that is required to operate in both subsonic and supersonic flight 
regimes rests upon an analysis that includes both of the preceding requirements for 
physical inlet area. Combining the constraints of subsonic and supersonic flight 
operations on inlet area A1 for a specific engine size Aoref gives a family of curves 
of A~/Aoref (for M0 < 1) and Ao/Aore f (for M0 > 1) as shown in Fig. 6.14 for a 
typical low bypass, turbofan engine running at maximum throttle setting (max :re 
or T~4). In this figure, each line represents the required inlet area at one altitude. 
The lines are continuous at M0 ----- 1 because A0 = A~ there. From Fig. 6.14, the 
maximum inlet area occurs at the flight condition of Mach 1.55 at 40 kft altitude 
on a cold day, where the required A0 = 1.17Aor@ Sizing A1 for a 1.04 safety 
factor gives 

A] = 1.04(1.17Aoref)= 1.217Aoref 

6.2.5 Sizing the Exhaust Nozzle (A9 )  

To evaluate the exhaust nozzle loss ~)nozzle, Eqs. (6.15-6.17) require the values 
of Ag, A10, and L. The nozzle exit area A9 for any flight condition is obtained 
directly from the Engine Test portion (or the second summary page of the Mission 
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Analysis portion) of the AEDsys program. Figure 6.15 shows the variation of 
the A9 required for a mixed flow afterburning turbofan engine to match the exit 
pressure P9 to the ambient pressure Po. In this figure, A9 is referenced to its sea 
level, standard day value with full afterburning, known as A9ref. Good judgement 
is used to size Alo and L with the data for A9 available. To ensure that Alo is not 
smaller than A9 for any flight condition, it should be made somewhat larger than 
the greater of the largest A9 required in the flight mission or the A9 required for 
the maximum Mach number flight requirement of the aircraft. With A9 and Alo 
fixed, the choice of the nozzle length (L) can be based on their values, a reasonable 
estimate being 1-2 times D9. 

6.3 AEDsys Software Implementation of Installation Losses 
The AEDsys software incorporates the installation loss models of this chapter 

as well as the constant loss model used in the preceding chapter. When either 
of these installation loss models is selected, all of the computations in Mission 
Analysis, Constraint Analysis, and Contour Plots use that loss model. The sizing 
of the engine and determining its installed performance is straightforward using 
this software. 

The user enters the inlet area A1, afterbody area A10, and nozzle length L into 
the data fields on the Engine Data window. To reduce the inlet additive drag during 
takeoff (see Fig. 6.2), the program includes an auxiliary inlet area  (Alaux) that will 
be open from static conditions through the input cutoff Mach number (M,,~). 
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The preliminary inlet and afterbody dimensions are obtained by operating the 
aircraft over its mission and performance requirements using an initial estimate 
of the constant installation loss over the flight envelope. With this loss estimate, 
the Mission Analysis gives the required area of the engine mass flow at inlet 
(A~ or A0) and the nozzle exit area (A9) for each leg. These data are used to 
select the inlet area A1, afterbody area A10, and nozzle length L as described in 
Sees. 6.2.4 and 6.2.5. The Engine Test window allows the user to determine the 
required engine inlet end exit areas over the entire range of operation for the 
required uninstalled engine thrust Ere q = ( TsL // WTO )req WTO. 

Once the inlet area A1, afterbody area A10, and nozzle length L are determined 
and entered into the Engine Data window of AEDsys, the installation losses are 
computed using Eqs. (6.6), (6.8), (6.16), and (6.17). These models are also used 
in the Mission Analysis, Constraint Analysis, and Contour Plots. As was shown in 
Chapter 5, the improvements in the engine model between those of Chapter 2 and 
Chapter 5 resulted in better estimates of fuel usage and thrust loading for the AAF. 
The improved installation loss models further refine these estimates and allow the 
final determination of the engine size. 

When the available thrust loading (TsL/Wro)avaa or the number of engines is 
changed in the AEDsys program, the Thrust Scale Factor (TSF) is updated and 
the user is asked if they want to automatically scale the inlet area (A1), afterbody 
area (A10), and nozzle length (L). Because the preceding design values are based 
on the preceding thrust loading or number of engines, responding "yes" saves the 
user these calculations. 

The external drag for the supersonic inlet of Eq. (6.10) is not included in the 
AEDsys software because the shape of the cowl is not yet known and because the 
internal drag estimate of Eqs. (6.6a) and (6.8) is deliberately conservative. 

Finally, the iteration process ends when the selected engine size meets all of the 
thrust requirements of the aircraft as verified by Constraint Analysis and Mission 
Analysis computations including the final inlet and nozzle installation losses. 

6,4 Example Installed Performance and Final Engine Sizing 
This phase of engine design has two objectives. First, to use the installation 

loss models presented in this chapter to determine a better estimate of the installed 
engine performance and its impact on the engine design choices made in Chapter 5. 
It is possible that the installation effects could even change the cycle design choices. 
Second, to use the installation loss models to determine the engine size that will 
meet all the AAF RFP performance and mission requirements. 

As noted in Sees. 4.2.8 and 5.4.4, the MSH (modified specific heat) performance 
model is used in all of the ensuing AAF engine computations. 

6.4.1 Critical Constraint~Mission Legs for Sizing 
The process begins by selecting the legs that are most likely to require the largest 

values of TsL/Wro, A9, or A1. If they are not evident by this point, a wide search 
must be executed. In the case of the AAF, the critical constraint/mission points, as 
explained next, are 1) takeoff constraint; 2) supercruise constraint; 3) 1.6M/30 kft, 
5g turn constraint; 4) 1.6M/30 kft, 5g turn constraint; 5) acceleration constraint; 
and 6) maximum Mach number constraint. 
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In Fig. 3.E5 the constraint boundaries of legs 1, 2, 4, and 5 are all close to the 
available thrust loading {(ZsL/WTO)avail} of 1.25 selected for the AAF. At these 
flight conditions, the engine can be expected to be running near its full thrust and to 
have therefore the larger values of (Ts~./WTO)req/(TsL/WTO)avail. Flight conditions 
1, 3, 4, 5, and 6 are afterburner operating points that require the larger exhaust 
nozzle settings and areas (A9). From Fig. 6.14, it is evident that the high Mach 
number, high-altitude flight conditions on a cold day are the most demanding for 
the inlet area requirement (A0 for this type of aircraft. 

6.4.2 AAF Engine Search Including Installed Performance 
Incorporating the Chapter 5 engine performance models into the Constraint, 

Mission Analysis, and Contour Plot portions of the AEDsys software makes this 
search effortless. The search begins with the calculation of the Constraint and 
Mission Analysis for all candidate engines with constant 5% installation loss, as 
was done in Chapter 5 to obtain the results of Table 5.E3. When Mission Analysis 
is based on a candidate engine, the second summary page provides the area of the 
engine mass flow at inlet (A N or A0) and the nozzle exit area (A9) for each mission 
leg. These data are used to select the inlet area A1, afterbody area A10, and nozzle 
length L. 

As just noted, the most demanding flight condition for sizing the inlet of the 
AAF occurs at 1.6M/40 kft on a cold day (similar to Fig. 6.14). To obtain this 
information for any candidate engine, the Engine Test portion of AEDsys program 
is used to calculate the uninstalled performance on a cold day at 40 kft over a range 
of Mach numbers. The printed and plotted results give the variation of engine mass 
flow inlet area (A N or A0) and nozzle exit area (A9) with flight Mach number. 

We found that the largest nozzle exit area corresponds to the AAF Mission 
Segment 6--7 F acceleration with full afterburner at 1.465M/30 kft. Although 
a larger nozzle exit area is predicted for the maximum Mach flight constraint 
(1.8M/40 kft) with full afterburner and Po/P9 = 1, this large an engine or nozzle 
is not needed to meet this flight condition [uninstalled engine thrust of 10,750 lb 
(=10,210/0.95)]. You can verify this conclusion by testing the engine at 
1.8M/40 kft over a range of Tt7 and noting the required nozzle exit area corre- 
sponding to the required uninstalled thrust or testing the engine at the required 
uninstalled thrust and noting the exit area listed on the Summary of Test Results 
output of the Engine Test window. 

Table 6.El shows the maximum engine areas (A N or A0 and A9) for Engines 
1-20 of Table 5.E3. The selected values of the inlet area A1, afterbody area A10, 
and nozzle length L are also listed. These are entered into the Chapter 6 installation 
loss model data of the Engine Data window. To reduce installation loss at takeoff, 
an auxiliary air intake a r e a  Alaux equal to the inlet area Al was selected for the 
AAF up to M0 = 0.3. 

The installed performance was calculated for the 20 candidate engines at an 
available thrust loading [(TsL/WTO)avail] of 1.25. The mission fuel usage results 
are given in Table 6.El and plotted in Fig. 6.El. Comparison with Table 5.E3 and 
Fig. 5E.3 shows that the overall fuel saved is now 20 to 70 lbf less than predicted 
earlier. An improved estimate of the required engine thrust loading [(TsL/WTO)req] 
was obtained using Constraint Analysis with the aircraft weight fraction (fl) set 
to 0.8221 (see Sec. 3.4.3) for maneuver weight and calculations performed for wing 
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Fig. 6.El Fuel saved referenced to W F  = 6690 Ibf. 

loading of 64 lbffft 2. On balance, Engine 15 remains the preferred choice for the 
AAE It consumes 245 lbf of fuel less than the Chapter 3 estimate of 6690 lbf 
and the required thrust loading {(TsL/Wro)req} is one of the lowest available (see 
Sec. 5.4.5). 

The Engine 15 thrust loading required for aircraft performance at both the 
5% constant installation loss and the loss model of this chapter are presented in 
Table 6.E2. The large changes in required thrust loading (TsL/WTO)req between the 
estimates of Chapters 5 and 6 are as a result of the improved installation loss model. 
Nevertheless, the RFP performance requirement of the subsonic 5g turn at 0.9M/30 
kft continues to size the AAF engine. The increase in fuel consumption (decrease 
in fuel saved from Table 5.E3) is caused by the increase of the installation losses in 
the Combat Air Patrol 5-6, Supersonic Penetration 6-7G, and Loiter 12-13 legs 
of the AAF mission (see Table 6.E9 for final details of the sized AAF Engine). 

6.4.3 AAF Engine Sizing Procedure 
The design tools developed in this chapter and incorporated into the AEDsys 

software are used to estimate the installed thrust loading (TsL/Wro) necessary 
to meet the AAF RFP requirements. The minimum engine size necessary is that 
for which the design engine mass flow gives the available installed thrust (Tavail) 
equal to the required installed thrust (Treq) for the flight condition that is the 
most demanding as measured by the ratio of required-to-available thrust loading 
[ ( TsL / WTO )req / ( TsL / WTO )avail] . 
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Table 6.E2 Required thrust loading for Engine 15" 

211 

Chapter 6 

Performance Chapter 5 (TsL / WTO)req Ol b Treq c lbf ~bi,le, + 
requirement Mo Alt, kft (Tsc/WTO)req ~)nozzle b 

Takeoff (100°F) 0.1 2 1.223 1.179 0.8461 23,940 0.0135 
Supercruise 1.5 30 1.231 1.235 0.3610 10,700 0.0520 
Supersonic 5g 1.6 30 0.9436 0.9235 0.8334 18,470 0.0288 

turn 
Subsonic 5g 0.9 30 1.359 1.310 0.4842 15,220 0.0152 

tu rn  
Horizontal 1.2 30 1.091 1.047 0.6678 16,780 0.0093 

acceleration 
Maximum Mach 1.8 40 0.6367 0.6181 0.6564 9,740 0.0209 

aft = 1.0 at takeoff and 0.8221 at all other flight conditions. 
bBased on data in Table 6.El. 
CTreq = ~(TsL/Wro)req WTO. 

To find this minimum engine size for the AAF, the procedure diagrammed in 
Fig. 6.E2 and listed next will be followed: 

1) Select as critical RFP mission points those flight conditions having the poten- 
tial to require a) the largest fraction of available thrust {(TsL/WTO)req / 
(TsL / WTO)avail}, b )  the largest exhaust nozzle exit area (A9), or c) the largest inlet 
area (A1) at engine station 1 (Figs. 4.1a and 6.4). 

2) Assuming a constant installation loss of 5% and available thrust loading 
(TsL / WTO)avail of 1.25, determine (TsL/WTO)req for the selected engine (Engine 15) 
at the critical mission points and required performance constraints. The resultant 
thrust loadings {(TsL/Wro)req} for critical aircraft performance are summarized 
in Table 6.E2 under the Chapter 5 column. This was done for each engine of 
Chapter 5 and summarized in Table 5.E3 as percent increase in thrust loading. 

3) Based on the largest (TsL/Wro)req and estimated Wro from Chapter 3, find 
the tentative engine size (ZSL)req. Separately examine the feasibility of a single- or 
multiengine installation and select the number of engines to be used in the AAF 
(see Sec. 6.4.4 for guidance). Simply entering the selected number into its input 
field on the Engine Data window of AEDsys changes the number of engines. When 
the number of engines is changed, the TSF is updated and the user is asked if he 
or she wants to automatically scale the inlet area (A1), afterbody area (Al0), and 
nozzle length (L). Because the preceding design values are based on the preced- 
ing thrust loading or number of engines, responding "yes" saves the user these 
calculations. 

4) Determine the required A1, Al0, and L for the engine with available thrust 
loading (Tsc/WTO)avail of 1.25. This was done in Sec. 6.4.1 for the 20 engines under 
consideration and summarized in Table 6.El for a single-engine installation. Select 
"Installation Loss Model of Chapter 6" in the Engine Data window of AEDsys 
and input the data for A1, A10, and L. Note that area can be input for an auxiliary 
air intake to be used at low Mach number to reduce installation loss. An auxiliary 
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air intake a r e a  Alaux equal to the inlet area A1 is selected for the AAF for M0 up 
to 0.3. (See data used in revised engine search of Table 6.El.) 

5) Determine the required thrust loading (TsL/WT"o)req for the revised mission 
and constraint performance with this improved installation loss model. This was 
done for the 20 engines under consideration and summarized in Table 6.El under 
required thrust loading. 

6) Change the available thrust loading (TsL/WTO)avail in the Mission Analysis 
window of AEDsys to a value slightly larger than the required value (TsL/WT"o)req 
in order to resize the engine and have the program automatically scale the inlet 
and afterbody data. 

7) Based on the Thrust Scale Factor (TSF), resize engine mass flow rate (rh0) 
in the parametric program for the engine design. Check that the engine(s) produce 
the required power (ProL and/or P'roH ). If not, adjust the respective design values 
of power takeoff coefficient (CT-oL and/or Cron). Generate a new reference engine 
data file (*.ref) and input it into the AEDsys program. Check that the TSF is one 
and that the engine(s) meet the required performance. 

8) As required, repeat steps 6 and 7 until satisfactory convergence is obtained. 

6.4.4 Selecting the Number of Engines 
The choice of a one- or two-engine installation for the AAF is a design study 

all its own and involves many tradeoffs between safety, performance, and cost. 
The airframe design team is normally responsible for these studies in cooperation 
with the propulsion design group. For engine designers, the purpose here is only 
to verify that the engine size for either a single-or a twin-engine fighter is feasible 
from the point of view of engine manufacturing and testing capabilities. 

As was seen in Table 6.E2, the subsonic 5g tum sizes the Engine 15 with a 
required thrust loading of 1.31 based on inlet and nozzle losses for one engine. 
We therefore proceed with an available thrust loading (TsL/WTO)avail of 1.32 for 
the AAF in order to provide some safety margin. With an available thrust loading 
(TsL/WTO)avail of 1.32, the TSF for one engine is 1.0323. The engine size for a 
one- or two-engine installation can now be established and the feasibility of each 
determined. Assuming the approximate installation losses included in Table 6.E2, 
an engine design mass flow rate of either 200 x 1.0323 = 206.5 lbm/s for a single- 
engine airplane or 103.3 lbm/s for a two-engine airplane is required. The sea level 
static performance of each of these engines is shown in Table 6.E3. 

Table 6.E3 Sea level static performance of four engines 

Sea level static performance 
Engine design mass 

Type of aircraft flow rate, lbm/s a th0, lbm/s F, lbf 

One engine 206.5 284.8 31,680 
Two engine 103.3 142.4 15,840 
F100-PW-229 engine b 248 29,000 
F404-GE-400 engine b 142 16,000 

a 1.451 M/36 kft. 
bAppendix C. 
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The engine size for the one-engine installation has a static sea level mass flow rate 
that is about 15% higher than the F100-PW-229 engine (used in both the Air Force 
F-15 and F-16) and a considerably higher maximum thrust, whereas the engine for 
the two-engine installation has about the same mass flow rate as the F404-GE-400 
engine (used in the U.S. Navy F- 18) and a slightly lower maximum thrust. The size 
of each engine is therefore within current manufacturing and testing capabilities for 
afterburning turbofan engines and either a single- or twin-engine AAF is feasible. 
We have chosen a twin-engine installation for the AAF to provide you with the 
experience of using this information in the computations. Thus, the Air-to-Air 
Fighter for the RFP of Chapter 1 is configured to be a two-enginefighter. 

With the number of engines for the AAF now specified as two, the final sizing 
of Engine 15 starts with an available system thrust loading (TsL/WTo)av,~il of 1.32 
and the Chapter 6 installation loss. The resultant TSF is 0.5161. This corresponds 
to an engine having sea level static thrust of 15,840 lb and a design mass flow rate 
of 103.3 lbm/s. 

6.4.5 Final Engine Sizing of Engine 15 for ( TsL/ WTO)avail -- 1.32 

AAF Engine 15 will be sized using these procedures by finding the values 
of the required-to-available thrust loading {(TsL/Wro)req/(Tsj Wro)avait} at the 
critical mission points. To determine this ratio, preliminary estimates of the inlet 
and exhaust nozzle design parameters must first be established. Then, the instal- 
lation losses are found using the design tools of Sec. 6.2. Next, (TsL/Wro)req/ 
(TsL/WTO)avail is determined following the procedure diagrammed in Fig. 6.E2. 
Unless (TsL/WTO)req/(ZsL/WTO)avail ' ~  1.0, the engine is resized as indicated in 
Fig. 6.E2. 

The following series of calculations is presented here to show the methods and 
procedures implemented in the AEDsys software. You may either carry out the 
hand calculations for the installation loss as follows or use the AEDsys software 
to do these calculations. 

Inlet and exhaust nozzle design parameters--( TsL/ WTO)avail = 1.32 
Inlet size. Based on the discussion in Sec. 6.2.4, the flight conditions requiring 

the largest inlet area A1 can be determined by developing a plot of A~/Aoref and 
Ao/Aoref as in Fig. 6.14 for a low bypass ratio turbofan engine cycle. From this 
plot, the limiting flight conditions can be identified and the inlet area determined. 
Figure 6.E3 is such a plot of A~/Aoref (for M0 < 1) and Ao/Aoref (for M0 _> 1) vs 
flight Mach number and altitude for this engine at full throttle. Note that the high 
altitude, high Mach number flight conditions on a cold day are the most demanding 
for the inlet area size. For this engine, the value of Aoref (A~ @ SLS) is 2.882 fte. 
(The required inlet A~/Ao is listed in Table 6.E5 for the critical mission points.) 

The most demanding flight condition for sizing this inlet is at 1.56M/40 kft on 
a cold day where the Ao/Aoref equals 1.174. Thus, allowing for a 4% margin of 
safety, the inlet area is selected to be 

A1 = 1.04 x Ao/Aoref× Aoref= 1.04 x 1.174 × 2.882 = 3.519ft e. 

Exhaust nozzle size. The value of A10 is selected to be at least 10% greater 
than the largest value of A9 for critical operational mission points. Figure 6.E4 
shows the exit area required at maximum and military power. For this engine, the 
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2.0 

value of A9ref(=A9@SLS) is 3.047 ft 2. Although the largest A9 required occurs 
at 1.8M/40 kft on a cold day with maximum power (see Fig. 6.E4), this condition 
will not determine the size of A10 because maximum power is not required for this 
performance point. 

Table 6.E4 contains the values of A9 for the critical mission and performance 
points. The exit area A9 corresponding to maximum power have been computed 
for each critical point except Supersonic Turn (1.6M/30 kft, 5g) and Maximum 
Mach (1.8M/40 kft). The exit areas A9 computed for these two flight conditions 
are those corresponding to the engine producing the required thrust because the 
exit areas corresponding to maximum power are much larger than required at 
any other flight condition and the required engine performance can be obtained at 
partial power. As can be seen in Fig. 6.E5 (calculated using AEDsys), the reduction 
in exit area A9 decreases Po/P9 with a corresponding decrease in uninstalled thrust 
F. The results pictured here are consistent with our basic understanding that ideal 
expansion produces the maximum uninstalled thrust, but that performance does 
not change rapidly in the neighborhood of perfect expansion (Refs. 2, 3, and 5). 
For the Supersonic Turn with maximum power, an exit area of 5.150 ft 2 is obtained 
at Po/P9 of 0.927 with a reduction in thrust less than 0.04%. Similar results are 
obtained for the Maximum Mach flight condition. 

Based on the data of Table 6.E4, Al0 is selected to be 5.153 ft 2. Thus D10 and 
L for this engine are 2.561 ft and, choosing L = 1.8 × D10, 4.611 ft, respectively. 
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Fig. 6.E4 Required engine exit area at maximum throttle, Engine 15. 

Table 6.E4 Engine 15 exhaust nozzle A 9 and IMS for (TsL/WTO)avail - -  1.32 

Performance M0/Alt, 
requirement kft Treq, lbf a Fr~q, lbf b % Favai! A9, ft 2 I M S  ~ 

Takeoff (100°F) 0.1/2 23,940 Max 
Supercruise 1.5/30 10,700 5,640 
Supersonic 5g turn 1.6/30 18,470 9,510 
Subsonic 5g turn 0.9/30 15,220 7,740 
Acceleration 1.2/30 16,780 8,470 
Maximum Mach 1.8/40 9,740 4,970 
7-8K Part 3 of 1.465/30 Max Max 

mission accel 

100.0 2.930 d 0.0604 
43.24 3.065 0.0479 
70.00 4.203 0.0054 
99.38 4.003 d 
79.33 4.608 d 
46.80 3.854 0.0230 

100.0 5.153 d 0.0000 

aFrom Table 6.E2 for single engine. 
b W w o  engines (installation loss based on single-engine results in Table 6.E2). 
~A10 = 5.153 ft 2. 
dMaximum throttle. 
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Fig. 6.E5 Effect of exit a r e a  (A9) on Engine 15 performance (supersonic turn). 

With these approximate nozzle design parameters determined, the integral mean 
slope (IMS) of the nozzle can be found by using 

IMS = {1 - (D9/Dlo)} 2 = {1 - ~ } 2  

which follows from Eq. (6.15) with L = 1.8 x Din. The values of the exhaust 
nozzle IMS are also given in Table 6.E6 for legs with Me > 1.2 and Me < 0.8. 

Installation losses--( TsL /WTO ) avail -- 1.32 
Inlet loss coefficient. The inlet loss coefficients are given in Sec. 6.2 as follows: 
Subsonic flight: 

[ M o ~ .  ( a l ) ] /  
q~i,,l~t = ~ (1 + yM~) - ~oo + yM2°  [(Fg¢/rho)(yMo/ao)] (6.6) 

Supersonic flight: 

~binlet= /ml - l"~lM°- / - ~ - ~  ~00 ) /  ~ y -  1 2 1/2 . 2 +~_~__~M0) } / [ F g c / ( m o a o ) ]  (6.8) 
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Table 6.E5 Engine 15 inlet loss coefficients for (TsL/WTO)avail = 1.32 

Performance Mo/Alt ,  Freq, a % A~ or F/rn o, Fgc A1/A~ 
requirement kft lbf Favail a Ao, ft 2 lbf/lbm/s rhoao A l/Ao b M1 q~inlet 

Takeoff 0.1/2 Max 100.0 2.842 107.5 2.981 2.476 
(100°F) 

Supercruise 1.5/30 5 , 6 4 0  43.24 3.066 46.10 1.491 1.148 
Supersonic 1.6/30 9,510 70.00 2.930 71.21 2.304 1.201 

turn 
Subsonic 0.9/30 7 , 7 4 0  99.38 2.878 103.9 3.361 1.223 

turn 
Acceleration 1.2/30 8 , 4 7 0  7 9 . 3 3  2.943 84.17 2.723 1.196 
Maximum 1.8/40 4,970 46.90 3.154 47.88 1.592 1.116 

Mach 

0.242 

0.572 

0.0137 

0.0384 
0.0386 

0.0114 

0.0184 
0.0420 

aFrom Table 6.E4. 
bA 1 = 7.038 ft 2 at takeoff and 3.519 ft 2 elsewhere due to Ala,x. 

where TI is related to To and A1 is related to A0 by the usual adiabatic and isentropic 
flow relationships (see Sec. 1.9). 

Once A1 has been selected, Eqs. (6.6) and (6.8) can be directly evaluated at 
any given flight condition (M0 and ao or To) and engine power setting (A; or 
A0 and Fgc/rho). Table 6.E4 gives the flight conditions and Tre q for each critical 
mission point. When the engine is operated at the appropriate power setting for 
each mission leg, the data of Table 6.E5 are obtained. 

Exhaust nozzle loss coefficient. The nozzle coefficients are given in Sec. 6.2.3 
as follows: 

Mo < 0.8: 

CD(Alo-A9)/(Fgc~ (6.16) 
~)nozzle = MO ~ ' -  \ -Ao \ rhoao / 

where CD is a function oflMS as given by Fig. 6.8. 
0.8 < M0 < 1.2: 

~nozzle m°2 \ Ao ] / \ moao / 
(6.17) 

Table 6.E6 Engine 15 exhaust nozzle loss coefficients for 
( r sL/Wro)ava i  I = 1.32 

Performance Mo/Alt, Freq, Fgc 
requirement kft lbf a A0, ft 2 A9, ft 2a rhoa0 IMS a CD dpnozzte b 

Takeoff(100°F) 0.1/2 Max 16.55 2.930 2.981 0.0604 0.000 0 
Supercruise 1.5/30 5,640 3.066 3.065 1.491 0.0479 0.009 0.0031 
Supersonic turn 1.6/30 9,510 2.930 4.203 2.304 0.0054 0 0 
Subsonic turn 0.9/30 7,740 2.904 4.003 3.361 0.017 c 0.0040 
Acceleration 1.2/30 8,470 2.943 4.608 2.723 0 0 
MaximumMach 1.8/40 4,970 3.154 3.854 1.592 0.0230 0 0 

aFrom Table 6.E3. hA10 = 5.153 ft 2. cCDp. 
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Table 6.E7 Engine 15 required thrust loading (TsL/Wro) 
for (TsL/Wro)avail = 1.32 
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Performance Mo/ Al t ,  Favail, Treq, ~inlet "~ Freq, ( Ts L ~c (ZsL / WTO)re q 
requirement kft lbP lbP (~nozzle lbfb \-~OTO]req (TsL/WTO)avail 

Takeoff(100°F) 0.1/2 13,580 11,970 0.0137 12,140 1.179 0.8932 
Supercruise a 1.5/30 6,030 5,350 0.0415 5,580 1.236 0.9364 
Supersonic turn 1.6/30 13,590 9,240 0.0386 9,610 0.9241 0.7001 
Subsonic turn 0.9/30 7,790 7,619 0.0154 7,740 1.311 0.9932 
Acceleration 1.2/30 10,680 8,390 0.0184 8 ,550  1.047 0.7932 
Maximum Mach 1.8/40 10,620 4,870 0.0420 5,080 0.6184 0.4685 

aFor each engine, b Freq = Treq /(1 - ~in!et - ~nozzle). 
CConstraint analysis of AEDsys for WT-o/S = 64 lbf/ft 2. dAfterbumer off. 

where Cop is a function of M0 as given by Fig. 6.10. 
M0 > 1.2: 
Equation (6.16) applies where CD at M0 = 1.2 is a function of lMS as shown 

in Fig. 6.9, and Co at M0 > 1.2 is found from 

Co(Mo) 1 -  1 . 4 e x p ( - M  2) 
= r - - -  (6.12) 

Co(1.2) . / M  2 - 1 

Table 6.E6 presents the data for and the results of the nozzle loss coefficient 
computation for each critical mission point. 

Required thrust loading. The total installation effects on the required unin- 
stalled thrust of this engine and the resulting required-to-available thrust ratio may 
now be computed, and the results are summarized in Table 6.E7. The 0.9M/30 kft, 
5g turn requirement has the highest required-to-available thrust loading and as such 
determines the engine size. Because (TsL/WTO)req/(TsL/WTO)avail at that point is 
0.9932, (Tsr/WTO)avail "~- 1.32 will meet all of the AAF RFP requirements within 
the limits of this analysis, and no further iteration will be necessary. This confirms 
the earlier assertion that the engine cycle selection process is, fortunately, highly 
convergent. 

6.4.6 Evaluation of AAF Engine 15 for ( TsL / WTO)avail - 1.32 

We may safely conclude that an available thrust loading (TsL/WTO)avail of 1.320 
will permit Engine 15 to meet the AAF RFP requirements. Increasing the thrust 
loading from 1.25 to 1.32 changes the thrust scale factor, a measure of the engine 
size, from 0.4888 to 0.5161. The results are tabulated in Table 6.E8. 

The new reference point mass flow rate for each of the two engines is simply the 
original value of 200 lbm/s multiplied by the thrust scale factor (TSF) of 0.5161 or 

thOnew = TSF × rh0 = 0.5161 x 200 = 103.22 lbm/s 

The value of the power takeoff (Pro) produced by the engine must be adjusted 
from its current value of 155.2 kW to 150 kW (300/2). This is done by adjusting 
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Table 6.E8 Engine 15 sizing data 

Thrust loading (TsL/WTo)avait 1.25 1.32 
Thrust scale factor TSF 0.4888 0.5161 
Thrust FsL, lbf 15,000 15,840 
Power takeoff Pro, kW 146.9 155.2 
Inlet area A1, ft 2 3.332 3.519 
Afterbody area Al0, ft 2 4.880 5.153 
Afterbody length L, ft 4.487 4.611 
Required thrust loading (TsL/WTo)req 1.311 1.311 
(TsL/WTO)req/(TsL/WTO)avail 1.0488 0.9932 

the power takeoff coefficient (Cro) as follows: 

PTOHnew 150.0 
Cron new -- ProHref CT"oHref = 1-~.2(0.0152). = 0.0147 

This change is too minor to warrant further iteration. 
The reference point data for the properly scaled Engine 15 are summarized as 

follows: 
Engine 15 Reference Data 

M0 = 1.451 7/f = 3.5 Tt4 = 3200°R Crow = 0.0147 

h = 36kft a = 0.7571 Tt7 = 3600°R Po/P9 = 1 

Zrc = 28 M6 = 0.4 rh0 = 103.22 lbm/s 

Hereinafter, this engine is simply known as the AAF Engine. 

6.5 AAF Engine Performance 

6.5.1 Installed Performance of the AAF Engine 

In the mission analysis of Chapter 5, the installation losses were estimated at 
about 5%. By flying the AAF Engine, the Mission Analysis portion of the AEDsys 
software makes the final estimates of installation penalties. For Type A (Ps > 0) 
mission legs, the calculation of the installation losses requires no iteration. For 
Type B (Ps = 0) mission legs, the engine is throttled back in increments and 
the corresponding installation losses calculated until installed thrust equals drag. 
The installation losses of the AAF Engine at the start of each mission leg are 
summarized in Table 6.E9. Note that the installation losses of the Subsonic Cruise 
Climb 3-4 and Combat Air Patrol 5-6 phases are about 12%; the Supersonic 
Penetration 6-7, Escape Dash 8-9, and Warm-up 1-2 A phases are about 6%; and 
the Loiter phase is about 8%. The net change in fuel consumed was small because 
the remainder of the mission phases and segments has installation penalties less 
than 5%. The decrease in fuel used WF for legs where Ps > 0 is mainly caused 
by the increase in thrust loading T s j  Wro from 1.25 to 1.32. The changes in fuel 
used WF for legs where Ps = 0 are mainly caused by the changes in installation 
losses from the initial estimate of 5%. 
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Table 6.E9 AAF Engine performance 
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Mission phases and segments Ps 
Alt ,  (])inlet "~- WF, o~OWF 

114o kft (/)nozzle 1-I lbf change a 
i f  

1-2: A--Warm-up b =0 0.0 2 0.0556 0.9911 214 5.9 
1-2: B--Takeoffacceleration b >0 0.0 2 0.0134 0.9956 105 -7.1 
1-2: C--Takeoffrotation b =0 0.182 2 0.0023 0.9983 40 5.3 
2-3: D--Horizontal acceleration b >0 0.441 2 0.0026 0.9946 129 -6.5 
2-3: E--Climb/acceleration >0 0.875 16 0.0295 0.9818 428 -7.2 
3--4: Subsonic cruise climb -----0 0.900 41.6 0.1161 0.9773 524 11.3 
5-6: Combat air patrol =0 0.700 30 0.1239 0.9697 683 7.7 
6-7: F--Acceleration >0 1.090 30 0.0408 0.9821 391 -6.9 
6-7: G--Supersonic penetration =0 1.500 30 0.0622 0.9449 1183 1.9 
7-8: I--1.6M/5gtum =0 1.600 30 0.0416 0.9761 470 -5.4 
7-8: J--0.9M/5gtums* =0 0.900 30 0.0164 0.9740 498 -8.8 
7-8: K--Acceleration >0 1.195 30 0.0446 0.9815 346 -6.2 
8-9: Escape dash =0 1.500 30 0.0638 0.9818 322 0.9 
9-10: Zoom climb =0 1.326 30 0.0271 0.9974 44 -4.3 

10-11: Subsonic cruise climb =0 0.900 47.6 0.1177 0.9716 491 7.4 
12-13: Loiter =0 0.397 10 0.0844 0.9662 569 4.0 

Total 6439 0.3 

aChange from Table 5.E4. bl00°E 

It is interesting and important to note that the total fuel consumed changed 
only by about 0.3% from the estimate at the end of Chapter 5. The AAF engine 
consumes 251 lbf of fuel less than the 6690 lbf mission fuel estimate of Chapter 3. 
This process has clearly demonstrated that the general engine performance models 
of Secs. 2.3.2 and 3.3.2 were more than adequate for their purpose, and that they 
undoubtedly contributed to the rapid convergence. 

6.5.2 Final Reprise 
A comparison of the installed thrust lapse ot of the AAF Engine to that estimated 

for this type of engine in Sec. 2.3.2 provides insight into the change in the mission 
phases restricting the engine size from the combination of Takeoff and Combat 
Turn 2 to Supercruise and Combat Turn 2. This is best accomplished by comparing 
the estimated installed thrust lapses found in Fig. 2.Elb for throttle ratio (TR) of 
1.07 to the computed thrust lapses of the AAF Engine, as shown in Fig. 6.E6 for 
both military and maximum power settings at sea level and 30 kft on a standard day. 

The estimated and computed AAF Engine thrust lapses ot agree fairly well over 
the entire AAF's flight envelope. Both military and maximum predicted thrust 
lapses at sea level increase more with increasing Mach number than the AAF 
Engine. The estimated thrust lapse for military power decreases less with increasing 
altitude than the AAF Engine. The difference in thrust lapses with Mach number 
is caused mainly by the moderate bypass ratio of the AAF Engine. The estimated 
and computed AAF Engine maximum thrust lapses at 30 kft have the same trend 
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Fig. 6.E6 Comparison of installed thrust lapses ~ at maximum and military power 
(standard day). 

until 00 > 1.07 (TR) where the estimated thrust lapse drops off more rapidly than 
the AAF Engine. 

In preceding chapters, a reprise was performed when better information than 
the preliminary data used to start the design process became available. The AAF 
Constraint Analysis of Chapter 2 was based on estimated engine thrust lapse 
and preliminary aerodynamic data. The constraints were calculated and plotted 
(see Fig. 2.E3), and a preliminary choice was made of the thrust loading 
(TsL/Wro = 1.25) and wing loading (Wro/S = 64 lbf/ft 2) for the AAE The engine 
sizing, performed in Sec. 6.4, results in a static sea level installed thrust for two 
AAF Engines of 31,680 lbf (vs 30,000 lbf estimated in Chapter 3) that provides 
a revised thrust loading of 1.32 for the AAE A reprise of the Constraint Analy- 
sis would be most appropriate now that improved thrust lapse data are available. 
Only through this analysis can the question about the influence of the new thrust 
lapse and aircraft weight fraction data on wing loading be answered. Table 6.El0 
presents new values of the thrust lapse and aircraft weight fraction for each con- 
straint boundary of Chapter 2. Using these new values of t~ and ~, computing and 
plotting the new constraint boundaries yields Fig.6.E7. Please note that AEDsys 
automatically updates the thrust lapse information in Constraint Analysis and Con- 
tour Plots, but that you must enter the updated weight fraction manually. 

Any specific boundary will shift about the constraint diagram with changes in 
thrust lapse a and aircraft weight fraction ft. Increases in thrust lapse ot will reduce 
the required thrust loading Tsc/Wro and decreases in the thrust lapse will increase 
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Table 6.El0 AAF thrust lapse and weight fraction 
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Initial Revised 

Constraint Throttle a fl a fl 

Takeoff, 0.1M/2 kft, 100°F Max 0.9006 1.0 0.8460 1.0 
Supercruise, 1.5M/30 kft Mil 0.4792 0.78 0.3606 0.8221 
Supersonic turn, 1.6M/30 kft, 5g Max 0.7829 0.78 0.8329 0.8221 
Subsonic turn, 0.9M/30 kft, 5g Max 0 .5033  0.78 0.4841 0.8221 
Acceleration, 1.2M/30 kft Max 0.7216 0.78 0.6677 0.8221 
Maximum Mach, 1.8M/40 kft Max 0 .5575  0.78 0.6561 0.8221 

the required thrust loading. Likewise, increases in the aircraft weight fraction fl 
will reduce the required wing loading WTo/S, and decreases in aircraft weight 
fraction will increase the required wing loading. As shown in Table 6.El0, both 
of the values of thrust lapse and aircraft weight fraction have changed for each 
constraint. Finally, Fig. 6.E7 reveals that the Subsonic 5g Turn and Takeoff no 
longer constrain the solution as they did in Fig. 2.E3 and the aircraft design point 
of TSL/WTO = 1.32 and Wro/S = 64 lbf/ft 2 is at the intersection of the Landing 
and Subsonic 5g Turn constraints. 

It is worthwhile to pause for a moment at this point to contemplate the real 
world. If, as has happened in the past, negotiations between the participants led 
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to a reduction of the Subsonic 5g Tum and/or Landing RFP requirements for the 
purpose of reducing thrust loading and engine size, Supercruise would soon be- 
come a barrier. This would, of course, lead to another search for the best AAF 
engine. 

Because the required wing loading is not below our initial estimate of 64 lbf/ft 2, 
the revised aircraft design points of Tsj Wro = 1.32 and W~o/S = 64 lbf/ft 2 are 
reconfirmed, and further revision of the required aircraft size and engine thrust is 
not necessary at this time. This is a happy moment because engine cycle design can 
now come to an end and engine component design can begin. The performance of 
the AAF Engine is summarized in the following section before starting the design 
of the engine components in Chapter 7. 

6.5.3 AAF Engh~e Uninstalled Performance Summary 
Plots of the uninstalled engine thrust, thrust specific fuel consumption, and 

mass flow rate vs flight Mach number and altitude are the means by which engine 
performance is traditionally presented for use by engineering staffs. Figures 6.E8- 
6.E12 present the standard day uninstalled performance of the AAF Engine at 
military and maximum power settings. They were generated by the Engine Test 
portion of AEDsys. Figure 6.E13 presents the partial throttle performance at 
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Fig. 6.E8 AAF Engine thrust at maximum power (standard day). 
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altitudes of 30 kft and sea level static. These are known in the propulsion com- 
munity as "power hooks" because of their shape. The kink caused by the control 
system theta break is evident on every curve of Figs. 6.E8-6.E13. The uninstalled, 
sea level static AAF Engine performance at military and maximum power settings 
are as listed in Table 6.El 1. 

The complete, uninstalled AAF Engine performance, as computed using the 
MSH model by the AEDsys program at the engine reference point and sea level 
static, is presented next. As we bring Part I, Engine Cycle Design to a close, it is 
important to note that this AAF Engine reference point will be referred to as the 
AAF Engine design point in Part II, Engine Component Design. 

Table 6 .El l  Uninstalled AAF Engine performance at sea level static 

Thrust (lbf) 15,840/9,713 
Thrust specific fuel consumption (l/h) 1.6956/0.6829 
Air mass flow rate (lbm/s) 142.35 
Compressor pressure ratio 28.0 
Fan pressure ratio 3.50 
Bypass ratio 0.754 
Bleed air flow rate (lbm/s) 0.81 
Power takeoff (kW) 150 
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AEDsys (Vet. 3.00) Turbofan with AB---Dual spool Date:10/1/2002 6:00:00 AM 
Engine File: C: \Program Fi les \AEDsys \AAF Data \AAF Final Engine.ref 

Input Constants 
Pidmax = 0.9600 Pi b = 0.9500 Eta b = 0.9990 P i n  = 0.9700 
cp c = 0.2400 cp t = 0.2950 Gam c = 1.4000 Gam t = 1.3000 
P i A B  = 0 . 9 5 0 0  E t a A B  = 0 . 9 9 0 0  c p A B  = 0 . 2 9 5 0  G a m A B  = 1.3000 
E tacL  = 0.8693 E tacH = 0.8678 E ta tH  = 0.9028 E ta tL  = 0.9087 
Eta mL = 0.9950 Eta mH = 0.9950 Eta PL = 1.0000 Eta PH = 1.0000 
E t a f  = 0.8693 P T O L  = 0.0KW P T O H  = 150.0KW hPR = 18400 
Bleed = 1.00% Cool 1 = 5.00% Coo12 = 5.00% 
** Thrust Scale Factor = 1.0000 
Parameter Reference** Test** 
Mach Number @ 0 1.4510 0.0100 
Temperature @ 0 390.50 518.69 
Pressure @ 0 3.3063 14.6960 
Altitude @ 0 36000 0 
Total Temp @ 4 3200.00 2983.39 
Total Temp @ 7 3600.00 3600.00 
Pi r/Tau r 3.4211/1.4211 1.0001/1.0000 
Pi d 0.9354 0.9600 
Pi ffrau f 3.5000/1.4951 3.4998/1.4950 
Pi cLfrau cL 3.5000/1.4951 3.4998/1.4950 
Pi cH/Tau cH 8.0000/1.9351 8.0052/1.9355 
Tau m l  0.9693 0.9693 
Pi tH/Tau tH 0.3083/0.7853 0.3083/0.7853 
Tau m2 0.9772 0.9772 
Pi tL/Tau tL 0.4236/0.8366 0.4235/0.8366 
Mach Number @ 6 0.4000 0.4001 
Mach Number @ 16 0.3998 0.3994 
Mach Number @ 6A 0.4242 0.4241 
Gamma @ 6A 1.3360 1.3360 
cp @ 6A 0.2715 0.2715 
Pt l6/Pt6 1.0074 1.0071 
Pi M/Tau M 0.9635/0.7797 0.9635/0.7805 
Alpha 0.757 0.754 
Pt9/P 9 9.8719 2.9621 
P0/P9 1.0000 1.0000 
Mach Number @ 9 2.1544 1.3779 
Mass Flow Rate @ 0 103.22 142.35 
Corr Mass Flow @ 0 138.72 142.34 
Flow Area @ 0 3.214 166.743 
Flow Area* @ 0 2.808 2.881 
Flow Area @ 9 5.459 3.046 
MB--Fue l /Ai r  Ratio (f) 0.02803 0.02550 
AB--Fue l /Ai r  Ratio (fAB) 0.03800 0.03969 
Overall Fuel/Air Ratio (fo) 0.05198 0.05241 
Specific Thrust (F/m0) 108.24 111.27 
Thrust Spec Fuel Consumption (S) 1.7289 1.6956 
Thrust (F) 11172 15840 
Fuel Flow Rate 19316 26858 
Propulsive Efficiency (%) 46.93 0.65 
Thermal Efficiency (%) 43.70 25.71 
Overall Efficiency (%) 20.51 0.17 
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7 
Engine Component Design: 

Global and Interface Quantities 

7.1 Concept 
This chapter plays a pivotal role because it provides the bridge between treating 

the propulsion system as a whole and beginning the design of those parts that have 
traditionally been identified as components and subsystems. No standard or com- 
pletely comprehensive list of components and subsystems is available because they 
differ from company to company and engine to engine, but any reasonable collec- 
tion would include at least the following components: 

1) inlet 
2) fan and booster 
3) propeller and variable pitch control 
4) low-pressure compressor (LPC) 
5) high-pressure compressor (HPC) 
6) main or primary burner 
7) high-pressure turbine (HPT) 
8) low-pressure turbine (LPT) 
9) free or power turbine 
10) mixer 
11) afterburner or augmentor exhaust nozzle 
12) and thrust reverser. 
The subsystems would include the following: 
I) nacelle 
2) fuel delivery system 
3) instrumentation and controls 
4) starting and ignition system 
5) structure 
6) shafts, bearings, and seals 
7) accessory gearbox and drive 
8) propeller gearbox 
9) lubrication and cooling systems 
10) and fire control. 
Within any engine company each of these is represented by a team of experts, 

many of whom have dedicated their entire careers to success. It is good to remember 
that, although the propulsion industry has found by experience that this breakup is 
most effective for management, no one component or subsystem is free from the 
influence of all of the others. The entire engine is coupled through aerodynamics, 
thermodynamics, structures, and controls; therefore, integration is a vital activity 
at all stages of design and development. One should also approach each component 
and subsystem with a minimum of prejudice about its importance to the whole. 
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For example, the instrumentation and controls package ordinarily accounts for 
20-30% of the total cost and weight of the engine, and a fuel delivery system 
that allows some trapped fuel to drain into the burner after the engine has stopped 
running increases the danger of internal fire and explosion. 

Component and subsystem design can commence now because there is an abun- 
dance of "inside information" about the chosen design point engine (referred to 
in Part I as the reference point). By running AEDsys Performance computations 
at the desired flight conditions and throttle settings, the behavior of the flow prop- 
erties at the interfaces between the flowpath components as well as across these 
components can be established. 

This supplies the quantitative information necessary to allow the separate design 
of each flowpath component to begin, which, in turn, will generate the require- 
ments and constraints for the supporting subsystems. Equally important to the 
remainder of the project is the institution of a systematic approach to component 
and subsystem integration. There must be methods and procedures to ensure that 
everyone shares the same assumptions and goals. Frequent updating of quantitative 
information and communication about problems and lines of attack are key ingre- 
dients of the process. You would be amazed to discover how easily communication 
breaks down and how severe are the consequences. 

7.2 Design Tools 
The emphasis here is on assembling a complete set of flow quantities at each 

engine station as well as several derived properties of interest. You will find it 
helpful to recognize the diverse roles played in the following discussions by the 
engine reference stations (see Sec. 4.2.1). First, each is the interface between two 
sequential flowpath components. Second, each is the entrance to one component 
and the exit for another. Third, any two successive engine stations provide the 
boundary conditions for an individual flowpath component. 

Systematic procedures for calculating the most important interface and other 
derived quantities will now be developed. The source document is a complete set 
of ONX engine design point (reference point of Part I) computations, such as that 
of the Air-to-Air Fighter (AAF) Engine presented in Fig. 7.1. Please note for the 
final time that these computations, as well as all of the ensuing global and inter- 
face quantities, are based on the MSH (modified specific heat) model described in 
Sec. 4.2.7. 

7.2.1 Total Pressure, Total Enthalpy, and Total Temperature 
Total pressure and total temperature are of special importance to the engine 

designer because they are the most thermodynamically meaningful and far easier 
to measure than their corresponding static properties. The total pressure and total 
enthalpy are found directly from the definitions of Sec. 4.2.3. 

For example, the total pressure at the interface between the high-pressure com- 
pressor and the burner is given by the expression 

Pt3 = P0 rer red reel Zrcn = P0 rer Jrd rec (7.1) 
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On-Design Calcs (ONX V5.00) Date: XX/XX/2002 XX:XX:XX AM 

File: C:\Program Files\AEDsys\AAF Data\AAF Engine.ref 

Turbofan Engine with Afterburning 

using Modified Specific Heat (MSH) model 

********************** Input Data ********************** 

Mach No 1.451 Alpha =-001.000 

Alt (ft) 36000 Pi f / Pi cL =3,500/3.500 

TO (R) = 390.50 Pi d (max) 0.960 

P0 (psia) = 3.306 Pi b 0.950 

Density = .0007102 Pin 0.970 

(Slug/ft^3) Efficiency 

Cp c = 0.2400 Btu/ibm-R Burner 0.999 

Cp t = 0.2950 Btu/ibm-R Mech Hi Pr 0.995 

Gamma c = 1.4000 Mech Lo Pr 0.995 

Gamma t = 1.3000 Fan/LP Comp =0.890/0 

Tt4 max = 3200.0 R HP Comp 0.900 

h - fuel = 18400 Btu/ibm HP Turbine 0.890 

CTO Low = 0.0000 LP Turbine 

CTO High = 0.0147 Pwr Mech Eff L 

Cooling Air #1 = 5.000 % Pwr Mech Eff H 

Cooling Air #2 = 5.000 % Bleed Air 

P0/P9 = 1.0000 

** Afterburner ** 

Tt7 max = 3600.0 R 

Cp AB = 0.2950 Btu/ibm-R 

Gamma AB = 1.3000 

*** Mixer *** 
************************* RESULTS 

.890 (ef/ecL) 

(ecH) 

(etH) 

0.900 (etL) 

= 1.000 

= 1.000 

= 1.000 % 

Pi AB 0.950 

Eta A/B 0.990 

Pi Mixer max = 0.970 
************************* 

Tau r = 1.421 a0 (ft/sec) 968.8 

Pi r : 3.421 V0 (ft/sec) = 1405.7 

Pi d = 0.935 Mass Flow 103.2 ibm/sec 

TauL = 10.073 Area Zero 3.214 sqft 

PTO Low = 0.00 KW Area Zero* 2.808 sqft 

PTO High = 150.04 KW 

PtI6/P0 = 11.201 TtI6/T0 = 2.1246 

Pt6/P0 = 11.119 Tt6/T0 = 5.0997 

Alpha = 0.7571 

Pi c = 28.000 Tau ml = 0.9693 

Pi f = 3.5000 Tau m2 = 0.9772 

Tau f = 1.4951 Tau M = 0.7797 

Eta f = 0.8693 Pi M = 0.9635 

Pi cL = 3.500 Tau cL = 1.4951 

Eta cL = 0.8693 

Pi cH = 8.0000 M6 = 0.4000 

Tau cH = 1.9351 MI6 = 0.3998 

Eta cH = 0.8678 M6A = 0.4242 

PitH = 0.3083 AI6/A6 = 0.4641 

Tau tH = 0.7853 Gamma M = 1.3360 

Eta tH = 0.9028 CP M = 0.2715 

Pi tL = 0.4236 Eta tL = 0.9087 

Tau tL = 0.8366 

Without AB With AB 

Pt9/P9 = 10.132 Pt9/P9 9.872 

f = 0.02803 f = 0.02803 

f AB = 0.03800 

F/mdot = 51.995 ibf/(ibm/s) F/mdot =108.237 ibf/(ibm/s) 

S = 0.9830 (ibm/hr)/ibf S = 1.7289 (ibm/hr)/lbf 

T9/T0 = 2.2208 T9/T0 = 5.4351 

vg/v0 = 2.172 vg/v0 3.323 

M9/M0 = 1.495 M9/M0 1.485 

A9/A0 = 1.027 A9/A0 1.699 

A9/A8 = 2.098 A9/A8 2.123 

Thrust = 5367 ibf Thrust 11172 ibf 

Thermal Eff = 57.26 % Thermal Eff = 43.70 % 

Propulsive Eff = 63.37 % Propulsive Eff = 46.93 % 

Overall Eff = 36.29 % Overall Eff = 20.51% 

Fig. 7.1 AAF Engine design point performance data. 
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and the total enthalpy at that interface is given by the expression 

ht3 = ho "gr rd 72cL rcH = ho rr rd rc (7.2) 

The total temperature Tt is obtained from the subroutine FAIR of Table 4.2 once 
the total enthalpy ht and fuel/air ratio f are known. For the case of a calorically 
perfect gas, the total temperature at station 3 is given by 

Tt3 = To "Cr rd ~'cL rcH = To rr rd rc (7.2-CPG) 

7.2.2 Corrected Mass Flow Rate 
The corrected mass flow rate at the entrance of an engine component is a 

very useful quantity in the characterization and design of that component (see 
Sec. 5.3.1). Component performance presented in the form of a performance 
map normally uses corrected mass flow rate as the variable of the abscissa (see 
Figs. 5.4--5.8). 

For example, the corrected mass flow rate at the entrance of the fan is given by 
the expression 

B;/c2 = rr/2-~202 = /'n0 ~0%~r~r (7.3) 
~7"g r 9T d 

or, when the corrected mass flow rate at station 0 is known, by 

Ow/~r rhco 
rnc2 = r h 0 - -  -- (7.4) 

~7/" r 2T d 71~ d 

Similarly, the corrected mass flow rate at the entrance of the combustor is given 
by the expression 

r n o ( 1  - -  81 - -  82 - -  f l )  ~/OrrrcLrcn 
/'1/c3.1 = /4/3.1 

33.1 1 + a 6rCr :rrd JrcL 7rcn 

= /~/c0(1 - -  El  - -  E2 - -  /~) ~ ( 7 . 5 )  

1 + et Ygd JIfcL 2"(cH 

7.2.3 Static Pressure, Static Enthalpy, Static Temperature, and 
Vetocity 

With the total pressure and temperature in hand, the static properties can be 
calculated from the isentropic compressible flow functions, either by using the 
subroutine RGCOMP of Table 4.3, or, in the case of calorically perfect gases, 
from Eqs. (1.1) and (1.2) or the Gas Tables portion of AEDsys, provided that the 
local Mach number M and fuel/air ratio fa re  given or assumed. Once that is done, 
the velocity can be calculated from the equation 

V = M a  = M v / ~ g c R T  (7.6) 



DESIGN: GLOBAL AND INTERFACE QUANTITIES 237 

7.2.4 One-Dimensional Throughflow Area (Annulus Area) 
The information available now can be employed to find the MFP (M, Tt, f ) ,  

either by using the subroutine RGCOMP of Table 4.3, or, in the case of calorically 
perfect gases, from Eq. (1.3) or the Gas Tables portion of AEDsys. The throughflow 
area is then calculated from Eq. (1.3), rearranged into the form 

m,/-f; 
a -- - -  (7.7) 

P, MFP 

where the definitions and equations of Sec. 4.2.4 are used to obtain the value o fm 
at any given engine station. 

7.2.5 Flowpath Force on Component 
The net axial force in the positive x direction exerted on the fluid by each 

component is given by the streamwise increase from entrance to exit of the interface 
quantity: 

I - PA + pV2A = PA(1 + y M  2) (1.5) 

which is known as the impulse function in one-dimensional gas dynamics (see 
Sec. 1.9.5). The net axial force includes all contributions of pressure and viscous 
stresses on flowpath walls and any bodies immersed in the stream. The net axial 
force exerted on the component is equal and opposite to the force exerted on the 
fluid. Thus, a positive axial force on the fluid contributes a force on the component 
in the desired thrust direction. 

The impulse function provides important information to the design engineer 
because it reveals the distribution of major axial forces throughout the engine. 
Unfortunately, it does not precisely locate the distribution of forces within the 
component. In the case of the compressor or turbine, for example, axial force can 
be easily "moved" from the rotor to the stator by means of static pressure forces 
applied to their extensions outside the flowpath. These static pressure forces 
are often applied to circular disks and are therefore known as "balance piston" 
loads. 

One strategy frequently employed is to manage the balance piston loads so that 
most of the axial force is delivered to the stator assembly, which is firmly attached 
to the outside case of the engine, leaving only enough net axial force on the shaft, 
which is attached to the rotor assembly, to ensure that it has the same sign under 
all operating conditions. This will guarantee that the shaft thrust beating, which 
prevents axial motion of the shaft, always feels enough force to avoid skidding and 
the resulting rapid consumption of its life. 

The uninstalled thrust also depends fundamentally on the impulse function, as 
we can see from the expression derived in Appendix E: 

F = / 9  - I0 - P0(A9 - A0) (E.13) 

The torque exerted by the components provides an interesting contrast to this 
discussion of forces. To begin with, the net steady-state torque on any rotating com- 
ponent must be zero, or the rotational speed would have to change. Furthermore, 
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because the freestream and exhaust flows usually have no swirl, the net torque ex- 
erted on the fluid is zero, and the net torque exerted by the stationary components 
must therefore also be zero. Finally, if the exhaust flow does contain some swirl 
the torque must therefore have been exerted by the stationary components. 

7.3 Engine Systems Design 
Even the most casual glance at a turbine engine reveals that it consists of much 

more than the flowpath components. The many individual components could not 
function separately or together if they were not supplied a great deal of support. 
The art of providing all of the necessary functions and services in an integrated 
package is called engine systems design. This art can be taught only by experience 
because it requires knowledge of many different technologies as well as the ability 
to make judgments when confronted with many diverse demands. It also helps 
to have previously explored the pros and cons of many alternate systems design 
options. 

A list of the major subsystems was presented at the beginning of this chapter. 
Their design will ultimately determine the size, weight, cost, reliability, maintain- 
ability, and safety of the engine. Consequently, it is important to highlight this 
area, although it is difficult to duplicate because it involves the simultaneous con- 
sideration of so many competing factors. It is possible, nevertheless, to develop 
an appreciation for the overall scope and significance of engine systems design 
and an understanding of some of the underlying technologies. Many of the latter, 
in fact, are adequately described in standard handbooks and company manuals. 
One readily available reference is Aircraft Gas Turbine Engine Technology. 1 The 
genius of the designer is largely the ability to weave them together. 

A great way to start is to examine as many of the AEDsys Engine Pictures digital 
images of engines as similar to the type being designed as possible. Then these 
general questions should be studied and discussed until they are understood: 

1) What are all of the parts doing there (including those mounted outside the 
case, known as accessories, externals, or dressings)? 

2) How are all of the major functions accomplished? 
Once this is done, it is possible to focus on any specific portion of the engine, 

depending on personal preference, need, interest, and background. The following 
sections outline some of the considerations involved in each subsystem, which are 
both informative and essential to good design. 

7.3.1 Engine Static Structure 
1) How is the engine connected to the airframe? What kinds of load transferring 

joints are used and why? Does the thrust reaction cause a bending moment to be 
applied to the engine outer case, and, if so, what are the consequences? Could they 
cause the case to ovalize? 

2) Sketch the load paths for the entire engine. Show, in particular, how the outer 
case(s) are held together and how the bearings are supported. 

3) How large and in what direction are the forces on the inner surfaces of the 
inlet and nozzle? What types of forces and moments are generated on the inlet 
during angle of attack operation and what may they cause to happen? How are the 
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exhaust nozzle throat and exit area variations actuated, and what keeps the nozzle 
cooled and sealed? 

4) How are the compressor variable stators actuated? 
5) Does the design include active clearance control for the tips of the rotating 

airfoils? If not, how could this be accomplished? 
6) How is the engine assembled and disassembled? 

7.3.2 Shafts and Bearings 

1) Locate and describe all of the engine shafts. Why are they not simple cylin- 
drical tubes? How is the torque transmitted to and from the shafts? How is any net 
axial force transferred from the shafts to the stationary structure? 

2) Find how the shafts are supported by the bearings. What is the relationship 
between bearing axial spacing (or number of bearings) and shaft critical speed? 
Can a shaft have a critical speed within the engine operating range? 

3) Why would we find intershaft bearings in a counter-rotating engine (i.e., the 
low-pressure spool and high-pressure spool turn in opposite directions)? Would 
intershaft bearing have special operating conditions? Can you positively identify 
a counter-rotating engine in the AEDsys Engine Pictures folder? 

4) Show how the pressure could be adjusted in the high-pressure compressor and 
high-pressure turbine cavities adjacent to the combustor in order to transfer axial 
force from rotating to stationary parts and thereby control the net axial force acting 
on the thrust bearing. (These are called "balance piston" loads.) What requirements 
should be put on the net thrust bearing axial force, considering the fact that if it 
passes through zero at any time, the bearing will skid to destruction and/or the 
shaft will move freely away from the thrust bearing? How can these balance piston 
forces be generated for the low-pressure spool? 

5) Design the shaft(s) and bearings for the AAF Engine. 
6) Locate and describe the accessory gearbox and drive, including the power 

takeoff shaft. 

7.3.3 Lubrication System 
1) What are the real functions of the lubricant, and how are they accomplished? 

What are the main perils faced by the lubricating fluid? 
2) Describe how the lubricant is pressurized, filtered, cooled, delivered to the 

bearings, and then returned to the storage tank without leaking into engine com- 
partments and causing mischief. What is the sump and where is it located? How 
does the lube system work when the aircraft is flying upside down? 

3) What are breather tubes and where can they be found? 
4) Select the type, amount, and flow rate of lubricant for the engine of your 

study. 

7.3.4 Fuel System 
1) Describe how the fuel is pressurized, filtered, metered, heated, and delivered 

from the aircraft tanks to the burner and afterburner. What are the main perils faced 
by the fuel? 
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2) How does a typical fuel control system work? What instrumentation and 
actuation are needed to support the fuel control? Appendix O can be helpful here. 

3) Select the fuel pressure and temperature and the type of fuel nozzle for the 
engine of your study. Why do the fuel delivery lines have loops along their length? 
What happens to the fuel that drains out of the delivery lines after the engine is 
turned off? 

4) Can you locate any mixers upstream of the afterburners in the AEDsys 
Engine Pictures files? If so, what types of shapes do they have? Can you locate the 
afterburner spray bars (i.e., fuel injectors) and flame holders? If so, what types of 
shapes do they have? 

7.3.5 Cooling and Bleed Air 

1) Describe how the cooling air from the compressor is delivered to the burner 
and turbine. How are the many separate flow rates controlled? Where does the 
cooling air for the afterburner and nozzle walls originate? 

2) How are the compressor and turbine stationary and rotating airfoil rows sealed 
at the hubs and tips in order to reduce leakage? 

3) Where is the aircraft bleed air removed from the towpath? How is the flow 
rate controlled? 

4) Where is the anti-icing bleed air for the spinner and inlet guide vanes removed 
from the flowpath? How does it reach its destination? 

5) Are any other functions performed by engine air? 

7.3.6 Starting 
1) Describe the method of starting the engine. In particular, how are airflow 

and shaft rotation initiated, and how is ignition of the fuel accomplished? How is 
afterburner ignition accomplished? 

7.3.7 Overall 
1) Are all of the engines in the AEDsys Engine Pictures folder purely axial flow 

machines? If not, find some extreme examples. Through how many degrees is the 
flow turned during its journey through these engines, and how are the combustors 
configured and the fuel delivered? Why? 

2) Can you find any examples of deliberate acoustic or chemical emissions 
control for environmental (civilian) or low observability (military) purposes? 

After these and any other interesting explorations of your own making are 
completed, it is possible to put your knowledge to the test by means of questions 
involving the engine as a whole. For example, it is a challenge to estimate the weight 
(and cost) of the major components and subsystems and a real accomplishment to 
sketch a typical engine entirely from memory. Similarly, it is a revealing exercise 
to imagine what basic mechanical changes would be needed for a completely 
different cycle. 

The real goal of this work, of course, is to finally be able to draw the engine 
being designed in detail (e.g., for the AAF Engine), making certain that all of the 
vital parts are not only present, but also fit and function together. 
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7.4 Example Engine Global and Interface Quantities 

7.4.1 AAF Engine Design Point Flow Properties 
The flow properties at the identified engine stations for the AAF Engine design 

point are presented in Table 7.El. These results were obtained as described in 
Sec. 7.2. The values of y found there are typical of MSH performance computa- 
tions; the flow is presumed to be choked at Stations 4, 4.5, and 8, and arbitrary 
but reasonable assumptions for M have been made for Stations 2, 3.2, 5, and 7. 
The calculations required for Table 7.El can be generated automatically by select- 
ing Interface Quantities from the AEDsys Engine Test screen after the engine has 
been scaled at the design point and several requested Mach numbers have been 
entered. You will find this to be a welcome labor-saving device, but we recommend 
that you do it once by hand to make certain that you understand the procedures 
involved. You may also find it rewarding to compare the results of Table 7.El to 
your expectations. 

The AAF Engine design point uninstalled thrust is calculated from Eq. (E. 13), 
yielding F = 19 - I0 - P0(A9 - Ao) = 18,281.1 - 6039.9 - 3.306(144)(5.459 - 
3.214) = 11,172 lbf, which agrees with the result of Fig. 7.1. 

The impulse function information of Table 7.El was used to calculate the net 
axial force AI  =[exit - ] e n t r y  exerted by the AAF Engine components on the fluid 
at the design point (see Sec. 1.9.5), and the results catalogued in Table 7.E2. As we 
have come to expect, they raise many questions, some of which are troublesome 

Table 7.El AAF Engine design point interface quantities 

m0, 
Station lbm/s y Pt, psia Tt,°R P, psia T,°R M V, ft/s A, ft 2 A*, ft 2 1, lbf 

0 103.22 1.4 1 1 . 3 1 1  554.93 3.306 390.50 1.4510 1405.5 3.214 2.808 6039.9 
1 103.22 1.4 1 1 . 0 2 1  554.93 3.460 398.54 1.4008 1370,8 3.214 2.881 5999.0 
2 103.22 1.4 1 0 . 5 8 1  554.93 8.920 528.51 0.5 563.46 4.022 3.002 6973.4 

13 103.22 1.4 37.032 829.66 33.067 803.24 0.4056 563.46 1.649 1.049 9658.8 
Core 58.75 1.4 37.032 829.66 33.067 803.24 0.4056 563.46 0.938 0.597 5497.1 
Bypass 44.48 1.4 37.032 829.66 33.067 803.24 0.4056 563.46 0.71 0.452 4161.7 
2.5 58.75 1.4 37.032 829.66 33.067 803.24 0.4056 563.46 0.938 0.597 5497.1 
3 58.75 1.4 296.26 1605.45 279.54 1579.0 0.2893 563.46 0.218 0.104 9812.5 
3.1 52.28 1.4 296.26 1605.45 279.54 1579.0 0.2893 563.46 0.194 0.092 8733.0 
3.2 52.28 1.4 293.29 1605.45 291.98 1603.4 0.08 157.03 0.677 0.093 28738 
4 53.75 1.3 281.44 3200 153.59 2782.6 1.0 2483.0 0.144 0.144 7338.9 
4.1 56.69 1.3 3101.87 - -  
4.4 56.69 1.3 86.773 2435.96 - -  - -  
4.5 59.62 1.3 86.773 2380.3 47.354 2069.8 1.0 2141.5 0.448 0.448 7021.4 
5 59.62 1.3 36.761 1991.42 29.269 1889.4 0.6 1227.6 1.153 0.967 7136.1 
6 59.62 1.3 36.761 1991.42 33.17 1944.7 0.4 830.33 1.549 0.967 8936.5 

16 44.48 1.4 37.032 829.66 33.17 803.96 0.3998 555.73 0.719 0.452 4201.4 
6A 104.1 1.336 35.419 1552.66 31.463 1507.1 0.4242 787.15 2.338 1.534 13138 

7 108 1.3 33.648 3600 28.687 3469.9 0.5 1386.4 3.466 2.572 18973 
8 108 1.3 33.648 3600 18.363 3130.4 1.0 2633.7 2.572 2.572 15641 
9 108 1.3 32.639 3600 3.306 2122.4 2.1544 4671.9 5.459 2.651 18281 

A6A = (A6 -4- A16)/~Mmax. 
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Table 7.E2 AAF Engine design point component axial forces 

Cumulative 

Axial force Axial force 
Component Stations Al, lbf Stations ~ AI, lbf 

Freestream tube 0 to 1 -40.9 0 to 1 -40.9 
Inlet 1 to 2 974.4 0 to 2 933.5 
Fan 2 to 13/2.5 2685.4 0 to 13/2.5 3618.9 
High-pressure compressor 2.5 to 3 4315.4 0 to 3 7934.3 
Main burner 3 to 4 -2473.6 0 to 4 5460.7 
High-pressure turbine 4 to 4.5 -317.5 0 to 4.5 5143.2 
Low-pressure turbine 4.5 to 6 1915.1 0 to 6 7058.3 
Bypass duct 1.3 to 16 39.7 0 to 6/16 7098 
Mixer 6/16 to 6A -0.1 0 to 6A 7097.9 
Afterburner 6A to 7 5834.9 0 to 7 12932.8 
Nozzle 7 to 9 -691.6 0 to 9 12241.2 

because they are counterintuitive. Why is there a positive thrust on the inlet? 
Why not fly the inlet alone? Why is there a negative thrust on the high-pressure 
turbine? Which has the greater thrust, the high-pressure spool or the low-pressure 
spool? How is the thrust exerted by the fluid on the main burner, mixer, and 
afterburner? Why is there a negative thrust on the main burner? Why is there a 
positive thrust on the afterburner? Why is there a negative thrust on the nozzle? 
Must this always be true? Why not simply cut the nozzle off?. 

7.4.2 Predicted AAF Engine Component Performance 
We are also now in a position to examine the behavior of the AAF Engine 

components over their full range of operation. This is easily done by selecting 
the independent variable; entering the operating (flight) condition and range of 
calculations (maximum, minimum, and calculation step size); and selecting the 
Perform Calcs button on the AEDsys Engine Test screen. Similar calculations can 
be performed at other operating (flight) conditions and the desired results plotted. 
All of the computations were done for a standard atmosphere and use the MSH 
gas model. 

The computed variation of the fan pressure ratio :rf, high-pressure compressor 
pressure ratio rrcn, low-pressure turbine pressure ratio 7rtL, and engine bypass ratio 
a are plotted for full throttle vs flight Mach number and altitude in Figs. 7.El, 
7.E2, 7.E3, and 7.E4, respectively. Table 7.E3 summarizes the pressure ratios and 
maximum total temperature changes of these rotating components at 00 =OObreak, 
sea level, standard day. (This point also corresponds to the maximum physical 
speed.) Figures 7.E1-7.EA and Table 7.E3 will be necessary for the design of the 
fan, high-pressure compressor, high-pressure turbine, and low-pressure turbine 
that follows in Chapter 8. 
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Table 7.E3 AAF Engine turbomachinery performance at Oo = OObreak, sea 
level, standard day (M0 = 0.612) 

245 

Inlet 
Mass flow rate 

Component Value ATt, °R Value th, lbm/s Pt, psia Tt, °R 

Fan, ygf 3.50 Tt13 - Tt2 275.7 177.0 18.17 557.5 
High-pressure 8.00 T,3 - Tt2.5 780.1 101.0 63.51 833.3 

compressor, JrcH 
High-pressure 3.243 Tt4.1 - Tt4.4 665.9 97.4 483.6 3101.9 

turbine, 1/ntI4 
Low-pressure 2.364 Tt4.5 - T,5 389.4 102.4 149.1 2380.3 

turbine, 1/~tL 

As we have frequently observed, these results clearly demonstrate the presence 
of the control system theta break. However, the value of the OObre,,k at sea level, 
standard day has increased from the design-point value (1.451M/36 kft) of 1.070 
to 1.075 because of the requirement for constant power takeoff Pro. Also, the M0 
at sea level, standard day increased from 0.591 to 0.612. This happens because, 
as altitude decreases, the fraction of turbine power required by the power takeoff 
reduces and more power is available to a higher OObreak before the Tt4ma x limit 
is reached. Figure 7.E5 compares the AAF engine's Oooreak to the basic model 
of Appendix D. Also, the engine throttle ratio (TR) has increased to 1.073 from 
the design OObreak value of 1.07. If  the engine had no power takeoff Pro, then 
the value of the 00 break would not change with altitude, and the engine throttle 
ratio (TR) would equal the OObreak as shown in Appendix D. This also explains 
why component performance continues to vary above the tropopause altitude of 
approximately 37 kft. Finally, these effects are likely to be exaggerated in many 
types of future aircraft that require large quantities of electrical power and/or 
fly at extremely high altitudes where the total power produced by the engine is 
diminished. 

The requirements of the main burner and afterburner for each mission phase 
or segment are summarized in Tables 7.E4 and 7.E5, respectively. The main 
burner and afterburner fuel flow rates at maximum power are plotted in Figs. 7.E6 
and 7.E7, respectively. Several notable features include the facts that, although f 
varies by about a factor of 2, it remains in the narrow range of 0.024-0.028 for 
most of the legs, that faB is about 0.04 for all legs except one, and that both the 
main burner and afterburner absolute fuel flow rates increase with flight Mach 
number and decrease with altitude. Figures 7.E6 and 7.E7 and Table 7.E4 pro- 
vide the starting point for the main burner and afterburner designs that follow in 
Chapter 9. 

Plots of the required freestream flow area (A; for M0 < 1 and A0 for M0 _> 1) 
and the required exhaust nozzle exit area A9 (for both maximum power with 
P9 = P0 and military power with P9 = P0) vs flight Mach number and alti- 
tude are presented for the AAF Engine in Figs. 7.E8 and 7.E9, respectively. They 
are close relatives of results seen earlier (e.g., Sec. 6.4.5) and display the afore- 
mentioned variation above the tropopanse as a result of the fixed value of Pro. 



Table 7.E4 AAF Engine main burner operation 

Alt, Pt3, Tt3, Tt4, th3.1, ~lf, 
Mission phases and segments 340 kft psia °R °R lbm/s f lbm/s 

1-2: A--Warm-up a,c 0.0 2 
1-2: B--Takeoff 0.1 2 

acceleration a,b 
1-2: C--Takeoff rotation a,b 0.182 2 
2-3: D Horizontal 0.441 2 

acceleration a,b 
2-3: E~limb/acceleration b 0.875 23 
3-4: Subsonic cruise climb 
5-6: Combat air patrol 
6-7: F--Acceleration b 
6-7: G--Supersonic 

penetration 
8-9: and escape dash c 
7-8: I--1.6M/5g turn b 
7-8: J~0.9M/5g turns b 
7-8: K Acceleration b 
9-10: Zoom climb c 

10-11 : Subsonic cruise climb 
12-13: Loiter 

Maximum dynamic 
pressure 

360.9 1611 3200 63.70 0.02794 1.7795 
361.6 1612 3200 63.81 0.02792 1.7820 

363.2 1613 3200 64.10 0.02790 1.7882 
375.0 1625 3200 66.20 0.02771 1.8343 

263.5 1457 2910 48.76 0.02480 1.2090 
0.900 41.6 8 2 . 1 1  1180 2370 16.84 0.01915 0.3224 
0.700 30 84.61 1 0 6 5  2065 18.59 0.01556 0.2893 
1.090 30 247.2 1475 2948 45.45 0.02524 1.1472 
1.500 30 350.0 1633 3200 61.76 0.02757 1.7024 

1.600 30 363.0 1650 3200 64.07 0.02729 1.7487 
0.900 30 199.0 1385 2780 37.67 0.02348 0.8846 
1.195 30 280.9 1532 3056 50.72 0.02641 1.3394 
1.326 39 217.5 1525 3054 39.27 0.02648 1.0401 
0.900 47.6 61.22 1177  2406 12.46 0.01983 0.2471 
0.397 10 89.20 980 1734 21.39 0.01131 0.2420 
1.2 0 585.1 1660 3139 104.24 0.02592 2.7017 

al00°E bMaximumthrust. CMilitary thrust. 

fi0 

40 

30 
Altitude 

(kft) 

20 

10 

0 
0.5 1.5 
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f Actual Theta Break 
. . . .  Basic Model of App D 

, i ~ 1  i i , i , , I , I I I I I I I I 

1.0 

M0 

Fig. 7.E5 Comparison of actual theta break of the AAF Engine to the low bypass 
ratio, mixed flow turbofan engine model of Appendix D (standard day). 
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Table 7.E5 AAF Engine afterburner operation (maximum power) 

247 

Mission phases Alt, et6A, Tt6A, T t 7 ,  /'f/6A, I~lfAB, 
and segments M0 kft psia °R °R lbrn/s fa8 lbm/s 

1-2: B--Takeoff 0.1 2 43.37 1553 3600 127.46 0.03799 4.7752 
acceleration a 

1-2: C--Takeoffrotation a 0.182 2 43.66 1552 3600 128.33 0.03799 4.8078 
6-7: F--Acceleration 1.090 30 29.59 1429 3600 90.41 0.04001 3.5715 
7-8: I---1.6M/5gturn 1.600 30 45.69 1545 3600 134.64 0.03806 5.0581 
7-8: J--0.9M/5gturns 0.900 30 23.84 1346 3600 74.95 0.04135 3.0626 
7-8: K--Acceleration 1.195 30 33.60 1483 3600 100.89 0.03915 3.8970 

Maximum dynamic 1.2 0 76.86 1514 3600 228.63 0.03852 8.7033 
pressure 

al00°E 

3 . 0  . . . .  I . . . .  I . . . .  I . . . .  

Sea L e v e l ~  "I' ' '-~ 

(Ibm/s) 1.5 

1.0 kft 

0.5 

0.0 ~ , , , I , , , t I , , , , I , , , , 

0.0 0.5 1.0 1.5 2.0 

Mo 

Fig. 7.E6 AAF Engine main burner fuel flow rate at military/maximum power 
(standard day). 
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Fig. 7.E7 AAF Engine afterburner fuel flow rate at maximum power (standard day). 
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Fig. 7.E8 Required AAF Engine inlet area (standard day). 
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Fig. 7.E9 Required AAF Engine exhaust nozzle area (standard day). 

Figures 7.E8 and 7.E9 are the starting points for the inlet and exhaust nozzle 
designs that follow in Chapter 10. 

7.4.3 AAF Engine Component Operating Lines 
The computed standard atmosphere full throttle variation of 7[f, 7[cH , 7[tH , 

and ot with both flight Mach number and altitude were presented in the pre- 
ceding section. For component design purposes, a more useful presentation of 
the fan, high-pressure compressor, high-pressure turbine, and low-pressure tur- 
bine behavior is in the form of component maps (see Sees. 5.3 and 7.2.2). The 
computed full throttle operating lines for the fan, high-pressure compressor, and 
high- and low-pressure turbines are presented in the component map format in 
Figs. 7.El0, 7.El 1, and 7.E12, respectively. It is heartwarming to find that the fan 
and high-pressure compressor behave as anticipated by the simplified analysis of 
Appendix D even for this very complex engine configuration. The high-pressure 
turbine's operating line essentially is a single point because it is designed to be 
choked both upstream and downstream (see Sec. 5.2.4), and the low-pressure tur- 
bine has a vertical operating line because it is designed to be choked at the entrance. 
Figures 7.E10-7.E12 are used in Chapter 8 as the basis of design for these 
components. 
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AAF Engine high- and low-pressure turbine operating lines. 

7.4.4 The Road Ahead 

The transition process is now complete. All of the information necessary to 
execute the design of the individual AAF Engine components has either been 
assembled or is readily available. The remainder of Part II of this textbook is 
devoted exclusively to this task. Our main goals from this point on will be to 
design the key AAF Engine components and to identify any issues that might 
require challenging technological advances, or even necessitate an entirely new 
design point iteration. 

Reference 

1Treager, I. E., Aircraft Gas Turbine Engine Technology, 3rd ed., McGraw-Hill, New 
York, 1999. 



8 
Engine Component Design: 

Rotating Turbomachinery 

8.1 Concept 
The general purpose of rotating machines is to exchange mechanical energy 

with a flowing stream of fluid. The turbomachines found in airbreathing engines 
take many forms, such as fans, compressors, turbines, free or power turbines, and 
propellers. The design of these devices is one of the most critical and difficult 
steps in the engine development process, for no progress with real hardware can 
be made until all of the rotating components are in working order. 

Although this chapter begins with the consideration of aerodynamics, durability 
or life issues are equally important. Because turbomachines are expected to run for 
thousands of hours without major overhaul, it follows that they cannot be based 
upon aerodynamic requirements alone. A successful machine results only from 
a highly iterative series of thoughtful aerodynamic, heat transfer, materials, and 
structural evaluations. The best solution to each design problem effectively couples 
respect for the important factors together in the correct proportions. The design 
tools of this chapter will clearly illustrate the interdependency of aerodynamics 
and structures. Moreover, the push and pull of the requirements of components 
attached to the same shaft will also be demonstrated. 

This chapter will be flirting with the most impenetrable and "proprietary" do- 
mains of the engine companies because of their heavy investment in these technolo- 
gies, as well as the great competitive advantages that accrue to proven superiority. 
It is well to take note of the corollary, namely, that the enormous capabilities they 
possess, including sophisticated computer programs, technical data, and seasoned 
experience, are virtually impossible to reproduce in the classroom. Indeed, many 
experts have spent their entire careers learning to deal with one or two facets of 
the design problems of rotating turbomachinery. 

Because there is no single, absolute answer to each question, this is also an area 
where judgment and personal preferences can strongly influence the outcome. It is 
therefore true that many decisions are based upon feelings that are not completely 
articulated. 

How can the spirit of this process be captured in a basic design course and still 
make it possible to create quantitative solutions? Our hopes rest on the design 
tools that express the primary physical phenomena at work. These tools are simple 
enough to be rapidly applied, yet they contain enough complexity that final choices 
must be based on judgment. Those who participate in this process will be impressed 
with their accomplishments and awed by what must take place in the "real world." 

The study of rotating machinery is not new, and many excellent books and re- 
ports have been written for the benefit of students and practicing professionals 
(see Refs. 1-9). Because it is impossible to reproduce even the smallest fraction 
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of that information in one chapter, the readers are urged to use the open literature 
generously in their work. Special attention is drawn to Refs. 1 and 2, which are 
textbooks covering turbomachinery and many related propulsion design subjects. 
They also contain excellent lists of references for those who wish to listen directly 
to the masters. 

To restrain the growth of this textbook, material on such nonaxial turbomachin- 
ery components as centrifugal compressors, folded combustors, and radial turbines 
has not been included. These devices play an important role in propulsion, partic- 
ularly in small engines, and can be a part of the best design solution. References 
2 and 8-11 will provide a starting point for their study. 

Finally, when discussing the parts of compressors and turbines, one finds a 
proliferation of terminology in the open literature. In particular, the stationary 
airfoils, which are usually suspended from the outer case, are frequently referred 
to as stators, vanes, or nozzles, whereas the rotating airfoils, which are usually 
attached to an internal disk, are often called rotors or blades. We have attempted 
to use uniform, generic terms, but great care is advised as you move through this 
thicket. 

8.2 Design Tools 
This material outlines the development and summarizes the results for several 

key building blocks used in the design of axial flow rotating machines. These 
tools are consistent with those used throughout this textbook in the sense that they 
correctly represent the dominant physical phenomena. The results will therefore 
faithfully reproduce the main trends of the real world, as well as numbers that 
are in the right ballpark, but without the excessive costs that accompany extreme 
accuracy. An additional benefit of this approach is an analytical transparency that 
leads to clearer understanding and sounder reasoning. 

These analyses provide all of the procedures required to reach usable results. 
Their development draws heavily on the material found in Ref. 11. This includes, 
in particular, the compressor and turbine nomenclature and velocity diagram nota- 
tion, both of which are consistent with that found in the standard turbomachinery 
literature, and with the detailed axial flow compressor and turbine design programs 
of AEDsys designated, respectively, as COMPR and TURBN. 

8.2.1 Fan and Compressor Aerodynamics 
8.2. 1. I Axial flow, constant axial velocity, repeating stage, repeating 

row, mean-line design. The primary goal of this section is to describe a method 
that will allow you to rapidly create advanced fan and compressor stage designs 
and automatically generate very reliable initial estimates for the truly enormous 
amounts of technical data required as input for COMPR. This shortcut is the critical 
ingredient that allows you to make your own design choices, while revealing the 
essence of how fan and compressor stages behave. If the method strikes you as 
outrageously effortless, you may find comfort in the fact that similar methods are 
used as the starting point in industry. 

The basic building block of the aerodynamic design of axial flow compressors is 
the cascade, an endlessly repeating array of airfoils (Fig. 8.1) that results from the 
conceptual "unwrapping" of the stationary (stator) or rotating (rotor) airfoils. Each 
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Station: 1 2 3 

Rotor Stator 

Vl g ~  lUr ~ ~ ~ l U r  

vv I 
gl = /42 = N3 

solidity = or= c/s 

Velocities: 
V1 = V~R + U 

U 1 ~ V 1 COS~/1 

U 1 = V 1 sinotl 

ul = Vie cos~l 

VlR = V1R sin/3j = Ul tan/31 

1,91 -~- I)IR ~ O)F ~ U 

Fig. 8.1 

1~2 = Ogl 

V 2 = V2R + U 

1,12 ~ V2 cos ol 2 

V2 = V2 sinot2 

u2 = V2R cos ¢~2 

v2e = V2R sin t2 = u2 tan t2 

1) 2 -]- 1/2R ~ 09/" ~ U 

Repeating row compressor stage nomenclature. 

V3=V l 
t3 = °~2 
a 3 = a 1 

cascade passage acts as a small diffuser and is said to be well designed or behaved 
when it provides a large static pressure rise without incurring unacceptable total 
pressure losses and/or flow instabilities caused by shock waves and/or boundary 
layer separation. The art of  compressor design is the ability to find the cascade 
parameters and airfoil contours that make this happen. 

Once a good airfoil cascade has been found, a logical next step would be to 
place it in series with a rotor that is made up of  the same airfoils in mirror image 
about the axial direction, moving at a speed that maintains the original relative 
inlet flow angle. In this manner a compressor stage (that is, stator plus rotor) is 
generated from a cascade, and, likewise, placing similar stages in series may create 
a multistage compressor. The focus of  this section, therefore, is upon the design 
of  well-behaved compressor stages made up of  "repeating" (that is, mirror image) 
rows of  airfoils. Finally, the analysis will be based on the behavior of  the flow at 
the average or mean radius. With this introduction in mind, the development of  
design tools for compressors follows. 

Diffusion factor 
A commonly employed measure of  the degree of  difficulty when designing 

well-behaved compressor cascades or airfoil rows is the "diffusion factor": 

g/) v,-ve 
D - -  1 - V e  + 2o'----~/ (8.1) 
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where the subscripts i and e correspond to the inlet and exit, respectively. The 
diffusion factor is an analytical expression directly related to the size of the adverse 
pressure gradient to be encountered by the boundary layer on the suction surface 
of the cascade airfoil. It is therefore a measure of the danger of boundary layer 
separation and unacceptable losses or flow instability. The two terms of Eq. (8.1) 
clearly embody the physics of the situation, the first representing the average static 
pressure rise in the airfoil channel and the second the additional static pressure 
rise along the suction surface due to curvature or lift. 

The goal of the designer is to be able to maintain high aerodynamic efficiency at 
large values of D because that allows the number of stages (that is, lower Ve/Vi) 
and/or airfoils (that is, lower a)  to be reduced. Thus, the ability to successfully 
design for large values of D is a sign of technological advancement and the basis 
for superior compressors. Even in this world of sophisticated computation, fan and 
compressor designers use the diffusion factor almost universally as the measuring 
rod of technological capability. Any reasonably competent contemporary organi- 
zation is able to cope with values of D up to 0.5. Values of D up to 0.6 are possible 
if you can count on state-of-the-art aerodynamic understanding and design tools, 
and extensive development testing. 

A final note of interest about the diffusion factor is that it is based on the flow 
geometry alone and is therefore silent about the geometrical details of the airfoil 
itself. This provides a great convenience that makes much analytical progress 
possible. In fact, what is unique about the approach employed here is that the 
diffusion factor equation is used as a constraining relationship from the start, 
rather than as a feasibility check at the end. 

Assumptions 
1) Repeating row/repeating airfoil cascade geometry (oq = fie = a3, fll = or2 = 

33). 
2) Two-dimensional flow (that is, no property variation or velocity component 

normal to the flow). 
3) Constant axial velocity (ul = u2 = u3). 
4) Stage polytropic efficiency ec represents stage losses. 
5) Constant mean radius. 
6) Calorically perfect gas with known Fc and Rc. 
Analysis. Please note that the assumption of constant axial velocity, which 

is consistent with modern design practice, greatly simplifies the analysis because 
every velocity triangle in Fig. 8.1 has the same base dimension. 

Given: D, MI,  F, or, ec. 
1) Conservation of mass: 

rh = plUjA1 = p2u2A2 = p3u3A3 

o r  

plAI = p2A2 = p3A3 

2) Repeating row constraint: 
Since 32 = oq, then 

1)2R ~ U 1 ~ ( .or  - -  1) 2 

(8.2) 

(8.3) 
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or  

Vl+1)  2 = w r  (8.4) 

Incidentally, since f13 = 0/2, then 1)3R = 1)2, and 

I )  3 ~ 6 0 r  - -  1 ) 3 R  ~ ( . o r  - -  1)2 

then by Eq. (8.3) 

1)3 ~" 1)1 

and the velocity conditions at the stage exit are indeed identical to those at the 
stage entrance, as shown in Fig. 8.1. 

3) Diffusion factor (D): 
Since both 

( V 2 R ) + 1 ) I R - - 1 ) 2 R  
D = 1 -  V1R 2aVIR 

and 

V3 ) I)2 --  1)3 
_ 1 - E  + - g-vS 

= ( t a n  ot 2 ~ tan ~1 o coso, ÷ )coso  
COS Ol 1 / k 20" 

(8.5) 

20" + sinoq 
I" -- (8.7) 

COS Ot 1 

In words, Eq. (8.6-7) shows that there is only one value of or2 that corresponds to 
the chosen values of  D and 0" for each a l .  Thus, the entire flowfield geometry is 
dictated by those choices. 

4) Degree of reaction (°Rc): 
Another common sense measure of good compressor stage design is the degree 

of reaction 

rotor static temperature rise T2 - T1 

°Re = stage static temperature r i s e -  T 3 -  T1 (8.8) 

For a perfect gas with p ~ constant, 

° R c - -  T 2 - T 1  ~ [ P 2 -  P________~I] (8.9) 
T3 - Tl L P3 - P1 .J p~const 

In the general case it is desirable to have °Rc in the vicinity of  0.5 because the 
stator and rotor rows will then "share the burden" of the stage static temperature 

where 

20-(1 - D)F + ~/1 -'2 + 1 - 4o'2(1 - D) 2 
(8.6) cos or2 = I "2 + 1 

are the same for both the stator and rotor airfoil cascades, they need be evaluated 
only once for the entire stage. Rearranging Eq. (8.5) to solve for or2, it is found that 
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rise, and neither will benefit at the expense of the other. This is another way of 
avoiding excessively large values of  D. 

A special and valuable characteristic of  repeating stage, repeating row compres- 
sor stages is that °Re must be exactly 0.5 because of the forced similarity of the 
rotor and stator velocity triangles. You can confirm this by inspecting Eq. (8.8) 
and recognizing that the kinetic energy drop and hence the static temperature rise 
are the same in the rotor and stator. 

5) Stage total temperature increase ( A T t )  and ratio ( T t 3 / T t l ) :  
From the Euler pump and turbine equation with constant radius 

(.or 
ht3 - h t t  = - - ( v 2  - -  Vl) 

gc 

which, for a calorically perfect gas, becomes 

o)r 
cp(Tt3 -- Ttl) = --(112 -- Vl) (8.10) 

ge 

whence, using Eq. (8.4) 

Thus 

or  

1 

cpCTt3 -- r t l )  = - - ( v 2  "t- Vl)(V2 -- Vl) - -  
& 

(v+-  Vl _ ( v # -  v?) 
gc gc 

ATr = Z t 3 _  Ztl _ V 2 -  V? _ V? ( c0s20 /1  ) 
Cpgc Cpgc ~, cos 20/2 1 

A T  t COS 2 o/1 
- -  - -  - -  1 ( 8 . 1 1 )  Vl2/cpgc cos 20/2 

Since V 2 = M 2 y R g c T  and Tt = T[1 + (y - 1)M2/2], then the stage temperature 
ratio is given by 

Tt3 (y - 1)Mi 2 (COS2 0/1 ) 
rs -- Ttl -- 1 -~(-y - - -  1 - ~ 1 2 / 2  I,,C--~S2~2 l + 1 (8.12) 

This relationship reveals that, for a given flow geometry, the stage total temperature 
rise is proportional to Ttl and M12. 

6) Stage pressure ratio: 
From Eq. (4.9b-CPG) 

Pt3 _ ( Tt3 ~ yec/(y-1) 
Zrs - ~ \ r .  / = (Ts) Yec/(Y-l) (8.13) 

7) Stage efficiency: 
From Eq. (4.9b-CPG) 

Tt3i -- Ztl 7l" (g-1)/F -- 1 r e ` . -  1 
Us -- - -  -- -- (8.14) 

Zt3 - -  Ttl  T s - -  1 rs --  1 
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8) Stage exit Mach number: 
Since V3 = V1 and V 2 = M 2 y R g c T ,  then 

M3 _ ~ T ~  ~ 1 
Mll -- = rs[1 + ( ? / -  1)M2/2] - ()' - 1)M2/2 -< 1 (8.15) 

Since T3/T1 > 1, then M3/M1 < 1, and the Mach number gradually de- 
creases as the flow progresses through the compressor, causing compressibility 
effects to become less important. 

9) Wheel speed/inlet velocity ratio (cor/V1): 
One of the most important trigonometric relationships is that between the mean 

wheel speed (wr) and the total cascade entrance velocity (V1) because the latter 
is usually known and, as you shall find in Sec. 8.2.3, the former places demands 
upon the materials and structures that can be difficult to meet. 

Since 

V1 = ul /cos0/ l  and ~or = 1) 2 -t- 1)1 = ul(tan0/l + tan0/2) 

then 

wr/V1 = cos0/1 (tan 0/1 + tan 0/2) 

10) Inlet relative Mach number (M1R): 
Since 

(8.16) 

then 

1/1 = Mla l  = ul /cos0/ l  and V1R = MIRa1 = U l / C O S 0 / 2  

M1R COS 0/1 
- -  - -  - -  ( 8 . 1 7 )  

M1 cos 0/2 

Since o~ 2 "> 0/1, then M1R > M1 and M1 must be chosen carefully in order to 
avoid excessively high inlet relative Mach numbers. 

General solution. The behavior of every imaginable repeating row compressor 
stage with given values of D, M1, y, ~, and ec can now be computed. This is done 
by selecting any initial value for 0/1 and using the following sequence of equations 
expressed as functional relationships: 

0/2 = f (D, cr, 0/1) (8.6) 

A 0 /  ~ 0/2 - -  0/1 

rs = f ( M 1 ,  y,  0/1,0/2) (8.12) 

7rs = f ( r s ,  y ,  ec) (8.13) 

or /V1  = f ( 0 / 1 , 0 / 2 )  ( 8 . 1 6 )  

MIR/M1 = f ( 0 / 1 ,  0/2)  ( 8 . 1 7 )  

Note that only r ,  and Jr, depend upon M1 and that the process may be repeated to 
cover the entire range of reasonable values of 0/1. 
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Fig .  8 . 2 a  R e p e a t i n g  r o w  c o m p r e s s o r  s t a g e  ( D  = 0 .5 ,  ~r = 1, a n d  e c  = 0.9) .  

These calculations have been carried out for D = 0.5; M1 = 0.45, 0.5, 0.55, 
0.6, 0.65, and 0.7; g = 1.4; cr = 1.0; ec ---= 0.9; and 0 < oq < 70 deg, and the 
results are presented in Fig. 8.2a. The most notable characteristics of these data 
are that the most direct way to increase :rs is to increase M1 (or Vl), as indicated 
by Eqs. (8.12) and (8.13); that in order to operate at higher values of  Oil and Zrs 
higher values of  wr are required; and that the ratio M1R/M1 is fairly constant at 
1.4, so that M1 must be less than 0.7 in order to avoid supersonic relative flow into 
the rotor. 

Figures 8.2b and 8.2c are intended to demonstrate the influence of the other 
important design choices, D and or, upon repeating row compressor stage behavior. 
Given a constant degree of aerodynamic and mechanical difficulty (that is, Mb V1, 
and cor or cor/Vz fixed), these diagrams show that increasing either D or a allows 
a greater zr, and therefore the possibility of fewer stages. This is definitely in 
accord with intuition, although the improvement from equal percentage increases 
certainly favors D over or. 

The following two specific numerical examples illustrate the use of  this method 
and are based on the parameters of  Fig. 8.2a: 

Example 1: 
Given: MI = 0.6, al ---- 1200 ft/s, and ~or --- 1000 ft/s. 

Then, 

( .or  o ) r  
- -  - -  1 . 3 9  

V1 aiM1 

cq = 2 2 d e g  A o l = 2 5 d e g  

o t 2 = 4 7 d e g  z r , =  1.42 
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Fig. 8.2b Repeating row compressor stage---variation with D. 
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Example 2: 
Given:Ml/al = 0.5/40 degand 0.6/50 deg, and al = 1150fffs. 
Then, 

M1 ~1, deg u2, deg wr/Vl ~r/al Ks 
0.5 40 58 1.852 0.926 1.351 
0.6 50 64 2.075 1.245 1.558 

Because al is fixed, the cost of the higher Zrs is greatly increased wr (that is, 
1.245 - 0.926 = 1.344). 

Because the overall total temperature rise to be supplied by a fan or compressor 
is an output of the cycle analysis, an initial estimate of the required number of 
stages could be made by dividing it by the possible total temperature increase 
per stage. Fortunately, the repeating row compressor stage analysis provides that 
information. Repetitive application of Eq. (8.11) reveals that the right-hand side 
is approximately 0.9 for 10 < c~1 < 70 when D = 0.5 and tr = 1. Because V1 is 
of the order of 700 ft/s, then Eq. (8.11) shows that ATt is of the order of 70°R. 
You can now use this analysis to estimate the ATt that can be achieved with your 
choice of cascade design parameters. 

8.2.1.2 Recapitulation. The repeating row, repeating stage compressor de- 
sign procedure has been integrated into the COMPR program of AEDsys in order 
to serve as the first step in the design process. You will quickly find that this has 
several important benefits, including the ability to quickly explore the entire range 
of design parameters and make promising initial choices, and then to transfer all of 
the input that the complete COMPR computation requires. The complete COMPR 
computation detailed in Ref. 11 accurately mimics the mean line compressor de- 
sign techniques used in the industry and allows every airfoil row to be separately 
selected. You will be pleasantly surprised, as we were, to discover that the initial 
repeating row, repeating stage compressor design will require only minor and en- 
tirely transparent "tweaking" in order to produce a worthy result that meets all of 
the imposed constraints. 

8.2.1.3 Airfoil geometry. After the repeating row compressor stage flow 
field geometry has been selected, it remains to design the physical airfoils that will 
make it happen. The necessary nomenclature for this step is shown in Fig. 8.3 with 
the inlet flow angle shown at other than the design point. 

A useful method for determining the metal angles Yl and Y2 at the design point 
is to take Yl = oq and use Carter's rule 3,~1 

~c - -  ~/1 - -  ~/2 ( 8 . 1 8 )  

to compute Y2 = 0/2 - -  ~c" Thus, for the airfoil cascade of Example 2 

~ = a l = 5 0 d e g  a n d  V2 = 0/2 - ~c ~-- 6 4  
5 0 -  )/2 

whence y 2 = 6 8 . 7  deg. 
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c 

i _ S  : 

i 
• X 

- 7e 

a i -  O~ e = turning angle 
7i - 7e = airfoil camber angle 
°~i- Yi-- incidence angle 
ae - 7e = & = exit deviation 
tr = c/s = solidity 
O = stagger angle 

Fig. 8.3 Cascade airfoil nomenclature.  

8.2.1.4 Flowpath dimensions. Sufficient information is now available to 
draw a meaningful sketch of  the fan or compressor flowpath. The necessary pro- 
cedures are described next. An entire compressor may now be created by placing 
a sufficient number n of  repeating row stages in succession so that n[ATt]stage >_ 
[ATt]comp . . . . . . .  TO maintain the consistency of  the original design, it is best to re- 
tain the same values of  V1 and or1 (or Ul = VI cosotl)  for every stage at the mean 
radius. 

A realistic estimate of  the ratio of  the compressor inlet area to exit area A2/A3 ,  
shown in Fig. 8.4, can be made by first noting that 

yec 1 - - y ( 1 - - e c )  l--v(l--e,.) 
p._~3 pt.~3 __ Pt3 Zt2 _ ( T t 3 ~ - ~ - I  Tt2 ( Z t 3  ~ y - I  : (Pt3X~ yec 

P2 Pt2 -~t2 T-~t3 \ Tt2,/ ~t3 = \ ~t2 J ~, P,2 ] 

and then, because the mass flow rate and axial velocity are constant, using 
Eq. (8.2) with ec = 0.9 and y = 1.4 to show that 

A2 P3 .~ (T t3~  2"15 ( n A T t ~ 2 1 5 =  ( P t 3 ~  0"6s 

~33 --  P~ \~t2,/ = 1 + -~t2 ,/ \~,/ (8.19) 

Equation (8.19) reveals that the throughflow area A diminishes continuously and 
rapidly from the front of the compressor to the back. This is the origin of  the 
characteristically shrinking shape of  the compressor annulus, and the sometimes 
surprisingly small heights of the airfoils in the final stage (see Table 7.El) .  

Fig. 8.4 

~,+rh 
rm- 2 

A 

A = 7C(r t + rh) x (r t -  rh) 

A = 2 ; c ( ~ ) X  (rt-rh) 

A = 2arr m x h, where h = r t -  r h 

Throughflow annulus  dimensions.  
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l 2 3 

hi+h2 c 
rh Wr = ~ (~-)~ cos gh 

h2+h3 c 
Ws = T cos o,, 

Centerline 

Fig. 8.5 Typical axial dimensions of a compressor stage. 

Because the foregoing analysis provides Tti , P t i ,  and Mi at the mean radius for 
any station i, the mass flow parameter, as ever, affords the most direct means for 
determining the throughflow annulus area, namely, 

Ai -- (8.20) 
MFP eti C O S  o / i  

The throughflow area can be calculated using Eq. (8.20), and the mean radius 
is tied to the required rotor speed at the mean radius COrm. The designer can either 
select CO and calculate the required mean radius rm, or vice versa. Then the hub 
radius rh and tip radius rt are calculated from the flow area and mean radius. In 
some calculations, the designer may prefer instead to select the ratio of the hub 
radius to the tip radius ( r h / r t )  o r  the blade height (h = rt - rh). 

Figure 8.5 shows the variation in the throughflow area and the associated di- 
mensions of the flowpath for a typical stage. Blade axial widths (Wr and W~) of a 
stage can be calculated for a selected chord-to-height ratio for the rotor and stator 
blades [ ( c / h ) r  and (c/h)s] and the blade stagger angle at the rotor hub (Orb) and 
the stator tip (0st) using 

~ cos Orb (8.21a) 
F 

Ws-- h2+h3 ( c )  2 ~ cos O~t (8.21b) 
s 

As sketched in Fig. 8.5, the spacing between the blade rows can be estimated 
as one-quarter the width of the preceding blade row. More accurate calculation of 
this spacing requires analysis beyond the scope of the textbook. 

The methods just described have been incorporated into the AEDsys software, 
and form the basis for the cross-section and blade profile outline drawings within 
COMPR. 
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8.2. 1.5 Radial  variation. One look at the longer fan, compressor, and tur- 
bine airfoils in engines reveals that they are not simple radial structures, but they 
are "twisted" from hub to tip (that is, the camber and stagger continuously change 
with radius). It is natural to inquire whether this is the result of some primary flow 
phenomenon or is merely a designer flourish; indeed, it is the former. 

The underlying cause is the inevitable fact that the rotating airfoils are sub- 
ject to solid body motion and therefore have a rotational speed that increases 
linearly with radius. If one wishes to do an amount of work on the fluid passing 
through a stage that is independent of radius, the Euler pump and turbine equation 
[Eq. (8.10)] reveal that less change in tangential velocity or "turning" of the flow 
will be required as the radius increases. Moreover, the static pressure must increase 
with radius in order to maintain the radial equilibrium because of the tangential 
velocity or "swirling" of the flow. All of the airfoil and flow properties must, 
therefore, vary with radius. 

The main features of the radial variation of the flow in the axial space between 
the rows of airfoils are accounted for in the following analysis, which summa- 
rizes the original, now classical, approach profitably employed by turbomachinery 
designers before computational methods became widely available (see Ref. 3). 

Assumptions 
1) Constant losses (s = constant with respect to radius). 
2) Constant work (hi = constant). 
3) No circumferential variations. 
4) No radial velocity. 
Analysis. These equations are valid at station 1, 2, or 3 at any radius. 
1) Differential enthalpy equation: 
From the definition of total (stagnation) enthalpy with no radial velocity, we can 

write 
d(u 2 + 1) 2) 

dht = dh + (i) 
2gc 

The Gibbs Equation can be written as Tds = dh - d P / p .  With s = constant in 
the radial direction, this becomes 

dP 
dh = - -  (ii) 

P 
Combining Eqs. (i) and (ii) gives 

dP d(u 2 + v 2) 
dht = - -  + 

p 2gc 

(With ht and p constant this equation becomes the well-known Bernoulli equation.) 
Rewriting the preceding equation with respect to the radial variation gives 

d h t _ l d P  1 (  du d r )  
d---;- p dr + --gc u d r  + v -&r (iii) 

For radial equilibrium of the fluid element, the pressure gradient in the radial 
direction must equal the centrifugal acceleration, or 

dP p v  2 
- - -  ( i v )  

dr r gc 
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A general form of the enthalpy radial distribution equation is obtained by com- 
bining Eqs. (iii) and (iv), giving 

dht 1 ( du dv ~ )  
-- u + v + (8.22) 

dr gc -~r -d-;r 

This equation prescribes the relationship between the radial variation of the three 
v a r i a b l e s :  ht, u, and v. The designer may specify the radial variation of any two, 
and Eq. (8.22) allows the radial variation of the third variable to be determined. 

For constant work, h t i s  constant with respect to radius, and Eq. (8.22) becomes 

du dv v 2 
u ~rr + v ~rr + --r = 0 (8.23) 

In this case, if the radial variation of either u or v is prescribed, Eq. (8.23) allows 
the other to be determined. The traditional approach is to specify the swift velocity 
v, as follows. 

2) Swirl distributions: 
We assume the following general swift distribution at entry and exit to the rotor 

( F ~ )  n (F-~) n 
v l =  a - b  rm and v 2 =  a + b  rm (8.24) 

r r 

where a and b are constants. From the Euler pump equation [Eq. (8.10)], the work 
per unit mass flow is 

ogr(v2 -- Vl) 2bogrm 
Aht -- -- (8.25) 

gc gc 

which is independent of  radius. The constant b in Eq. (8.24) is determined from 
the enthalpy rise across the rotor using Eq. (8.25) and, as will be shown next, the 
constant a in Eq. (8.24) is related to the degree of reaction at the mean radius rm. 
Three cases of the swirl distribution as considered next correspond to n = - 1 ,  
n = 0 ,  andn  = 1. 

Free vor tex  swir l  d i s t r ibut ion  (n = -1 ) .  Equation (8.24) becomes 

vl = (a - b) --rm and /9 2 = (a + b) --.rm (8.26) 
r r 

Because v varies inversely with radius, this is known as "flee-vortex" flow. Thus, 
if the stator airfoils preceding station 1 produce the flow v l r  = Vlmrm and the 
rotor airfoils modify the flow to v2r = V2mrm at station 2, then the Euler equation 
confirms that this is a constant work. Furthermore, substitution of the free vortex 
swirl distribution into Eq. (8.23) gives 

du 
- - ~ 0  
dr 

which requires that the axial velocity u not vary with radius. Equation (8.26) also 
shows that, as long as r does not vary substantially from rm (say ± 10%), the airfoil 
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and flow properties will not vary much from the original mean-line design. Using 
Eq. (8.8) for a repeating stage (v3 = Vl), the degree of reaction is given by 

°Rc 1 a ( ~ ) 2  = - (8.27) 
o)r m 

where the constant a in Eq. (8.26) is obtained by evaluating the preceding expres- 
sion at the mean radius. Thus 

a = wrm (1 - °Rcm ) (8.28) 

w h e r e  °Rcm is the degree of reaction at the mean radius. 
Free vortex aerodynamics played a prominent role in the history of turbomachin- 

ery. Before high-speed computation became commonplace,  this approach enabled 
designers to understand and cope with the most prominent features of  radial vari- 
ation (see Refs. 3, 7, and 10). 
Exponential swirl distribution (n = 0). Equation (8.24) becomes 

Vl = a - b rm and 1) 2 = a + b rm (8.29) 
r r 

Substitution of the exponential swirl distribution into Eq. (8.23) and integration 
gives (Ref. 11) 

uZ = uZm _ 2 (a21n r ab ) 
- -  + - ab (8.30a) 
rm 

u~ = uZm - 2 (a21n r ab ) 
rm r / r~  + ab (8.30b) 

For the case where Ulm = Uzm, the degree of reaction for a repeating stage 
(V3 = V1) is given by (see Ref. 11) 

a[ °Re = 1 + 1 - 2 (8.31) 
o ) r  m 

First-power swirl distribution (n = 1). Equation (8.24) becomes 

r a r 
v l = a - - - b  rm and v 2 =  + b  rm (8.32) 

rm r rm r 

Substitution of the exponential swirl distribution into Eq. (8.23) and integration 
gives (Ref. 11) 

} U 2 = U2m - -  2 a 2 -k- ab In r _ a2 (8.33a) 
r m  

} U 2 = U2m - -  2 a 2 - ab In r _ a2 (8.33b) 
rm 
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Fig. 8.6 Radial variation of the degree of reaction, u 

For the case where Ulm = bl2m , the degree of reaction for a repeating stage 
(V3 = V1) is given by (see Ref. 11) 

a { ( r f ~ )  } °Rc = 1 + 2 In - 1 (8.34) 
O)F m 

Equations (8.27), (8.31), and (8.34) give the radial variation of the degree 
of reaction for the free-vortex, exponential, and first power swirl distributions, 
respectively, for repeating stages (1/3 = 1/1) with Ulm = U z m .  The value of the 
constant a is evaluated at the mean radius and is given by Eq. (8.28) for all three 
cases. 

Consider the case where the degree of reaction at the mean radius is 0.5 (a = 
COrm~2). Results for this case from Eq. (8.27), (8.31), and (8.34) are plotted in 
Fig. 8.6 for the range 0.5 < r/rm < 1.5. These results show that it is more 
difficult to design rotor airfoils at r < rm and stator airfoils at r > rm. In fact, 
because °Rc ----- 0 at r/rm = 0.707 for the free-vortex and at r/rm = 0.6065 for 
the first-power swirl distributions, the rotor will actually experience accelerating 
flow for smaller radii, whereas this is never the case for the stator. For these 
reasons, modem compressor design has looked to non-free-vortex (nonconstant 
work) machines, but these are absolutely dependent upon large computers for their 
definition. 
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Table 8.1 Range of axial flow compressor design parameters 

Parameter Design range 

Fan or low-pressure compressor 
A T, per stage 
Pressure ratio for one stage 
Pressure ratio for two stages 
Pressure ratio for three stages 
Inlet corrected mass flow rate 

Maximum tip speed 

Diffusion factor 
High-pressure compressor 

AT~ per stage 
Inlet corrected mass flow rate 

Hub/tip ratio at exit 
Maximum rim speed at exit 

Diffusion factor 
Maximum exit temperature 

60-100°F(35-55 K) 
1.5-2.0 
2.0-3.5 
3.5-4.5 
40-42 lbm/(s-ft 2) 
[195-205 kg/(s-m2)] 
1400-1500 ft/s 
[427-457 m/s] 
0.50-0.55 

60-90°F (35-50 K) 
36-38 lbm/(s-ft 2) 
[175-185 kg/(s-m2)] 
0.90-0.92 
1300-1500 ft/s 
[396-457 m/s] 
0.50-0.55 
1700-1800 ° R (945-1000 K) 

The three swirl distributions have been incorporated into COMPR to allow you to 
explore this method for improving the degree of  reaction of  your designs at small 
radii. However, we recommend that you begin with the free-vortex distribution 
because that is most frequently referred to in the open literature. 

8.2.1.6 Range of compressor design parameters. Table 8.1 contains 
ranges of  design parameters that can be used as guides in the preliminary design of  
axial flow compressors. Additional information about the shape and construction 
of  axial flow compressors can be found by examining the AEDsys Engine Pictures 
files. 

8.2.2 Turbine Aerodynamics 
8.2.2.1 Constant axial veloci~ adiabatic, selected Mach number, 

mean-line stage design. The primary goal of this section is to develop a realis- 
tic turbine stage performance model that will reveal the behavior of  the important 
aerodynamic and thermodynamic quantities and serve as an initial input to the com- 
plete numerical calculations of  TURBN. This is in the same spirit as Sec. 8.2.1, 
but the design of turbines is different from that of  compressors for a number of  
reasons, including the following: 

1) The engine cycle performance models of  this textbook require that the turbine 
stage entrance stator (a.k.a. inlet guide vane or nozzle) be choked and all other 
stator and rotor airfoil rows be unchoked. 
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2) The density of the working fluid changes dramatically, so that compressibility 
or Mach number effects must be included. 

3) The turbine generates rather than absorbs power. 
4) High inlet temperatures require that heat transfer and cooling be considered. 
5) There are no wide-ranging rules for choosing turbine flow and airfoil geome- 

tries, such as the compressor diffusion factor. 
It is not possible, therefore, to provide quite such comprehensive and general 

methods for turbine stages as has been done for compressor stages in Sec. 8.2.1. 
Nevertheless, it is possible to analyze, explore, and understand the behavior of 
a truly representative class of turbine stages, subject only to the assumption of 
constant axial velocity and enforcement of the stator and rotor airfoil relative exit 
Mach number constraints stated above. Because both of these conditions faithfully 
reflect the engine cycle assumptions of Chapters 4 and 5 and current design practice, 
the resulting solutions will closely resemble real designs. 

A typical turbine stage and its velocity diagrams are shown in Fig. 8.7. The 
Euler turbine equation [Eq. (8.10)] gives the energy per unit mass flow exchanged 
between the rotor and the fluid for constant radius as 

(.or ht2 - hi3 : Cpt(Zt2 - Zt3) : - - ( 1 ) 2  --I- 1)3) (8.35) 
gc 

One can see from the velocity triangles of Fig. 8.6 that because of the large angle 
a2 at the stator (nozzle) exit and the large turning possible in the rotor, the value 
of v3 is often positive (positive or3). As a result, the two swirl velocity terms on the 
right side of Eq. (8.35) add, giving larger power output. 

Because of compressibility effects, the rotor degree of reaction ° Rt has a defini- 
tion that is more suitable to turbines, namely, the rotor static enthalpy drop divided 
by the stage total enthalpy drop. For calorically perfect gases this becomes, in the 

Stator Rotor 
Station: 1 2 2R 3R 3 

V 1 ~ ~  / V 3 R / ~ ° J r  

u2 u 2 V3R~ 
V2~ ~'~2~V2R v 2R V3R v 2 

u3 

u V3 

Fig. 8.7 Typical turbine stage and velocity diagrams. 
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turbine stage nomenclature of Fig. 8.6, 

h2  - h3  T2 - T3 

° R t  - -  h t l  - ht-------~3 -- Ttl -- Tt3 (8.36) 

This definition retains the same physical insight as the equivalent compressor defi- 
nition, while allowing the compressible flow turbine analysis to proceed smoothly 
despite large density changes. Please note that the static pressure drop is roughly 
proportional to the static temperature drop, and that the stator degree of reaction 
is approximately the difference between the rotor degree of reaction and one. 

Assumpt ions  
1) M2 and MaR are given. 
2) Two-dimensional flow (that is, no property variation or velocity component 

normal to the flow). 
3) Constant axial velocity (ul = u2 = u3). 
4) Constant mean radius. 
5) Adiabatic flow in the stator and rotor. 
6) Calorically perfect gas with known Yt and Rt. 
The derivations that follow reduce the full turbine stage analysis of Sec. 9.5 in 

Ref. 11 by incorporating the preceding assumptions. Please note that making all 
velocities dimensionless by dividing them by the velocity gv/~cptTtl denoted as 
V' (a known quantity at the entrance of the stage that corresponds to the kinetic 
energy the fluid would reach if expanded to a vacuum, also referred to as the 
maximum or vacuum velocity) makes the equations more compact and the results 
more universal. We use the symbol f2 for the dimensionless rotor speed wr.  Thus, 

V'  = v /~cp tT t l  (8.37) 

o)?" 
f2 - ( 8 . 3 8 )  

W 

This approach cannot be used to design a series of stages as it was for compres- 
sors because the effect of steadily decreasing static temperatures, when combined 
with constant velocities, would eventually lead to supersonic velocities every- 
where, contradicting one of the central design constraints. Thus, this method is 
primarily used to reveal the capabilities of individual turbine stages. 

Analysis  
1) Total velocity at station 2 

V2 _ / (gt - 1) M2 
~7 -- V l  + (Yt - 1 ) / 2 / 2  (8.39) 

2) Stage axial velocity 

u V2 
- -  COS Ot 2 

W V' 

3) Tangential velocity at station 2 

(8.40) 

V~ 
= ~ sin Ct 2 (8.41) 

V' W 



272 AIRCRAFT ENGINE DESIGN 

4) Rotor relative tangential velocity at station 2 

V2R V2 

W W 

5) Rotor relative flow angle at station 2 

I)2R / V I 
tan f 1 2  - -  - -  

u /V '  

6) Rotor relative total temperature 

Tt2RTtl _ l.nt_~2 ( ~  v 2 ~ g ' )  

7) Rotor relative flow angle at station 3 

/Tt2R/Ttl ( V t -  1)M2R 
tan f13 = V  u2/V'2 1 +--~t - - 1 - ~ 3 n / 2  - 1 

8) Rotor flow turning angle = f12 + f13 

9) Tangential velocity at station 3 

l) 3 
V I 

10) Stage exit flow angle 

tan ot 3 -- 

11) Static temperature at station 3 

U 
- -  - - -  t a n  f 1 3  - f2 

V' 

v3 / V' 
u/V'  

T3 Tt2 R / Tt l 

Ttl 1 .Jr_ ()It - 1)M2R/2 
12) Stage temperature ratio 

Tt3 
rts-- 

Ttl 

13) Rotor degree of reaction 

T 3 b/2 1 + tan 2 c~3 
+ 

Ttl V '2 2 

°g t  --  V2R -- V2R 
2(1 - rt,)V 'e 

14) Rotor solidity based on axial chord Cx 

S 2COS 2/33(tan /~2 + tan /~3) 

(8.42) 

(8.43) 

(8.44) 

(8.45) 

(8.46) 

(8.47) 

(8.48) 

(8.49) 

(8.50) 

(8.51) 

Crxr -- (8.52) 
Cx Z 
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General solution. We may now use this analysis to explore the behavior of 
turbine stages. The results will be more easily understood if, before proceeding, 
we circumscribe the results by means of three useful generalizations. 

First, we must consider two different types of stages, namely those having 
either choked or unchoked stators. The former are required as the entrance stages 
for every turbine and will be represented in our computations by an M2 of 1.1. 
The latter are required for all other turbine stages and will be represented in our 
computations by an M2 of 0.9. Other supersonic or subsonic stator Mach numbers 
should be selected and evaluated by the reader. 

Second, higher values of M3R always improve stage performance, provided that 
some margin to avoid rotor choking is provided. The reader should also inde- 
pendently confirm this assertion. Consequently, M3R is set equal to the highest 
practical value of 0.9 in our computations. 

Third, the analysis lends itself well to the intuitively appealing examination 
of the variation of turbine stage properties for the expected ranges of ~2 and ~.  
The open literature strongly suggests that the best performance is obtained when 
60 deg < oe2 < 75 deg (for example, Ref. 11, Sec. 9.5). The open literature also 
concludes that larger values of f2 are better, the upper limit being presently in the 
range 0.2 < g2 < 0.3. The ensuing computations will justify these observations. The 
computations use ~,'t = 1.30 and gcCpt = 7378 ft2/(s2-°R), although the equations 
are formulated to allow you to choose any desired values. 

General results. The results of the computations are presented in Figs. 8.8- 
8.13. Their contents, and the corresponding consequences, will now be described 
in turn. To avoid unnecessary repetition and give the primary conclusion the em- 
phasis it deserves, we begin by noting that every measure of aerodynamic and 

0.90 
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0.78 
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80 

Fig. 8.8 Stage total temperature ratio. 
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thermodynamic performance for choked and unchoked stages is improved by in- 
creasing f2. This agrees with the conventional wisdom of the open literature and 
explains the natural desire of the designer to increase wheel speed to the limit 
allowed by materials and structural technology. The remainder of the discussion 
therefore centers on the selection of or2. 

Figure 8.8. The preceding engine cycle selection process has already deter- 
mined the required turbine temperature ratio. The goal of the designer is to accom- 
plish the desired work extraction with the minimum number of stages, which is 
equivalent to finding the minimum practical value of rts. The results presented in 
this figure demonstrate that 75ts diminishes as or2 increases over its expected range 
for both choked and unchoked stages. Furthermore, the results suggest that rts 
values of less than 0.85 are attainable. If higher values of rts are required, they 
can easily be provided by reducing ~2 and/or ~2. However, they also reveal that 
it is difficult to reach rt~ values much higher than about 0.88 unless the Mach 
number assumptions are relaxed. This often motivates designers to shift the work 
split between the low- and high-pressure compressors so that each turbine stage 
is working hard and the total number of low- and high-pressure turbine stages is 
minimized. 

Figures 8.9 and 8.10. Creating sound aerodynamics for the turbine airfoils is 
the heart of the matter for successful turbine design, just as it was for compressors. 
The fundamental issue is that of avoiding boundary layer separation along the rear 
portion of the rotor airfoil suction (convex) surface, where local Mach numbers 
and adverse pressure gradients are the greatest. The smallest amount of separation, 
even if reattachment follows, is disastrous for turbines because the large local Mach 
numbers and dynamic pressures cause unacceptable aerodynamic (drag) losses. 
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Unfortunately, as the results presented in Fig. 8.9 reveal, the tendency to in- 
crease stage work extraction by increasing a2 is accompanied by a surprisingly 
rapid increase in the rotor flow turning angle. The streamline curvature effects 
within the passage between adjacent rotor airfoils caused by this flow turning are 
the principal contributor to the low suction surface static pressures and therefore 
to the potential for boundary layer separation, especially when the average Mach 
number is near sonic and shock waves can arise. Carefully tailoring the pressure 
distribution around the complete airfoil profile by means of sophisticated com- 
putational fluid dynamics (CFD) in order to resist separation despite very large 
rotor flow turning angles is one of the major achievements of modern turbine tech- 
nology (see Ref. 1). However, because the CFD must account for such exquisite 
effects as the state of the boundary layer (for example, laminar, turbulent, or tran- 
sitional), freestream turbulence levels, airfoil roughness, airfoil heat transfer, and 
locally transonic flow, the application of these methods is beyond the scope of this 
textbook. 

Instead, we will capitalize on our general observation that skillful designers are 
able to define rotor airfoil profiles that do not separate for flow turning angles 
(/32 +/33) up to 120-130 deg provided that the rotor degree of reaction is at least 
0.20. That is, the average static temperature and pressure drop significantly across 
the rotor in order to partially counteract the adverse pressure gradient due to stream- 
line curvature. Combining the results of Figs. 8.9 and 8.10, we see that these criteria 
are met as long as or2 does not exceed approximately 70 deg, depending on the 
exact value of f2. If some margin of safety is required, the selected value of a2 
should be further reduced. 

It is worthwhile to pause at this point to consider the relationship between com- 
pressor and turbine airfoil design. In the compressor case, the adverse pressure 
gradient caused by streamline curvature on the rear portion of the suction surface 
is increased by the average static pressure increase across the row. Thus, the com- 
pressor diffusion factor D, which is based on a simple estimate of their sum, is 
a useful device. In the turbine case, it is reduced by the average static pressure 
drop across the row. The flow turning angles of compressor airfoils are therefore 
much smaller than turbine airfoils. Nevertheless, the streamline curvature effects 
exceed the average static pressure drops in modern turbine stages, and, contrary 
to the popular but naive notion, the flow runs "uphill" (pressure increasing) rather 
than "downhill" where it matters most. Turbine and compressor airfoil designers 
therefore actually share the adventure of working at the same limits allowed by 
nature. 

Figure 8.11. The stage exit flow angle or swirl, which should be kept small 
whether or not another stage follows. In the former case, a small or3 reduces the 
total flow turning for the succeeding inlet stator. In the latter case, the need for 
turbine exit guide vanes and their accompanying diffusion losses is reduced or 
avoided. 

The consensus of the turbine design community is that or3 should not exceed 
about 40 deg. The results presented in this figure show that meeting this criterion 
depends strongly on both oe2 and f2, as well as whether the stage is choked or 
unchoked. In some cases, this criterion could restrict ~3 to values less than 70 deg. 

A somewhat subtle but important point is that designing the low-pressure turbine 
to rotate in the opposite direction can accommodate large amounts of exit swirl from 
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the high-pressure turbine. The so-called counter-rotating, low-pressure turbine will 
thus require an inlet guide vane with little tuming, or perhaps no inlet guide vane 
at all. This complicates the bearing and support system because the shafts must 
also counter-rotate, but the overall result must be beneficial because many modem 
engines apply this approach. 

The computations also show that the stator degree of reaction exceeds that of 
the rotor, and that the stator flow tuming (aa + a2) is less than that of the rotor 
(especially for inlet guide vanes where al  is zero). Consequently, the aerodynamic 
design of rotor airfoil profiles is usually more difficult than that of stator airfoils, 
justifying our focus on rotor airfoil design. 

Figure 8.12. Because the individual turbine stator and rotor airfoils are 
heavy and expensive, especially cooled airfoils that employ exotic materials, ela- 
borate manufacturing processes, and intricate intemal flow passages, it is im- 
portant to reduce their number to the extent possible. The Zweifel coefficient 
(Ref. 12) provides a reliable and straightforward method for making an initial 
estimate of the minimum solidity and number of required airfoils (see Ref. 11, 
Sec. 9.5). 

Put simply, the Zweifel coefficient Z is a measure of how closely the turbine 
designer can tailor the pressure distribution around the airfoil profile to conform 
to the ideal of static pressure equal to stagnation pressure along the entire pres- 
sure (concave) surface and exit static pressure along the entire suction (convex) 
surface. This rectangular pressure distribution has no adverse pressure gradients 
and thus is free of boundary layer separation. This ideal pressure distribution has 
Z = 1 according to the mathematical definition of the Zweifel coefficient (see 
Ref. 11, Sec. 9.5). Most importantly, the CFD procedures that have enabled air- 
foil designers to increase the flow tuming angles for modest degrees of reaction 
have simultaneously enabled them to achieve Zweifel coefficients one or more for 
stators and rotors. Thus, Eq. (8.52) can be used to estimate the minimum rotor 
solidity based on a maximum assumed value of Z. 

Figure 8.12. This figure reveals that the minimum rotor solidity is of the order 
of one for Z = 1, and that it decreases rapidly as or2 increases for both choked and 
unchoked stages. The designer is therefore encouraged to select higher values of 
a2 in order to reduce the number of rotor airfoils. 

Figure 8.13. The dimensionless stage axial velocity is an indicator of the 
throughflow area that will be required by the stage and hence of the height of the 
airfoils and the rotor centrifugal stress (see Sec. 8.2.3). The results presented in 
this figure show that u diminishes rapidly as or2 increases for both choked and 
unchoked stages and is independent of f2. The designer is therefore encouraged to 
choose values of or2 less than 70 deg in order to increase u and thus obtain shorter, 
lighter airfoils, and rotor blades that have lower centrifugal stresses. This evidently 
creates another conflict between stage performance and airfoil life. 

General conclusions. These results are clearly in agreement with the conven- 
tional wisdom of turbine stage design. In particular, they support the universal 
drive for increasing f2 to the limit allowed by materials and structures. Further- 
more, they support the contention that the best choice of a2 is in the range of 
60-75 deg. Finally, they provide a sound basis for initial estimates for the detailed 
TURBN computations that must be carried out for your specific turbine stage de- 
signs. Four sets of representative initial design choices that meet all of the design 



DESIGN: ROTATING TURBOMACHINERY 279 

Table 8.2 Summary  of representative initial turbine 
stage design choices for M 3 R  = 0.9, % = 1.30, g c c m  = 

7378 ft2/(sZ-°R), and Z = 1 

M2 1.1 0.9 

S2 = 0.2 13l 2 67 deg 61 deg 
rts 0.860 0.880 
f12 "~ f13 116 deg 103 deg 
°Rt 0.199 0.458 
0~3 41.2 deg 40.2 deg 
ffxr 1.25 1.09 
U~ V'  0.217 0.226 

g2 = 0.3 or2 72 deg 72 deg 
rts 0.811 0.831 
f12 + f13 120 deg 116 deg 
°Rt 0.294 0.463 
a'3 31.1 deg 40.0 deg 
crxr 0.92 0.67 
u / V '  0.171 0.144 

criteria with M3R = 0.9, Ft = 1.30, gcCpt = 7378 ft2/(s2-°R), and Z = 1 are 
presented in Table 8.2 for your reference. This compilation indicates that, for a 
given f2, increasing M2 can decrease rt~, but the airfoil aerodynamics are nearer 
to the edge. 

8.2.2.2 Stage pressure ratio (:rrts). Once the turbine stage temperature 
ratio rts and the flowfield and airfoil characteristics are established, several avenues 
are open for calculating the stage pressure ratio. The most simple and direct method 
is to apply Eq. (4.9d-CPG), so that 

~rts = rt~ '/(y'-l)e" (8.53) 

and 

1 - -  Vts 
--  .(×,-1)/×, (8.54) Ors 1 - nts 

This method will provide a useful and adequate starting point for turbine design. 
I f  necessary or desired, it may be refined using the standard design tools detailed 
in Ref. 11 and contained in the AEDsys TURBN subroutine. 

E x a m p l e  case: An uncooled, single-stage turbine is to be designed with the 
following conditions: 

M:  = 1.1 M3R = 0.9 

Tt2 = Ttl = 3200°R gcCpt = 7378 ft2/(s2-°R) 

ot2 = 70 deg Yt = 1.3 

mr  = 1200 ft/s Z = 1 
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V' = 4859 ft/s Eq. (8.37) 

f2 = 0.2470 Eq. (8.38) 

V2 = 2693 ft/s Eq. (8.39) 

u = 921 ft/s Eq. (8.40) 

v2 = 2531 ft/s Eq. (8.41) 

v2n = 1331 ft/s Eq. (8.42) 

f12 = 55.31 deg Eq. (8.43) 

Tt2R = Tt3R = 2886°R Eq. (8.44) 

/33 = 64.60 deg Eq. (8.45) 

/32 + f13 = 119.9 deg Eq. (8.46) 

v3 = 740 ft/s Eq. (8.47) 

~3 = 38.79 deg Eq. (8.48) 

T3 = 2573°R Eq. (8.49) 

rs = 0.8337 Eq. (8.50) 

°Rt = 0.2540 Eq. (8.51) 

tTxr ~--- 1.307 Eq. (8.52) 

If one chooses to assume et ---- ets = 0.90, then zrts = 0.4166 [Eq. (8.53)] and r/ts = 
90.88% [Eq. (8.54)]. The results for this stage are summarized in Table 8.3. 

8.2.2.3 Recapitulation. The turbine stage design procedure of Sec. 8.2.2 
and the method of computing the stage pressure ratio have been integrated into 
the TURBN program of AEDsys in order to serve as the first step in the design 
process. You will quickly find that this has several important benefits, including 
the ability to quickly explore the entire range of design parameters and make 
promising initial choices, and then to transfer all of the input that the complete 
TURBN computation requires. The complete TURBN computation is very similar 
to that used in industry, 7,8,11 and the initial Sec. 8.2.2 design will require only minor 
and entirely transparent tweaking in order to produce a worthy result that meets 
all of the imposed constraints. 

8 .2 .2 .4  Airfoil g e o m e t r y .  The situation in unchoked turbines is similar to 
that in compressors except that the deviations are markedly smaller owing to the 
thinner boundary layers. Hence, using the nomenclature of Fig. 8.3, 

Yl -- Y2 
~t - (8.55) 
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Table 8.3 Summary of example case stage properties (et = 0.90) 

281 

Property/station 2 2R 3R 3 

Tt, °R 3200 2886 2886 2668 
Pt/Pt~ 0.4166 
e/erl 0.3563 
V, ft/s 2693 1618 2148 1182 
u, ft/s 921 921 921 921 
v, ft/s 2531 1331 1940 740 
c¢, deg 70.0 38.79 
/~, deg 55.31 64.60 

is a good estimate.7' 11 More importantly, however, when the turbine airfoil cascade 
exit Mach number is near one, the deviation is usually negligible because the 
cascade passage is similar to a nozzle. In fact, the suction (or convex) surface 
of the airfoils often has a flat stretch between the throat and the trailing edge, 
which evokes the name "straight-backed," or may even be slightly concave. Finally, 
the simple concept of deviation loses all meaning at large supersonic exit Mach 
numbers because expansion or compression waves emanating from the trailing 
edge can dramatically alter the final flow direction. This is a truly fascinating field 
of aerodynamics, but one that requires study beyond the scope of this textbook. 7 

8.2.2.5 Radial variations. The compressor radial variation material of Sec. 
8.2.1 is also generally applicable to turbines. However, because the mass flow rate 
per unit annulus area (that is, rh/A = Pt/MFP~c~t) is higher in turbines than 
compressors, turbine airfoils are correspondingly shorter. The result is little radial 
variation of aerodynamic properties from hub to tip except possibly in the last few 
stages of the low-pressure turbine. If the aerodynamic design of these stages began 
as free vortex, the rotor degree of reaction would be the same as for compressors 
[Fig. 8.6 and Eq. (8.27)], other than the sign of the pressure change across the stage. 
Consequently, the most difficult airfoil contours to design would be at the hub of 
the rotating airfoils and the tips of the stationary airfoils. It is therefore possible to 
find portions of some airfoils near the rear of highly loaded (that is, high work per 
stage) low-pressure turbines where the static pressure actually rises and boundary 
layer separation is hard to avoid. In these cases, contemporary turbine designers 
employ CFD to develop non-free or controlled vortex machines that minimize these 
troublesome effects and maintain high efficiency at high loading by requiring less 
work to be produced at the hub and t ip .  13 

8.2.2. 6 Turbine cooling. The gas temperatures in modem turbines are high 
enough to destroy any available materials in short order unless they are protected 
by cooling air. The unwanted or nuisance heat may be carded or convected away by 
air flowing within the airfoils or prevented from reaching the airfoils by means of 
an unbroken extemal blanket of air. The amount of air required to accomplish the 
necessary cooling depends entirely upon the cooling configuration, the perversity 
of nature causing simpler configurations to require more cooling air. 1 
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The cooling effectiveness is usually defined as 

do _ Tg - Tm (8.56) 
7~- Tc 

where Tg, Tm, and Tc are the mainstream gas, average metal, and cooling air tem- 
peratures, respectively. Please note that the cooling air temperature Tc can be less 
than the compressor discharge temperature Tt3 if the fluid is taken from an earlier 
compressor stage or, in future designs, if the fluid is cooled by exchanging heat with 
fan discharge air or fuel. An attractive property of do is that it must lie between 
zero and one--the higher the better. Figure 8.14 provides some typical leading 
edge cooling effectiveness design data. If, for example, impingement (created by 
a cooling flow insert that directs the flow against the inside wall) is considered and 
Tg = 2400°F, Tc = 1200°F, and T m = 2000°F, then do must be at least 0.333, and 
the coolant flow must be 0.70% of engine flow or more. An unfortunate property 
of do is that it must be determined experimentally in all but the simplest cases. 

The sensitivity of cooling flow requirements to do and Tm should not be underes- 
timated. If the preceding example were repeated without impingement, the coolant 
flow would jump to almost 1.1%, a factor of 1.6. If the example were repeated with 
an advanced material allowing Tm to increase to 2100°F, the coolant flow would 
drop to 0.55%. 

This exercise pertains only to the leading edge cooling of one airfoil row, the job 
being complete only when all parts of all airfoils are safe from the heat. This leads to 
two important conclusions. First, the turbine cooling designer must have data avail- 
able to ensure that all surfaces, including the endwalls, can be protected and how 
much cooling air is needed. Second, the seemingly small amounts in the preceding 
example really do add up when all of the threatened surfaces are accounted for, 
the total cooling flow of modem machines being in the range of 15-25%. These 
engines therefore take onboard an enormous amount of air that is compressed, led 
through wondrously complex labyrinths, and expanded with no other purpose than 
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Table 8.4a Range of axial flow turbine design parameters 

Parameter Design range 

High-pressure turbine 
Maximum A N  2 

Stage loading coefficient 7t 
Exit Mach number 
Exit swirl angle 

Low-pressure turbine 
Inlet corrected mass flow rate 
Hub/tip ratio at inlet 
Maximum stage loading at hub 
Exit Mach number 
Exit swirl angle 

4-5 x 101° in 2. rpm 2 
1.4-2.0 
0.4-0.5 
04 0  deg 

40-44 lbrrd(sec-ft 2) 
0.35-0.50 
2.4 
0.4-0.5 
04-40 deg 

helping the turbine survive. Such air does not pass through the burner and, unless 
afterburning is present, does not contribute to the thrust of the engine. 

8.2.2. 7 Range of turbine design parameters. Table 8.4a gives the range 
of some typical turbine design parameters that can be used for guidance. The stage 
loading coefficient ~p is a parameter frequently used in the turbine literature as a 
rough measure of how hard each turbine stage is working and is defined as 

-- gccptA Tt (8.57) 
(wr) 2 

You will find it interesting to calculate the stage loading coefficients of the turbines 
designed by the method of Sec. 8.2.2. 

The comparison of the Pratt and Whitney JT3D and JT9D engines of Table 8.4b 
reveals typical design values and the leading trends in turbine technology. Note es- 
pecially the increase of high-pressure turbine inlet temperature and cooling airflow 
and the low-pressure turbine stage loading coefficient. These were all necessary 
to make it possible to greatly increase the overall pressure ratio (that is, the ther- 
mal efficiency) and the bypass ratio (that is, the propulsive efficiency), and thus 
dramatically reduce the specific fuel consumption (that is, the overall efficiency). 
These changes combined with the absolute size of the engines, as indicated by the 
core engine flow, to increase the total power required from the turbines at takeoff 
to more than 130,000 hp. 

8.2.3 Engine Life 
8.2.3.1 Background. Every part of the engine must be certain to last its in- 

tended design lifetime. The fundamental truth, therefore, is that a successful engine 
design must simultaneously meet its aerodynamic, thermodynamic, and structural 
requirements. Because one of the structural requirements is to reduce the weight, 
cost, and complexity of the parts, their durability margins must be minimized. 
The primary concern is for the heavy rotating and highly pressurized parts that can 
harm or destroy the parent aircraft if large pieces of them are inadvertently set free. 
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Table 8.4b Comparison of Pratt and Whitney engines 

Parameter JT3D JT9D 

Year of introduction 1961 1970 
Engine bypass ratio 1.45 4.86 
Engine overall pressure ratio 13.6 24.5 
Core engine flow, lbm/s 187.7 272.0 
High-pressure turbine 

Inlet temperature, ° F 1745 2500 
Power output, hp 24,100 71,700 
Number of stages 1 2 
Average stage loading coefficient 1.72 1.76 
Coolant plus leakage flow, % 2.5 16.1 

Low-pressure turbine 
Inlet temperature, ° F 1410 1600 
Power output, hp 31,800 61,050 
Number of stages 3 4 
Average stage loading coefficient 1.44 2.47 
Coolant plus leakage flow, % 0.7 1.4 

These are exemplified by long first-stage fan blades, blades and disks of cooled 
high-pressure turbines, and outer cases of main combustors. Because engine life is 
so critical, engine structural design has become an extremely sophisticated science 
and art. Proving that the engine meets its life requirements is one of the major steps 
in the development process. 

It will become clear in what follows that there is a strong interaction between 
aerodynamic, thermodynamic, and structural design decisions. The obvious im- 
plication is that everyone involved will make better decisions if they are aware of 
all of the possible consequences in advance. At least the participants will be less 
likely to be unpleasantly surprised. 

The lives that the engine parts must endure can be remarkably strenuous, and 
they are highly dependent upon the mission of the parent aircraft. To appreciate this 
point, one need only recognize the difference between the operation or "usage" of 
fighter and transport engines. Fighter engines experience far more throttle move- 
ments or maneuver transients per flight hour and are therefore more susceptible to 
fatigue-type failures. Transport engines run for long times at elevated temperatures 
and have greater design lifetimes and are therefore more susceptible to creep-type 
failures. Both are exposed to considerably more severe duty during pilot training 
than during normal operations or even combat. 

There is a special message for both the engine builder and user here, namely, 
that the initial "mission usage" specification plays a pivotal role in determining 
the eventual success of the aircraft. Once agreed to by contract, the engine builder 
will deliver an engine that will run soundly for the desired time under the specified 
operating conditions. However, to the extent that the actual mission usage of the 
engine departs from the original specifications the risk of unanticipated or "show- 
stopping" failures increases. It is therefore to everyone's advantage to specify the 
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mission usage correctly at the outset. Furthermore, it is essential that the parts be 
realistically exposed to the life-consuming portions of the engine usage spectrum 
early and repeatedly in the development process. This is done best with the safety 
and control made possible by simulated altitude testing in ground test facilities 
and must be continued until the required engine durability has been confidently 
demonstrated. 

This foreword is meant to underscore the overwhelming importance of structural 
design for modern aircraft engines. What follows next is an abbreviated, qualitative 
introduction to the design process. The reader should be aware that much has been 
written on this subject, and that adequate reference material exists to satisfy almost 
any curiosity. We are indeed fortunate to be able to include an excellent review of 
Turbine Engine Life Management, authored by Dr. William Cowie, a pioneer and 
foremost expert in the field, as Appendix N. You will find this to supply a unique 
and invaluable background for the engine design process. 

The first step in the iterative structural design process is to estimate the stresses 
that will be experienced by each part. The stresses stem from the environment to 
which the parts are exposed and can, in turn, be regarded as the forcing functions 
that consume available life. The second step is to evaluate the response of the parts 
in terms of their life expectancy. Both steps require intimate knowledge of many 
properties of the materials involved. If the life of any given part is inadequate (or 
excessive), its design is changed, and the process is repeated until a satisfactory 
solution is found. 

We are about to embark on the development of several structural design tools 
consistent with the philosophy of this textbook. Their focus will be on the main 
source of stresses in rotating parts--the centrifugal force. For the sake of perspec- 
tive, it is well to bear in mind the fact that the centrifugal force experienced by 
an element of material rotating at 10,000 rpm and a radius of 1 ft is equivalent to 
34,000 g! 

Nevertheless, there are many other forces at work that can consume the life (or 
destroy) stationary or rotating parts, all of which must eventually be accounted 
for in the design and test process. Some of the most important, not necessarily in 
order of importance, include the following: 

1) Airfoil bending moments are caused by the pressure differences across the sta- 
tionary and rotating airfoils (or their lift) and are greatest where they are fastened. 
The centrifugal force can also cause airfoils with complex three-dimensional 
shapes to twist and bend. 

2) Flutter (self-induced vibration) is an unsteady aerodynamic phenomenon 
that airfoils and/or disks can spontaneously experience, in which they vibrate at a 
system natural frequency and for which the driving energy is extracted from the 
flowing gas. This is most commonly found in fan and compressor airfoil rows and 
comes in many varieties (for example, supersonic flutter, stall flutter, and choke 
flutter). Once flutter begins, the life of the parts is measured in minutes because 
of the large stresses and high frequency vibrations (> 1000 Hz) that result. Flutter 
must be avoided at any cost, but the analysis tools are beyond the scope of this 
textbook. 

3) Airfoils, disks, and other flowpath parts are exposed to unsteady aerodynamic 
forces, such as buffeting (forced vibration) and high cycle fatigue (HCF) that result 
from temporally and/or spatially nonuniform flows. Care must be taken to avoid 
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the especially devastating situation where resonance occurs because the upstream 
or downstream disturbance has an organized pattern (caused, for example, by 
the pressure fields and/or wakes of support struts, airfoil rows, or fuel injectors) 
whose apparent or "blade passing" frequency coincides with one of the lower 
natural frequencies of some airfoil. This condition can only be endured for very 
short periods of time. 15 

Buffeting can lead to an enormous accumulation of stress cycles during the life 
of the engine because the natural frequency of parts is of the order of 1-10 kHz. 
Thus, a single hour of excitation adds approximately 10 million cycles, and only 
100 h adds about one billion cycles. HCF has become the leading cause of failures 
in fighter engines and is presently the subject of intense investigation. 

4) Thermal differential stress and low cycle fatigue (LCF) are important. Tem- 
perature gradients, particularly in cooled turbine airfoils, disks, and burner liners, 
can give rise to surprisingly high stresses as the material counteracts uneven local 
expansion and contraction. These can be amplified during transients as the engine 
is moving from one power setting or turbine inlet temperature to another. These 
transient thermal differential stresses are the primary cause of thermal fatigue or 
LCF, which, for obvious reasons, can rapidly consume the life of hot parts in high 
temperature fighter engines. Recognition of the importance of the LCF during 
the 1970s changed the entire approach of the engine community to design and 
acceptance or qualification testing.15 

Thermal differential stress is one example of the larger classes of strain-induced 
stresses. Note should be taken of the fact that many engine parts can be geomet- 
rically constrained by their neighbors, and that their stress analysis must take this 
into account. 

5) There are many sources of local stress concentrations, which can much more 
than double the elastic stress level or even cause plastic flow and permanent de- 
formation to take place. These include holes, slots, inside and outside corners, 
machine marks, and, the most feared of all, cracks. Crack initiation and growth or 
propagation is a leading determinant of engine life, and the recent development 
and application of practical fracture mechanics design tools and test procedures is 
one of the outstanding accomplishments of the aircraft engine community. 16 

6) Foreign object damage (FOD) and domestic object damage (DOD) must be 
guarded against if the probability of occurrence is deemed sufficiently high and 
the consequences sufficiently severe. 

There is an insidious, often disastrous, interaction between FOD and HCE 
Cracks initiated by FOD are then propagated by HCF with the result that life is 
significantly reduced. For this reason, FOD is known as the "finger of death." 
A modern remedy for this problem is to apply surface treatments that reduce 
or eliminate these interactions by preventing the defects from growing (see 
Appendix N). 

7) The first stage fan blades must withstand a variety of bird strikes, which may be 
considered a soft-body relative of FOD. This has prevented the use of lightweight, 
nonmetallic materials for this application for more than three decades. Bird strike 
testing is a staple of the engine qualification process and is one of the most exciting 
parts because it is dramatic and the cost of failure is great. 

8) During strenuous maneuvers and hard landings, other forces and moments, 
both inertial and gyroscopic, are generated within the engine. These can damage 
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the tips of rotating blades, their outer air seals, and any rotating seals, especially 
when clearances are small, because they are asymmetric. 

9) Torsional stresses are inevitable when power is transferred by shaft torque 
from turbines to compressors. Although the magnitudes of these stresses are not 
large, they cannot be ignored. 

10) There are a number of material composition or chemistry effects that also 
consume engine life, the most notable being erosion, corrosion, and creep. These 
are likely to be important in applications where the engine remains at high temper- 
ature and pressure for extended periods of time, such as supersonic cruise vehicles. 

Each of these technical areas must be tended by true experts if surprises are to 
be avoided. One must respect the organizations that are able to weld these talents 
together and produce durable engines. No textbook could hope to capture the total 
engine life design process, and so we must settle for less. In what follows, these 
many phenomena shall be accounted for by using an "allowable working stress," 
which is the amount remaining for the principal tensile stresses alone. 

Determining this remaining amount is itself no easy matter and is usually accom- 
plished in engineering practice through the use of company materials specifications 
that have been proven through time and are thoroughly documented. When such 
resources are not available, the best approach is to use open literature references, 
the Aerospace Structural Metals Handbook 17 being a good example for general 
engine design. A cursory review of Ref. 17 will quickly reveal both the amazing 
amount of information already in hand for construction metals and the many fac- 
tors that must be considered before the design is final. To provide you with more 
specific examples and guidance, the data for several materials typically found 
in the failure critical parts of gas turbine engines are synopsized from Ref. 17 in 
Appendix M. Failure critical parts, as defined in Appendix N, are those whose fail- 
ure would threaten the integrity of the engine and/or aircraft and always include 
the large rotating parts (for example, fan and cooled turbine rotor airfoils, and 
cooled turbine rotor disks) and highly pressurized parts (for example, the burner 
outer case). 

The creep rupture strength of a material is the maximum tensile stress it can 
withstand without failing during a specified period of time at a given temperature. 
As explained in Appendix M, a sensible approach for the designer is to limit stresses 
to the appropriate creep rupture strength, or some fraction of that for safety. Thus, 
for the purposes of exploration and the examples that follow, we will use typical 
engine materials properties as summarized in Table 8.5 and Figs. 8.15 and 8.16 

Table 8.5 Material types 

Density 

Material no. Type slug/ft 3 kg/m 3 

1 Aluminum alloy 5.29 2726 
2 Titanium alloy 9.08 4680 
3 Wrought nickel alloy 16.0 8246 
4 High-strength nickel alloy 17.0 8760 
5 Single-crystal superalloy 17.0 8760 



288 AIRCRAFT ENGINE DESIGN 

lOO~ 
80 

60 

40 

2oi 

10 
8 

6 

4 

Fig. 8.15 

1 I I I 
0 400 800 1200 

4 5 

1600 2000 

Temperature (°F) 

Allowable stress vs temperature for typical engine materials. 

10 
8 
6 

4 

2 

_= 
1.0 
0.8 

o. 0.6 

0.4 

0.2 

0.1 I 
0 400 

2 

800 1200 1600 2000 

Temperature (°F) 

Fig. 8.16 Allowable strength-to-weight vs temperature for typical engine materials. 



DESIGN: ROTATING TURBOMACHINERY 289 

(Ref. 11). These were derived by taking 80% of the allowable 0.2% creep, 1000-h 
tensile stress for aluminum alloy and 50% of the allowable 1% creep, 1000-h 
tensile stress for the other alloys. Please note that, as the ensuing derivations will 
demonstrate, strength-to-weight or specific strength is the most important property 
for rotating parts. The typical properties also show that there is a temperature 
beyond which every class of material rapidly loses capability. 

It is therefore fortunate that the Larson-Miller parameter provides a convenient, 
reliable procedure for extending the data for materials that have been only partially 
characterized. According to this method, which is based on the assumption that 
creep is thermally activated, the rupture life of a material at a given stress level 
will vary with temperature in such a way that the Larson-Miller parameter 

T ( C  + log t) (8.58) 

remains constant, where the material property C is a dimensionless constant. The 
value of the material constant may be determined from data acquired at two test 
conditions by applying Eq. (8.58) twice to obtain 

C ---- (T2 log t2 - T1 log h ) / ( T l  - T2) 

For example, for the Aluminum 2124 of Fig. M.2 (where rupture at 20 ksi occurs 
at both 500°F/15 h and 400°F/950 h), C = 14.3. Also, for the Rene 80 of Fig. M. 13 
(where rupture at 60 ksi occurs at both 1600°F/25 h and 1400°F/8000 h), C = 21.9. 
You should try different combinations for these materials and for other materials 
of Appendix M to increase your familiarity with and confidence for this procedure. 
Representative values of C are also found in Table 8.6. 

Equation (8.58) can also be used to demonstrate the surprising influence of tem- 
perature on creep life. For example, a part having C = 20 that is designed to fail 
after 2000 h at a temperature of 1400°F will last only 1130 h if the temperature 
is raised merely 20°E This gives rise to the rule of thumb that the creep life of a 
hot part is halved each time its temperature increases 20°E Fortunately, it is dou- 
bled when the temperature decreases an equal amount. However, because creep 

Table 8.6 Larson-Miller constants for selected 
materials (Ref. 15) 

Material Constant 

Alloy C 
Low carbon steel 18 
Carbon moly steel 19 
18-8 stainless steel 18 
8-8 Mo stainless steel 17 
2-1/4 Cr - 1 Mo steel 23 
S-590 alloy 20 
Haynes Stelite No. 34 20 
Titanium D9 20 
Cr-Mo-Ti-B steel 22 
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can cause failures in localized regions of high distress, the temperature distribu- 
tion of critical parts must be accurately known for the structural analysis to be 
reliable. 

Creep will be a limiting factor for many likely future engine applications. These 
include long-range supersonic transports, business jets, and attack aircraft, and 
long-endurance unpiloted air vehicles. You may therefore find the Larson-Miller 
parameter very handy in the years to come. 

We now turn to the development of several important structural design tools. 
These analyses will be based on the nomenclature and terminology found in 
Figs. 8.17 and 8.18. It is most convenient to start at the outer radius and work 
inward because the stress is known to be zero at the blade tips and because each 
succeeding part must restrain or support all of the material beyond its own radial 
location. 

8.2 .3 .2  Rotor  airfoil centrifugal s t ress  trc. Because each cross-sectional 
area of the rotor airfoil must restrain the centrifugal force on all of the material 
beyond its own radial location (see Figs. 8.17 and 8.18), the hub or base of the 
airfoil must experience the greatest force. The total centrifugal force acting on Ah 
is 

f~h t Fc -= pW2 Ab r dr (8.59) 
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so that the principal tensile stress is 

•c Ah -- pc°2 Ab r -- ~ dr (8.60) 

The airfoil cross-sectional area usually tapers down or diminishes with increasing 
radius, which, according to Eq. (8.60), has the effect of reducing at.  If the taper is 
"linear," then 

and Eq. (8.60) becomes 

(8.62) 

where A is the usual flowpath throughflow or annulus area 7r(r 2 - r~). Although 
Eq. (8.62) can be directly integrated for any particular case, a useful and slightly 
conservative result is obtained by taking r = (rh + r t ) / 2 ,wh ich  leads to the de- 
sired relationship 

( A,) -- P°92A 1 + (8.63) 
o-c 4 ~  Z 

which can be employed directly in any situation to calculate the rotor airfoil cen- 
trifugal stress. A t / A h  is known as the taper ratio and is usually in the range of 
0.8-1.0. For example, after choosing the values of rotor airfoil materials shown in 
Table 8.7, Eq. (8.63) yields ac = 17,900 and 14,900 psi for the compressor and 
turbine, respectively. 
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Table 8.7 Example values of rotor airfoil materials 

Item Compressor Turbine 

p, slug/ft 3 9.0 15.0 
co, rad/s 1000 1000 
A, ft 2 2.0 1.0 
At/Ah 0.8 0.8 

Moreover, since A N  2 =- Ao)2(30/Tr) 2, then Eq. (8.63) can be rearranged into 

A N  2 = 3600 ac (8.64) 
yr(1 + A t / A h )  p 

Thus, for a taper ratio ( A t / A h )  of 0.8, a strength-to-weight ratio (ac /p )  of 
3 ksi/(slug/fl 3) corresponds to an A N  2 value of 4 x l01° in.2-rpm 2. 

It is important for you to know that the accepted practice is to use Eq. (8.64) to 
calculate the allowable A N  2 using material properties such as those of Fig. 8.16 
and to compare that with the value actually required by the engine rotating parts. 
This quantity, referred to simply as "AN2, ' '  is thereby transformed into a surro- 
gate for the allowable airfoil material specific strength. Put simply, if the required 
A N  2 exceeds the allowable A N  2, a superior material must be found or the flowpath 
design must be changed. In fact, designers often express their design capabilities 
to each other in terms of A N  2 and usually omit the units and the l0 l° factor in 
conversations as a matter of convenience. For these reasons, the COMPR and 
TURBN computer programs present A N  2 for each stage so you may use it for 
airfoil material selection. You may find Fig. 8.19 helpful for converting specific 
strength into A N  2. 

It should be obvious by now that anything that reduces the amount of material 
beyond the hub or base of the rotating airfoil will reduce the centrifugal stress 
there or, conversely, increase the allowable A N  2 of the airfoil. This explains the 
great attraction of hollow fan blades, which, although extraordinarily expensive to 
manufacture, are an essential ingredient of modem engines. 

8.2.3.3 Rim web thickness Wdr. The rotating airfoils are inserted into 
slots in an otherwise solid annulus of material known as a rim (see Fig. 8.17), 
which maintains their circular motion. The airfoil hub tensile stress a,  is treated 
as though "smeared out" over the outer rim surface, so that 

acNbAh 
6blades -- - -  (8.65) 

2rr rh Wr 

where Nb is the number of blades on the "wheel." 
Making the conventional assumption of uniform stress within the rim (at), the 

force diagram of Fig. 8.20 may be used to determine the dimension War necessary 
to balance the blade and rim centrifugal forces. Please note that Wr and hr are 
simply sensible initial choices, where Wr approximates the axial chord of the 
airfoil and hr is similar in magnitude to Wr. It is very important to realize that it 
will always be possible to design a rim large enough to "carry" the airfoils. The real 
question is whether the size of the rim is practical from the standpoint of the space 
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Table 8.8 Example values of disk materials 

Item Compressor Turbine 

~blades /ar 0.10 0.20 
hr/rr 0.05 0.10 
p(O)rr)2/ar 6.0 4.0 

required, weight, and manufacturing cost. Thus, there is no absolute solution, and 
the final choice must be based on experience and a sense of proportion. 

The radial force balance leads to the equation for the minimum Wdr 

6blades rh Wr dO + ,oo)2hr Wr rr + dO = ar rr Wdr dO + 2(7rh r Wr sin 

which, for an infinitesimal dO, becomes 

r- ( r r )P(Wrr)2 (hr '~2 ] hr Wdr = ~btades 1 +  + - -  1 +  --1 - -  (8.66) 
Wr L err g tTr 2rr,J rr 

which can be employed directly in any situation to calculate the rotor airfoil cen- 
trifugal stress. If ar is sufficiently large, Eq. (8.66) clearly shows that Wdr can be 
zero or less, which means that the rim is "self-supporting." Nevertheless, a token 
disk will still be required in order to transfer torque to the shaft and, of course, to 
keep the rim and airfoils in their correct axial and radial positions. For example, 
after choosing the values of disk materials shown in Table 8.8, then Eq. (8.66) 
yields Wdr/Wr = 0.37 for the compressor and 0.56 for the turbine. 

8.2.3.4 Disk of uniform stress. The disk supports and positions the rim 
while connecting it to the shaft (see Fig. 8.17). Its thickness begins with the value 
Wdr at the inside edge of the rim and generally grows as the radius decreases 
because of the accumulating centrifugal force that must be resisted. Just as was 
discovered for the rim, a disk that will perform the required job can always be 
found, but the size, weight, and/or cost may be excessive. Thus, the final design 
choice usually involves trial-and-error and judgment. 

It is impossible to overemphasize the importance of ensuring the structural 
integrity of disks, particularly the large ones found in cooled high-pressure turbines. 
Because they are very difficult to inspect and because the massive fragments that fly 
loose when they disintegrate cannot be contained, they must not be allowed to fail. 

The most efficient way to use available disk materials is to design the disk for 
constant radial and circumferential stress. Because the rim and disk are one contin- 
uous piece of material, the design stress would be the same throughout (at = O'd) .  

Applying locally radial equilibrium to the infinitesimal element of the disk of 
Fig. 8.21 leads to the equation 

p(wrr)2Wddr dO = ad [ ( r  -- d-~ ) (wd - d--~) dO 
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which becomes in the limit 

dWdwd +pO~2ad d ( ~ ) = 0  

This equation may be integrated, starting from r = rd and Wd = Wdr, tO yield the 
desired result: 

Wd p(a~rr) 2 
[ ( r ) 2 1 1  exp / 1 - (8.67) 

Wdr= I 
The main feature of Eq. (8.67) is that the disk thickness grows exponentially in 
proportion to (wrr)2, which is the square of the maximum or rim velocity of the 
disk. 

What does Eq. (8.67) look like? Figure 8.22 shows the disk thickness distribution 
for typical values of the disk shape factor (DSF): 

DSF = p(ogrr)2 /2ad (8.68) 

Judging by the looks of these thickness distributions, the maximum allowable 
value of DSF is not much more than two, so that 

[Wrr]max ~ 44ffd/P (8.69) 

which, for typical compressor disk values ofad = 30,000 psi and p = 9.0 slug/ft 3, 
is about 1400 ft/s, whereas for typical turbine disk values of ad = 20,000 psi and 
p = 16.0 slug/ft 3 it is about 850 ft/s. Why does Wa/Wdr grow more slowly as r 
approaches zero? 

It is important for you to know that [ogrr]m~x, known to designers as the 
"allowable wheel speed," is a surrogate for the allowable disk material specific 
strength. For this reason, the COMPR and TURBN computer programs present 
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[O)rr]max for each stage for DSF = 2 so you may use it for disk material selection. 
Figure 8.23 shows the allowable wheel speed {[Wrr]max} VS specific strength (ad/P) 
and several values of  DSF  with ranges indicated for high-pressure compressors and 
turbines. 

We may now draw some important general conclusions based on the preced- 
ing analyses. Because the annulus area A is largest on the low-pressure spool, 
and particularly for the first fan stage of high bypass ratio engines, the rotational 
speed w will most likely be limited by allowable blade centrifugal stress [see 
Eq. (8.63)]. In fact, the practical processing and fabrication of titanium was de- 
veloped specifically to make possible the manufacturing of modem fan airfoils. 
Conversely, on the high-pressure spool, where the annulus flow area is consider- 
ably smaller but the temperatures are higher, the rotational speed will most likely 
be limited by allowable wheel speed [see Eq. (8.69)]. Because high rotor blade 
speeds are desirable because they reduce the required number of compressor and 
turbine stages (see Sec. 8.2.2), the inevitable push and pull between the A N  2 and 
wr design criteria becomes the basis for many important design decisions. Two of 
the most frequently encountered situations are described next. 

In the case of high bypass turbofan engines, the rotational speed of the low- 
pressure or fan spool is dominated by the allowable value of A N  2 for fan blades 
and the fact that A is fixed in advance by cycle computations. Thus, the fan designer 
works at the maximum resulting value of N and places the fan hub at the largest 
possible radius. The latter will be determined by other factors, such as the largest 
reasonable fan tip radius or the minimum acceptable fan blade aspect ratio. This 
choice provides the low-pressure turbine the highest allowable value of N. The 
low-pressure turbine designer also places the blade hubs at the largest possible 
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radius, the limitation usually being either the largest reasonable blade tip radius or 
radial displacement from the high-pressure turbine exit. 

In the case of the high-pressure spool, the rotational speed is often determined 
by the allowable value of wr for the first turbine disk. Thus, the turbine designer 
works at the minimum reasonable value of hub radius. The latter will be determined 
by other factors, such as the minimum radius required for the internal functions 
of the engine (for example, shafts, bearings, cooling flows, and lubricant flows) or 
the largest reasonable radial displacement from the high-pressure compressor exit 
or the low-pressure turbine entrance. This choice provides the high-pressure com- 
pressor the highest allowable value of w. The high-pressure compressor designer 
places the blade hubs at the largest possible radius, the limitation usually being 
the allowable value of o~r for the compressor disks, the height of the rear airfoils, 
or radial displacement from the high-pressure turbine entrance. 

Many other situations are, of course, possible. This is one of the things that 
makes design interesting. 

8.2.3.5 
to transfer the shaft horsepower to the airfoils is easily calculated since 

H P  = shear stress x area x velocity 

H P  = rd X 2rcrWd x cor 

whence 

D i s k  t o r s i o n a l  s t r e s s  "~d. The tangential disk shear stress required 

H P  
(8.70) 

r d -  27rrZWdc ° 
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For example, by choosing the following typical values of disk properties 

H P  = 10,000 hp 

r = 0.30 ft 

Wa = 0.10 ft 

w = 1000 rad/s 

then Eq. (8.70) shows that ra = 675 psi, which makes a relatively small contribu- 
tion to the overall stress. 

8.2.3.6 Disk thermal  differential stress cr t. I twasnotedearl ierthatdiffer-  
ential thermal stresses are often more important than one might think. Although it 
is difficult to provide the type of  complex analysis required for LCF life estimation, 
the following classical example makes the point clearly enough. 

Considering a circular disk of  constant thickness with no center hole and a 
temperature distribution that depends only on radius [T = T(r)], it can be shown TM 
that the radial tensile stress is 

{lforh 1 f0r } ~tr  = orE .--5 T r  dr - ~ T r  dr (8.71) 
r h 

where ot is the coefficient of linear thermal expansion and E is the modulus of 
elasticity, and the tangential tensile stress is 

{ 1 f0rh-- 1 f0r } ato = orE r~ T r  dr + -~ T r  dr - T (8.72) 

both of  which are zero if the temperature is constant. An interesting illustrative 
case is that of  the linear temperature distribution T = To -t- A T ( r / r h ) ,  for which 
Eq. (8.71) becomes 

Crtr- ~ 1 - (8.73) 

and Eq. (8.72) becomes 

 e'xT" (1_ 2 r ) 
rrto -- ~ -~h (8.74) 

both of  which have a maximum magnitude of a E A T/3  at r = 0. For example, by 
choosing typical values of 

ot = 1 x 10 -5 1/°F 

E = 20 x 106 psi 

AT = 100°F 

then Eqs. (8.73) and (8.74) show that the maximum magnitude of  crt,. and ato is 
6700 psi! This simple case demonstrates forcefully that thermal stresses can be 
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Table 8.9 Airfoil aspect ratio 

Component Axial aspect ratio 

Fan 3-6 
Compressor 1-5 
High-pressure turbine 1-3 
Low-pressure turbine 2-4 

very large and, therefore, must be carefully accounted for and reduced as much as 
possible. This is especially true during transient operation. 

With this perspective, it is possible to imagine that truly enormous stresses 
could be generated in the thin outer walls of the cooled turbine airfoils, if they 
are not very carefully designed. Because such stresses will be proportional to the 
temperature difference between the mainstream and the cooling air, there is also 
a limit to how cold a coolant may be used before it no longer truly "protects" the 
material. Furthermore, the frequently cited materials limitations on Tt3 o r  Zt4 are 
often caused by the transient tangential thermal differential stresses that arise at 
the hot rims of the high-pressure compressor and turbine disks when the throttle 
is retarded and the temperature of the adjacent airflow is suddenly reduced. 

8.2.3. 7 Airfoil aspect  ratio. At some point in the analysis, it becomes im- 
portant to be able to estimate hr and Wr (see Fig. 8.17), both of which approximate 
the axial chord at the hub of the rotating airfoil. Because the latter results from 
much more elaborate calculations, a rule of thumb based on many successful de- 
signs is used in COMPR and TURBN for preliminary calculations. The rule of 
thumb is that the "axial aspect ratio" of the rotating airfoils [that is, height to hub 
axial chord o r  ( r t  - r h ) / h r ]  depends largely on the component under consideration, 
as shown in Table 8.9. 

8.3 Example AAF Engine Component Design: Rotating Turboma- 
chinery 

We will now design the rotating components for the AAF Engine (see Sec. 6.5). 
This example will illustrate the preliminary design of the axial flow fan, high- 
pressure compressor (HPC), high-pressure turbine (HPT), and low-pressure turbine 
(LPT). The designs will be based on the methods of Sec. 8.2. The design point and 
off-design component performance data, which provide the starting point for the 
designs, were assembled before in the following figures and tables: Fig. 7.1 AAF 
Engine design point performance data; Table 7.El AAF Engine design point 
interface quantities; Fig. 7.E1 Fan performance fan pressure ratio; Fig. 7.E2 HPC 
performance--HP compressor pressure ratio; Fig. 7.E3 Low-pressure turbine 
performance--pressure ratio; Table 7.E3 AAF Engine turbomachinery perfor- 
mance at 00 = OObreak, sea level, standard day (M0 = 0.612); Fig. 7.El0 AAF En- 
gine fan operating line; Fig. 7.El I AAF Engine high-pressure compressor operat- 
ing line; and Fig. 7.E9 AAF Engine high- and low-pressure turbine operating lines. 
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Further supportive data to be used in the selection of materials for the various 
component parts are contained in Table 8.5 and Figs. 8.16 and 8.17. As already 
noted, it is initially assumed that the AAF is twin-engined and that it will be 
powered by two AAF Engines having the general configuration shown in Fig. 4.1a. 

Following the preceding reasoning, it is presumed that the maximum mechanical 
speeds of the low- and high-pressure spools are determined by the structurally ac- 
ceptable mechanical speeds for the fan and the high-pressure turbine, respectively. 
Consequently, the design of these two components is considered first followed by 
the high-pressure compressor and the low-pressure turbine in that order. These 
presumptions are, of course, subject to later examination and, if necessary, recon- 
sideration. 

8.3.1 Fan DesignmAAF Engine 
The process begins with the selection of the fan design point and the determi- 

nation of the number of fan stages. Design choices are then made for the stage 
parameters D, M0, tr, and ec and the aerodynamic definition of each stage fixed. 
Next, rotating airfoil material and taper ratio choices are selected; the rotational 
speed of the low-speed spool is found from centrifugal stress considerations; and 
the airfoil radii are calculated. Finally, the wheel material is selected; the wheel 
p a r a m e t e r s  hr and ~btades/~r are estimated; and the wheel speed, disk shape factor, 
and rim web thickness are determined by rim and disk stresses considerations. 

8.3.1.1 Design point. A single design point for the fan is selected with the 
help of the fan map of Fig. 7.El0, reproduced here as Fig. 8.El. This map reveals 
that the fan must operate over a wide range of pressure ratios and corrected fan 
inlet mass flow rates. The most demanding operating points in terms of approach 
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Fig. 8.El AAF Engine fan operating line. 
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Station m dot gamma Pt Tt 

(ibm/s) (psia) (R) 

0 176.95 1.4000 18.923 557.54 

1 176.95 1.4000 18.923 557.54 

2 176.95 1.4000 18.166 557.54 

13 176.95 1.4000 63.607 833.26 

bypass 76.01 1.4000 63.507 833.26 

2.5 100.94 1.4000 63.507 833.26 
3 100.94 1.4000 509.015 1613.34 
3.1 89.84 1.4000 509.015 1613.34 
3.2 89.84 1.4000 503.925 1613.34 

MB fuel 2.5064 

4 92.34 1.3000 483.564 3199.99 

4.1 97.39 1.3000 3101.86 

4.4 97.39 1.3000 2435.95 

4.5 102.44 1.3000 149.089 2380.29 

5 102.44 1.3000 63.078 1990.88 

6 102.44 1.3000 63.078 1990.88 

16 76.01 1.4000 63.507 833.26 

6A 178.45 1.3360 60.769 1554.97 

AB fuel 6.6782 

7 185.13 1.3000 57.731 3600.00 
8 185.13 1.3000 57.731 3600.00 
9 185.13 1.3000 55.999 3600.00 

Fig. 8.E2 AAF Engine station test results at Oo = Oobreak, sea level, standard day (Mo 
= 0.612). 

to stall and/or surge and maximum flow are often those associated with full throttle 
(maximum Tt4). And of those, the operating point requiring the highest 7gf and 
corrected mass flow rate correspond to full throttle flight conditions at 00 = OObreak, 
where Trf ~-- 3.50 (see Table 7.E3). To be certain that the fan can meet this most 
stringent condition, this will be chosen as the design point. Further, because the 
highest rotor mechanical speeds and centrifugal stresses occur at the highest value 
of 00 for a given fan pressure ratio, the fan will be designed at the theta break. 
Of all of the possible theta break flight conditions for design, sea level is selected 
because it corresponds to the largest mass flow rate and inlet pressure. Hence, the 
key parameters for the fan design are obtained from Fig. 8.E2, which presents the 
flow properties at the most demanding operating point at sea level as obtained from 
the AEDsys program. 

The fan design parameters (0.612M/sea level) are therefore as follows: 

#/2 = 177.0 lbm/s Pt2 - 18.17 psia Tt2 = 557.5°R 

ATt = 275.7°R ~ f  >_ 3.5 ~f _> 0.8693 (Fig. 7.1) 

Yc = 1.4 gcCpc = 6006 ftZ/sZ-°R R = 53.34 ft-lbf/lbm-°R 

8.3. 1.2 Number  of stages. Table 8.1 lists the fan temperature rise per stage 
as the range between 60 and 100°F. Based on this estimate, the design temperature 
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rise of 275.7°F for the fan will require either three or four stages. The change in total 
temperature for each stage is constant for the repeating stage, repeating row, mean- 
line design [see. Eq. (8.11)]. Assuming three stages, a total temperature increase 
of  91.9°F is required in each stage, and the required first stage total pressure ratio 
obtained from Eq. (4.9a-CPG) is 

×,.e~ (557.5 + 91 .9 )  3"5×°'89 
:rs = (rs) ×,-1 \ 557.5 J = (1.1648) 3115 1.6083 

If we assume a stage inlet Mach number M1 = 0.6, a diffusion factor D = 0.5, 
a solidity a ---- 1.0, and a polytropic efficiency ef  = 0.9, Fig. 8.2a shows that an 
excessively large inlet flow angle oq > 70 deg is required. To obtain the required 
stage temperature rise and keep the size of  inlet flow angle al  reasonable, increases 
will be needed in the diffusion factor D, the solidity a ,  and/or inlet stage Mach 
number MI. 

We therefore calculated the temperature rise per stage over a range of  inlet flow 
angles al ,  diffusion factor D, and solidity a for assumed values of inlet stage Mach 
number M1 and polytropic efficiency e f ,  and summarized the important results in 
Table 8.El. They were obtained using Eqs. (8.6-8.17). (The same results can be 
obtained using the COMPR program.) Note that a mean-line design with a stage 
inlet Mach number Ml = 0.6, a diffusion factor D = 0.55, a solidity a = 1.1, 
polytropic efficiency ef  of 0.89 (see Table 8.El), and an inlet flow angle oq = 
30 deg has a temperature rise of 92.6°E This would allow the fan to be designed 
with three stages. Similar results are obtained for inlet flow angles oq = 40 deg 
and solidity a = 1.0 but at a higher mean rotor speed COrm, which would make the 
structural design more difficult. 

8.3. 1.3 Aerodynamic definition. Consequently, the three-stage fan design 
is based on the analysis of Sec. 8.2.1 and the following assumptions: D = 0.55 
(see Fig. 8.26); M~ ---- 0.6 (first stage choice to increase stage temperature rise); 
a = 1.1 (allows higher rs and zrs, see Fig. 8.2c); and ec ---- 0.89 (used in all cycle 
calculations). 

Table 8.El Summary of repeating stage, repeating row, mean-line design 
properties (M1 = 0.6, ec = 0.89, and Tt~ = 557.5C>R) 

D a Ofl, deg a2, deg r, AT,, °F zr, COrm/Vi COrm, ft/s M)R 

0.50 1.0 30 51.79 1.1290 71.9 1 .4591  1.6000 1073 0.840 
0.50 1.0 40 57.67 1.1413 78.8 1.5093 1.8532 1243 0.859 
0.55 1.0 30 53.76 1.1539 85.8 1 .5621  1.6815 1128 0.879 
0.55 1.0 40 59.32 1.1685 93.9 1.6244 1.9342 1297 0.901 
0.50 1.1 30 52.59 1.1386 77.3 1.4982 1.6321 1095 0.855 
0.50 1.1 40 58.29 1.1510 84.2 1.5495 1.8825 1263 0.875 
0.55 1.1 30 54.62 1.1661 92.6 1 .6141  1.7194 1153 0.897 
0.55 1.1 40 59.99 1.1808 100.8 1.6783 1.9693 1321 0.919 
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The required stage total temperature rise of  91.9°F can be obtained with an inlet 
flow angle 0/1 = 29.2 deg with the following results: 

0/1 = 29.20 assumed 

F = 2.666 Eq. (8.7) 

0/2 = 54.20 Eq. (8.6) 

A 0 / =  25.00 0/2 - -  0/1 

rs = 1.153 Eq. (8.12) 

A T t  = 91.90°F Tt l (vs  - 1) 

7r~ = 1.165 Eq. (8.13) 

so that 

TW Ts,d 
V1 = M l a l  = M l a s t d  1 + ()'c -- 1)M2/2  

o ) r  m 
= 1.698 

vl 
COrm = 1139 ft/s 

MIR = 0.895 

= 670.7 ft/s 

Eq. (8.16) 

Eq. (8.17) 

Quantity/stage no. 1 2 3 Fan exit 

Tt, °R 557.5 649.4 741.3 833.2 
Pt, psia 18.12 29.22 44.13 63.51 
M1, Eq. (8.13) 0.600 0.553 0.516 0.485 
A, in. 2 588.8 415.8 308.4 237.3 

Table 8.E2 AAF Engine fan stage annulus areas 

8.3.1.4 Airfoil centrifugal stress. A conservative analysis will be per- 
formed here by using the largest (that is, the inlet) annulus area for each stage. 
Recognizing that the shaft rotational speed will be limited by the stage with the 
largest area (that is, the first stage) and assuming that advanced titanium will be 

rf = 1.495 (vs 1.495 of cycle analysis calculation) 

:rf = 3.496 (vs 3.500 of  cycle analysis calculation) 

0f = 0.8694 (vs 0.8693 of  cycle analysis calculation) 

Because these results seem satisfactory, the annulus area A at the inlet and 
exit from each stage is calculated using Eq. (8.20), and the results are shown in 
Table 8. E2. 
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used with the properties (see Table 8.5 and Fig. 8.15) 

ac = 50,000 psi 

p ---- 9.08 slug/ft 3 

A t / A h  -=- 0.8 

Rearranging Eq. (8.63) to find the allowable rotational speed 

4zr ac 

w = p A ( 1  -I- At/Ah) 

reveals that 

(first stage T t l  R ~-- 603°R) 

(8.El) 

o) : 1160 rad/s 

N = 11,070 rpm 

This corresponds to a value of  6.49 × 101° in.2-rpm 2 for A N  2 (see Fig. 8.19). The 
COMPR program gives a slightly different value of  A N  2 (6.14 × 101° in.Z-rpm 2) 
because it uses the average annulus flow area of  the rotor airfoil and a blade taper 
ratio (At/Ah) of 1.0 in its calculation. 

The mean radius can now be calculated from 
wrm 1139 

rm . . . .  0.982 ft = 11.78 in. 
co 1160 

It is now possible to determine many properties of  the airfoils using Fig. 8.4, 
Eq. (8.63), and the following relationship: 

A = 2Zrrmh = z r ( r  2 - r 2)  

The results are summarized in Table 8.E3. Note, however, that even the third stage 
has ac = 26,200 psi, indicating that titanium airfoils are required on every fan rotor 
(see Fig. 8.15). 

It should be evident at this point that the main advantage of  increasing ~rc/p 
is to increase w and thus reduce rm, which reduces the frontal area, volume, and 
weight of  the engine. An important virtue of the large o~ is that the low-pressure 
turbine, which drives the fan, can produce more power per stage and hence will 
need fewer stages. 

Table 8.E3 AAF Engine fan airfoil centrifugal stresses 

Quantity/stage no. 1 2 3 Fan exit 

A, in. 2 588.8 415.8 308.4 237.3 
h, in. 7.95 5.62 4.17 3.21 
r,, in. 15.76 14.59 13.87 13.39 
rh, in. 7.81 8.98 9.70 10.18 
TtlR, °R 603 695 787 
A N  2, 10 l° in.Z-rpm 2 6.49 5.09 3.78 
crc, ksi 50.0 35.3 26.2 
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Table 8.E4 AAF Engine fan rim and disk results 

Quantity/stage no. 1 2 3 

T,1 R, °R 603 695 787 
ar, crd, ksi 50.0 45.0 40.0 
p, slug/ft 3 9.08 9.08 9.08 
ar/p,  ksi/(slug/ft 3 ) 5.5 5.0 4.4 
~blades/ar 0.10 0.10 0.10 
h, in. (= r, - rh) 7.95 5.61 4.17 
rh, in. 7.81 8.98 9.70 
h~, in. (selected) a 2 1.5 1.0 
rr, in. (= r h - hr) 5.81 7.48 8.70 
h r / r r  0.344 0.201 0.115 
~Orr, ft/s (wheel speed) 562 723 841 
p(Wrr)2/2trd (disk shape factor) 0.199 0.363 0.558 
Wdr/W~ (rim web thickness) -0.022 0.096 0.140 

aSelected hr can be obtained in COMPR program by entering the appropriate 
value of hr / Wr in stage sketch data window. 

8.3.1.5 Rim web thickness~allowable wheel speed. Supporting the ro- 
tating airfoils at the front or cool end of  the engine is seldom difficult. In this case, 
the rim is a continuation of the disk, and so the same advanced titanium material 
properties are used in both. Thus, if the material properties ar and p [or specific 
strength (Crr/p)], #btades/Crr, hr, and rh are as given in Table 8.E4 for stages 1, 
2, and 3, the values of  rr, hr /rr ,  wheel speed o)r r (Fig. 8.23), disk shape fac- 
tor (Fig. 8.22), and rim web thickness [Eq. (8.67)] tabulated there are obtained. 
These results are all reasonable and acceptable. Note in particular that the disks 
will either be insignificant (stage 3) or nonexistent/self-supporting (stage 1). This 
often occurs in practice, as can be confirmed by examining cross-sectional views 
of current fan configurations in the AEDsys Engine Pictures files. The COMPR 
program gives similar but slightly different results because some of  the informa- 
tion is entered in ratio form. For example, the results given in Table 8.E4 are based 
on selected hub heights hr, whereas the COMPR program uses input values of 
blade chord-to-height ratio c / h ,  rim width-to-blade axial chord ratio Wr/Cx, and 
rim height-to-width ratio h r / W r  to determine the rim height hr and the resulting 
rim and disk dimensions. 

8 . 3 . 1 . 6  Radia l  variation. The fan blades have low hub/tip radius ratios 
that indicates large radial variations in both airflow and blade shape. Based on 
free vortex swirl distribution, the COMPR program calculations for the hub of  the 
first stage fan give a near zero degree of reaction and very high exit swirl velocity, 
which are undesirable. Sophisticated CFD methods would be employed to design 
these blades and alleviate these problems. 19 Although the degrees of reaction at 
the hubs of  the latter fan stages are acceptable, they would also be designed with 
CFD. Please note the commonsense result that, because the hub/tip radius ratio 
decreases as the total pressure increases, the magnitudes of the radial variations 
also diminish. 
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8.3.1.7 Fan design summary. The AAF engine fan design found here 
is sufficiently capable and sound as to constitute a confident starting point for 
more detailed studies. The results obtained are certainly very encouraging and 
suggest that a three-stage fan capable of doing the required job can be built with 
modem technology. The next step would be to use the results of the repeating 
stage/repeating row design as a starting point in COMPR for a final design having 
a constant tip radius in order to maximize the value of the rotational speed and 
minimize the possibility of rubbing between rotor blade tips and air seals during 
axial shifting. 

The design status may be conveniently captured in the pictorial form of Fig. 8.E3 
(from the cross-section sketch results of the COMPR program) in order to reveal 
the proportions of the selected three-stage fan. The pictured fan design includes 
inlet guide vanes with an entry Mach number of 0.5, solidity cr of 0.5, and chord- 
to-height ratio c~ h = 0.3. A chord-to-height ratio c~ h = 0.4 was used for both the 
rotor and stator blades. In addition, a rim width-to-blade axial chord ratio Wr/cx = 
1.1 and rim height-to-width ratio hr/Wr = 0.625, 0.65, and 0.6 were used for the 
first, second, and third stages, respectively, in order to obtain the assumed values 
of the rim height hr. The overall length of the three-stage fan including the inlet 
guide vanes is estimated to be 16.9 in. 

Cente~ Line 

Fig. 8.E3 AAF Engine fan cross section (COMPR screen capture). 
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One is always tempted to remark at this point that the design "looks like" a fan. 
This should not be the least bit surprising, but rather should be expected because 
the shape of the fan is determined by the physics of the situation, and not by the 
whim or fancy of the designer. You will find this to be equally true for the other 
AAF Engine components. 

8.3.2 High-Pressure Turbine Design--AAF Engine 
The process begins with the selection of the turbine design point and the turbine 

disk material. An initial estimate of the mean wheel speed is made based on the 
allowable wheel speed calculated for a disk shape factor (DSF) value of two. 
The number of stages are chosen and their temperature ratios determined. Design 
choices are then made for the stage parameters M2 and M3R and the aerodynamic 
definition of each stage fixed. Next, rotating airfoil material and taper choices are 
selected; the rotational speed of the high-speed spool is found from centrifugal 
stress considerations; and the airfoil radii are calculated. Finally wheel parameters 
hr and 6btaae,/~rr are estimated; and the wheel speed, disk shape factor, and rim 
web thickness are determined by rim and disk stresses considerations. 

8.3.2.1 Design point. The highest rotor mechanical speeds and centrifugal 
stresses occur at the highest value of 04 for a given turbine temperature ratio. Thus 
the high-pressure turbine design will be at a flight condition where Tt4 is maximum. 
The design requirements of the high-pressure compressor place its design point 
at full throttle flight conditions where 00 = OObreak, and this condition at sea level 
is selected for the high-pressure compressor design because it corresponds to the 
largest mass flow rate and inlet pressure. Because the high-pressure turbine drives 
the high-pressure compressor, the high-pressure turbine design point corresponds 
to the same flight conditions. 

From Table 7.E3 and Fig. 8.E2, the high-pressure turbine design point para- 
meters (0.612M/sea level) are as follows: 

rtH = 0.7853 Pt4,1 = 483.6 psia Yt = 1.300 

rrt/4 = 0.3083 Tt4.1 = 3102°R gcCpt = 7378 ft2/s2-°R 

th/4 = 0.9028 rh4.a = 97.39 lbm/s Rt = 53.0 ft-lbf/lbm-°R 

8.3.2.2 Initial estimate of wheel speed. Presuming that advancing tech- 
nology will make disk materials available for the AAF engine that provide (see 
Table 8.5 and Fig. 8.15) 

~rd = 30,000 psi and p = 16.0 slug/ft 3 

under the anticipated environmental conditions, and applying Eq. (8.69) with an 
assumed DSF of 2 (see Fig. 8.23), then 

COrr = 4~@-pd/p = 1040 ft/s 

which allows the initial estimate of the mean wheel speed 

wrm = 1150 ft/s 

This result must be checked later. 
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8 .3 .2 .3  A e r o d y n a m i c  des ign .  It is important, particularly in the complex, 
expensive, and heavy high-pressure turbine, to reduce as much as reasonably pos- 
sible the number of stages. A first guess is that the turbine will have only one stage, 
whence 

( D E  m 

rts = rtl-i = Tt4.4/Tt4.1 ---- 0.7853 f2 -- _ _  -- 0.240 

Placing this point on Fig. 8.8 reveals that a single-stage design of this type would 
require both a large M2 and a value of or2 > 80 deg, making efficient aerodynamic 
design impossible (see Sec. 8.2.2). However, a two-stage design with each rts 
between 0.85 and 0.90 falls well within the "safe" region and thus will be attempted 
next. 

8.3.2.4 Stage temperature ratios. A reasonable approach to efficient 
stage design is to have the inlet flow angle or2 and exit relative Mach number 
M3R the same for both stages. However the Mach number leaving the first stage 
turbine nozzles needs to be supersonic (M 2  > l ) ,  whereas that leaving the second 
stage needs to be subsonic (M2 < 1). For the first stage, ~'2stag e 1 = 0.240 and, 
assuming o/2 = 60 deg, M 2 = 1.0, and M3R ---- 0.9, then Fig. 8.8 gives (rts)stage I = 
0.88. For the second stage, assuming ot 2 = 60 deg, M2 = 0.9, and M3R = 0.9 with 

O)rm ~"2stage 1 
- - 0.256, 

~'2stage 2 = x/gcCpt('fts)stage l Tt4.1 ~ 1  

then Fig. 8.8 gives (rts)stage 2 = 0.89. Because (rts)stage l(rts)stage 2 ---- 0.783, a two- 
stage high-pressure turbine with the required total temperature ratio of 0.7853 is 
easily obtainable. The assumed stage data just noted will be used as the start- 
ing point in the design of the two-stage high-pressure turbine either using Eqs. 
(8.37-8.52) or the AEDsys TURBN program (unknown: 013; known: tx2, M2, and 
M 3 R ) .  

8 .3 .2 .5  A e r o d y n a m i c  definition. Directly applying the methods of 
Sec. 8.2.2 for constant axial velocity, selected Mach number, mean-line stage 
design to the proposed two stage design for a mean rotor speed (Wrm) of 1150 ft/s, 
M3R of 0.8, and polytropic efficiency of 0.89 (used in all cycle calculations) leads 
to the results in Table 8.E5. 

Thus 

rt/4 --= 0.7853 

7rt/¢ = 0.3083 

and 

(same as cycle calculations) 

(same as cycle calculations) 

rh, = 0.9028 (same as cycle calculations) (4.9d-CPG) 

Two points are worthy of special mention here. First, because both stages are 
rather lightly loaded, one is tempted to shift work either to or from the high-pressure 
spool in order to make more use of the hardware or to increase rt/4 enough that a 
single-stage high-pressure turbine will suffice. Second, the resulting (not imposed) 
values of stage loading 7z are in line with those of Tables 8.4a and 8.4b. 
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Table 8.E5 AAF Engine high-pressure turbine 
aerodynamic results 

Quantity/stage no. 1 2 

Tt2,°R 3102 2720 
M2 1.0 0.9 
f2 = Wrm/ g~/~pcCp, T,2 0.2400 0.2563 
t~2, deg (selected) 60.0 52.9 
/32, Eq. (8.43) 38.38 22.26 
Tt2R, °R, Eq. (8.44) 2862 2551 
f13, deg, Eq. (8.45) 50.56 46.15 
/32 +/33, deg 88.94 68.41 
or3, deg, Eq. (8.48) 15.43 7.30 
rts, Eq. (8.50) 0.8769 0.8956 
°R, Eq. (8.51) 0.2254 0.3459 
rrts, Eq. (8.53) 0.5275 0.5846 
gr, Eq. (8.57) 2.136 1.589 

8.3.2.6 Airfoil centrifugal s tress.  A conservative analysis will be per- 
formed here, by using both the average rotor annulus area for the first stage and 
assuming that At /Ah  = 1.0. The annulus area at inlet and exit of  each stage is 
calculated using Eq. (8.20) where the mass flow parameter (MFP) is given by 
Eq. (1.3). The results are summarized in Table 8.E6. 

Employing Eq. (8.El) at the average rotor annulus area of 47.56 in. 2 for stage 
one 

47r ~c 
co : pA  (1 + At /Ah)  

with 

Crc = 21,000 psi (advanced material, cf. Fig. 8.15) 

Table 8.E6 AAF Engine high-pressure turbine annulus area 

Stage no. One Two 

Stage station 1 2 3/1 2 3 
Engine station 4.0 4.1 4.4 

Quantity 
th, lbm/s 92.34 97.39 97.39 97.39 97.39 
Tt, °R 3200 3102 2720 2720 2436 
TtR, °R 2862 2862 2551 2551 
M 0.2 1.0 0.53 0.9 0.56 
P ,  psia 483.6 255.1 149.2 
or, deg 0 60.0 15.43 52.9 7.3 
A, in. 2 61.25 43.54 51.58 64.58 78.02 
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Table 8.E7 AAF Engine high-pressure turbine airfoil centrifugal stresses 

Stage no. One Two 

Stage station 1 2 3/1 2 3 
Engine station 4.0 4.1 4.4 

Quantity 
rt, in. 7.69 7.50 7.56 7.72 7.86 
rm, in. 7.00 7.00 7.00 7.00 7.00 
rh, in. 6.31 6.50 6.44 6.26 6.14 
h = rt - rh, in. 1.38 1.00 1.12 1.44 1.72 
~rc, kpsi 2 1 . 0 / - - -  32.4 
A N  2, 10 l° in.Z-rpm 2 1 . 6 5 / - - -  2.47 

and 

then 

p = 15.00 slug/ft 3 (Table 8.5) 

o~ = 1970 rad/s 

N = 18,800 rpm 

rm = (Wrm)/Co = 1150/1970 = 7.00 in. 

Assuming that the airfoils have a common mean radius of 7 in. the airfoil properties 
are as shown in Table 8.E7. 

Airfoils of such small heights are challenging from the standpoint of  both effec- 
tive cooling and high aerodynamic efficiency, but are certainly possible. To reduce 
rm and thus increase their height, the foregoing calculations can be traced back 
to reveal that the rotational speed N may have to increase in order to maintain 
f2, thus requiring an even stronger blade material. The present design is, however, 
perfectly adequate and will be pursued further. 

8.3.2. 7 Rim web thickness~allowable wheel speed. Because the rim is 
part of  the disk, the same advanced of  material properties are used. Thus, if the 
material properties (a t ,  p )  [or specific strength ( a r / p ) ] ,  Obtades/ar, hr ,  and rh 
are as given in Table 8.E8, then the listed values of  rr, h r / r r ,  wheel speed Wrr 
(Fig. 8.23), disk shape factor (Fig. 8.22), and rim web thickness [Eq. (8.66)] are 
obtained. 

The results of  Table 8.E8 indicate that the wheel speed is less than the initial 
estimate of 1040 ft/s, the disk shape factor is less than 2.0, and the rim web thickness 
ratio is less than 1.0. All are satisfactory values (see Figs. 8.22 and 8.23). This is 
evidently a situation where the high-pressure spool rotational speed is dictated by 
the turbine airfoil centrifugal stress. 

8.3.2.8 Radial variation. The high-pressure turbine blades have high hub/ 
tip radius ratios that produce small radial variations in both airflow and blade 
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Table 8.E8 AAF Engine high-pressure turbine rim and disk results 

311 

Quantity/stage no. 1 2 

Tt2R, °R 2862 2551 
Or, Or, ksi 30.0 30.0 
p, slug/ft 3 16.0 16.0 
o'r/p, ksi/( slug/ft 3) 1.88 1.88 
6blades/Or, 0.20 0.20 
rh, in. 6.50 6.27 
hr, in. (selected) a 1.0 1.0 
rr, in. (= rh -- heim) 5.5 5.27 
hr/rr 0.182 0.190 
wrr, ft/s (wheel speed) 900 870 
p(~orr)2/2Od (DSF) 0.678 0.668 
Wdr/Wr (rim web thickness) 0.353 0.349 

aSelected hr can be obtained in TURBN program by inputting appropriate value of 
hr/Wr in stage sketch data window. 

shape. Based on free vortex swirl distribution, the TURBN program calculations 
of the first stage give degree of reactions for the hub and tip of 0.10 and 0.32, 
respectively. These are acceptable variations. 

8.3.2.9 High-pressure turbine design summary. This AAF engine high- 
pressure turbine design is sufficiently sound and balanced that it represents an 
entirely satisfactory starting point. Thus, no other iteration will be carded out. The 
TURBN cross section results displayed in Fig. 8.E4 reveal the basic configuration 
of the two-stage high-pressure turbine. The fact that the rotor airfoils have an 
almost constant tip radius is an advantage from the standpoint of sealing against 
tip leakage because unavoidable axial motion has little effect on clearance. The 
complete turbine stage computations of TURBN could be used now, for example, 
to trim this design to have an exactly constant tip radius. The turbine has an 
approximate overall length of 7.0 in. Comparison with examples in the AEDsys 
Engine Pictures file will convince you that it looks like many of its brethren. 

8.3.2.10 Spool design speeds  comment.  Before proceeding with the 
design of the remaining two rotating machines, the high-pressure compressor and 
the low-pressure turbine, special note should be taken regarding the assumptions 
about their design mechanical speeds. 

The fan and high-pressure compressor are initially designed to their highest 
required pressure ratios. Given normal map behavior, these will also correspond to 
their highest required mechanical speeds. The turbines that share their respective 
shafts must be designed to perform reliably at the same mechanical speeds. It may 
be safely assumed that, because turbine efficiency varies slowly around the map, 
the exact choice of the turbine aerodynamic design point is not critical. 

In the case of the high-speed spool, the high-pressure turbine has been designed 
to operate at its almost constant design point at a structurally acceptable mechanical 
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Fig. 8.E4 AAF Engine two stage high-pressure turbine cross section (TURBN screen 
capture). 

speed (that is, 18,800 rpm). The high-pressure compressor may therefore not 
exceed this value, and logic indicates that the highest required pressure ratio should 
occur at the same mechanical speed. 

On the low-speed spool, similar reasoning applies. The maximum mechanical 
speed of the shaft has already been determined for the fan (that is, 11,070 rpm), 
and this cannot be exceeded by the low-pressure turbine. The corresponding aero- 
dynamic design point of the low-pressure turbine must be chosen to be some 
representative condition, the exact one being less critical because of the forgiving 
nature of the turbine efficiency. To illustrate this, the low-pressure turbine will be 
designed for the engine design point at the maximum allowable mechanical speed. 

Other approaches are, of course, possible, but all will lead to iterations that 
converge on the best answer. What is important are the means to get started and 
the tools to do the work. This example has provided the first approximation and 
some indications of the direction that will yield improvement. In the end, everything 
must work well together. Hence 

NL = 11,070 rpm 

NH = 18,800 rpm 



DESIGN: ROTATING TURBOMACHINERY 313 

1"Cot ¢ 

8.0 

7.5 

7.0 

6.5 

6.0 

5.5 

5.0 

4.5 

4.0 
18 

Fig. 8.E5 

' ' ' I ' ' ' I ' ' ' I ' ' ' I ' ' ' I ' ' 

i i i i i i i i i i i , , i , , , , 

20 22 24 26 28 

Corrected Mass Flow Rate Ihc25 (lbm/s) 

AAF Engine high-pressure compressor operating line. 

30 

8.3.3 High-Pressure Compressor DesignuAAF Engine 
Because this process parallels that of the fan design, other than the fact that the 

mechanical rotational speed is known in advance, only the outline will be repeated 
here. 

8.3.3.1 Design point. The high-pressure compressor (a.k.a. "compressor") 
operating line of Fig. 7.E11, reproduced here as Fig. 8.E5, reveals that the com- 
pressor must operate over a wide range of pressure ratios and corrected inlet mass 
flow rates, although the variations are not as large as for the fan. The operating 
point requiring the highest pressure ratio again corresponds to full throttle flight 
conditions at 00 = Oobreak, where Zrct-/is 8.0 (see Table 7.E3). To be certain that 
the high-pressure compressor can meet this most stringent condition, this will be 
chosen as the design point. Of all of the possible theta break flight conditions for 
design, sea level is selected because it corresponds to the largest mass flow rate 
and inlet pressure. Hence, the key parameters are obtained from Fig. 8.E2, which 
presents the flow properties at the most demanding operating point obtained from 
the AEDsys program. 

The high-pressure compressor design parameters (0.612M/sea level) are as 
follows: 

rh2.s = 100.91bngs Pt2.5 = 63.51psia Tt2.5 = 833.3°R 

ATt = 780.0°R Zrc/4 _> 8.0 t/c/t _> 0.8678 (Fig. 7.1) 

yc = 1.4 g~cp~ = 6006 ft2/s2-°R R = 53.34 ft-lbf/lbm-°R 
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con = 1970 rad/s, N u  = 18,800 rpm 

8.3.3.2 Number of stages. Table 8.1 gives the ATt per stage range of  
design values for high-pressure compressors as 60-90°R. To achieve an overall 
ATt of 780.0°R with a compressor having n repeating stages, the following stage 
total temperature increases are required: 

Number of stages, n Stage AT, °R 

8 97.5 
9 86.7 

10 78.0 

An initial choice of  n = 9 gives a stage ATt of 86.7°R (upper range of design 
range from Table 8.1) that is slightly more conservative than the fan, thus reducing 
the development risk of  the system. 

8.3.3.3 Aerodynamic definition. The analysis of  Sec. 8.2.1 on repeating 
stage, repeating row mean-line design is used with the following assumptions: 
D = 0.5 (conventional technology); M1 = 0.5 (upper range of  corrected mass 
flow/area in Table 8.1); a = 1.0 (conventional technology); and ec = 0.90 (used 
in all cycle calculations). 

The required stage total temperature rise of 86.7°F can be obtained with an inlet 
flow angle (or l) of  45.2 deg with the following results: 

~1 = 45.2 deg assumed 

F = 3.845 Eq. (8.7) 

~2 = 60.85 deg Eq. (8.6) 

Aa  = 15.65 deg c~2 - or1 

rs = 1.104 Eq. (8.12) 

ATt = 86.67°F Ttl(rs - 1) 

zr~ = 1.366 Eq. (8.13) - First stage 

Ttl / Tsta 
V1 = M l a l  = Mlastd 1 + (Yc -- 1)M12/2 = 690.4 ft/s 

O)rm/V 1 : 1.973 Eq. (8.16) 

O~rm = 1362 ft/s 

M]R = 0.723 Eq. (8.17) 
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Quantity/ 
stage no. 1 2 3 4 5 6 7 8 9 Exit 

Tt,°R 833.3 920.0 1007 1093 1180 1267 1353 1440 1527 1613 
Pt, psia 63.5 86.7 100.1  149.4 190.0 237.5 292.6 355.8 427.7 508.9 
M1, 0.500 0.475 0.453 0.434 0.417 0.402 0.389 0.376 0.365 0.355 

Eq. (8.13) 
A, in. 2 164.0 131.0 106.9 88.8 74.8 63.9 55.1 48.0 42.2 37.3 

so that 

ro~/= 1.936 (vs 1.935 of  cycle analysis calculation) 

rrcH = 8.013 (vs 8.000 of  cycle analysis calculation) 

OcH = 0.8678 (vs 0.8678 of  cycle analysis calculation) 

These results are satisfactory, and so the annulus area at the inlet and exit from 
each stage can be calculated using Eq. (8.20). The results are summarized in 
Table 8.E9. The mean radius is 8.3 in. [(Wrm)]/co = 1362/1970]. Special note 
should be taken of  the fact that Tt3 = 1613°R is close to the rule-of-thumb upper 
limit for compressor discharge temperature of  1700°R (1240°F) of  Table 8.1. 

8 .3 .3 .4  Airfoil cen tr i fugal  s t ress .  With co known, and assuming constant 
mean radius and A t / A  h = 1.0 and an advanced titanium (see Table 8.5 and 
Fig. 8.15) having p = 9.08 slug/ft 3, the results in Table 8 .E l0  may be directly 
calculated. 

Two observations are important here. First, the diminishing area more than 
compensates for the effect of  increasing temperature on allowable A N  2 or trc 
through the compressor. The result is that it will be possible to manufacture all of  
the rotor airfoils from titanium. Second, the exit blade height of  0.81 in., although 

Table 8.El0 AAF Engine high-pressure compressor airfoil centrifugal 
stresses 

Quantity/ 
stage no. 1 2 3 4 5 6 7 8 9 

A, in. z 164.0 131.0 106.9 88.8 74.8 63.9 55.1 48.0 42.2 
A N  2, × 101° 5.80 4.63 3.78 3.14 2.64 2.26 1.95 1.70 1.49 

in.2-rpm z 
h, in. 3.15 2.51 2.05 1.71 1.43 1.23 1.06 0.92 0.81 
rt, in. 9.87 9.55 9.32 9.15 9.01 8.91 8.83 8.76 8.70 
rh, in. 6.72 7.04 7.27 7.44 7.58 7.68 7.77 7.84 7.89 
TtlR,°R 877 963 1050 1137 1223 1310 1397 1483 1570 
t:rc/p, 4.89 3.90 3.18 2.64 2.22 1.91 1.64 1.43 1.26 

[ksi/(slug/ft3)] 
~rc, ksi 44.4 35.4 28.9 24.0 20.2 17.3 14.9 13.0 11.4 
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Table 8 .El l  AAF Engine high-pressure compressor rim and disk results 

Quantity/stage no. 1 9 

ar, ~ra, ksi 25.0 25.0 
p, slug/ft 3 9.08 9.08 
O'r/p, ksi/(slug/ft 3) 2.75 2.75 
#blades~at 0.10 0.10 
h, in. (= r, - rh) 3.15 0.81 
rh, in. 6.72 7.89 
hr ,  in. (selected) a 1 0.5 
rr, in. (= r h -- h r )  5.72 7.39 
h r / r r  0.175 0.067 
wry, ft/s (wheel speed) 939 1213 
p(wrr)2/2aa (disk shape factor) 1.145 1.866 
War/Wr (rim web thickness) 0.411 0.308 

aSelected hr can be obtained in COMPR program by entering appropriate value of hr / Wr 
in stage sketch data window. 

seemingly small, is similar to those found in many contemporary machines and 
therefore quite practical to manufacture. 

8.3.3.5 Rim web thickness~allowable wheel  speed.  An advanced tita- 
nium material is selected for the disk (see Table 8.5 and Fig. 8.15). Thus, if the 
material properties 0rr, p) [or specific strength (Crr/p)], #bta&s/Crr, hr, and rh 
are as given in Table 8 .E l l  for stages 1 and 9, the listed values of  rr, hr/rr, 
wheel speed COrr (Fig. 8.23), disk shape factor (Fig. 8.22), and rim web thickness 
[Eq. (8.66)] are obtained. 

The wheel speed, disk shape factor, and the ratio Wdr/Wr remain in reasonable 
ranges (see Figs. 8.22 and 8.23) throughout the compressor, indicating that modest 
disks are required. This can also be confirmed by examining cross-sectional views 
of existing engines. 

8.3.3.6 Radial variation. The high-pressure compressor blades of the first 
three stages have hub/tip radius ratios from 0.68 to 0.78 that indicate moderate 
radial variations in both airflow and blade shape. Based on free vortex swirl distri- 
bution, the COMPR program calculations for the hub of the first, second, and third 
compressor stages give a degree of reaction of 0.28, 0.33, and 0.37, respectively, 
and diffusion factors less than 0.56. All are within reason. As anticipated, the latter 
stages of  the high-pressure compressor experience smaller radial variations as a 
result of  their higher hub/tip radius ratios. 

8.3.3. 7 High-pressure compressor design summary. The AAF engine 
high-pressure compressor design found here is sufficiently capable and sound as to 
constitute a confident starting point for more detailed studies. The results obtained 
are certainly very encouraging and suggest that a high-pressure compressor capable 
of doing the required job can be built with modern technology. The next step would 
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Fig. 8.E6 
ture). 

AAF Engine high-pressure compressor cross section (COMPR screen cap- 

be to use the results of the repeating stage/repeating row design as a starting point 
in COMPR for a final design having a constant tip radius in order to maximize 
the value of the rotational speed and minimize the possibility of rubbing between 
rotor blade tips and air seals during axial shifting. 

The design status may be conveniently captured in the pictorial form of Fig. 8.E6 
(from the cross-section sketch results of the COMPR program) in order to reveal 
the proportions of the selected nine-stage high-pressure compressor. The pictured 
high-pressure compressor design includes inlet guide vanes with an entry Mach 
number of 0.35, solidity a of 0.5, and chord-to-height ratio c/h -- 0.5. A chord- 
to-height ratio c/h -- 0.6 was used for both the rotor and stator blades and a rim 
width-to-blade axial chord ratio Wr/cx = 1.1 was used. In addition, the value of 
the rim height-to-width ratio hr/Wr varied from 0.625 for stage one to 1.36 for 
stage nine in order to obtain the assumed rim height hr of 1 in. for stage one and 
1/2 in. for stage nine. The overall length of the nine-stage compressor is estimated 
to be 17.0 in. 

Once again, it is pleasing, but no longer surprising, to discover that the design 
"looks like" a compressor. 

8.3.4 Low-Pressure Turbine DesignmAAF Engine 
Because this process parallels that of the high-pressure turbine, other than the 

fact that the mechanical rotational speed is known in advance, only the outline 
will be repeated here. The process begins with the selection of the turbine design 
point and the turbine disk material. An initial estimate of the mean wheel speed 
is made based on the allowable wheel speed calculated for a disk shape factor 
(DSF) value of two. The number of stages are chosen and their temperature ratios 
determined. Design choices are then made for the stage parameters M2 and Man 
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and the aerodynamic definition of each stage fixed. Next, rotating airfoil material 
and taper choices are selected, the rotational speed of the high-speed spool is 
found from centrifugal stress considerations, and the airfoil radii are calculated. 
Finally the wheel parameters hr and #btades/Crr are estimated; and the wheel speed, 
disk shape factor, and rim web thickness are determined by rim and disk stresses 
considerations. 

8.3.4. 1 Design point. From Table 7.E3 and Fig. 8.E2, the low-pressure 
turbine design point parameters (0.612M/sea level) are as follows: 

rt,q = 0.8366 Pt4.5 = 149.1 psia Yt = 1.300 

rrt/4 = 0.4236 Tt45 = 2380°R gcCpt = 7378 ft2/s2-°R 

th,q = 0.9087 m4.5 = 102.441bm/s Rt = 53.0 ft-lbf/lbm-°R 

and 

wL = 1160 rad/s, NL = 11,070 rpm 

8.3.4.2 Disk consideration. Because of lower temperatures and lower ro- 
tational speeds that are found in low-pressure turbines, disk design is never a 
fundamental limitation. However, the same care for durability and safety must be 
applied as in the high-pressure turbine. Since rr will probably be less than 8 in., it 
follows that the rim speed O)Lr  r will not exceed 780 ft/s, well within the capability 
of existing disk materials (cf. Fig. 8.23). 

8.3.4.3 Number  of stages. It is particularly important in the slowly ro- 
tating low-pressure turbine to reduce the number of stages as much as humanly 
possible. Referring to the AEDsys Engine Pictures file, you can easily find engines 
with as many as six low-pressure turbine stages. These are bound to be heavy and 
expensive machines. 

A first guess is that the turbine will have only one stage with a mean radius of 
9 in., whence 

O~rm 
75ts = 75tL = T t 5 / T t 4 . 5  = 0.8366 f2 -- 0.2075 

greeCe, r,4 5 

The story is quite similar to that of the high-pressure turbine. Placing this point on 
Fig. 8.8 reveals that a single-stage design of this type would require values of a2 
and M2 so large that high aerodynamic efficiency could not be achieved. However, 
a two-stage design with each rts between 0.85 and 0.90 falls well within the "safe" 
region and thus will be attempted next. 

8.3.4.4 Stage temperature ratios. A reasonable approach to efficient 
stage design is to have the inlet flow angle ot2 and exit relative Mach number MaR 
the same for both stages. However the Mach number leaving the first stage turbine 
nozzles needs to be supersonic (M2 > 1), whereas that leaving the second stage 
needs to be subsonic (M2 < 1). For the first stage, ~'~stage 1 ~ 0.208 and assuming 
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Quantity/stage no. 1 2 

Tt2 , °R 2380 2105 
Mz,\M3R 1.05\0.8 0.7\0.6 

= 09rm/~cCpt  Tt2 0.2075 0.2594 
a2, deg (selected) 60.0 47.8 
/72, deg, Eq. (8.43) 43.63 12.16 
Tt2R, °R, Eq. (8.44) 2203 2029 
/33, deg, Eq. (8.45) 48.59 37.73 
/32 + /33, deg 92.22 49.89 
or3, deg, Eq. (8.48) 19.55 -6.49 
rts, Eq. (8.50) 0.8847 0.9458 
°R, Eq. (8.51) 0.1160 0.3145 
zrts, Eq. (8.53) 0.5543 0.7646 
7t, Eq. (8.57) 2.694 1.132 

0(2 = 60 deg, M2 = 1.1, and M3R = 0.9, then Fig. 8.8 gives (rts)stage 1 = 0.87. For 
the second stage, assuming 0(2 = 60 deg, ME = 0.9, and M3R = 0.9 with 

oJrm ~"~stage 1 
~'2stage 2 = ~/gcCpt(.~ts)stag e 1Tt4.1 ~ 0.223, 

then Fig. 8.8 gives ('(ts)stage 2 = 0.88. Because  (Tts)stag e 1 (72ts)stage 2 = 0.766, a two- 
stage low-pressure turbine with the required total temperature ratio of 0.8366 is 
easily obtainable. The assumed stage data just noted will be used as a starting point 
in the design of the high-pressure turbine using Eqs. (8.37-8.52) or the TURBN 
program (unknown: 0(3, known: 0(2, M2, and M3R). 

Because neither of these stages is very highly loaded, remarks similar to those 
made about the high-pressure turbine apply. There appears, in fact, to be an op- 
portunity to reduce the total number of turbine stages from four to three, but that 
would require a complete engine cycle iteration. 

8.3.4.5 Aerodynamic definition. Directly applying the methods of Sec. 
8.2.2 on constant axial velocity, selected Mach number, mean-line stage design 
to the proposed two-stage design for a mean rotor speed (Ogrm) of 870 ft/s, and 
polytropic efficiency of 0.90 (used in all cycle calculations) leads to the results of 
Table 8.E12. 

Thus 

and 

rtL = 0.8366 

zrt/~ = 0.4236 

(same as cycle calculations) 

(same as cycle calculations) 

rhL = 0.9087 (same as cycle calculations) (4.9e-CPG) 

The resulting stage loading ~ is consistent with the data of Table 8.4b. Can you 
explain how and why the stage loading of low-pressure turbines is so high? 
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Table 8.E13 AAF Engine low-pressure turbine airfoil centrifugal stresses 

Stage no. One Two 

Stage station 1 2 3/1 2 3 
Engine station 4.5 5 

Quantity 
rn, lbm/s 102.44 102.44 102.44 102.44 102.44 
Tt, °R 2380 2380 2105 2105 1991 
TtR, °R 2203 2203 2029 2029 
M 0.30 1.05 0.56 0.7 0.48 
p,, psia 149.1 82.6 63.1 
~, deg 0 60.0 19.55 47.80 -6.49 
A, in. 2 132.59 130.48 144.45 179.66 195.24 
AN 2, x 10 j° in.2-rpm 2 1 . 6 8 / - - -  2.30 

8.3.4 .6  Airfoil centrifugal stress.  Aconserva t iveana lys i s i sper fo rmedand  
the results presented in Table 8.E13, by using both the average rotor annulus area 
for the first stage and that of  At /Ah  = 1.0. The annulus area at inlet and exit of 
each stage is calculated using Eq. (8.20) where the MFP is given by Eq. (1.3). 

Employing Eq. (8.64) at the average rotor annulus area for each stage with 
At /Ah  = 1.0 and p = 17.00 slug/ft 3 yields the stresses given in Table 8.E14, 
which is well within current capabilities (cf. Table 8.5 and Fig. 8.15). Assuming 
that the airfoils have a common rm, the results of  Table 8.E14 follow. 

Airfoils of  these dimensions are common in modem gas turbines. The present 
design is, therefore, perfectly adequate and will be pursued further. 

8.3.4.7 Rim web thickness~allowable wheel speed. Because the rim is 
part of the disk, the same type of  material properties are used. Thus, if the material 
properties (err, p) [or specific strength (err/p)], #bt,aes/Crr, hr, and rh are as given 
in Table 8.E15, then the listed values of  rr, hr/rr,  wheel speed wrr (Fig. 8.23), 
disk shape factor (Fig. 8.22), and rim web thickness [Eq. (8.66)] are obtained. 

Table 8.E14 AAF Engine low-pressure turbine airfoil results 

Stage no. One Two 

Stage station 1 2 3/1 2 3 
Engine station 4.5 5.0 

Quantity 
rr, in. 10.17 10.15 10.28 10.59 10.73 
rm, in. 9.00 9.00 9.00 9.00 9.00 
rh, in. 7.83 7.85 7.72 7.41 7.27 
h = rt - rh, in. 2.34 2.30 2.56 3.18 3.46 
o,./p [ksi/(slug/ft3)] 1 . 4 2 / - - -  1.94 
cr,., kpsi 2 4 . 1 / - - -  32.9 
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Table 8.E15 AAF Engine low-pressure turbine rim and disk results 

Quantity/stage no. 1 2 

T,2R, °R 2203 2029 
at, ad, ksi 32.0 32.0 
p, slug/ft 3 17.0 17.0 
err~p, ksi/(slug/ft 3) 1.88 1.88 
~blades/(~r 0.20 0.20 
rh, in. 7.85 7.41 
hr, in. (selected) a 1.0 1.0 
rr, in. (= rh - hRi,,) 6.85 6.41 
hr/rr 0.146 0.156 
tort, ft/s (wheel speed) 660 620 
p(~Orr)2/2ad (disk shape factor) 0.808 0.748 
War~ Wr (rim web thickness) 0.356 0.341 

aSelected hr can be obtained in TURBN program by entering the appropriate value 
of hr/Wr in stage sketch data window. 

The wheel speed is less than 700 ft/s, the disk shape factor less than 2.0, and the 
rim web thickness ratio less than 1.0. All are satisfactory values. 

8 . 3 . 4 . 8  R a d i a l  variation. The low-pressure turbine blades have low hub/tip 
radius ratios that indicate large radial variations in both airflow and blade shape. 
Based on free vortex swirl distribution, the TURBN program calculations for the 
degree of reaction at the hub of the first- and second-stage turbine give -0 .16  and 
-0.01,  respectively, which are undesirable. Sophisticated CFD methods would be 
employed to design these blades and alleviate this problem (Chapter 4 of Ref. 1). 

8.3.4.9 Low-pressure turbine design summary. This AAF Engine low- 
pressure turbine design is sufficiently sound and balanced so that it represents an 
entirely satisfactory starting point. Thus, no other iteration will be carried out. The 
TURBN cross section results displayed in Fig. 8.E7 reveal the basic configuration 
of the two-stage low-pressure turbine. The fact that the rotor airfoils have an almost 
constant tip radius is an advantage from the standpoint of sealing against tip leakage 
because unavoidable axial motion has little effect on clearance. The two-stage 
low-pressure turbine has exit guide vanes with exit Mach number of 0.4 and an 
approximate overall length of 10.3 in. Comparison with examples in the AEDsys 
Engine Pictures file will convince you that it looks like many of its brethren. 

The low-pressure turbines' mean radius is 2 in. larger that that of the high- 
pressure turbine and will require a transition duct. The TURBN program could be 
used to better align these two turbines. 

8.3.5 AAF Engine Turbomachinery Design Closure 
The present design status is summarized by Fig. 8.E8a, which combines the fan 

and high-pressure compressor, and Fig. 8.E8b, which combines the high-pressure 
and low-pressure turbines. Although this is a satisfactory start and no important 
technological or geometrical barriers to a successful design have been encountered, 
further iteration would focus on the following points: 1) redistributing the stage 
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Fig. 8.E7 AAF Engine two-stage low-pressure turbine  cross section (TURBN screen 
capture). 
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Fig. 8.E8a General  a r rangement  of the AAF Engine fan and high-pressure com- 
pressor. 
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General arrangement of the AAF Engine high-pressure and low-pressure 

temperature rise in the high-pressure compressor (more in the rear stages and less 
in the front) in order to raise r m at the rear (approach a constant tip radius) and 
possibly reduce the number of stages; 2) exploring aerodynamic and/or materials 
approaches that can increase rm for the high-pressure turbine in order to straighten 
out the main burner and the aft transition duct; and 3) evaluating different work 
splits between the low- and high-pressure compressors in order to remove one 
turbine stage. 

It is our intention and hope that this exercise carries lessons far beyond the actual 
design of these components. For one thing, it should convince you that a success- 
ful design rests upon the simultaneous solution of interdependent aerodynamic, 
thermodynamic, materials, and structural problems. For another, it should clearly 
demonstrate the importance of advanced technology to the solution of these prob- 
lems. Finally, it should show that judgment and iteration are necessary partners in 
the search for the best answer. 
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9 
Engine Component Design: 

Combustion Systems 

9.1 Concept 
With several others, I was sent on loan from the Royal Aircraft Establishment 

to lead a group on combustion at Power Jets [in 1940]. I had done my thesis on 
laminar and turbulent diffusion flames and knew the importance of aerodynamics 
in the combustion process. It surprised me that others did not see that as much 
care was required in characterising the aerodynamic features of a combustion 
chamber as in the design of a blade for a compressor or turbine. 

- -Sir  William Hawthorne, "The Early History 
of the Aircraft Gas Turbine in Britain," (Ref. 1). 

The purpose of the combustion systems of aircraft gas turbine engines is to 
increase the thermal energy of a flowing gas stream by combustion, which is 
an exothermic chemical reaction between the onboard hydrocarbon fuel and the 
oxygen in the ingested airstream. The two engine components in which this "heat 
addition" is made to occur are the main burner (also called the combustor) and 
the afterburner (also called the augmentor or reheater.) Both are covered in this 
chapter, as they have many basic processes in common, and means are provided 
for preliminary design of both. 

The design of the main burner and afterbumer of an airbreathing engine differs in 
many ways from that of  stationary combustion devices. Space (especially length) 
is at a premium in aircraft applications. The combustion intensity (rate of  thermal 
energy released per unit volume) is very much greater for the main bumer  of a 
turbojet (40,000 Btu/s-ft 3) than, for example, the fumace of a typical steam power 
plant (10 Btu/s-ft3). 

The following properties of  the main burner or combustion chamber are desired: 
1) complete combustion; 2) moderate total pressure loss; 3) stability of  combustion 
process (freedom from flameout); 4) in-flight relight ability; 5) proper temperature 
distribution at exit with no "hot spots"; 6) short length and small cross section; 
7) wide operating range of mass flow rates, pressures, and temperatures; and 
8) satisfaction of established environmental limits for air pollutants. 

Unfortunately, every one of these desirable characteristics is in conflict with one 
or more of  the others. For example, complete combustion requires a large size, but 
moderate total pressure loss requires a small size. Design choices that minimize the 
generation of air pollutants severely impact combustion stability and narrow the 
range of stable operating parameters. As with many complex engineering systems, 
the design of the main burner or afterbumer is necessarily an engineering design 
compromise. 
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Of the three principal components of a gas turbine engine--the compressor, 
combustor, and turbine--the combustor is usually perceived to be the least under- 
stood, perhaps even a "black art," component, and the same can be said of the fourth 
component of some engines, the afterburner. This is because most propulsion- 
oriented students and engineers have not had the opportunity to study all of the 
engineering subjects that are required to understand, analyze, and design combus- 
tors and afterburners. 

Because there are no rotating parts in the combustor and afterburner to transfer 
external work to or from the gas stream, the only work and power relations required 
are those which determine how much mechanical power must be dissipated in order 
to cause the vigorous mixing required by the combustion process. Consequently, 
students who are familiar with the analysis and design of rotating machinery will 
be reasonably comfortable dealing with the processes of velocity diffusion, liner 
wall cooling, jet mixing, total pressure loss, and air partitioning in the combustor. 

However, in order to understand the equally essential processes of heat re- 
lease, flameholding, and pollutant formation and control, students must have some 
background in three additional engineering subjects, namely, 1) chemical thermo- 
dynamics of ideal gases, 2) gas-phase chemical kinetics, and 3) chemical reactor 
theory. Essential concepts from these three topics are presented in summary form 
in this chapter. Supporting design and analysis computer programs are included in 
AEDsys, the suite of software tools that accompanies this textbook. 

Unlike the study of rotating machinery, there are surprisingly few resources in 
the open literature that deal with the design of main burners and afterburners in 
airbreathing propulsion systems. For more in-depth information two recommended 
sources are Arthur Lefebvre's Gas Turbine Combustion 2 for the main burner and 
Edward E. Zukoski's "Afterburners. ''3 

9.1.1 Combustion Systems Components 
9.1.1.1 Main burner or combustor. Figure 9.1 shows schematically the 

principal features of a main burner and illustrates the general pattern of recircu- 
lating and mixing flow patterns. These features are present in both axisymmetric 
and annular main burners. 

Inflowing air enters the main burner at station 3.1. Because the airstream velocity 
leaving the stator of the last compressor stage is undesirably high, the flow must be 
diffused to a lower subsonic velocity. This is done by the expanding shape of the 
inner and outer casing, which is the pressure vessel of the main burner. The entering 
airflow is diffused to station 3.2, which is by definition the reference station for the 
main burner. A "snout" or splitter stabilizes the diffusing airstream and divides it 
for distribution to the liner and annulus. The central part of the divided airstream 
flows through an air swirler into the primary zone, where it mixes with atomized 
and/or vaporized fuel and with recirculated, partially burned gases. The remaining 
air flows into the inner and outer annulus, then flows into the liner through various 
holes and cooling slots punched or drilled into the walls of the liner. 

The primary zone is where the action is! Inflowing fuel is atomized, and partially 
or completely vaporized, by the fuel nozzle. The vaporized fuel is entrained by and 
mixed into the primary air, which entered through the air swirler. Both the primary 
air and fuel streams are mixed with partially burned combustion products that 
are trapped in the recirculation "bubble" in the primary zone. This "backmixing" 
of partially burned gases with fresh reactants is responsible for the continuous 
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Fig. 9.1 Main features and flow patterns of the main burner/combustor: a) Principal 
features; b) Flow patterns. 

self-ignition process called flameholding, so that an external source of ignition, 
such as a spark plug, is not required. (However, an external ignition source is 
required for starting the ftameholding process.) Chemical reaction occurs primarily 
in the micromixed reaction zone, within which reactants have been mixed to near- 
molecular homogeneity. 

From the primary zone the mixture of partially mixed, actively burning, and 
incompletely burned gases flows downstream into the secondary or intermediate 
zone, where they continue to bum towards completion while mixing with inflow- 
ing air from the secondary holes. Two processes must occur in parallel in the 
secondary/intermediate zone: 1) the primary zone effluent gases must continue to 
burn out, and 2) the in-mixing secondary air must "lean out" (reduce the fuel-air 
ratio of) the liner gas stream. These two processes must be balanced in such a way 
that the temperature rise which would otherwise occur from continued burnout is 
offset by a temperature decrease which would otherwise occur as a result of the de- 
crease in fuel-air ratio. Consequently, the liner gases flow through the intermediate 
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zone at essentially constant temperature, and combustion should be complete when 
the liner gas reaches the downstream end of the intermediate zone. 

The dilution zone process, by comparison with the complex chemical and phys- 
ical processes occuring in the primary and intermediate zones, is a "no-brainer." 
All that is required of the dilution zone is that any remaining annulus airflow be 
dumped through the dilution holes into the liner hot gas stream, with just sufficient 
stirring to avoid hot spots forming on the first-stage high-pressure turbine stators 
(nozzles). 

After the hot gases exit the combustor liner at station 3.9, they are accelerated 
through a converging transition duct until they are choked at the throat of the first 
stage high-pressure turbine nozzles downstream of station 4. 

9.1.1.2 Afterburner or augmenter. Figure 9.2a shows schematically the 
principal features of an afterburner, and Fig. 9.2b illustrates the general pattern of 
recirculating and mixing flow patterns. The geometry in Fig. 9.2a is axisymmetric 
about the engine axis, but Fig. 9.2b is planar. 

As shown in Fig. 9.2a, the core gas and bypass air enter the mixer at station 6 
and station 16, respectively. The core gas is composed of combustion products. 
Although the core gases have given up a considerable amount of thermal energy to 
work extraction in the turbine, they still contain a considerable amount of thermal 
energy and excess oxygen. Mixing the bypass air with the core gas increases the 
tool fraction of oxygen available for reburning, and the hotter core gas warms up 
the cooler bypass air as well. The two gas streams are mixed adiabatically and 
slightly diffused by station 6A. 

While the (core gas + bypass air) mixture is being slowed in the diffuser, fuel 
is injected and atomized by the spray rings. The flow rate of fuel is designed to 
produce the highest possible temperature at the afterburner exit. By the time the 
(fuel ÷ core gas ÷ bypass air) mixture enters the afterburner flameholding region 
at station 6.1, it is well-mixed to near-molecular level, so that combustion can take 
place. 

As shown in Fig. 9.2b, after the combustible gas mixture passes over the down- 
stream edge of the vee-gutter flame holders, it then entrains fully burned, hot 
combustion products from the recirculation zone in a shear-driven mixing layer. 
At some point sufficiently far downstream, a standing flame front is established. 
Just downstream of the standing flame front, the shear-driven mixing layer disen- 
trains a portion of the burning gases. The disentrained gases then reverse direction 
and flow upstream inside the bubble of the recirculation zone, where there is suf- 
ficient residence time for them to burn to near completion. The remaining, outer 
portion of the burning gases behind the standing flame front propagates a turbulent 
flame front outward through the bypassing gas stream. 

As the flame front propagates outward, the flow into which it is propagating is 
closing in behind the vee-gutter wake, which initially draws the flame front inward 
and away from the walls, following which its outward progress continues. As a 
result, it is often the case that the outward-propagating turbulent flame front fails 
to reach the walls before exiting the afterburner at station 7. When this happens, 
a visible, burning external plume extends well downstream from the exit of the 
thrust nozzle. 
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At first glance the mechanism of flameholding in the afterburner appears to be 
very similar to that of the main burner (Fig. 9.1). However, there are subtle but 
important differences between the two. In the main burner primary zone the recir- 
culation bubble is fueled from the inside and is confined by the combustor dome 
and liner walls so that all primary zone combustion is forced to take place within the 
confines of the recirculation bubble. Consequently, there is no discernable flame 
front, and spatially homogeneous combustion occurs within the micromixed re- 
action zone. In the afterburner, however, the recirculation zone is fueled from the 
outside, so that a discrete, standing turbulent flame front is established in the shear- 
driven mixing layer at the outer edge of the recirculation bubble. The chemical 
reactions responsible for flameholding occur in a very small micromixed reaction 
zone immediately behind the upstream-propagating flame front. By the time the 
burning gases, which are disentrained into the recirculation bubble, flow back up- 
stream to be reentrained in the mixing layer, combustion is nearly complete. There 
is negligible chemical reaction within the hot recirculation zone, as it is composed 
of almost completely bumed products. The hot recirculated gases that are mixed 
in with the extemal flow merely help to stabilize the axial location of the standing 
turbulent flame front. 

9.1.2 The Combustion Process 

9.1.2.1 Stoichiometry. The stoichiometric or "ideal" fuel/air mixture ratio 
fst is of interest because that is the fuel/air ratio which usually results in the greatest 
liberation of sensible energy from the breaking of molecular bonds. Although there 
exist general rules of stoichiometry for combustion of arbitrary reactants, attention 
will be restricted to hydrocarbon fuels in current use for the propulsion of aircraft. 
The only oxidizer of interest is air, which will be assumed to be 21% oxygen (02) 
and 79% nitrogen (N2) by volume. 

The maximum combustion temperature occurs when hydrocarbon fuel mole- 
cules are mixed with just enough air so that all of the oxygen atoms are consumed, 
all of the hydrogen atoms form water vapor H20, and all of the carbon atoms form 
carbon dioxide CO2. This ideal mixture of fuel and air is represented by a gen- 
eral atom-balance equation for "complete combustion" called the stoichiometric 
equation, given by 

[ 7 9 N ]  7 9 ( x  Y CxHy]-(xq4) O 2 " ~  " 2J ''+XCO2"~-yH20"~-2 ~-~ + ~ ) N 2  (9.1) 

Note that in Eq. (9.1) the nitrogen (N2) acts merely as an inert diluent, absorbing 
some of the sensible thermal energy released by combustion by virtue of its specific 
heat capacity. 

The stoichiometric fuel-air ratio can be determined readily from the ratio of 
molar coefficients of the reactants appearing on the left-hand side of Eq. (9.1). The 
stoichiometric fuel/air ratio expressed as a volume or mol ratio is 

1 84 

f " =  ( x +~) Y  [ l + ~ i -  791-- lO0(4x+y) lbm°lsF/lbm°lA 

where F stands for fuel and A for air. 



DESIGN: COMBUSTION SYSTEMS 331 

The stoichiometric mass-basis fuel-air ratio is given by 

36x + 3y 
fst -- Ibm F/Ibm A (9.2) 

103 (4x + y) 

A representative or generic molecule representing jet fuels is C12H23. Solving 
Eq. (9.2) for x = 12 and y = 23 gives fst = 0.0685 Ibm C12H23/lbm A. Because 
the fuel-air ratio in use f is always less than fst and fst is much less than unity, 
it is often convenient to neglect the mass flow rate of fuel compared to the mass 
flow rate of air in performance calculations. 

When considering off-stoichiometric mixtures of fuel and air, it is conventional 
to speak of "fuel-rich" and "fuel-lean" mixtures. To quantify this, the fuel/air 
equivalence ratio, or simply the equivalence ratio, is defined as the ratio of the 
actual fuel/air ratio to the stoichiometric fuel/air ratio: 

4~'= - -  f (9.3) 
f,t 

The utility of the equivalence ratio ~b is that it permits representation of either 
fuel-rich or fuel-lean mixtures by multiplying the fuel term in the atom-balance 
equation by ~b: 

( y ) [  79 ] 
epCxHy + x + -~ O2 + ~i-N2 ~ products (9.4) 

The "complete combustion" assumption behind Eq. (9.1) does not imply that, in 
actual practice, a stoichiometric mixture of fuel and air will yield only COz and HzO 
as combustion products. In reality, the CO2 and H20 molecules will dissociate into 
other molecular fragments at elevated temperature, just as happens with air alone at 
high temperature. Further, for reasons to be shown in Sec. 9.1.3, it is desireable to 
have very incomplete combustion occur in the turbojet combustor primary zone, so 
that the actual gases leaving the primary zone will be a mixture of reactants (fuel 
plus air), reaction intermediate species, dissociated products, and incompletely 
oxidized fuel molecules. In addition, at elevated temperatures a very small fraction 
of the atmospheric nitrogen is in fact oxidized, forming the air pollutant gases 
nitric oxide (NO), nitrous oxide (N20), and nitrogen dioxide (NO2). The oxidized 
nitrogen species NO and NO2 are collectively referred to as NOx. 

Finally, off-stoichiometric fuel/air ratios, as characterized by the equivalence 
ratio 4~ 5 ~ 1, affect the type and distribution of combustion products, as well as the 
temperature. As a practical guideline, equivalence ratios must be in the range 0.2 
to 2 for combustion to occur, and equivalence ratios near or greater than unity are 
of little or no interest for airbreathing aircraft propulsion applications. 

For off-stoichiometric mixtures, and also for possibly incomplete combustion, 
the atom-balance equation can be generalized as 

79 N ] ~gfxHy--~-(x--~- Y)  O2-q- ~-- i- 2j ---+ nco2fO2-~-ncofO-~-l'lH20n20--[-... 

• .. + no202 + noO q- nNOzNO2 -k- nN2oN20 + " "  etc. (9.5) 

where etc. indicates that the list of possible product gases may be as many combi- 
nations of O, H, C, and N atoms as exist in nature. I fNS  is used to denote the total 
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number of product species that may appear on the right-hand side of Eq. (9.5), the 
messy right-hand side of Eq. (9.5) can be represented with the notation 

79 N q NS 
fb fxny  Jr" (\x + Y]..~. 02 + ~-~ 2J --> ~_niAi (9.6) 

i=1 

where A i represents the chemical formula of the ith gas molecule appearing 
in the NS product gases. Methods for finding the actual composition of the 
post-combustion product gases, as represented by the set of mole numbers {ni } in 
Eq. (9.6), by assuming either chemical equilibrium or finite-rate chemistry (chem- 
ical kinetics), are provided in the AEDsys software programs EQL and KINETX, 
respectively. 

9.1.2.2 Heat of reaction and adiabatic flame temperature. With the 
initial composition and state of the fuel/air mixture given or known, as well as at 
what pressure burning will occur, it is desired to find what the temperature will be 
after combustion. Assuming that combustion occurs at constant pressure, without 
either heat or work transfer with the surroundings, then the total enthalpy of the 
(final) products will be the same as the (initial) reactants, and that value is known. 

When molecular collisions result in the exchange of atoms between molecules, 
the number of molecules of each kind changes. Exothermic reactions result in the 
release of chemical bonding energy, which appears in the gas mixture as sensible 
thermal energy. These two kinds of energy associated with each molecule are 
represented in the static enthalpy for each species, 

T 

= (Ah~k)536 -+- j Cp,~ dT' (9.7) h 0 

536 

where the first term on the right-hand side of Eq. (9.7) is the enthalpy of formation 
of the kth gas, which is the sum of the molecular bond energy and the sensible 
enthalpy at 536°R (or 298 K), and the other term in Eq. (9.7) is the sensible 
enthalpy above 536°R. Enthalpies of formation for many of the gases of interest 
in combustion are given in Table 9.1. 

The static enthalpy of a mixture of gases is given by 

N S  

= ~_~ nkh~ (9.8) H 
k=l 

and for the particular mixtures representing the reactants (fuel plus air) and prod- 
ucts, that is, those gases appearing on the left-hand side and on the right-hand side 
of Eq. (9.6), respectively, 

N S  N S  

HR = Z ( n k ) l c h k  and Hp = Z ( n k ) p h ~  (9.9) 
k=l k=l 

If the reactants are ignited and allowed to burn to the final equilibrium state 
without heat being added or removed during the process, the final equilibrium 
temperature is called the adiabatic flame temperature (AFT). For example, con- 
sider a case where the reactants are initially at 536°R. Because combustion occurs 
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Table 9.1 Enthalpy of formation (Ah~k)536 for 
some reactant and product gases 

Gas BTUllbmol 

Methane, CH4 - 32,192 
Ethane, C2H6 -36,413 
Hexane, C6H14 -71,784 
Octane, C8H18 -89,600 
Jet-A, ClzH23 - 152,981 ~ 
Carbon monoxide, CO -47,520 
Carbon dioxide, CO2 - 169,181 
Atomic hydrogen, H 93,717 
Hydrogen, H2 0 
Water vapor, H20 - 103,966 
Atomic oxygen, O 10%139 
Oxygen, 02 0 
Hydroxyl, OH 16,967 
Atomic nitrogen, N 203,200 
Nitrogen, N2 0 
Nitrous oxide, N20 35,275 
Nitric oxide, NO 38,817 
Nitrogen dioxide, NO2 14,228 

aFor heating value h pR = 18,400 BTU/lbrn. 

adiabatically, releasing sensible thermal energy, and neglecting the difference be- 
tween the kinetic energy of the reactants and products, the AFT is found by solving 
the algebraically implicit equation 

l ip = HR (9.10) 

Figure 9.3 illustrates the solution of Eqs. (9.9) and (9.10). At the initial tem- 
perature, assumed here to be 536°R, Hp is less than HR. This is because the 
principal product molecules have larger negative values of enthalpy of formation 
than reactant molecules, as can be seen from Table 9.1. 

If  the fuel/air reactant mixture temperature is initially 536°R, as illustrated in 
Fig. 9.3, and if the fuel and air are in stoichiometric proportion, so that ~b = 1 in 
Eq. (9.6), then the stoichiometric AFT is found from the solution of Eq. (9.10). 

If the products are subsequently cooled at constant composition and pressure 
until the product mixture temperature is brought back to 536°R, then the amount 
of heat removed is called the heating value or heat of reaction hpR. Because the end 
states of the overall process (adiabatic burning followed by cooling) are both at the 
reference temperature 536°R, the relationship between the enthalpies of formation 
of each species and the heating value of the fuel is determined from an energy 
balance for the overall process: 

NS NS 

hpR = (HR)536 --(Hp)536 = ~ (ni) R (Ah~i)536 - ~ (hi) P (Ah~i)536 (9.11) 
i=1 i=1 
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Fig. 9.3 Enthalpy-temperature diagram illustrating relationship between enthalpies 
of reactants HR and products He  and between initial reactants temperature (example 
shown as 536°R) and the equilibrium AFT. 

If the fuel and air are initially at a temperature greater than 536°R, the solution 
of Eq. (9.10) will give a proportionately greater AFT, and Eq. (9.11) will give a 
value for her that differs slightly from the standard value defined at 536°R. 

Using the enthalpies of formation listed in Table 9.1, Eq.(9.11) can be used to 
calculate the heating values of fuels listed in Table 9.1. The results are presented 
in Table 9.2. 

Sometimes, h?R is called the lower heating value (LHV). This is done to dis- 
tinguish it from the higher heating value (HHV), which would be realized if, in 
addition to cooling the product gases to 536°R, the latent heat of vaporization were 
extracted by condensing all of the water vapor in the product gases. The HHV is 
not relevant for propulsion applications, as combustion products are never cooled 
to ambient temperatures while inside the engine. The water condensation streams 
or "contrails" that mark the sky occur outside the nozzle and thus have no effect 
on engine thrust or performance. 

Table 9.2 Molecular weights and heating values her for gaseous 
fuels in Table 9.1 

Gas lbrn/lbmol BTU/lbmol BTU/lbm 

Methane, CH4 16 334,921 21,558 
Ethane, C2H6 30 613,847 20,462 
Hexane, C6H14 86 1,671,063 19,431 
Octane, C8H18 114 2,199,516 19,294 
Jet-A, C12H23 167 3,072,800 18,400 
Carbon monoxide, CO 28 121,660 4,345 
Hydrogen, H2 2 103,966 51,983 
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The AEDsys program EQL finds the equilibrium AFT for the fuels listed in 
Table 9.2. 

9.1.2.3 Chemical kinetics. Both the adiabatic flame temperature and heat 
of reaction, defined by Eqs. (9.8-9.11), are end-state quantities calculated on the 
basis of static change from the known/given reactant mol numbers {ni}R to the 
set of product mol numbers {ni}p. The product mol numbers can be calculated 
either from assumed complete combustion or chemical equilibrium. However, 
neither result considers the instantaneous rates of change of mol numbers, nor the 
integrated values ofmol numbers that may exist at specific moments. Because fluid 
particle residence times in any subcomponent of a gas turbine or ramjet engine are 
less than a millisecond (10 -3 s), it is very often the case that insufficient time is 
available for the exothermic combustion reactions to reach chemical equilibrium. 
Further, minimizing the production of air pollutants formed in the combustion 
process depends entirely on differential control of varying chemical kinetic rates of 
different species. Consequently, it is necessary to study the rate at which chemical 
reactions proceed. For purposes of mathematically modeling finite-rate chemical 
kinetics for homogeneous gas-phase chemical reaction, it is assumed that very 
many individual, reversible, "elementary physical-chemical" collision reactions 
of the form CO + OH -* CO: + H occur. By convention, species appearing on 
the left-hand side of each such reaction are called reactants, and those on the right- 
hand side are called products. Note that the example reaction could just as well 
have been written CO: + H --~ CO + OH, in which case CO2 and H would be 
called the reactants, rather than CO and OH. 

With a suitable collection of such reactions, it is possible to approximately 
describe the time rates of change of all species and, by summing them up, calculate 
the rates of change of mixture properties such as density and temperature. Such 
a set of individual reactions is referred to as a reaction mechanism. Table 9.2 is 
such a mechanism for combustion of the gaseous jet fuel surrogate C12H23 with air. 

The system of partial differential equations describing the adiabatic, homoge- 
neous, one-dimensional, ideal-gas phase chemical reaction without axial molecular 
or turbulent diffusion is given by 4'5 

Oni Oni 
O--f +U-~x = fi(nk, T) i , k =  l ,NS (9.12) 

where 
JJ 

fi = _p-1  ~-'~(Ol~j -- Ol~)(Rj -- R_j)  (9.13) 
j = l  

In Eq. (9.13) Rj and R_j (j  = 1, JJ) are modified Arrhenius expressions for 
the forward and reverse rates of the j th  reaction, 

NS 
Rj = kj I - I  (pnk)u'k2 (9 .14)  

k=l 

and 
NS 

R_j = k_j 1-I (Pnk)% 
k=l 

(9.15) 
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In Eqs. (9.12-9.15) ni is the mass-specific mole number of the ith species (i = 
1, NS); T is the temperature; p is the mixture mass density, ~ j  and ot~j are the 
stoichiometric coefficients of  species i (i = 1, NS) in reaction j ( j  = 1, J J) as 
a reactant and as a product species, respectively; kj and k_j are the forward and 
reverse rate constants in the modified Arrhenius rate expressions for Rj and R_j, 
which in turn are the forward and reverse rates of  the j t h  reaction (j = 1, J J). NS is 
the total number of  distinct chemical species in the gas mixture, and JJ is the total 
number of  independent chemical reactions prescribed in the reaction mechanism. 
A typical form for kj is given in Table 9.3. 

Table 9.3 presents a 30-step reaction mechanism devised by Reiner Kollrack 
in 1976 for modeling combustion of  "jet fuel," represented as C12H23, including 

Table 9.3 Kollrack's two-step pyrolysis mechanism for jet fuel 
kinetics (Ref. 5) 

A B C D E F B N Tact 

CI2H23 02 5C2H4 C2H3 02 4.48 1.5 7900 
C12H23 OH 6C2H4 O 7.3 1.0 4500 
C2H4 H C2H3 H 2 10.48 0.0 9500 
H H M H2 M 12.30 -1 .0  0.0 
O O M 02 M 11.0 -1 .0  0.0 
H OH M H20 M 13.85 -1 .0  0.0 
H 02 OH O 11.35 0.0 8400 
O H2 OH H 10.24 0.0 4730 
CO OH CO2 H - 14.75 7.0 -7000 
H H20 OH H2 10.92 0.0 10050 
CH3 02 CH20 OH 9.0 0.0 4000 
HO2 M H 02 M 12.32 0.0 23000 
HO2 H OH OH 9.89 0.0 950 
CH20 OH H20 HCO 10.90 0.0 2120 
O H20 OH OH 10.76 0.0 9000 
N2 O NO N 9.00 0.0 25000 
N O2 NO O 5.00 1.0 2000 
N OH NO H 9.00 0.0 0.0 
HCO O2 HO2 CO 10.48 0.0 7000 
HCO OH H20 CO 10.30 0.0 0.0 
C2H4 OH C2H3 H20 9.78 0.0 1750 
CH20 HO2 HCO OH OH 9.0 0.0 4500 
C2H2 HO2 HCO CH20 9.30 0.0 5500 
C2H3 02 C2H2 HO2 9.23 0.0 5000 
NO HO2 NO2 OH 3.00 1.0 0.0 
C2H4 O CH 3 HCO 9.93 0.0 1500 
C2H4 HO2 CH 3 HCO OH 9.90 0.0 5000 
H2 CH3 CH4 H 7.0 -1 .5  7140 
C2H2 OH CH3 CO 8.2 0.0 2500 
CH3 O CH20 H 11.11 0.0 1000 

A + B + C ~ D + E + F, k =10 B TNexp (-Tact~T); (SI units: kmol, m 3, K, s) 
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production of NOx (Ref. 5). The first two reactions in Table 9.3 are not elementary 
physico-chemical reactions, but are "global" reactions, devised to represent a very 
great number of complex and largely unknown steps in the pyrolysis of the fuel 
molecules to smaller molecular fragments. In Table 9.3 the symbol M stands for 
"third body," meaning any species acting as a gas-phase catalyst. 

For adiabatic and no-work reaction, conservation of static enthalpy, Eq. (9.10), 
constitutes an algebraic constraint on Eqs. (9.12) to (9.15). The mass density p in 
Eqs. (9.13-9.15) is determined from the temperature and pressure by the equation 
of state for an ideal gas, p = P/(RTnm),  where k is the universal gas constant 
and nm is the sum of the mole numbers, nm "-- ~NS 1 hi. 

Constant-pressure batch reaction. Consider an initially quiescent uniform 
mixture of fuel and air in a shock tube. At time zero a shock wave passes quickly 
through the mixture, rapidly raising the pressure and temperature well above the 
ignition limits. The experiment is designed so that the pressure remains constant 
until chemical equilibrium is approached. Because there is no mass convection, 
Eq. (9.12) simplifies to 

dni 
-----j~(nk, T) i , k = l , N S  (9.16) 

dt 

The subsequent events leading to release of sensible thermal energy occur in 
three distinctly different chemical-physical periods, as illustrated in Fig. 9.2. These 
three periods or regimes are called the induction,heat release, and equilibration 
regimes. 

The induction period is the time interval immediately following some form of 
homogeneous bulk ignition. In the homogeneous (completely micromixed) case 
under consideration, ignition occurs as a result of shock compression, but such 
ignition occurs only if fuel and air are micromixed to flammable proportions 
(0.2 < ~b < 2.0). During the induction period, the mole numbers of reaction in- 
termediates or chain carriers, such as O, H, OH, HO2, and H202, increase by 
many orders of magnitude from near-zero values in the initial mixture. During 
this period, the coupling with the enthalpy equation Eq. (9.10) is very weak, so 
that the induction process is essentially isothermal as well as adiabatic, that is, 
no sensible energy is released. When the intermediate species have reached some 
critical value of concentration sufficient to begin to react with fuel and oxygen 
molecules, the process of releasing sensible thermal energy can begin. Therefore, 
the induction period ends when the mixture temperature begins to rapidly increase. 
In the methane/air example illustrated in Fig. 9.4, the induction time (also called 
the ignition delay time) is about 8 x 10 -6 s. 

During the heat release period, very rapid changes in temperature and species 
mol numbers occur. During this period, the species equations and the energy 
conservation equations are all very strongly coupled. The heat release period ends 
when the reaction intermediates have all passed their peak values, at about 1 x 10 -5 s 
in Fig. 9.4. 

The equilibration period begins when all species mole numbers begin a decaying- 
exponential approach toward their respective equilibrium values. The equilibration 
process does not have a clearly defined termination, because of the asymptotic 
nature of the approach to the chemical equilibrium state. However, because equi- 
librium values of temperature and species concentration can be determined in 
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Fig. 9.4 Regimes of  combustion in isobaric batch reaction of stoichiometric methane 
(pyrolyzed to CO and H2) and air. Initial conditions are: P --- 10 atm and, T = 1000 K 
(1800°R). Reaction mechanism includes 12 reactions and 11 species. 6 

advance, the end of the equilibration period can be defined as the time at which 
all of the mole numbers and the temperature are within (say) 1% of their chemical 
equilibrium values, at about 5 × 10 -4 s in Fig. 9.4. 

Note that Fig. 9.4 is presented on log-log coordinates. This choice of scale 
tends to obscure the many orders-of-magnitude variation in mol fractions of the 
various species. In addition, note that each of the three sequential combustion 
periods requires an order-of-magnitude longer time than the preceding period. 
The implications of this slowing down of chemical reaction rates are of obvious 
concern to achieving high combustion efficiency. 

Steady-state "plug flow" reaction. For time-steady one-dimensional flows 
without axial diffusion of mol number, Eq. (9.12) simplifies to a coupled set of 
ordinary differential equations (ODE), 

U~--~ = fi (nk, T) i, k = 1, NS (9.17) 

which corresponds to "plug flow" in tubes or ducts. Plug-flow reactors (PFR) will 
be explained in more detail in Sec. 9.1.3. The mole fractions of various species 
are distributed along the x axis, rather than a time axis as in Fig. 9.4. This initial 
value problem type can readily be solved by any of a number of widely available 
ODE solvers. 6 

Stationary-state "well-stirred reactor" reaction. For flows that are time-steady, 
and for which the axial gradient term in Eq. (9.12) can be approximated by the 
finite difference formula 

u ~ i  Ani i = 1, NS 
~ U A x  dx 
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So that Eq. (9.12) can be rewritten as 

(ni - n~) 
p U A - -  --  pf~(nk,  T )  i , k  = l , N S  (9.18) 

A A x  

where n* refers to the upstream or entry value of n i into the control volume of 
volume V = A A x  and p A u  = rn. With this notation the resulting well-stirred 
reactor (WSR) equations become 4 

rn 
v ( n i  - n~) = p f i (nk ,  T )  i, k = 1, N S  (9.19) 

Note that Eq. (9.19) can also be derived directly from an elementary control 
volume mass balance. 

The WSR model for combustion will be further explained in Sec. 9.1.3. For 
present purposes, it is sufficient to just point out that WSR solutions have features 
that are markedly and significantly different from PFR solutions. For one, the 
WSR equations are a coupled set of nonlinear algebraic equations, rather than 
ordinary differential equations, and therefore require different numerical methods 
for their solution. In addition, WSR solutions feature multiple stationary states, and 
decisions must be made as to which of those solutions are desireable or achievable 
in practice. The real-world implications of these features will be dealt with in 
Sec. 9.1.3. 

The AEDsys program KINETX solves the WSR equations using the Kollrack 
mechanism given in Table 9.3. 

9.1.3 Combustion Stability and Flameholding 
It has long been known that it is possible to sustain a self-propagating (that is, 

continuously self-igniting) flame in a steady-flow combustor, even when the veloc- 
ity of reactants entering greatly exceeds the turbulent flame speed of a stoichiomet- 
ric mixture of fuel and air at combustor entrance temperatures and pressures. For 
example, while the fastest measured turbulent flame speeds for hydrocarbon-air 
combustion are in the range 10-15 ft/s, combustor entry airspeeds are typically 
200-300 ft/s: 

How is it possible for the mean combustor flow velocity to be more than one 
order of magnitude greater than the highest known turbulent flame speed? This is 
made possible by the insertion of a flameholder, which may be a "bluff body" or 
"vee-gutter," or some other form of flow blockage, into the stream. 3'7 The separated 
flow in the aerodynamic wake behind the flameholder causes the flow to recirculate 
from downstream to upstream, so that some fraction of the reactants can reside 
for a sufficiently long time to mix with hot product gases, thereby sustaining a 
continuous combustion reaction. 

9 .1 .3 .1  C h e m i c a l  r e a c t o r  theory .  The interplay of mixing and chemical 
processes that enable flameholding in a wake region can be better understood 
by using chemical engineering concepts called reaction engineering or chemical 
reactor theory, s 

Steady-flow chemical reactors may be represented by a spectrum of mixing 
models, varying between two idealized extremes: the zero-dimensional WSR and 
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the one-dimensional PFR. In theory, the two extreme reactor types may be char- 
acterized by means of a hypothetical tracer-response experiment, in which a step 
function concentration of tracer substance is introduced into the feed stream at 
some instant, and the subsequent concentration of tracer at reactor exit (the re- 
sponse) is monitored. The WSR response to such an input step function would 
be a decaying-exponential rise in tracer concentration, with no time delay from 
inlet step change to the initial rise of response signal at exit. The PFR response 
would be simply the appearance of the same step change at exit, precisely one 
mean residence time later. The negative time derivative of the response function 
to a step input function is called the residence time distribution function and can 
be shown to be the probability density for a fluid particle, having entered at time 
to, to exit at time (t - to). s 

PFRs offer no conceptual difficulties the concept is familiar, because all steady- 
flow systems feature an inflow at one end and outflow at the other, so that one can 
readily envision a "plug" of fluid entering and leaving without axial mixing. 

The WSR concept is somewhat less familiar. The WSR is an idealization of 
flow systems in which the flow stream is recirculated in some way to promote 
gross mixing of products, reactants, and reaction intermediates. The physical re- 
actor being modeled is usually referred to as a backmixed or jet-stirred reactor. In 
terms of turbulent mixing theory, the WSR assumption implies that the gross re- 
circulating flow velocity is so great, and the turbulent diffusion across streamlines 
so rapid, that every entering fluid particle has instantaneous access to every other 
fluid particle. This assumption, however, does not require that mass or energy 
transfer caused by molecular diffusion will necessarily occur between the fluid 
particles. WSRs may therefore be subdivided into two important subclasses: 
micromixed and macromixed, as illustrated in Fig. 9.5. 

The micro-WSR assumption is that mixing is complete on the molecular scale. 
Thus, combustion reactions in this context are volume burning in nature, and such 
terms as "flame front," "post- or pre-flame," and "induction time" are meaningless. 
Chemical reactions are necessarily "parallel" in a micro-WSR, as opposed to 
the "series" nature of processes in a PFR. Reaction rate equations are therefore 
regarded as simultaneous algebraic equations in micro-WSR analysis, as shown 
by Eq. (9.19), whereas they are regarded as differential equations in PFR analysis, 
as in Eq. (9.17). 9 

A B A T~ - - - ~  ~ . . . . . .  - .~  ~ - - -  

~ Mi×ing on molecular 
level (micromixing) • (macromixing) ; hence 
hence reaction occurs no reaction occurs 

Fig. 9.5 Well-stirred reactor with feeds of reactants A and B. s Chemical  reaction can 
occur only when molecules of A interact with molecules of B. 
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The macro-WSR model assumes mixing to be complete on a scale small by 
comparison with reactor dimensions, but large on a molecular scale. The small 
macrovolumes are assumed to retain their individual molecular integrity, acting 
as little batch reactors, but are uniformly distributed throughout the vessel instan- 
taneously upon entry. The theoretical decaying-exponential response curve that 
characterizes a WSR cannot in principle discriminate between the micro- and 
macromixed condition. 

The micro-WSR concept has meaning only for homogeneous or single-phase 
flow systems, whereas the macro-WSR concept has utility when dealing with two- 
phase flows. In this case the macrovolume may represent a liquid droplet or a solid 
particle. For homogeneous fluid flow the macrovolumes may represent idealized 
turbulent eddies or"turbules." In the context of homogeneous gas flows, the micro- 
WSR assumption is equivalent to assuming that turbulence is generated, cascades 
through the diminishing spectrum of eddy sizes, and dissipates--all this on a 
timescale very small compared with the mean residence time. The macro-WSR 
assumption corresponds to assuming that the turbulent eddies enter in the feed 
stream already formed and reside in the reactor in too short an interval to undergo 
coalescence, dispersion, or dissipation prior to exiting the reactor. In designing and 
analyzing both combustors and afterburners, both mixing models will be used. In 
the micromixed reacting zones shown as cross-hatched areas in Figs. 9.1 and 
9.2, combustion chemical reactions will be assumed to occur as in a micromixed 
WSR. In the dilution zone of the main burner, on the other hand, because no further 
chemical reactions occur the flow can be assumed to be macromixed. 

The Bragg criterion. A self-stabilized, steady-state, steady flow combustion 
system, such as that in a gas turbine engine, requires two distinct subregions, 
known as the primary and secondary zones. An idealized main burner with a WSR 
primary zone and a PFR secondary zone is known as a "Bragg combustor" and is 
illustrated in Fig. 9.6. 

As the actual primary zone is a region of intense backmixing or recirculation, 
it is idealized or modeled as a WSR, within which inflowing reactants are mixed 
with previously burned gases that are continuously recirculated within the primary 
zone. The effluent from the primary zone, being a mixture of reactants, products, 
and reaction intermediates, is necessarily at a combustion efficiency of (typically) 
less than 80%. 

The main function of the secondary zone, which is idealized as a PFR, is to allow 
sufficient convective residence time or "stay time" for the primary zone effluent 
to burn out (approach 100% combustion efficiency) before exiting the combustor. 

In aircraft gas turbine design, where combustor volume, weight, and frontal 
area are limited by airframe considerations, this question naturally arises: "Given 

J Air WSR 
--1 

Fig. 9.6 Bragg combustor, an idealized gas turbine combustor with WSR primary 
zone and PFR secondary zone. 
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a fixed axial distance and/or spatial volume within which combustion must take 
place, what is the optimal division of this space between primary and secondary 
zones?" The answer, arrived at first through chemical reactor modeling and later 
verified in practice, was summarized in the late 1940s by S.L. Bragg, a pioneer in 
British gas turbine development, in what has become known as the Bragg criterion: 
The max imum overall combustor efficiency occurs when  the primary zone is 
operating at incipient blowout, lo 

This is not intuitively obvious, as the smallest value of primary zone combustion 
efficiency occurs at incipient blowout! However, at incipient blowout the chemical 
reaction rate in the primary zone is at its maximum value, and also the primary 
zone effluent has its highest concentration of reaction intermediates. In addition, 
the maximum secondary zone volume provides the greatest convective stay time 
possible to promote near-complete combustion at secondary zone exit. However, 
in actual practice combustors are never operated at incipient blowout because 
experience shows that incipient blowout means eventual blowout! 

Blowout. To illustrate these flameholding concepts, a greatly simplified ver- 
sion of the atom-balance equation [Eq. (9.5)], will be employed, in which it is 
assumed that, for fuel-lean mixtures only (4~ < 1), the excess air remaining after 
CO2 and H20 are formed is simply present as a diluent: 

79 ~CxHyq- (x~- 4) {O2q- -~N2 } 

/ --+ x~bCO2 + 2~bHzO + (1 + Y ) (1 - ~b)O2 + ~ N 2  (9.20) 

Also, for incomplete combustion, the atom-balance equation Eq. (9.20) may be 
further generalized as 

79 N / ~)Cxny-~-(x "~Y) 02"~- ~ 2 / 

~e(l-~cx~y+xeEco2+~eEH2O+ +~) (l-ee~o2+~i 2 / 

(9.21) 

where e is the "fraction reacted" or combustion reaction progress variable, also 
commonly known as the combustion efficiency. 

When e = 1 in Eq. (9.21), the maximum value of T, the adiabatic flame tem- 
perature TAFt, is realized. This temperature is determined by the energy balance 
equation, Eqs. (9.9) and (9.10), which may be very well approximated by the linear 
equation 

dpfsthpR 
TAFT "~ Ti "q- - -  -- Ti -}- (b ATma x (9.22) Cp 

where ATmax is the maximum temperature rise when both ~b = 1 and e = 1. 
The static temperature T and the reaction progress variable e can be similarly 
represented by the linear equation 

T=Ti+e(TAvr-Ti)=Ti+e(qSfs th '~-- - - - - - -~R] = Ti + eq~ATmax (9.23) 
\ Cp / 
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The volumetric mass rate of consumption of the fuel (Ibm fuel/s-ft 3) can be 
expressed by a modified Arrhenius equation for the overall combustion reaction 

RRf = MfAe-Tact/T[CxHy][02] Ibm fuel/s-ft 3 (9.24) 

where M y  = 12x + y is the apparent molecular weight of the fuel, A is the 
pre-exponential factor, Taa is the activation temperature of the reaction, and the 
square-bracket terms denote the concentration (mols per unit volume) of fuel and 
of oxygen, respectively. 

The concentrations of fuel and oxygen may be expressed in terms of their 
respective mol fractions Y, the mixture static temperature T, static pressure P, 
molar density~, and the universal gas constant/~, by 

[CxHy] = PYGHy = YGHy and [ 0 2 ]  = PYo: = Yo: 

The volumetric mass rate of disappearance of the fuel may then be rewritten as 

RR f = My Ae-  Tact/T YG l-b Yo2 (9.25) 

The sum of the product mol numbers on the right-hand side (RHS) of Eq. (9.21) 
is given by 

100 ( X +  4 )  + ¢ [ 1  + ( 4 -  1) e ] (9.26) ~Np = 21- 

SO that the mole fractions of fuel and oxygen may be written from the RHS of 
Eq. (9.21) as 

¢(1 - e) (x + Y) (1 - Ce) 
Ycx Hy - -  E Np and Yo2 = Z Np 

respectively. With these subsitutions for mole fractions, Eq. (9.25) becomes 

R e f - - = M f ( x + 4 )  dpAe-Tact/Z( P )2 RT-ENp (1 - e)(1 - Ce) (9.27) 

With the substitution of Eq. (9.26) for ENp and Eq. (9.23) for T, Eq. (9.27) 
can be written with only the reaction progress variable e as an independent variable. 

Note the limiting values of RRf in Eq. (9.27) for varying values of the reaction 
progress variable e. Clearly, RRf approaches zero as e approaches 1. However, 
note that RRf does not approach zero as e approaches zero, but rather to a small 
positive value. Equation (9.27) is plotted on Fig. 9.7. 

From inspection of Fig. 9.7, it can be seen that there is an optimal value of 
e between 0 and 1 (and corresponding temperature between T/ and TAFT) for 
which RRf is a maximum. As one might guess, a design goal for afterburners and 
combustor primary zones is to achieve as nearly as possible this maximum value 
of RRT at some location in the combustion device. 

The next question to be addressed is: Which operating point on Fig. 9.7 will be 
realized in practice? To answer this, the principle of conservation of fuel mass is 
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E 
Fig. 9.7 Variation of volumetric rate of consumption of fuel RRf with combustion 
progress variable e [Eq. (9.27)] (not to scale). 

invoked, applied to a steady flow, steady-flow well-stirred reactor that represents 
the primary or flameholding zone: 

i?l fi n = 171fout -~- V RR f (9.28) 

where V is the volume of the WSR modeling the combustor primary zone. By 
definition of the reaction progress variable, r'nfout = (1 - e ) r h f i  . .  Further, by 
definition of the equivalence ratio 4> and the stoichiometric fuel-air ratio f s ,  rh fin = 
4~fstrhA, where /?/A is the mass feed rate of air into the WSR. With these two 
substitutions Eq. (9.28) may be rewritten as 

R R I = ( ~ ) ~  (9.29) 

Equation (9.29) is plotted on Fig. 9.8, together with Eq. (9.27) from Fig. 9.7. 
For fixed values of the parameters ~b, fst, and V in Eq. (9.29), the slopes of the 

three lines shown on Fig. 9.8 are directly proportional to the air mass flow rate rhA. 
For line a, which has the lowest value of rnA, there is only one intersection with 

the curve of RRf  of Eq. (9.27). It can be seen that, for vanishingly small values 
of rnA, the progress variable e approaches 1 asymptotically. Line b, however, has 
three intersections with the RRI curve. Which of these three states can or will be 
established in the WSR, for this increased value of thA? 

It can be shown that the middle branch solution is thermodynamically unstable, 
but that either of the other two solutions may be realized in practice. 7,8 The lower 
branch, "cold flow" solution represents the case where the air-fuel mixture is 
flowing steadily through the WSR, but no ignition source has been introduced. 
The upper branch solution represents the case of interest, namely, the stable "hot 
flow" solution, which is established following ignition and subsequent removal of 
the ignition source. 
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Superimposed plots of Eqs. (9.27) and (9.29). 

For stable upper branch solutions, further increases in #/A beyond that of line b 
result in decreasing values of e, up to that value of rha, which results in a solution 
corresponding to the maximum value of RRf. Further small increases of/~/A are 
permitted up to the case shown as line c, which is tangent to the RRf curve. It 
can be seen that any further increase in rha will cause a jump to a unique lower 
branch solution! This observeable phenomena of abrupt flame extinction is called 
blowout or flameout. 

In practice, it is not possible to reignite the flameholding region, represented 
in our model by a WSR, simply by reducing #/a to its former value just prior to 
blowout. It is necessary to reduce/hA to a much lower value, say that of line a, 
so that the same ignition source used for initial startup can be employed. This 
hysteresis effect is known in practice as the in-flight restart problem. 

9.1.3.2 Combustor loading parameter. The intersections of the two 
curves on Fig. 9.8 graphically represent equating the two equations for RR I given 
by Eqs. (9.27) and (9.29): 

RRf=Mz(x+~)¢Ae-T"¢t/T(RT-~Np) ( 1 - e ) ( 1 - q ~ s ) = ,  - -  ~ - -  

(9.30) 

When the term RR[ is eliminated by equating the two right-most terms in 
Eq. (9.30), and by rearranging terms, one can obtain the relation 

I - -  l~'lA -- m f ( x  + 4)  Ae -T"c t /T (1 - s ) (1 - (pe )  (9.31) 

VP 2 efst(R T E Np)2 

The grouping of terms on the left-hand side (LHS) of Eq. (9.31) is called the 
"air loading" I ,  or simply the "loading," in gas turbine combustion terminology. 



346 AIRCRAFT ENGINE DESIGN 

Note the strange, mixed units: lbms air per second per unit volume per pressure 
squared. 

In gas turbine practice the air loading concept is applied not to the primary zone 
volume as in the present analysis, but rather to the volume of the entire combustor. 
When so applied, it is called the combustor loading parameter (CLP), defined by 

/'h A 
CLP "-- ~ lbm/s-ft 3- (atm) n (9.32) 

The exponent n in Eq. (9.32) has been found empirically to be closer to 1.8 
than 2. Because the entire combustor as a whole does not satisfy the assumptions 
necessary to model the primary zone as a WSR, it should not be surprising that 
this minor disagreement between theory and practice exists. 

The value of the CLP defined by Eq. (9.32) is that it reflects the influence of the 
most important parameters affecting combustion flame stability, namely, airflow 
rate, combustor volume, and static pressure. Although the combustor volume is 
a design parameter, both the airflow rate and combustor pressure are operating 
parameters, controlled in practice by throttle setting and flight altitude. 

9.1.3.3 Combustor stability map. Note that the right-hand side of Eq. 
(9.31) contains all six of the WSR parameters--A, Tact, Mf,  fst, R, and ~b--and 
the two independent variables e and T, which, as has been shown, are related 
through the approximate energy conservation Eq. (9.23). By fixing all six parame- 
ters, and then varying e systematicall~y, Eq. (9.31) can be solved for the correspond- 
ing values of air loading I = rn/VP ~. By repeating the calculation for varying ~b, 
a complete performance and stability map of the primary zone can be constructed, 
as shown in Fig. 9.9. 

It has been mentioned in connection with Eq. (9.19) that solutions to the chem- 
ical kinetic WSR equations solutions have features not present in ODE solutions, 
such as multiple stationary states and attendant hysteresis phenomena. Figure 9.10 
illustrates stationary-state solutions of the WSR kinetic equations for varying 
values of the loading parameter I = r'n/VP 2, superimposed on the equilibrium 
solutions illustrated in Fig. 9.3. In the limit as I --~ 0, the residence time in the 
control volume is infinite, and so there is ample time for the chemical reactions 
to reach equilibrium. At the other limit, I ~ cx~, there is zero residence time for 
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Performance and stability map of a WSR, from Eq. (9.31) (not to scale). 
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Fig. 9.10 Variation of WSR chen~cal kinetic stationary states wRh loading parameter 
I = m / v P  ~ (Ref. 9). 

the reactions to occur, so that the reactants simply exit the control volume without 
chemical change, with combustion efficiency e given by Eq. (9.23). 

As the loading is increased from zero to 11, there is now finite residence time 
in the control volume, and so the reactions fail to reach the equilibrium state, and 
their temperature is lower than the AFT, as illustrated by curve 1 in Fig. 9.10. 
Further increasing the loading to 12 causes further reduction in stationary-state 
temperature as a result of incomplete combustion. 

9 .1 .4  Stirring and Mixing 
In the main burner, round jets and swirling annular jets are utilized to mix fuel 

and air to flammable proportions, and to mix burned gases with fresh reactant 
gases, for both flameholding and burnout to completion. In the afterburner, these 
same ends are achieved by shear layer mixing between co-flowing streams. In this 
section the fluid mechanics and aerodynamics of these three fluid mixing systems 
are presented in order. 

9.1.4.1 Round jets. Consider the turbulent jets of fluid issuing from sharp- 
edged, round holes, such as those shown in Fig. 9.1, for admitting air into the 
secondary and dilution zones of the main burner. 

In Fig. 9.11 the annulus and liner regions are assumed to be semi-infinite reser- 
voirs containing two different fluids having mass densities PA and PL, respectively. 
The fluids will be assumed to be "Boussinesq" fluids, that is, they are incompress- 
ible, with mass densities that vary with temperature but not with pressure. 11 

If the liner region has a lower static pressure than the annulus region above, 
the pressure difference causes a jet to flow through the hole of area Ah = rrd2/4. 
As the locally reduced pressure around the hole draws the fluid into the opening, 
a vena contracta forms, so that the entering jet velocity Vj occurs at the reduced 
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Fig. 9.11 Turbulent jet issuing through a round hole between two fluid reservoirs. 

flow area Aj = nd2/4. For a sharp-edged "plain" hole, as shown in Fig. 9.11, 
the vena contracta diameter ratio is approximately dj = 0.8dh. For a round- 
edged "plunged" hole, as shown in Fig. 9.12, the vena contracta diameter ratio is 
about dj = 0.9dh. The corresponding jet-to-hole-area ratio is called the discharge 
coefficientl2: 

0.64 for plain holes 
CD90'. = 0.81 for plunged holes (9.33) 

Because the flow is isentropic from the upper reservoir to the vena contracta, 
Bemoull i ' s  equation is applicable. The jet velocity Vj is therefore uniquely deter- 
mined by the static pressure difference across the orifice: 

1 
PA = Pj + ~Pj V 2 (9.34) 

vena contracta / /~ 'j' I~ I ~ I1 ~ 
~ . . ,  ,,',o~ent~a ~core ~ t // ~ I I 

s - , / ' -~7- /~ .~  transition zone 
, Y/~/___~ '\ (macromixing) / '  

Fig. 9.12 Time-averaged properties of a turbulent round jet. 
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The static pressure at the vena contracta is equal to that of the liner (lower) 
region, and the mass density is equal to that from the annulus (upper) reservoir, 
and so the jet velocity Vj may be written as follows: 

g j = ~ 2 (  PA-~PL (9.35) 

Downstream of the vena contracta, all of the kinetic energy in the jet is converted 
to thermal energy by turbulence and subsequent viscous dissipation. Because both 
reservoirs are at rest far from the orifice and jet, the total pressure drop for the flow 
from annulus to liner is equal to the static pressure drop: 

APt -- PtA -- PtL = ~PA V2 = qj (9.36) 

An annular shear layer forms at the interface between the jet and the surround- 
ing fluid, which causes ring vortices to form at the fluid/jet interface. The onset 
of Kelvin-Helmholtz instability causes them to intermittently form into distinct 
"smoke ring"-like structures, which grow in size as they are washed downward by 
the action of the jet momentum and viscous shear forces. As the shear layer grows 
inward towards the jet centerline, the potential core is finally consumed. 

The rolling up of the ring vortices engulfs or entrains pockets of the liner fluid 
into the annulus fluid, stretching the interface between the two fluids, thereby 
reducing the "scale of segregation ''13 between the two mixants. This process of 
scale reduction is called "stirring," "near-field mixing," or "macromixing "'8'9 

After a sufficiently long convective time (that is, distance) downstream of jet en- 
try, the stretching of the mixant interface has reduced the scale of segregation to the 
point that molecular diffusion can complete the process of molecular-scale mixing. 
The result of molecular diffusion is to eliminate the mixant interface and produce a 
molecularly homogeneous mixture, at whatever mixture ratio the system dynamics 
dictates. This latter process is called "far-field mixing" or "micromixing". 

Figure 9.12 shows the time-averaged properties of the mixing jet. The length of 
the potential core varies from about 5 dj to 7 dj as the jet Reynolds number varies 
from 104 to 105 (Ref. 14), it can be taken to be ~ 6 dj for purposes of preliminary 
design. The mixing transition point, the point at which a significant amount of 
micromixing has occurred, is about 10 dj downstream of the vena contracta. 

Downstream of the potential core, the jet grows linearly with y at a coni- 
cal half-angle ~r ~ 7 deg, so that the jet width ~ varies with y as ~ = dj + 2y x 
tan cr ~ 2y tan cr where, for y sufficiently large, dj can be neglected compared to 
2y tan a (Ref. 14). 

The micromixed region occupies about one-half the jet width, so that the part of 
the jet that has both entrained and micromixed the two fluids grows approximately 
a s  

6m -~ ytan~r = 0.123y 

Assuming that the y momentum in the jet is conserved, 

pj 1)232 2 2 = PA V) dj = const. 

(9.37) 

(9.38) 
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Annulus 

Fig. 9.13 Two round jets with same velocity, but with hole diameters different by a 
factor of  2. 

then the average y component of the jet velocity Uj varies inversely with y as 

Vjdj 1 
vj = '--~/ p j  2-~an-a y (9.39) 

In Fig. 9.13 a pair of jets are shown issuing through two round holes, the diameter 
of the hole on the left being two times that of the hole on the right. 
Figure 9.13 illustrates that, although the pressure difference between the reservoirs 
uniquely determines the jet velocity and total pressure loss [Eqs. (9.35) and (9.36)], 
the hole diameter uniquely determines the penetration depth and structure of the 
jet [Eqs. (9.37-9.39)]. For the case shown, the mass flow rate through the larger 
hole is four times that of the smaller hole. 

9. 1.4.2 Jet flowing into a cross stream. Figure 9.14 is a schematic draw- 
ing of a turbulent round jet flowing from the upper annulus reservoir into the liner 

z j ~  _ , - .x  

mi×Jng ~ \ \ 

Fig. 9.14 Jet issuing from a reservoir into a cross stream. Is 
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region, as before. However, the liner fluid is now also in motion, flowing from left 
to right with a velocity UL. The cross-stream flow sees the vertical jet as a cylindri- 
cal obstruction in the flow, and so it exerts an aerodynamic drag force upon it. The 
jet, being a compliant structure rather than a rigid cylinder, deforms in response 
to the drag force and is bent up horizontally as it is washed downstream. 

In addition to the jet entrainment as a result of the sequence of ring vortices, 
as sketched in Fig. 9.11, there is now an additional set of horseshoe vortices, as 
depicted in Fig. 9.14, which have vertical vortex filaments, established in the wake 
of the jet. 15 This creates a second mixing system extending in the x direction that 
is, downstream in the sense of UL--in addition to the jet mixing region as a result 
of the ring vortices, which extends in the y direction, downstream in the sense of 
vj. 

An expression for the trajectory of the jet centerline is given by Lefebvre2: 

Y 0.82 j0.5 ( X  ~ 0"33 / g A  V 2  qj 
--dj = \~j-j/  where J - pL--U 2 -- qL (9.40) 

A derivation of Eq. (9.40) can be found in Ref. 14. 
As the jet mixes out into the flowing stream, the jet centerline must eventually 

become parallel to the velocity UL. However, the one-third power exponent in 
Eq. (9.40) does not approach an asymptote for Y as X increases, so Eq. (9.40) 
describes the jet trajectory only in the near field. Lefebvre gives an empirical 
equation for the asymptote, namely, the maximum jet penetration depth, 2 

Ymax - -  1.15 j0.5 (9.41) 
d: 

9.1.4.3 Jet from a crossflowing annulus. I f  the fluid in the annulus is 
moving from left to right at velocity UA, as  depicted in Fig. 9.15, then the fluid 
entering the jet carries with it its axial momentum flux/9 3 U 2 in addition to the 

. . . . .  t '~¢  . . . . . . . . . . . . .  ~ - # 1 1 #  . . . . . . . . .  -' . . . . . . . . . . . . . . .  

Ut. " 

Fig. 9.15 Jet issuing from an annulus with velocity UA into a stream with velocity 
UL (Ref. 2). 
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y direction (vertically downward) momentum flux PA g 2 generated by the differ- 
ence in static pressure between the annulus and liner regions. Consequently, the 
entering velocity Vj = 2v'2A~t/pA is now inclined at an angle 0 as shown, where 
0 = cos -1 (UA/Vj). Obviously, the inclination of the jet at entry must affect both 
the discharge coefficient CD and the jet penetration trajectory Y(X). 

The discharge coefficients of Eq. (9.33) are corrected for jet inclination by 16 

CD=CD9oo(1--U~=Co9oo(1 -qA) W: } -~j : CD90° sin20 

0 < 0 _ < 9 0 d e g  (9.42) 

and, according to Lefebvre, 2 the jet trajectory Eqs. (9.40) and (9.41) must be 
corrected as well, by multiplying them by sin 0: 

and 

( t Y 0.82 j0.5 sin 0 = 0.82 qj qA 
d j \ d j ] \-dj ] -~L 1-- --~j (9.43) 

Y m a x - l . 1 5 J ° ' S s i n O = l . 1 5 ~ (  1 q : )  dj - (9.44) 

Finally, note that these jet trajectory and penetration depth estimates are for a 
single jet. If  many jets are located near to each other, their collective jet penetration 
is less than that given by Eq. (9.44). 9 

9.1.4.4 Swirling annular jets. The primary combustion air in the main 
bumer enters axially through an annular swirling jet, with sufficient swirl to cause 
a strong flow reversal on the axis of symmetry immediately downstream of the 
annular jet. By design, the air swirler surrounds the fuel injector or atomizer, so 
that all of the main burner fuel is captured, vaporized, and mixed with primary 
air in the swirler-induced recirculating flow. In addition, the combustor dome is 
usually shaped so that all or mostly all of the swirling air is also captured in the 
recirculation eddy, unlike the open-face swirl burner illustrated in Fig. 9.16. 

If swirl were not present in the annular jet, a small bluff-body recirculation zone 
would still be established behind the aft surface of the air-blast atomizer at the 
core of the assembly. Because the geometry is axisymmetric, there would be no 
preferred direction for the recirculating flow, and so velocities in the wake region 
would probably be random or chaotic--not a good basis for establishing a stable 
flame. 

The addition of a sufficient amount of swirl to the annular air flow changes all 
that. The tangential component of velocity of the swirled air creates a toroidal 
shear region, and if the swirl is sufficiently strong, centrifugal pressure gradients 
are set up of sufficient strength to induce a reverse (downstream-to-upstream) flow 
on the symmetry axis. The two effects combine to form a toroidal vortex system, 
with a small toroidal region of micromixed fuel and air at its core. 

The geometry of a single annular swirler looks just like that of a compressor inlet 
guide vane, except that the annulus radii are measured from the axis of symmetry 
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Fig. 9.16 Streamlines of recirculation eddy in swirling annular jet, for swirl number 
S' = 1.57 (Ref. 17). 

of the atomizer/swirler assembly, and not from the engine axis. Denoting the inner 
("hub") radius of the annular area by rh and the outer ("tip") radius by rt, the axial 
flow area of each swirler is simply Asw = rr(r 2 - r2), neglecting the thickness of 
the swirl vanes. 

The swirler vanes are designed with a solidity of about one, at an off-axial angle 
~,w such that the air leaving the swirler at velocity Vj has axial and tangential 
velocity components U = Vj cos Ot,w and W = Vj sin asw, respectively. Note 
well that this value of Vj is precisely the same jet velocity determined by the 
combustor total pressure drop given by Eq. (9.36), 

1 2 
APt  "-- Ptr - PtL = ~ pr Vj 

and that the discharge coefficient for the annular jet is simply Co = CD90 o COS Olsw , 
where Co9o. is the sharp-edged hole discharge coefficient given by Eq. (9.33). 

The amount or degree of swirl imparted to the flow is quantified by the swirl 
number S t, defined by 17 

S ' -  G~/Gtxr t (9.45) 
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where G o and G' x are the axial fluxes of tangential and axial momentum, respec- 
tively, 

rt rt 

f f Ge - (Wr) pU(2~rr)dr = (U tanu)27rpU r2dr  = 5 ~ p U  [r 3 - r  3] 

rh rh 

(9.46) 
and 

rt rt 
g o  

- /r r = 7rpU2 [r2t - r~] (9.47) 

rh rh 

so that the swirl number is given by 

S' 2 [1 - (rh/rt)31 (9.48) 
= -~ tanotsw 1 (rh/rt)2.] 

It has been found experimentally that a swirl number of at least 0.6 is required 
to cause on-axis recirculation. Increasing the swirl number beyond 0.6 increases 
the axial length of and rate of  entrainment into the recirculation zone, but does 
not significantly increase its width. The rate of  entrainment of swirler air into the 
recirculation zone is given approximately by the recirculation ratio 2 

mrecirc ~ 0.1(S,)3 for S' < 2.5 (9.49) 
l n s w  

from which it can be seen that the reverse mass flow rate in the bubble can actually 
exceed the flow through the swirler vanes, for swirl numbers just a little greater 
than 2. 

However, because the Bragg criterion says that the primary zone should be as 
short as possible, S' between 0.6 and 1.0 would appear to be optimal. 

Because the hub-to-tip ratio of  the axial swirler will likely be in the range 
0.7-0.9, it can be estimated from Eq. (9.48) that, for a swirl number S' = 0.6-1.0, 
a vane angle in the range Oqw = 35 to 50 deg will be required. 

The volume of  the recirculation bubble may be estimated by Vol ~ Lzr rt 2, where 
L is the axial length of  the recirculation bubble and rt is the tip radius of the swirl 
vanes, and L in turn is estimated by 

L ~ 2S'rt (9.50) 

from inspection of  the sparse swirler data available, namely, Figs. 9.16 and 9.17. 
The mean residence time or "stay time" for the air, fuel, and hot gases in the 

recirculation bubble is estimated as 

Pr Vol przr rZ L 2S'rc r3t 2S' rt 
t s -  - - - -  ~ -- (9.51) 

2 2 &Pz praswU 7r(r 2 - rZ)U (1 - rh/r  t )Vj cos ~sw 

Note that the mass flow rate of  the fuel has been neglected in arriving at these 
estimates. 
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Fig. 9.17 Size of recirculation zone as function of swirl number S:. 17 

Finally, it may be assumed that the micromixed portion within the toroidal vortex 
is only about one-eighth of the volume of the primary zone recirculation bubble. 
This very rough estimate will be the residence time of the primary zone WSR used 
for chemical kinetics flame stability calculations in the KINETX program. 

9.1.4.5 Shear layers. The afterburner utilizes turbulent shear layers for 
both flameholding and flame spread, as depicted in Fig. 9.2. To understand this 
method of mixing, consider two uniform, parallel flowing streams of gas flowing 
continuously over a splitter plate, as shown in Fig. 9.18. Immediately downstream 
of the splitter plate, the axial velocities are U1 and U2. For clarity, it is initially 
assumed that the pressures and densities of both streams are equal and constant, 
and that boundary layers on the splitter plate and duct walls can be ignored. 18 

If the two velocities differ, for example if U1 > U2, a shear layer is generated 
at the interface between the two streams, in which momentum is transported lat- 
erally from the faster to the slower stream. Not only are vorticity and momentum 
transported laterally within a shear layer, but also thermal and mechanical energy, 

Fig. 9.18 Mixing of parallel streams of air and gaseous fuel in a shear layer for 
U1 > U2. Dashed curves at mixant boundaries indicate molecular diffusion. Cross- 
hatched area represents fully micromixed region. 
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and mass (molecules) may be transported laterally as well. If  the two streams have 
different molecular identities, the shear layer is also a mixing layer. By analogy 
with the definition of boundary layer thickness, the mixing layer thickness ~m is 
defined as the region within which the mole fractions of mixant gases differ by 1% 
or more from their respective values in the unmixed streams. 

The velocity ratio r = U2/U1 and the velocity difference AU = U1 - U2 are 
related to the mean convective velocity U¢ = ( U1 -+- U2)/2 by 

1 - r  

For very small A U the shear layer may be laminar and time steady. As the 
velocity difference A U between the two streams is increased, the laminar shear 
layer becomes unstable, and large vortices are periodically formed between the 
two streams, just as in the case for round jets, as shown schematically in Fig. 9.18. 

The cross-hatched area shown in the third vortex structure in Fig. 9.18 represents 
the fully micromixed region. Of course, molecular diffusion occurs continuously at 
the fuel-air interface immediately after the splitter plate, and the fully micromixed 
end state is simply the cumulative result of interfacial diffusion. 

The time-mean growth rate of a turbulent shear layer is given approximately 
by 19 

~ 3B 2 1 - r (9.53) - - -  

X 

where ~ is the local shear layer width at a distance x downstream of the splitter 
plate, and where B is the ratio of the Prandtl mixing length ~m to the shear layer 
width, B = f.m/& The ratio B is an empirical constant and can only be determined 
from experimental data. 19 A time-averaged picture of the growth of the shear layer 
and embedded mixing layer is shown in Fig. 9.19. 

In a recent survey of post-1970 research on turbulent mixing layers by 
Dimotakis, 18 the time-mean shear layer growth rate for constant and equal densities 
was found by many researchers to be given by 

1 - r  

X 

/ 

" 3  
/ 

Fig. 9.19 Growth of time-averaged shear layer thickness 6 and ofmicromixed mixing 
layer thickness 6m, following mixing transition. 
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where C~ was reported as varying from 0.25 to 0.45. Note that Eqs. (9.54) and (9.53) 
are of the same form and differ only in the representation of the proportionality 
constant. 

When the mass densities in the two streams are different, the convective velocity 
Uc is given by 18 

U 1 -~- Sl/2U2 
Uc -- 1 + s72 (9.55) 

where s = P2/Pl. The corresponding growth rate of the shear layer is also consid- 
erably more complex than Eq. (9.54): 

C,s( 1-r ) ( ~ )  { (1--s1/2)/(l+slh) } 
x = 1 + s'/2r 1 - 1 + 1.29(1 + r ) / ( 1  - r )  (9.56) 

Note that Eq. (9.56) reduces to Eq. (9.54) when s = 1. 
By inspection of Fig. 9.18, it is apparent that, at any axial station, micromixing 

(indicated by dashed lines) is not complete throughout the shear layer. In fact, 
for the first one or two vortices sketched in Fig. 9.18, it may be seen that com- 
paratively little micromixing has yet occurred. The distance downstream of the 
splitter plate at which significant amount of mixed fluid is first present is called the 
mixing transition point. The mixing transition occurs approximately at the point 
where 

(UI -- U2)~ ~ 10 (9.57) 
P 

where v is a representative average value of the molecular kinematic viscosity 
within the shear layer. Following the mixing transition, the time-averaged mi- 
cromixing layer is observed to grow approximately as a constant fraction of the 
shear layer, 

~m 
- -  ~ 0.49 (9.58) 

as illustrated in Fig. 9.19. 
The composition of the gases within the mixing layer is characterized by the 

volumetric entrainment ratio Ev, defined as the volume ratio of high-speed fluid 
to low-speed fluid entrained within each vortex structure, that is, "wrapped up" 
into each vortex or "jelly-roll" structure as shown in Fig. 9.18. The volumetric 
entrainment ratio is observed to depend on both the density ratio and velocity 
ratio ~s as 

1 - r  

The corresponding mass-basis and mole-basis entrainment ratios Em and En are 
given by 

Em=--Ev and E . =  M2Em (9.60) 
s M~ 
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where M1 and M2 are the mean or apparent molecular weights of the gases in 
streams 1 and 2, respectively. TM 

9.1.5 Total Pressure Loss 

The main burner or combustor is the engine component immediately down- 
stream of the high-pressure compressor. For reasons to be shown presently, the 
main burner requires an inlet velocity which is much lower than that leaving 
the high-pressure compressor, so that the flow velocity must be greatly reduced 
between these two components. As the required flow diffuser inserted into the 
flowpath is a passive device, adding neither mechanical nor thermal energy to the 
flow, it is not clear from a strictly logical point of view where design responsibility 
for this component should lie. Historically, it has been regarded as a part of the 
main burner, and so it is included here. 

In this section it will first be shown how to estimate the main burner diffuser total 
pressure loss. Next, the principal source of total pressure loss in the main burner 
liner (see Fig. 9.1) namely, stirring and mixing with jets, will be considered. Finally, 
the total pressure loss in the afterburner (see Fig. 9.2) will be analyzed. 

A number of assumptions will be made in common for all of the derivations 
to follow. They are as follows: 1) flow is quasi-one dimensional, 2) mass density 
varies with temperature, but not with pressure, n 3) combustion in the main burner 
is at constant pressure, and 4) the mass flow rate of fuel is neglected compared to 
that of air. 

9. 1.5.1 Flat-wall diffuser. Although the purpose of a flow diffuser is to 
reduce axial velocity in order to gain static pressure, this must be accomplished 
in a very short axial distance and with a minimal loss of total pressure. As with 
the diffusing flow in compressor blade passages, this is not easily accomplished 
without flow separation. The geometry and nomenclature of a generic fiat wall 
diffuser with flow-straightening section are shown in Fig. 9.20. The entry and exit 
stations of Fig. 9.20 correspond to compressor outlet, station 3.1, and burner inlet, 
station 3.2, respectively, in Fig. 9.1. Typically, an area ratio AR = A2/A1 of 3 to 5 
is required to diffuse the flow, although an area ratio as great as 10 or even 20 may 
be required for some engine designs. A "tailpipe" of length La can be added for 
improved performance. 

\ 

L tan8 + 2/_/--~ H 2 

Fig. 9.20 Geometry of a flat-wall diffuser with tailpipe. 2°m 
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Strictly speaking, both the main burner and afterbumer diffusers are annular 
diffusers, rather than the planar diffuser pictured in Fig. 9.20. Because an annular 
flow passage has inner and outer radii ri and ro, respectively, the geometrical 
variables that define the shape of an annular (quasi-flat-wall) diffuser are given by 

A R  --  A2 - -  H2rm2 --  1 + 2rmz L tanO 
A1 H1 rml rml HI  

o r  

L t/rml"~ ( A R -  1) 
H-~ = I Ikrm21 2tanO (9.61) 

where H is the radial height H = (ro - ri) and rm is the mean radius, r,, -- (ro +ri) /2 .  
Note that when the inlet and exit mean radii are equal Eq. (9.61) reduces to the 
geometrical relationship for a planar flat-wall diffuser given on Fig. 9.20. 

There are a number of measures used to characterize the performance of a 
diffuser. The pressure recovery coefficient Ce is defined by 2°'21 

P2 - P1 
C p _4_ (9.62) 

ql 

In the case of isentropic flow, that is, flow with neither wall friction nor flow 
separation, and with the assumptions listed at the beginning of this section, con- 
servation of mass leads immediately to the ideal pressure recovery coefficient 
Cpid:  

( / ° 2  - -  el) ise n ql - qZisen 1 
Cpi d ----" - -  -- 1 - - -  (9.63) 

ql ql A R  2 

The ratio of actual-to-ideal pressure recovery is a logical measure of diffuser 
performance and is called the diffuser effectiveness or diffusion efficiency r/D, 

Ce 
OD -- (9.64) 

Cpid 

It is interesting to note that ~/D defined by Eq. (9.64) is identical to the isentropic 
diffuser efficiency 0D defined by the ratio of ideal-to-actual enthalpy change, 22 

h2s - hi 
OD - - - -  (9.65) 

h 2  - h i  

The total pressure loss coefficient is defined by 

( ~ ( 1 ) APt _ P t l - P t 2  = C m d - C p  = 1 - ~ - ~  ( 1 - - ~ n )  (9.66) 
\ ql ID ql 

and the related total pressure ratio ~o is 

t ) t 2  (APt/ql)D (1 - 1/AR2)(1 - riD ) 
7"/" 0 ~ "  - -  1 -- 1 - (9.67) 

Ptl  1 + 2 / v M  2 1 + 2/vM21 

All of the preceding figures of merit are useful, depending on the perspective 
or interest of the designer. If the primary design goal of the diffuser is maximum 



360 AIRCRAFT ENGINE DESIGN 

20 

Fig. 9.21 

100 ° , , , ,  

Jet flow (Dump) 
7o 

d ~ . ~ _ ~ ~ ~  s t e a d y ~ ~ s t a l l  \ ~  
40 

/ ~ t a l l  ""  -,... 

20 ~ 1 ~  - -  ""  - -  Maximum 

10 ° 

7 

4 

2 

,o 

2 4 7 10 20 40 100 

L / H  I 

Operating regimes of a flat-wall diffuser without tailpipe. 2°'21 

static pressure recovery, then both Cp and OD are of interest. If  a design goal is 
to minimize adiabatic irreversibility (entropy rise or, equivalently, total pressure 
loss), then rlD, (APt  / qr)D, and no  are all of interest. 

The operating regimes of a flat-wall diffuser without tailpipe are shown in 
Figs. 9.21 and 9.22. It can be seen from Fig. 9.21 that the possible operating 
regimes for a flat-wall diffuser are a veritable snake's nest of flow phenomena. 
In the "no stall" region below curve a-a, flow remains attached to the walls, but 
performance is suboptimal because of excessive friction resulting from very long 
walls. The best performance occurs in the "some stall" region, bounded by a-a 
and b-b, even though the flow in this regime is in mild transitory stall, that is, 
alternately separating and reattaching to the walls. In the "large transitory stall" 
region bounded by b-b and c-c, the flow is oscillating so vigorously from wall to 
wall that the flow patterns are highly unstable, and total pressure loss is conse- 
quently excessive. In the "bistable steady stall" region bounded by c-c and d-d, 
the flow separates completely from one wall and attaches to the opposite wall. 
Finally, above d-d, the flow is separated from both walls and enters the diffuser 
as a core jet flow, which eventually reattaches to the downstream walls, if there 
is sufficient axial length to do so, as for example a tailpipe of some length Ld as 
shown in Fig. 9.20. When operating in the jet flow regime, the diffuser is called a 
"dump" diffuser. 

There is a "sweet spot" in the operating map, represented by the "bullseye" 
in Figs. 9.21 and 9.22. For this particular geometry, namely, 20 --~ 9deg and 
L/H1 "~ 18, both the maximum achievable Cp and a near-maximum diffusion 
efficiency r/D are realized. This optimal value of diffusion efficiency can be 
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Fig. 9.22 Contours of diffuser effectiveness on performance map of flat-wall diffuser 
without tailpipe and with thin inlet boundary layers, Bt  ~ 0.018. 

represented approximately by an empirical relation, 2° 

/7D9 ~ 0.965 -- 2.72Bt 0.01 < B t < 0.12 (9.68) 

where Bt is the thickness of the turbulent boundary layer at diffuser entry. Note on 
Fig. 9.22 that the diffuser efficiency ~o is very nearly constant with varying L/H1 
for a constant wall angle 20 = 9 deg for values of L/H1 between "-- 4 and --- 20. 
The corresponding range of area ratios, determined from the geometrical relations 
of Eq. (9.61) and shown on Fig. 9.20, is 1.5 < AR < 4. 

Combining Eqs. (9.63), (9.66), and (9.68), the total pressure loss coefficient for 
a fiat-wall diffuser with divergence angle 20 = 9 deg can be shown to be 

= C p i d ( l  - -  /'/D9 o) = - -  (1 - -  0D9O),  1 . 5  < A R  < 4 (9.69) 
\ ql /D9 o 

However, there are problems. The "sweet spot" diffuser length L/H1 ~ 18 is 
unacceptable because it excessively increases the length of the engine core. In 
addition, the sweet spot area ratio AR = 3.83 is not likely to fit any specific engine 
design requirement, and area ratios AR greater than about four push the operating 
point into the region of large transitory stall, between b-b and c-c on Figs. 9.21 
and 9.22. Finally, because the flow exiting the high-pressure compressor has been 
"sliced and diced" by the last row of rotor blades and straightening vanes, the 
boundary layers entering the diffuser are very thick, so that the optimal diffusion 
efficiency given by Eq. (9.68) may be as low as --~ 0.64. This is so low that 
consideration must be given to the alternative of abandoning the 9-deg angle, 
straight-wall diffuser design entirely, and simply "dumping" the flow into the 
required area at combustor entry, station 3.2. 
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9.1.5.2 Dump diffuser. At first glance, it may seem that the dump diffuser, 
operating in the "jet flow" region above line d-d in Figs. 9.21 and 9.22, is the 
worst possible case for flow diffusion, but, in fact, the bistable stall and large 
transitory stall regions bounded by b-b and d-d in Figs. 9.21 and 9.22 are much 
worse. 2°,21 Worst of all, in the large transitory stall region the flow separates and 
then momentarily reattaches to only one of the downstream walls. This in turn 
causes another, subsequent sudden expansion as the bifurcated flow tries to reattach 
and fill the duct. The separated flow acts as a bistable oscillator, jumping from 
wall to wall in a periodic Coanda effect, presenting randomly varying, nonuniform 
velocity profiles to downstream components and causing an excessive loss of total 
pressure, which can be 10-40% greater than a dump diffuser! Thus, a dump diffuser 
is the "best worst" case for a flat-wall diffuser. 

Consider the classic case of head loss or total pressure loss caused by a sudden 
expansion in a duct. 21 Figure 9.20, with 20 = 180 deg and La ~ H2, is the control 
volume for this analysis. (The tailpipe length La has to be sufficiently long for 
the jet core flow at entry to reattach to both walls.) By applying the equations 
of conservation of mass and linear momentum to this control volume, together 
with the assumptions listed in the introduction to this section, the reader may (and 
should) verify that the pressure recovery coefficient, total pressure loss coefficient, 
and diffuser efficiency for the dump diffuser are given by 

(AR-I  F ] (1), 
_ - , -  ana 

[CP]d,mp = 2 I~ AR 2 ] '  k ql Jd,mp ~ ' 

2 
[qD]dump = 1 + AR (9.70) 

For the "sweet spot" diffuser area ratio AR = 3.83, Eq. (9.70c) predicts a dump 
diffuser efficiency of only 0.414, which is considerably less than the absolutely 
best value of qD = 0.91 obtainable by a thin-boundary layer, 2 0 = 9 deg flat-wall 
diffuser of area ratio AR = 3.83 and length-to-entry height ratio L/H1 = 18. Ways 
to overcome this perplexing problem will be presented in Sec. 9.2.3. 

9.1.5.3 Main burner. In the early day of turbojet engine development, the 
total pressure loss of the combustor was regarded as just another parasitic loss, in 
addition to those of the diffuser, compressor and turbine, all of which reduced the 
marginal engine performance achievable at the time. Consequently, main burner 
designers were under great pressure to minimize total pressure loss, or at least 
to justify the excessive amounts they claimed were necessary to achieve ade- 
quate combustion stability and efficiency. As engine designs evolved, increasing 
compression ratios and turbine inlet temperatures created a demand for increased 
compressor bleed airflow for turbine blade cooling. Moreover, because the bleed 
air itself was becoming increasingly hot, even greater flow rates were needed 
to adequately protect the turbine blades. Consequently, the main burner is today 
viewed not only as the source of thermal energy required by the propulsion cycle, 
but also as a necessary flow constriction or circuit resistance, which must provide 
adequate flow area blockage to maintain the required static pressure drop between 
compressor bleed outlet and turbine inlet. This is especially critical if the turbine 
first stage stator vanes depend on film cooling to protect their leading edges. If 
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cross-sectional area AL, Eq. (9.71) becomes 

qr ]MB \ lhr / \ A L /  L\ '-~j] -- rpz 
(9.72) 

Typical values for the primary zone of a 1950s turbojet engine are fez ~ 4, 
Aj/AL = 0.12, AL/Ar = 0.65, and rhpz/rhr = 0.3 (Ref. 10), for which 
Eq. (9.72) gives a total pressure loss coefficient of about 14. 

All of the terms in Eq. (9.72) are fixed by various engine design criteria that will 
be presented in Sec. 9.2, except for (Ar/Aj) ,  the ratio of liner cross-sectional area 
to swifter jet (vena contracta) area. It is this parameter that determines the amount 
of constriction or blockage required to obtain any given level of primary zone inlet 
swirler jet velocity. Therefore, the next task is to determine how great this swirler 
jet velocity has to be to achieve the degree of micromixing required for effective 
flameholding in the primary zone. 

To do this, it is necessary to first estimate the time required for micromixing to 
occur, then ensure that the residence time or "stay time" in the primary zone is 
equal to or greater than the micromixing time. 

The micromixing time tm is estimated by assuming that the characteristic time 
for decay of a turbulent eddy is approximately the same as that required for reduc- 
tion of a temperature or concentration fluctuation, 23 

2 ! 

tm ~ (9.73) 

where H is a characteristic linear dimension of the primary zone, which we take to 
be the liner height or "dome height" Hc and er is the rate of dissipation of 
turbulence kinetic energy, which is equal to the mixing power of the stirring jets 
per unit mass in the primary zone, 

pjAjVj(V2/2)  rpzAjV] 
er = ppzH~ 2H 3 (9.74) 

Substituting Eq. (9.74) into Eq. (9.73), the micromixing time estimate is 

1 

= - -  

tm \ ~pzAj /I (9.75) 

The residence time or stay time in the primary zone is defined as the mass of 
working substance in the primary zone divided by the mass flow rate of fuel and 
air into the primary zone: 

- . "~ - -  -- (9.76) 
mf -+-rhpz rhpz pjAjVj rpzAjVj 

where the fuel flow rate has been neglected compared to the primary zone air flow 
rate. 
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parallel. Flow exits the control volume at station 3, which is assumed to be suf- 
ficiently far downstream so that the flame front has reached the walls. The upper 
and lower walls are the confining boundaries of the control volume. 

The gas is assumed to behave as a Boussinesq fluid, that is, flow is at low 
Mach number, and the mass density varies only with temperature, u Consequently, 
to2 -~- -gABP3, where "gAB is the ratio of total temperature rise across the afterburner. 

The cross-sectional areas of the flow are (H - W) at entry station 2 and H at 
exit station 3. Mass conservation requires that p2A2U2 = p3A3  U3. Note that the 
static pressure at station 2 acts across the entire area, but flow enters only between 
the wall and the outer edge of the recirculation bubble. Conservation of linear 
momentum across the control volume gives 

P2H + p2U~ (H - W) = P3H + p3U23 H (9.80) 

The total pressure drop across the control volume is, by definition, 

A P t  ":" Pt2 - Pt3 -~ (P2 q- q2) - (P3 q- q3) = (P2 - P3) + (q2 - q3) (9.81) 

Noting that pU 2 = 2q, and substituting for (P3 - P2) from Eq. (9.80), Eq. (9.81) 
may be rewritten as 

APt = [2q3 -- 2q2 (1-- ~ ) ]  + (q2 -q3) = q3 -- q2 ( 1 -  2i_i W)  (9.82) 

Nondimensionalizing by the upstream dynamic pressure ql and simplifying, 
there follows an expression for the afterburner total pressure loss coefficient, 

k ql /AB P3 

W 2 
= (tAB -- 1) + (H - W )  2 (9.83) 

A similar linear momentum conservation control volume analysis between 
stations 1 and 2 on Fig. 9.2b can be used to find an expression for the drag coeffi- 
cient CD of the vee-gutter flameholder, 

CD ._ Fdrag H W 2 
- -  (9.84) 

ql D D (H - W) 2 

where Fdrag is the aerodynamic drag force on the vee-gutter, H is the channel height, 
and D is the height or lateral dimension of the gutter, as shown on Fig. 9.2b. 

With Eq. (9.84) substituted into Eq. (9.83), the total pressure loss coefficient 
can be expressed as 

APt') = ( r A B - - 1 ) + C D B  
ql /lAB 

(9.85) 

where B is the "blockage," B = D/H. 
Note that when the afterbumer is not tumed on, so that taB = 1, Eq. (9.85) gives 

the "cold" or "dry" loss of the afterbumer caused solely by the aerodynamic drag 
of the vee-gutters. 
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The total pressure ratio is related to the total pressure loss coefficient by 

TfAB ":- ~ t l  - -  1 - 1 + = 1 - (9.86) 
\ ql /lAB 1 + 2/yM21 

All that remains to be done is to establish a relationship between the maximum 
wake width W, channel height H, and the vee-gutter dimensions D and half- 
angle 0. Citing a potential flow solution to this geometry published by von Mises 
in 1917, Cornell presents a graph of the variation of W / H  as a function of blockage 
B = D / H  for values of half-angle 0 between 0 and 180 deg (Ref. 25). Cornell's 
graphical solution can be represented to good approximation by a curve-fit, 

W ~ B + (1 - ~/-B) v/B sin (0//2) (9.87) 
H 

Equations (9.83-9.87) constitute the desired estimate of total pressure loss for 
the afterburner, neglecting wall friction. By inspection of Eq. (9.83), it is apparent 
that the total pressure loss is at its least value when W = 0, that is, when there 
is no vee-gutter at all. At the other limit the total pressure loss increases without 
bound as W approaches H, that is, as the vee-gutter wake fills the entire channel. 
Because there is no optimal set of parameters that minimize the afterburner total 
pressure loss, the vee-gutters will just be made as small as possible while still able 
to function as flameholders. The choice of afterburner channel height H, vee-gutter 
dimensions D, and half-angle 0 to ensure adequate flameholding will be dealt with 
in Sec. 9.3. 

9.1.6 Fuels 

In the early development of the gas turbine engine, it was commonly believed 
that the engine could use any fuel that would burn. While this is true in theory, 
it is not so in practice. The modern turbojet engine is quite particular about the 
fuel used, due to the high rate of fuel flow and wide temperature and pressure 
variations. 

Jet fuel is refined from crude oil petroleum. A typical pound of jet fuel might 
be composed of 16% hydrogen atoms, 84% carbon atoms, and small amounts 
of impurities such as sulfur, nitrogen, water, and sediment. Various grades of jet 
fuel have evolved during the development of the jet engines in an effort to ensure 
both satisfactory performance and adequate supply. Historically, JP-4 was the most 
commonly used fuel for U.S. Air Force jet engines, while the U.S. Navy used JP-5, 
a denser, less volatile fuel than JP-4 that offered less explosion hazard when stored 
in the skin tanks of ships than did JP-4. At the present time, the most common 
fuels in both military and commercial aircraft are Jet A and JP-8 (Jet A-l). They 
are much alike, except that Jet A has a freezing point below -40°F  while JP-8/ 
Jet A-1 has a freezing point below -58°E  Table 9.4 gives specifications for the 
most commonly used jet fuels. 

Many aircraft engines are built to operate on any of these fuels. To do so, they 
must have a special switch on the fuel control to compensate for differences in the 
specific gravity which is used in fuel metering calculations. 
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Table 9.4 Jet engine fuels a 

JP-4 JP-5 JP-8 (Jet A-l)  

Specific Specific Specific 
Property requirement Typical requirement Typical requirement Typical 

Vapor pressure, atm 0.13-0.2 0.18 0.003 0.007 
@ 38°C (100°F) 

Initial boiling point, °F 140 360 336 
Endpoint, °F 475 550 500 550 509 
Flash point, °F - 13 > 145 149 > 120 126 
Aromatic content (% vol.) <25 12 <25 16 <20 16 
Olefinic content (% vol.) <5 1 1 1 
Saturates content (% vol.) 87 83 83 
Net heat of combustion, > 18,400 18,700 > 18,300 18,500 > 18,400 18,600 

BTU/lbm 
Specific gravity 0.751-0.802 0.758 0.788-0.845 0.818 0.733-0.830 0.710 

all. R. Lander, private communication, Cleveland, OH, May 2001. 

9.1.7 Ignition 
In the main burner an ignition source is required for initial startup, as well as 

for relight following flameout or blowout. An ignition source is also required to 
ignite the afterburner. Usually, an electrical spark igniter is used for both applica- 
tions (Appendix 0). 

In the main burner the spark igniter must be located in the primary zone in a 
location where the air/fuel mixture passes over the electrodes. However, because 
the spark igniter does not function during steady-state operation of the engine, it 
must also be located far enough away from the hottest part of the primary zone 
recirculation bubble so that the electrodes are not eroded or burned away. Because 
an ignited primary zone can propagate a flame laterally to ignite neighboring 
primary zones, not every primary zone has to have its own spark igniter. Deter- 
mining the optimal location and number, as well as the level of electrical power that 
must be provided for the spark to be effective, is based on experience and trial and 
error .  

In the afterburner the ignition source must be located somewhat upstream of 
one or more of the vee-gutters, but of course far enough downstream from the 
fuel injectors for adequate fuel/gas mixing to be achieved. Although more than 
one igniter is required, the number of igniters and their location is again largely a 
matter of experience and trial and error. 

Preliminary design of the ignition subsystems of both the main burner and 
afterburner is considered to be too complex and specialized to be considered 
here. 

9.2 Design ToolsmMain Burner 
Procedures for preliminary design of the main burner are the subject of the 

present section. Extensive use will of course be made of concepts and equations 
from the preceding Sec. 9.1. A complete example calculation illustrating the use 
of the AEDsys computational tools, primarily programs EQL, MAINBRN, and 
KINETX, can be found in Sec. 9.4.1. 
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In the spirit of the quote from Sir William Hawthorne that begins this chapter, 
the design of the main burner will be approached in the same manner as the design 
of blades and flow passages for the compressor and turbine. This philosophy and 
approach may be summarized in three steps: 

1) From the preliminary design requirements of the engine, identify the mass 
flow rates, pressures, and temperatures that the main bumer must produce, as 
illustrated in Table 7.E4. 

2) Utilize aerodynamics, chemical reactor theory, equilibrium chemical ther- 
modynamics, and chemical kinetics to design the processes the working substance 
must follow to meet the requirements of Step 1. 

3) "Cut the tin," that is to say, lay out the geometry of walls and passages in 
such a way as to cause the working substance to follow the processes designed in 
Step 2. 

9.2.1 Main Burner Design Parameters 
Overall engine design considerations have already fixed the flow rates of fuel 

and air that must enter the main burner at station 3.1 in Fig. 9.1a. When using 
the AEDsys software for preliminary design, these values are displayed on the 
Engine Station Test Results sheet for the main burner design point conditions 
selected (see Table 7.E4). The required thermodynamic state of the entering air 
and of the combustion product gases exiting the burner are also fixed--the latter 
actually being prescribed at station 4, the first stage turbine nozzle entry throat, 
rather than at combustor exit station 3.9. 

Although the Engine Station Test Results values listed for stations 3.1 (including 
the main burner fuel flow rate) and station 4 are fixed requirements, the values 
listed for station 3.2 are just "first cut" or "bogey" values, which may have to be 
adjusted in order to optimize the performance of both the diffuser and combustor. 
However, the radial location of the main burner assembly in the engine framework 
will be determined by matching the layout of the compressor and turbine sections 
determined from their respective preliminary designs. 

9.2.2 Air Partitioning 
The term "air partitioning" has been used since the beginning of gas turbine 

engine development to describe the design procedure of dividing or partitioning the 
main burner airflow into discrete streams, for delivering the appropriate amounts 
of air for liner cooling, primary zone, secondary/intermediate zone, and dilution 
zone processes, as illustrated in Fig. 9.23. 

fn c 
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Fig. 9.23 Schematic and nomenclature for air partitioning. 
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The objective of air partitioning is to control the temperatures that the combus- 
tion product gases must either achieve, or be limited to, in order to fulfill cycle 
requirements, ensure the integrity of liner and casing materials, and protect the 
first-stage stators (nozzles) in the high-pressure turbine immediately downstream 
of the combustor. By design, only the primary and secondary airflows participate in 
the combustion process. The liner cooling and dilution airflows are provided only 
for thermal protection of the liner and of the high-pressure turbine, respectively. 

In the early days of gas turbine engine development, pressures and temperatures 
at combustor entry were so low that it was necessary to design main burners 
with near-stoichiometric primary zones to ensure combustion stability. Copious 
amounts of cooling air were therefore required to protect the liner from the very 
high liner gas temperatures, and finally, an additional 300% or more additional 
air had to be dumped into the hot gas stream near combustor exit in order to 
dilute the hot gas stream for thermal protection of the first-stage high-pressure 
turbine. Combustion efficiency and pattern factor [defined by Eq. (9.120)] were 
the driving considerations in combustor development. 

In the period 1950-1980 new high-temperature materials were developed for 
the combustor liner and high-pressure turbine nozzle materials, together with in- 
creased use of bypass air for cooling of the high-pressure turbine blades. These 
improvements led to increased combustor entry and exit temperatures and pres- 
sures, which in turn permitted wide combustion stability to be achieved with lower 
(leaner) primary zone equivalence ratios, typically with q~pz "~ 0.8. These changes 
had little effect on liner cooling airflow requirements, as the available cooling air 
temperature was increasing as well as other temperatures, but both high combustion 
efficiency and satisfactory pattem factors became easier to achieve. 

Since the mid-1970s, a new requirement has been added, namely, the regulation 
of liner gas temperatures in order to satisfy air pollutant emissions limits. 

The present state of design constraints on liner gas temperatures may be sum- 
marized as follows: 

1) If liner gas temperatures are too low, flame stability will be adversely affected, 
and combustion will not be complete at burner exit. Not only will combustion 
efficiency be reduced, but also the products of incomplete combustion will in- 
clude excessive amounts of the pollutants carbon monoxide (CO) and unburned 
hydrocarbons (UHC). 

2) If liner gas temperatures are too high, the structural integrity of the liner will 
be jeopardized, and the emitted air pollutants nitrogen oxide (NO) and nitrogen 
dioxide (NO2), collectively termed "NOx", may exceed prescribed limits. 

Happily, all of the constraints just listed can be satisfied if the gas temperatures 
within the liner can be controlled to stay in the fairly narrow range 3000°R to 
3420°R (Ref. 2), as illustrated in Fig. 9.24. Consequently, a good design target for 
liner gas temperatures, when suppression of air pollutant emissions is important, 
is Tg ,~ 3200°R. This does, however, require a very lean primary zone, with ~bpz 
as low as 0.5 or 0.6. Caution is in order, as this is approaching the absolute lean 
blowout limit, as can be seen from stability maps such as Fig. 9.9. 

The approximate energy equation Eq. (9.25) will be utilized to guide the design 
choices: 

T = T~ + egoATmax (9.88) 
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Fig. 9.24 
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Influence of primary zone temperatures on CO and NOx (Ref. 2). 

The term ATmax in Eq. (9.88) can be evaluated by substituting Engine Station 
Test Results sheet values at main burner exit station 4. Because combustion is 
complete at station 4 (s4 = 1), then Eq. (9.88) can be solved for ATmax: 

( T t 4  - -  Tt3,1) 
ATmax -- (9.89) 

4'4 
Both temperatures in Eq. (9.89) are listed on the Engine Station Test Results 

sheet, and the equivalence ratio at combustor exit ~b4 can be evaluated (by definition) 
as  

rhyM8 
44 - -  - -  (9.90) 

fstgn3.1 
where both mass flow rates are also listed on the Engine Station Test Results sheet 
and f , t  can be evaluated for any fuel from Eq. (9.2). For the representative jet fuel 
C12H23,  f s t  ~-- 0 . 0 6 8 5  Ibm F/Ibm A. 

Rearranging Eq. (9.88) with Eq. (9.89) substituted and solving for the design 
value of the product s4~, 

(Tg - T3.1) (9.91) 
(e~b)g - -  ATmax 

where Tg is the design value for both primary and secondary zones, which has 
been assumed to be "-~ 3200°R for the moment, in consideration of the information 
in Fig. 9.24. 

A word of caution follows: because both the combustion reaction progress vari- 
able s and the equivalence ratio q~ are nondimensional and vary between zero and 
one, these two variables are often confused. (Actually, ~b can be greater than one, 
but in gas turbine practice, by design, it will always be less than one.) Recall that 
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~b is a measure of the fuel/air ratio, which has the same value whether all, some, 
or none of the fuel is burned locally, whereas e is a measure of what fraction of 
any fuel-air mixture has actually burned at a particular location and/or time. 

9.2.2.1 Pr imary  zone .  The governing design principle for partitioning air 
for the primary zone is the Bragg Criterion, stated in Sec. 9.1.3: The maximum 
overall combustor efficiency occurs when the primary zone is operating at in- 
cipient blowout. Because today's gas turbines today can operate at much higher 
temperature levels than in the past, lower values of the local combustion efficiency 
at blowout eBO are possible. Whereas other trial values ofe > eBO can be explored 
by means of the AEDsys software program KINETX, it is safe to assume, for the 
present, a design target value of epz "~ 0.70. 

With this choice in hand, Eq. (9.91) can be solved for the primary zone equiva- 
lence ratio 

(T .  - T ,3 , )  
~bpz -- (9.92) 

e pz A Tmax 

and the corresponding primary zone air flow rate tnpz and flow fraction tZez are 

~n fMB rh pZ 4 4 
t h p Z -  fst(bp~ Z and # P z -  m3a" -- O~Pz (9.93) 

9.2 .2 .2  Liner cooling. After the primary zone the next priority of air parti- 
tioning must be liner cooling, as sufficient cooling air must be allocated to protect 
the burner liner and dome from the high radiative and convective heat loads pro- 
duced within the burner. The coolant air is normally introduced through the liner 
in such a way that a protective blanket or film of air is formed between the com- 
bustion gases and the liner hardware. The technology to accomplish this follows 
closely that of turbine blade cooling, which is described more fully in Sec. 8.2.2. 
Some techniques used for liner cooling are illustrated in Fig. 9.25. 

The effectiveness of whatever cooling technique may be employed is quantified 
by the cooling effectiveness, defined by 

• __ Tg - T m  (9.94) 
r . - r c  

where Tg, Tm, and Tc are the static temperatures of the mainstream gas, average wall 
material, and cooling air, respectively. Note that Tc = Tt30, the total temperature 
at station 3.0 listed on the Engine Station Test Results sheet. 

Cooling air mass flow rates for varying values of cooling effectiveness are 
presented in Fig. 9.26 (Ref. 26). 

Equations (9.95) and (9.96) are approximate curve fits to Fig. 9.26 and provide 
approximate design data for the fraction of main burner airflow required to achieve 
any desired cooling effectiveness, as illustrated in Fig. 9.26: 

mc * l ( T g ~ T m )  
/zc -- "~ -- film cooling (9.95) 

rh3.1 6(1 - ~)  6 \T , ,  - T~ 
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Fig. 9.25 Liner cooling techniques. 

and  

* l ( T g = T m ~  
/~c -- 25 (1 - d~ ) -- 25 \ Tm - Tc I transpiration or effusion cooling (9.96) 

Hastelloy X (see Appendix M) and similar metals generally used for the main 
burner liner have a useful upper materials temperature limit of Tm "~ 2010°R. 
If  film cooling is to be considered with a design target Tg = 3200°R and, say, 
Tc = 1500°R, and materials temperature limit T m =  2010°R, then Eq. (94) shows 
that the cooling effectiveness must be at least qb = 0.70, and Eq. (9.95) 
shows the required coolant flow to be about 39% of the entering combustor 
airflow. 

Fig. 9.26 
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The materials limit temperature of metal liners can be increased by about 100°F 
by coating the liner with a ceramic thermal barrier coating. In the present example, 
Eq. (9.95) shows that this would reduce the required film-cooled effectiveness 
to 0.64, thereby reducing the required airflow fraction to 0.30, which is still a 
substantial fraction of the total airflow. 

Alternatively, and fortunately, transpiration/effusion cooling, which uses ad- 
vanced liner construction materials can obtain the same cooling effectiveness with 
only >7% cooling air fraction, according to Eq. (9.96). 

As combustor inlet temperatures and allowed exit temperatures continue to 
increase, the percent of combustor air available for liner cooling will decrease 
accordingly, and new ways will have to be found to further increase the materials 
limit temperature Tm and/or the cooling effectiveness ¢ .  

9.2.2.3 Secondary zone. As mentioned in Sec. 9.1.1, it is desired to have 
combustion essentially complete by the secondary zone exit. With s = 1 substi- 
tuted into Eq. (9.91), the desired equivalence ratio at secondary zone exit ¢gsz is 
determined to be 

(T. - T3, )  
q~sz -- (9.97) 

ATmax 

However, because the airflows in the liner are cumulative, 

~bsz = rhfM8 (9.98) 
fs t  (thPZ -}- IhSZ) 

from which the secondary zone mass flow fraction is determined to be 

l~l SZ #l fMB I~I pz 4 4 ¢94 
tZsz -- . -- - -  -- (9.99) 

m3.1 ~Pszfstrh3.1 rh3.1 ¢)sz ~bpz 

The very difficult design challenge for the secondary zone is to size and locate 
the secondary zone jet holes in the liner in such a way that, as the primary zone 
efflux mixes axially with the inflowing secondary air, the axial variation of mixture 
equivalence ratio ~b(x) offsets the axial rise in combustion efficiency e(x) as the 
mixture continues to burn toward completion, thereby maintaining an approxi- 
mately constant design temperature T,. From Eq. (9.91) this design requirement 
can be expressed as 

( T , -  r3.l) 
q~(x) ~ (9.100) 

8(x) ATmax 

9 . 2 . 2 . 4  Di lu t ion  z o n e .  This one is easy-- i f  there is any air left over, it is 
simply dumped into the dilution zone: 

• m n z  
I-tDZ --  . - -  1 -- (tZpZ + ktSZ + IZc) (9.101) 

m3.1 

If Eq. (9.101) yields a negative value for dilution zone airflow fraction, then 
there is not enough airflow available to meet all of the demands. First, try to reduce 
the cooling flow fraction by increasing the cooling effectiveness. Next, adjust the 
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design temperature Tg within the narrow temperature design window shown in 
Fig. 9.24. If  in the end no dilution air is required, that's all right, because the 
micromixing in the secondary zone ensures that the "pattern factor" [defined by 
Eq. (9.120)] will be zero. 

9.2.3 Mare Burner Components 
9.2.3.1 Diffuser. A design goal for the main burner diffuser is to reduce the 

velocity of the air exiting the compressor as much as necessary to enable optimal 
performance of the combustor, with the least loss of total pressure consistent with 
that goal. The total pressure loss from station 3.1 to 3.2 listed on the Engine Station 
Test Results sheet, as pointed out in Sec. 9.2.1, should be regarded as an upper 
bound, not as a design target. Any savings in total pressure loss achieved in the 
diffuser can be "spent" in the main burner to improve the mixing processes. 

As pointed out in Sec. 9.1.5, an annular flat-wall diffuser has an extremely 
limited range of design and performance parameters. The best possible flat-wall 
diffuser has an included angle 20 = 9deg, length ratio 4 < rmzL/rmlH1 < 20, 
and corresponding area ratio AR = Hzrmz/Hlrml in the range 1.5 < AR < 4. 
Within this limited range the diffusion efficiency is essentially constant at the 
value tID9~, given by Eq. (9.68). 

Whenever the required area ratio AR is less than four, the excessive length of the 
diffuser can be reduced by subdividing the flow into adjacent streams, each having 
an included angle 20 = 9 deg, as illustrated in Fig. 9.27. By the introduction of 
equally spaced splitter plates, the required length for any AR < 4 is reduced by a 
dividing factor equal to the number of parallel streams, for example three for the 
case of two splitter plates as illustrated in Fig. 9.27. In principle, the number of 
splitter plates could be increased to three, four, five, or more, and a correspondingly 
shorter diffuser would result. However, geometric complexity and difficulty of 
manufacturing puts a practical limit on this approach, so that two splitter vanes 
seems to be optimal. No tailpipe is required, and so La = 0 when AR < 4. 

If the design area ratio AR is greater than four, a dump diffuser can simply 
be added onto a three-stream, 2 0 = 9 deg optimal flat-wall diffuser of length 

A1 90 A m 

Lm _L La 

A2 

l 
Fig. 9.27 Combined diffuser: three-stream optimized flat-wall diffuser discharging 
into a dump diffuser, approximately to scale. 
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(L /n l ) ( rm2/ rml )  = 18/3 = 6, and Am/A1 = 4, as shown in Fig. 9.27. The 
attached dump diffuser requires a tailpipe of length Ld ~ (H2 - Hm) so that the 
separated flow at dump diffuser entry (station m in Fig. 9.27) has sufficient axial 
distance to reattach to the upper and lower walls. The diffusion efficiency of the 
combined flat-wall + dump diffuser shown in Fig. 9.27 can be shown to be 

riomAR2(1 - [A1/Am] 2) + 2 (AR[Al /Am] - 1) 
riD = (AR 2 - 1) (9.102) 

where riOm is the diffusion efficiency of the fiat-wall diffuser. A derivation of 
Eq. (9.102) is given in an appendix included in the AEDsys software CD-ROM. 

Even when AR is less than four, a combined fiat-wall + dump diffuser can give 
somewhat better performance than an optimal or "sweet-spot" fiat-wall diffuser 
alone, especially when the diffuser entry boundary layers are very thick. By taking 
the derivative of rio in Eq. (9.102) with respect to [Am/AI] and setting it equal to 
zero, there results an optimal area ratio that gives the greatest value of diffusion 
efficiency for the combined diffuser 

[A-~-I =riDmAR, 1.5 < A R < 4  (9.103) 
L I l l j  opt 

and a corresponding optimum diffusion efficiency 

I--2riDm-F(riDmAR)2 [ am ] 
riOow = rlDm ( A R  2 - 1) for ~ opt = riDmAR, 1.5 < A R  < 4 

(9.104) 

where riDm should of course be riD9' of Eq. (9.68). 
For example, consider a case with AR = 3.5 with very thick boundary lay- 

ers, so that OD9 o "~ 0.64 from Eq. (9.68). From the geometry of Fig. 9.20 and 
Eq. (9.61), the three-stream diffuser alone would have a length rm2L/rmlH 1 m 
15.88/3 = 5.29. For a combined diffuser Eq. (9.103) gives an optimal flat-wall 
diffuser area ratio [Am/A1]opt = 2.24, and Eq. (9.104) gives the correspond- 
ing optimal diffusion efficiency riDopt = 0.658. The length of the shortened 
flat-wall diffuser is rm2Lm/rml H1 = 7.88/3 = 2.63, and the tailpipe length is 
Ld/H1 = (/-/2 - Hm)/H1 = ( 3 . 5  - 2.24) = 1.26, for a combined diffuser length 
(Lm + Ld)/H1 = 1.26 + 2.63 = 3.79. Although the combined diffuser efficiency 
is only a modest 2.8% better than the flat-wall diffuser alone, the combined diffuser 
length is 28% shorter, which is a significant improvement. 

Figure 9.28 shows a combined flat-wall + dump diffuser used in practice. Note 
that the inlet airflow in Fig. 9.28 is split into two streams, each of which appears 
to have an area ratio of about 1.8 and length to inlet height ratio of about 6. 
From Fig. 9.22, with Am~A1 "~ 1.8 and Lm/H1 ~ 5, it appears that the curved- 
wall diffuser is very conservatively designed, well within the "no stall" region of 
Fig. 9.22, and as a single diffuser would have a diffuser efficiency riD "~ 0.80--0.90. 
(The boundary layer thickness is of course not known.) Again from inspection of 
Fig. 9.28, the dump area ratio appears to be A2/Am "~ 4.7, and the overall area 
ratio AR = H2/H1 ~ 8.5. With these values substituted into Eq. (9.102), the 
combined diffuser efficiency is about 0.66-0.73, which seems to be rather low. 
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Fig. 9.28 Double-annular main burner. 27 

However, if an all-dump diffuser were used instead, the diffuser efficiency from 
Eq. (9.70) would be a disappointingly low 0.21. The geometric and manufacturing 
complexity of the curved, two-stream flat-wall diffuser in Fig. 9.28 is clearly well 
worth the cost. 

9.2.3.2 Burner types. A wide variety of liner and casing configurations 
have been used in various gas turbine engines. Three of the most widely used 
configurations are illustrated in Fig. 9.29. 

In early turbojet engines, and still used today in some auxiliary power units, is 
the "can" configuration, in which the liner and casing are wrapped concentrically 
around the symmetry axis of a single fuel nozzle. This burner type was and is easy 
to fabricate and to modify for experimental development. 

CAN 

CANNULAR 

ANNULAR 

Fig. 9.29 Basic configurations of main burner liners and casings. 
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As engines became bigger, it was recognized that because the combustion pro- 
cess does not scale up, but rather remains optimized for one size scale, it is logical 
to simply replicate the entire burner can whenever more mass flow was required. 
As the geometric layout of a turbojet engine is dictated by the axial symmetry of the 
rotating components, the additional cans were arranged side by side in an annular 
ring. Two major problems of this "can-annular" configuration (not illustrated) are 
1) that each burner is a stand-alone pressure vessel and 2) that each burner has to 
have its own igniter. Consequently, the next developmental step was to retain the 
cylindrical liners in annular array, but to encase them in a common, single annular 
casing. This configuration was termed "cannular." Next, it was found that also fab- 
ricating the liners as concentric annuli led to further performance improvements, 
and so the modern "annular" burner evolved. 

Attention will be focused on the design of an annular burner. For simplicity, 
it will be assumed that the liner and casing walls are parallel, as shown in the 
schematic Fig. 9.1, even though there are good reasons to have divergent walls, as 
shown in Fig. 9.29. 

9.2.3 .3  Inner a n d  outer  casing. The first step is to establish inner and 
outer radii at reference station 3.2 and at station 3.9, as illustrated in Fig. 9.30. 
These radii depend on the reference area A3.2, which is listed on the Engine Station 
Test Results sheet (but which may be altered in the course of design iteration), and 
design choices for the engine envelope, such as whether the outer casing wall 
is to be in line with the tip of the last-stage high-pressure compressor stage or 
high-pressure turbine first-stage nozzle, or the inner wall is to be an extension of 
the root radius of either the high-pressure compressor or turbine, or someplace 
in between. The required radii are not listed on the Engine Station Test Results 
sheet, but must have been determined previously from the design of the high- 
pressure compressor and turbine. After these radii have been determined, the radial 
"heights" Hr = (to - r i )3 .2  and H4 = (to - r i ) 4  may be calculated, as shown in 
Fig. 9.30. 

The liner and casing have widely different structural and thermal requirements. 
The inner and outer casings have negligible thermal loads, as they are convectively 
cooled by the annulus air. However, they are the walls of a pressure vessel that 
must withstand the full pressure difference between the interior total pressure Pt3.2 
and the ambient static pressure. In marked contrast to the casing, the liner has 
a negligible mechanical load, as it has to support only the small total pressure 
difference APt = P t 3 . 2  - P t 4 ,  but it is subject to a severe thermal load resulting 
from combustion, and therefore requires a rather elaborate system of slots and bleed 

ro 

station 3.2 ("reference") ~ , , . - ' ~ - - ~ ' ~ , ~  

A, 

Fig. 9.30 Annular geometry of liner and casing radii and heights. 
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holes for the flow of cooling air to protect it. Determining the largest mechanical and 
thermal loads and designing for them separately is a critical step in the successful 
design of jet engines. 

9.2.3.4 Fuel nozzles. Historically, a great number of different ways have 
been tried to atomize and vaporize the kerosene-type liquid fuels pumped under 
pressure into fuel nozzles. Until the 1970s, the simplex spray nozzle was most 
commonly used. In this nozzle the liquid fuel is pumped tangentially into a small 
swirl chamber, then flows out into the primary zone through a constriction or throat, 
which concentrates the vorticity in the swirling fuel so that when the fuel emerges it 
is as a radial sheet, which then stretches and breaks up into a widely size-distributed 
spray of small droplets. 3° These droplets are then entrained and vaporized by the 
hot recirculating gases in the primary zone. Because of the distribution of droplet 
sizes, many of the large droplets support heterogeneous or two-phase combustion, 
with resulting smoke caused by incomplete vaporization and combustion, and 
correspondingly high concentrations of all of the air pollutants already mentioned. 

The concern with pollutants starting in the late 1960s led to the development 
of the "airblast" atomizer, shown in Fig. 9.31, in which a sheet of air driven by 
the same pressure drop as all of the liner airflows are "blasted" into the liquid 
fuel sheet emerging from a simplex nozzle, further shattering the fuel sheet and 
droplets. This development effectively eliminated the problem of heterogeneous 
combustion around individual fuel droplets and enabled the development of the 
first "smokeless" (low unburned hydrocarbons) combustors of the 1970s, and in the 
1980s and 1990s the "prevaporized, premixed" combustor of the type in universal 
use today. 

An airblast atomizer typically requires about 3 Ibm of primary air per Ibm of 
fuel. 2 Note that this is not a separate demand on air partitioning. The airblast 
atomizer airflow is just a part of the primary airflow, which passes through the 
nozzle/atomizer rather than through the primary air swirler, as shown in Fig. 9.16. 

If the reference radial height Hr in Fig. 9.30 is relatively small, the fuel nozzles 
and their associated air swirlers can be distributed in a "single-annular" array, as 
illustrated in Fig. 9.32. For a single array the number of fuel nozzles required 
can be calculated by dividing the annular flow passage into square segments (in 
rotating machinery terminology, a "solidity" of one), so that 

:rr(ro + ri)3.2 A3.2 (47r 2~ 
N.oz "~ _ _ 2 rounded off (9.105) nr ~ \ A 3.2 J Fm3"2 

Liquid ~//JJ///'~ 
fuel 

Air =- ~--~------~----J~ 

Fig. 9.31 Schematic of a generic airblast atomizer. The radial sheet of fuel emerging 
from the on-axis, simplex swirl-spray nozzle is blasted by a circular jet of air flowing 
into it. 
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( 

Fig. 9.32 Single- and double-annular arrays of fuel nozzles and air swirlers. 

If  the reference radial height Hr is very great, the fuel nozzles and swirlers can 
be distributed in a "double-annular" array, as shown in Figs. 9.28 and 9.32. 

9.2.3.5 Dome and liner. The next step is to determine the optimal dome 
and liner height HL, or equivalently the liner-to-casing area ratio ot = AL/Ar = 
HL/Hr. For clarity, only the single-annular burner will be considered. 

It is not immediately apparent what criteria should be used for finding the op- 
timal area ratio e.  Clearly, small ot would cause reduced residence times in all 
three liner zones, and large e would cause high annular velocities, with corre- 
spondingly increased viscous shear on the casing and high axial momentum flux 
entering through the secondary and dilution holes, which would in turn reduce jet 
penetration. 

Figure 9.15 illustrates annulus-to-liner jet flow, when both annulus and liner 
flows have finite axial velocities. Equation (9.44) estimates the maximum jet 
penetration for the jet shown in Fig. 9.15: 

"max ,l ,  JqXll dj (9.106) 

In Eq. (9.106) the jet dynamic pressure qj is fixed by the prescribed total pressure 
loss, as determined by Eq. (9.36), but the annulus and liner dynamic pressures qA 
and qL may vary, depending on the choice for areas AA and AL. Inspection of 
Eq. (9.106) reveals that independently increasing either qL or qA will cause a 
decrease in jet penetration, and so it appears that there may be an optimal liner- 
to-reference area ratio c~ = AL/Ar that will maximize the jet penetration Ymax. 

However, as air flows from the annulus into the liner, qa decreases in the axial 
direction as a result of mass outflow, while qL increases correspondingly because 
of the same air mass inflow, so that a choice must be made as to the axial location 
at which the jet penetration will be maximized. 

Because of the importance of the secondary zone process, it is logical to maxi- 
mize the jet penetration for the secondary jets. Thus qA in Eq. (9.106) will be taken 
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Fig. 9.33 Secondary zone air jet trajectories and nomenclature. 

to be the airflow at annulus entry, and qL will be taken to be qPz for the liner flow 
at primary zone exit, as shown in Fig. 9.33. 

Multiplying and dividing by qr in Eq. (9.106) and relabeling qL as qPz, 

Ymax __ l.15 ,/qj qr (1 qA qr ) 
dj V qr qpz qr ~j (9.107) 

From Eq. (9.36), qj/qr = (APt/qr)MB, the main burner total pressure loss coef- 
ficient of Eq. (9.79). This is true for all jets, including the secondary zone jets. Also 
making use of Eq. (9.61), together with the Boussinesq assumption introduced in 
Sec. 9.1.5, Eq. (9.107) can be rewritten 

dj ~ "¢PZ \ qr ,/MB t \ rh~ / ,, qr ,/MB 

(9.108) 

where a = AL/Ar, (1 - oe) = A A / A t ,  and rpz is the design value of temperature 
rise ratio in both primary and secondary zones and where fixed-value parameters 
have been factored out of the square root term where possible. 

By taking the derivative of the right-hand side of Eq. (9.108) with respect to oe, 
setting it equal to zero and solving for a there results 

/1~lA\2/3 (APt  ~-'/3 
= - - -  (9.109) Otopt 1 (-~rr ) \ qr / MB 

Substituting values cited for the 1950s burner following Eq. (9.73) into 
Eq. (9.109) gives an optimum area ratio of 0.67, compared with the stated area 
ratio of 0.65, which is more than adequate agreement. 

9.2.3.6 Primary zone swirlor. With the casing, dome, and liner sized, and 
the number and type of fuel nozzles determined, one of the Nnoz inlet air swiflers 
can now be designed. 

From the Engine Station Test Results sheet, the prescribed total pressure loss 
across the main burner assembly APt = Pt4 - Pt3.1 can be obtained. Recall 
that this is the specified AP t necessary to provide adequate turbine blade cool- 
ing and is not necessarily enough to satisfy both diffuser total pressure loss 
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and that required for combustor stirring. Therefore, it is essential to verify from 
Eq. (9.81) that sufficient APt has been allocated for main burner stirring. If not, 
it may be necessary to redesign the diffuser, or to negotiate for a greater APt 
allocation. 

Assuming that sufficient APt = Pt4 - Pt3.2 is available, then the jet velocity for 
all stirring jet flows into the liner film cooling slots, primary air swider, air for 
the airblast atomizer, and secondary and dilution jet holes--is determined from 
Eq. (9.36): 

V j = ~ P r t = U r , l ( A P t ~  or q-LJ=(APt~  
V \ qr /MB qr \ qr /MB 

(9.110) 

The annular area of a single air swirler is given by A=w = zr (r) - r~). The 
maximum area possible is limited by the envelope of dome/liner and fuel 
nozzle dimensions. Specifically, the swirl vane tip radius rt cannot exceed half 
the dome height HL, and the hub radius rh must be at least 1/2 in. in order to 
accommodate (that is, wrap around) the airblast atomizer assembly. As a rough 
guideline, the recirculation bubble should be about the size of a golf ball. 

The mass flow that must pass through all N, oz swirlers is given by (rhpz - 3rh¢~8) 
because 3 Ibm air per Ibm fuel must be directed through each airblast atomizer, 
which is of course located concentrically within each swirler assembly. 

Taking into account the necessary discharge coefficient (assuming fiat blades for 
vanes) and swirler vane blade angle, the inner and out vane radii must be adjusted 
to satisfy mass conservation through all N, oz swirlers, so that mass conservation 
requires 

(mpz - 3&fms) 

N~o~ 
II~lr¢lAetl l 

= a j ( p r V j ) = T r ( r 2 - r 2 ) C D 9 °  c°S°tsw Z ~ MB 

(9.111) 

where the discharge coefficient is obtained from Eq. (9.33) and the swirler blade 
angle is determined from Eq. (9.48) for the selected design swirl number S'. An 
assumed swirler blade angle Otsw ~ 45 deg can be used to start the iteration. 

The axial length of the primary zone, measured from the "nose" of the dome, 
can be laid out according to the estimate Eq. (9.50), Lpz "~ 2S'rt. 

9.2.3. 7 Secondary air holes. Equations (9.42-9.44) can be used to lay 
out trajectories of the secondary air jets, immediately downstream of the primary 
zone, as shown in Fig. 9.33. 

1 of A good target penetration depth of the secondary air jet trajectory is about 
the dome/liner height HL. As Yrnax/dj is available from Eq. (9.108), the required 
diameter of a single secondary jet is given by 

1 (Ymax~ -1 
dj=~HL\ d~ / (9.112) 
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Because all of the secondary air must pass through round holes with jet vena 
contractas of diameter dj given by Eq. (9.112), the number of secondary holes is 

4r'nsz { 4Ar ~ Ur 
NhSZ -- prYrd2V j -- IZsz ~k"~j : ~j (9.113) 

and the diameter of each secondary air hole, from Eq. (9.43), is 

dab -- Co9oo sin 2 0 (9.114) 

where 

s i n 2 0 = l  qAqr 1 ( m A ~ 2 (  1 ) 2 ( A P t ~  -1 
- -  - - -  ( 9 . 1 1 5 )  

qr qj \ tJ2r ./ ~--  ~ \ qr ./ MB 

The Nhsz secondary air holes should be spaced evenly in a single lateral line (at 
right angles to the engine axis), with one-half located on the upper liner wall and 
the other half, staggered and opposed, on the lower wall. The axes of the secondary 
holes should be located immediately at the downstream end of the primary zone, 
or, in other words, at an axial distance Lpz from the inside nose of the liner dome. 

The axial length of the secondary zone should be long enough for the inflowing 
jets to mix out with the crossflowing primary zone effluent gases. For preliminary 
design purposes it can be assumed that the distance to mix out is that distance 
for the micromixed cores of the opposing secondary air jets to meet. This can be 
estimated from Eq. (9.37), in which the distance y is now interpreted as distance 
along the jet trajectory. However, the horseshoe vortex mixing system shown in 
Fig. 9.14 probably doubles the mixing and growth rate given by Eq. (9.37). Setting 
8m equal to HL/2 in Eq. (9.37) (see Fig. 9.33) and doubling the growth rate from 
0.123 to 0.246, the resulting distance along the jet trajectory becomes the estimated 
required length of the secondary zone 

HL 
Lsz "~ 2(0.246) ~ 2HL (9.116) 

9.2.3.8 Dilution holes. The same procedure will be followed as for the sec- 
ondar~ zone, except that the dilution jet centerlines must be designed to penetrate 
! of the distance to the opposite liner wall. 2 That is, the design goal is for dilution 3 
jets is Ymax = HL/3, rather than HL/4 for the secondary jets. This will require 
somewhat larger diameter jets, 

1 (Ymax~ -1 
dj --~ ~HL \ dj ] (9.117) 

and the required number of dilution holes is given by 

4rhDZ (4Ar~ Ur 
NhDZ -- prgrd2 ~ - - J  - -  I,.£DZ \rid2 ] ~ (9.118) 

The actual diameter of the dilution air holes is given by Eq. (9.114). However, 
the sin 2 0 term is different from the secondary zone value because the annulus 
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Fig. 9.34 Dilution zone air jet trajectories and nomenclature and layout of dilution 
zone and transition duct. 

airflow has been reduced by the outflow of secondary air. This term is now 

sin20 = 1 qaqr l _ ( l h D Z ) 2 ( 1 ) 2 ( A l ~ t )  -1 
- -  - -  (9.119) 

qr qj \ rnr / ~-- ~ k qr / M8 

Since, by design, combustion is complete by the time the secondary zone effluent 
reaches the plane of the dilution zone, micromixing is not required; only sufficiently 
good stirring or macromixing to ensure that the "hot spots" or incompletely mixed 
turbulent eddies with above-average temperatures are within some specified range. 
This requirement is couched in terms of the pattern factor, defined by 

Tma x - Tt4 
Pattern factor -- (9.120) 

Tt4 -- Tt3 

A rough guideline for an adequate length of the dilution zone in order to provide 
a satisfactory pattern factor is Lnz ~ 1.5HL.2 

The layout of the dilution zone, together with a sketch of the transition duct 
between stations 3.9 and 4, is shown in Fig. 9.34. 

9.2.3.9 Transition ducL The shape of the transition duct is not a criti- 
cal feature of the engine design. Accelerating subsonic flow creates a favorable 
(decreasing) axial pressure gradient, so all that is required is to reduce the height 
of the flow passage smoothly from HL to (ro - r i )  4 within an axial length "~Hr, as 
shown in Fig. 9.34. Note that the casing walls have been extended to allow cooling 
air to protect the transition duct. 

9.3 Design Tools--Afterburners 
Procedures for preliminary design of the afterburner are the subject of the present 

section. As with the design of the main burner, extensive use will be made of 
concepts and equations from Sec. 9.1, and the same design philosophy will be em- 
ployed as that given in the introductory paragraph of Sec. 9.2. An example design 
of an afterburner, including the use of the AEDsys computational tools, principally 
subprograms EQL, AFTRBRN, and KINETX, can be found in Sec. 9.4.2. 

Afterburning or reheating is a method of augmenting the basic thrust of the 
turbojet engine or the turbofan engine, on demand, without having to use a larger 



DESIGN: COMBUSTION SYSTEMS 385 

engine with increased frontal area and weight. The afterburner increases thrust by 
adding thermal energy to the entering gas stream. For a turbojet engine this gas 
stream corresponds to the exhaust gases of the turbine. However, for the augmented 
turbofan engine, this gas stream may be a mixture of the bypass air and the turbine 
exhaust gases. At the afterburner inlet there is still much unburned oxygen in the 
gas stream. The higher inlet temperatures and near-stoichiometric fuel-air ratio of 
the afterburners enable them to operate with a simpler configuration (see Fig. 9.2) 
than the main burner. The resultant increase in temperature raises the exhaust 
velocity of the exiting gases and therefore boosts engine thrust. Most afterburners 
will produce about 50% increase in thrust--but at a cost of a 300% increase in 
fuel flow rate! 

Because the engine's specific and actual fuel consumption is considerably higher 
during afterburning ("hot" or"wet") operation, as compared to the nonafterburning 
("cold" or"dry") mode, afterburning is used typically where large thrust is required 
for a short period of time, such as takeoff, climb, transonic acceleration, and combat 
maneuvers. 

For a turbofan engine augmentation can be used in both fan and core streams. 
Afterburning in a separate fan stream is normally referred to as "duct burning," 
and this alone or in combination with afterburning in the core stream may be 
advantageous for certain flight conditions. 

The major components of an afterburner are shown in Fig. 9.2. Gas leaving 
the turbine is deswirled and diffused, fuel is added by fuel spray bars (tubes) or 
rings, combustion is initiated by an igniter or pilot burner and in the wake of 
a number of flame stabilizing devices (flameholders), and the thermal energy of 
combustion is mixed along flame surfaces spreading outward and downstream from 
the flameholders. Also, a liner is used in afterburners as both a cooling liner and a 
screech or antihowl liner. (Screech and howl are acoustic-combustion instabilities.) 
This liner can also serve as an annular passage for the cooling air required by the 
exhaust nozzle. All engines incorporating an afterburner must also be equipped 
with a variable area throat exhaust nozzle, in order to provide for proper operation 
in both afterburning and nonafterburning modes (see Chapter 5). 

Specific design requirements and/or desiderata for an afterburner are as follows: 
1) large temperature rise (The afterburner is not subject to the physical and tem- 
perature limits of the turbine. The temperature rise is limited by the amount of 
oxygen that is available for combustion and by the liner and nozzle cooling air 
requirements.); 2) low dry loss (The engine suffers a very slight penalty in thrust 
during cold operation as a result of the drag caused by the flameholders, fuel spray 
bars, and the walls of the afterburner.); 3) wide temperature modulation [The abil- 
ity to obtain "degrees" ("zones" or "stages) of afterburning permits more pre- 
cise control of thrust.]; 4) high combustion efficiency; 5) short length and light 
weight; 6) altitude light-off capability; 7) no acoustic-combustion instabilities; 
8) long life, low cost, easy repair; and 9) stealth--hiding hot elements of the 
engine (turbine exit). 28,29 

9.3.1 Afterburner Design Parameters 
Overall engine cycle considerations have already fixed the molecular compo- 

sition, thermodynamic state, and mass flow rates of core gas and bypass air that 
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enter the afterburner at stations 6 and 16, respectively, in Fig. 9.2a. In addition, 
the afterburner fuel flow rate that enters between stations 6A and 6.1 is also spec- 
ified. When using the AEDsys software for preliminary design, these values are 
displayed on the Engine Station Test Results sheet for the particular operating 
point chosen for design (see Table 7.E5). The required thermodynamic state of 
the combustion product gases exiting the afterburner at station 7 is also fixed. The 
radial and axial location of all components of the afterburner assembly in the en- 
gine framework will be determined by matching the layout of the fan, turbine, and 
variable area nozzles from their respective preliminary designs. 

Although the afterburner fuel flow rate and Engine Station Test Results values 
listed for stations 6, 16, and 6A are fixed requirements, those values listed for 
station 7 are just "first cut" or "bogey" values, which may have to be adjusted in 
order to optimize performance. The Engine Station Test Results does not list any 
properties whatever for station 6.1. However, a value of total pressure loss from 
station 6A to station 7 is obtainable from the Engine Station Test Results sheet, 
and this should be regarded as a design target value. This design quantity can be 
represented as 

Pt7 et6.1 Pt7 
Y r 6 a _  7 ~ '  . . . . .  ]TAB D T(AB (9.121) 

Pt6a Pt6a Pt6.1 

which is the product of the total pressure ratios across the afterburner diffuser 
(stations 6A to 6.1) and the afterburner (stations 6.1 to 7). 

9.3.2 Afterburner Components 
9.3.2.1 Mixer. The hot core gas exiting from the low pressure turbine at 

station 6 must be mixed with the cooler, comparatively oxygen-rich bypass air at 
station 16, in order to provide a gas mixture with sufficiently high temperature to 
vaporize the liquid fuel injected and atomized by the spray bars downstream, and 
also with sufficiently high temperature and oxygen mol fraction to sustain combus- 
tion in the wake of the vee-gutter flameholders located still further downstream. A 
schematic representation of the near-constant-area mixer is presented in Fig. 9.35. 

A control volume analysis for conservation of mass, momentum, and energy, 
presented in Appendix G, determines the state of the mixed gases at station 6A. This 
calculation is performed by the AEDsys cycle analysis software, with the results 
given on the Engine Station Test Results sheet. However, this control volume 

station 16 
I 

U " bypass air . . . . . . . .  -~  

, ~ ~oregas --1 
I 

station 6 station 6A 

L mix /~ 
Fig. 9.35 Schematic  of  afterburner mixer:  . . . .  , micromixed region (see Sec. 9.1.4). 



DESIGN: COMBUSTION SYSTEMS 387 

analysis is based on the assumption that mixing is complete at exit and does not 
address the question of how long the mixer must be to accomplish this mixing. 

The length required for complete mixing of the core gas and bypass airstreams, 
as denoted by Lmix in Fig. 9.35, can be estimated by using the shear/mixing layer 
equations [Eqs. (9.52-9.60) from Sec. 9.1.4 (see also Figs. 9.18 and 9.19)]. How- 
ever, as Fig. 9.35 suggests, the distance required may be excessively long, as one 
stream may "mix out" while the other stream still contains unmixed gas. One way 
to reduce the length required to mix out is to reduce the annular height of both 
passages at mixer inlet, which reduces the initial scale of segregation of the two 
mixant streams. 13 This can be done by constant-area ducting (that is, by keeping 
the product of cross-sectional radial height H and mean radius rm constant as r m 
is increased) both streams to the greatest permissible outer radius prior to mix- 
ing. Some other ways are to l) increase the velocity ratio of the two streams [see 
Eqs. (9.52-9.54)], 2) purposely imbalance or "un-match" the static pressures in the 
two streams so that the higher-pressure stream is pushed laterally into the lower- 
pressure stream, and 3) replace the flat-edge splitter plate illustrated in Fig. 9.35 
with a "fluted" plate, which can be visualized as a flat plate trailing edge that is 
smoothly crimped laterally, similar to hand-crimping the top and bottom layers of 
a pie crust. The fluted splitter plate induces vertical velocity components, spatially 
alternating upward and downward from both mixant streams, which reduces the 
scale of segregation between the two mixants to the pitch of the corrugations in 
the fluted splitter plate. Of course, all of the suggested ways to shorten Lmix cause 
further increases in total pressure loss. 

In any case the rational design of the mixer is far too complicated for treatment 
at our level of description, 13 and so the properties at stations 6, 16, and 6A listed 
on the Engine Station Test Results sheet will simply be taken as given for prelim- 
inary design purposes, and the required length can only be guessed or based on 
observation of similar designs. 

An alternative approach is to not mix the two streams at all. By keeping the two 
streams separate until just upstream of the hot section, temperature modulation 
for the afterburner can be achieved by having two separately fueled afterburner 
systems, one located in the core stream and the other in the unmixed bypass 
fan airstream. Stage 1 would be the inner, core stream afterburner, and after the 
first stage is lit off, the separately fueled, outer, bypass fan airstream afterburner 
could be ignited for stage 2. This in turn leads to flameholding difficulties in both 
streams because although the hot core stream is oxygen poor, compared to the 
bypass stream, the oxygen-rich bypass stream (air) is cold in comparison with the 
core stream. 

9.3.2.2 Diffuser. The flow entering the afterburner at station 6A (Fig. 9.2a) 
must be slowed to a Mach number that provides a balance between total pressure 
loss and afterburner cross-sectional area. The minimum Mach number entering 
the combustion zone of the afterburner at station 6.1 is usually fixed by a require- 
ment that the diameter of the afterburner section not exceed that of the engine 
components located upstream, specifically the fan casing, for case of installation 
and removal. A short diffuser length is desired, of course without producing flow 
separation, in order to reduce engine weight and length. In augmented turbofan 
engines, the diffuser may be combined with a mixer so that a mixed stream enters 
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Fig. 9.36 

ro 

/ 

station 6A station 6.1 

Geometry of afterburner annular flat-wall + dump diffuser. 

the combustion section, but the mixer and diffuser will be treated as separate 
components for present purposes. 

Figure 9.36 shows the geometry and layout of the afterburner diffuser to be 
designed. Note that the dump diffuser is defined by truncating the tailcone of 
the low-pressure turbine. Extensive use will be made of the concepts and design 
equations and principles developed in Secs. 9.1.5 and 9.2.3. 

The flow areas and linear dimensions of the annular geometry diffuser shown 
in Fig. 9.36 are 

A = zr(r2o - r2i) = zr(ro - r i ) ( r o  -t- r i )  = 2rr(ro  - r i )  (ro + r i )  _ 2zr H r m 
2 

(9.122) 

where H = (ro - r i )  and rm = (ro + ri )/2, and for each of the three stations shown, 

A l = y r ( r  2-1"2)1 A m  = Tr(r  2 - r2m) A 2  = Jrr~ 

H1 = (ro - r i ) l  n m =  (r2 - rim) H2 -= r2 

L = x2 - x l  L m  = Xm - Xl L a  = x2 - xm (9.123) 

The flow area between stations 1 and m is to be designed to vary linearly with 
x according to the flat-wall diffuser geometry of Fig. 9.20 and Eq. (9.61), 

A ( x )  _ [rZ(x) - rZ(x)] _ n ( x ) r m ( x )  _ 1 -t- rmm (X - - X l )  2 tan 0 (9.124) 
AI [ro21 -- rT1] H l r m l  rml HI 

where 0 will be always be set equal to the "sweet spot" value of Fig. 9.22, 0 = 
4.5 deg. 

By design, the outer radius will also vary linearly between stations 1 and m, 

ro (X)  = rol + ( r 2  - -  rol  ~ ( x  - x , )  Xl  < x < Xm (9.125) 
~ L m J  

so that the shape of the diffuser centerbody between xl and x m is defined by the 
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variation of  inner radius of  the flow area with x between i and m, from Eq. (9.124), 
a s  

ri(x) ~ r 2 ( x ) Z l  ( l + r m m (  - X l ) 2  ) . . . .  tan 4 .5deg  Xl < x  <xm (9.126) 
7r rm 1 H1 

Note that the axial variation of  the inner radius ri(x) is quasi-linear in x, not 
quadratic, because it varies as the square root of  a quadratic function. 

If  the overall area ratio AR= A2 /A  1 is greater than four, the length of the diffuser 
centerbody will be the "sweet spot" value Lm/H1 = 20. I f A R  is less than four, 
then from Eqs. (9.103) and (9.124) 

Lm rmlH1 ([A~-I]  1 ) w h e r e  [A-~I ] = -- = rIDmAR 
rmm 2 tan 4.5 deg opt opt 

(9.127) 

Finally, the diffusion efficiency of  the combined diffuser is given by Eq. (9.102), 

~IDmAR2(1 - [a l /am]  2) + 2(AR[A1/Am] - 1) 
(9.128) 

riD = (AR 2 - 1) 

where, as before, AR denotes the overall area ratio AR = A2/A1. 009 ° from 
Eq. (9.68) should be used for 0ore in Eq. (9.128), the total pressure loss can be 
calculated from Eq. (9.67), and the tailpipe length Ld of the combined diffuser 
will be Ld = H2 - Hm. 

9.3.2.3 Fuel injection, atomization, and vaporization. This subject area 
is best summarized by Zukoski 3 and is quoted here: 

The goal of the fuel injection system is to produce a specified distribution 
of fuel vapor in the gas stream entering the afterburner. In most engines, fuel is 
introduced in a staged manner so that heat addition rate can be increased gradually 
from zero to the desired value. Because ignition, flame stabilization, and flame 
spreading are easiest to achieve when the fuel-air ratio is close to the stoichiometric 
value, staging is usually produced by adding fuel to successive annular stream 
tubes so that the mixture ratio in each tube is nearly stoichiometric. Each stream 
tube has its own set of fuel injectors and control system which can be activated 
independently. 

The most remarkable fact concerning the fuel system for afterburners is 
their simplicity. In many engine systems, fuel is supplied to a circular tube which 
lies with its axis perpendicular to the gas stream. Fuel is injected into the gas 
through small diameter holes located in the sides of the tubes such that the liquid 
jet enters the gas stream in a direction perpendicular to the undisturbed flow 
direction. The liquid jet penetrates some distance into the gas stream before its 
momentum is dissipated. During this penetration process, the air stream tears the 
jet apart and produces droplets with diameters of micron size. Heat transfer from 
the hot gas stream then vaporizes the droplets. 

Given the wide range of values of mass flows of fuel required, it is remark- 
able that reasonably thorough mixing of the fuel with the air can be achieved with 
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this simple injection system. In some recent engines efforts are being made to use 
simple variable area injection ports which may possibly give better preparation 
of the fuel-air mixture. 

The whole area of fuel penetration, atomization, and vaporization is not 
well understood from first principles and one of the time consuming parts of an 
afterburner development program is to determine the optimum distribution of 
locations for injector tubes, injector ports, and port diameters. 

A good source of information concerning fuel spray injection, atomization, and 
vaporization is given by Chigier. 3° 

9. 3.2.4 Ignition. Ignition of the fuel-air mixture in the afterburner is usually 
accomplished using a spark or arc igniter or a pilot burner. Once initiated in the 
primary stream tube, combustion continues in the wake of the fame stabilizer, and 
the process will spread to the rest of the flame stabilizers. 

The spark or arc igniter uses a high-energy electric arc to initiate combustion of 
the primary stream tube. The igniter is usually placed in the wake of a sheltered 
flame stabilizer having its own fuel supply. A stable flame results, and combustion 
is initiated behind other flame stabilizers by the mechanism just mentioned. 

The pilot burner consists of a pilot zone where a small portion of the inlet 
air (usually 10% or less) is burned to stoichiometric temperatures in an enclosed 
protected region. The hot gases generated by the pilot are used as an ignition and 
stabilizing source for the main fuel injection system. 

Afterburning for some turbofan engines is accomplished by adding fuel first 
to the core flow near the interface between the core and fan streams, then to the 
fan stream, and finally to the rest of the core flow. Afterburning in the fan stream 
produces the largest performance gain because of the low temperature of this 
stream. However, the fan stream's low temperature makes fuel vaporization and 
afterburning very difficult. By adding fuel first to the core flow near its interface 
with the fan stream, the resulting afterburning stream can act as a pilot for the 
combustion process in the fan stream. 

9.3.2.5 Flame stabilization. Twogeneraltypesofflamestabilizingdevices 
that have been used in afterburners are shown in Fig. 9.37. These are bluff body 
flameholder vee-gutters and piloted burners, where a small piloting heat source is 
used to ignite the main fuel flow. 

The vee-gutter flameholders have the advantage of low flow blockage and low 
total pressure loss. They are simple and lightweight and have a good development 
history. The wake of a vee-gutter flameholder is divided into two regions: a recir- 
culation zone or bubble and a shear-driven mixing layer, as shown in Fig. 9.2b. The 
recirculation zone is characterized by a strong reverse flow and very low chemical 
reaction rates. As combustion is essentially complete in the recirculation zone, the 
temperature is nearly equal to the adiabatic flame temperature corresponding to the 
fuel-air ratio of the approaching stream. The mixing layer is characterized by very 
strong shear, steep temperature gradients, and vigorous chemical reaction in the 
micromixed reaction zone behind the flame front, which is propagating upstream 
against the mean velocity within the mixing layer, as shown in Fig. 9.38. Following 
the termination of the mixing layer by disentrainment of the recirculating gases, 
the flame front continues to propagate outward towards the walls. 
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(a) (b) 

Fig. 9.37 Two types of flameholders: a) vee-gutter; and b) piloted burner. 

The design goal is to select parameters that will cause the flame region to stand at 
a location between Xm, the mixing transition point shown in Fig. 9.19 and defined 
by Eqs. (9.55) and (9.54), and x = L/2, where L is the length of the recirculation 
bubble, also as shown in Fig. 9.2b. At about x = L/2 the mixing layer begins to 
break down as a result of disentrainment of gases from the mixing layer into the 
recirculation bubble. This is an interesting balancing act because the flame front 
must not be permitted to propagate so freely upstream that it "flashes back" to the 
spray bars, nor must it be allowed to "blow off '  downstream because the mixing 
layer and recirculation zone are not long enough. 

To find the values of parameters that will provide the needed range for flame 
stabilization, the mixing zone will be modeled as a single micromixed well-stirred 
reactor (WSR) of lateral thickness equal to the average shear layer thickness ~m 
and of axial length equal to one-half the length of the recirculation bubble. The 
mean residence time or stay time in this WSR can be estimated by 

m pSm(L/2) L 
ts "~ -- (9.129) 

r'n p~m Uc 2Uc 

where Uc is the convective velocity within the mixing layer, as defined by 
Eq. (9.55), and where the mass density p has been assumed to be approximately 
constant. Further, neglecting the density difference between the two mixing streams, 

entrainment flame front 

~ ., ~_ ~. disentrainment 

Fig. 9.38 Entrainment of reactant gases into, and disentrainment out of, the shear- 
driven mixing layer, which is responsible for flameholding in a vee-gutter flameholder. 
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then Uc "" U2/2, and Eq. (9.129) may be rewritten as 

(L/2) L 
t~ ~ -- (9.130) 

(U2/2) U2 

The requirement for the flame front to stabilize is therefore that the residence 
time or stay time ts of the gases flowing through the mixing layer must be greater 
than, or equal to, the WSR residence time at blowout tBo as defined and discussed 
in Sec. 9.1.3. 

Because ts > tso in the mixing layer is required, then the design requirement 
for flame stabilization can be stated as 

L 
ts .~ - -  > tBo required (9.131) 

U2 

Substituting the estimate L --- 4W (Ref. 3) into Eq. (9.131), the stabilization 
requirement becomes 

4W 
ts ~ - -  > tBo required (9.132) 

U2 

Because both U2 and W depend on the blockage B, approach velocity U1, and 
vee-gutter half-angle 0, the requirement Eq. (9.132) must be rewritten in terms of 
the controllable design parameters H, D, 0, and U1. Conservation of mass requires 
that 

U 1 H = U z ( H - W ) ,  so t h a t U z = U 1  ~ - ( 1 - W / H )  (9.133) 

which enables Eq. (9.132) to be rewritten as 

H 4 W (  W )  
ts ~ ~l -H 1 - > tBo required (9.134) 

By inspection of Eq. (9.134), it can be seen that for any given values of channel 
height H and approach velocity UI, the residence time in the mixing layer is 
maximized when W / H  = 1/2, so that for optimal flameholding 

- -  > tso required, when = 0.5 (9.135) 
Ui 

Note, however, that the optimum is fairly flat. For example, if W / H  = 0.4 
is substituted into Eq. (9.134) instead of the optimal W / H  = 0.5, then the re- 
quired ratio H~ U1 is increased by only 4%, so that variations in practice can be 
expected. 

The WSR blowout residence time tso must be obtained either from experiment 
or from chemical-kinetic WSR modeling, for example, from the AEDsys soft- 
ware program KINETX. Required inputs to KINETX for calculating t~o are the 
pressure, temperature, and composition of the approach gas stream and the ratio 
of afterburner fuel flow rate to main gas stream flow rate. All of these parameters 
except the gas composition are available from the Engine Station Test Results 
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sheet. The composition of the main gas stream can be obtained from the AEDsys 
program EQL. 

With U1 given from the Engine Station Test Results sheet, fro determined from 
the AEDsys program KINETX, and the minimum H determined from Eq. (9.134) 
for a single vee-gutter, design choices still have to be made for the vee-gutter 
lateral dimension D and half-angle 0, and how many rows (rings) of vee-gutters 
and associated spray bars will be required. 

Equation (9.87) gives W/H as a function of the blockage B = D/H and half- 
angle 0: 

W 
B + (1 - ~ ) ~ / B  sin(0/2) (9.136) 

H 

For any value of W/H, B and 0 are related by Eq. (9.136), but neither value is 
specified. Because a half-angle of 0 = 15 deg has been widely utilized for vee- 
gutter flameholders, that value will be used here. For 0 = 15 deg, and over the 
useful range 0.3 < W/H < 0.5, Eqs. (9.87) and (9.136) can be represented to 
good approximation by 

B ~  1.034 - 0 . 1  for 0 = 1 5 d e g ,  0.3 < H <0"5 (9.137) 

With the optimal W/H = 0.5 as input, Eq. (9.137) gives the corresponding value 
of blockage B = 0.417, and the gutter lateral width D = BH = 0.417H. The 
corresponding vee-gutter drag coefficient CD = 2.4 is obtained from Eq. (9.84). 
These values are typical of currently operational afterburners. 

However, for W/H = 0.4, Eq. (9.137) gives B = 0.314, and Eq. (9.84) gives 
the corresponding Co = 1.4. From Eq. (9.85) it can be seen that reducing the 
design value of W/H from 0.5 to 0.4 reduces the "dry" total pressure loss coef- 
ficient from 1.0 to 0.444. This reduction of dry total pressure loss by 55%, at a 
cost of only 4% reduction in flameholding stability, is significant and should be 
considered during design of the afterburner. 

9.3.2.6 Flame spread and afterburner length. Figure 9.39 illustrates 
how the channel height H and flame spread angle determine the length of the 
afterburner between stations 6.1 and 7 required for the flame front to consume all 
of the reactant gases. Regrettably, there does not appear to be a reliable method 
to determine the flame spread angle based on first principles, 3 and so a standard 
design value of 17 deg total included angle will be assumed. 

Assuming that afterburner a) of Fig. 9.39 has a channel height H that is equal 
to or slightly greater than the minimum value required by Eq. (9.135), the 
single-gutter afterburner b) has an unnecessarily wide stability margin for flame- 
holding, and the twice-as-long flame spreading region results in a much longer 
afterburner. Why not make the afterburner even shorter by further reducing the 
channel height, so that there would be three or four rows (rings) of flameholders? 
Because the vee-gutters would then be too small to stabilize the flame! 

In summary, two design guidelines have been established for optimizing both 
afterburner flameholding and flame spread: 1) H should be as small as possible in 
order to minimize the length of the afterburner (flame spread), and 2) U1 should be 
small as possible to maximize residence time in the mixing layer (flameholding.) 
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(a) 

J 

• •  (b) 

Fig. 9.39 Effect of channel height H and flame spread angle on afterburner length. 
Both afterburners have the same area and approach velocity Ul, but the channel height 
H of b) is twice that of a). Both have the same, optimum flameholding values W / H  = 

0.5, blockage B = 0.417, gutter half-angle 0 = 15 deg, and assumed included angle of 
17 deg for flame spread (approximately to scale). 

Finally, stealth requirements of modern fighter aircraft may require the flame- 
holders be located to hide the high temperature of the turbine exit and thus reduce 
the infrared signature. Cool bypass air can be ducted and mixed in such a way as 
to cool these flameholders. 

9.3.2. 7 Afterburner liner. The afterburner liner is used as a cooling liner 
and to improve combustion stability. As a cooling liner, it isolates the very high 
temperatures from the outer casing, similar to the liner of the main burner. A film 
of cooler air is distributed along the length of the cooling liner that reduces the 
metal temperature of this liner and subjects the outer casing of the afterburner to 
the afterburner pressure and the temperature of the cooling flow. 

The liner is also used as a screech or antihowl liner to prevent extreme high 
frequency and amplitude pressure fluctuations resulting from combustion insta- 
bility or the unsteady release of thermal energy. This is accomplished by use of 
multiple holes along the initial length of the liner. Selective acoustic frequencies 
can be dampened by the selection of the proper hole size and distribution and the 
geometry of the cavity behind the holes. 

9.4 Example Engine Component Design: Combustion Systems 
9.4.1 AAF Engine Main Burner Design 

Strictly speaking, the main burner should be designed for more than a single 
operating point. Specifically, 1) the liner dome should be designed for high-altitude 
relight, 2) the primary zone should be sized for idle conditions, 3) the liner air 
cooling should be designed for the maximum liner gas temperature, and 4) the 
combustor length should be designed for the maximum throughput mass flow rate 
condition.* 

*Sturgess, G. R., private communication, Dayton, OH, July 2002. 
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As pointed out in Sec. 9.1.7, design of the ignition subsystem is regarded as 
too complex for inclusion in this textbook, and so design for high-altitude relight 
will not be considered. Of the remaining three considerations, it can be seen from 
inspection of Table 7.E4, AAF Engine Main Burner Operation, that the maximum 
dynamic pressure condition (sea level, flight Mach number M0 = 1.2) establishes 
both the maximum gas temperature and maximum throughput condition. In the 
interest of clarity and simplicity, therefore, that condition will be chosen as the 
single design point for both the main burner and the afterburner. The corresponding 
design interface quantities are presented on the Engine Stations Test Results sheet 
(see Table 9.El). 

As explained in Sec. 9.2.1, the values listed for station 3.2 are to be regarded 
as "first-cut" or "bogey" values, and will have to be checked and/or iterated to 
ensure adequate jet penetration and mixing, and to accommodate the swirler. 

From the component design of the compressor and turbine, the mean radii at 
stations 3.1 and 4 have been established as 9 in. and 7 in., respectively. Using the 

Table 9.El AAF engine stations test results at design point (maximum 
dynamic pressure) 

Results at Engine Stations (AEDsys Ver 3.00) Date: 10/1/2002 6:00:00 AM 
Filename: C:\Programs\AEDsys\AAF Data\AAF Final Engine.AED 
Engine File Name: C:\Programs\AEDsys\AAF Data\AAF Final Engine.ref 
Thrust Scale Factor = 1.0000 Percent Thrust = 100 
Altitude = 0 ft 

Station m dot gamma Pt Tt Press Mach Velocity Area Area* I 
(Ibm/s) (psia) (R) (psia) (ft/s) (ft 2 ) (ft 2 ) (lbf) 

0 227.10 1.4000 35.637 668.07 14.696 1.2000 1339.68 2.216 2.151 14145.9 
1 227.10 1.4000 35.333 668.07 31.808 0.3904 487.28 3.519 2.169 19557.7 
2 227.10 1.4000 33.920 668.07 31.170 0.3496 437.67 4.022 2.260 21140.0 
13 227.10 1.4000 83 .391  893.29 74.176 0.4125 594.28 1.649 1.063 21805.8 

core 117.12 1.4000 83.391 893.29 74.176 0.4125 594.28 0.850 0.548 11245.9 
bypass 109.98 1.4000 83.391 893.29 74.176 0.4125 594.28 0.798 0.515 10559.9 

2.5 117.12 1.4000 83.391 893.29 76.022 0.3660 529.14 0.938 0.548 12198.7 
3 117.12 1.4000 585.114 1659.99 550.205 0.2978 589.47 0.218 0.106 19433.6 

3.1 104.24 1.4000 585.114 1659.99 550.205 0.2978 589.47 0.194 0.095 17295.9 
3.2 104.24 1.4000 579.263 1659.99 576.537 0.0821 163.90 0.677 0.096 56771.8 

MB fuel 2.7017 
4 106.94 1.3000 555.859 3138.80 303.347 1.0000 2467.65 0.144 0.144 14494.6 

4.1 112.80 1.3000 3042.54 
4.4 112.80 1.3000 2389.37 
4.5 1 1 8 . 6 5  1.3000 171.378 2334.78 93.526 1.0000 2128.26 0.448 0.448 13867.4 
5 118.65 1.3000 78.129 1983.04 64.783 0.5427 1117.06 1.153 0.906 14878.7 
6 118.65 1.3000 78.129 1983.04 71.533 0.3702 770.87 1.549 0.906 18796.4 
16 109.98 1.4000 83.391 893.29 71.570 0.4725 677.21 0.719 0.515 7407.6 
6A 228.63 1.3360 76.859 1513.71 68.248 0.4249 779.89 2.338 1.536 28516.0 

AB fuel 8.7033 
7 237.33 1.3000 73.016 3600.00 61.806 0.5113 1421.42 3.466 2.613 41335.2 
8 237.33 1.3000 73.016 3600.00 39.847 1.0000 2642.73 2.613 2.613 34489.9 
9 237.33 1.3000 70.826 3600.00 14.696 1.7079 4036.90 3.711 2.694 37631.8 
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Table 9.E2 Annular geometry of AAF 
engine at stations 3.1 and 4 

Station 3.1 Station 4 

A (ft 2) 0.194 0.144 
rm (in.) 9.0 7.0 
r i (in.) 8.753 6.764 
ro (in.) 9.247 7.235 
H (in.) 0.494 0.472 

annular geometry relations and definitions given in Fig. 9.36 and Eq. (9.122), 

1 
rm "-- ~ ( r i  -}- ro), H "-- (ro - r i) ,  and 

a = :n:(r 2 - r 2) = 7r(ro - ri)(ro + ri)  = 2re r m H  

the inner and outer radii and the radial heights H at stations 3.1 and 4 can be 
calculated and are summarized in Table 9.E2. 

9.4.1.1 Layout. Some obvious ways to lay out the combustor are to match 
the radius of the outer casing either to the outer radius at station 3.1 (Design A), 
or to the outer radius at station 4 (Design B), or somewhere in between. Annular 
geometry has been calculated for the two layouts A and B, and the number of 
fuel nozzle assemblies calculated from Eq. (9.105). The results are summarized in 
Table 9.E3, and the layouts of designs A and B are sketched in Fig. 9.E1. 

Chiefly because it has fewer fuel nozzles, design B will be selected. However, 
because design A has the smaller radial height H, mixing in the secondary and 
dilution zones will be somewhat more effective than in design B [see Eq. (9.116)]. 

9 . 4 . 1 . 2  D i f f u s e r .  The required diffuser area ratio is A R  = A3.2/A3.1 = 
0.677/0.194 = 3.490, which is less than the maximum "sweet spot" A R  = 4 
of Figs. 9.21 and 9.22. For this area ratio Eqs. (9.66) and (9.67) give the total pres- 
sure loss coefficient ( A P t / q r ) 9  and total pressure ratio n o ,  respectively, for any 
assumed diffusion efficiency. Using these equations, it is found that a value of r/9 as 

Table 9.E3 Annular geometry of station 3.2 for 
two possible combustor layouts 

Design A Design B 
1"o3.2 ~ ?'o3.1 ?'03.2 ~ ro4 

ro (in.) 9.247 7.235 
r i (in.) 7.381 4.617 
rm (in.) 8.314 5.926 
H (in.) 1.866 2.618 
N.oz 28 14 
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Layouts of designs A and B of Table 9.E3 (radial dimensions to scale). 

low as 0D = 0.83 will satisfy the allocated total pressure loss, APt = Pt3.1 - P t 3 . 2 .  

If  a higher diffusion efficiency is assumed, the "savings" in total pressure loss can 
be allocated to the main burner, if required, to improve mixing. 

All of the design relations for an annular flat-wall 4- dump diffuser were 
presented in Sec. 9.2.3, in Eqs. (9.102-9.104). Assuming a diffusion efficiency 
ODm • T I D 9  ° = 0.9, and the given overall area ratio AR = 3.490, Eq. (9.103) 
gives the optimal area ratio for transition from flat-wall to dump diffuser as 
Am ---- ( 0 . 1 9 4 ) ( 0 . 9 ) ( 3 . 4 9 0 )  = 0.609 ft 2. However, because the AR is less than the 
"sweet spot" value of four, a simple (no dump) flat-wall diffuser will be 
chosen. 

For a one-stream diffuser (no splitter plates), the slant-height distance along the 
diffuser mean line can be calculated from Eq. (9.61), 

L = H l ( r m l " )  A R - 1  _ 0 . 4 9 4 ( 9  ) 3 . 4 9 0 - 1  
k.rm2/ 2 tan4 .5deg  ~ 2(0.0787) -- 11.868 in. 

Because the main burner should be as short as possible, L can be reduced 
by a factor of  two or three, by employing one or two splitter plates. Although 
two splitters plates could perhaps be mounted on the liner dome as a "snout" 
(see Fig. 9.1), that may be too complex for this geometry, and so a two-stream 
(one splitter plate) flat-wall annular diffuser might be a good compromise.  For the 
two-stream design the slant-height distance L is now L = 11.868/2 = 5.934 in., 
and the corresponding axial distance is 

Ax = ~/L 2 - ( r 3 . 1  - r 3 . 2 )  2 = ~/(5.934) 2 - (9 - 5.926) z = 5.076 in. 

The layout for the two diffuser designs is shown in Fig. 9.E2. 

9.4.1.3 Air partitioning. From Table 9.El and Eq. (9.90), the equivalence 
ratio at station 4 is calculated to be ~b4 = thfMB/fstrh3.1 = 2.7017/(0.0685 x 
104.24) = 0.3784. 

The liner material will be assumed to be capable of  withstanding a temperature 
Tm = 2110°R, by using thermal barrier coatings. The cooling gas temperature is 
T¢ = Tt3.a = 1660°R, and a decision to use film cooling or transpiration/effusion 
cooling is deferred for the moment.  
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Fig. 9.E2 Annular flat-wall diffusers for none or one splitter plate (to scale). 

Using Eqs. (9.88) through (9.101), the air mass fractions/z for primary and 
secondary zones can be calculated, as well as the cooling mass fraction/Zc for any 
assumed liner gas temperature Tg. For example, for assumed Tg = 3200°R, from 
Eq. (9.89), ATmax = (Tt4 - Ts.1)/q~4 = (3138.8 - 1660.0)/0.3784 = 3909°R. 
From Eq. (9.97), Csz = (3200 - 1660)/3909 = 0.394, and for assumed Sez  = 
0.7, Eq. (9.92) gives Cez = Csz/0.7 = 0.563. The resulting mass flow fractions 
are given by Eq. (9.93), /Zez = ¢4/¢ez  = 0.3784/0.563 = 0.672, and from 
Eq. (9.99), lZsz = (¢4/¢sz) - (¢4/¢ez) = (0.3784/0.394) - (0.3784/0.563) = 
0.288. 

The primary and secondary air flow fractions added together equal 96% of the 
total airflow, leaving only 4% available for cooling and dilution. Even without 
dilution, there is not enough air available for liner cooling. 

To understand and find a solution to this problem, the preceding calculations 
were repeated for assumed liner gas temperatures Tg ranging from 3000 to 4000°R, 
and assumed primary zone combustion efficiency Spz  = 0.7. The results of  
these calculations, together with the corresponding cooling mass fractions from 
Eqs. (9.95) and (9.96), are presented in Fig. 9.E3. 

The lack of cooling air available stems from the fact that Tt4 = 3138.8°R 
happens to be right in the mid-range of  target liner gas temperatures that minimize 

Fig. 9.E3 
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Variation of air mass flow fractions with design gas temperature. 
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the production of pollutant species CO and NOx, as shown in Fig. 9.24. If  Tg = 
Tt4 = 3138.8°R were assumed, exactly all  of the air would be required for primary 
and secondary air combustion, and there would be not only no dilution air required, 
but also none available for liner cooling. However, if transpiration/effusion cooling 
were employed, the required air fraction is so modest that Tg ..~ 3500°R would 
probably work. If  for some reason (probably manufacturing cost), film cooling 
were to be specified, Tg would have to be raised to well beyond 4000°R, and there 
still would be no requirement for dilution air. 

Because the AAF engine being designed is a warplane, and not a global range 
airlifter, commercial passenger, or transport jet, minimizing pollutant emissions is 
not a principal design objective. Rather, what is required is a very wide tumdown 
ratio, or in other words, a very wide range of  flame stability and thus freedom 
from flameout from maneuvers or high altitude. It is therefore desirable to have a 
primary zone equivalence ratio above 0.8, well above the lean blowout limit q~8o 
0.4 - 0.5. 

Using these assumptions, a good choice for target liner gas temperature can 
be obtained by solving Eq. (9.92) for Tg = Tt3.1 + q)PzepzATmax = 1660 + 
0.8(0.7)(3909) = 3849°R. 

With Tg = 3849°R as the design target gas temperature, and still assum- 
ing epz  = 0.7 and ~Pz --- 0.80, Eq. (9.93) gives the primary zone air mass 
fraction as # e z  = q~4/~pz = 0.3784/0.80 = 0.473. From Eq. (9.97), (bsz = 
(3849 - 1660)/3909 = 0.560, and Eq. (9.99) gives the secondary zone air mass 
fraction, IZsz = (494/qbsz)- (~b4/~pz) -- (0 .3784/0 .560)-  (0.3784/0.80) = 0.203. 
The remaining mass flow fraction (1 - ~ e z  - #sz) = 1 - 0.473 - 0.203 = 0.324 
is available for film cooling, or for transpiration/effusion cooling and dilution. 

For Tg = 3849°R the required cooling effectiveness is, from Eq. (9.94), ~ = 
(Tg - Tm) / (Tg  - Tc) = ( 3 8 4 9 -  2 1 1 0 ) / ( 3 8 4 9 -  1660) ---- 0.794. From Eqs. (9.95) 
and (9.96), the corresponding requirements for cooling air mass fraction are/zc = 
0.644 for film cooling, and/zc = 0.155 for transpiration/effusion cooling. Because 
there is not enough air available for film cooling, transpiration/effusion cooling 
must be selected. With transpiration/effusion chosen for liner cooling, the required 
dilution air fraction from Eq. (9.101) is [,£DZ = 1 - ( # e z  + # s z  + IZc) = 1 - 
(0.473 + 0.203 + 0.155) = 0.169. The results of  the air partitioning are summa- 
rized in Table 9.E4. 

9 . 4 . 1 . 4  D o m e  a n d  liner. With the radial height of the outer casing Hr 
fixed, and air partitioning determined, it is now possible to determine the liner 
height HL and corresponding dome diameter. From Eq. (9.109), the optimal 

Table 9.E4 Air partitioning for AAF engine main burner, for assumed 
Tg =3849°R and e e z  = 0.7 

Primary Secondary Transpiration Dilution 
Total zone zone cooling zone 

Air flow (lbm/s) 104.24 49.306 21.161 16.157 17.616 
Mass fractions 1.00 0.473 0.203 0.155 0.169 
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Fig. 9.E4 Layout of AAF engine combustor dome, liner, inner and outer casing 
(to scale). 

liner-to-reference height ratio for maximum secondary jet penetration is 

C t o p t = l -  (/~t~A ~2'3 ( APt~ -1'3 
\ #lr I \ qr .']MB 

From Table 9.El,  APt /qr  = (Pt3.2 - Pt4)/(Pt3.2 - P3.2) = (579.263 - 
555.859)/(579.263 - 576.537) = 8.585, and the ratio of  annulus to reference flow 
rate rnA/mr = tZsz + #Dz = 0.203 + 0.169 = 0.372. With these values, Oeopt = 
1 - (0.372)2/3/(8.585)1/3 = 0.747,and HL = O~opeHr =0.747(2.618) = 1.957in. 
The current state of  the main burner layout is shown in Fig. 9.E4. 

9.4. 1.5 Total p r e s s u r e  loss. With the liner-to-reference area determined, 
Eq. (9.79) can be used to see whether or not the allocated total pressure loss is 
sufficient for adequate stirring by the primary zone swirler. For fez = Tu/Tt3a = 
3849/1660 = 2.319, this minimum required total pressure loss coefficient is 

APt = (thP__~z)2(ar~ 2 
qr /min \ rnr I \--~L) r p z ( 2 r e z -  1) 

= ( 0 . 4 7 3 ]  2 
\ 0 . 7 4 7 )  (2 .319)[2(2.319)-  1] = 3.383 

which is less than 40% of the allocated value of  (APt/qr)MB = 8.585, a comfort- 
able margin. 

9.4. 1.6 Primary zone .  With the reference velocity Ur = 163.90 ft/s from 
Table. 9.El, the velocity for all jets is determined from Eq. (9.110), 

Vj  = U r v  \ qr ) MB 163.9084'-~5~.585 = 480.23 ft/s, 

The air swirler annular area is determined by first assuming a hub radius of 
rh = 0.5 in. to accommodate the airblast atomizer, a sharp-edge hole discharge 
coefficient of  CD = 0.64 from Eq. (9.33), and a swirl blade angle ofasw = 45 deg. 
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Fig. 9.E5 Layout of primary air swirlers and atomizers (to scale). 

With these values as inputs, Eq. (9.111) can be solved for the swifter blade tip 
radius, 

rt=~r2+ (lhPZ--3thfMB) (Ar)(APt~ -1/2 
NnozZrCD9o~COSOtsw ~rr \ qr /MB 

4 9 . 3 0 6 -  3(2.7017) (0.677(144))  ( 1 ) 
= (0"5)2+ 14rr(0.64) cos45deg \ ~ J ~ =0 .954 in .  

Fortunately, this swifter tip radius is less than HL/2 = 0.9595, sO the swifter 
just fits within the envelope of the liner. The pitch of the Nnoz = 14 swifter + 
atomizer assemblies at mean radius is 2rcrm/N~oz = 2rr(5.926)/14 = 2.66 in. 
The layout of the swifter + atomizer assembly is shown in Fig. 9.E5. 

The swift number for this design is obtained from Eq. (9.48), 

S , 2  I I - ( rh /r t )31  2 tan 45 deg I 1 - (0.5/0.954)31 
= -~tane~sw 1 (rh/rt)ZJ = 3 l ~ ~ j  =0.787,  

which is satisfactory. The swifter area is Asw = zr(r 2 - r 2) = rr[(0.954) 2 - 
(0.5) 2] = 2.073 in. 2 per nozzle. 

The axial length of the primary zone, measured from the "nose" of the dome, can 
be laid out according to the estimate Eq. (9.50), Lpz ~ 2S'rt = 2(0.787)(0.954) = 
1.501 in. ~ 1.5 in. 

If the calculated swifter tip radius had been greater than HL/2,  some adjustments 
would have been necessary. These could have been any or all of the following: 
a) smooth the edges of the flow passage at entry to the swifter annulus and/or make 
the swifter blades airfoils instead of flat plates or slats, which would increase CO to 
perhaps 0.8, even though experience shows that flat-plate blades provide slightly 
better mixing than airfoils; b) reduce the swifter blade angle to 40°--but that would 
reduce the swift number S' too close to the minimum value of 0.6; c) decrease 
the reference Mach number Mr by slightly increasing the reference area Ar, and 
recalculate everything; or d) increase Nnoz from 14 to 16, 18 or 20--although 
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this would have necessarily reduced the spacing or pitch between adjacent fuel 
nozzle/air swirler assemblies. 

The design of the primary zone can be validated by using the AEDsys pro- 
gram KINETX to model the primary zone as a single WSR. For a single noz- 
zle/swirler, the inputs to KINETX are as follows: TA = 1660°R; TF = 540°R; P = 
579.263 psia; l~VtA = thpz/Nno z = 49.306/14 = 3.522 Ibm/s;/~t F = 2.7017/14 = 
0.1930 lbm/s; Lpz = 1.5 in.; Aez = 7rr2/8 = zr(0.954)2/8 = 0.357 in. 2 (Note 
that, as explained at the end of Sec. 9.1.4.4, the micromixed portion of the pri- 
mary zone volume is approximately one-eighth of the volume of the recirculation 
bubble.) With these inputs, and with an assumed lower heating value of 18,400 
BTU/lbm for the fuel, KINETX gives a residence time ts = 3.376 x 10 -5 s, 
which is an order-of-magnitude greater than the blowout residence time tBo = 
4.403 x 10 -6 s. The predicted primary zone combustion efficiency Spz = 78.32% 
and gas temperature Tez = 3822°R compare favorably with the assumed design 
values epz = 0.7 and Tez = 3849°R that were based on a linear approximation to 
the thermochemistry [Eq. (9.23)]. 

9.4. I. 7 Secondary zone. To design the number and location of the sec- 
ondary zone air holes, it is necessary to first calculate the various dynamic pressure 
ratios, 

qj APt 
- - -  - 8.585, 

qr qr 

( ~ ~ )2 (0.20_3+0.169)2 m A A r  2 . s  + oz q__~A 
qr -= \mrAA,]  . . . .  \ 1--0.747 =2.162, 

and 

qL qez .fpz (rnpz Ar "~ 2 ( [.Apz,~2 [ .~ 2 
- - _-09 0 

qr qr \ /n r AL/I = 72PZ \Olopt/ \0.747] 

The maximum penetration of the jet centerline is obtained from Eq. (9.107), 

Ymax 1 5 J q j q r ( 1  qAqr) / 8 . 5 8 5 (  2.162~ 
-£j --1. V qr qL qr qj = 1 " 1 5 ¢  0.~-~ 1 ~ ] = 3 . 0 2 2  

The required single jet vena contracta area is obtained from Eq. (9.112), 

(Ymax)-I 1.957 __ 0.162 in. 1 

dj = ~HI. \ dj ] - 4(3.022~ 

The total number of secondary holes is obtained from Eq. (9.113), 

4fnsz (4AF~ Ur =0.20314(0.677) 1447(163.90 ~ 
Nhsz -prTrd2~  - - I Z s z i T r ~ ]  ~ L ~ J \480 .23]  ~328  

or 328/14 ~ 23 secondary holes per nozzle/swifter assembly. 
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Fig. 9.E6 
(to scale). 
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Layout of secondary and dilution air holes in inner and outer liner 

The secondary jets enter the liner at an angle 0, as shown in Fig. 9.15, obtained 
from Eq. (9.115), 

j s i n O =  1 q__!q~-- 1 - -  --0.865, s o O = 5 9 . 9 d e g  
qr qj 8 . 5 8 5  

and the diameter of each secondary air hole, from Eq. (9.43) or (9.114), is 

dj O. 162 
dh - -  = - -  0.234 in. 

sin 0 ~ (0.865) 

There are too many secondary air holes to arrange in a single lateral line, top and 
bottom of the liner, as recommended in Sec. 9.2.3, but they should be positioned as 
closely as possible to the end of the primary zone. Because there are 23 holes per 
nozzle/swirler, they should be divided into twelve on the outer liner, and eleven 
on the inner liner, arrayed as shown in Fig. 9.E6. 

Following Eq. (9.116), the length of the secondary zone is calculated as Lsz ~-- 
2HL = 2(1.957) ~ 4 in. 

9.4. 1.8 Dilution zone. The same procedure is followed as for the sec- 
ondary zone, except that the design goal is Ymax = HL/3, rather than He~4 for 
the secondary jets, so that somewhat larger diameter jets will be required. From 
Eq. (9.117), 

1 ( Ymax'~ -1  
d J ~ - s H L \  dj J 

Because the secondary zone jets have reduced the annulus airflow, only the 
dilution air now flows in the annulus, so that the annulus flow dynamic pressure is 
reduced to 

qr \ thr AA] = \ l - - - ' ~ J  = 1---~-.7-47 =0 .446  
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and because the liner flow has been increased by the inflow of the secondary air, 

q. qr \ thr AL i] ot 

(0.47_3 ___+ 0.203 ~ 2 
= 2.319 \ 0.747 ,/ = 1.899 

The maximum penetration of the dilution jet centerline is obtained from Eq. (9.107), 

Ymax 1.15,/qjqr (1 q a q r ) = l  1 5 / 8 . 5 8 5 (  0.446~ 
dj v qr qL qr ~ . V1.899 1 8 .~-~]  = 2.381 

SO the dilution jet vena contract area of each jet is 

1 ( Ymax ~-1 1.957 
dj "~ -~ IlL -- - -  -- 0.274 in., 

\ dj ,/ 3(2.381) 

and the dilution jet entry angle is 

sin0 = ~ 1  q a q L - - ~ l  0.446 qr qJ ~ - - 0 . 9 7 4 ,  s o 0 = 7 6 . 8 d e g  

The diameter of each dilution air hole, from Eq. (9.43) or (9.114), is 

dh -- dj _ 0.274 -- 0.352 in. 
sin 0 ~ (0.974) 

and the required number of dilution holes is given by Eq. (9.113), 

4r'nDz (4Ar~  gr = 0.169[4(0.677) 1441 (163.90~ 
NhDZ--pr:rgd2~--#DZ~Kd2:~J  L ~r (0--6~4-) 2 J \48~'~'23] ~ 9 5  

or 95/14 "-~ 7 dilution holes per nozzle/swifter. Because their lateral location is 
not essential, the total 95 holes can be spaced equally, 47 on the inner liner wall 
and 48 on the outer wall, around the periphery at the end of the secondary zone, 
as shown in Fig. 9.E6. 

The estimate of Sec. 9.3.2 can be used for the length of the dilution zone, 
LDZ ~ 1.5HL '~ 3 in. 

The total length of the main burner liner can now be summed, 

LL = Lpz + Lsz + LDZ ---- 1.5 + 4 + 3 = 8.5 in. 

A side view of the main burner layout is presented in Fig. 9.E7. 

9.4.2 AAF Engine Afterburner Design 
In Sec. 9.3.2, it was shown that the axial length of both the mixer and the 

afterburner hot section can be minimized by making the outer radii as large as 
possible. Happily, there are no tradeoffs to consider with this issue, and so the 
afterburner will be sized with its outer diameter equal to the maximum diameter 
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Fig. 9.E7 Side view of AAF engine main burner layout (to scale). 

of all of the upstream components, namely, the outer diameter at fan inlet, ro = 

15.7 in. 
Ducting will be required to direct the core flow and fan bypass air outward from 

their respective outlets to their pressure-matched entries to the mixer. For the core 
flow, the ducting will be from station 5 to station 6, and for the bypass air flow, the 
ducting will be from station 13 (bypass) to station 16. 

Because station 16 is radially outboard of station 6 (see Fig. 9.2), its outer radius 
will be set to the maximum afterburner design radius, ro = 15.7 in, and the station 
16 inner radius determined from ro and the area given in Table 9.El, using the 
geometric relations for annuli given by Fig. 9.36 and Eq. (9.122). 

The outer radius at station 6 will be set equal to the inner radius at station 16, 
and the station 6 inner radius determined from the outer radius and area from 
Table 9.El, in the same manner as for station 16. After exiting the mixer, the gas 
stream must then be diffused from station 6A to the afterburner hot section entry 
at station 6.1. The given areas and both given and calculated radii are summarized 
in Table 9.E5, and the ducting is shown in Fig. 9.E8. 

Note that, because ri6 > ro5 , the duct from station 5 to station 6 hides from 
downstream view the motion of the last stage low-pressure turbine rotor blades, a 
good stealth feature of this design. 

~ 6 q  r 
-1 ~ i o n  16 

stat4on ~ . ~ -  station 6 

0 2 4 6 8 10 12 

Fig. 9.E8 Ducting from station 5 to 6 and from station 13 to 16 (to scale). 
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Table 9.E5 AAF engine afterburner core and bypass flow areas and radii 

Stations 
Station Station Station Station Station 6.1 and 7 
5 (core) 6 (core) 13 (bypass) 16 (bypass) 6A (mixed) (mixed) 

ro (in.) 11.0 14.6 13.4 15.7 15.7 15.7 
ri (in.) 7.0 11.9 12.0 14.6 11.8 0.0 
A (ft 2) 1.571 a 1.549 0.798 0.719 2.338 5.378 

aArea at station 5 from low-pressure turbine design (see Sec. 8.3.4). 

9.4.2.1 Mixer. As shown in Sec. 9.3.2, it is not feasible to design the mixer 
from first principles. However, some calculations can be performed that illus- 
trate the magnitude of the mixing problem, and some possible solutions can be 
suggested. From Table 9.El, the areas, mass flow rates and thermodynamic prop- 
erties of the mixer inlet flows at stations 6 and 16 are available. Substituting these 
numbers into the mixing layer Eqs. (9.52-9.58), the velocity ratio r and density 
ratio s for the shear/mixing layer can be calculated, 

U16 677.21 P16 Tt6 1983.04 
r . . . . .  0.8785 and s = - -  ~ . . . .  2.220 

U6 770.87 P6 Ttl6 893.29 

from which the maximum possible rate of  growth of  the mixing layer (imbedded 
in the shear layer) is 

- -  = C8 (0.0332) = 0.0150, for (CDmax = 0.45 
x 

From the geometry of  Fig. 9.35 in Sec. 9.3.2, Lm would have to be over 12 ft, 
for just the bypass stream to mix out! This is obviously not acceptable. What is 
wrong, and what is to be done about it? 

The problem is that in order to pressure-match the two streams prior to mixer 
entry the bypass stream is slightly accelerated from station 13 to 16, while the 
core stream remains at essentially constant area and velocity from station 5 
to 6 (see Sec. 8.3.4.) This results in a velocity difference between the two streams 
at mixer entry AU = ( U  6 - U16)  = (770.87 - 677.21) = 93.66 ft/s, which 
appears to be large enough to strongly drive the shear layer. However, as can be 
seen by inspection of  Eq. (9.54), it is the velocity ratio, not the difference, that 
determines the axial rate of growth of  the shear layer, and the ratio of two large 
velocities, r = 0.8785, is too close to 1.0 for the shear/mixing layer to grow at 
an adequate rate. Even though a ~94  ft/s velocity difference produces a strongly 
driven shear/mixing layer, the mean convective velocity of  724 ft/s convects the 
developing shear/mixing layer downstream so rapidly that the axial growth rate is 
small. 

What is to be done about it? Noting that the component immediately downstream 
of the mixer is the diffuser, it will be recalled from Secs. 9.1.5 and 9.2.3 that the 
best, "sweet spot" diffuser design operates within the mild transitory stall regime, 
labeled "some stall" in Figs. 9.21 and 9.22. The flow in this regime periodically 
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Dimensions of AAF engine afterburner mixer + diffuser 
shown in Fig. 9.E9 a 

407 

Station 1 (6A) Station m Station 2 (6.1) 

ro (in.) 15.7 15.7 15.7 
ri (in.) 11.8 5.0 0.0 
rm (in.) 13.75 10.35 7.85 
H (in.) 3.9 10.7 15.7 
A (ft 2) 2.338 4.840 5.378 

aLto = 35.2 in. Ld = 5.0 in. 

separates from both walls, which causes stirring, which in turn enhances the mixing 
of  the co-flowing streams. This suggests that a combined mixer + diffuser might 
be a good idea. However, if design data for such a combined mixer -t- diffuser 
exists, it must be proprietary to the engine manufacturers, as no references could 
be found in the open literature. 

Consequently, for preliminary design purposes, the total pressure losses caused 
by mixing and flow diffusion must be calculated individually, as if the processes of  
mixing and diffusion occurred in axially separate components, whereas in actual 
fact, the mixing and diffusion processes will be combined into a single component. 

9.4.2.2 Diffuser. All of  the design relations for an annular flat-wall + dump 
diffuser were presented in Sec. 9.3.2, in Eqs. (9.122-9.128). Assuming a flat-wall 
diffusion efficiency rio,. = riD9 o = 0.90 and an overall area ratio AR = A6.1/A6A = 

5.378/2.338 = 2.30, Eq. (9.127) gives the optimal area ratio for transition from 
flat-wall to dump diffuser A , . o p  t = (2.338)(0.90)(2.30) = 4.840 ft 2. 

From the annular geometry relations Eqs. (9.122) and (9.123), all of  the dimen- 
sions for the diffuser can be calculated, and are summarized in Table 9.E6. The 
resulting combined mixer + diffuser is drawn to scale in Fig. 9.E9. 

From Eq. (9.128), the combined or overall diffusion efficiency is 0D = 0.903, 
essentially equal to that assumed for the flat-wall section alone. 

A few comments about this design are in order. First, it may seem optimistic to 
assume a diffusion efficiency as high as 0D ---- 0.9, but it must be borne in mind 
that the combined mixer + diffuser has already been assessed a total pressure loss 

station 6A station 6.1 

Fig. 9.E9 Combined mixer + diffuser with dimensions given in Table 9.E6 (to scale). 
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for mixing alone. Secondly, the centerbody length Lm ~ 3 ft may seem somewhat 
long, but one design goal is to provide adequate length for mixing of the core 
gas and bypass air streams, as well as efficient diffusion. Finally, if a worst-case 
diffusion efficiency of  OD = 0.6 were to be assumed, the centerbody length would 
be reduced to Lm "~ 1 ft, just one-third of  the design value! It appears that there 
are some interesting trade-offs to be considered here. 

All properties at station 6.1 can now be calculated, as follows: 
1) At diffuser entry station 1, using values from Table 9.El for station 6A, 

ql = Ptl - P1 = 76.859 - 68.248 = 8.611 psia, 

o r  

ql = ~yP1M~ = 0.5 (1.336) (68.248) (0.4249) 2 = 8.231 psia 

To be conservative, the larger value ql = 8.611 psia will be utilized. 
2) The total pressure loss coefficient, from Eq. (9.66), is 

1 

\ ql / O ql 

( I I  
= 1 (2.50) 2 ( 1 - 0 . 9 0 3 )  = 0.0787 

from which the total pressure at station 6.1 is 

Pt2 = e t l -  ( A e t ~  q l  = 7 6 . 8 5 9 -  0.0787(8.611) = 76.181 psia, 
\ q l  / D  

and the static pressure, from Eqs. (9.62-9.64), is 

( 1 
P2 =- PI -k- 1 -- ~ rlDql = 68.248 + 1 (2.30)z, / 

= 74.538 psia 

and the dynamic pressure is q2 = Pt2 - P 2  = 76.181 - 74.538 = 1.643 psia. 
3) The Mach number at station 6.1 is determined by 

_/2q2 ~1.336(74.538)2(1.643) - 0.1817, M2 = V ~ 2  = 

for which the corresponding velocity is 

gcP2A2M 2 32.174(74.538)(5.378)(144)(0.1817) 2 
U2 - - = 268.19 ft/s 

rn 228.63 

and the stream thrust function at station 6.1 is 

I2 = PzA2(1 + y M  2) = 74.538(5.378)(144)[1 + 1.336(0.1817) 2] = 60,270.7 lbf 

All of  these values are summarized on a new line to be added to the Engine 
Station Test Results sheet of  Table 9.El for station 6.1, given in Table 9.E7. 
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and the corresponding total pressure at station 7 is 

Pt2 = P t l - q l  ( A P t  ~ = 7 6 . 1 7 8 -  1 .643(1 .822)=  73.184 psia 
\ ql ~lAB 

which is above the target value of Pt7 = 73.016 psia. 
Note that this value of Pt7 is for "wet" operation. For "dry" operation, for which 

ZAB = 1.0, the total pressure at station 7 is (PtT)d,-y = 76.178 -- 1.643(0.444) = 
75.448 psia. 

Corrected Engine Station Test Results values for station 7 can now be calculated. 
Recall that only the mass flow rate, ratio of specific heats, and total temperature 
are fixed, and that all other values are "bogeys" which must now be re-calculated 
because of  the larger area and slightly greater total pressure of  the present design. 

This is easily done by calculating the mass flow parameter at station 7, 

MFP'-- th4Ttt _ 2 3 7 . 3 3 ~  = 0.2512 lbm-~/Z-R 
APt 5.378(144)(73.184) s-lbf 

then, using the isentropic flow functions of  the AEDsys program GASTAB, enter 
the values y = 1.300, molecular weight ~28.8  lbrn/lbmol, and the just-calculated 
value of MFP (watch the units !), select subsonic values, and obtain 

A P 
M = 0.2986, - -  = 2.0623, and - -  = 0.9441, 

A* Pt 

from which follows P = 0.9441 (73.184) = 69.093 psia, A* = 5.378/2.0623 = 
2.608 ft 2, 

gcyPAM 2 32.174 (1.300) (69.093) (5.378) (144) (0.2986) 2 
U -  - -  -- = 821.13 ft/s 

rh 237.33 

and 

I = PA(1 + y M  2) = 69.093(5.378)(144)[1 + 1.300(0.2986) 2] = 59,710.0 lbf. 

For designing the thrust nozzle and determining the total thrust of the engine, 
the data for station 7 recorded in Table 9.El must be corrected, as shown by bold 
text in Table 9.E8. 

9.4.2.3 Flameholders.  The next step is to determine how large the vee- 
gutters must be, and how many rows(rings) of vee-gutters there should be. As 
recommended in Sec. 9.3.2, the vee-gutters will be designed with included angle 

Table 9.E8 Corrections to Table 9.El (bold text) for station 7 

Station m dot gamma Pt Tt Press Mach Velocity Area Area* I 
(lbm/s) (psia) (R) (psia) fit/s) (ft 2 ) (ft 2 ) (lbf) 

6A 228.63 1.3360 76.859 1513.71 68.248 0.4249 779.89 2.338 1.536 28516.0 
6.1 228.63 1.3360 76.181 1513.71 74.538 0.1817 268.19 5.378 1.645 60270.7 
AB fuel 8.7033 
7 237.33 1.3000 73.193 3600.00 69.093 0.2986 821.29 5.378 2.608 59710.0 
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2 0 = 30 deg. In the present design, in order to meet the goal value of  total pressure 
loss, a sub-optimal W / H  = 0.4 and corresponding blockage B = D / H  = 0.314 
will be utilized, where D is the lateral dimension or height of  the vee-gutters and 
H is the channel height or "pitch" between vee-gutters. 

Equation (9.134) states that, for W / H  ---- 0.4, H must be greater than 1.042 
times the product of  approach velocity U6.1 and tBo, the residence time at blowout 
in the mixing layer at the edge of  the recirculation bubble. Because U61 has been 
determined from the design of  the afterburner diffuser, the sole task remaining is 
to use the AEDsys chemical kinetics program KINETX to determine tBo. 

Establishing inputs for KINETX requires some rather tedious calculations to 
determine the composition of  the mixture of  core gas combustion products with 
turbine cooling air and fan bypass air. The required steps are: 

1) Find the composition of  combustion products entering the high pressure 
turbine at station 4. This can be done from stoichiometric "complete combustion" 
calculations, because minor or pollutant species have a negligible effect on this 
calculation, or more easily by using either of  the two AEDsys programs EQL 
or KINETX. Either way, the mass-specific mol numbers of  major combustion 
products at station 4 are found to be 

no2 = 4.354 × 10 -3 lbmolsO2/lbmmixture 
nN2 = 2.669 × 10 -2 lbmols N2/lbmmixture 
ni42o = 1.928 x 10 -3 lbmolsH20/lbmmixture 
n¢o2 = 1.780 × 10 -3 lbmols CO2/lbmmixture 

The mass-specific mole numbers at station 16 are those for air alone, 

no2 = 7.098 × 10 -3 lbmols O2/lbmair 
nN2 = 2.669 × 10 -2 lbmols N2/lbm air 

2) From Table 9.El,  the mass flow of  main burner combustion products at 
station 4 is 106.94 Ibm/s, and the sum of the air mass flow rates for both turbine 
cooling and fan bypass is 121.69 lbm/s. The mole numbers in the combined streams 
at stations 6A and 6.1 are therefore calculated to be 

no2 = 5.815 × 10 -3 molsO2/lbmmixture 
nN2 = 2.669 X 10 -2 molsN2/lbmmixture 
ni42o ---- 9.018 x 10 -4 molsH20/ lbmmixture  
ncoz = 8.326 × 10 -4 molsCO2/lbmmixture 

This is the composition of  the gas approaching the flameholders and being 
entrained into the mixing layer at the edge of  the recirculation bubble. 

3) Equations (9.59) and (9.60) show that the mixing layer entrains essentially 
equal amounts of cold gas and hot recirculation products, which corresponds to a 
recirculation ratio RR = 0.5 for input to KINETX. 

4) With the mass flow rate, gas composition, temperature and pressure estab- 
lished at station 6.1, with recirculation ratio RR ---- 0.5, and the afterburner fuel 
mass flow rate as inputs to KINETX,  there results tso ~ 8.5 × 10 -5 s. 

It is now possible to determine the minimum channel height H from Eq. (9.134): 
Hmin = 1.042 (U6.1 tBo) = 1.042 (268.19) (8.5 × 10 -5) = 0.0238 ft x 12 "~ 0.3 in. 
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£ 

Fig. 9.El0 Comparison of afterburner length using two or three rings of vee-gutters 
(to scale). 

For a design blockage of B = 0.314, the corresponding minimum value of 
vee-gutter height is Dmi  n = B n m i n  = 0.314(0.3) ~ 0.1 in. In other words, a ~0.1 
in. vee-gutter would be marginal, operating near extinction or blowout. To ensure 
stable flameholding, operating far away from blowout, both the vee-gutter size D 
and spacing H will have to be significantly larger than the minimum values, while 
maintaining the design ratio B = D/H = 0.314. Typically, using a factor of 10 
to ensure a "significantly larger" margin, the vee-gutter dimension D should be 
greater than 1.0 in. 

The maximum number of vee-gutter tings is determined by dividing the height 
of the total afterburner flow area, H6.1 = 15.7 in., by the minimum vee-gutter 
channel height nmin, and rounding down: [Nvee]max = 15.7/1.0 "-~ 15. As long as 
there are fewer than 15 rings of proportionately sized (B = 0.314) vee-gutters, they 
should perform their flameholding function satisfactorily. The choice of number of 
rings therefore depends on other design considerations such as afterburner length, 
stealth shielding, and structural and manufacturing complexity. 

Figure 9.El0 shows graphically the effect on afterbumer length of two versus 
three tings of afterbumers. Note that, compared to the comparison of one versus 
two tings shown in Fig. 9.41, the effect of more tings of smaller vee-gutters is 
diminished as the number of tings increases. This is because the axial length 
scale reduction goes from 1:2 to 2:3. Bearing in mind the complexity of adding 
as many spray bars and manifolds as vee-gutter tings, there does not appear to 
be a compelling reason to increase the number of vee-gutter rings beyond three 
or four. For the present design, three tings will be satisfactory, for which H = 
15.7/3 = 5.25 in, and D = (0.314)(5.25) = 1.65 in. For this design, the distance 
from the nose of the vee-gutter to where the flame strikes the wall, still assuming 
flame spread at 17 deg for lack of better information, is approximately 20 in. This 
dimension should probably be increased to 24 in or even 30 in, because of our 
imprecise knowledge of the flame spread angle, and of course while respecting 
constraints on axial length as a result of the "packaging" of the entire engine within 
the airframe. 



DESIGN: COMBUSTION SYSTEMS 413 

station 16 

]~ Lm t Ld---~_ 
" ~  station 6.1 

Fig. 9.El1 "No-mix" diffuser for alternative example afterburner design. 

9.4.2.4 Spray bars. Lacking more information or better guidance, three 
rings of spray bars will also be chosen, each spray bar to be located directly 
upstream of each vee-gutter, and tucked back inside the diffuser tailpipe to conserve 
axial space. 

9.4.2.5 Summary. The overall length of the afterburner can now be calcu- 
lated, as the sum of the calculated or estimated lengths of 1) the ducting between 
stations 5 and 6 and between stations 13 and 16, [12 in.]; 2) the combined mixer ÷ 
diffuser + spray bars, [45 in.]; 3) the flameholding and flame spread section, 
[24 in.]; for a total length LAB = 12 + 45 + 24 = 83 in -~7 ft. 

9.4.2.6 Alternate "no-mix" afterburner design. The difficulty of mixing 
the core gas stream with the bypass fan air stream has been emphasized earlier in 
this section. An alternative approach, mentioned in Sec. 9.3.2, is to not try to mix 
the two streams at all, but simply allow them to co-flow through the diffuser, as 
shown in Fig. 9.El 1. 

In this "no-mix'approach, the vee-gutter flameholders would be located at the 
entrance to the "dump" portion of the diffuser, the intermediate station m in 
Fig. 9.E9. If the flameholder were to be located at the end of the tailpipe sec- 
tion, station 6.1, the flow dispersion in the dump section would result in unpre- 
dictable, large-scale stirring between the two streams, as described in Sec. 9.1.5, 
which would defeat the design premise of a two-stage, two-stream "no-mix" 
afterburner. 

It will be assumed that the two streams are separated by a "slip surface" across 
which no mixing occurs. As can be seen from Fig. 9.35 and related estimates 
made earlier in this section, this is not a bad assumption. Because both co-flowing 
streams are subsonic, the static pressure is always matched in both streams, and 
so Eq. (9.64) can be used to find the areas of the two streams at station m in Fig. 
9.E9, as follows: 

A P =  {TlDql(l--~-~)}core:  { t lDql (1- -A~)] fa  n 

The area ratios of the two streams are ARcore : otAm/A6 and ARyan = (1 -or) x 
Am~A16, where ot is the area fraction of the core stream at station m, and where 
Am : 4.840 ft 2 from Table 9.E6. The dynamic pressures in the two streams 
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at entry can be found from the difference between static and total pressures in 
Table 9 .El ,  ql core = (Pt - P ) 6  = 78.129 - 71.533 = 6.596 psia, and qlfan = 

(Pt - P)16 = 83.391 - 71.570 = 11.821 psia. Assuming the diffusion efficiencies 
in the two streams to also be equal, Eq. (9.64) can now be solved to find the core 
stream area fraction u = 0.7963, and the corresponding two areas at station m 
a s  A m  cor e ~-  0.7963(4.840) = 3.854 ft 2, and A m f a n  ~-- (1  - 0.7963)4.840 = 

0.9859 ft 2. From the annular geometry relations Eqs. (9.122), the radius of the 
slip surface dividing the two streams at station m is found to be rslip --  14.2 in., 
so the radial heights of  the two streams are Hm~ore = (14.2 - 5.0) = 9.2 in., and 
H m f a n  = (15.7 - 14.2) = 1.5 in. 

Applying Eq. (9.64) to either stream, and assuming a diffusion efficiency Oi~ = 
0.9, the station pressure at station m is found to be P m =  76.53 psia. 

From mass continuity the corresponding stream velocities at station m are 

A6 1.549 
Urn core = U6 Am co-""~e - -  (770.87) 3.854 --  309.82 ft/s, 

and 

A16 0.719 
Urn fan = U16 ~ n  - -  (677"21)0.9859 --  493.88 ft/s 

and the static temperatures in both streams are essentially equal to their respective 
total temperatures, l isted in Table 9.El  for stations 6 and 16. 

The gas compositions of  the two streams have already been determined earlier in 
this section. With all inputs to the AEDsys software program KINETX now fixed, 
including the design afterburner exit temperature of Tt = 3600°R, the blowout 
residence times in the two streams are found to be tBo core = 1.49 × 10 -4 s and 
tBofan = 7.07 x 10 -5 s, and the required fuel mass flow rates in the two streams 
are rhfcore = 3.331 lbm/s and l~ l f fan  = 5.795 lbm/s. 

Assuming the optimal wake width to channel height ratio W / H  = 0.5, 
Eq. (9.135) gives the minimum channel widths for flameholding for the two 
streams, Hcore > U6 rBOcore = 309.82 (12) (1.49 × 10 -4) ---- 0.55 in., and Hfa, > 
U 1 6  ~'BOfan = 493.88(12)(7.07 × 10 -5) = 0.42 in. The maximum number of vee- 
gutter rings in each stream is determined as before by dividing the radial pas- 
sage height by a safety margin of 10 times the minimum height required for 
flameholding and rounding down, [ N v e e ] c o r e  = 9.2/10(0.55) ~ 1, and [ N v e e ] f a  n = 

1.5/10(0.42) ~ 0. 
For the core stream with a single vee-gutter ring, and with the optimal blockage 

B = 0.417 for a 30 deg included angle vee-gutter, as given by Eq. (9.137), the 
corresponding vee-gutter lateral dimensions are Dcore = 0.417(9.2) = 3.84 in. 
This corresponds to a shear layer residence time ts = n c o r e / U r n c o r e  = 9.2/  
(12) 309.82 = 2.48 × 10 -3 s, which is a comfortable ~ 1 6  times the minimum 
residence time for flameholding, tBocore = 1.49 × 10 -4 s. In the fan stream, 
a single vee-gutter with the same blockage would required a vee-gutter of di- 
mension Dfa, = 0.417 (1.5) = 0.62 in. This gives a shear layer residence time 
ts = Hfa,,/Umfa, = 1.5/(12) 493.88 = 2.53 × 10 -4 s, which is less than ~3 .6  
times the minimum residence time for flameholding, tsofa~ = 7.07 × 10 -5 s. 

There are some problems with this alternative flame stabilization design: 1) The 
required fuel mass flows to achieve the design exit temperature of  Tt = 3600°R 
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Fig. 9.E12 Alternative "no-mix" design arrangement of vee-gutter rings and spokes. 

in both streams add up t o / ' r / f  = 3.331 + 5.795 = 9.126 Ibm/s, nearly 5% greater 
than the fuel flow required for the mixed-stream design, and 2) The 9.2-in. height 
of the core stream is not quite large enough to accommodate two flameholders 
with good stability, so a single, D = 3.8 in. vee-gutter is required, whereas the 
1.5-in. height of the fan stream can accommodate only a single D = 0.625 in. 
vee-gutter, for which the residence time is only a marginal 3.6 times greater than 
the minimum required for flameholding. 

One workaround to the flameholder size problem, used on at least one currently 
operational engine and as illustrated in Fig. 9.E12, is to attach radial spokes of vee- 
gutter shape and lateral dimension great enough to give a residence time 10 times 
the blowout value, Dfa,, = 1.76 in. The spokes can be spaced circumferentially 
with appropriate solidity to maintain the desired blockage B = 0.417 in the fan 
stream. 

However, because the root area of the spokes is in the core stream, the ring 
vee-gutter must be reduced in lateral dimension Dcore to, say, 3 in., to offset the 
core gas blockage of the root area of the spokes. Further complicating this design 
solution, additional inward-protruding spokes must be provided to add back the 
needed blockage in the portion of the core gas stream inboard of the vee-gutter 
ring. 

A stealth variation of this design is to locate the single vee-gutter ring in such a 
way as to hide the moving blades at low-pressure turbine exit, in case the turbine 
blades are not already hidden by ducting as in the present design. 
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10 
Engine Component Design: 
Inlets and Exhaust Nozzles 

10.1 Concept 
The inlet and exhaust nozzles are the two engine components that directly in- 

terface both with the internal airflow and the flow about the aircraft. In fact, the 
integration of the engine and the airframe is one of the most complex and has a 
major impact on the performance of the aircraft system. Many technical books, 
reports, articles, etc., are available in open literature that concentrate on only small 
parts of this major design challenge. This chapter (see also Chapter 6) identifies 
the major design considerations of inlets and exhaust nozzles and presents basic 
design tools for their preliminary sizing and design. 

The results of the preceding engine performance analysis provide a wealth 
of information about the required performance of both the inlet and the exhaust 
nozzle. For example, the inlet area vs both Mach number and altitude can be ob- 
tained from the engine performance (off-design) cycle analysis program of AEDsys 
(see Fig. 6.14). Likewise, the engine airflow at specific partial throttle condi- 
tions (corresponding to cruise, loiter, etc.) and the assumed inlet total pressure 
ratio vs Mach number can be obtained. This design information defines the re- 
quirements of the inlet in terms of total pressure ratio and mass flow rate and its 
preliminary design starts with this information. 

The simplest and most powerful design tool available for preliminary design 
of these components is one-dimensional compressible flow. Both the inlet and 
the exhaust nozzle can be modeled as simple one-dimensional adiabatic flows or 
a series of these flows. The following sections of this chapter present the basic 
principles of operation for each component, the major design considerations, and 
the basic design tools. Starting at the front of the engine, the inlet is considered 
first. 

10.2 Inlets 
10.2.1 Introduction 

The inlet interchanges the organized kinetic and random thermal energies of 
the gas in an essentially adiabatic process. The perfect (no loss) inlet would thus 
correspond to an isentropic process. The inlet works in concert with the compressor 
to give the overall pressure ratio of the engine cycle 

Pt3 Pro Pt2 Pt3 
_ _  _ _  7grTtJd7"(c 

PO PO P.,o P,2 

where ,r, Trd represents the pressure ratio of the inlet (~i = ~rZrd) and ~rc is the 
pressure ratio of the compressor. The inlet may be thought of as a compressor 

419 
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with no moving parts. Thus, by analogy with Eq. (4.9a) or (4.9b), the adiabatic 
efficiency of  the inlet (t/i) can be written as 

7r~ Y - 1 ) / Y  - -  1 rirr~a ×-1)/× - 1 
rli -- -- (10.1) 

zi - 1 ~i - 1 

where "E r = "C i . This expression can be recast in terms of  an inlet polytropic 
efficiency (ei) by using ri = 7r{ Y-1)/(yei). Thus 

In {1 + (ri - 1 ) / ~ / }  In{ riZrd (×-l)/y } y -- 1 In (rrd) 
ei = - -  -- 1 + - -  (10.2) 

In(z/) In(r/)  y In (rr) 

where 

7"(" d = ~dmaxFIRspec (4.12a) 

For supersonic flow below Mach five, military specification MIL-E-5008B gives 

rlRspec = 1.0 - 0.075(M0 - 1) 1'35 (4.12c) 

Using the above equations, the variation of  inlet adiabatic efficiency and equivalent 
polytropic efficiency versus flight Mach number are given in Fig. 10.1. The high 
inlet efficiencies show that the inlet is superior to the mechanical compressor in 

e i 

r/i 

0.95 

0.90 

0.85 

1.0 1.5 2.0 2.5 3.0 3.5 

M0 

Fig. 10.1 Inlet efficiencies ('7 -- 1.4). 
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increasing pressure up to Mach 3.5 (see Table 4.4)--a surprising result, and an 
extremely useful one for supersonic applications. 

The primary purpose of the inlet is to bring the air required by the engine 
from freestream conditions to the conditions required at the entrance of the fan or 
compressor with minimum total pressure loss and flow distortion. The fan or com- 
pressor work best with a uniform flow of air at a Mach number of about 0.5. Also, 
since the installed engine performance depends on the inlet's installation losses 
(additive drag, external forebody or cowl drag, bypass air, boundary layer bleed 
air, etc.), the design of the inlet should minimize these losses. The performance of 
an inlet is related to the following characteristics: high total pressure ratio (red), 
controllable flow matching, good uniformity of flow, low installation drag, good 
starting and stability, low signatures (acoustic, radar, and infrared), and minimum 
weight and cost while meeting life and reliability goals. An inlet's overall perfor- 
mance must be determined by simultaneously evaluating all of these characteristics 
since an improvement in one is often achieved at the expense of another. 

The design and operation of subsonic and supersonic inlets differ considerably 
due to the characteristics of the flow. For the subsonic inlets, near-isentropic internal 
diffusion can easily be achieved and the inlet flow rate adjusts to the demand. The 
internal aerodynamic performance of a supersonic inlet is a major design challenge 
since efficient and stable supersonic diffusion over a wide range of Mach numbers 
is very difficult to achieve. In addition, the supersonic inlet must be able to capture 
its required mass flow rate, which may require variable geometry to minimize 
inlet loss and drag and provide stable operation. Because of these differences, 
the following sections will consider the subsonic and supersonic inlets separately, 
beginning with the subsonic inlet. 

10.2.2 Design ToolswSubsonic Inlets 
Most subsonic aircraft have their engines placed in nacelles and thus this section 

will not deal with the inlet alone, but will include the nacelle. The cross section of 
a typical subsonic inlet and its geometric parameters are shown in Fig. 10.2. The 

Highlight ( h l ) , , x X ~  ~ 

A1 = RD21/4 L ' 

T 

Dfan Dma x 

Fig. 10.2 Subsonic inlet nomenclature. 
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inlet area, A1, is based on the flow cross section at the most upstream opening 
of the inlet, known as the inlet highlight. Because the subsonic inlet can draw 
in airflow whose freestream area (A0) is larger than the inlet area (A1), variable 
inlet geometry is not required (except that blow-in doors are often used to reduce 
installation drag during takeoff). The material in this section on subsonic inlets is 
based on a fixed geometry inlet. 

A list of the major design variables for the inlet/nacelle would include the 
following: 

1) Inlet total pressure ratio and drag at cruise. 
2) Engine location on wing or fuselage (avoidance of foreign object damage, 

inlet flow upwash and downwash, exhaust gas reingestion, ground clearance). 
3) Aircraft attitude envelope (angle of attack, yaw angle, crosswind takeoff). 
4) Inlet total pressure ratio and distortion levels required for engine operation. 
5) Engine-out windmilling airflow and drag (nacelle and engine). 
6) Integration of diffuser and fan flow path contour. 
7) Integration of external nacelle contour with thrust reverser and accessories. 
8) Flowfield interaction between nacelle, pylon, and wing. 
9) Community and/or stealth noise suppression requirements. 
10) Stealth electromagnetic signal suppression requirements {low Radar Cross- 

Section (RCS)}. 
Basic design tools for many of these items will be identified in this section. The 

reader is encouraged to research open literature for a more in-depth analysis of 
any single item. Special attention is drawn to Ref. 1, which is a recently updated 
textbook on the aerodynamics of inlets. The recent developments in stealth have 
impacted inlet design as seen in the application of this technology to new subsonic 
military aircraft (e.g., F-117A Nighthawk stealth fighter and B-2 Spirit stealth 
bomber). 

10.2.2.1 Inlet total pressure ratio (rrd). In the cycle analysis used in the 
preceding chapters, the inlet total pressure ratio (Zrd) was assumed to be constant 
for subsonic inlets and equal to ~dmax (the total pressure ratio due to friction). 
Due to the complexity of the flow, a method will not be presented for calculating 
the inlet total pressure ratio. However, Fig. 10.3 presents attainable Zrd and its 
variation with flight Mach number and corrected engine mass flow. If desired, the 
impact of the varying zrd on engine performance can be estimated using this figure 
in concert with the off-design cycle deck and mission profile. 

10.2.2.2 Inlet sizing--throat diameter ( Dth ). Thediameteratthethroatof 
the subsonic inlet is sized such that the Mach number at this location (based on one- 
dimensional flow) does not exceed 0.8. This will provide some margin for growth 
or error since the one-dimensional Mach number at the throat corresponding to 
actual inlet choke is about 0.9. The maximum corrected engine mass flow that 
the throat must pass will then correspond to this limiting Mach number and the 
diameter is easily calculated using 

k Pto ]max MFP@M = 0.8 
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Fig. 10.3 Typical subsonic inlet total pressure ratio. 2 

which can be expressed in terms of the corrected mass flow as 

Dth=~ 4 ~ t~tco max 
2116 MFP@M = 0.8 

and reduces to 

D t h = 0 . 1 6 3 6 ~  or Dth=l.15OvFA~max (10.3) 

where///c0max has units of Ibm/s, Dth has units of ft, and A~max has units of ft 2. 
Figure 10.4 is a representative output from the engine performance (off-design) 
portion of the AEDsys computer program showing the corrected mass flow for a 
high-bypass ratio turbofan engine with the engine's cruise envelope superimposed. 
A figure like this can be used for selecting the point of maximum corrected mass 
flow that determines the throat diameter (Dzh). 

100 
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8 

Fig. 10.4 
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Typical subsonic engine airflow requirements. 
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Fig. 10.5 Variation in angle of attack. 2 

10.2.2.3 Effect of aircraft attitude and crosswind. During an aircraft's 
flight, the angle of attack of the aircraft can vary substantially, which will change 
the angle of the airflow with respect to the centerline of the engine. The largest 
variations normally occur during the takeoff rotation and landing phases of flight. 
Figure 10.5 shows the variation in angle of attack for a typical subsonic passenger 
aircraft. Note that, during normal operation, the major changes in angle of attack 
occur between 1.2 VSTALL and 1.6 VSrALL. The design of the inlet can compensate 
for this variation in aircraft angle of attack by inclining the face of the nacelle and 
changing the shape of the inlet as shown in Fig. 10.6. Note the difference in shape 
of the inside inlet contour of top and bottom that is required for high angle of attack 
and cruise operation. The incidence of the nacelle face can be estimated 2 using 

Olna c -~ 0.5 deg + 1.4 deg OtA/c(IOw speed aircraft) (10.4a) 

Otnac = 0.5 deg + 1.1 deg OlA/C (high subsonic speed aircraft) (10.4b) 

where OlA/C is the cruise angle of attack for the aircraft. 
The major effect of crosswind is flow separation inside the inlet with the resulting 

flow distortion and possible fan stall. This effect can be reduced by making the 
leading edges on the side of the inlet thicker to minimize flow separation with 
crosswinds. 

The ratio of Dhl/Dth for the top, sides, and bottom of the inlet are influenced by 
takeoff performance, angle of attack capability, and crosswind capability. Design 
values for Dhl/Dth range between 1.10 and 1.16 for conventional takeoff and 
landing subsonic aircraft. 2 

selage Center Line 

_ 0 -  - - -  _ _  

Fig. 10.6 Inclined nacelle face. 
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Run -470 
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(Ae/P)max = 0.167 (AP/P)max = 0.227 

Typical steady-state and dynamic total pressure distortion patterns. 2 Fig. 10.7 

10.2.2.4 Inlet flow distortion. Inlets operated at high angles of flow inci- 
dence are susceptible to flow separation from the inside contour of the inlet. This 
flow separation causes large regions of low total pressure as shown in Fig. 10.7. 
The magnitude of this distortion from the desired uniform flow is measured by the 
term called "inlet distortion" and calculated by 

Inlet Distortion = (Pt max - e t  min)/Pt avg (10.5) 

Both the instantaneous (dynamic) and time-averaged (steady-state) distortion 
levels are used to measure the quality of an inlet's flow. When using Eq. (10.5) for 
calculation of dynamic inlet distortion, the average total pressure in the denomina- 
tor is the spatial average at an instant in time and the maximum and minimum total 
pressures are for that same instant in time. Determination of the steady-state inlet 
distortion requires time averaging of the total pressures in the inlet. The average 
total pressure (Pt avg) of Eq. (10.5) is the spatial average of the time averaged total 
pressures. 

The magnitude of the inlet distortion is a function of the inlet's geometry, mass 
flow rate, flight Mach number, and flow incidence angle. The importance of each 
of these variables on inlet distortion is shown in Figs. 10.8 and 10.9. The effect 
of high distortion is to shift the fan or compressor surge line to values of lower 
pressure ratio and/or higher mass flow rate as shown in Fig. 10.10 (see Sec. 5.3.2). 

10.2.2.5 Inlet drag and engine-out drag. Detailed design of the nacelle 
geometry is beyond the scope of this textbook and this material is included only 
to give a qualitative understanding of several nacelle design issues. The size of 
the nacelle forebody (Dhl/Dmax and L/Dmax) is a design compromise between 
the requirement of low cruise drag and avoiding catastrophes when one or more 
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Fig. 10.10 Effect of inlet distortion on the fan or compressor surge line. 
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Fig. 10.11 Pressure dis tr ibut ion around a subsonic  inlet  l ip. 

engines are out. The nacelle forebody size that gives minimum drag at cruise may 
not give satisfactory engine-out drag. In Chapter 6, the additive drag given by 
Eq. (6.6) was used as a conservative estimate of the inlet drag for engine sizing. 
A portion of the additive drag can be recovered along the forebody portion of the en- 
gine nacelle if the flow does not separate. This is indicated by the suction pressures 
near the lip of the nacelle in Fig. 10.11. The resulting pressure force on the outside of 
the nacelle forebody is called the forebody drag. The sum of the additive drag and 
the forebody drag is called the inlet drag. 

The length ratio of the nacelle forebody (L/Dmax), diameter ratio (Dhl/Dmax), 
and contour influence the freestream Mach number at which the nacelle drag 
increases dramatically due to local areas of supersonic flow (normally called the 
"drag divergence" Mach number, Maa). These effects are shown by the curves in 
Fig. 10.12. For a fixed ratio of engine mass flow freestream area (A0) to nacelle 
maximum area (Amax), an increase in nacelle forebody length (L/Dmax) will in- 
crease the drag divergence Mach number and decrease the required highlight 
diameter of the nacelle (Dhl). Typically, the ratio of Dhl/Dmax is selected to obtain 
a specific drag divergence Mach number for the nacelle forebody while maintain- 
ing a reasonable engine-out (windmilling) drag (this is crucial for twin-engine 
aircraft). 

The inlet spillage drag versus inlet mass flow ratio is shown in Fig. 10.13 for a 
flight Mach number of 0.4. This figure shows the effect of Dhl/Omax o n  the coef- 
ficient of spillage drag, CDsp = Dragsp/qoA1, for typical engine-out operation. 2 
A good estimate of the inlet mass flow ratio (Ao/A1) for engine-out operation 
(windmilling) is 0.3. 

As an example, consider an engine whose cruise Mach number is desired to be 
0.85 using a NACA 1-series contour nacelle with L/Dmax = 1.0. If the designer 
selects Dhl/Drnax = 0.80, then the inlet will have M~a > 0.94 and Ao/Amax -= 0.4 
at cruise (see Fig. 10.12) and Cow < 0.08 at M0 = 0.4 (see Fig. 10.13). 

The influence of engine mass flow, flight Mach number, and nacelle size 
(Dhl/Dmax) o n  inlet drag at cruise is shown in Fig. 10.14. These curves are typi- 
cal of high bypass turbofan engines and based on the correlation of analytical and 
experimental results. 
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10.2.2.6 Nacel le  and  interference drag. The minimum drag for a nacelle 
does not necessarily occur when the inlet is designed for minimum inlet drag at 
cruise. The influence of the afterbody drag, interference drag, and aircraft trim 
drag need to be included in the integration and design of an engine nacelle. The 
inlet and afterbody drag of a typical nacelle is shown in Fig. 10.15 as a function 
of forebody diameter (Dhl/Dmax) and flight Mach number. Note that the design 
value of Dhl/Dmax corresponding to minimum inlet drag does not correspond to 
minimum inlet plus afterbody drag. Also note that the design value of Dhl/Dmax 
corresponding to minimum inlet plus afterbody drag changes with flight Mach 
number. Thus, the selection of Dhl/Dmax for an inlet will depend on the design 
flight Mach Number and may require the compromise of an individual component 
design goal to achieve the best overall system performance. 

The engine location on the wing that provides the best integration of engine and 
airframe depends on the nacelle design, wing design, and resulting interference 
drag. Considerable analytical and experimental work is needed in the design of 
each installation. The resulting difference in best engine location on three aircraft 
is shown in Fig. 10.16. 

10.2.2. 7 Diffuser. Before increased stealth requirements became impor- 
tant, the diffuser curvature and length were based mainly on maintaining the flow 
attached to the inside walls of the inlet and matching the inlet diameter of the engine 
while making allowance for the engine spinner. Figure 9.9 shows the performance 
of typical two-dimensional diffusers. The flow in the three-dimensional diffuser of 
the engine inlet is more complex than that in a two-dimensional diffuser, however, 
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this figure can be used for preliminary conceptual design similar to that of the 
example problem of this textbook. 

In the presence of the adverse pressure gradient existing in diffusers, boundary 
layers tend to separate when they are not re-energized rapidly enough by turbulent 
mixing. Vortex generators can be and are used as mechanical mixing devices to 
supplement the turbulent mixing as shown in Fig. 10.17. By using vortex generators 
together with a short, wide-angle diffuser, it may be possible to have a lower 
total pressure loss than with a long diffuser without vortex generators. Here the 
reduced skin friction losses associated with flow separation are traded against 
vortex generator drag losses. The use of shorter diffusers may also reduce aircraft 
system weight and facilitate engine installation. 

The rotating blades of an engine are a large source of an easily detected reflected 
radar signature. In order to reduce this signature, every effort is used to hide the 

Fig. 10.16 CF6-50 installation on three aircraft (reproduced with permission of the 
General Electric Co.). 
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Fig. 10.17 Vortex generators reenergize a boundary layer. 

engine face from direct (line-of-sight) view and thus reduce reflected radar. A 
serpentine shaped diffuser with radar-absorbing material (RAM) can reduce the 
inlet's signature. Figure 10.18 shows some of the challenges facing designers the 
energy transmission is at least a function of the shape of the duct (e.g., the number 
of reflections) and the wavelength to duct width ratio. The F-117A stealth fighter 
also uses a gridded inlet with 1.5 cm pitch between elements to keep out X-band 
and below radiation (Ref. 3). 

10.2.2.8 Zero flight speed. Foraninletatzeroflightspeed(seeFig. 10.19 
and Sec. 6.2.1), the very sharp curvature of the streamlines around the lip leads to 
flow separation and high internal inlet total pressure losses. The magnitude of the 
total pressure ratio (red) is directly related to the Mach number in the throat (Mth) 
and the ratio of the area of the throat (Ath) to the area of the lip bellmouth (Ab). 
This ratio is plotted in Fig. 10.20 and expressed as 4 

( 1 +  Y - 1  2\  ×~(v-l) I 
2 /(1 red 

N 

{ ( )×'(×-')/ } (--Atk) (10.6) + 1 -  1 +  V-2 1Mr ~ ( l+YMt~)  e x p \ - - ~ b ]  

Auxiliary air inlets are used to keep rea >__ 0.95. Thus a sharp lip inlet will require 
that Mth = 0.285 for red = 0.95. 

10.2.3 Design Tools--Supersonic Inlets 
The supersonic inlet is required to provide the proper quantity and uniformity 

of air to the engine over a wider range of flight conditions than does the subsonic 
inlet. In addition, the nature of supersonic flow makes this inlet more difficult to 
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design and integrate into the airframe. In the material that follows, the major design 
variables of the supersonic inlet are described and preliminary design information 
is provided. A list of the design variables for this inlet would include the following: 

1) Inlet total pressure ratio and installed drag at cruise. 
2) Engine inlet location on wing or fuselage (avoidance of foreign object damage, 

inlet flow upwash and downwash, exhaust gas re-ingestion, ground clearance). 
3) Aircraft attitude envelope (angle of attack, yaw angle, crosswind takeoff). 
4) Inlet total pressure ratio and distortion levels required for engine operation. 
5) Integration of inlet exterior contour to that of the adjacent aircraft surface. 
6) Integration of inlet interior contour with that of the fan or compressor. 

Fig. 10.19 Rounded lip inlet at zero flight speed. 
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Fig. 10.20 Inlet total pressure ratio at zero flight speed. 4 

7) Boundary layer bleed air. 
8) Bypass of excess inlet air. 
9) Community and/or stealth noise suppression requirements. 
10) Stealth electromagnetic signal suppression requirements {low Radar Cross- 

Section (RCS)}. 
The study of supersonic inlets is not new and many excellent books and re- 

ports have been written for the benefit of students and practicing professionals 
(see Refs. 1-16). Special attention is drawn to Ref. 1, a recently updated textbook 
that covers the aerodynamics of inlets. The recent developments in stealth have 
impacted inlet design as seen in the application of this technology to new super- 
sonic military aircraft (e.g., F/A-18E/F Super Homet, F-22 Raptor, and F-35 Joint 
Strike Fighter). 

The GASTAB program included with this text can calculate the change in prop- 
erties across the shocks (normal, oblique, and multiple oblique) that may be present 
in any of these inlets. 

10.2.3.1 Inlet types. As discussed in Sec. 6.2.2, supersonic inlets are clas- 
sified into three basic types, characterized by the location of the supersonic com- 
pression wave system. These three types are internal compression, external com- 
pression, and mixed compression. 

Internalcompression inlet. The internal compression inlet shown in Fig. 10.21 a 
achieves compression through a series of internal oblique shock waves followed 
by a terminal normal shock positioned downstream of the throat (its stable loca- 
tion). This type of inlet requires variable throat area to allow the inlet to swallow 
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Fig.  10.21 Internal c o m p r e s s i o n  inlet:  a) normal operation; b) unstarted inlet; 
c) inlet starting. 

the normal shock (during starting). Fast reaction bypass doors are also required 
downstream of the throat to permit proper positioning of the normal shock under 
varying flight and engine conditions. 

Figure 10.21a shows an internal compression inlet with an area contraction 
ratio (A1/Ath) of 2.56 (corresponding to M1 = 2.5 and Mth = 1.2) operating at 
design. With the terminal normal shock positioned downstream of the throat for 
stable operation, where the Mach number is 1.3, this inlet's ideal (ignoring oblique 
shock wave and friction) total pressure ratio (total pressure recovery, r/n) corre- 
sponds to that across a normal shock at a Mach number of  1.3 or OR = 0.9794 when 
y = 1.4. Reduction in the flight Mach number to 2.47 or movement  of  the terminal 
shock to the throat (which is an unstable location) will cause the total internal flow 
pattern to be completely disrupted (inlet unstarting), followed by formation of a 
normal shock ahead of the inlet and its associated low total pressure ratio (about 
0.52), reduced mass flow through the inlet, high spillage drag, and possible engine 
flameout. The unstarted inlet is shown in Fig. 10.2lb. This unstarted condition 
of the inlet can also be achieved by bringing the freestream Mach number from 
subsonic up to 2.5 without changing the throat area sufficiently to start the inlet 
(swallow the normal shock). 

Starting of the inlet can be achieved when the area of  the throat (flow is choked 
at the throat) is made large enough for the normal shock to move back and touch 
the inlet lip (critical operation), as shown in Fig. 10.21c. The ratio of the throat 
area required to start the inlet (Aths) to the throat area required at normal operation 
(Athr, corresponding to Mth = 1.2) is obtained from basic one-dimensional flow, 
is plotted in Fig. 10.22, and can be expressed as 

Ath s 1 
= (10.7) 

Athr 1.030(Pty/Ptx)Mo 
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where 1.030 is the value of A/A* corresponding to Mth = 1.2 and (Pty/Ptx)M ° 
is the total pressure ratio across a normal shock with upstream Mach number of 
M0. As can be seen in Fig. 10.22, the internal compression inlet has a large throat 
area variation required to start the inlet at Mach numbers greater than two. For 
example, the throat area required to start an inlet at a Mach number of 2.4 is about 
1.8 times the throat area required for normal operation. This large area variation, 
the problem of inlet unstart, the poor performance at angles of attack, and many 
other issues have led to the demise of the internal compression inlet. Many experts 
do not include it as a useful type of inlet and leave its analysis to purely academic 
textbooks. It is included here to help bridge the gap between the practical and 
academic worlds. 

External compression inlet. The compression of the external compression inlet 
(Fig. 10.23) is achieved through either one or a series of oblique shocks followed 
by a normal shock or simply through one normal shock. As shown in Fig. 10.23, 
Aoi, AO, AObl, and Aob p are the freestream tube areas containing the inlet, engine, 
boundary layer bleed, and bypass airflows, respectively. 

The external compression inlet that achieves compression through only a single 
normal shock is called a "pitot inlet" or "normal shock inlet" and is shown in 
Fig. 10.24. The pitot inlet is simple, short, lightweight, and inexpensive. The 
total pressure recovery (OR) of this inlet corresponds to the total pressure ratio 
across a normal shock shown in Fig. 10.25 by the solid line. When compared with 
the MIL-E-5008B recovery (OR~pec) shown by the dashed line, the total pressure 
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f - , , . . . - - -  / /  
,_____ ---'~__-_: . . . . . .  
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Fig. 10.23 External  compress ion inlet  and flow areas. 
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recovery of this inlet is acceptable only for flight Mach numbers up to about 1.6. 
Above this Mach number, the total pressure recovery of the inlet is too low and 
another, more efficient inlet design must be used. 

Ideal operation of the pitot inlet is at the critical state (shock touching lip of 
inlet). At this operating state, the drag of the inlet is associated mainly with the 
loss in momentum of the excess air captured by the inlet that must be bypassed 
as shown in Fig. 10.26. Equating the drag of the bypassed air to its loss in axial 
momentum as was done in Sec. 6.2.2 but now including the exit flow angularity 
yields 

M e /1  + ( y - 1 ) M 2 / 2 1  Dragbp = rhbp ( V 0 -  Vecos4,) = thbpVo 1-cos4,-77-,  ,/]MoV 
gc gc + (y 1)Me2/2 J 

When this is written in terms of a drag coefficient based on the inlet capture area 
(A1), the following expression is obtained: 

Dragbp Aobp[ --~oo~ I+(Y-1)M~/211)M~/2J -- - -  -- 2 1 -- cos 4' ~ .  (10.8) CDbp qoAl A1 1 + (y 
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Fig. 10.25 
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where Aobp/A1 is equal to the mass flow ratio of bypassed air to total inlet airflow 
(rhbp/rhl). Equation (10.8) is plotted in Fig. 10.27 vs M0 for Me = 1 and ~p = 0 deg, 
the same conditions assumed in the development of Eq. (6.8). 

The external compression inlet with one or more oblique shocks (Fig. 10.23) 
has its inlet throat at or very near the cowl leading edge. Desired operation of 
this inlet is with the normal shock positioned at or very near the cowl lip (critical 
operation). 

The total pressure recovery (0R) across n oblique shocks of equal strength 
(same total pressure ratio) followed by a normal shock is shown by solid lines in 
Fig. 10.28 (n = 0 corresponds to a normal shock wave). The total pressure recovery 
of MIL-E-5008B is drawn as a dashed line. Increasing the number of oblique shocks 
increases OR for any given freestream Mach number. However, the ramp of the 
extemal compression inlet turns the flow away from the axial direction and thus 
the subsonic diffuser duct must turn back the flow to the axial direction, which 
may add weight, length, and friction loss to the inlet. Figure 10.29 shows the total 
turning angle of an external compression shock system that attains the total pressure 
recovery of MIL-E-5008B (0R spec in Fig. 10.28) as a function of freestream Mach 
number. As the freestream Mach number increases, the total shock turning angle 
of the external ramp increases, resulting in increases in cowl angle and cowl drag 
(see Sec. 6.2.2). External compression inlets can maintain acceptable total pressure 
ratio and cowl drag up to a flight Mach number of about 2.5. 

Fig. 10.27 
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Fig. 10.30 Two-dimensional mixed compression inlet. 

M i x e d  c o m p r e s s i o n  i n l e t .  At flight Mach numbers above 2.5, the mixed com- 
pression inlet is used to obtain an acceptable total pressure ratio (utilizing the 
required number of oblique shocks) while obtaining acceptable cowl drag. The 
mixed compression inlet is more complex, heavier, and costlier than the external 
compression inlet. The typical mixed compression inlet (Figs. 10.30 and 10.31) 
achieves compression through the external oblique shocks, the internal reflected 
oblique shocks, and the terminal normal shock. The ideal location of the nor- 
mal shock is just downstream of the inlet throat to minimize total pressure loss 
while maintaining a stable operating location of this shock. Similar to the internal 
compression inlet, the mixed compression inlet requires both fast reacting bypass 
doors (to maintain the normal shock in a stable location) and variable throat area 
(to allow the inlet to start by swallowing the normal shock). However, the variation 
in inlet throat area of the mixed compression inlet is considerably less than that of 
the internal compression inlet because of the mixed compression inlet's external 
oblique shock system. 

Supersonic inlets can also be classified further as two-dimensional (rectangular) 
and axisymmetric (circular or a portion of a circle). Figure 10.31 shows a typi- 
cal axisymmetric mixed compression inlet, whereas Fig. 10.30 shows a typical 
two-dimensional mixed compression inlet. Axisymmetric inlets have a slight ad- 
vantage over two-dimensional inlets with respect to weight and total pressure ratio. 
However, the two-dimensional inlets have an advantage in design simplicity and 
in providing a larger variation in inlet airflow. Furthermore, axisymmetric inlets 
have the added design problem of getting sufficient boundary layer bleed air out 
from the centerbody through the support struts. 
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Fig. 10.31 Axisymmetric mixed compression inlet. 
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The improved performance of variable geometry mixed compression inlets and 
external compression inlets at high Mach numbers comes with some reduced 
performance at low supersonic Mach numbers due to the increased frictional losses. 
Figures 10.32 and 10.33 show the inlet total pressure ratios of past and current 
aircraft and the Supersonic Transport (SST) model. Note in Fig. 10.33, the reduced 
total pressure ratio of the complex SST mixed compression inlet at subsonic and 
low supersonic Mach numbers when compared to the simple pitot intake. The 
message of these two figures is that a supersonic inlet can be designed for good 
performance at supersonic or subsonic flight Mach numbers, but not at both. 

10.2.3.2 Totalpressure recovery(~lR). In the engine cycle analysis of this 
textbook, the total pressure recovery of the shock system for the supersonic inlet 
was estimated by 

rlespec = 1 - 0.075 (M0 - 1) 1'35 for 1 < Mo < 5 (4.12c) 

800 
TIRspec - -  M~ + 935 for 5 < M0 (4.12d) 

the ram recovery of military specification MIL-E-5008B. This design inlet total 
pressure recovery has been added to Fig. 10.28 to give Fig. 10.34, a very useful 
design tool for selection of inlet type and preliminary number of oblique shocks 
required. As an example, consider an inlet for flight at a Mach number of 2.5. 
Equation (4.12c) or Fig. 10.34 gives an allowable total pressure recovery for the 
shock system of 0.87. Figure 10.34 shows that more than two oblique shocks of 
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Example  external  compress ion inlet: a) on-design operation; b) off-design 

equal strength followed by a normal shock are required. The required total pressure 
recovery can be obtained by an external compression inlet with three oblique shocks 
or a mixed compression inlet. 

The total pressure recovery of the general external compression inlet shown in 
Fig. 10.35 can be determined using the normal and oblique shock equations/tables 9. 
The total pressure ratio across a normal shock can be calculated using 

~--,-x / 2?/ M2 y -  1 -U(×-l) 
E2x - 1 2 ~:s--u2 / × + 1 x ~ T  ~ (10.9~ 

- -  2 *'*x 

where Mx is the upstream Mach number and the downstream Mach number (My) 
is calculated using 

I M~+ r-2_ 1 
M y  = ~-~_~M~ - 1 (10.10~ 

For oblique shocks, the total pressure ratio is calculated using Eq. (10.9) with 
Mx replaced by M1 sin fl, where M1 is the upstream Mach number and fl is the 
angle of the oblique shock with respect to the upstream velocity (see Fig. 10.35). 
The downstream Mach number (M2) is calculated using Eq. (10.10) with My 
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replaced by Me sin (/3 - 0), where 0 is the ramp angle. The angles/3 and 0 and 
upstream Mach number M1 are related by 

tan(fl - 0) = ~ + ~ (M1 sin/3) 2 (M~ sin /3 cos /3) 

which can be solved for the ramp angle (0) to give 

tan 0 = 2ctn/3 (M2sin2/3-  1) (10.11) 
2 + m~o' + 1 - 2 sin 2 13) 

Two limiting values of ramp angle occur9: the ramp angle (0") leading to M2 = 1 
and the maximum ramp angle (0max) for which an oblique shock solution exists. 
The corresponding values of oblique shock angle (/3) are given by 

(si n2/3)0 . . . .  = 

(y + 1)M12 - 4ff(y + 1){(y + 1)M 4 + 8(y - 1)M 2 + 16} 

4yM~ 
(10.12a) 

(~, + 1)M~ - (3 - y)V/(y + 1){(y+l )M 4 - 2(3 - y)M~ + y + 9} 
(sin 2/3)o* = 4yMl 2 

(10.12b) 
and the ramp angle (0) calculated using Eq. (10.11). 

The GASTAB program included with this textbook as a part of the AEDsys 
software can perform these calculations for normal and oblique shocks plus many 
others (e.g., multiple oblique shocks and conical shocks). 

Example 10.1 External Compression Inlet (Part I) 
Applying the normal and oblique shock equations to the external compression 

inlet of Fig. 10.35 with Oa = Ob = 5 deg yields the results tabulated in Table 10.1 
and plotted in Fig. 10.36. The total pressure recovery (OR) of the inlet is the 
product of the total pressure ratio across every shock. This inlet's OR exceeds the 
total pressure recovery of MIL-E-5008B (ORspec) at 1.7M (0.9654 vs 0.9537) but 
not at 1.8M (0.9396 vs 0.9445). These results can also be obtained easily using 
the INLET computer program included with AEDsys. 

Note that for M0 between 1.26 and 1.42, the second oblique shock becomes 
the terminal normal shock because its ramp angle (Ob) is larger than 0 m a  x for Ma 
between 1.238 and 1.023. Likewise, the first oblique shock becomes the terminal 
normal shock for M0 between 1.23 and 1.0. Also note that the total pressure 
recovery goes through local maxima and minima as these oblique shocks become 
normal shocks. 

10.2.3.3 Mass flow characteristics. The inlet mass flow ratio is defined 
as the ratio of the actual mass flow rate of the inlet (rhi) to the mass flow rate that 
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Table 10.1 Example 10.1: External compression inlet of Fig. 10.35 with 
Oa = Ob = 5 deg  

Mo ~° P,°/P~o Mo ~b P,b/ P,o Mb P,o/ P,b ~R 

2.00 34.30 0.9979 1.821 37.95 0.9982 1.649 0.8765 0.8731 
1.95 35.23 0.9980 1.773 39.09 0.9983 1.602 0.8945 0.8912 
1.90 36.23 0.9981 1.725 40.34 0.9983 1.554 0.9117 0.9084 
1.85 37.30 0.9982 1.677 41.70 0.9984 1.506 0.9278 0.9246 

1.80 38.44 0.9982 1.628 43.19 0.9984 1 . 4 5 7  0.9428 0.9396 
1.75 39.68 0.9983 1.579 44.84 0.9985 1.407 0.9563 0.9533 
1.70 41.03 0.9984 1.529 46.69 0.9985 1.356 0.9684 0.9654 
1.65 42.50 0.9984 1.480 48.78 0.9985 1.303 0 9788 0.9758 

1.60 44.11 0.9985 1.429 5 1 . 2 1  0.9985 1 . 2 4 8  0.9873 0.9842 
1.55 45.89 0.9985 1.378 54.11 0.9984 1.190 0.9937 0.9906 
1.50 47.89 0.9985 1.325 57.77 0.9982 1 . 1 2 5  0.9980 0.9947 
1.45 50.16 0.9985 1.272 63.05 0 9976 1 . 0 4 5  0.9999 0.9960 
1.44 50.65 0.9985 1.261 64.59 0.9973 1.024 1.0000 0.9958 
1.43 51.16 0.9985 1.250 66.59 0.9969 0.9974 1.0000 0.9953 
1.42 51.68 0.9984 1.238 90 0.9886 0.8223 1.0000 0.9870 
1.41 52.22 0.9984 1.227 90 0.9899 0.8289 1.0000 0.9884 

1.40 52.78 0.9984 1.216 90 0.9912 0.8357 1 .0000  0.9896 
1.35 55.93 0.9983 1.156 90 0.9963 0.8739 1.0000 0.9946 
1.30 59.96 0.9980 1.090 90 0.9992 0.9230 1.0000 0.9972 
1.29 60.95 0.9979 1.075 90 0.9995 0.9352 1.0000 0.9974 
1.28 62.04 0.9977 1.059 90 0.9998 0.9486 1 .0000  0.9975 
1.27 63.26 0.9976 1.042 90 0.9999 0.9639 1 .0000  0.9975 
1.26 64.69 0.9973 1.023 90 1.0000 0.9819 1.0000 0.9973 
1.25 66.50 0.9969 0.9986 0 1.0000 0.9986 1 .0000  0.9969 
1.24 69.90 0.9957 0.9553 0 1.0000 0.9553 1.0000 0.9957 
1.23 90 0.9896 0.8272 0 1.0000 0.8272 1 .0000  0.9896 
1.22 90 0.9907 0.8332 0 1.0000 0.8332 1.0000 0.9907 
1.21 90 0.9918 0.8392 0 1.0000 0.8392 1.0000 0.9918 

1.20 90 0.9928 0.8454 0 1.0000 0.8454 1.0000 0.9928 
1.15 90 0.9967 0.8784 0 1.0000 0.8784 1 .0000  0.9967 
1.10 90 0.9989 0.9153 0 1.0000 0.9153 1.0000 0.9989 
1.05 90 0.9999 0.9568 0 1.0000 0.9568 1.0000 0.9999 
1.00 1.0000 1.0000 0 1.0000 1.0000 1.0000 1.0000 
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Fig. 10.36 Tota l  p r e s s u r e  recovery of Example 10.1--external compression inlet o f  

Fig. 10.35 with Oa = Ob = 5 deg .  

could be captured (tn l) by the geometrical opening A1 of  the inlet i f  the freestream 
flow were undisturbed (see Fig. 10.37). From the conservation of  mass equation 

171i po VoAoi Aoi 
- -  (10.13) 

17t l po Vo A1 A1 

which is the inlet area ratio. Thus the inlet mass flow ratio and the inlet area ratio 
are used interchangeably. The difference between/~t 1 and/Tt i is the air that is spilled 
around the inlet. The engine mass flow ratio is defined, similarly to that of  the inlet, 
as the ratio of  the required engine mass flow rate (rh0) to the mass flow rate that 
the inlet could capture (rhl) or 

r'no po VoAo Ao 
- -  - -  - -  (10.14) 

ml poVoA1 A1 

/ /  Bypass 
/ / / Spilled airf loV 

AObp / / ~ airflow 
/ /__ ~ / / /  

/ / ; Diffuser rh] / / ~ , 
/ 

) A1 Aoi A o / / ', . . . . .  rn 0 

l N,~ Bleeds 

Aobl 

Fig.  10 .37  E x t e r n a l  c o m p r e s s i o n  i n l e t  o p e r a t i n g  at  its  c r i t i c a l  c o n d i t i o n .  
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Fig. 10.38 Subcritical inlet operation. 

The difference between rhi and rh0 is the air that enters the inlet but is removed 
through boundary layer bleed, the bypass system, or the secondary air system. 

When the inlet can accept the mass flow rate of  air required to position the 
terminal shock just inside the cowl lip, as shown in Fig. 10.37 ("critical" operation), 
the fraction of  air spilled around the inlet is a minimum and the inlet is said to be 
"matched" to the engine. When the inlet is not matched, as shown in Fig. 10.38, 
the normal shock moves upstream ("subcritical" operation) and the fraction of  air 
spilled is increased. This increase in air spillage has associated with it an increase 
in "spillage drag," drag due to the change in momentum of the spilled air and the 
pressure forces on its streamtube. 

When the inlet cannot capture the mass flow rate required by the engine and 
the other systems, the terminal normal shock is sucked down into the diffuser 
("supercritical" operation), as shown in Fig. 10.39, which strengthens the shock 
and increases the corrected mass flow rate to the engine. At a specific operating 
point on the fan or compressor map, the engine operates as a constant corrected 
mass flow device. Thus, when the inlet cannot provide the required corrected mass 
flow rate at "critical" operation, the engine causes "supercritical" operation and 
attains the required corrected mass flow rate. Note that "supercritical" operation has 
a lower inlet total pressure recovery associated with it and thus a reduction in engine 
performance (lower thrust and higher specific fuel consumption). "Supercritical" 
operation of  the inlet is to be avoided when possible because of  the poor engine 
performance. 

A common way of  presenting the mass flow rate characteristics of  an inlet is 
through a map of  the total pressure recovery vs the inlet mass flow ratio as shown 
in Fig. 10.40. The performance of a typical external compression inlet is presented 

I f  

t 

/ / 
/ / ~ Spilled airflow 

/ / 
/ / t 

/._. ~ 4-- ~ ,~......~Normal shock 
/ / 

/ / I Diffuser / / 

Fig. 10.39 Supercritical inlet operation. 
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Fig. 10.40 External  compression inlet performance characteristics.  

in Fig. 10.40 for a specific freestream Mach number. The "critical" operation point 
and the "subcritical" and "supercritical" operating regimes are also shown on this 
figure. 

The engine mass flow ratio (rh0/rhl) can be expressed in terms of corrected 
mass flow rates and the inlet recovery as 

mo m~o Ptl moo 
. . . .  r/R (10.15) 

?i'll ~'tel Pt0 t~tcl 

where rhc0 is the corrected mass flow rate of the engine and ?~'tcl is the corrected 
mass flow rate based on the capture area, a constant for fixed capture area A1 and 
flight condition. Variation in the engine corrected mass flow rate (rhc0) due to a 
change in engine throttle can be presented on the inlet mass flow map of Fig 10.40 
for the case where the boundary layer bleed and bypass flows are essentially 
constant. A line of constant the0 is shown on Fig. 10.40 along with the direction 
of change of slope due to increasing rhc0. When the engine's requirement for air 
decreases below that required for "critical" inlet operation, the inlet operating point 
moves into the "subcritical" region as the engine mass flow ratio decreases and the 
fraction of air spilled increases. When the engine's requirement for air increases 
above that required for "critical" operation, the inlet operating point moves into 
the "supercritical" region as the engine mass flow ratio remains constant and the 
total pressure recovery of the inlet decreases with the strengthening of the terminal 
normal shock in the diffuser. 

Two supersonic flow phenomena associated with the stability of the shock struc- 
ture in external and mixed compression inlets require consideration at this point. 
One is called inlet "buzz" and the other is associated with the location of the 
terminal normal shock. 
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Fig. 10.41 Condition leading to inlet "buzz"  

"Buzz" is a low-frequency, high-amplitude pressure oscillation that is linked to 
shock/boundary layer and/or shock/shock interaction at relatively low inlet mass 
flow ratio. As an example of a flow condition leading to inlet buzz, consider 
the external compression inlet of Fig. 10.41. When this inlet is operated in the 
"subcriticar' regime, the terminal normal shock will impinge on the boundary 
layer formed along the wall of the ramp causing the boundary layer to separate. 
If the separated boundary layer produces a large enough low-velocity flow region, 
the inlet will choke, reducing the inlet mass flow rate and moving the normal shock 
forward along the ramp. The boundary layer at this forward location is thinner, 
its separated flow region does not choke the inlet, and thus the inlet mass flow 
increases, moving the normal shock back up the ramp toward its original location, 
to be repeated again and again--creating buzz. When "buzz" occurs on a mixed 
compression inlet, the inlet will unstart and engine flameout is possible. 

The stability of the terminal normal shock in a mixed compression inlet is im- 
portant when operating the inlet near its design point. Design for stability of the 
terminal normal shock requires that the need for higher total pressure recovery be 
compromised and the design throat Mach number be 1.2 with the normal shock 
positioned downstream where the Mach number is 1.3. Thus, the mixed compres- 
sion inlet is designed to operate in the "supercritical" regime. When the engine 
needs less air than provided by this inlet, the excess air must bypass the engine 
to maintain the terminal normal shock at its stable location and prevent the inlet 
from "unstarting" (expelling the normal shock). When the engine wants more air 
than the inlet can provide, the terminal normal shock is drawn downstream into 
the diffuser, strengthening the shock and increasing corrected mass flow rate to 
the engine. When the normal shock is drawn downstream into the diffuser, flow 
separation and flow distortion become dominant design considerations. To limit 
this problem, the inlet needs to be designed to provide the required engine mass 
flow rate with the terminal normal shock positioned where the Mach number in 
the diffuser is 1.3. 

The total pressure recovery vs mass flow ratio of a typical mixed compression 
inlet is shown in Fig. 10.42. Note that this inlet has a much smaller allowable 
variation in mass flow ratio before onset of buzz than does the external compression 
inlet of Fig. 10.40. This reduction in the range for inlet mass flow ratio (rhi/rhl) 
corresponds to a larger change in the amount of inlet air that is required to be 
bypassed (r~lbp) to prevent buzz (maintain #/i//#/1 above stability limit), with a 
corresponding smaller variation in the amount of air that is spilled (Ref. 1). 
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10.2.3.4 Boundary layer controL Boundarylayercontrolisamajordesign 
consideration in the design of supersonic inlets. The boundary layer will build up 
on the external compression surfaces of external and mixed compression inlets as 
well as on the internal duct surfaces. Since there is an adverse pressure gradient 
in a supersonic inlet (static pressure rises in the direction of flow), the boundary 
layer is susceptible to separation when this pressure gradient is too severe, as can 
be the case when the inlet is made very short or when a shock wave interacts with 
a boundary layer. Figure 10.43 shows normal shock/boundary layer interaction 
without and with wall suction. If the boundary layer is thick where the shock 
interacts, then separation of the boundary layer will occur with a resulting degra- 
dation in the uniformity of flow to the engine. For a mixed compression inlet, 
shock/boundary layer interaction can lead to inlet "unstarting." To prevent these 
problems, active boundary layer bleed systems are used to remove most of the 
boundary layer just prior to the region(s) where interaction(s) with shocks will 
occur. Both slot and porous plate bleed methods are used, as shown in Fig. 10.44. 
The porous plate method is used for regions where the interaction area can move 
about, as can be the case for the terminal normal shock for both external and mixed 
compression inlets and shock wave reflection in mixed compression inlets. 

The boundary layer bleed air requirement is mainly a function of the type of 
inlet and its design Mach number. Figure 10.45 shows the typical bleed mass flow 
ratio (rhbl/~nl = Aobt/A1) requirements. This figure is very useful in preliminary 
design of an inlet. Note that the mixed compression inlet requires about twice 
the bleed air as that needed for an external compression inlet due mainly to the 
increased number of bleeds required for the mixed compression inlet. 

10.2.3.5 Inlet design and sizing. The design and sizing of a supersonic 
inlet is considerably more difficult than that of the subsonic inlet (see Sec. 10.2.2) 
due mainly to the differences in the nature of supersonic and subsonic flows. 
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Fig. 10.43 Shock/boundary layer interaction: a) without wall suction; b) with wall 
suction. 
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Fig. 10.44 Boundary layer bleed methods: a) slot bleed; b) porous bleed. 
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Fig. 10.46 Chapter 6 inlet airflow performance. 

The supersonic inlet is designed to operate at both subsonic and supersonic flight 
Mach numbers. The capture and throat areas of the inlet must be large enough not to 
choke the airflow required by the engine, while providing for the bypass, boundary 
layer bleed, and auxiliary air systems. For supersonic flight conditions, the inlet's 
capture area (A1) is sized to capture the required airflow. Since this airflow varies 
with both flight Mach number and engine throttle setting, variable geometry inlet 
design is sometimes needed to meet the total pressure recovery goal of military 
specification MIL-E-5008B and/or keep the installation losses low (spillage drag 
and/or bypass air drag). 

10.2.3.6 Inletpefformance model  The model supersonic inlet of Fig. 6.4 
consists of an external compression inlet with fixed capture area and variable 
geometry such that the inlet's shocks converge at the outer lip (see Fig. 10.35a). 
As a result the inlet mass flow ratio (Aoi/A1) has a constant value of unity. The 
airflow performance of this variable inlet is shown in Fig. 10.46 along with the 
required inlet airflow. The difference between the inlet mass flow ratio and the 
inlet's required mass flow ratio is the "excess air" that enters the inlet and must 
bypass the engine. The drag associated with the change in momentum of this excess 
air was used in Chapter 6 to estimate the inlet installation loss ((9inlet). This was 
a conservative estimate since the installation loss can be reduced by changing the 
inlet capture area and by operating with some spillage and its associated drag as 
shown in Fig. 10.47. 

10.2.3.7 Required inlet airflow. Therequiredvaluesofengineairflow(rh0) 
and the corresponding values of freestream area (A0) calculated by the parametric 
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(on-design) and performance (off-design) analyses of this textbook and the com- 
puter programs ONX and AEDsys are based on the total pressure recovery given 
by military specification MIL-E-5008B where 

ORspec = 1 for M0 < 1 (4.12b) 

ORspec = 1 -- 0.075(M0 - 1) L35 for 1 < M0 < 5 (4.12c) 

800 
ORspec M04 + 935 for 5 < M0 (4.12d) 

This same reference inlet total pressure recovery is used by many others. 
Note: Since the total pressure recovery 0R of an inlet design may be different 

than ORspec, the required values of engine airflow rh0 and the corresponding values 
of freestream area A0 will be different from those calculated in the engine per- 
formance analyses. Thus the values of rh0 and A0 determined by using the total 
pressure recovery of Eq. (4.14) will be referred to as rn 0 spec and Ao spec, respectively, 
from this point on. 

Inlet design and sizing begins with an analysis of its airflow requirements. 
Figure 10.48 shows the variation in inlet airflow requirements from engine per- 
formance analyses Aospe c with flight Mach number and altitude for a typical su- 
personic engine. Variable boundary layer bleed (see Fig. 10.45) and safety margin 
of 4% have been added to the maximum full-throttle engine airflow to obtain the 
required inlet airflow Aoispec. 

The engine airflow requirements (rh0, A0) for any arbitrary inlet design 0R Can 
be estimated based on the engine airflow requirements (rhospec, Aospec) obtained 
using the original inlet total pressure recovery OR wet. Since the engine operates as 
essentially a constant corrected mass flow device (rhc2 = constant) when throttle 
and flight conditions are constant, then the required engine airflow rn0 for a specific 
inlet design 0R can be determined from required engine airflow data (rno,pe¢, Ao ~pec) 
based on a reference inlet total pressure recovery OR spec using 

rno A0 OR 
. . . . .  (10.16) 
/nospec Aospec  ORspec 
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Fig. 10.48 Airflow requirements. 

Likewise for the inlet airflow area 

Aoi OR 
- - -  ( 1 0 . 1 7 )  

Aoi spec T] R spec 

10.2.3.8 Inlet mass flow. Preliminary inlet design and sizing requires 
the performance analysis of candidate designs. The previous material on total 
pressure recovery presented the tools for estimating the total pressure recovery of 
an inlet (OR), and the tools for estimating the inlet mass flow ratio (Aoi/A1) are 
presented below. 

Consider the generalized extemal compression inlet of Fig. 10.49 with capture 
area A1 and area As at location s. The inlet mass flow ratio can be written as 

Aoi Aoi As 
- -  - -  ( 1 0 . 1 8 a )  

A1 As A1 

where As/A1 is determined by the geometry of the inlet. The shock system deter- 
mines the area ratio Aoi/As as follows. Conservation of mass gives 

/~ / i  "~- /~ / s  o r  poVoAoi = psVsAs 

T 
A1 

T / ~ I / I \ Diffuser 
/ /  I As 

Aoi / Shock system I ~ 2 
/ I k___ / /  I 

/ ~ ~ 

Fig. 10.49 External compression inlet. 
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thus 

Aoi Ps Vs 
As Po Vo 

and, for adiabatic flow in the inlet, the ratio of density times velocity in the above 
equation can be written in terms of the total pressure ratio and the Mach numbers 
using the mass flow parameter [see Eq. (1.3)] as 

Aoi psVs Pt~ MFP(Ms) Pts [A/A*]M o 
A~ poVo Pro MFP(Mo) Pro [A/A*]M~ 

(10.18b) 

where A/A* is the isentropic area ratio defined for a calorically perfect gas as 

y+l  

A -- 1 { ~ + I ( I + Y - I M 2 ) } 2 ( Y l )  (10.19) 
A* M 2 

A/A* is tabulated in many gas dynamics textbooks and is available in the gas 
tables program (GASTAB) included within the AEDsys software package. Equa- 
tions (10.18a) and (10.18b) provide the tools to estimate the inlet mass flow ratio 
(Aoi/A1) of an inlet. The area ratio (As~A1) is a geometric function of the inlet 
design, whereas the area ratio (Aoi/As) is a function of the flow properties at 
stations 0 and s.The previous section on total pressure recovery presented the an- 
alytical tools for determining both Ms and Pts/Pto of a general inlet as is shown 
in the following example. Reference 1 contains exact solutions for one and two 
oblique shock inlets designed for critical operation. 

10.2.3.9 Inlet sizo. The ratio of the inlet capture area A1 to the engine's 
area at state 0* (i.e., at M = 1) for the cycle reference point A~ref will be referred 
to as the inlet size Al/A~ref since this ratio is the size of the inlet relative to the 
engine. The required inlet size (A 1/A~ ref)re q at a flight condition can be calculated 
from the required inlet airflow (Aoi/A~ ref)req and the inlet mass flow ratio Aoi/A1 
using 

A 1 )  (Aoi/A~ref)req 
= Aoi/A1 0 ref req 

(10.20) 

For a fixed inlet capture area inlet, the flight condition requiring the largest inlet 
size (A1/A~ ref)req is used to size the inlet capture area A1. 

Care must be taken that the inlet does not choke the flow to the engine at subsonic 
flight conditions. As discussed in Chapter 6, this can be assured by having the inlet 
capture area (A1) larger than the maximum required one-dimensional inlet area 
A~i by about 4% (A/A* = 1.038 at M = 0.8) and/or providing additional air inlet 
area for takeoff requirements. 
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Fig. 10.50 Inlet airflow requirement for Example  10.2 inlet. 

Example 10.2 External Compression Inlet (Part II) 

As an example, consider the fixed geometry, double ramp, external compression 
inlet of Fig. 10.35 with 0a = 0b = 5 deg to be used with the engine whose required 
airflow is plotted as Ao/A*oref in Fig. 10.50. These data are based on the airflow 
requirements of Fig. 10.48 at 40 kft altitude and an A~r e of 4 22 ft 2 at sea-level ,f • 
static conditions. The inlet is to be capable of operating up to Mach 2 at 40 kft 
with efficient operation at Mach numbers less than 1.7. The inlet size and mass 
flow characteristics of inlet and engine are required. 

Inlet airflow requirements. From performance (off-design) cycle calculations 
based on the reference inlet recovery of military specification MIL-E-5008B, the 
required full throttle engine mass flow ratio is given as A o spec/A~ ref in Fig. 10.50. 
Inspection of Fig. 10.50 shows that the most demanding mass flow requirements of 
the inlet occur at altitudes above 36 kft. Increasing these values for boundary layer 
bleed (0% at 0.8M, 4% at 2.0M. and linearly in between) and for safety margin 
(4%) yields the required inlet mass flow ratio Aospec/A1 (based on the reference 
inlet recovery, rlRspec ) times the inlet size Al/A~ref or  Aoispec/A~ref. Correcting 
these data for the total pressure recovery OR of the inlet of interest (Table 10.1) 
yields the required inlet performance (Aoi/A~ ref)req" 

Inlet performance. The total pressure recovery of this inlet (OR) is tabulated 
in Table 10.1, is plotted in Fig. 10.36, and was found to meet the requirement for 
efficient total pressure recovery at Mach numbers less than 1.7. Analysis of the 
mass flow characteristics of the inlet and engine are required before this inlet can 
be sized. As long as the normal shock between stations b and c touches the lip of 
the inlet, either station b or c of Fig. 10.35 can be equated to station s of Fig.10.49. 
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Thus 

and 

Aoi Ptb [A/A*]Mo Ptc [A/A*]Mo 
As Pro [A/A*]M b Pto [A/A*]M~ 

(10.21a) 

Ptc Ptb ~R 
- -  = ~ R ;  - -  - -  (lO.21b) 
P,o P,o P~c/ P~b 

The area ratio (Aoi ~As) can be calculated using the results of Table 10.1 assuming 
that Ms = Mb at subsonic values Of Mb (no local flow acceleration or deceleration). 
For subsonic M0, a reasonable approximation is for choked flow at station s and 
thus A~i = As. 

The results of the area ratio Aoi /A  s calculations for this example inlet are plotted 
in Fig. 10.51. Note that this plot has a minimum value of unity at M0 = 1. Also 
note the jumps in value of Aoi/As corresponding to the transition between normal 
and oblique shocks at each ramp. (These also correspond to the jumps in total 
pressure shown in Fig. 10.36.) 

The selected design point of an external compression inlet sets the value of 
As~A1. Since Aoi = A1 at the inlet design point, then As~A1 = 1/(Aoi /As)  
evaluated at the inlet's design point. For this example, let the inlet design point 
be M0 = 2. Thus, A,/A1 = 0.7681 and the resulting values of Aoi/A1 using 
Eq. (10.18a) are tabulated in Table 10.2. 

Inlet size. Now that the mass flow ratio of the inlet has been determined, 
the inlet mass flow rate requirements must be established before it can be sized. 
Using these data, the maximum calculated value of the inlet size (A1/A~ref)req 
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Table 10.2 Example 10.2 inlet performance 

Mo Aoi/AI Mo Aoi/A| 

0.9 0.7749 1.5 0.8895 
1.0 0.7681 1.6 0.9151 
1.1 0.7885 1.7 0.9378 
1.2 0.7688 1.8 0.9592 
1.3 0.8125 1.9 0.9798 
1.4 0.8267 2.0 1.0 

from Eq. (10.20) sets the size of this fixed geometry inlet. Comparison of 
Figs. 10.50 and 10.51 indicates that the two most demanding operating points 
will most likely be at M0 = 1.23 and M0 = 1.42. Sizing calculations at these 
two Mach numbers are presented in Table 10.3. The flight condition at M0 = 1.42 
determines the inlet size as A1 : 1.425 A~ref. 

The resulting flow ratios of the sized inlet and its required performance are 
plotted for altitudes of between 36 and 60 kft in Fig. 10.52. This plot shows the 
difference in flow behavior of the inlet between actual and required flows. As the 
flight Mach number increases above 1.5, the inlet mass flow rate Aoi/A1 increases 
while the required inlet mass flow rate (Aoi/A1)req decreases. The difference be- 
tween these mass flow rates is airflow that is either accepted by the inlet and then 
bypassed about the engine back to the atmosphere, or spilled about the inlet, or a 
combination of bypassed and spilled. At high Mach numbers, the large quantity 
of excess air for this example inlet will correspond to a high inlet installation loss. 
Nevertheless, over the required Mach range (M0 < 1.7), the example inlet has 
good total pressure performance (OR > rlRspec) and moderate excess air. 

An inlet size based on the model variable geometry inlet of Chapter 6 would 
have an inlet capture area (A 1) of 1.24 A~ ref (horizontal dashed line on Fig. 10.50) 
vs the capture area of 1.425 A~ref required for this example fixed geometry inlet. 
Also, the excess air for this example inlet is considerably larger than for the model 
inlet of Chapter 6. A better match of inlet and engine is needed, which requires a 
variable geometry inlet. 

Variable geometry inlet. The INLET program included with this textbook 
allows analysis of external compression inlets with variable ramps. The user can 
input the desired schedule into the program and the inlet's performance is calculated 
for that schedule. 

As an example of a variable geometry inlet, consider our example double-ramp, 
external compression inlet of Fig 10.35 with ramp angles of 5 deg that becomes a 

Table 10.3 Example 10.2 inlet sizing 

A* Mo Ao/A~ref Aoireq/A~ref Aoi/A1 A1 req/ oref 

1.23 1.0290 1.0854 0.7681 1.413 
1.42 1.1004 1.1803 0.8283 1.425 
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Mass flow performance of sized Example 10.2 inlet at altitude and full 

single ramp, external compression inlet with ramp angle of 5 deg for flight Mach 
numbers less than 1.42. This variable geometry inlet is shown in Fig. 10.53a. Since 
AI = A0 at Mach 2 for the double-ramp inlet and A~ is constant, basic geometry 
gives As, = 1.131As. If the inlet sizing flight condition is at a Mach number 
below 1.42, the variable ramp inlet will reduce the excess airflow about 13% for 
flight Mach numbers above 1.42. The actual and required inlet mass flow ratios 
for this example variable geometry inlet are plotted in Fig. 10.53b. Comparison of 
Fig. 10.53b with Fig. 10.52 shows that variable geometry has reduced the excess air 
that must be bypassed at high Mach numbers which will result in a corresponding 
reduction in installation losses. 

10.2.3. 10 Inlet-airframe interference effects on inlet distortion. Both 
the location of the inlet and the aircraft attitude (angle of attack and angle of 
sideslip) influence the flow into the inlet and the resulting distortion of the flow 
to the compressor/fan. Figure 10.54 shows three typical inlet locations. The wing- 
shielded inlet and the fuselage-shielded inlet use the wing and fuselage, respec- 
tively, to help turn the air into the inlet at high angle of attack. The upwash flow 
around the fuselage increases the flow angularity for the side-mounted inlet. Both 
the fuselage- and wing-shielded inlets experience a significant reduction in angle of 
attack. However, the wing-shielded inlet can experience a higher angle of sideslip 
than the fuselage-shielded inlet. 

The reader is directed to Chapter 13 of Ref. 1 for a thorough coverage of inlet- 
airframe interference at incidence. This reference also provides the reader with a 
good list of references on this topic. 
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10.2.3.11 Subsonic diffuser. The subsonic diffuser portion of a subsonic 
or supersonic inlet must provide a smooth transition from the conditions at the 
inlet throat to those required at the face of  the fan or compressor with minimal 
flow distortion and total pressure loss. In addition to a smooth variation in flow 
velocity, the diffuser may be required to transition from a rectangular cross-section 
to a circular one and/or to offset the flow when the inlet and engine are not aligned. 
The front and side views for a fighter aircraft diffuser are shown in Fig. 10.55. 
When this serpentine shape is combined with radar absorbing material (RAM), 
the inlet can effectively reduce the radar cross section of the aircraft (see Fig 10.18 
in Sec. 10.2.3 and Ref. 12). 

The most commonly used measure for the pressure recovery of  a diffuser is the 
diffuser efficiency (r/D) which can be written as 

h2~ - hi 
r/D -- (9.65) 

h2 - h i  

A2/AI = 2.0 
L/O-- 3.5 

v/o r ,is  

Fig. 10.55 Typical diffuser portion of supersonic inlet, u 
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where the subscript 1 denotes the entry of the diffuser and 2 denotes the exit. A 
typical range of values for 7o is 0.80-0.95 which corresponds to total pressure 
ratios (Pte/Pti) of 0.92-0.98 for Mi = 0.8. 

Although the flow through the diffuser is very complex with possible flow 
separation (see Fig. 9.21) in the regions of adverse pressure gradients, basic one- 
dimensional gas dynamic analysis will yield useful and meaningful results. When 
these results are incorporated with the diffuser efficiency, the overall performance 
of a diffuser design can be estimated. 

10.2.3.12 Examples of existing inlet designs. Two examples of super- 
sonic inlet designs are shown in Figs. 10.56 and 10.57. Figure 10.56a shows the 
fixed, double-ramp (6 deg ramp followed by a 6.67 deg isentropic ramp 1), external 
compression inlet with a throat slot bleed system developed for the J79 engine 
installation in the F-16 aircraft. The total pressure recovery of this inlet is shown 
in Fig. 10.56b. 

The variable, triple-ramp, external compression inlet of the F-15 aircraft is 
shown in Fig. 10.57. This side view of the inlet shows the ramps as they would be 
positioned when operating at the supersonic design point (ramp angles of 7 deg, 
8 deg, and 8 deg for the first, second, and third ramps, respectively). The first ramp 
angle is fixed and the second and third ramp angles are variable. The inlet capture 
area of this inlet is variable with movement of the first ramp/top of inlet assembly 
from - 4  deg to 4-11 deg (this assembly is shown at 0 deg). 

10.2.3.13 Flow separation from sharp lip inlets. Airflow may separate 
from either the inside surface or outside surface of the sharp lip present on most 
supersonic inlets when operated at subsonic flight Mach numbers. Separation from 
the outside surface increases inlet drag and separation from the inside surface 
creates inlet flow distortion and reduces the total pressure recovery of the inlet 
(see Fig. 10.58), both of which reduce the installed engine performance. Auxiliary 
air inlets (also called blow-in doors) that reduce additive drag also reduce the flow 
separation from the inside surface of sharp lip inlets when operated at takeoff 
conditions. 

10.3 Exhaust Nozzles 

The purpose of the exhaust nozzle is to increase the velocity of the exhaust gas 
before discharge from the nozzle and to collect and straighten the gas flow. For 
large values of thrust, the kinetic energy of the exhaust gas must be high, which 
implies a high exhaust velocity. The pressure ratio across the nozzle controls the 
expansion process and the maximum uninstalled thrust for a given engine is ob- 
tained when the exit pressure (Pe) equals the ambient pressure (P0). 

The functions of the nozzle may be summarized by the following list: 
1) Accelerate the flow to a high velocity with minimum total pressure loss. 
2) Match exit and atmospheric pressure as closely as desired. 
3) Permit afterburner operation without affecting main engine operation-- 

requires variable throat area nozzle. 
4) Allow for cooling of walls if necessary. 
5) Mix core and bypass streams of turbofan if necessary. 
6) Allow for thrust reversing if desired. 
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7) Suppress jet noise, radar reflection, and infrared radiation (IR) if desired. 
8) Two-dimensional and axi-symmetfic nozzles, thrust vector control if desired. 
9) Do all of the above with minimal cost, weight, and boattail drag while meeting 

life and reliability goals. 
The nozzle may be thought of as a device that converts enthalpy into kinetic 

energy with no moving parts. The perfect (no loss) nozzle would thus correspond 
to an isentropic (frictionless adiabatic) process. The nozzle adiabatic efficiency 
(r/n) is defined as 

Ti - T e  V 2 -  Vi 2 
~ n  - -  - -  - -  

Ti - r e s  V 2 - Vi 2 
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where the subscripts i, e, and es refer to the nozzle inlet, exit, and ideal exit condi- 
tions, respectively. For most cases, the inlet kinetic energy is small in comparison 
to the exit and can be neglected. Thus 

Tt i  - r e  1 - Te/ Tti Ve 2 
r/,, _ - -  --  (10.22) 

T t i -  Tes 1 -- Tes/ Tti Ve2s 

This expression can be recast in terms of  a nozzle polytropic (en) efficiency by 

using Te/ Ta = ( Pe/  Pti) e"(y-1)/× and Tes/ Tti = ( P d  Pti) (v-l)~×. Thus 

y l n { 1 - r l , [ 1 - ( P e / P t i ) ( × - l ) / r ] }  
en = - -  (10.23) 

y - 1 In (Pe/Pti)  

The ratio of  the actual exit velocity to the ideal exit velocity is the traditional nozzle 
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velocity coefficient (Cv)  defined by 

ve 
Cv -- - -  (10.24) 

½s 
From Eqs. (10.22) and (10.24), the nozzle adiabatic efficiency can be therefore 
approximated as 

~Tn -~ C 2 (10.25) 

Using Eqs. (10.23) and (10.25), the variation of nozzle polytropic efficiency versus 
nozzle expansion pressure ratio (Pe/Pti)  is given in Fig. 10.59. It is evident there 
that, for a given velocity coefficient (Cv) ,  the equivalent nozzle polytropic ef- 
ficiency is nearly constant with Pe/Pti. Also, even for rather low values of  Cv,  
the equivalent nozzle polytropic efficiency is equal to or greater than that of the 
turbine (see Table 4.4). 

10.3.1 Nozzle Types 
The two basic types of  nozzles used in jet engines are the convergent and 

convergent-divergent (C-D) nozzle. 

10.3. 1.1 Convergent nozzle. The convergent nozzle is a simple conver- 
gent duct as shown in Fig. 10.60. When the nozzle pressure ratio (Pte/Po) is low 
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(less than about 4), the convergent nozzle is used. The convergent nozzle has 
generally been used in engines for subsonic aircraft. 

10.3. 1.2 Convergent-divergent (C-D) nozzle. The convergent-divergent 
nozzle is a convergent duct followed by a divergent duct as shown in Fig. 10.61. 
Where the cross-sectional area of the duct is at a minimum, the nozzle is said to 
have a throat. Most convergent-divergent nozzles used in aircraft are not simple 
ducts, but incorporate variable geometry and other aerodynamic features. The 
convergent-divergent nozzle is used if the nozzle pressure ratio is high (greater than 
about four). High-performance engines in supersonic aircraft generally have some 
form of a convergent-divergent nozzle. If the engine incorporates an afterburner, 
the nozzle throat is usually scheduled to leave the operating conditions of the 
engine upstream of the afterburner unchanged (in other words, the exit nozzle area 
is varied so that the engine doesn't know that the afterburner is operating). Also, the 
exit area must be varied to match the internal and external static pressures at exit for 
different flow conditions in order to produce the maximum available uninstalled 
thrust. 

Earlier supersonic aircraft used ejector nozzles (Fig. 10.62) with their high per- 
formance turbojets. Use of the ejector nozzle permitted bypassing varying amounts 
of inlet air around the engine, providing engine cooling, good inlet recovery, and 
reduced boattail drag. Ejector nozzles can also receive air from outside the na- 
celle directly into the nozzle for better overall nozzle matching--these are called 
two-stage ejector nozzles. For the modem high-performance afterbuming turbofan 
engines, simple convergent-divergent nozzles are used without secondary air as 
shown in Fig. 10.61 for the F100 engine. 
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Cam Nozzle ~ _  Secondary Nozzle 
Nozzle Link 
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(a) Supersonic nozzle configuration with afterburning: (1) secondary flow; (2) outer case engine; 
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secondary nozzle shown at maximum exit area; (6) mixing layer between primary and secondary 
streams; and (7) supersonic primary flow 
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(b) Subsonic nozzle configuration with no afterburning: (8) primary nozzle at minimum area; 
(9) separation point of external flow; (10) secondary nozzle at minimum area; (11) sonic primary 
stream; and (12) region of separated flow in external flow 
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(c) Subsonic nozzle configuration, not afterburning, and blow-in door in use: (13) tertiary 
flow of ambient gas into nozzle; (14) blow-in door and inflow configuration; (15) reversible 
hinge/latch; (16) movable secondary nozzle; and (17) separation point of external flow. 

Fig. 10.62 Ejector nozzle configuration: 5 



DESIGN: INLETS AND EXHAUST NOZZLES 467 

10.3.2 Nozzle Functions 
One can also think of the exhaust nozzle as dividing the power available from the 

main burner exit gas between the requirements of the turbine and the jet power. 15 
Thus, the nozzle serves as a back-pressure control for the engine and an acceleration 
device converting gas thermal energy into kinetic energy. A secondary function 
of the nozzle is providing required thrust reversing and/or thrust vectoring. The 
nozzle design can also reduce the infrared signature of the engine. 

10.3.2. 1 Engine back-pressure control The throat area of the nozzle 
is one of the main means available to control the thrust and fuel consumption 
characteristics of an existing engine. In preliminary engine cycle analysis, the 
selection of specific values for the engine design parameters and the design mass 
flow rate fixes the throat area of the nozzle. The off-design performance methods 
of Chapter 5 assume that the nozzle throat area and the other internal flow areas 
of the engine remain constant. This assumption of constant areas establishes the 
off-design operating characteristics of the engine and the resulting operating lines 
for each major component. It is important to realize, however, that changing the 
nozzle throat area from its original design value will change the engine design 
and the operating characteristics of the engine at both on- and off-design (see 
Appendix D). This is equivalent to displacing the operating line of the engine. 

At times, it is necessary to change the off-design operation of an engine in 
only a few operating regions and variation of the throat area of the exhaust nozzle 
may provide the needed change. At reduced engine corrected mass flow rates 
(normally corresponding to reduced engine throttle settings), the operating line of 
a multistage compressor moves closer to the stall or surge line (see Fig. 10.63). 
Steady-state operation close to the stall or surge line is not desirable since transient 
operation may cause the compressor to stall or surge. The operating line can 
be moved away from the stall or surge line by increasing the exhaust nozzle 
throat area as shown in Fig. 10.6l. This increase in nozzle throat area reduces 
the engine back-pressure and increases the corrected mass flow rate through the 
compressor. 

Large changes in exhaust nozzle throat area are required for afterburning engines 
to compensate for the large changes in total temperature leaving the afterburner. 
The variable-area nozzle required for an afterburning engine can also be used for 
back-pressure control at its non-afterburning settings. 

One advantage of the variable-area exhaust nozzle is that it improves the starting 
of the engine. Opening the nozzle throat area to its maximum value reduces the 
back-pressure on the turbine and increases its expansion ratio. Thus, the necessary 
turbine power for starting operation may be produced at a lower turbine inlet 
temperature. Also, since the back-pressure on the gas generator is reduced, the 
compressor may be started at a lower engine speed, which reduces the required 
size of the engine starter. 

10.3.2.2 Exhaust  nozz le  area ratio. Maximum uninstalled engine thrust 
is realized for ideal flow when the exhaust nozzle flow is expanded to ambient 
pressure (Pe = P0). When the nozzle pressure ratio is above choking, the super- 
sonic expansion occurs between aft-facing surfaces. A small amount of under- 
expansion is less harmful to aircraft/engine performance than over-expansion. 
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Over-expansion can produce regions of separated flow in the nozzle and on the aft 
end of the aircraft, reducing the aircraft performance. 

The exhaust nozzle pressure ratio is a strong function of flight Mach num- 
ber as is shown by Fig. 10.64. Whereas convergent nozzles are usually used on 
subsonic aircraft, convergent-divergent nozzles are usually used for supersonic air- 
craft. When afterburning engine operation is required, complex variable geometry 
nozzles must be used (see Fig. 10.65). Most of the nozzles shown in Fig. 10.64 are 
convergent-divergent nozzles with variable throat and exit areas. The throat area 
of the nozzle is controlled to satisfy engine back-pressure requirements and the 
exit area is scheduled with the throat area. The sophisticated nozzles of the F-15 
and B-1 aircraft have two schedules, a low-speed mode and a high-speed mode) 5 

10.3.2.3 Thrust reversing and thrust vectoring. The need for thrust re- 
versing and thrust vectoring is normally determined by the required aircraft/engine 
system performance. Thrust reversers are used on commercial transports to sup- 
plement the brakes. In-flight thrust reversal has been shown to enhance combat 
effectiveness of fighter aircraft.15 Thrust vectoring has been shown to enhance both 
takeoff and combat effectiveness of fighter aircraft. 15 

Two basic types of thrust reversers are used: the cascade-blocker type and the 
clam-shell type (Fig. 10.66). In the cascade-blocker type, the primary nozzle exit 
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Fig. 10.64 Typical nozzle pressure ratios. 

is blocked off and cascades are opened in the upstream portion of the nozzle duct 
to reverse the flow. In the clam-shell type, the exhaust jet is split and reversed by 
the clam shell. As shown in Fig. 10.67, the PW4000 high-bypass turbofan engine 
employs the cascade-blocker type in the bypass stream and no reverser in the core 
stream (some engines also employ reversers in the core stream). Since reversers 
usually provide a change in effective nozzle throat area during deployment or 
when deployed, most are designed such that it increases during the brief transitory 
period, thus lowering the operating line in order to prevent fan/compressor stalls. 

Development of thrust vectoring nozzles for combat aircraft has increased in 
the last decade. Vectoring nozzles have been used on VTOL aircraft, such as the 
AV-8 Harrier, and are being used on new fighters to improve maneuvering and 
augment lift in combat. Thrust vectoring at augmented power settings has been 
developed for use in new fighters. However, cooling of the nozzle walls in contact 
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with the hot turning or stagnating flows is very difficult and requires increased 
amounts of nozzle cooling airflow. Figure 10.68 shows the schematic of a two- 
dimensional convergent-divergent nozzle with thrust vectoring of 4-15 deg and 
thrust reversing. The thrust vectoring is typical of the capabilities incorporated 
in the F-22 Raptor. The thrust vectoring nozzle of the Joint Strike Fighter (JSF) 
can turn the exhaust flow 90 deg for STOVL. 

10.3.2.4 Infrared signature. The rear of the engine is very hot and can 
produce a large infrared signature. Considerable effort is being used in modern 
military aircraft to reduce this signature. Most effective methods involve hiding 
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Fig. 10.67 PW4000 thrust reverser in stowed and deployed positions. 
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Fig. 10.68 Typical two-dimensional variable-area thrust vectoring nozzle with thrust 
reversing. 17 

the exit of the low-pressure turbine from direct view. Shown in Fig. 10.69 is the 
platypus exhaust duct used on the F-117A Nighthawk stealth fighter. This exhaust 
nozzle is canted up 10 degrees (Refs. 3 and 12) to prevent line-of-sight to the 
turbine face. For afterburning engines, the nozzle in concert with the devices (e.g., 
fiameholders) downstream of the turbine can hide the turbine exit and thus reduce 
high temperature signatures. Generally speaking reduced performance is the cost 
of stealth. 

10.3.3 Design Tools--Exhaust Nozzles 
10.3.3. 1 Total pressure loss. The total pressure loss of an exhaust nozzle 

is primarily due to viscous effects. The fraction of total pressure loss can be 
expressed for one-dimensional flow in its differential form as 

dPt _ Y M2Cf_e__~d X 
p, 2 

where 

and 

CI = Friction coefficient 

Pw = Wetted perimeter of the duct 

Comparison of the total pressure loss of a two-dimensional nozzle to that of an 
axisymmetric nozzle can be made using the above equation. Assuming the same 
axial distribution of Mach number, friction coefficient, and flow area, then the 
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Fig. 10.69 Exhaust nozzle of F-117A [Originally published in Have Blue and the 
F-117A: Evolution of the "Stealth Fighter," D. Aronstein and A. Piccirillo, AIAA, 1997 
(Ref. 12). Copyright 1997 by AIAA. Reprinted with permission.] 

total pressure loss is proportional to wetted perimeter (Pw), and the ratio of the 
total pressure loss of a rectangular cross-sectional nozzle to that of a circular can 
be written as 

1 - (Zrn)rectangular (APt / Pt )rectangular (Pw)rectangular 

1 - (7rn)cireular ( A P t / P ) c i r c u l a  r (Pw)cireular 

where the ratio of wetted perimeters can be expressed in terms of the aspect ratio 
(AR = W / H ,  where W is the duct width and H is the duct height) of a rectangular 
nozzle of the same flow area. The resulting relationship for total pressure loss 
comparing rectangular to circular cross-sectional nozzles is 

1 - (Tgn)rectangular __ (AR + 1) 
-- (10.26) 

1 - -  (TlJn)circular 

Thus, the total pressure loss of a rectangular nozzle with an aspect ratio of 2 will 
be 1.2 times that of a circular nozzle of the same area. Also, if (Zrn)circular = 0 . 9 8 0 ,  

then (Tgn)rectangular = 0.976. 

10.3.3.2 Nozzle coefficients. Nozzle performance is ordinarily evaluated 
by two dimensionless coefficients: the gross thrust coefficient and the discharge or 
flow coefficient. Figure 10.70 shows a convergent-divergent exhaust nozzle with 
the geometric parameters used in the definitions of nozzle coefficients to follow. 
Only total pressure losses downstream of station 8 are included in the gross thrust 
coefficient. 

Gross thrust coefficient. The gross thrust coefficient (Cfg) is defined as the 
ratio of the actual gross thrust (Fgactual) tO the ideal gross thrust (Fg ideal) o r  

C f g = Fg  actual/ Fg  ideal (10.27) 
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t 
A8 L s , 

A9 

Station: 7 

A 8 = Primary nozzle throat area 
A 9 =  Secondary nozzle exit area 
a = Secondary nozzle half angle 
0 = Primary nozzle half angle 

Ls = Secondary nozzle length 

Fig. 10.70 Nozzle geometric parameters. 

Empirically derived coefficients are employed in Eq. (10.27) to account for 
the losses and directionality of the actual nozzle flow. Each engine organization 
uses somewhat different coefficients, but each of the following basic losses are 
accounted for: 

1) Thrust loss due to the exhaust velocity vector angularity and/or dispersion; 
2) Thrust loss due to reduction in velocity magnitude caused by friction in the 

boundary layers; 
3) Thrust loss due to loss of mass flow between stations 7 and 9 from leakage 

through the nozzle walls; 
4) Thrust loss due to flow non-uniformities. 
Discharge orflow coefficient. The ratio of the actual mass flow (rn8) to the 

ideal mass flow (rnsi) is called the discharge coefficient (Co) 

CD - rn8/rh8i 

This coefficient can be shown to be identically equal to the ratio of the effective 
one-dimensional flow area actually required to pass the total nozzle flow (A8e) to 
the ideal nozzle throat area (As) of the engine cycle calculations as follows: 

rhs ps V8A8 A8 
CD -- rhs i  psVsAse Ase (10.28) 

The variation of the discharge coefficient with nozzle pressure ratio is shown in 
Fig. 10.71 a for a conic convergent nozzle. When the nozzle is choked, the discharge 
coefficient reaches a maximum value (CDmax). The value of Cornax is a function 
of the primary nozzle half-angle (0) as shown in Fig. 10.7lb. Figure 10.71c shows 
the variation in discharge coefficient for a convergent-divergent nozzle with nozzle 
pressure ratio. Note the change in behavior of Co between that of the convergent- 
divergent (C-D) nozzle and that of the convergent nozzle as the nozzle pressure 
ratio drops below choking. This is due to the venturi behavior of the convergent- 
divergent nozzle. 
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b) CD max versus 0 

C o  m a x  

co 

I 

2 3 
Pt8/Po 

c) C-D nozzle 

Fig. 10.71 Nozzle d ischarge  coefficient: is a) convergent  nozzle; b) convergent  and  
C-D nozzle CDmax VS 0;  c) C-D nozzle. 
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Fig. 10.72 C-D nozzle velocity coefficient, is 

The discharge coefficient is used to size the nozzle throat area to pass the desired 
mass flow rate. For example, consider a nozzle with rh8 = 200 Ibm/s, Pt8 = 30 psia, 
Tt8 = 2000°R, y = 1.33, and 0 = 20 deg. From Gas Tables, MFP(@M8 = 1) = 
0.5224 and thus A8 = 570.7 in. 2 Figure 10.71b gives Comax ~ 0.96 for 0 = 
20 deg and thus the required throat area A8e is 594.5 in. 2 

Velocity coefficient. The velocity coefficient (Cv) is the ratio of the actual exit 
velocity (V9) to the ideal exit velocity (V9i) corresponding to Pt9 = et8 or 

CV "-- V9/ V9i (10.24) 

represents the effect of frictional loss in the boundary layer of  the nozzle and is a 
measure of the nozzle's efficiency [Eq. (10.25)]. It is mainly a function of  the length 
of  the nozzle, which depends on the nozzle area ratio (A9/As) and the half-angle 
ot as shown in Fig. 10.72. 

Angularity coefficient. The angularity coefficient (CA) represents the axial 
fraction of the nozzle momentum and thus is proportional to the thrust loss due to 
the non-axial exit of  the exhaust gas (see Fig. 10.73). For a differential element of  
flow, this coefficient is the cosine of  the local exit flow angle (aj). The local flow 

~ 9  /'9 

axial = 1/9 COS a j  

Fig. 10.73 Local angularity coefficient, is 



476 AIRCRAFT ENGINE DESIGN 

CA 

1.00 

0.99 

0.98 

0.97 
1.0 

4 
\ - 6  

. - - - - - - - - 8  

~ 1 0  

P u e n d c ~  1 2 x  14 
Predictions 

I I \ I I I 
1.2 1.4 1.6 1.8 2.0 

A9/A8 

F i g .  1 0 . 7 4  C - D  n o z z l e  a n g u l a r i t y  e o e m c i e n t ,  is 

angle (o~j) varies from zero at the centerline to ot at the outer wall and thus the 
nozzle angularity coefficient is the integral of otj across the nozzle. 

CA ".2_ __ COSOlj dth (10.29) 
m 

Figure 10.74 presents the correlation of the angularity coefficient with the noz- 
zle area ratio (A9/A8) and the half-angle, or. This figure is based on analytical 
evaluations of the inviscid flow field in convergent-divergent nozzles for a range 
of practical nozzle geometries. 

One-dimensionalflow. Many of the nozzle flow coefficients simplify to alge- 
braic expressions or become unity for the special case of one-dimensional adiabatic 
flow. This is a useful limit for understanding each coefficient and for preliminary 
analysis of nozzle performance using engine cycle analysis data. 

For one-dimensional adiabatic flow, CA = 1, 

rn8 A8 Pt8 
C D - - - - - -  

r'n8i A8e Pt7 

and the velocity coefficient (Cv) is given by 

C v  "..x. V9 / V9 i (10.24) 

where V9 is the exit velocity corresponding to Tt8 and A/A*I9 = (Pt9/Pts) × 
{A9/(CoA8)} and V9i is the ideal exit velocity corresponding to Tts and 
A/A*I9i = A9/(CoA8). The discharge coefficient at station 9 has been taken 
to be one. 

The uninstalled gross thrust for a one-dimensional flow is defined as 

Fgactual = r'n8V9/gc + (P9 - Po)A9 (10.30) 
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and the ideal gross thrust (corresponds to (P9 = P0) expressed as 

Fg ideal = ~18i Vs/gc (10.31) 

where Vs is the isentropic exit velocity based on Pts/Po and Tts. Please note that 
the uninstalled gross thrust differs from the uninstalled thrust of Eq. (4.1) only by 
the momentum of the incoming air, which is constant. 

For one-dimensional flow of a calorically perfect gas, Eq. (10.30) can be written 
a s  

/'hzV9 {1 + ) , - - 1  1-- Po/P9 } (10.32) 
Fgac tua l -  g¢ 2y  (et9/-P9--) (×-1)/----~ - 1 

The uninstalled gross thrust coefficient for one-dimensional flow of a calori- 
cally perfect gas can be obtained by substituting Eqs. (10.31) and (10.32) into 
Eq. (10.27), giving 

1 - ~,sJ y - 1 1 - Po/P9 
C f g = C D C v  1 ~ 1 +  -2-{ ~P9J 1 ,~-2,8, ( p,9~--C- 1-7~ -- (10.33) 

This equation reduces to Cfg = CDCv for the case of ideal expansion (P9 = 
P9i = PO). For isentropic flow, P9 = P9i, et9 = Pt8, Cv  ---- 1, and CD = 1. 

Equation (10.33) is plotted in Fig. 10.75 for isentropic flow vs the nozzle 
area ratio (A9 /As)  for different nozzle pressure ratios (Pts/Po). Note that ideal 
expansion (P9 ---- P0) gives a gross thrust coefficient of unity and that both un- 
derexpansion (P9 > P0) and overexpansion (P9 < P0) reduce the gross thrust 

1.00 

0.95 

Cy8 

0.90 

0.88 
1.0 

Fig. 10.75 

Flow separation limit 
P9/Po = 0.37 

I I I I 

2.0 3.0 4.0 5.0 

A9/A8 

Gross thrust coefficient for one-dimensional isentropic flow (-y = 1.3). 
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coefficient below unity. Both the uninstalled and installed thrust suffer as a result 
of non-ideal expansion. 

The extent of overexpansion in nozzles is limited by flow separation resulting 
from the interaction of the nozzle boundary layer and the strong oblique shock 
waves at the exit of the nozzle. In extreme overexpansion, Summerfield et al) 8 
noted that the oblique shock waves moved from the exit lip into the nozzle, the 
flow downstream of the shock waves was separated in the vicinity of the wall, 
and as a result the wall static pressure downstream of the shock waves was nearly 
equal to the ambient pressure (P0). A simple estimate for the maximum allowable 
ratio of the pressure just preceding the shock waves (Ps) to the ambient pressure 
(P0), suggested by Summerfield, is given by 

Ps / Po "~ 0.37 (10.34) 

This flow separation limit can be included in the one-dimensional gross thrust co- 
efficient of Eq. (10.33) for isentropic flow by considering the effective exit pressure 
(P9 = P9i) to be the pressure just preceding the shock wave (Ps). Equations (10.33) 
and (10.34) were used to obtain the flow separation limit shown on Fig. 10.75. The 
design area ratio (A9/A8) of convergent-divergent nozzles is selected such that the 
nozzle flow does not separate due to overexpansion for most throttle settings. This 
is because the increase in gross thrust coefficient associated with flow separation 
does not normally offset the accompanying increase in installation loss. 

Nozzle pressure ratios are 3-5 in the subsonic cruise speed range of turbofan and 
turbojet engines. Typically, a subsonic engine uses a convergent exhaust nozzle. 
This is because, in the 3-5 nozzle pressure range, the convergent nozzle gross thrust 
(intercept of lines with vertical axis, A9/A8 = 1) is 1-3% below the peak gross 
thrust (P9 = P0) as shown in Fig. 10.75. Consequently, there may be insufficient 
gross thrust increase available in going to a convergent-divergent nozzle on a 
subsonic cruise turbofan or turbojet engine to pay for the added drag and weight 
of such a nozzle. In some applications, this loss in gross thrust coefficient of a 
convergent nozzle is too much and a C-D nozzle is used. 

A band indicating the range of typical nozzle pressure ratios for turbojets is 
shown in Fig. 10.64 as a function of flight Mach number. The pressure ratio 
across the nozzle increases rapidly with supersonic flight Mach number. At a Mach 
number of 2, the pressure ratio is about 12. At this pressure ratio, the convergent 
nozzle gross thrust penalty is about 9% as shown in Fig. 10.76. This figure is a plot 

Fg ..... 0.95 

Egg ideal 
0.90 

0.85 
0 10 20 

P, smo 

Fig. 10.76 Ratio of  convergent nozzle gross thrust to ideal gross thrust vs pressure 
ratio ('7 = 1.3). 
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of the ratio of  the gross thrust in Fig. 10.75 of a convergent nozzle (A9/A8 = 1) to 
the peak thrust (P9 = P0) vs Pt8/Po. Substitution of convergent-divergent nozzles 
for convergent nozzles provides large thrust gains for supersonic aircraft. 

This method of calculating the performance of a one-dimensional nozzle, as 
demonstrated in the following example, is incorporated in the NOZZLE program 
provided with the AEDsys software package. 

10.3.3.3 Example calculation based on one-dimensional flow. 
Given: 

rh8 = 200 lbm/s Pt8 = 30 psia Tt8 = 2000°R 

A9/A8 = 2.0 y = 1.33 Po = 5 psia 

Pt9/Pts = 0.98 Co = 0.98 Rg c = 1716 ft2/s2-°R 

Find the dimensions of an axisymmetric nozzle, Cfg, Fg, and Cv. 
Solution: 

From Gas Tables, MFP(@M8 = 1) = 0.5224, thus A8 = 570.7 in. 2 
With CD = 0.98, thus A8e = 582.3 in. 2 and r8 = 13.61 in. 
Since A9/A8 = 2.0, then A9 = 1165 in. 2 and r9 = 19.25 in. 

9i e9i A _ A9 _ 2.0 _ 2.041 =¢, M9i = 2.168 and Pt9i 
A --2 Co-'A8 0.9~ 

= 0.0990 

Thus,  P9i = (0.0990)(30 psia) = 2.970 psia, 

V9i = ~ - ~ .  1 --  k Pt9i/]  

Vgi = ~ / ( 1 7 1 6 ) ( 2 0 0 0 ) ~ 2 ( 1  33) {1 - (0.0990) °"33/1'33 } = 3475 ft/s 

A _ Pt9 A9 _ 0.98 × 2.0 _ 2.00 ~ M9 2.146 and P9 0.1025 
A* Pt8 CDA8 0.98 Pt9i i 

Thus P9 = (0.1025)(0.98)(30 psia) = 3.014 psia, 

V9i = ~ / ( 1 7 1 6 ) ( 2 0 0 0 ) ~ 2 ( 1  33){1 - ( 0 . 1 0 2 5 )  0"33/1'33 } ~- 3456 ft/s 

Cv = V9/V9i = 0.9945 

• [ i  (297]0.33/1.331 1/2[ 0.33 1 -- 5.0/3.014 / 
C f g  = (0.98)(0.9945)|  2 - -  ~ $ |1 -F ( 29.4 ,~0.33/1.33 / 1 1 - ( ~ - - ~ )  " J | 2 . 6 6 ~ ,  - 1  

C fg  = 0.9593 
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Fig. 10.77 Dimensions of example exhaust nozzle (one-dimensional calculation). 

Figure 10.71b gives 0 ~ 10 deg for CD = 0.98 and A9/As = 2. Likewise, 
Fig. 10.72 gives ot ~ 6 deg for Cv = 0.9945 and A9/A8 = 2. Thus Ls ~ 54 in. 
and the dimensions of  the exhaust nozzle are shown in Fig. 10.77. The gross thrust 
can be calculated several ways: directly from Eq. (10.30) 

Fg = r'n8 V9/gc  -}- (P9 - Po)A9 

Fg = (200)(3456)/32.174 + (3.014 - 5.0) 1165 = 19,170 lbf 

or from the ideal gross thrust and Cfg with 

V, = x/(1716)(2000) ~ 1 - \~ -~ ]  ] = 3151 ft/s 

then 

Fgi = m8iVs/gc = (200/0.98)(3151)/32.174 = 19,990 lbf 

Fg = CfgFsi = (0.9593)(19,990) = 19,170 lbf 

10.3.3.4 General thrust performance. The gross thrust coefficient (Cfg) 
is a measure of  the nozzle efficiency and accounts for nozzle losses due to friction, 
angularity, expansion, leakage and cooling air throttling. Cfg can be expressed in 
terms of  the other nozzle coefficients as 

C v C A r h 7 V g i / g c  + (P9i - Po)A9 
Cf~ = - ACfg (10.35) 

rh7 Vs /  gc 

where 

C v  = 
CA = 
l'h 7 
V9i = 

P9i 
A9 = 

~ =  

Velocity coefficient, Eq. (10.24) 
Angularity coefficient, Eq. (10.29) 
Actual total mass flow rate supplied to the nozzle 
Ideal velocity at the nozzle exit based on A9/As, CD, 
and Tt8 
Ideal static pressure at the nozzle exit consistent with V9i 
Nozzle physical exit area 
Isentropic or fully expanded exit velocity based on Pts/Po 
and Tt8 
The sum of the loss in thrust coefficient due to leakage 
of  gas from the nozzle and the loss due to changes in the 
cooling air flow 
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Fig. 10.78 Baseline gross thrust coefficient. 

Basic aerodynamic analysis of nozzle efficiency includes the effects of  thrust 
losses due to angularity and friction. The thrust losses due to over- or under- 
expansion are normally attributed to "off-design" operation. If  losses due to leak- 
age and cooling are neglected, then the other losses establish a base line gross 
thrust coefficient curve for a typical C-D nozzle as shown in Fig. 10.78. The one- 
dimensional analysis of the previous section did not include angularity losses, 
did include the expansion losses, and estimated frictional losses using Zrd. The 
following analysis will include all three of the losses shown in Fig. 10.78. 

From Eq. (10.35), the gross thrust coefficient of  the base line nozzle (neglecting 
leakage and cooling) can be written as 

CvC A#17 W9i / gc q- ( e9i - Po)A9 
Cfg = (10.36) 

rnTV,/g~ 

At Cfgpeak , P9i ~" eo and V9i = Vs. Therefore, 

Cfg = CvC  A (10.37) 

This method of  calculating the performance of  an axisymmetric two-dimensional 
nozzle, as demonstrated in the following example, is incorporated in the NOZZLE 
program provided with the AEDsys software package. 

10.3.3.5 Example calculation--axisymmetric two-dimensional nozzle. 
Given: 

rh8 = 200 lbm/s Pt8 = 30 psia Tt8 = 2000°R 
A9/A8=2.0 y = 1 . 3 3  P0 = 5 p s i a  
0 = 10deg a = 10deg Rgc = 1716ftZ/sZ-°R 

Find the dimensions of  an axisymmetric nozzle, Cfg, gross thrust, and approxi- 
mate zrn( Pt9 / Pts). 
Solution: 

From Gas Tables, MFP(@M8 = 1) = 0.5224, thus A8 = 570.7 in. 2 
From Fig. 10.71b, Co = 0.98, thus A8e = 582.3 in. 2 and r8 = 13.61 in. 
Since A9/A8 = 2.0, then A9 = 1165 in. 2 and r 9 = 19.25 in. 
With r8 = 13.61 in., r9 = 19.25 in., and ot = 10 deg, then Ls = 32.0 in. 
The dimensions of  the nozzle are shown in Fig. 10.79. 
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13.61 in 
Centerline j 

19.25 in 

Fig. 10.79 Dimensions of example exhaust nozzle (axisymmetric two.dimensional 
calculation). 

With a = 10 deg and A9/A8 = 2.0, Fig. 10.72 gives Cv = 0.9965, Fig. 10.74 
gives CA = 0.991, and thus Cfg peak = C v C a  = 0.9875. 

9i e9i AA, -- CoA 8A9 - -  0.982"0 _ 2.041 =~ M9i = 2 .168 and  et9i 

Thus, P9 = (0.0990)(30 psia) = 2.970 psia, 

V9i = ~ ~ 1 - kPt9i/] 

= 0.0990 

V9i = ~ f ( 1 7 1 6 ) ( 2 0 0 0 ) ~ / ~ 2 ( 1  33){1 - (0 .0990)  0'33/1'33 } = 3475 ft/s 

Since 

then 

I =(,.~) { (~ ~°"~"" I 
Vs = ~(1716)(2000) ~ 1 - \ 3 - 0 ]  / = 3151 

Cfg = Cfgpeakth7V9i/gc + (P9i - eo )A9  

fnTVs/ge 

(0.9875)(200)(3475)/32.174 + (2.970 - 5.0)1165 
Cfg = = 0.9683 

(200)(3151)/32.174 

Fg = C fg peakth 7 V9i / ge ÷ ( P9i - Po)A9 

Fg = (0.9875)(200)(3475)/32.174 + (2.970 - 5.0)1165 = 18,966 lbf 

C v -  
/ p, , p  ~(y-1)/y V 9 - -  . 1 -  ( 9/ t9J 

Vgi V 1 - (Pgi/Pts) O'-W× 

_ j} 
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Fig. 10.80 Effect of P o / P  9 o n  engine performance. 

and 

P9 = { 1 - (0.9965) 2 [1 - (0.0990)°"33/133]} 1'33/°'33 = 0.1012 

Thus, M9 = 2.154, A/A*I9 = 2.014 and, finally, from one-dimensional flow, 

et9 A/A*[9 2.014 
n'n -- -- C o - -  -- (0.98) = 0.9867 

Pt8 A9/As 2 

10.3.3.6 Off-design predicted performance. The performance cycle 
equations developed in Chapter 5, listed in Appendix I, and implemented in 
AEDsys can be used to calculate the effects of non-perfect expansion at the nozzle 
exit. Figure 10.80 shows the effects of the pressure ratio Po/P9 on both uninstalled 
thrust and uninstalled thrust specific fuel consumption at a specific flight condi- 
tion for a mixed-stream turbofan engine without afterburning. These plots show 
the trends that are typical for most turbojet and turbofan engines. 

10.4 Example Engine Component Design: Inlet and Exhaust Nozzle 
10.4.1 Inlet DesignEAAF Engine 

The requirements of the AAF inlet are specified in terms of required engine air 
mass flow rate by a plot of A0 or A~ vs Mach number and altitude (see Fig. 7.E8) 
and in terms of total pressure recovery by military specification MIL-E-5008B 
[Eq. (4.12c)]. The type of inlet and its design are mainly determined by the type of 
aircraft, the required flight envelope, the range of angle of attack that the inlet will 
experience, and the maximum Mach number required. The AAF has a required 
maximum Mach number of 1.8 at 40 kft altitude. Since the lift coefficient increases 
0.1 for each angle of attack, then the required 5g sustained turns at 0.9M/30 kft 
(CL = 0.7 from Sec. 3.4.4) correspond to an angle of attack of about 7 deg and 
takeoff (CL = CLmax/k20 = 1.39 from Sec. 3.4.4) will correspond to an angle of 
attack of about 12 deg. A two-dimensional external compression inlet is selected for 
this preliminary design of the AAF inlet because of its simplicity, ability to better 
match inlet airflow requirements of the AAF engine over the aircraft's mission, 
and ease of analysis. 
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Fig. 10.El  AAF inlet area requirements at 40 kft on cold day. 

During preliminary engine sizing in Chapter 6, the sizing point for a fixed capture 
area, variable geometry inlet was selected to be 1.56M/40 kfl on a cold day and 
resulted in a capture area (A 1 ) of 3.519 ft 2 (see Fig. 6.E3 in Sec. 6.4.5). Analysis 
and design of the AAF inlet is now performed at an altitude of 40 kft on a cold 
day over the range of Mach numbers of 1.0-1.8. The required engine flow area, 
required engine flow area plus 4% safety margin, and required inlet flow area are 
plotted in Fig. 10.El and tabulated in Table 10.El for the AAF. The required inlet 
flow area is composed of the required engine flow area, a 4% safety margin, and 
boundary layer bleed that varies linearly from 0% at 0.8M to 4% at 1.8M. 

Figure 10.34 can be used to estimate the number of oblique shocks needed for an 
external compression inlet to meet the required total pressure recovery at the Mach 
1.8 flight condition. Inspection of this figure shows that at least two oblique shocks 
plus a terminating normal shock are required for the AAF's external compression 
inlet. Equations (10.9) through (10.11) are the analytical tools needed to design 
2-D external compression inlets and are imbedded in the INLET design program. 
They help us find the ramp angles of the external compression inlet that will meet 
or exceed the required total pressure recovery over the range of supersonic flight 
conditions (from MIL-E-5008B). 

The AAF inlet needs to have excellent performance at supercruise to minimize 
fuel consumption and reasonable performance at Maximum Mach of 1.8. The 
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Table 10.El AAF inlet area requirements at 40 kft on cold day 

485 

Inlet requirements based on engine 
performance cycle analysis calculations 

Inlet area modified for safety 
margin and boundary layer bleed 

mo ORspec Aospec, ft2 Aospec + 4%, ft  2 Aotspec, ft2 

1.0 1.0000 2.874 2.989 3.012 
1.1 0.9966 2.889 3.005 3.039 
1.2 0.9915 2.940 3.058 3.105 
1.3 0.9852 3.025 3.146 3.207 
1.4 0.9782 3.142 3.268 3.343 
1.5 0.9706 3.290 3.422 3.514 
1.52 0.9690 3.322 3.455 3.551 
1.54 0.9674 3.357 3.491 3.591 
1.56 0.9657 3.373 3.508 3.611 
1.58 0.9641 3.365 3.500 3.605 
1.6 0.9624 3.359 3.493 3.601 
1.7 0.9537 3.341 3.475 3.595 
1.8 0.9445 3.344 3.478 3.612 

ramp angles of the AAF inlet will be designed for performance at supercruise 
and the inlet sized to meet the mass flow requirements over the range of flight 
Mach numbers. For a two-ramp external compression inlet, the inlet performance 
is presented in Fig. 10.E2 as total pressure recovery (OR) contours from the 
INLET program for the supercruise Mach number of 1.5. This figure shows that 
the best total pressure recovery (OR) of 0.9950 occurs at ramp angles 5.4 ° and 
5.1 ° for the first and second ramps (01, Oz), respectively. Similarly ramp angles 
of 5 ° and 5 ° for 01 and 02 will give a total pressure recovery of 0.9947 and this 
combination is selected as for the AAF inlet at Mach 1.5. This provides more 
than the required total pressure recovery of 0.971 for this flight condition based on 
MIL-E-5008B. 

Inlet design, like the design of other engine components, is iterative in nature. 
The INLET program helps this process enormously. Thus, the example design of 
the AAF inlet begins with the simplest inlet design (fixed inlet) and proceeds to 
more complex designs, if needed, until one is found that meets or exceeds the 
required performance. 

10.4.1.1 Inlet geometry and performance. Consider a fixed ramp, fixed 
area external compression inlet with ramp angles of 5 ° and 5 ° for the first and 
second ramps, respectively, as shown to scale in Fig. 10.E3. The location of the 
lower lip with respect to the intersection of the oblique shock wave is selected to 
be 1 ° further back than the angle of the first oblique shock. This location provides 
a small margin for subcritical operation of the inlet (normal shock moving forward 
from lip) without ingestion of the low total pressure layer that results when the nor- 
mal shock intersects the second oblique shock) 9 The performance of the selected 
shock system was analyzed using the INLET program and the results are tabulated 
in Table 10.E2 under the heading of Selected Shock System. Since the required 
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Table 10.E2 Inlet design at 40 kft on cold day 
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Required Selected Resulting 
Selected shock system 

AO, Aoi, As, A1, As, Aoi, Fgc 
Mo ~R As/Aoi f t  2 f t  2 f t  2 f t  2 f t  2 f t  2 Ih0a0 ~inlet 

1.0 1.0000 1.0000 2.874 3.012 3.012 4.000 3.203 3.203 3.500 0.0000 
1.1 0.9989 0.9995 2.896 3.046 3.045 4.000 3.203 3.205 3.522 0.0025 
1.2 0.9928 0.9990 2.944 3.109 3.106 4.000 3.203 3.206 3.542 0.0041 
1.3 0.9972 0.9453 3.062 3.246 3.068 4.000 3.203 3.388 3.560 0.0073 
1.4 0.9896 0.9290 3.179 3.382 3.142 4.000 3.203 3.447 3.576 0.0076 
1.5 0.9947 0.8635 3.372 3.601 3.109 4.000 3.203 3.709 3.589 0.0112 
1.52 0.9934 0.8582 3.406 3.640 3.124 4.000 3.203 3.732 3.590 0.0111 
1.54 0.9916 0.8532 3.441 3.681 3.140 4.000 3.203 3.754 3.592 0.0109 
1.56 0.9895 0.8484 3.456 3.700 3.139 4.000 3.203 3.775 3.588 0.0115 
1.58 0.9871 0.8438 3.445 3.691 3.114 4.000 3.203 3.796 3.577 0.0132 
1.6 0.9842 0.8394 3.435 3.683 3.091 4.000 3.203 3.816 3.565 0.0148 
1.7 0.9654 0.8190 3.382 3.639 2.980 4.000 3.203 3.911 3.508 0.0247 
1.8 0.9396 0.8007 3.327 3.593 2.877 4.000 3.203 4.000 3.453 0.0368 

inlet areas of Table 10.El are based on the reference total pressure recovery of  
MIL-E-5008B, these are corrected for the inlet's shock system using Eq. (10.17). 
The required area A~ can then be calculated from the required Aoi and the Ao/A~ 
ratio of  the inlet. The required inlet areas of  Table 10.E2 show that the Mach 1.4 
flight condition determines the size of  the inlet with A~ selected to be 3.203 ft 2. 
Trigonometry gives the size of  the inlet capture area (A1) as 4.00 ft 2. The total 
pressure recovery and inlet flow area results are also presented in Figs. 10.E4 
and 10.E5. 

An analytical expression for estimating these inlet losses can be obtained by 
rewriting Eq. (6.8) in terms of the relevant flow areas for this inlet. Thus, 

(Ao/re~ _ 1) {Mo _ (7~y - t- Y-1M2~l/2~ 
Aoreq ~ O] J 

~inlet = (10.El) 
Fgc/(nioao) 

The inlet's installation losses are listed in Table 10.E2 for cold day at 40 kft altitude. 
As an example of  the inlet losses, (/)inlet at Mach 1.8 for inlet design (Aoi = 4.000 
ft 2, A0 = 3.327 ft 2, Fgc/rhoao = 3.453) using Eq. (10.El) is 0.0368 vs 0.0420 
estimated in Chapter 6. Their small values are encouraging in that this inlet design 
will meet the requirements, so an improved design will not be sought. I f  the 
installation losses were excessive, variable inlet geometry could be employed to 
reduce them. 

10.4.1.2 Inlet diffuser duct. The total pressure loss of  the inlet due to 
friction was represented during engine cycle analysis by a value of  0.97 for ]rd max. 
Assuming a total pressure loss of  0.5% for the boundary layer of  the inlet up to its 
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throat, the total pressure loss remaining for the diffuser duct is 2.5% or P~e/P~i = 
0.975. Since the total pressure loss due to friction is proportional to the Mach 
number of the local flow, the maximum total pressure loss of  the diffuser duct will  
occur at the maximum corrected mass flow rate (full throttle at 1.451M/36 kft on 
standard day) and the diffuser duct is designed at this condition. 

At the design flight condition, the entrance area of  the diffuser duct is 3.203 ft 2 
and its exit area is 5.378 ft 2 (round duct of 15.7 in radius to match entrance of  fan, 
see Sec. 8.3.1). The resulting area ratio AR is 1.679. For a corrected mass flow rate 
of 138.7 lbm/s at 1.451M/36 kft on cold day at station 0, the corrected mass flow 
at the entrance to the diffuser duct is 

mc diffuser entrance - -  
rhc0 138.7 

~R x 0.995 0.956 x 0.995 
--  145.8 lbm/s 

where 0.956 is the A A F  inlet total pressure recovery at 1.451M. The diffuser en- 
trance Mach number (Mi) for Ai = 3.203 f t  2 is 0.713. For Pte/Pti = 0.975, Mi = 
0.713, AR = 1.679 and y = 1.4, Eq. (9.67) gives the required diffuser effective- 
ness or efficiency 0/D) of  0.852. Figure 9.22 shows that this diffuser effectiveness 
can be obtained with a length-to-height ratio (L/Hi)  of about 3.5. For a square 
inlet throat, the diffuser length will be about 6.26 ft. 

The total pressure loss of  the diffuser duct will be estimated at other engine 
operating conditions by assuming that the diffuser effectiveness (0D) remains 
constant and the total pressure loss of the inlet before the throat remains constant 
at 0.5%. Thus for Combat  Air  Patrol (CAP) where Treq = 1132 lbf, Aoi/A~ = 
3.203/1.962 = 1.633, and Mth = 0.387, the Pte/Pti of the diffuser duct is given 
by 

- - =  (1 - ~ )  (1 - ~/D) 
Pte  1 - (9.67) 
P,i 1 + y~2 

1 - -  1 P e = 1 - ~ )  (1 - 0.852) 
2 

Pti  1 --1- 1.4x0.3872 
= 0.9909 

Thus the total pressure ratio due to friction (rramax) is 0.9859 (0.9909 × 0.995) 
versus the 0.97 value assumed in Chapter 6. Since the total pressure recovery of  
the inlet (OR) is 1.0, then the total pressure ratio of  the inlet (red) is 0.9859 resulting 
in lower fuel consumption for the Combat  Air  Patrol (CAP) leg. 

10.4.1.3 Inlet size at zero flight speed.  The inlet size at zero flight speed 
is based on obtaining ~TR >_ 0.95. First, the performance of  the present A A F  inlet 
design with Ath = As = 3.203 f t  2 is examined. From Chapter 6, the A A F  engine 
at takeoff has A~ = 2.842 ft  2 for OR = 1.0 and thus Ath/A~ = 1.127, which 
corresponds to Mth = 0.660. From Fig. 10.20 or Eq. (10.6), a sharp lip inlet 
(Ath/Ab = oo) with Mth = 0.66 will have a total pressure recovery of  0.83. Thus, 
an auxiliary air inlet must be added to the A A F  inlet design to reduce Mth and thus 
increase ~/R. 
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Designing for OR = 0.95, Eq. (10.6) gives Mth = 0.285. The required one- 
dimensional inlet throat area (Ath) is determined using 

rhcV'~,d 
Ath = (10.E2) 

PstdMFP( Mth ) 

Thus 

132.34~/518.7 
Ath = = 5.709 ft 2 

2116 x 0.2495 

and an auxiliary air inlet whose throat area is 2.506 ft 2 (5.709 - 3.203) needs 
to be added to the AAF inlet design to meet the total pressure recovery goal 
of 0.95. 

The AAF inlet with auxiliary air inlet door now has a total pressure recovery of 
0.95 and ~inlet of 0.0578 (assuming A1 = Ath) as compared to the Chapter 6 values 
of 0R = 1.0 and dPinlet = 0.0929. The total pressure ratio of the diffuser duct with 
AR ~ 1 (5.378/5.709) is one. Thus, 7~dmax is 0.995 and Zrd = (0.95)(0.995) = 
0.9452. 

10.4.1.4 Inlet performance during takeoff. Flow separation from the in- 
side surface of the sharp lips of the inlet must be reduced during subsonic flight. 
An auxiliary air inlet was added to the AAF inlet to reduce the external flow sepa- 
ration at zero flight speed. This same auxiliary air inlet can be used to reduce flow 
separation at other subsonic flight conditions that have low total pressure recovery 
(0R) with accompanying high inlet throat Mach number. The area ratio Ao/Ath can 
be used to identify those flight conditions at which lip flow separation may be a 
problem (see Fig. 10.58). Only Segments A, B, and C of Mission Phase 1-2 have 
A0 larger than 4.0 ft  2 and Segments B and C have not yet been analyzed. 

It is assumed that the auxiliary air inlet sized for zero flight speed is also used for 
Segments B and C, also giving them a total inlet throat area of 5.709 ft e. Off-design 
engine cycle analyses give the required reference Aowec for Segments B and C of 
16.55 f t  2 and 9.154 ft 2, respectively. The resulting Ao/Ath, Mth, and ~/n (estimated 
from Fig. 10.58) are tabulated: 

Segment Mo Ao/ Ath Mth OR 

B 0.10 2.899 0 .205  0.98 
C 0.18 1 .603  0.396 0.97 

Based on a constant total pressure effectiveness (0D) of the diffuser duct and 
Eq. (9.67), the inlet total pressure ratio (Zrd) for Segments B and C are 0.97 and 
0.98, respectively, as compared to the value of 0.97 used for both in the engine 
cycle analysis. 

10.4.1.5 AAF inlet performance. The performance of the AAF inlet de- 
sign can now be calculated at all flight conditions and compared to the estimates 
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Table 10,E3 Inlet reference performance (Chapter 6) 
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Mission phases Mo/Alt, Treq, Fgc A~, AI rhcO 
and segments kft lbf &oao f t  2 A-~o ¢inlet Yrda lbm/s 

1-2 A--Warm-up b 0.0/2 Mil 1.949 2.851 1.234 0.0558 0.970 142.3 
1-2 B--Takeoff acceleration b 0.10/2 Max 2.980 2.842 1.238 0.0134 0.970 140.4 
1-2 C--Takeoffrotation b 0.182/2 Max 2.906 2.822 1.247 0.0023 0.970 139.4 
2-3 D--Horizontal acceleration b 0.441/2 Mil 1.559 2.691 1.308 0.0025 0.970 132.9 
2-3 E--Climb~acceleration 0.875/16 Mil 1.610 2.879 1.222 0.0210 0.970 142.2 
3-4 Subsonic cruise climb 0.900/42 1240 3.505 2.343 1.225 0.1032 0.970 115.5 
5-45 Combat air patrol 0.700/30 1130 0.977 1.962 1.793 0.1239 0.970 96.92 
6-7 F--Acceleration 1.090/30 Max 3.413 2.889 1.226 0.0048 0.957 141.8 
6-7 G--Supersonic penetration 1.500/30 Max 1.503 2.882 1.436 0.0589 0.932 121.0 
7-8 I--1.6M/5g turn 1.600/30 5370 2.326 2.930 1.502 0.0413 0.924 115.8 
7-8 J~0.9M/5g turns 0.900/30 9210 3.202 2.878 1.223 0.0121 0.970 142.2 
7-8 K--Acceleration 1.195/30 Max 3.429 2.940 1.232 0.0092 0.952 141.1 
8-9 Escape dash 1.500/30 5320 1.497 2.872 1.441 0.0604 0.932 120.6 
9-10 Zoomclimb 1.326/39 Mil 1.692 3.053 1.242 0.0239 0.944 139.9 

10-11 Subsonic cruise climb 0.900/48 929 3.509 2.330 1.226 0.1049 0.970 115.0 
12-13 Loiter 0.397/10 844 4.995 1.428 2.464 0.0842 0.970 70.55 
MaximumMach number 1.80/40 9740 1.633 3.154 1.605 0.0445 0.907 108.3 

aT~dmax = 0.97.  bl00°F. 

of Chapter 6 listed in Table 10.E3 where T is the installed thrust. The area listed 
under theA~ column for supersonic flight conditions are A0. The inlet area (At) 
was 3.519 ft 2 and the auxiliary air inlet area (Ala~,) was also 3.519 ft 2. 

The value of A; for the AAF inlet can be estimated by 

A~ = * Aospec × OR/ORspec (10.E3) 

For supersonic operation of the inlet, the Mach number at the throat (entrance to 
the diffuser duct) is estimated by assuming constant corrected mass flow to the 
engine and is based on the throat area (Ath = As) having a value of 3.203 ft 2 for 
Mach numbers above 0.3 and a value of 5.709 ft 2 for Mach numbers below 0.3. 
The total pressure ratio of the diffuser duct is determined using Eq. (9.67) with 
Mi = Mth, AR = 1.679, and 0o = 0.852. The total pressure ratio of the inlet 
due to friction (:rdm~x) is estimated as 0.995 times the ratio across the diffuser 
duct. The net effect of the AAF inlet design on the installed thrust compared to the 
reference of Chapter 6 is estimated by the following relationship: 

T F (1 -- (~inlet -- (Pnozzle) 
(10.E4) 

Tre f Ere f (1 - (/)inlet -- (~nozzle)ref 

where 

F / Fref ~ Zr d / Zr d ~pec , ~.ozzl~ = Cnozzte ref 
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and Eqs. (6.6), (10.El), and (10.6) are used to find ~inlet. The performance results 
for the AAF inlet design for the aircraft mission are given in Table 10.E4. Note that 
the resulting installed thrust (T) with the AAF inlet is greater than or nearly equal 
to the estimates of Chapter 6 (Trey) for every mission phase. Most importantly, the 
AAF inlet has less installation drag on all the flight legs that consume the majority 
of the fuel except the Combat Air Patrol. Overall this inlet will give fuel saving for 
the mission due mainly to the reduced losses for the subsonic cruise, loiter, and 
supercruise flight conditions. 

Figure 10.E6 shows the AAF inlet and diffuser duct design at two extreme flight 
conditions, takeoff and Mach 1.8 operation. Note the change in function of the top 
door from an auxiliary inlet at takeoff and low Mach number to a bypass exit for 
supersonic flight conditions. 

10.4.2 Exhaust Nozzle Design--AAF Engine 
The performance of the exhaust nozzle was modeled by one-dimensional adia- 

batic flow with constant total pressure ratio (zrn) for both the parametric and per- 
formance cycle analyses of the AAF engine. Also, the nozzle area ratio (A9/A8) 
and nozzle installation loss (q~nozzte) at each flight condition were based on ideal 
expansion (P9/Po = 1). The results of these preceding analyses are listed in 
Table 10.E5 for reference and serve as a starting point in the design of the AAF 
exhaust nozzle. The preliminary design of the AAF exhaust nozzle involves se- 
lection of the nozzle area schedule, design of the nozzle geometry, estimation of 
nozzle performance based on gross thrust coefficient, and determination of the 
installation losses. 

10.4.2.1 Nozzle area schedule. Providing the required throat area is a pri- 
mary function of the nozzle control system. Working in conjunction with the after- 
burner fuel control, powered actuators are used to position the walls of 
the nozzle as shown in Fig. 10.61 to provide the desired nozzle throat area (A8). 
The walls of the divergent section are mechanically linked to the remainder of the 
nozzle and thus the nozzle exit area (A9) is determined by this linkage. The net 
effect of the actuator and linkage is an area ratio schedule for the exhaust nozzle 
like that shown in Fig. 10.E7. The nozzle design that follows assumes that the 
nozzle control system positions the nozzle throat at the required area (As). The 
schedule of nozzle area ratio (A9/A8) will be selected for the AAE 

The first task at hand is determining the desired nozzle schedule for the AAF 
engine. The logical starting point is to plot the required nozzle area ratio (Ag/As) 
versus throat area (A8) from the data of Table 10.E5 to see if there are any general 
trends, as has been done in Fig. 10.ES. The mission flight legs that consume more 
than 400 lbf fuel are marked with a square and a triangle is used for those legs 
using less than 400 lbf fuel and these symbols are filled and unfilled for subsonic 
and supersonic flight conditions, respectively. Notice that this plot (Fig. 10.E8) for 
the AAF seems to be more of a random scattering of data points than a recognizable 
pattern--however supersonic flight conditions do generally require larger nozzle 
area ratios (A9/A8). A nozzle area ratio of about 1.28 is desired for subsonic 
cruise and a value of 1.96 is desired for supersonic cruise. For simplicity, a single 
value of the nozzle area ratio is first sought in the following section. 
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M o = 1.8 • ... 

Bypass and Bleed Air 

Engine Center Line 

Engine Center Line 

Fig. 10.E6 AAF inlet and diffuser duct design. 

Single nozzle schedule. A single nozzle schedule will give compromised per- 
formance resulting from the diverse requirements of  the subsonic and supersonic 
cruise flight conditions. Nozzle area ratios from 1.3 to 1.7 are considered and 
input into the nozzle area schedule in the Mission window of the AEDsys program 
(does not include improved inlet estimates). Results of  the mission calculations 
for A9/A8 of  1.4, 1.5, and 1.6 are listed in Table 10.E6 and plotted in Fig. 10.E9 
for A9/A8 from 1.3 to 1.7. Note that the nozzle area ratio of  about 1.5 gives 
the minimum overall mission fuel used that is 129 lbf greater that the reference 
values from Chapter 6 but 122 lbf less than the overall goal of  6690 lbf from 
Chapter 3. 

Variable nozzle schedule. Returning to the data of  Table 10.E5, the first thing 
that can be noticed is that area ratios of 1.1-1.5 are desired at subsonic Mach 
numbers and area ratios of 1.9-2.0 are desired at supersonic Mach numbers. When 

A9/A 8 

Fig. 10.E7 

A 8 

Example nozzle area schedule. 
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Table 10.E6 AAF fuel burn for different exhaust nozzle area schedules 

Mission phases M0/Alt, 
and segments kft 

Mission fuel used--WE, lbf 

Ref A9/A8 = 1.4 A9/A8 = 1.5 A9/A8 = 1.6 

1-2 A--Warm-up a 0.0/2 214 
1-2 B--Takeoff acceleration a 0.10/2 105 
1-2 C--Takeoff rotation a 0.182/2 40 
2-3 D--Horizontal acceleration a 0.441/2 129 
2-3 E---Climb/acceleration 0.875/23 428 
3-4 Subsonic cruise climb 0.900/42 524 
5-6 Combat air patrol 0.700/30 683 
6-7 F--Acceleration 1.090/30 391 
6-7 G--Supersonic penetration 1.500/30 1183 
7-8 I--1.6M/5g turn 1.600/30 470 
7-8 J ~ . 9 M / 5 g  tums 0.900/30 498 
7-8 K--Acceleration 1.195/30 346 
8-9 Escape dash 1.500/30 322 
9-10 Zoom climb 1.326/39 44 

10-11 Subsonic cruise climb 0.900/48 491 
12-13 Loiter 0.397/10 569 
Total 6439 

214 214 214 
108 111 114 
40 40 40 

132 134 138 
428 429 433 
526 530 534 
719 738 759 
398 394 393 

1228 1211 1199 
500 489 481 
488 488 490 
353 349 347 
335 330 326 

46 45 45 
490 494 499 
566 566 565 

6568 6561 6572 

alOO°E 
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Fig. 10.E9 Miss ion fuel  used vs nozzle  area ratio. 

the required nozzle area ratio (A9/As) is plotted versus flight Mach number (M0) 
for all mission legs, as was done in Fig. 10.El0, a definite pattern results. The 
variable nozzle area ratio shown by the solid line in Fig. 10.El0 is selected for 
the AAF and input into the nozzle area schedule in the Mission window of the 
AEDsys program (does not include improved inlet estimates). Results of the mis- 
sion calculations for this variable nozzle area ratio are listed in Table 10.E7. Note 
that this nozzle area ratio schedule gives a mission fuel used that is only 25 lbf 
greater that the reference values from Chapter 6 and 226 lbf less than the overall 
goal of 6690 lbf from Chapter 3. Two nozzle actuators are required to obtain the 
schedule of Fig. 10.E10---one to set A8 and the other to set A9/A8. The variable 
nozzle area schedule shown in Fig. 10.El0 is selected for the AAF. 

10.4.2.2 AAF nozzle geometry. The preliminary design of the exhaust 
nozzle geometry begins with selection of the maximum values for both the primary 
nozzle half-angle (0) and the secondary nozzle half-angle (c0 (see Figs. 10.71b, 
10.72, and 10.74 in Sec. 10.3.3). The value of the primary nozzle half-angle di- 
rectly affects the nozzle discharge coefficient (CD) and thus the nozzle throat 
area (A8,). An increase in 0 reduces the length and weight of the primary noz- 
zle, but may increase the overall weight of the nozzle due to the decrease in CD 
that increases the secondary nozzle inlet and exit areas. The secondary nozzle 
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Required nozzle area ratio vs Mach number. 

half-angle (or) affects both the velocity coefficient (Cv) and the angularity coef- 
ficient (CA). For a fixed nozzle area ratio (A9/As), an increase in ot increases 
the velocity coefficient, decreases the angularity coefficient, decreases the nozzle 
length and weight, and changes the gross thrust coefficient. Hence, the selection 
of the nozzle half-angles (0 and or) is a complex design problem by itself when 
nozzle weight is included. 

A maximum primary nozzle half-angle (0) of 30 deg is selected, which corre- 
sponds to the nozzle throat at its military power setting. Likewise, a maximum 
secondary nozzle half-angle (tx) of 12 deg is selected that corresponds to the 
1.6M/5g turn with supersonic area ratio. The resulting nozzles at military and 
maximum power for area ratios of 1.2 and 2.0 are shown to scale in Fig. 10.El 1 
and Fig. 10.El2, respectively, using the NOZZLE program. 

10.4.2.3 AAF nozzle performance. TheperformanceoftheAAFexhaust 
nozzle of Figs. 10.El 1 and 10.El2 is determined at each flight condition based 
on the general thrust performance method of Sec. 10.3.3, neglecting losses due 
to leakage and cooling (ACfu = 0). Values for CD, Cv, and CA were obtained 
from Figs. 10.71b, 10.72, and 10.74, respectively. Equation (10.33) was used to 
calculate the gross thrust coefficient (Cfg) where the gross thrust (Fg) is given 
by Eq. (10.27). The uninstalled thrust (F) was calculated by subtracting the 
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Table 10.E7 AAF fuel burn for variable exhaust nozzle area schedule 

Mission fuel used--  
WF, lbf 

Mission phases Mo/Alt, Variable A 9 Power Fref, 
and segments kft Ref area ratio A8 setting lbf 

1-2 A--Warm-up a 0.0/2 214 214 1.200 Mil 8,846 
1-2 B--Takeoff acceleration a 0.10/2 105 105 1.200 Max 13,563 
1-2 C Takeoff rotation a 0.182/2 40 40 1.200 Max 13,317 
2-3 D--Horizontal acceleration a 0.441/2 129 129 1.200 Mil 7,493 
2-3 E--Climb/acceleration 0.875/23 428 437 1.200 Mil 4,873 
3-4 Subsonic cruise climb 0.900/42 524 522 1.200 Ps = 0 1,403 
5-6 Combat air patrol 0.700/30 683 690 1.200 Ps = 0 1,294 
6-7 F--Acceleration 1.090/30 391 393 1.453 Max 9,443 
6-7 G--Supersonic penetration 1.500/30 1183 1183 2.000 P~ = 0 5,730 
7-8 I--1.6M/5g turn 1.600/30 470 470 2.000 Ps = 0 9,612 
7-8 J--0.9M/5g turns 0.900/30 498 509 1.200 Ps = 0 7,376 
7-8 K--Acceleration 1.195/30 346 347 1.593 Max 10,596 
8-9 Escape dash 1.500/30 322 322 2.000 Ps = 0 5,683 
9-10 Zoom climb 1.326/39 44 45 1.769 Mil 3,948 

10-11 Subsonic cruise climb 0.900/48 491 491 1.200 Ps = 0 1,054 
12-13 Loiter 0.397/10 569 568 1.200 P, = 0 923 
Total 6439 6464 

1.80/40 Maximum Mach number 2.000 Max 10,559 

al00°E 

momentum of  the entering air (rhoVo/gc) from Fg or 

F = Fg - fnoVo/gc (10.E5) 

The values used in calculating the nozzle performance and the results are pre- 
sented in Table 10.E8. The ratio of the uninstalled thrust ( F )  based on this nozzle 
design to the uninstalled thrust from the performance analysis (Fref) of Table 10.E7 
is very close to unity for most flight conditions. Hence, the 7rn = 0.97 and P0 = P9 
used in the engine performance analysis predicts the performance of  the A A F  ex- 
haust nozzle quite well over the flight conditions considered. 

10.4.2.4 AAF nozzle installation losses. The nozzle installation losses 
((bnozzte) of Chapter 6 were based on nozzle area ratios corresponding to ideal 
expansion (P9 = P0). Now that the geometry and nozzle area ratios of  the A A F  
exhaust nozzle are known, a revised estimate of nozzle installation losses will  be 
made based on the methods of Chapter 6 (see Sec. 6.2.3). The throat flow areas 
(As) listed in Table 10.E8 and the dimensions shown in Figs.10.E11 and 10.E12 
are based on two-dimensional  axisymmetric flow and result in nozzle areas that 
are 6.4% larger than the one-dimensional area calculated by the AEDsys  cycle 
calculations. The minimum throat area was increased from its reference value by 
the reciprocal of  the discharge coefficient ( 1 / C o )  and the nozzle dimensions scaled 
accordingly. Based on the dimensions of  Figs.10.E11 and 10.E12, the afterbody 
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[, 12.0 in )1( 19.4 in )[ 
A 9 / ~  = 2.0 

"~ ~ , , .  10"59° 

8.77 in A9M 8 = 1.2 

Fig. 10.Ell  AAF exhaust nozzle---military power. 

area (A10) is estimated to be 6.30 f t  2 (rl0 = 17 in.) and the afterbody length (L) is 
estimated to be 5 ft [two times the nozzle length of 31.4 in. (12.0 in. + 19.4 in.)]. 
These values are larger than the afterbody area of 5.153 f t  2 and afterbody length 
of 4.611 ft estimated in Chapter 6. The increase in afterbody area is mainly due to 
the 31.4 in inside diameter of the afterburner. 

The AAF exhaust nozzle schedule was input into the Mission portion of the 
AEDsys program and the mission flown. The resulting installation losses for the 
AAF exhaust nozzle are listed in Table 10.E9. The ratios of installed thrust (T/Tref) 
are also listed and are based on 

T F (1  - -  ~inlet - -  ~nozzle) 
- - ~ - -  where ~)inlet:~ginletref 
Zref Fref  (1 - ~ginlet - -  ~nozzle)ref  

The results show that nozzle installation losses (fb,ozzte) do not appreciably change 
from the estimates of Chapter 6 (see Table 10.E9) except for the two acceleration 
flight conditions (segments 6-7 F and 7-8 K). 

I. ,20in .[. ,94,n .[ 

' ~  A9/A 8 = 2.0 

15.7 in [ N 

11.3 in Ag/A 8 = 1.2 

Fig. 10.El2 AAF exhaust nozzle---maximum power. 
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10.4.3 Closure 

The present design configuration status is summarized by Figs. 10.E3, 10.E6, 
10.El0, 10.Ell,  and 10.El2. Although this is a promising start because no real 
barriers to a successful design have been encountered, further iteration would focus 
on the following: 1) improvement of nozzle losses for Subsonic Cruise Climb 
legs; 2) improvement of inlet installation performance for Combat Air Patrol; and 
3) impact of inlet and nozzle internal and external performance on the overall 
engine installed performance. 

The combined influences of the inlet and nozzle designs on the installed thrust 
of the AAF with respect to the results of Chapter 6 (T/Tref) a r e  not apparent by 
viewing Tables 10.E4 and 10.E9. Since the AEDsys program does not currently 
include an improved inlet model, the overall performance of the AAF will be 
estimated using the data already gathered. The data now available in Tables 10.E3, 
10.E4, 10.E5, 10.E8, and 10.E9 are used to estimate their combined influence on 
T~ Tref using 

T ..~ Jr,/ F (1 - -  ~inlet --  (Pnozzle) 

"~ref - -  7gdspec ~eref nozzle ( 1  - -  4)inlet --  4)nozzle)ref 

where F/Frefl nozzle is obtained from Table 10.E8. The results are presented in 
Table 10.El0. Note that the improvements in inlet performance more than com- 
pensate for the decrease in nozzle performance for the majority of mission phases 
and segments. The improved performance over the two Subsonic Cruise legs, 
Loiter leg, and other portions of the AAF mission will more than offset the 
lower installed thrust performance during the Combat Air Patrol and several other 
mission phase. 
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Epilogue 
The Air-to-Air Fighter (AAF) Engine design study has reached a successful 

conclusion. Satisfying solutions have been found to all of the important technical 
problems, and it is evident that the AAF systems requirements can be met. The 
competition may now proceed in earnest. 

Further refinements and/or improvements, based on the quantitative results and 
physical insights gained during this first iteration, are certainly possible. The most 
likely candidates for further exploration have been noted along the way. We rec- 
ommend, however, against doing this unless the system requirements change or 
superior analytical tools become available. 

If no adequate AAF Engine design had been found, the next logical step would 
be to revise the engine cycle parameters and try again. It is even possible that 
no reasonable design point solution exists, in which case the aircraft parameters 
or even the mission requirements must be re-examined. Fortunately, that did not 
happen here, and we can happily close the book on the AAF Engine project. 

We hope that you have found this journey as challenging, instructive, and re- 
warding as we have, and that you find the concepts, analyses, and software useful 
for their original purposes, and in ways that we have not envisioned. 
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Appendix A 
Units and Conversion Factors 

Table A.1 Basic definitions and constants 

Constant  Definition 

Time 1 h = 3600 s 
Length 1 in. = 2.540 c m  

1 f t =  12in.  
1 mile  = 5280 ft 

Mass  1 Ibm = 0.45359 kg 
1 slug = 32.174 Ibm 

Force 1 lbf  = 32.174 lbm-ft /s  2 
1 N = 1 kg-rn/s 2 

Energy 1 Btu = 778.16 f t - lbf  
1 J = l N - m  

Power  1 hp = 550 ft-lbf/s 
l W =  1J /s  

Pressure 1 atm = 14.696 lbf/in. 2 = 2116.2 lbf/ft  2 
1 Pa = 1 N/m 2 

Temperature The Farenheit  scale is T(°F) = 1.8 T(°C) + 32 
where  T(°C) is the International Celsius scale. 

The Rankine scale is 

T(°R) = T(°F) + 459.69; 
T(°R) = 1.8 {T(°C) + 273.16}; 

T(°R) = 1.8 T(K) 
where  T(K) is the Kelvin scale. 

Accelerat ion o f  go = 9.8067 m/s  2 = 32.174 ft /s  2 

standard gravity 
Newton  constant  gc = ma/F = 32.174 lbm-ft / ( lbf-s  2) for Brit ish Engineer ing 

gc = 1 for SI 

Table A.2 Scale factors 

Number  Prefix Symbol  Example  

10 6 mega  M megawatt  (MW) 
103 kilo k ki lometer  (km) 
10 -2 centi c cent imeter  (cm) 
10 -3 milli m mill iwatt  (mW) 
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Table A.3 Unit conversion factors 

Conversion factor 
British Engineering (Multiply British 

System SI Engineering system 
Quantity unit unit to get SI value) 

Length ft m 0.3048 

Mile 5280 ft 1.609 km 

Nautical mile (NM) 6080 ft 1.853 km 

Area ft 2 m 2 0.09290 

Mass lbm kg 0.4536 
slug kg 14.59 

Force lbf N 4.448 

Pressure and lbf/ft 2 (psf) N/m 2 (Pa) 47.88 
Stress lbf/in. 2 (psi) kN/m 2 (kPa) 6.895 

Den sity lbm/ft 3 kg/m 3 16.02 

Temperature difference ° R K 1 / 1.8 

Specific enthalpy and Btu/lbm kJ/kg 2.326 
fuel heating value 

Specific heat (Cp, Cv) 

Gas constant (gc R) 

Rotational speed 

Specific thrust (F/~n) 

Thrust specific 
fuel consumption (S) 

Power 

Power specific 
fuel consumption (Se) 

Btu/(lbm-°R) kJ/(kg-K) 4.187 

ft2[(S 2 _o R) m2/(s 2-K) 0.1672 

rpm rad/s 2rr/60 = 0.1047 

lbf/(lbm/s) N-s/kg = m/s 9.807 

lbm fuel/h lbm mg fuel/s mg 28.33 

lbf thrust lbf-h N thrust N-s 

hp W 745.7 
Btu/hr W 0.2931 

Ibm fuel/h mg/s mg 0.1690 

hp W W-s 



Appendix B 
Altitude Tables 

British Engineering (BE) units 

h 
(kft) 

8 
( P / Pstd) 

Standard day Cold day Hot day Tropic day 
0 0 0 0 h 

(T/Ts~) (T/Ts~) (T/Ts~) (T/Tstd) (kft) 

0 1.0000 1.0000 0.7708 1.0849 1.0594 0 
1 0.9644 0.9931 0.7972 1.0774 1.0520 1 
2 0.9298 0.9863 0.8237 1.0700 1.0446 2 
3 0.8963 0.9794 0.8501 1.0626 1.0372 3 
4 0.8637 0.9725 0.8575 1.0552 1.0298 4 
5 0.8321 0.9656 0.8575 1.0478 1.0224 5 
6 0.8014 0.9588 0.8575 1.0404 1.0150 6 
7 0.7717 0.9519 0.8575 1.0330 1.0076 7 
8 0.7429 0.9450 0.8575 1.0256 1.0002 8 
9 0.7149 0.9381 0.8575 1.0182 0.9928 9 

10 0.6878 0.9313 0.8565 1.0108 0.9854 10 
11 0.6616 0.9244 0.8502 1.0034 0.9780 11 
12 0.6362 0.9175 0.8438 0.9960 0.9706 12 
13 0.6115 0.9107 0.8375 0.9886 0.9632 13 
14 0.5877 0.9038 0.8312 0.9812 0.9558 14 
15 0.5646 0.8969 0.8248 0.9738 0.9484 15 
16 0.5422 0.8901 0.8185 0.9664 0.9410 16 
17 0.5206 0.8832 0.8121 0.9590 0.9336 17 
18 0.4997 0.8763 0.8058 0.9516 0.9262 18 
19 0.4795 0.8695 0.7994 0.9442 0.9188 19 
20 0.4599 0.8626 0.7931 0.9368 0.9114 20 
21 0.4410 0.8558 0.7867 0.9294 0.9040 21 
22 0.4227 0.8489 0.7804 0.9220 0.8965 22 
23 0.4051 0.8420 0.7740 0.9145 0.8891 23 
24 0.3880 0.8352 0.7677 0.9071 0.8817 24 
25 0.3716 0.8283 0.7613 0.8997 0.8743 25 
26 0.3557 0.8215 0.7550 0.8923 0.8669 26 
27 0.3404 0.8146 0.7486 0.8849 0.8595 27 
28 0.3256 0.8077 0.7423 0.8775 0.8521 28 
29 0.3113 0.8009 0.7360 0.8701 0.8447 29 
30 0.2975 0.7940 0.7296 0.8627 0.8373 30 
31 0.2843 0.7872 0.7233 0.8553 0.8299 31 
32 0.2715 0.7803 0.7222 0.8479 0.8225 32 

(continued) 

511 



512 AIRCRAFT ENGINE DESIGN 

Bri t i sh  E n g i n e e r i n g  (BE)  uni t s  ( cont inued)  

Standard day Cold day Hot day Tropic day 
h 8 0 0 0 0 h 
(kft) (P/Pstd) (T/Tstd) (T/Tstd) (T/Tstd) (T/Tstd) (kft) 

33 0.2592 0.7735 0.7222 0.8405 0.8151 33 
34 0.2474 0.7666 0,7222 0.8331 0.8077 34 
35 0.2360 0.7598 0.7222 0.8257 0.8003 35 
36 0.2250 0.7529 0.7222 0.8183 0.7929 36 
37 0.2145 0.7519 0.7222 0.8109 0.7855 37 
38 0.2044 0.7519 0.7222 0.8035 0.7781 38 
39 0.1949 0.7519 0.7222 0.7961 0.7707 39 
40 0.1858 0.7519 0.7222 0.7939 0.7633 40 
42 0.1688 0.7519 0.7222 0.7956 0.7485 42 
44 0.1534 0.7519 0.7095 0.7973 0.7337 44 
46 0.1394 0.7519 0.6907 0.7989 0.7188 46 
48 0.1267 0.7519 0.6719 0,8006 0,7040 48 
50 0.1151 0.7519 0.6532 0.8023 0.6892 50 
52 0.1046 0.7519 0.6452 0.8040 0.6744 52 
54 0.09507 0.7519 0.6452 0.8057 0.6768 54 
56 0.08640 0.7519 0.6452 0.8074 0.6849 56 
58 0.07852 0.7519 0.6452 0.8091 0.6929 58 
60 0.07137 0.7519 0.6452 0.8108 0.7009 60 
62 0.06486 0.7519 0.6514 0.8125 0.7090 62 
64 0.05895 0.7519 0.6609 0.8142 0.7170 64 
66 0.05358 0.7521 0.6704 0.8159 0.7251 66 
68 0,04871 0.7542 0.6799 0.8166 0.7331 68 
70 0.04429 0.7563 0.6894 0.8196 0.7396 70 
72 0.04028 0,7584 0.6990 0.8226 0.7448 72 
74 0.03665 0.7605 0.7075 0.8255 0.7501 74 
76 0.03336 0.7626 0.7058 0.8285 0.7553 76 
78 0.03036 0.7647 0.7042 0.8315 0.7606 78 
80 0.02765 0.7668 0.7026 0.8344 0.7658 80 
82 0.02518 0.7689 0.7009 0.8374 0.7711 82 
84 0.02294 0.7710 0.6993 0.8403 0.7763 84 
86 0.02091 0.7731 0.6976 0.8433 0.7816 86 
88 0.01906 0.7752 0.6960 0.8463 0.7868 88 
90 0.01738 0.7772 0.6944 0.8492 0.7921 90 
92 0.01585 0.7793 0.6927 0.8522 0.7973 92 
94 0.01446 0.7814 0.6911 0.8552 0.8026 94 
96 0.01320 0.7835 0.6894 0.8581 0.8078 96 
98 0.01204 0.7856 0.6878 0.8611 0.8130 98 

100 0.01100 0.7877 0.6862 0.8640 0.8183 100 

Density: p = Pstd r~ = Ps td  ( 6 / 0 ) .  Speed of sound: a = astd~#O. 
Reference values: Pstd = 2116.2 l b f / f t 2 ;  Tst d = 518.69°R; Pstd = 0.07647 lbm/ft3; ast d = 1116 ft/s. 
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System International (SI) units 

Standard day Cold day Hot day Tropic day 
h ~ 0 0 0 0 h 
(km) ( P / Pstd) ( T / Tsul) ( T / Tstd) ( T / Tstd) ( T / Tstd) (km) 

0 1.0000 1.0000 0.7708 1.0849 1.0594 0 
0.25 0.9707 0.9944 0.7925 1.0788 1.0534 0.25 
0.50 0.9421 0.9887 0.8142 1.0727 1.0473 0.50 
0.75 0.9142 0.9831 0.8358 1.0666 1.0412 0.75 
1.00 0.8870 0.9774 0.8575 1.0606 1.0352 1.00 
1 .25  0.8604 0.9718 0.8575 1.0545 1.0291 1.25 
1.50 0.8345 0.9662 0.8575 1.0484 1.0230 1.50 
1 .75  0.8093 0.9605 0.8575 1.0423 1.0169 1.75 
2.00 0.7846 0.9549 0.8575 1.0363 1.0109 2.00 
2.25 0.7606 0.9493 0.8575 1.0302 1.0048 2.25 
2.50 0.7372 0.9436 0.8575 1.0241 0.9987 2.50 
2.75 0.7143 0.9380 0.8575 1.0180 0.9926 2.75 
3.00 0.6920 0.9324 0.8575 1.0120 0.9866 3.00 
3.25 0.6703 0.9267 0.8523 1.0059 0.9805 3.25 
3.50 0.6492 0.9211 0.8471 0.9998 0.9744 3.50 
3.75 0.6286 0.9155 0.8419 0.9938 0.9683 3.75 
4.00 0.6085 0.9098 0.8367 0.9877 0.9623 4.00 
4.25 0.5890 0.9042 0.8315 0.9816 0.9562 4.25 
4.50 0.5700 0.8986 0.8263 0.9755 0.9501 4.50 
4.75 0.5514 0.8929 0.8211 0.9695 0.9441 4.75 
5.00 0.5334 0.8873 0.8159 0.9634 0.9380 5.00 
5.25 0.5159 0.8817 0.8107 0.9573 0.9319 5.25 
5.50 0.4988 0.8760 0.8055 0.9512 0.9258 5.50 
5.75 0.4822 0.8704 0.8003 0.9452 0.9198 5.75 
6.00 0.4660 0.8648 0.7951 0.9391 0.9137 6.00 
6.25 0.4503 0.8592 0.7899 0.9330 0.9076 6.25 
6.50 0.4350 0.8535 0.7847 0.9269 0.9015 6.50 
6.75 0.4201 0.8479 0.7795 0.9209 0.8955 6.75 
7.00 0.4057 0.8423 0.7742 0.9148 0.8894 7.00 
7.25 0.3916 0.8366 0.7690 0.9087 0.8833 7.25 
7.50 0.3780 0.8310 0.7638 0.9027 0.8773 7.50 
7.75 0.3647 0.8254 0.7586 0.8966 0.8712 7.75 
8.00 0.3519 0.8198 0.7534 0.8905 0.8651 8.00 
8.25 0.3393 0.8141 0.7482 0.8844 0.8590 8.25 
8.50 0.3272 0.8085 0.7430 0.8784 0.8530 8.50 
8.75 0.3154 0.8029 0.7378 0.8723 0.8469 8.75 
9.00 0.3040 0.7973 0.7326 0.8662 0.8408 9.00 
9.25 0.2929 0.7916 0.7274 0.8601 0.8347 9.25 
9.50 0.2821 0.7860 0.7222 0.8541 0.8287 9.50 
9.75 0.2717 0.7804 0.7222 0.8480 0.8226 9.75 

(continued) 
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System International (SI) units (continued) 

Standard day Cold day Hot day Tropic day 
h ~ 0 0 0 0 h 

(km) (P /Ps td)  ( T / T s t d )  (T /Ts td)  (T/Tstd) (T/Tstd) (km) 

10.00 0.2615 0.7748 0.7222 0.8419 0.8165 10.00 
10.25 0.2517 0.7692 0.7222 0.8358 0.8104 10.25 
10.50 0.2422 0.7635 0.7222 0.8298 0.8044 10.50 
10.75 0.2330 0.7579 0.7222 0.8237 0.7983 10.75 
11.00 0.2240 0.7523 0.7222 0.8176 0.7922 11.00 
11.25 0.2154 0.7519 0.7222 0.8116 0.7862 11.25 
11.50 0.2071 0.7519 0.7222 0.8055 0.7801 11.50 
11.75 0.1991 0.7519 0.7222 0.7994 0.7740 11.75 
12.00 0.1915 0.7519 0.7222 0.7933 0.7679 12.00 
12.25 0.1841 0.7519 0.7222 0.7940 0.7619 12.25 
12.50 0.1770 0.7519 0.7222 0.7947 0.7558 12.50 
12.75 0.1702 0.7519 0.7222 0.7954 0.7497 12.75 
13.00 0.1636 0.7519 0.7222 0.7961 0.7436 13.00 
13.25 0.1573 0.7519 0.7145 0.7968 0.7376 13.25 
13.50 0.1513 0.7519 0.7068 0.7975 0.7315 13.50 
13.75 0.1454 0.7519 0.6991 0.7982 0.7254 13.75 
14.00 0.1399 0.7519 0.6914 0.7989 0.7193 14.00 
14.25 0.1345 0.7519 0.6837 0.7996 0.7133 14.25 
14.50 0.1293 0.7519 0.6760 0.8003 0.7072 14.50 
14.75 0.1243 0.7519 0.6683 0.8010 0.7011 14.75 
15.00 0.1195 0.7519 0.6606 0.8017 0.6951 15.00 
15.25 0.1149 0.7519 0.6529 0.8024 0.6890 15.25 
15.50 0.1105 0.7519 0.6452 0.8031 0.6829 15.50 
15.75 0.1063 0.7519 0.6452 0.8037 0.6768 15.75 
16.0 0.1022 0.7519 0.6452 0.8044 0.6708 16.0 
1 6 . 5  0.09447 0.7519 0.6452 0.8058 0.6774 16.5 
17.0 0.08734 0.7519 0.6452 0.8072 0.6839 17.0 
1 7 . 5  0.08075 0.7519 0.6452 0.8086 0.6905 17.5 
18.0 0.07466 0.7519 0.6452 0.8100 0.6971 18.0 
1 8 . 5  0.06903 0.7519 0.6452 0.8114 0.7037 18.5 
19.0 0.06383 0.7519 0.6531 0.8128 0.7103 19.0 
1 9 . 5  0.05902 0.7519 0.6611 0.8142 0.7169 19.5 
20.0 0.05457 0.7519 0.6691 0.8155 0.7235 20.0 
20.5 0.05046 0.7534 0.6771 0.8169 0.7301 20.5 
21.0 0.04667 0.7551 0.6851 0.8180 0.7367 21.0 
21.5 0.04317 0.7568 0.6930 0.8204 0.7410 21.5 
22.0 0.03995 0.7585 0.7010 0.8228 0.7453 22.0 
23 0.03422 0.7620 0.7063 0.8277 0.7539 23 

(continued) 
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Standard day Cold day Hot day Tropic day 
h 6 0 0 0 0 h 

(km) ( P / Pstd) (T / Tsta) (T / Tstd) (T / Tstd) (T / Tstd) (km) 

24 0.02933 0.7654 0.7036 0.8326 0.7625 24 
25 0.02516 0.7689 0.7009 0.8374 0.7711 25 
26 0.02160 0.7723 0.6982 0.8423 0.7797 26 
27 0.01855 0.7758 0.6955 0.8471 0.7883 27 
28 0.01595 0.7792 0.6928 0.8520 0.7969 28 
29 0.01372 0.7826 0.6901 0.8568 0.8056 29 
30 0.01181 0.7861 0.6874 0.8617 0.8142 30 

Density: p = Pstd a = Pstd (3/0). Speed of sound: a = astd ~'0. 
Reference values:Pst d = 101,325 N/m2; Tst d = 288.15 K; Pstd = 1.225 kg/m3; ast d = 340.3 m/s. 

US Bureau of Standards, Standard Atmosphere 1976 
A computer model (e.g., ATMOS program) of the standard day atmosphere can be written 

from the following material extracted from Ref. 4 of Chapter 1. All of the following is 
limited to geometric altitudes below 86 km-- the  original tables go higher, up to 1000 km. 
In addition, the correction for variation in mean molecular weight with altitude is very small 
below 86 km, so is neglected. 

The geometric or actual altitude (h) is related to the geo-potential altitude (z), only used 
for internal calculations (a correction for variation of acceleration of gravity, used only for 
pressure and density calculations), by 

z = roh/(ro + h) 

where r0 = 6,356.577 km is the earth's radius. 
The variation of temperature (T) with geo-potential altitude is represented by a contin- 

uous, piecewise linear relation, 

T = Ti + Li (z  - zi), i = 0 t h r o u g h 7 ,  

with fit coefficients 

i zi (kin) Li  (K/km) 

0 0 -6 .5  
1 11 0.0 
2 20 +1.0 
3 32 +2.8 
4 47 0.0 
5 51 - 2 . 8  
6 71 - 2 . 0  
7 84.852 
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with To = 288.15 K given, the corresponding values of temperature ~ can be readily 
generated from the given piecewise linear curve-fit. Note that z7 corresponds exactly to 
h = 86km. 

The corresponding pressure (P), also a piecewise continuous function, is given by 

z,) 
P = P i  L i f O ,  or P = P i e x p  , L i = O  

where go = 9.80665 m/s 2, R* = 8,314.32 J/krnol-K, W0 = 28.9644 kg/kmol, and the 
pressure calculations start from P0 = 101,325.0 N/m 2. 

The density (p) is given simply by the ideal gas law, 

PWo 
p - -  

R*T 

Cold, Hot, and Tropic Day Temperature Profiles 
A computer model (e.g., ATMOS program) of the temperature profiles for Cold, Hot, 

and Tropic days can be written from the following material extracted from linear curve-fits 
of the data in Ref. 5 and 6 of Chapter 1. The following is limited to pressure altitudes 
below 30.5 km. The variation of temperature (T) with pressure altitude is represented by a 
continuous, piecewise linear relation, 

T = Ti + Li(h - hi), i = 0 through 7, 

with fit coefficients 

Cold day Hot day Tropic day 
i hi (kin) Li (K/km) hi (kin) Li (K]km) hi (kin) Li (K]km) 

0 0 +25 
1 1 0 
2 3 -6 .0  
3 9.5 0 
4 13 -8.88 
5 15.5 0 
6 18.5 +4.6 
7 22.5 -0.775 

0 -7 .0  0 -7.0 
12 +0.8 16 +3.8 
20.5 +1.4 21 +2.48 

With To given below for the respective temperature profile, the corresponding values of 
temperature T/can be readily generated from the given piecewise linear curve-fit. 

Sea level base temperature 

Day Cold Hot Tropic 

To (K) 222.10 312.60 305.27 
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30  

25 

20  

h (kin) 
15 

10 

5 

)~ / ' t r o p i c  

cold . ~ ~ i c  

0 .6  0 .7  0 .8  0 .9  1.0 1.1 

0 (T/Tst d) 

Fig. B.1 
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Four atmospheric temperature profiles vs pressure altitude (h). 

The pressure at the pressure altitude comes directly from the standard atmosphere cal- 
culation for the geometric or actual altitude (h) equal to that pressure altitude. Figure B.1 
shows the three non-standard day temperature profiles versus pressure altitude along with 
that of a standard day. 
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Appendix D 
Engine Performance: 

Theta Break and Throttle Ratio 

Aircraft engine designers have recently begun to capitalize on a fundamental 
cycle design choice most frequently referred to as either the theta break or throttle 
ratio in order to precisely tailor their machines for the expected range of flight 
conditions. In the development that follows, you will see that the theta break and 
throttle ratio are properties of the engine control system, so that this exploration 
takes us beyond the traditional boundaries of aerothermodynamics. This excursion 
has the added advantage of demonstrating how aircraft engines behave away from 
their reference or design conditions. 

Although this development is based largely on a simplified model of the basic 
aircraft engine, namely, the single-shaft, uncooled turbojet, experience shows that 
the results apply equally well to all families of turbine engines. A special benefit 
of this development is the derivation of straightforward, transparent, algebraic 
equations that allow the basic workings of turbine engines to be understood 
and regulated. This presentation is based on material and nomenclature found in 
Chapters 4 and 5 of this textbook and draws heavily upon the foundational material 
found in Refs. 1 and 2. 

Dimensionless Freestream Total Temperature 
Because the freestream total temperature Tt0 will be seen to exert a strong 

influence on the internal and overall behavior of the turbojet engine, it is useful to 
define a practical, dimensionless form. The dimensionless ratio of the freestream 
total temperature to the sea level static temperature of the standard atmosphere is 
called theta 0 and given the symbol 00. It is equal to the corrected freestream total 
temperature [cf. Eq. (5.22)] and is written as [cf. Eq. (1.1)or (4.5a-CPG)] 

Tto T 0 ( l +  Yc - 1M°2)2  
0 0 ~ "  - -  = 0"C r (D.1) 

Tsta Tstd 

Figure D. 1 displays contours of constant 0o for the standard atmosphere of Ref. 3 
and a wide range of flight conditions. The most important message of Fig. D. 1 is 
that 00 can be used as a surrogate to condense various combinations of altitude and 
Mach number into a single parameter. That is, every point in the flight envelope 
possesses a specific value of 00, although the converse is not true. We will therefore 
refer hereinafter only to 0o rather than the associated flight conditions. 

To increase your fluency with theta 0, it may be helpful to consider that for the 
standard atmosphere 1) 00 = 1 at sea level static conditions; 2) 00 can be greater 
or less than 1; 3) 00 depends only on Mach number above 37 kft, the start of the 

523 
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Alt 
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Fig. D.1 Theta 0 as a function of flight altitude and Mach number  for the standard 
atmosphere of Ref. 3 with -y = 1.4. 

constant static temperature tropopause; and 4) the entire range of  00 for modem 
aircraft operations is only about 0.8 < 00 < 1.4. Particular attention should be 
paid to the fact that the definition of theta 0 applies equally well to nonstandard 
atmospheres (e.g., Refs. 4 and 5), even though the standard atmosphere is generally 
found in textbooks because it is convenient, familiar, and relevant. 

Single-Shaft Uncooled Turbojet Compressor Behavior 
The behavior of  a given single-shaft, uncooled turbojet compressor, some- 

times referred to as its off-design behavior, can be evaluated as follows. To begin, 
Eq. (4.21 a) for the power balance between the compressor and turbine is simplified 
and solved for the compressor total temperature ratio to yield 

1 cptTt4 (D.2) 
"r c -- 1 = r/m(l -- fl)(l + f ) (1  -- rt)Tstd CpcO0 

Equation (D.2) reveals that compressor total temperature ratio depends only 
upon turbine total temperature ratio rt, throttle setting Tt4, and flight conditions 00. 
The other quantities in Eq. (D.2) are constant. The turbine total temperature ratio 
is now examined more closely. 
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Employing the logic and assumptions of Sec. 5.2.4, except that the choking 
downstream of the single shaft turbine occurs in the fixed area exhaust nozzle 
throat rather than the entry of the low-pressure turbine, the same two conclusions 
are reached, namely, the turbine total temperature ratio rt and turbine total pressure 
ratio zrt are constant. This result is valid for all important throttle settings, although 
it may fail when choking no longer occurs at very low throttle settings. 

Consequently, Eq. (D.2) now reveals that re varies only with the ratio of Tta to 
00. Moreover, the compressor total pressure ratio zr~, derived from the efficiency 
relationships of Eq. (4.9c-CPG), also varies only with the same ratio, to wit 

yc I I ~ Tt4 ~ ~ 
r~ = [1 + r/c(v~ - 1)1 ~T-~ = ~ 1 + C'l-z--I (D.3) 

U o /  

where 

1 Cpt (D.4) 
C1 = OcOm(1 - f l ) ( 1  + f)(1 - rt) Tstd Cp c 

It is imperative that the reader pauses to absorb the significance of these 
results. First, the compressor responds primarily to the throttle setting and the 
flight condition. The causal chain of events is evidently remarkably short. Second, 
r~ and Zrc increase as the ratio Tt4/O0 increases. For example, Zrc will increase when 
flight Mach number and Tt4 are fixed and the aircraft climbs to higher altitudes, 
and decrease when flight altitude and Tt4 are fixed and the aircraft is accelerated 
to higher Math numbers. 

Turbomachinery Limits: The Role of the Control System 
Control systems must be designed to prevent aircraft engines from destroying 

themselves (see Appendix O). Two of the most stringent turbomachinery limita- 
tions are the maximum allowable values ofrrc and Tt4. The control system situation 
can be easily grasped with the aid of Fig. D.2, which graphically depicts Eq. (D.3) 
for a typical, example compressor. 

Figure D.2 makes several things clear. First, if00 is decreased from a large initial 
value while Tt4 is fixed at Tt4max, then 7rcmax is reached when 00 = 1.1. As 00 is 
further decreased, Tt4 must then be reduced in order to protect the compressor from 
stalling. In fact, according to Eq. (D.3), the ratio of Tt4/Oo must remain constant 
at 3300/1.1 = 3000 in order to maintain zr¢ constant at ~cmax. Second, if 00 is 
increased from a small initial value while holding Tt4/Oo constant at 3000, then 
Zrc will remain fixed at Zrcmax as Tt4 increases until, of course, Ztnma x is reached 
at 00 = 1.1. As 0o further increases, Zrcmax cannot any longer be maintained, and 
rrc gradually decreases. Third, and of paramount importance, is the fact that Jrc 
and Tt4 simultaneously reach their upper limits only at 00 = 1.1. Finally, Fig. D.2 
shows how 00 and Tt4 may be chosen to reach lower values of rrc. 

The Theta Break 
The unique point, so visually striking in Fig. D.2, at which the control logic 

must switch from limiting Zrc to limiting Tt4, is known as the theta break, or 00 brea~. 
Returning briefly to Fig. D. 1, you will find it very convenient to visualize that at any 
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0o 

Fig. D.2 Compressor  pressure ratio as a function 00 of  and Tt4 for a compressor with 
a reference point of  7% = 7% max = 20, Tt4 = T t 4  m a x  ~" 3300 o R (1833 K), and 00 = 1.1 [i.e., 
C1 = 0.0004512 1/°R (0.0008122 l / K )  in Eq. (D.3)]. 

point in the flight envelope to the left of the theta break :rc = ~rc max and Zt4 < Tt4 max,  

while at any point to the right of the theta break ~rc < ~r~ max and Tt4 = Tt4 max.  The 
relationship of the instantaneous value of 00 to 00 break has important consequences 
to engine cycle performance. On the one hand, when 00 < Oobreak and Tt4 < Ttamax, 
the specific thrust of the engine is less than its inherent material capabilities would 
make possible. On the other hand, when 0o > OObreak and nc < ~cmax, the specific 
fuel consumption is more than its inherent thermal efficiency would make possible. 

The designer would therefore strongly prefer to have the engine always operate 
at or very near 00 = Oobreak, but this is impossible because every aircraft has a 
flight envelope with a range of 00 (see Fig. D. 1). The best available compromise 
is to chose a OObreak that provides the best balance of engine performance over the 
expected range of flight conditions. 

It is interesting to note that because early commercial and military aircraft 
primarily flew at or near 00 = 1 they were successfully designed with OObreak = 1. 
Consequently, several generations of propulsion engineers took it for granted that 
aircraft engines always operated at Jr~ max and Tt4 max under standard sea level static 
conditions. However, the special requirements of more recent aircraft such as the 
AAF of this textbook (00 = 1.151 at supercruise) have forced designers to select 
theta breaks different from one. These engines may operate either at Jr~max or 
Tt4max at standard sea level static conditions, but never both. 
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The Throttle Ratio 
We now determine how the designer can set the theta break for the engine. 

Assuming for the moment that OObreak > 1, which is the usual case, and returning 
to our earlier conclusion regarding the constancy of the ratio Tt4/Oo, it follows 
immediately that, for the standard atmosphere 

Ttamax Tt4 
- -  - -  - -  Tt4SLS (D.5) 
OObreak O0 

because OOSLS = 1, and that the throttle ratio, or TR, is therefore given by 

Tt4 max 
TR -- - -  -- OObreak (D.6) 

Tt4 SLS 

The result is surprisingly simple. The engine must merely be designed to have 
the Tt4s~ given by Eq. (D.5) at standard sea level static conditions and must have 
a control system that limits zrc to 7rc max and Zt4 t o  Ttnma x. Everything else follows 
directly. The terms throttle ratio and theta break are used interchangeably in the 
propulsion industry. This should present no problems because, as Eq. (D.6) shows, 
they are identical. 

It is interesting and useful to determine the sea level flight Mach number at which 
the theta break is reached. Returning to Eq. (D.1) and recognizing that 0 = 1 at 
standard sea level conditions, it follows immediately that 

/ 2 
MObreak ]------"~(OObreak- 1) (D.7) 

= V Y c -  1 

Equation (D.7) offers the option of selecting a design or reference point at 
M0break and standard sea level static conditions with zr~ = ~cmax and rt4 = r t4raax.  

For example, if it is desired to have 00break ~- 1.1, then Eq. (D.7) shows that 
MObreak = 0.707. 

It is satisfying to find that the results of AEDsys performance calculations always 
precisely and simultaneously obey both Eqs. (D.6) and (D.7). 

In the rare case that 00 < 1, a different concept is needed because Tt4 sLs = Tt4 max 

and ~ < rrcmax. One approach would be to use Eq. (D.3) to determine the value 
of ~ that exists at standard sea level static conditions. Figure D.1 shows that there 
is no relevant MObre~k for this case. Another approach would be to specify the 
standard day altitude (h) for M0 = 0, as obtained from Eq. (D.1), as the altitude at 
which 

0 =OObreak (D.8) 

We could, of course, refer to this as the hbreak. 

The Compressor or Engine Operating Line 
Another pleasant discovery is that it is now possible to define and construct the 

required compressor or engine operating line with little further ado (cf. Secs. 5.3.2 
and 7.4.3). It is often surprising, but nevertheless true, that this critical component 
characteristic can be determined from first principles. Applying conservation of 
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mass to the compressor and turbine, and using the mass flow parameter of Sec. 1.9.3 
and the corrected flow quantity definitions of Sec. 5.3.1, we find that 

7rc zrbPstdA4MFP(M4) O0 = C 2 Y (  c (D.9) 
rhc2 = (1 - /5)(1 + f )  

where M4 and MFP(M4) are constant because the turbine entry is presumed to be 
choked, and 

~b PstdA4MFP(M4) 
C2 = (D. 10) 

(1 - fl)(1 + f )  

Figure D.3 corresponds to the example compressor of Fig. D.2 with a corrected 
mass flow rate of 100 lbm/s at the theta break. The straight lines portray Eq. (D.9) 
for several constant values of the ratio Tt4/Oo. It should be noted that, because :re 
cannot be less than one (and M4 drops as the turbine entry unchokes at very low 
power), the straight lines do not continue to the origin. 

25 

20 

15 

ffc 
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' ' ' I ' ' ' I ' ' ' I '  ' I '  ' 

Operating Line 
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T,4 / 0o 

3000 °R 

2500 °R 

2000 °R 

1500 °R 

0 20 40 60 80 100 120 

mc2 (Ibm/s) 

Fig. D.3 The required operating line for a compressor with a reference point of 
71" c = 71"cmax = 20 ,  r t4  -- Tt4ma x = 3300°R (1833 K), OObreak -- 1.1, and the2 = 100 lbm/s 
(45.36 kg/s) [i.e., Ct = 0.0004512 1/°R (0.0008122 l/K) and C2 = 273.9 Ibm x/T--R/s 
(92.60 kg v/-K/s) in Eq. (D.11)]. 
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Equation (D.9) may now be combined with Eq. (D.3) to yield the required 
compressor operating line, which also appears on Fig. D.3: 

rhc2 = Cazrc (D.11) 
zr (J c- l~-/-r" - 1 

Because the operating line connects the dots on a series of rays radiating from 
the origin, it always has the characteristic shape found in Fig. D.3, which is quite 
similar to that of Figs. 5.5 and 7.El 1. 

The nature of the predicted and observed compressor operating line is obvi- 
ously dictated by the choking of the fixed A4 turbine inlet guide vane. We are 
therefore frequently asked at this point whether superior turbine engines could be 
designed if the choking assumption were revised. Indeed, a great deal of attention 
(Refs. 1 and 6) has been given to experimental turbines having a variable A4 for cy- 
cle purposes. This work is stimulating and worth investigating. However, because 
the vast preponderance of aircraft engines are deliberately designed to operate with 
choked, fixed A4 turbine guide vanes, it is the appropriate model for this textbook. 

Uncooled Nonafterburning Single-Shaft Turbojet Performance: 
O0 < O0 break 

This line of attack is now carried to a higher level, namely, the evaluation of the 
overall performance of the entire engine. You will see that this has many benefits, 
including added insight into the behavior of engines and strong analytical support 
for the performance correlations of Secs. 2.3.2 and 3.3.2. The inspiration for this 
work is Sec. 7.3 of Ref. 1, and several intermediate steps are given next to guide 
the reader. Once again, even though the analysis strictly pertains only to a narrow 
class of engines, experience shows that it is broadly applicable. To the best of our 
knowledge, this is the first time that the complete algebraic analysis of overall 
engine performance with control limits imposed has been presented. 

In this first case, the engine is operating at maximum thrust with 00 < OObreak, 
so that Tt4/00, rc, rCc, rt, and zrt are constant. Six quite reasonable assumptions 
are made that retain the underlying physics and provide adequate accuracy while 
greatly simplifying the analysis. They are that f and/3 are negligible compared 
with one, that Zrd is constant, that t/m = 1, that the engine is always perfectly 
expanded (i.e., P9 = P0), and that in Eq. (4.18) cptTt4 is negligible compared with 
hp R (i.e., the energy density of the fuel greatly exceeds that of the combustion 
gases). 

Following Ref. 1 closely, the uninstalled specific thrust of the engine is given 
by the expression 

F - - a ° (  Mo V9 ) 
tho gc Voo - Mo (D.12) 

where 

MOVoo = 1 -   r rd c rb , r. 
(D.13) 
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so that 

where 

and 

F astd 

m o ~  gc 
- - f l { M o }  (D.14) 

fl{M0} = C3"gr - -  l y g d T r c T - - Y C t 7 ~  n 
(D.15) 

2rt 1 Cpt Tt4 
C3 -- - -  (D. 16) 

yc - 1 Ts,d Cpc Oo 

where it is important to note that, for the case at hand, fl  is a function only of the 
instantaneous flight Mach number M0 through M0, Zrr, and rr. 

The amazing result of Eqs. (D. 14-D. 16) is that the uninstalled specific thrust be- 
havior of  this engine collapses into a single line, as shown in Fig. D.4 for the typical 
reference point turbojet engine that will be used as the example for the remain- 
der of this exposition. Example turbojet engine reference point data are as follows: 
T t 4 / 0 0  = 3000;ÙObreak = 1.1;hpR = t8,000 Btu/lbm; zrc = 20; r~ = 2.592; Oc = 
0.85; r, = 0.7626; ~t = 0.2957; rh = 0.91; zra = 0.98; Yc = 1.40; c m = 0.238 

F 

mo40 

lbf / 
~lbm/s) 
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110 

105 

100 

95 

90 
0.0 1.0 1.5 2.0 
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120 

asld 
S l o p e  = - - -  

I I i I I I 

0.5 

Fig. D.4 F/(mox/-O) vs M0 according to Eqs. (D.14-D.16) for the example reference 
point uncooled, single-shaft turbojet engine (C3 = 25.57, ¢cacrcccbcrtcr, = 5.451, and 
3't = 1.33). 
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Btu/lbm-°R; Jro = 0.95; Yt = 1.33; cpt = 0.276 Btu/lbm-°R; zrn = 0.99; ~/b = 
0 . 9 5 ;  /']m = 1;]~ = 0 ;  1 .ql- f ~ 1. Figure D.4 clearly displays the thrust minimum 
or "bucket" normally experienced by turbojet engines as they accelerate but not 
usually captured by simple models. At first, F/(rhov/O) decreases, reflecting the 
penalty of the captured freestream momentum, but it then increases as rcr, Tt4, and 
cycle thermal efficiency increase. At very small Mach numbers, where 7/" r and rr 
are essentially constant, Eq. (D.14) can be differentiated to reveal that the slope 
is --astd/gc[34.7 lbf/(lmb/s)], as noted in Fig. D.4. 

It should also be noted for later use that, using the definition of corrected com- 
pressor mass flow rhc2 [cf. Eq. (5.23)], Eq. (D. 14) becomes 

astdS2lhc2 
F -- - -  f~{M0} (D.17) 

g~ 

Continuing to follow Ref. 1, the uninstalled specific fuel consumption of the 
engine is given by the expression 

S -  l~lf _ f _ gc cpcro ~ . -  ~r'Cc (D.18) 
F F/rho astd rlbhpR ~v"-Ofi {M0} 

which reduces to 

where 

S "gr 
= C 4 - -  (D.19) 

fl{Mo} 

gcastd (Cpt 1 Tt4 ) 
- - -  rc (D.20) 

C4 - -  i lbhpR(y  c __ 1) \Cpc  Tstd O0 

The right-hand side of Eq. (D. 19) is again independent of theta and collapses the 
uninstalled specific fuel consumption behavior of this engine into a single, almost 
straight line, as shown for the example reference point engine in Fig. D.5. The 
approximate linear curve fit shown in Fig. D.5 for the results given by Eq. (D. 19) 
is 

S 
-- 1.08 + 0.26M0 (D.21) 

which compares very favorably with the installed specific fuel consumption cor- 
relation for the entire class of turbojet engines presented in Sec. 3.3.2. 

Hot Day Flat Rating 
An important footnote to these proceedings is to clarify a term often found in the 

propulsion literature, namely "hot day flat rating." It is imperative that commercial 
and military aircraft engines retain their standard day static thrust on "hot days," 
which generally means up to temperatures in the range of 90-110 °F (32-43 °C), 
as dictated by the specific application. Otherwise, some undesirable compromise to 
aircraft performance is required, such as leaving payload, fuel, and/or passengers 
behind. This is clearly a case of a nonstandard atmosphere. 
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Fig. D.5 S/x/-O vs M0 according to Eqs. (D.19) and (D.21) for the example reference 
point uncooled, single-shaft turbojet engine [C4 = 3.012 lbm/Ibf-h (85.31 mg/N-s)]. 

Since Eq. (D.11) shows that the corrected mass flow is constant when 00 is 
less than or equal to OObre~k, then Eq. (D.17) reveals that the static thrust is also 
constant there. Consequently, setting OObreak [cf .  Eq. (D.6)] at or above the ratio 
of  the absolute hot day flat rating temperature to Tstd guarantees that the con- 
stant static thrust requirement will be met. This is in every way equivalent to 
picking a theta break or throttle ratio for the engine that is greater than one, and 
leads to the conclusion that Tt4 is actually somewhat less than Tt m a x  for most en- 
gines at standard sea level static conditions. For example, if Tt4ma x first occurs at 
1.1 Tstd = 1.1(518.7)°R = 570.6 °R (111.9 °F = 299.2 K = 44.4 °C), then the 
O0 break = 1. l at M0 = 0. 

Uncooled Nonafterburning Single-Shaft Turbojet Performance: 
O0 > O0 break 

An entirely analogous and parallel development, with equally appealing results, 
is now carried out for the second case of  maximum thrust with 0o > OObreak. The 
corresponding situation is that Tt4 = Ttamax, Tt, and nt are fixed and the same six 
assumptions are made. 

Equations (D. 12) and (D. 13) become 

F astd 
-- - - f 2 { M o ,  0} (D.22) 

rho~v/O gc 
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where 

/I ,E 1 } 1 \ v, yc-~ 
fz{Mo, 0} = --g- 1 . . . .  Mo 

7Cd 712b 2"t't 712n f Tr "Jr- C 6 / 0  .] 

(D.23) 

and 

and 

and 

T; - -  CptTt4max (D.24) 
C pc Tstd 

2vt z'~ 
C5 - -  (D.25) 

y c - 1  

C6 ~--- ~/c(1 - vt)vff (D.26) 

The results of Eqs. (D.22-D.26) are shown in Fig. D.6 for the example reference 
point engine. F/(gno~f-O) decreases continuously with increasing Mo because ~c 
is decreasing while Tt4 = r t4max remains constant. When M0 is small, the slope 
is -a,td/g~, for the same reason as in the preceding case, as noted in Fig. D.6. 

160 ' ' ' ' I ' ' ' ' I ' ' ' ' I ' ' ' ' 

F 140 

too4-0 
120 

~lbm/s) 
IO0 

6 0  , , ~ , I L , , ~ l , , , , I , , , 

0.0 0.5 1.0 1.5 2.0 

Mo 

Fig. D.6 F/ffhox/O) vs M0 and O according to Eqs. (D.22-D.26) for the exam- 
ple reference point uncooled, single-shaft turbojet engine (Cs = 28.15, C6 = 1.489, 
7rd 7rb ~rt ~r, = 0.2725, and ~'t = 1.33). 
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Continuing, the uninstalled specific fuel consumption of the engine is given by 
the expression 

S - -  # I f  __ f __ c p c T  0 (v>, - -  "gt Z'c) ( D . 2 7 )  

F F/mo tib her F/rho 
which reduces to 

where 

= F / ( rhoVr#)  (D.28) 

cpc T~ 
C 7 - -  (D.29) rib hpR 

The results of Eqs. (D.28) and (D.29) are shown in Fig. D.7 for the example 
reference point engine. Because of compensating changes in the numerator and 
denominator, the right-hand side of Eq. (D.28) is weakly dependent on 0 for the 
entire range of standard day values of 0. The linear curve fit of Eq. (D.21) again 
shows excellent agreement with the simple model, further supporting the turbojet 
correlation of Sec. 3.3.2. 
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Fig. D.7 S/x/O vs Mo and 0 according to Eqs. (D.28), (D.29), and (D.21) for the 
example reference point uncooled, single-shaft turbojet engine (C7 = 0.006998 and 
~-~ = 7.378). 
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Fig. D.8 Comparison of F/(thox/~) vs M0 and 0 for the simple models versus 
AEDSys MSH performance computations for the example reference point turbojet 
engine with OObreak = 1.1. 

Figure D.8 compares the results of the simple model calculations of F/(rho~v/O) 
with those of the AEDsys modified specific heat (MSH) performance model com- 
putations for the same example reference point turbojet engine. They are very 
similar because the two methods solve essentially the same equations. The ma- 
jority of the approximately 5% difference is due to the fact that AEDsys accounts 
for the added mass flow of fuel that is neglected by the simple models. Similar 
agreement is obtained for the quantity Sfiv/-O. Based on these results, one may 
comfortably conclude that the simple models provide a reasonable representation 
of reality. 

Above and Beyond 

It should be obvious that the groundwork just developed can be extended to 
investigate a wide variety of variations on the turbojet theme. On the one hand, 
more complex cycles, including bypass or afterburning, can be analyzed using this 
approach. We encourage you to explore them on your own. You will find these 
journeys stimulating and rewarding. 

On the other hand, important questions about individual component operation 
can be answered as they arise. For example, the definitions of cycle parameters 
and Eq. (D.2) can be used to reveal the behavior of the compressor discharge 
total temperature Tt3 as a function of flight condition for the turbojet cycle of 
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this appendix. This quantity is extremely important from the design standpoint 
because it controls the cycle thermal efficiency (see Appendix E) and is limited by 
available material capabilities (see Sec. 8.2.3). After some exhilarating algebraic 
manipulations, it can be shown that 

Tt3/Tstd=03 u~-00Tcmax for00 _< 00bre,k (D.30) 

and 

Tt3/Tstd = 03 = O0 ~-OObreak(Tc max -- l) for 00 > 00break (D.31) 

These remarkably simple expressions reveal that Tt3 is always directly proportional 
to 0o, although the slope is less after the theta break than before. The consequences 
of this situation are swift and clear. For fighter aircraft that have a large flight 
envelope and spend a small fraction of their flight time at their maximum 00, the 
compressor discharge temperature is usually less than the maximum allowable 
value. For supersonic transport aircraft that cruise at their maximum 00, the com- 
pressor discharge temperature is usually at the maximum allowable value. Thus, 
the Tt3 material selection problem can be much more difficult for the transport 
aircraft than for the fighter aircraft. 

But the fun is not over yet. Equations (D.30) and (D.31) allow the possibility 
that T,3 m a x  will be reached before the design O0break, and the throttle will have to 
be retarded. For a typical value of Tt3 max/T~ta of 3.5 and the rcmax = 2.592 and 
OObreak -~ -  l. 1 of the example turbojet, Eq. (D.31) shows that 00 must exceed 1.75 
(i.e., M0 > 1.94 at 0 = 1) before the compressor discharge materials limitation is 
reached. Although there is no conflict for this example case, we have discovered 
another boundary that could be placed on Fig. D.1 that must be examined for 
every new engine. And once this boundary is reached, another break in all of 
the performance parameters will occur. Can you use Eq. (D.31) to determine the 
general behavior of r~ and Tt4 once Tt3 m a x  is reached? 

You will find it worthwhile to repeat this investigation for the compressor dis- 
charge pressure, which is also limited by available materials. 

And so it goes. We hope that these and the other examples found in this textbook 
encourage you to use this framework as thefirst resort when trying to understand 
the fundamentals of jet engine operation. 
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Appendix E 
Aircraft Engine Efficiency and Thrust Measures 

The goal of this appendix is to provide a deeper appreciation and understanding 
of the efficiency and thrust measures that you will encounter in this textbook and in 
practice. The title immediately reveals that there is no single, universal measure of 
engine efficiency or thrust that serves all purposes. Engineers and designers have 
found it necessary instead to define and use many different efficiency and thrust 
measures. Three efficiency measures and four of the most frequently cited thrust 
measures will be developed here in detail. All flows are assumed to be steady in 
the cyclic time average, propulsion sense. 

Please note that the definition of each is plain and unambiguous and that, al- 
though this material is based on a single exhaust flow engine configuration, it can 
easily be extended to multiple exhaust flow situations. The material that follows has 
benefited greatly from Refs. 1 and 2 and repeatedly employs the impulse function 
as described in Sec. 1.9.5. 

Overall Efficiency 
The function of the airbreathing engine, viewed as a thermodynamic cycle, 

is to convert the chemical energy stored in the fuel into mechanical energy for 
the aerospace system. This leads to a performance measure called overall effi- 
ciency that, although always introduced but seldom intensely pursued in the litera- 
ture, is particularly revealing and is presented in all AEDsys engine computations 
(see Secs. 4.2.7 and 4.2.8). The rate at which the engine makes mechanical energy 
available to the aerospace system is known as the thrust power and is given by the 
expression 

Thrust power = FVo (E.1) 

where it has been assumed that the thrust is parallel to the direction of flight. 
Placing an unambiguous value on the rate at which the chemical reactions make 

energy available to the engine cycle requires some thought. The standard practice 
in the propulsion and power industry is to represent the actual combustion process 
by a fictitious one in which the pressure is constant and there are no heat or work 
interactions, namely the heat of reaction or heating value of the fuel heR, as defined 
in Chapter 9. The rate at which the chemical reactions make energy available to 
the engine cycle for the overall fuel flow rate of/nj; is therefore 

Chemical energy rate = rn f~, h PR (E.2) 

537 
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An alternative approach would be to add the kinetic energy of the fuel being 
consumed (i.e., Vo2/2) to the heat of reaction in order to account for the energy 
required to make the fuel available to the engine. We have not used this method 
for several reasons. First, on philosophical grounds, one has no choice but to 
carry the fuel aloft, and the thermodynamic cycle has no way to capitalize on 
this kinetic energy because it vanishes in the aircraft/engine frame of reference. 
Second, because the kinetic energy is less than about 1% of the heat of reaction 
over the normal operating envelope of turbine engines, it would have a negligible 
effect on the numerical results. 

Based on the foregoing, the overall efficiency 0o of the airbreathing engine 
cycle is defined as 

Thrust power F V0 
= = -- (E.3) Overall Efficiency ~7o Chemical energy rate t:nfoheR 

It should be emphasized that the overall efficiency is a direct indicator of how 
well the engine uses the energy originally deposited in the fuel tanks or, conversely, 
how much fuel must be put onboard in order to provide the propulsive energy 
needed for a given mission. Moreover, common-sense application of the second law 
of thermodynamics leads to the conclusion that overall efficiency cannot exceed 1; 
otherwise the chemical energy of the fuel could be restored and the surplus of 
mechanical energy used to create perpetual motion. 

Thermal Efficiency and Propulsive Efficiency 
It can be very enlightening to further break down the airbreathing engine overall 

efficiency into its "grass roots" constituents as follows: 

Engine mechanical power Thrust power 
r/o = 

Chemical energy rate Engine mechanical power 

Thermal efficiency r/T/4 Propulsive efficiency 0P 

This word equation reveals that our purpose is to follow the energy along its 
"food chain" from chemical (in the fuel tank) to mechanical (generated by the 
engine) to the aerospace system (thrust power). Provided that the exhaust flow is 
perfectly expanded to atmospheric pressure and no bleed air or shaft takeoff power, 
the mechanical power generated by the engine manifests itself only as a change in 
kinetic energy of the flow, so that 

1 
Engine mechanical power = (rno + r h L ) - ~  - rho-2~ - 

gc 

and, therefore, that 

r'n° {(l + fo)V92 FoX} 
=g-7 

gc 2 2 F Vo 
0° = r/TH0/' = fohpR __ m0 {(1 + f ° ) ~  2 gc V2} 2 (E.4) 

where fo = ITt fo/rrta was mcorporated. 
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Thermodynamic analysis of engine cycles teaches us that thermal efficiency 
primarily increases with Tt3/To = rrrc, and therefore with zrc, although Orn can- 
not exceed (Ref. 1). This is the driving force behind high-pressure ratio aircraft 
engine cycles. Furthermore, because the uninstalled thrust when the exhaust flow 
is perfectly matched to atmospheric pressure is merely the change in momentum 
flux from entry to exhaust, then 

1 
F = --{(rh0 -4- lhfo)V9 --/h0V0} = m°{(1 + fo)V9 -- V0} (E.5) 

gc gc 

so that the propulsive efficiency portion of Eq. (E.4) becomes 

/ }// (v9)  } 
O P = 2  ( l + f o ) ~ 0 0 - 1  ( l + f o )  ~00 - 1  (E.6) 

which shows that propulsive efficiency primarily increases as the ratio of the ex- 
haust velocity to the freestream velocity decreases. This is the driving force behind 
high bypass ratio aircraft engine cycles, which spread the available engine mechan- 
ical power across more air in order to reduce this velocity ratio. By noting that 
the fuel/air ratio is small compared 1 even for stoichiometric combustion (see Sec. 
9.1.2), a reasonable approximation and the most revealing formula for propulsive 
efficiency is obtained by using this fact to reduce Eq. (E.6) to 

2 
~p _ (E.7) 

V9 / Vo --[.-1 

This is the most transparent and frequently encountered form and, because ex- 
haust velocity must exceed inlet velocity in order to obtain positive thrust, this 
approximation for propulsive efficiency never exceeds 1. 

The exact value of propulsive efficiency given by Eq. (E.6) is always slightly 
larger than the approximate value given by Eq. (E.7) as a result of the presence of the 
very small additional fuel mass over which the energy is spread. Close examination 
of Eq. (E.6) will reveal, for example, that the exact propulsive efficiency will always 
be less than 1 even for arbitrarily large fuel air ratios provided that V9/Vo is greater 
than 2. You are encouraged to calculate both versions of propulsive efficiency and 
draw your own conclusions. 

Performance Measure Interrelationships 
The conventional definitions may be arranged to yield a complete set of exact 

interrelationships between the airbreathing engine performance measures. The 
results of these manipulations are presented in Table E. 1. 

One important and immediate conclusion that can be drawn from these interre- 
lationships is that, for a fixed value of r/o, S is directly proportional to V0 while 
F/fno is inversely proportional to V0. Knowledge of these trends is often a shortcut 
to useful conclusions. 

Airbreathing Engine Performance Measure Example 
It is generally true that specifying the flight speed, the fuel heating value, and 

any two performance measures allows all of the others to be calculated. The ex- 
ample that follows will demonstrate a typical case of this assertion, as well as 
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Table E.1 Interrelationships between the three primary airbreathing engine 
performance measures. (For example, in order to express the specific thrust 

F/rho in terms of the specific fuel consumption S and the overall fuel/air ratio 
fo, read across the F/~no row to the S column to find that F/mo = fo/S.) 

Measure F l rno S rio 

F F fo fohpR 
mo rno S Vo Oo 

S =  fo S Vo 
Fl~no  hpRriO 
Vo F Vo 

rio = foheR #lo hpRS riO 

providing a method for estimating the levels and trends of typical turbojet engine 
performance. 

A turbojet is being flown at a velocity of 1000 ft/s and is burning a hydrocarbon 
fuel with a heating value of 19,000 Btu/Ibm. The uninstalled specific thrust F/rh0 
is 75 lbf-s/lbm and the specific fuel consumption S is 1.0 lbm/(lbf-h). We wish to 
determine the remaining engine performance measures. 

F 75 x 1.0 
f o  = - -  • S - - -  - 0.0208 Ibm fuel/Ibm air from Table E.1 

rh0 3600 

V0 1000 x 3600 
Oo -- - -  -- = 0.243 from Table E.1 

h e R S  19,000 x 778.2 × 1.0 

Voo = \moVo + 1  

1 ( 7 5 × 3 2 . 1 7 4 )  
-- 1.0208 1000 + 1 = 3.34 fromEq. (E.5) 

I T-~ }/{ (V9~2 } 
= 2  ( l + f o )  v 0 - 1  ( l + f o ) \ v 0 0 , /  - 1  =0 .464  fromEq.(E.6) 0P 

2 
0P --~ V9 = 0.461 [0.65% lower than Eq. (E.6)] from Eq. (E.7) 

+ 1 
v0 
0o 

~Tr~/-- -- 0.524 from Eq. (E.4) 
r/p 

Internal Thrust 

The internal thrust Fi of an engine is defined as the net axial force exerted on 
all of the wetted surfaces inside the engine by the fluid within the engine flowpath 
control volume. It is the equal and opposite reaction force to the force exerted 



APPENDIX E: ENGINE EFFICIENCY AND THRUST MEASURES541 

on that fluid. The sign convention is that Fi is positive when it acts in the di- 
rection of flight (i.e., opposite to the direction of the freestream flow). Because 
the fuel and bleed airflows may be assumed to have negligible axial momen- 
tum when they cross their respective control volume boundaries, they contribute 
nothing to the internal thrust. The impulse function of Sec. 1.9.5 may there- 
fore be applied directly to show that the internal thrust is given by the simple 
expression 

Fi = 19 - 11 (E.8) 

The internal engine thrust Fi may be easily evaluated from quantities provided by 
ONX or AEDsys by means of Eq. (E.8). 

Uninstalled Thrust 

The uninstalled thrust F of an engine is an extremely useful engineering ide- 
alization that allows all parties concerned to communicate about this important 
property with clarity and precision. It is also the primary thrust measure used in 
this textbook. The uninstalled thrust F is defined as the net axial force that would 
be produced by an engine immersed in a perfect or inviscid external flow. It is 
equal and opposite to the force exerted on all of the fluid influenced by the engine 
and is positive when it acts in the direction of flight. The derivation of the relation- 
ships governing uninstalled thrust is greatly simplified by the careful selection of 
appropriate control volumes. 

The control volume for the external airflow is shown in Fig. E. 1. Please note 
that 1) the flow is treated as axisymmetric only in order to minimize the algebraic 
complexity and increase the transparency of the results; 2) the inner boundary of 
the control volume is the streamtube that divides external flow from internal engine 
flow (i.e., it consists of the streamtubes approaching and leaving the engine plus 
the outer surface of the engine); 3) the axial extent of the control volume is suffi- 
ciently large compared with the engine that the static pressure equals atmospheric 
pressure and the streamlines are parallel to the centerline over the entire upstream 
and downstream boundaries; 4) the upstream frontal area A c v  of the control vol- 
ume is sufficiently large compared with the engine that the static pressure equals 
atmospheric pressure over the entire outer boundary, and the outer boundary is a 
streamtube; 5) the A and dA of the inner boundary are measured perpendicular to 
the centerline (consistent with throughflow area terminology) and dA is taken as 
positive when the throughflow area of the internal boundary increases in the axial 
direction (see detailed sketch); and 6) the supporting pylon that holds the engine 
in place and transmits the uninstalled thrust F via stresses exacted on the control 
volume boundary to the vehicle exerts no axial force on the external flow. 

Because the external flow is inviscid or isentropic, traditional streamline argu- 
ments lead to the conclusion that the freestream velocity and density are constant 
along the upstream and downstream boundaries. Consequently, the external flow 
experiences no change of axial momentum and the net axial force exerted over 
the control volume boundary must be zero. Further, mass conservation leads to 
the conclusion that the upstream and downstream frontal areas are equal. Finally, 
because the inviscid external flow generates no frictional boundary forces, the 
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condition of perfect external flow requires that the axial pressure integral over the 
control volume boundary of Fig. E. 1 be zero, or 

P o A c v  + P o ( A ~  - Ao) - PoAcv  - P dA = 0 (E.9) 

or, since f o  dA = A ~  - A 0 ,  then 

f0 ~ ( P  - Po)dA = (E.10) 0 
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Fig. E.2 Control volume for evaluating uninstalled engine thrust. 

This interesting and universal result reveals that the axial area average of the 
pressure P over the internal boundary must be equal to P0 for perfect external 
flows. 

The control volume for evaluating the uninstalled thrust is shown in Fig. E.2. 
The same rules as those of Fig. E.1 and Sec. 1.9.5 apply, except that the divid- 
ing streamtube is the outer boundary for this case. Assuming that the fuel and 
bleed airflows contribute no axial momentum, the axial direction control volume 
momentum analysis yields 

5 F + P d A  = I ~  - Io (E.11) 

The nature of the free exhaust jet is such that the ambient static pressure is impressed 
essentially over its entire external surface. Thus, applying control volume analysis 
separately to the exhaust stream downstream of the exit plane, we find that 

I ~  = 19 + P o ( A ~  - A9) (E.12) 

Finally, Eqs. (E. 10-E. 12) and f o  dA = A ~ -  A0 are combined to yield the desired 
expression for the uninstalled thrust: 

1 
F = 19 - I0 - P0(a9 - a0) = --(rh9V9 - rn0V0) -I- A9(P9 - P0) (E.13) 

go 

Equation (E.13), which is identical to Eq. (4.1), allows the uninstalled thrust F 
to be easily evaluated from quantities provided by ONX or AEDsys. Because the 
uninstalled thrust depends only upon flow quantities governed by cycle parameters, 
it is an inherent property of the engine cycle, is independent of installation effects, 
and is used as the standard of engine performance. 

Installed Thrust 

Because the external flow is actually viscous and imperfect, there is a down- 
stream axial drag on the engine control volume equal and opposite to the upstream 
axial drag on the external flow control volume (see Figs. E.1 and E.2). Thus, 
the installed thrust T must be equal to the uninstalled thrust F minus this drag. 
The drag is due both to frictional stresses acting along the dividing streamtube 
(primarily the boundary layer on the outer surface of the engine) and to pressure or 
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form drag resulting from boundary layer separation (caused either by adverse pres- 
sure gradients or by shock-boundary layer interactions). Because the frictional drag 
is included in the vehicle account, engine designers are responsible only for the 
pressure drag. 

The pressure drag is variously referred to as the installation or integration "drag," 
"penalty," or "effect" in the literature. Because the pressure drag obviously depends 
on the entire shape of the dividing streamtube, it also depends on the flight condi- 
tions and the engine throttle setting (e.g., A0 and A9) and is therefore deservedly 
referred to also as the "throttle-dependent drag." Several specific examples of in- 
stallation drag are provided in Sec. 6.2. The following material provides a general 
introduction to the analysis of installation drag as well as the background necessary 
for the design work of this textbook. 

The conventional approach to accounting for the installation penalties is to 
separate the drags associated with the forward and rearward portions of the engine, 
commonly referred to as the inlet and nozzle drags, as in Secs. 6.1 and 6.2. Referring 
to Fig. E.1 and choosing an arbitrary but convenient midpoint m at which the 
external flow is reasonably parallel to the freestream flow and the static pressure 
most nearly equals P0, control volume analysis of the external flow shows that 
the momentum loss or drag is equal to the axial pressure integral over the control 
volume boundary, or 

L °° L 9 L m S; D = (P - Po)dA = (P - Po)dA = (P - Po)dA + (P - Po)dA 

= Dinlet -'}- Dnozzle >_ 0 (E.14) 

where the forward or inlet drag is defined as 

L ° Dirtier - -  ( P  - -  P0)dA > 0 (E.15) 

and the rearward or nozzle drag is defined as 

L 9 Dnozzte - -  ( P  - P0)dA > 0 (E.16) 

The drag on the forward portion (where dA is positive) arises because boundary 
layer separation causes the average value of P to exceed Po, while drag on the 
rearward portion (where dA is negative) arises because boundary layer separation 
causes the average value of P to be less than P0. 

Referring to Fig. E.2, the axial direction control volume analysis for the real 
flow [identical to the derivation of Eq. (E.11) for perfect flow] combined with 
Eqs. (E.12-E.14) and f o  dA = A~ - A0 yields the desired expression for the 
installed thrust, namely, 

/0 9 T = / 9  - Io - Po(A9 - Ao) - (P - Po)dA 

= F - ( D i n l e t  + D n o z z l e )  <_ F (E.17) 
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Equation (E. 17) is not only a very practical result, but it is also rich with meaning. 
Two of the most important messages are that designers require the means to evaluate 
Dinlet and Dnozzle in order to derive T from F, and that T is directly dependent 
upon installation effects and therefore should not be used as a standard of engine 
performance. 

Ground Test Determination of Uninstalled Thrust 

One practical difficulty with the uninstalled thrust is that there is no way to 
measure this idealized quantity directly in a ground test facility. In particular, F is 
not equal to the force exerted on the test facility thrust stand, usually referred to 
as the scale force Fs. Because the correct determination of the uninstalled thrust 
is of paramount importance to aircraft and engine designers and their customers, 
the process of deriving F from F, is described next. It is important to note that 
because the real engine inlet and exhaust flows are nonuniform, integral methods 
must be used in place of the one-dimensional approach. Nevertheless, the integral 
impulse function retains its original significance, namely, that the net axial force 
exerted on the fluid flowing through a control volume is the difference between 
the exit and inlet impulse functions (see Sec. 1.9.5). 

Figure E.3 shows the control volume for an engine mounted in a direct-connect 
ground test facility, the most common and best characterized type of altitude testing 
(Ref. 2). Please note that the engine is isolated from any axial forces exerted by the 
test facility bellmouth by means of a labyrinth air seal. First, the measured airflow 
conditions at engine station 2 are used to evaluate the integral I2 and then used in 
concert with an accurate model of the inlet compression (or acceleration) process 
to either correspond to predetermined freestream conditions or to determine the 
corresponding freestream conditions. This allows the upstream impulse function I0 

~ TEST CELL 

Control 
Volume ~ P = P0 

~ l  Boundary k 

Facility -"71 [ ' '~  ~ " l  I 
Be.mouth % I'1 ENO E I', 
Inlet " ---ill ~ ~ II 

THRUST 
~ ST A~ID . . . .  

V9 Facility 
~.. Exhaust 

Duct 

Fig. E.3 Control volume for evaluating engine uninstalled thrust. 
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to be evaluated. Next, the facility exhaust system is used to set the static pressure 
surrounding the engine and nozzle exit station 9 equal to the freestream static 
pressure P0. Finally, the axial direction control volume analysis is used to show 
that 

19 = 12 -t- Fs + P0(A9 -- A2) (E.18) 

where 12 and 19 are integrated impulse functions, F~ is the scale force measured by 
the thrust stand, and 12 is obtained from station 2 measurements as just described. 

Two types of corrections are required before Eq. (E. 18) can provide a sufficiently 
accurate value for 19 at a specific test condition. First, test cell calibrations must be 
used to reduce or eliminate such deterministic errors in Fs as test stand and load 
cell ambient pressure and temperature effects, aerodynamic and mechanical tares, 
test cell static pressure distribution forces (buoyancy), and the consequences of 
leakage flows. Second, empirical relationships in the form of influence coefficients 
must be applied to adjust 19 for differences between the desired and actual test cell 
conditions and engine control settings. An interesting observation is that, because 
the state of the flow at station 2 can be quite far from freestream conditions, F~ 
can be zero or less. 

The expression for the uninstalled thrust is obtained by combining Eqs. (E. 13) 
and (E. 18) in order to yield the desired relationship 

F = F~ + (12 - I0) - P0(A2 - A0) (E.19) 

Modem, highly developed, direct-connect ground test facilities use this process 
to provide uninstalled thrust measurements with an uncertainty in the range of 
+ / -  0.5 to 1.0%, depending on the engine configuration and flight conditions. 
You may well imagine how much more difficult the determination of F must be in 
flight testing. The close control over simulated flight conditions, large amounts and 
variety of data, excellent accuracy of results, and reduced risk to personnel make 
ground testing the approach overwhelmingly employed for engine development. 
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Appendix F 
Compressible Flow Functions for Gas 

with Variable Specific Heats 

Consider a perfect gas with variable specific heats in thermodynamic equilib- 
rium. The gas properties are based on the NASA Glenn thermochemical data 
and the Gordon-McBride equilibrium algorithm (see Chapter 9). Given the total 
temperature (Tt), fuel/air ratio ( f ) ,  and one of the following four input properties, 
the Mach number (M), the isentropic temperature ratio (Tt/T), isentropic pres- 
sure ratio (Pt/P), and mass flow parameter (MFP), the subroutine RGCOMPR 
determines the other three using the subroutines FAIR and MASSFP. In addition, 
the high- and low-turbines have an iterative system of equations (Sec. 5.2.4) that 
determine their off-design performance with variable gas properties. Outlines of 
the subroutines TURBC and TURB are given here for the high-pressure cooled 
turbine and the low-pressure turbine, respectively. 

Subroutine RGCOMPR (Item, Tt, f ,  M, Tt/ T, Pt/ P, MFP) 
Inputs: Item, Tt, f ,  and one of the following: M, Tt/T, Pt/P, andMFP 
Outputs: M, Tt/ T, Pt/ P, and MFP 
Select Case Item 

Case 1---Mach known 
MASSFP (Tt, f ,  M, Tt/T, Pt/P, MFP) 

Cases 2 and 3- -T t /T  or Pt/P known 
FAIR(l ,  f ,  Tt , ht, Prt, (at, Cpt, Rt , Yt , at) 
If Item = 2 then 

T, 
T - -  

T,/T 
FAIR (2, f ,  T, h, Pr , (b , c p , R, y, a) 

Else 
Pr~ 

Pr-- 
t', / e 

FAIR (3, f ,  T, h, Pr, ~b, Cp, R, V, a) 
End if 
V 2 = 2(ht - h)gc 
If  V 2 < 0 then 

M = 0  
T = Tt 

Else 

M - -  
a 

End If 

547 
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MASSFP (Tt, f ,  M,  T t /T ,  P t /P ,  MFP) 
Cases 4 and 5 - - M F P  known 

If Item = 4 then M = 2 else M = 0.5 
A M  = 0.1 
MASSFP (Tt, f ,  M,  T t /T ,  P t /P ,  MFPo) 

4 M = M + A M  

MASSFP (Tt, f ,  M,  T t /T ,  P t /P ,  MFPn) 

MFPerror = [MFPn - MFPol 
If  MFPe .... > 0.00001 then 

M F P -  MFPn 
A M  = A M  

MFP.  - MFPo 
MFPo = MFPn 
GOTO 4 

End If 
End Select 
Return 

Subroutine MASSFP (Tt, f ,  M, Tt/ T, Pt/  P, MFP)  
Inputs: Case, Tt, f ,  and M 
Outputs: Tt / T, Pt / P , and MFP 
FAIR (1, f ,  Tt, ht, Prt, dpt, cpt, Rt, Yt, at) 

Mat 
V =  

1 + {(Yt -- 1)/2} M2 
V 2 

A h = h t  - - -  
2gc 

FAIR (2, f ,  T, h, Pr, 4), Cp, R, y, a) 

Vn = M a  
V -  V. 

If  V -~ 0 then Ve .... -- - -  else Verror = V - V. 
V 

If IVerrorl > 0.00001 then V = V.; Go to A 
T~ 

Tt /T  = - -  
T 
Pr~ 

Pt/P = - -  
Pr 
M ~ T ,  

M F P - -  P t / ~  T 

Return 

Subroutine TURBC {Tt4, f ,  (A4/A4.5), M4, Ma.5, 7hH, Tta.sn, Tt3, fl, el, e2;rctH, 
r,H, T,4.5 } 

Inputs: Tt4, f ,  (A4/A4.5), M4, M4.5, rhH, Tt4.SR, Tt3, fl, el, e2 
Outputs: rrtl4, TtH, Tt4.5 
FAIR( l ,  f ,  Tt4, ht4, Pro, dPt4, Cpt4, Rt4, )It4, at4) 
MASSFP (Tt4, f ,  M4, T4, MFP4) 
FAIR(I ,  0, Tt3, ht3, Prt3, (9t3, Cpt3, Rt3, Yt3, at3) 
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rnf = f (1  - / ~  - E1 --  E2) 
gt/4 = (1 + f ) ( 1  - / 3  - e l  - E2) 
?J/4.1 = (1 + f)(1 - / 3  - E l - -  '£2) + E1 
/'n4. 5 = (1 + f)(1 - / 3  - el - e2) + et + e2 
f4.1 ----" th f / (# /4 .1  --  r h f )  
f4.5 = mf/(rh4.5 - rhf) 

th4hti -1- ~ l ht3 
ht4.1 - -  I'll 4 J¢ E 1 

FAIR (2, f4.1, Tt4.1, hi4.1, Prt4.1, ~t4.1, Cpt4.1, Rt4.i, Yt4.1, at4.1) 

Tt4.5 ~--- Tt4.5 R 

1 MASSFP (Tt4.5, f4.5, M4.5, T4.5, MFP4.5) 

rh4.5 M F P 4  A4 T~t4.5 
2"ttH = m4 MFP4.5 A 4 . 5 " / - - V  ~ 

FAIR(I,  f4.5, Tt4.5, ht4.5, Prt4.5, ~t4.5, Cpt4.5, gt4.5, 2/t4.5, at4.5) 
ert4.4i ---- 7ttH Prt4.1 
F A I R  (3, f4.1, Zt4.4i, ht4.4i, ert4.4i, ~t4.4i, Cpt4.4i, Rt4.4i, Yt4.4i, at4.4i) 
htaA =-- hi4.1 - ot(ht4.1 - ht4.4i) 
"Ctn ---- ht4.4/ ht4.1 

tha.lht4.4 -1- E2ht3 
ht4.5 = 

/~4.1 "~ E2 

F A I R  (2, f4.5, Tt4.5,, ht4.5, Prt4.5, ~bt4.5, Cpt4.5, Rt4.5, Yt4.5, at4.5) 
i f  ITt4.5 - Tt4.5.[ > 0 .01  then 

Tt4.5 = Tt4.5n 
goto 1 

E n d  i f  
Return 

S u b r o u t i n e  T U R B  {Tti, f ,  ( Ai  / Ae) ,  Mi ,  Me,  Ot, TteR; 7rt, rt, Tte} 

Inputs: Tti, f ,  ( Ai / Ae), Mi, Me, rh, Ttel~ 
Outputs: ztt, rt, Tte 
F A I R  (1, f ,  Tti, hti, Prti, ~ti, Cpti, gti,  Yti, ati) 
MASSFP (Tti, f ,  Mi, Ti, MFPi) 
T,e = TteR 

1 MASSFP (Tte, f ,  Me, Te, MFPe) 
FAIR(I,  f ,  Tte, hte, erte, dPte, Cpte, Rte, Yte, ate) 

MFPi a i  . S  
7Tt - -  MFP----~e Ae V Tti 

ertei = 7rt erti 
F A I R  (3, f ,  Ttei, htei, Prtei, dPtei, Cptei, Rtei, Ytei, atei) 
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ht~ = hti - rh(hti - htei) 

hte 
~t ~ ~ t  i 

FAIR (2, f ,  Tten, hte, Prte, ~te, Cpte, Rte, Yte, ate) 
[ r , e ] e r ro r  = I r ,  e - r , e . I  

if [Ttelerror > 0.01 then 
r , e  = T,e .  

GOTO 1 
end if 
Return 



Appendix G 
Constant-Area Mixer Analysis 

Consider an ideal (no wall friction) subsonic constant-area mixer (Fig. G. 1) with 
perfect gases having variable specific heats entering at stations 6 and 16. From 
either the parametric or performance cycle analysis up to the mixer, all gas prop- 
erties at stations 6 and 16 are known as well as the following ratios at the mixer 
inlet stations: 

0/t ~" - -  rh6 - -  O/ (G.1) 
#t16 (1 - / ~  - E 1 - -  e2)(1 + f) + 81 -{- E2 

Ptl6 27j f 
= (G.2) 

Pt6 2TcLYgcH~bTt'tHTrtL 

htl6 "~r'~ f 
= (G.3) 

ht6 ~)~TJml Ttn~m2"EtL 

The mixer total pressure ratio, Pt6A/Pt6, is required for performance calcula- 
tions. Toward this end, the energy balance on the mixer gives 

th6ht6 "[- #/16ht16 = lh6Aht6A 

from which the total enthalpy ratio becomes 

ht6 A 1 + og'htl6/ht6 
rm --' - -  -- (G.4) 

ht6 1 + or' 

An expression for the mixer total pressure ratio in terms of  rm and the other prop- 
erties at stations 6, 16, and 6A is obtained directly from the mass flow parameter 

Splitter 

Plate 

th6 

Control Volume 
16 / 6A 

rn6A = (1 + a ')/~/6 

6A 

Fig. G.1 Constant-area mixer. 
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(MFP) defined in Eq. (4.24) as 

MFP-:- ~ -- M p - ~  = MFP(M, r,, f )  (6.5) 

Solving Eq. (6.5) for Pt and forming the ratio Pt6a/Pt6 yields 

Pt6A _ (1 + od)~,'~ ~-~ MFP(M6, Tt6, f6) 
ZrM -- Pt~ --,~ MFP(M6A, Tt6A, f6A) (6.6) 

where t~'16a/l~ 6 = 1 + od and ht6a/ht6 = T M were used and where 

A6 1 
- -  - -  ( 6 . 7 )  
A6A 1 qt_ A16/A6 

f6 
f6a -- (G.8) 

1 + o r '  

If M6 in Eq. (G.6) is specified, then M6A need only be determined to find JrM 
because M6 fixes M16 and, hence AI6/A6 and A6/A6A as shown by the following. 

Using the Kutta condition at the splitter plate end, P6 = P16, and total to static 
pressure ratio (Pt/P), gives 

(Pt)  = ( P t )  etl6 
T 16 P-  6 ~t6 (G.9) 

and using the compressible flow functions yields the Mach number at station 16. 
From the mass flow parameter, we can write 

AI6 , T/-~tl6 Pt6 MFP(M6, rt6, f6) 
(G.10) o/ 

A6 -- V Tt6 Vtl6 MFP(MI6, Ttl6, f16) 

Any one of the three variables M6, MI6, or AI6/A6 in Eqs. (G.9) and (G. 10) may 
be specified and the remaining two determined. Because, generally, the desirable 
Mach number range for M6 and MI6 is known, a Mach number is specified instead 
of A16/A6 in the analysis. 

For the ideal constant-area mixer, application of the momentum equation pro- 
vides a solution for m6a and, hence, for ZrMideat. The momentum equation in terms 
of the impulse function (I) is, for the constant-area mixer, 

where 

Thus 

16 -]'- 116 = 16A (G.11) 

I = PA(1 + yM 2) (G.12) 

P6AA6.4(1 + Y6AM 2 )  = P6A6(1 + y6M~)+ PI6A,6(1 + YI6M26) 

Using the Kutta condition at the splitter plate end, P6 = P16, gives 

{ A16( 1 } P6AA6A(1 + y6AM62A) = P6A6 (1 + y6M 2) + -~6 + y16M26) (G.13) 
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/ . . . . . . . . _  

rh R r  R r  m l g r  
PA = P - -  = rh = rh 

pV V M y~-R-~cT M v Ygc 

then the (PA) terms in Eq. (G. 13) can be replaced to yield 

if/6 R ~  A16(1 # 1 6 A R ~ 6 A ( I " ~ Y 6 A M 2 A ) - ~ -  { (1 -~- y6M2) --~ -~- Y16M26) ] 
M6A V Y6Agc M6 V Y6gc ~ 6  

and solving for M6A yields 

~ 1  "~- Y6AM2A R~6T 6 (1 q- F6M6 2) -t- A16/A6(1 + Y16M26) 
(G.14) 

M6A "~- ~I -~6 M6(1 q-a t) 

where the right-hand side is a known constant. This is a nonlinear equation for M6A 
that can be solved by functional iteration in combination with the compressible 
flow functions. The resulting value of M6A is placed in Eq. (G.6) to give 7~Mideal 
and, finally, 

71: M = 7r M max YC M ideal (G.15) 

where ZrM max is the mixer total pressure ratio caused by wall friction only (no 
mixing losses). 

Gross Thrust 
It is interesting to compare the gross thrust capabilities of mixed and unmixed 

streams for the case of correctly expanded ideal exhaust nozzles. The gross thrusts 
are, using subscript e for the exhaust nozzle exit stations, 

FGu M ~--- fft6Ve 6 "1- fftl6Vel 6 for unmixed streams (G.16) 

FGM X = (/9:/6 "-1- 1Ttl6)Ve6 a for mixed streams (G.17) 

where 

It follows immediately that 

FCMx 

V 2 = 2 g c h t ( 1 - ~ )  

(1 + a')~/ht6A(1 -- h6Ae/ ht6A) (G. 18) 
FGuM ~/ht6(1 - h6e/ht6) -'}- a'~/htl6(1 - hl6e/htl6) 

Example Results 
Contours for parametric values of F~Mx/FauM are plotted in Fig. G.2 for the 

following input data to the system of equations listed below: 

a '  = 2, M6 --- 0.5, Pe/Pt6 = 0.3, Tt6 = 1600 R, f6 = 0.03, 

f16 = 0, Yt'Mmax = 0.97 
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Fig. G.2 Contours of constant F ~ M x / F ~ v M .  

Although the mixer can actually augment (or increase) the ideal thrust under 
some conditions, it is most sensitive to Tt 16/Tt6 and ordinarily results in a reduction. 
For typical values of turbofan cycles Ttl6/Tt6~-~0.7 and etl6/Pt6 "~ 1.0, the loss 
is negligible with 7rMmax = 0.97 (see Fig. G.2); however it is about 2% with 
7rM max = 0.92. 

Summary of Equations--Constant-Area Mixer 

Inputs 

Outputs 

Pe Ttl6 Ptl6 t 
O' , Tt6, M6,  , , , f6 ,  f16, 7rMmax 

Pt6 Tt6 Pt6 

A 16 FGMx 
- - ,  ~M,  "gM, MI6 ,  M6A, - -  
A6 FGuM 

Equations 
F A I R ( l ,  f6 ,  Tt6, h ,6 ,  Prt6, (~t6, Cpt6, Rt6, Yt6, a t6)  

Tt16 
Ttl 6 = Zt6 

Tt6 
FAIR( I ,  f16, Ttl6, ht l6 ,  Prtl6, ~/16, Cptl6, Rtl6, Ytl6, a t l 6 )  

ht6 Jr- ot'htl6 
ht6z - -  

1 +or' 
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B 

rM = ht6A/ ht6 

RGCOMPR (Tt6 , M6, f6, (Tt/T)6, (Pt /P)6,  MFP6) 

Z 6 ~- Tt6/(Zt/Z)6 
etl6 

(Pt/P)16 = (P t / e )6  
Pt6 

ertl6 
Prl6 -- - -  

(Pt/P)16 

FAIR (3, 0, T16, h16, Prl6, q~16, Cpl6, R16, 2/16, a16) 

V16 = ~/2gc(htl6 - hi6) 

M16 =-- V16/a16 

RGCOMPR (Ttl6, M16, f16, (Zt/T)16, (Pt/P)16, MFP16) 

A16 , Z~16t16 et6 MFP6 
ol 

A6 V Tt6 Ptl6 MFP16 
A6 1 

A6A 1 -[- A16/A6 
A16(1 

Constant = ` / - ~ -  (1 + y6 M2) -t- -~6 nt- )/16M26) 

¥ ~6 M6(1 + ot t) 

Set initial value of Mach number at station 6A = m6a i 

RGCOMPR (Tt6A, M6A, f6a, (Tt/  T)6A, ( Pt /  P)6A, MFP6A) 

T6A = Tt6A(Tt/ T)6 A 

FAIR (1, f6a, T6A, h6A, Pr6A, qb6A, Cp6A, R6a, Y6A, a6a) 

• ~ t 1 -t- Y6AM~2i 
M6A -~ 

V Y6A Constant 

If I M6A - M 6 A i  I > 0 . 0 0 0 l ,  then M6A i -~- M6A and go to B; else continue 

, ,, ,---- A6 MFP6 
Yg M ideal = (1 ~ ot ) ~/ ~ M "~6 A 

YgM ~ 7rMmax 7rMideal 

Pr6e = ert6( Pe/ Pt6) 

FAIR (3, f6, T6e, h6e, er6e, qb6e, Cp6e, R6e, Y6e, a6e) 

Prl6e = ertl6( Pe/ Pt6)/( Ptl6/ et6) 

FAIR (3, fl6, Zl6e, hl6e, Prl6e, ~bl6e, Cpl6e, R16e, Yl6e, al6e) 

Pr6Ae • ert6( Pe/ Pt6)Tr M 

FAIR (3, f6a, Z6ae, h6Ae, Pr6Ae, ~)6Ae, Cp6ae, R6ae, ~6ae, a6Ae) 

FGMx (1 qt_ ott)~/ht6a ( 1 __ h6ae/ ht6a) 

FGuM ~/ht6(1 -- h6e/ ht6) + ot'~/htl6(1 - hl6e/ htl6) 



Appendix H 
Mixed Flow Turbofan Engine Parametric Cycle 

Analysis Equations 

Appendix H summarizes the complete parametric or design point cycle analysis 
equations for the mixed flow, afterbuming, two-spool turbofan engine with bleed, 
turbine cooling, and power extraction. For convenience in computer programming, 
the required computer inputs and principal computer outputs are given. These are 
followed by the cycle equations in their order of solution. Eqs. (H. 1-16) in the 
listing represents the 1 6 independent equations in terms of the 1 6 dependent compo- 
nent performance variables in the order l-f, TcL, "CcH, f ,  V,,1, 75tH, 2"gtH, "~m2, "CtL, 7~tL, 
a', VM, M16, M6A, :rrM, andfAB. Note this solution procedure requires no iteration. 

Inputs 
Flight parameters: 
Aircraft system parameters: 
Design limitations: 

Fuel heating value: 
Component figures 

of merit: 

Design choices: 

Outputs 
Overall performance: 
Component behavior: 

Mo, To, Po 
fl, CTOL, CTOH 

hpR 

EI~ E2 

Y/'b, :r/'d max, Y/'M max, 7~AB, 7"(n 

e f ,  ecL, ecH, etH, etL 

T]b, TIAB, OmL, rlmn, rlmPL, T]mPH 

7r :, zrcL, ~rc., 0~, T,4, T~7, M6, Po/ e9 

F/tho, S, fo, OR, rlrn, V9/ao, Pt9/ P9 
3"gtH ~ Y(tL, 7gM 

"gf , TcL, 7:cH~ "gtH, TtL, 7:~,~ ~ZAB 

f ,  fAB 
Of, I~cL, T]cH, OtH, l"]tL 

M 1 6 ,  M6A, M9 

Equations 
FAIR(I, 0, To, h0, Pro, ~bo, Cpo, R0, Y0, a0) 
Vo = Moao 

hto = ho "b Vg 
2go 
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FAIR (2, 0, Tto, hto, Prto, ~bto, Cpto, Rio, ?'to, ato) 

rr = hto/ ho 

7"( r = Prto/  Pro 

r/R spec = 1 for Mo < 1 

OR spec = 1 - 0.075(Mo - 1) 1'35 for 1 < Mo < 5 

800 
f o r l  < M o  < 5  OR spec - -  M 4  + 935 

7Td ~ 2"fd max OR spec 

ht2 = hto 

Pr~2 = Pr,  o 
1/ef 

ertl3 = l'rt2Tf f 

FAIR (3, 0, Ttl3, ht13, Prtl3, t~tl3, Cptl3, Rt l3 ,  Ytl3, atl3) 

7~ f = h t l 3 /  ht2 

Pr~13i = Prt2Zr y 

FAIR (3, 0, Tt13i, htl3i,  Prtl3i, ~tl3i,  Cptl3i, g t l3 i ,  Ytl3i, atl3i) 

htl3i - ht2 

fly --  htl3 - ht2 

rJ -- 1/ecL 
Prt2.5 ~ l-rt2JtcL 

FAIR (3, 0, Tt2.5, ht2.5, Prt2.5, 4~t2.5, cpt2.5, Rt2.5, Yt2.5, at2.5) 

rcL = ht2.5/ ht2 

Prt2.5i = Prt27fcL 

FAIR (3, 0, Tt2.5i, ht2.5i, Prt2.5i, flPt2.5i, Cpt2.5i, gt2.5i, )/t2.5i, at2.5i) 

ht2.5i - ht2 
rlc L --  

ht2.5 - ht2 

Prt3 r~ - 1/ecH Frt2.5Jt cH 

FAIR (3, 0, Tt3, ht3, Prt3, (bt3, cpt3, Rt3, Yt3, at3) 

"CcH = h t3 /  ht2.5 

Prt3 = Prt2.57rcH 

FAIR (3, 0, Tt3i, ht3i, Prt3i, ~t3i, Cpt3i, e t3i ,  Yt3i, at3i) 

ht3i - ht2.5 
~cH --  

ht3 - ht2.5 
Set initial value of  fuel/air ratio at station 4 = f4g 

A F A I R ( I ,  f4 i ,  Tt4, ht4, Prt4, qbt4, cpt4, Rt4,  Yt4, at4) 

ht4 - ht3 
f - -  

~]bhpR -- ht4 

If  I f  - f4il > 0.0001, then f4i = f and go to A; else continue. 

r~. --= h t4 /  ho 

(H.1) 

(H.2) 

(H.3) 

(H.4) 



APPENDIX H: MIXED TURBOFAN ENGINE PARAMETRIC 559 

(1 - fl - -  S 1 - -  e2)(1 + f )  + elrrrcLrcH/rX 
't-ml 

VtH = 1 - 

(1 - ,8 - el  - 82)(1 + f )  + E l  

rrZcL(ZcH- 1) + (1 + ol)CToH/OmPH 

~/mnVX{(1 -- fl -- el -- 82)(1 + f )  + elVr'rcL't'cla/rx} 
ht4.1 ---- ht4Vml 

f 
f 4 . 1  ~--  

1 + f + e l / ( 1  - fl - el  - e2) 
F A I R  (2, f a a ,  Tt4a, ht4.1, Pn4.1, ~t4.1, Cpt4.1, gt4.1, Yt4.1, at4.1) 

ht4.4 ---- ht4.1TtH 

F A I R  (2, f4.1, Ttn.a, ht4.4, Prt4.4, (~t4.4, Cpt4.4, Rt4.a, ~/t4.4, at4.4) 

= ( Prt4.4 ~ 1/etH 

Prt4.4i "= T(tH ert4.1 

F A I R  (3, f4.1, Tt4.4i, ht4.4i, Prt4.4i, t~t4.4i, Cpt4.4i, et4.4i, Yt4.4i, at4.4i) 
ht4.1 - ht4.4 

OtH--  
ht4.1 - ht4.4i 
(1 - fl - el - s2)(1 + f )  + el + s2{rrrcLrcH/(rXrnlrtH)} 

~'m2 = 
(1 - fl - e 1 - e2)(1 + f )  + E1 + E 2  

ht4.5 ~ ht4.4~:m2 
f 

f4,5 ~--" 
1 + f + (el + s2) / (1  - / 3  - el  - s2) 

F A I R  (2, f4.5, Tt4.5, ht4.5, Prt4.5, t~t4.5, Cpt4.5, Rt4.5, ~t4.5, at4.5) 
r,{(rcL - 1) + ot(rf - 1)} + (1 + oI)CToL/T/mPL 

~tL = 1 - 

(H.5) 

(H.6) 

(H.7) 

(H.8) 

l']mL ~,k "~tH { ( ( 1 - / 3 - s l - s 2 ) ( l + f ) +  e l + ~  rx / 

ht5 = ht4.5"CtL 

FAIR (2, f4.5, Tts, hts, Prts, dPtS, CptS, Rt5, Yt5, at5) 

( Prt5 "~ 1/etL 

Pr, si = rrtH Pr~4.5 

F A I R  (3, f4.5, Ttsi, ht5i, Prt5i, (bt5i, Cpt5i, Rt5i, Yt5i, at5i) 

ht4.5 - ht5 
OtL--  

ht4.5 - htsi 
ht6 = h t 5 ;  Zt6 • Zt5; f6  = f4.5 

htl6 = htl3; Ttl6 = Ttl3; Prtl6 = Prtl3; f16 = 0 
ot 

(1 - fl - E 1 - e2)(1 + f )  + el + s2 

f6A = f6 / (1  + Or') 
ht6 + otthtl6 

ht6A - -  

l + a '  

(H.9) 

(H.IO) 

(H.11)  
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B 

C 

75 M = h t6A / h t6 (H. 12) 
Ptl6 Yc f 

Pt6 7"(cL ~cH Tgb 7~tH 7rtL 

RGCOMPR (1, Tt6, M6, f45, (Tt/T)6, (t~t/P)6, MFP6) 

T6 = Tt6 / ( r t / r )6  
Pt16 

(Pt/P)16 = (Pt /P)6 
Pt6 

Prt16 
Prl6 -- - -  

(Pt/P)16 
FAIR (3, 0, T16, hi6, Prl6, ~b16, Cpl6, R16, )/16, a16) 

V16 = x/2gc(ht16 - hi6) 

M16 = V16/a16 (H.13) 

RGCOMPR (1, Ttl6, MI6, f16, (Tt/T)16, (Pt/P)16, MFP16) 

A16 ~ r~tl6 Pt6 MFP6 

A---6 ~ o l~  ~6t6 Vtl6 MFP16 
A6 1 

A6A 1 -k- A16/A6 

Constant=, I (I+y6Mz)+A'6 (I+Y,6M 6) } /{M6(I+d)' 
V ×6 

Set initial value of Mach number at station 6A = M6A i 

RGCOMPR (Tt6a, M6A, f6z, (Tt/ T)6A, ( Pt /  P)6a, MFP6A) 

Z6a = Zt6A(Zt/ Z)6a 

FAIR(I ,  f6a, T6A, h6a, Pr6z, q96A, Cp6A, g6a, Y6A, a6a) 

R6~AT~A] 1 + Y6aM2ai 
M6A (H.14) 

V ~6A Constant 
If [M6A - m 6 a i  [ > 0 . 0 0 0 1 ,  then m 6 a  i = m 6 a  and go to B; else continue 

A6 MFP6 
~Mideal = (1 -~-O~')~'-M - - -  

A6A MFP6A 
7rM = 7rMmax 7rM ideal (H.15) 

Set initial value of fuel/air ratio at station 7 = f7i 

FAIR (1, f7i, Tt7, ht7, Prt7, qbt7, Cpt7, Rt7, Yt7, at7) 
ht7 

"()~AB ~ - -  
ho 

( 1 - -  fl -- gl -- e2 ) rXAB -- rX rm] rtnrm2rtL rM (H.16) 
f a B =  1 + f  i ~ - ~ - - ~ -  hpROaB/ho--TkZB 

f7 = U6A + UAB 
If [f7 - f7i[ > 0.0001, then fTi ---- f7 and go to C; else continue. 

f o = f 7  

Tt9 = Tt7; ht9 = ht7; Prt9 = Prvt 
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- - a ° { ( l + f o - - -  
&o gc 

+(l+fo---  
fo S--  

F /~no 

Pt9 ( Po'~yrr Y.fd Y.(cL TfcH Tfb YftH y.ftL Tt, M TfAB Yf n =,,P9/ 
I/Pt9 "~ 

Pr9 = Prt9 ~'--~9 ) 

FAIR (3, fo, T9, h9, Pr9, 4)9, Cp9, R9, )/9, a9) 

V9 = v/2gc(ht9 - h9) 
M9 = V9/a9 
F fl )V9  Mo 

1 +or ao 

fl "~ R9 T9/To ( 1 -  Po/P9) I 
1 + ot ] Ro V9/ao YO J " 

~p 

2g~Mo F 
ao /no 

{ l + fo l ~r(~ \ a o /  

1 
2gc l[ I  + f o -  ( I ~ ) ] V ~ -  V~} +(CToL +CTol4)ho 

~TH 

~0 = ~THOP 
fohpR 



Appendix I 
Mixed Flow Turbofan Engine Performance Cycle 

Analysis Equations 

Appendix I summarizes the complete performance or off-design cycle analysis 
equations for mixed flow, afterburning, two-spool turbofan engine with bleed, 
turbine cooling, and power extraction. For convenience in computer programming, 
the required computer inputs and principal computer outputs are given. These are 
followed by the cycle equations in their order of solution. Note that the iterative 
solution procedure for M6, or', and rh0 follows that described in Sec. 5.2.6 and 
depicted in Figs. 5.3a and 5.3b. 

Inputs 
Performance choices: 

Flight parameters: 
Throttle setting: 
Exhaust nozzle setting: 

Design constants: 
re: 
rl: 
A: 
Others: 

Reference condition: 
Flight parameters: 
Component behavior: 

Others: 

Engine control limits: 

Outputs 
Overall performance: 

Component behavior: 

Mo, To, Po 
Tt4, Tt7 
Po/P9 

7"gd max, 2"fb, 7t'M max,  7t'ABR, 7t'n 

O f ,  ~cL, I~cH, OtH, J~tL, l~b, l~mL, l~mn, ~mPL, OmPH 

A4, A4.5, A6, A16, A6A, A8wo/AB 
fl, e~, e2, hpR, PrOL, ProI4 

MoR, Toe, PoR 
7rfR, ~cLR, 27JcHR, 7"(tHR, 27JtLR 

"gfR , "gcLR , "gcHR , ~tHR , "gtLR 

M6R, MI6R, M6AR, M8R 
rmlg, Zm2R, fR, fABR, M9R, M19R, Ore, Ot~ 
FR, m0R, SR 
~cmax, Tt3max, Pt3max, %NL, %NH 

F, rho, S, fo, Op, OrH, V9/ao, u 
Pt9 / Pg, Pg / Po, Tg / To 
7g f ,  7gcL , 7gcH , 3"(tH , 7gtL 

75f, "(cL, 75cH, "gtH, "gtL, "g,k 

~ml, Zm2, f, far 
M6, M16, M6A, M8, M9 
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Equations 
Preliminary computations:  

FAIR (1, 0, To, ho, PrO, ~b0, CpO, R0, Y0, ao) 

Vo = Moao 

hto = ho + V~ 
2gc 

FAIR (2, 0, Tto, hto, Prto, CtO, Cpto, Rto, )/tO, ato) 

rr = hto/ ho 
rrr = P~O/Pro 

OR spec = 1 for Mo < 1 

ORspec = l -- 0.075(Mo - 1) 1"35 for 1 < Mo < 5 
800 

for 1 < M o  < 5  ORspec - -  M4 + 935 

7rJd = 7(d max OR spec 

ht2 ~-- hto 

P . z  = e . o  

7raBdry = 1 -- (1 -- ZrABR)/2 

Set initial values: 

07ftH ~--- 7"(tHR, 7rtL ~ 7t'tLR, "t'tH ~--- "~tHR, "~tL ~- "CtLR 

7t'f ~ 7~fR , T(cL = 7~cLR, 7~cH ~ 7t;cH R 

r f = rfR, TcL = rcLR, 7~cH = TcHR 

"Eml ~--- "CmlR, rm2 -~- "Cm2R, f = fR 
M4-~- l ,  M4.5 = 1, M6A = M 6 A R ,  M 8  = M 8 R  

F A I R ( l ,  f ,  Tt4, ht4,  Prt4, ~t4, Cpt4, Rt4,  }'t4, at4) 

ht4.5 = ht4Zml ~tHTm2 

f4.5 = f ( 1  - / 5  - el - e2)/(1 - / 5 )  

F A I R  (2, f4.5, Tt4.si, ht4.5, ert4.5, t~t4.5, ¢pt4.5, gt4.5, )/t4.5, at4.5) 

ht5 = ht4.5r;tL 

FAIR (2, f4.5, Ttsi, hts, Prts, (bts, Cpts, Rts, Yts, ats) 

ht6A = ht5~mR 

f6A = f4.5( 1 --  f l ) / ( 1  + Ot --  /5) 

F A I R  (2, f6a, Tt6A, ht6a,  er t6a,  ~)t6A, ¢pt6a, Rt6A,  Yt6a, a t6a)  

1 ht3 = htOrcLrcH 
FAIR (2, 0, Tt3, ht3,  Prt3, ~t3, Cpt3, Rt3,  Yt3, at3) 

or' = or/{(1 + f ) ( 1  - / 5  - el - e2) + el + e2} 

F A I R ( I ,  f ,  Tt4, ht4, Prt4, C~t4, Opt4, Rt4, Yt4, at4) 
f4.5 = f ( 1  -- /5 -- Sl - e2)/(1 -- /5)  
TURBC(Tt4, f ,  A4/A4.5, M4, M4.5, 0ttt, Tt4.5i, Tt3, /5, el, e2, :rrtH, rtH, Tt4.5) 

TURB(Tt4.5, f4.5, A4.5/A6, M4.5, M6, OtL, Tt5i, 7rtL, rtL, Tt5) 

7:x = hta/ ho 
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-[- (el "CtH -}- 82) "~cL rcH TrOmPL thoho ] 

× {(rcL - 1 ) e / ( r f  - 1)R + a }  

rcL = 1 + ( r f  - 1) (rcL 1)R 
( r l  - 

r c n =  1 { } "[- ( 1 - -  TtH) TIm H (1-  rx "[- EI'~cH 
Tr TcL 

(1 + or) Pro 

fl - ¢1 - e 2 ) ( 1  + f )  

m 

7:r 7:cL ~mPH rhoho 
ht2 = hto 

Prt2 = Prto 

htl3 =" ht2"~ f 

ht2.5 = ht2"CcL 

ht3 ~-" ht2.5~cH 

htl3i = h/2{1 + r l f ( z f  - 1)} 
ht2.5i = h/2{1 + rlcL('rcL -- 1)} 
ht3i = ht2.5{1 + rlct/(rct/- 1)} 
FAIR (2, 0, Ttl3, htl3, Prtl3, ~btl3, Cptl3, Rtl3, Ytl3, atl3) 

FAIR (2, 0, Ttl3i, htl3i, ertl3i, ~b/13i, Cptl3i, Rtl3i, )/tl3i, atl3i) 

FAIR (2, 0, Tt2.5, ht2.5, Prt2.5, q~t2.5, cpt2.5, Rt2.5, Yt2.5, at2.5) 
FAIR (2, 0, Tt2.si, ht2.si, Prt2.5i, ~)t2.5i, Cpt2.5i, Rt2.5i, Yt2.si, at2.5i ) 

FAIR (2, 0, Tt3, ht3, ert3, ~t3, Cpt3, Rt3, Yt3, at3) 

FAIR (2, 0, Zt3i, ht3i, Prt3i, ~t3i, Cpt3i, Rt3i, Yt3i, at3i) 

~ f = Prtl3i/  ert2 

7rcL = Prt2.5i / ert2 

7TcH -~- Prtsi / Prt2.5 

Yfc = 7"(cLTrcH 

rc = rcL rcn 

f t e m p = f  
FAIR(l ,  f ,  Tt4, ht4, Prt4, ¢t4, Cpt4, Rt4, Yt4, at4) 

ht4 -- ht3 
f - -  

hpRrlb -- ht4 

i f  I f  - ftemp[ > 0.0001 goto 2 
ht6 = ht5 

Zt6 = Tt5 

htl6 = htl3 

Ttl6 = Ttl3 

e t6  = Po 7Tr 27Jd 2"[cL Y~'cH 2"gb 2"~tH 2"[tL 

f4.5 = f (1  - fl - el - e2)/(1 - / 3 )  
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RGCOMPR (1, Tt6, M6, f4.5, TtT, P tP ,  MFP6) 
P6 = Pt6/PtP 
T 6 = Tt6/TtT 
etl6 ~- PoTt'rTt'dTf f 

( P t ) = P t l 6 / P 6  
T 16 

RGCOMPR (1, Tt16, 1, O, TtT, PtP, MFP16) 
if (Pt/P)16 >PtP then M6 = M6 - 0.01 goto 1 
if (Pt/P)16 < 1 then M6 = M6 - 0.01 goto 1 
RGCOMPR (3, Tt16, M16, 0, ZtZ, ( Pt/ P)16, MFP16) 
Z16 = Tt l6 /T tT  

, Ptl6A16MFPI6 / Tt6 
anew= Pt6A6MFP6 V Tt16 

, a'.ew-- a '  
Olerro r = Ol t 

a = ct'ne w {(1 + f ) (1  - fl - e~ - e2) + el + e2} 
• l If Oterro r > 0.001 then 

calculate a new or'using Newtonian iteration 
goto 1 

end if 
FAIR(l, f4.5, T6, h6, Pr6, 46, ¢p6, R6, ~'6, a6) 
FAIR(l, 0, T16, hi6, Prl6, ~b16, Cpl6, R16, Y16, a16) 

ht6 + olthtl6 
ht6a - -  

1 + o r '  
ht6A 

rJ M -- 
ht6 

f6A = f4.5 (1 - - /3) / (1  + Ot --/3) 
FAIR (2, f6a, Tt6a, ht6a, ert6a, ~t6A, Cpt6A, gt6A, Yt6a, at6a) 

1 ot ~ / R / R ~  1 + y6M2 + t~' ~ 1  + Y16M26 } l /  Constant 
1 - 4 - [  V Y6 M6 V ~'~-- MI6 

RGCOMPR (1, Tt6A, M6A, f6a, TtT6A, PtP6A, MFP6A) 
Tt6a 

T6A-- 
TtT6A 

FAIR(l, f6A, T6A, h6a, Pr6A, ~6A, Cp6A, R6A, Y6A, a6A) 

- -  1 + Y6AM2A 
M6anew 

V Y6A Constant 

  error = I a.ew -- [ 
if M6Aerro r > 0.001 then M6A = M6Ane w goto 3 
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T~t6A MFP6 1 + or' 
2Tmideal -~ "Vl~t6 MFP6A 1 + A16/A6 

7rM = 7"t'M max ~M ideal 

Pt9 
- -  = J'gr T(d TgcL YgJcH T(b T('tH T(tL 2"gM 7rAB dry ~n 
Po 

R G C O M P R  (3, Tt6a, m 9 ,  f 6 a ,  TtT9,  P t 9 /  Po, M F P 9 )  

if  M9 > 1 then M8 = 1 else/148 = M9 

RGCOMPR (1, Tt6a, m 8 ,  f 6 a ,  TtT8,  P t P 8 ,  MFP8) 

a,S'rD T(MT"gAB dry A8 ~/ Tt6 
MFP6 ---- lvlr r s -~-~-~7 A6 Tt6a 

f 

RGCOMPR (4, Tt6, M6new, f4.5, TtT6, PtP6, MFP6) 
1146 ..... ---- Im6 - -  m6newl 
if  M6 ... ..  > 0.0005 then 

if  M6 > M6,ew then M6 = M6 - 0.0001 else M6 = M6 + 0.002 

goto 1 

end if  

RGCOMPR (1, Tt4 , M4, f ,  TtT, PtP, MFP4) 

1 + fR Po(1 + ot)rrr rrd gcL ~cH MFP4 /Tt4R 
1 

thOnew = thor 1 +~-f- {Po (1 + ~) ~r  ~d  ~cL ~cH}R MFP4R .I r,4 

• thOnew --  17110 
mOerror = thOR 

if  th0 .. .. . > 0.001 then mo = thOnew goto 1 

f 7  = f 6 a  

FAIR (1, f7, T,7, ht7, Prt7, (9t7, Cpt7, Rt7, Yt7, at7) 
ht7 - ht6a 

fAB--  
t]ABhpR -- ht6A 

f 7  new "~ f6A Jr- fAB 

f7error = If7.ew -- f71 
i f  th7error > 0.00001 then fv = f7new goto 4 

Tt7 -- Tt6 a 
% A B  = 100 

Tt7 R -- Tt6 A 

7tAB .~- TfaBdry -~- 0 .01  X %AB(TrAB R --  7rABdry ) 

Pt9 
- -  ~ 7rr J'(d 7"(cL ~cH 7rb 7rtH 7"(tL 7"gM J'~AB 2"gn 
Po 
Pt9 Pt9 P9 

P9 POPO 
Tt9 = Tt7 
RGCOMPR (3, Tt9, M9, fT, TtT, Pt9/P9, MFP9) 
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rn 9 ---- rh 0 (1 + f7) 1 1 + ot 

Pt9 ~ PO 7"(r ~d  ~cL 7~cH 7rb 2"t'tH ~tL 7~M 7tAB Ten 

m9v'T~ 
A9--  

Pt9MFP9 
T9 = Tt9/TtT 
FAIR (1, fT, T9, h9, er9, ~9, Cp9, e9, }'9, a9) 
V9 = M9a9 

f (1  - fl - el - E2) -[- fAs(1 + ot -- fl) 
fo= 

l + o t  

- gc a 7  

( fl ) R 9 T v / T o ( 1 - P o / P g ) }  
+ l + f o  1-7-or RoV9/ao Yo 

fo S -  
F/fno 

RGCOMPR (1, Tto, Mo, O, TtT, PtP, MFPo) 
,~o,/-T~ 

A o - - - -  
PtoMFPo 

i "  

%RPMLp spool = l O 0 /  hovr(vf -- 1) 
V[ho'crQ:f -- 1)]R 
/ 

%RPMHp Spoor = 100~/ 
horr rcL ( VcH 1) 

[horrrcL(rcH- 1)]R 
1 

2gcMo F / { (  ) (V9" )  2 } 
rh, -- ao ao l + fo l ~ot - -  - M2 \ao / 

O0 = rlrHOe 

If any of the control limits (zrc, Tt3, Pt3, etc.) are exceeded, then reduce Zt4 and 
go to 1. A Newtonian iteration scheme is used to rapidly converge on the value of 
Zt4 that meets the most constraining control limit. 



Appendix J 
High Bypass Ratio Turbofan Engine 

Cycle Analysis 

This material  is included in case nonaflerburning, separate exhaust flow, high 
bypass ratio turbofan engine cycles are under consideration. They are strong candi- 
dates for any application where high thrust and low fuel consumption are required 
and the flight Mach number never exceeds approximately 0.9. Consider the high 
bypass ratio turbofan engine shown in Figs. J . l a  and J. lb.  The station numbers 
of  locations indicated there will be used throughout this appendix and include the 
following: 

Station Location 

0 
1 
2 
13 
2.5 

3 
3.1 
4 

4.1 

4.4 

4.5 

5 
7 
9 
17 
19 

Far upstream or freestream 
Inlet or diffuser entry 
Inlet or diffuser exit, fan entry 
Fan exit 
Low-pressure compressor exit 
High-pressure compressor entry 
High-pressure compressor exit 
Burner entry 
Burner exit 
Nozzle vanes entry 
Modeled coolant mixer 1 entry 
High-pressure turbine entry 

for zrm definition 
Nozzle vanes exit 
Coolant mixer 1 exit 
High-pressure turbine entry 

for rtH definition 
High-pressure turbine exit 
Modeled coolant mixer 2 entry 
Coolant mixer 2 exit 
Low-pressure turbine entry 
Low-pressure turbine exit 
Core exhaust nozzle entry 
Core exhaust nozzle exit 
Bypass exhaust nozzle entry 
Bypass exhaust nozzle exit 

569 
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Fig. J.la Reference stations--high bypass ratio turbofan engine. 

The component z, Jr, efficiencies, and assumptions of Chapter 4 apply to this 
engine with the exception of those referring to the mixer and afterburner. Unlike 
the engine of Chapters 4 and 5, this turbofan does not have afterburning, and both 
the core (rhc) and bypass (rhv) airflows pass through separate nozzles. The total 
pressure ratio of the bypass air stream's nozzle is defined as 

7~nf ~-- Ptl9/Ptl7 

The mass flow ratios of Eqs. (4.4a), (4.4b), (4.4c), (4.4d), (4.4e), (4.4h), (4.8i), and 
(4.8j) apply as does the turbine cooling model of Chapter 4 shown in Fig. 4.2. 

This turbofan engine is modeled as having fixed convergent nozzles for both 
the core and bypass air streams. Thus, the exit pressure is equal to the ambient 
pressure for unchoked nozzle operation and the exit pressure is greater than the 
ambient pressure when the nozzle flow is choked. 

The following sections outline development of both parametric and performance 
cycle analysis equations for this turbofan engine. 

2 
I 

pr 

power extraction 
PTOL PTOn 

113 ~ [ • bleed air coolin~ air #2 ~. 

• ~r~ ~coPrt ~ . coolin~~ir#l~ ~ ~  ~ 31 I I I I I 13.I 4 4.1 high-pressure turbine 4.4 4.5 5 
re 

[ high-pressure spool I 2.5 
low-pressure spool 

Fig. J.lb Reference stations---bleed and turbine cooling airflows. 



APPENDIX J: HIGH BYPASS RATIO TURBOFAN ENGINE 571 

Parametric Analysis 
The uninstalled thrust for a turbofan engine with separate exhausts streams is 

given by 

1 
F = - - ( t h 9 V  9 .3¢_/,h19V19 _// ' /0 Vo) -~- A9(P9 - Po) + A19(P19 - eo) 

g~ 

which can be rearranged into its nondimensional form as 

(1 + fo(1 + a) - j~) V9 -~- ot gl---~9 - (l -~- ot)Mo 
ao ao 

R9 T9/To (1 - Po/P9) (J.1) 
Fgc _ ~ + (1 -F fo(1 + or) -- fl)-~o V9/ao Yo rhoao 1 + ot 

R,9 r~9/ro (i - Po/P~9) 
+or 

Ro Vl9/ao Yo 

The velocity and temperature ratios required in Eq. (J. 1) are obtained using the 
methods of Chapter 4. For the core airstream, they are 

g9~ 2 M2"~.'Cml'tStHgm2 gtL h9 

where h9 is determined from ht9 and the pressure ratio 

Pt9 (eo"~r~dgcL~cH~b~,tH~tL~ n 
---~9 = t '9/  

For the bypass airstream, they are 

a---o/ -- -~r ~ Y htl---9 

where h19 is determined from htl9 and the pressure ratio 

Ptl9 (Po'~Trr2.lj d 

The independent design variables for this engine are the fan pressure ratio (zrf), 
the overall cycle pressure ratio (zrc), and the bypass ratio (or). The pressure ratio 
across the high-pressure compressor is obtained from 

7gcH = 7~c/~cL 

The temperature ratios across the fan (l:f), the low-pressure compressor (VcL), and 
the high-pressure compressor (rcH) are related to their pressure ratios by Eqs. (4.7b), 
(4.7c), and (4.7d), respectively. The temperature ratios across the high-pressure 
turbine (VtH) and low-pressure turbine (rtL) are obtained from power balances of 
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the high- and low-pressure spools resulting in Eqs. (4.21a) and (4.22a). The tem- 
perature ratios across the two cooling air mixing processes (rml and rm2) are given 
by Eqs. (4.20a) and (4.20b). The pressure ratios across the high-pressure turbine 
(Trtn) and low-pressure turbine (zrtD are related to their respective temperature 
ratio and polytropic efficiency by Eqs. (4.9d) and (4.9e). The fuel-air ratio ( f )  is 
given by Eq. (4.18). Thus, the only unknowns for solution of Eq. (J. 1) are the static 
pressure ratios, Po/P9 and Po/P19. 

Two flow regimes exist for flow through a convergent nozzle, unchoked and 
choked. For unchoked flow, the exit static pressure (Pe) is equal to the ambient 
pressure (P0), and the exit Mach number is less than or equal to one. Unchoked 
flow will exist when 

- -  < 

Po "P M=I 

Then Pe = P0 and the exit Mach number (Me) is determined using the compressible 
flow functions. On the other hand, choked flow will exist when 

- -  > 

P O -  P- M=I 

and then Me = 1, Pte/ Pe = (Pt /  P)M=I, and 

P~e/Pe 
Po/Pe -- - -  

P,e / Po 

where Pte/Po is obtained by the product of the ram and component zr for the 
respective airstream. 

The thrust specific fuel consumption is given by Eq. (4.31), which can be ex- 
pressed as 

S - m fo f(1 - f l - e l  - e2 )  
F/rho (1 + a)F/mo 

All of the equations needed for on-design cycle analysis of this turbofan engine 
have now been identified. The following section presents these equations in the 
order of solution. 

Summary of High Bypass Ratio Turbofan Engine Parametric Cycle 
Analysis Equations 

This section presents the complete parametric cycle analysis equations for non- 
afterburning, separate exhaust flow, two-spool turbofan engine with bleed, turbine 
cooling, power extraction, and convergent nozzles. For convenience in computer 
programming, the required computer inputs and principal computer outputs are 
given. These are followed by the cycle equations in their order of solution. 
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Inputs 
Flight parameters: 
Aircraft system parameters: 
Design limitations: 

Fuel heating value: 
Component figures 

of merit: 

Design choices: 

Outputs 
Overall performance: 
Component behavior: 

Equations 

Mo, To, eo 

fl, CTOL, CTOH 

hpR 

El, E2 

Ygb, Tfdmax, 27:n, YT:nf 

e f ,  ecL, ecH, etH, etL 
T]b, I"]rnL, TImH, TImPL, T]mPH 

Y'g f , 7TcL , 7fcH , 0[, Tt4 

F/rho, S, fo, tip, 17TH, V9/ao, V19/ao 

7¢tH, YgtL 

T f ,  "CcL , 15cH , "CtH , "gtL, 75~ 

f 
Of,  YIcL, OcH, ~tH, TltL 

M9,  Pt9 / P9, P9 / Po, T9 / To 

M19, e t l 9 /  Pl9, PI9 /  Po, T19/ To 

FAIR (1, O, To, ho, Pro, ¢o, cpo, Ro, YO, ao) 
Vo = Moao 

hto = ho + V2 
2gc 

FAIR (2, 0, Tto, hto, Prto, Ckto, cpto, Rto, Yto, ato) 
rr = hto/ ho 

7rr. = Prto/ Pro 

~ r = l  f o r M o < l  
/~r = 1 -- 0.075(Mo - 1 )  1'35 for Mo > 1 
7"( d = YfdmaxTlr 

ht2 = hto 

ern = Pr, o 
r'J 1/ef 

ertl3 = l-rt22Tf 

FAIR (3, O, Tt13, htl3, Prtl3, ~btl3, Cptl3, Rtl3, Ytl3, atl3) 

~:f = h t l 3 /  ht2 

ertl3i = ert27"g f 

FAIR (3, 0, Tt13i, htl3i,  Prtl3i, ~btl3i, Cptl3i, Rtl3i ,  Ytl3i, atl3i) 

htl3i - ht2 

~Tf - -  htl3 _ ht2 
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A 

o -- l/ecL 
Prt2.5 -m- rrt2JtcL 

F A I R  (3, 0, Tt:.5, ht2.5, Prt2.5, ~bt2.5, Cpt2.5, Rt2.5, Yt2.5, a/2.5) 

"CcL =. ht2.5/ ht2 
ert2.5i = Prt2 7rcL 
F A I R  (3, 0, Ttz.5i, hta.5i, Prtz.si, c~t2.si, CptzSi, Rt2.5i, ~/t2.5i, at2.5i) 

ht2.5i -- ht2 
O c L - -  

ht2.5 - ht2 

Prt3 = err2.5 7tcl/HeCH 

F A I R  (3, 0, Tt3, ht3, Prt3, ~bt3, Cpt3, Rt3, Yt3, at3) 

~cH = ht3/  ht2.5 
Prt3i = Prt2.5 7rcH 
F A I R  (3, 0, Tt3i, ht3i, ert3i, ~t3i, Cpt3i, Rt3i, Yt3i, at3i) 

ht3i - ht2.5 
tic H -- 

ht3 - ht2.5 
Set  in i t i a l  v a l u e  o f  fue l /a i r  ra t io  at  s t a t ion  4 = f4i 

F A I R  (1, f4i, Tt4, ht4, Prt4, ~t4, cpt4, Rt4, Yt4, at4) 
ht4 -- ht3 

f - -  rlbhpR -- ht4 

I f  I f  - f4il > 0 .0001 ,  then  fgi = f and  go  to A,  e l se  con t inue .  

~X = ht4/  ho 

(1 - fl - -  e l  - e2)(1 + f )  + elrrrcLrcn/rx 
"Cml .~. 

( 1 - - f l - e l - e 2 ) ( l + f ) + e l  

rrrcL(rc#-- I ) +  (1 + ot)Crol4/rhnen 
r tn  = 1 - 

rh .nrx{(1  - fl - e l  - e2)(1 + f )  + elrrrcLZctt/r;,} 

ht4.1 = ht4rml 

f 
4,1 

1 + f + e l / ( 1  - / 3  - e~ - e2) 

F A I R  (2, f4.1, Tt4.1, ht4.1, Prt4.1, q~t4.1, Cpt4.1, Rt4.1, )zt4.1, at4.1) 

ht4.4 = ht4.1T, tH 

F A I R  (2, f4A, Tt4.4, ht4.4, Prt4.4, ~bt4.4, Cpt4.4, Rt4.4, Yt4.4, at4.4) 

~ ( Prt4.4 ) l/etH 

PT4.1/ 
Prt4.4i -~- 7rtH Prt4.1 
F A I R  (3, f4.1, Tt4.4i, ht4.4i, Prt4.4i, qJt4.4i, Cpt4.4i, Rt4.4i, Yt4.4i, at4.4i) 

ht4.1 - ht4.4 
rhH -- ht4.1 - ht4.4i 

(1 - 13 - e l  - e2)(1 + f )  + el + E2{rr75cLrcH/(rXT~mlIStH)} 
rm2 =- 

(1 - 13 --  e l  - -  e2)(1 + f )  + e l  + e2 
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ht4.5 = ht4.4"~m2 

f 
f4.5 

1 + f + (el + e2) / (1  -- /~  -- el - e2) 

FAIR (2, f4.5, Tt4.5, ht4.5, Prt4.5, ~bt4.5, Cpt4.5, Rt4.5, Yt4.5, at4.5) 

r,{(rcL - 1) + ct(rf - 1)} + (1 + et)CroL/rlmPL 
75tL ~ 1 -- 

rlm14rX rtH {(1 --/3 -- e] -- e2)(1 + f )  + (el + S2/rtH)~rrcL'CcH/75Z} 

ht5 = ht4.5"CtL 

FAIR (2, f4.5, Tt4.5, ht4.5, Prt4.5, ~t4.5, Cpt4.5, Rt4.5, Yt4.5, at4.5) 

( Prt5 ~ l/etL 

Pr, si = rrtL Pr,4 5 

FAIR (3, f4.5, Ttsi, ht5i, Prt5i, ~bt5i, Cpt5i, Rt5i, Yt5i, at5i) 

ht4.5 - ht5 
~tL-- 

h/4.5 - ht5i 

ht9 =ht5;  T t9=Tt5 ;  Prt9 = Prts; f 9 =  f4.5 
M 9 = l  

RGCOMPR (1, Tt9, f9, M9, (Tt/T)9, (Pt/P)9, MFP9) 
P,9 
- -  ~ 7"( r 7~ d 7t'cL 7lJcH 2T b 7"(tH 7t'tL 2"f n 
eo 

If Pt9 ( P ' )  
- -  > then 
p 0 -  p" 9 

Tt9 
T9- -  

( T t /T ) 9  

FAIR (1, fg, T9, h9, Pr9, ~9, Cp9, R9, 2/9, a9) 

Po ( Pt / P )9 

P9 Pt9 / Po 

Else 

Prt9 
e r 9 - -  m 

Pt9 / Po 

FAIR (3, f9, Tg, h9, Pr9, ~9, Cp9, R9, )/9, a9) 

Po 
- - ~ 1  
P9 

End if 

V9 = ~/2gc(ht9 - h9) 
M9 = V9/a9 
htl9 = htl3; Ttl9 = Ttl3; Prtl9 = Prtl3; f19 ~--- 0 
M19 = 1 
RGCOMPR (1, Tti9, f19, M19, (Tt /T)19,  (P t /  P)19, MFP19) 
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Ptl9 
Y~'r ~d Yg f Y(nf 

Po 

IfP'19 > ( P t )  then 
p o -  p 9  

rtl9 
r l 9 - - - -  

( r t / r )19  

FAIR (1, f19, T19, hi9, Prl9, ~b19, Cpl9, R19, Y19, a19) 

Po ( Pt / P )9 

P9 P,9 / eo 

Else 

Prtl9 
erl9 -- 

PtI9/Po 
FAIR (3, fl9, 1"19, hi9, Prl9, ~b19, Cpl9, RI9, Y19, a19) 
P o  

P9 
End if 

W19 = ~/2gc(htl9 - h19) 

M19 = V19/a19 
fo = f(1 - /~  - el - e2)/(1 + or) 

[1 + f o (1 + or) - fl ] V9 "-[- ol 
ao 

F ao 

fno gc(1 + a) 

fo S -  
Flmo 

W19 
- (1 + a)Mo 

ao 

~ r91ro ( l  - PolP9) 
+ [1 + fo(1 + ~) - ~] V91ao Yo 

+ o t m  R19 T19/To (1 - Po/PI9) 

Ro V19/ao )to 

2gcMo(1 + ot)F/(rhoao) 

\ ao / \ ao / 
1 {[ [ l + f ° ( l + ~ ) - f l ] V 2 + ° t V 2 9  ] 

= G -f ¥ - vg 

Example Parametric Analysis Results 
Consider a turbofan engine with a fan pressure ratio (7/'f) of 1.4 to be designed for 

a flight Mach number of 0.8 at standard altitude of 40 kft using the variable specific 
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0 . 8 5  I i i i ' 

0 . 8 0  

0 . 7 5  

~= 1£ 
0 . 7 0  

S a ~  1 (l/h) 
0 . 6 5  

0 . 6 0  2 ~  

0 . 5 5  , , , I , , , I , , , I , , , I , , , 

6 8 1 0  1 2  1 4  1 6  

F / rh 0 { lbf/(lbm/sec) } 

Fig. J.2 Specific performance of high bypass turbofan engines. 

heat (VSH) gas model with the inputs listed here: e f  = 0.89; ~dmax : 0.99; 
~b = 0.995; Tt4 = 2600°R; e e l  = 0.90; ~rb = 0.96; ~mL = 0.995; h p e  = 18,400 
Btuflbm; ecH = 0.90; ~Zn = 0.99; ~mH = 0.995; el = 0.04, s2 = 0.03; etH = 0.89; 
~Z,y = 0.99; OmPL = 1.00; ~mPH : 0.99; etL = 0.91; fl = 0.03; CrOL = 0.00; and 
CTOH = 0.01. 

Figure J.2 presents the parametric results for variation in the remaining two 
design variables, Zrc and or. These results were obtained using the equations just 
listed for :rcL = 4 and values 10 < :re < 30 and 6 < ot < 15. As can be seen 
in this figure, increasing either the bypass ratio or the compressor pressure ratio 
generally reduces the specific fuel consumption (see Appendix E), while increasing 
the bypass ratio naturally reduces the specific thrust. Also, for the bypass ratio 
range 12 < ot < 14, increasing the bypass ratio no longer reduces the specific fuel 
consumption because the bypass and core velocities are so disparate. Consequently, 
for each compressor pressure ratio, there is a bypass ratio that gives the minimum 
thrust specific fuel consumption. This is commonly referred to as the optimum 
bypass ratio (or*). A performance curve for this optimum bypass ratio is also 
plotted in Fig. J.2. The value of the optimum bypass ratio for this engine is plotted 
vs the compressor pressure ratio in Fig. J.3. 

Performance Analysis 
The performance of a selected design point high bypass turbofan engine of 

the type shown in Figs. J.la and J.lb is desired at off-design flight conditions 
and throttle settings. In this off-design problem, there are 19 dependent and 4 
independent variables as shown in Table J. 1. 

The assumptions of Sec. 5.2.2 apply, except those referring to the exhaust 
mixer and afterburner, and the exit nozzles have fixed areas. As a result of these 
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15 20 25 

Compressor Pressure Ratio (~) 

Optimum bypass ratio of the high bypass turbofan engines. 

30 

Table J.1 Engine performance variables 

Component 

Variable 

Independent Constant or known Dependent 

Engine Mo, To, Po fl mo, 
Diffuser red = f ( M o )  

Fan t// re f ,  r f  
Low-pressure compressor O, z. reeL, rcL 

High-pressure compressor tT, H zr,.n, r,w 
Burner Zt4 reh f 
Coolant mixer 1 el rml 
High-pressure turbine 0,/f re,n, rm 
Coolant mixer 2 e2, rein2 r.,2 
Low-pressure turbine ~hc retc , rtL 
Core nozzle 7r,, M9, P9/ Po 

Fan nozzle re~,f M19, P19/Po 
Total number 4 19 
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assumptions, Eqs. (5.1) and (5.2) apply to the high-pressure turbine. Since the 
flow is adiabatic between stations 5 and 9, then A6MFP6 = rcnA9MFP9, and 
Eq. (5.3) can be rewritten as 

YrtL A4,5 MFP(M4.5, Tt4.5, f4.5) 
(J.2) 

~ / ~ /  Tt4.5 7rna9 MFP(M9, Tt5, f4.5) 

In addition, Eqs. (5.4-5.8), and (5.17) also apply to this engine. These equations 
allow solution for 14 of the dependent variables, and new relationships are re- 
quired for the bypass ratio (or) and the four exhaust nozzle dependent variables 
(M9, M19, P9/Po, and P19/Po). An expression for the engine bypass ratio (or) 
follows directly from its definition written in terms of properties at stations 4 and 
19. We write 

rhc 

where 

Ptl9A19 MFP19 = Po Yrr 7rd 7rf 7rnf A19 MFP19 
I~l F 

and 
Pt4A4 . Po rCr red reeL ZrcH Zrb A4 MFP4 

th4 = rhC(1 -- fl -- el -- e2)(1 + f )  = -~4t4MFP4 = 

Thus the engine bypass ratio can be written as 

(1 - fi - el - e2)(1 + f ) / T t 4  MFP19 A19 
= ( J . 3 )  

WcL TrcH ~b/(Tf f Jrnf) V Ttl3 MFP4 A4 

The pressure ratio Po/Pe depends on whether or not a convergent nozzle is 
choked. This is the same criterion that applied to the parametric cycle analysis of 
this engine. Two flow regimes exist for flow through a convergent nozzle, unchoked 
and choked. For unchoked flow, the exit static pressure (Pe) is equal to the ambient 
pressure (Po), and the exit Mach number is less than or equal to one. Unchoked 
flow will exist when 

ete< ( e t )  
Po T M=I 

Then P0 =/De and the exit Mach number (Me) is determined using the compressible 
flow functions. On the other hand, choked flow will exist when 

ere ( e t )  
- -  > 

P 0 -  PM=I 
and then Me = 1, PtdPe = (Pt/P)M=I, and 

Pte/Pe 
P o / P e  - -  - -  

P , e /  Po 

where Pte/Po is obtained by the product of the ram and component 7r for the 
respective airstream. 
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Summary of High Bypass Ratio Turbofan Engine Performance Cycle 
Analysis Equations 

This section presents the complete performance cycle analysis equations for 
nonafterburning, separate exhaust flow, two-spool turbofan engine with bleed, 
turbine cooling, and power extraction. For convenience in computer programming, 
the required computer inputs and principal computer outputs are given. These are 
followed by the cycle equations in their order of solution. 

Inputs 
Performance choices: 

Flight parameters: 
Throttle setting: 

Design constants: 
Jr: 

A: 
Others: 

Reference condition: 
Flight parameters: 
Component behavior: 

Others: 

Engine control limits: 

Mo, To, Po 
Tt4 

7r d max , Yg b , 7?~ n , Y['nf 

l~ f ,  l~cL, 17cH, l~tH, OtL, Ob, TIroL, l~mH, T]mPL, ?~mPH 

A4, A4.5, A8, AI8, 
,8, el, e2, heR, PrOL, PrOH 

MOR, TOR, POR 
JTJR, 7t'cLR, 7gcHR, T(tHR, 7gtLR 

"EfR, "~cLR, Z'cHR, Z'tHR, 75tLR 

rmlR,  rm2R, f R ,  M9R,  M19R,  OtR 

Fk, thoR, SR 
7Ccmax, Tt3max, Pt3max, %NL, %Nn 

Outputs 
Overall performance: 

Component behavior: 

F, tho, S, fo, ~lP, Oft4, V9/ao, V19/ao, ot 
e t 9 /  P9, P 9 /  Po, T9 /  To, P t l 9 /  e l 9 ,  P I 9 /  Po, T I 9 /  To 

7r f ,  7fcL , 7rcH , 7~tH, 7rtL 

r f ,  TcL, rcH, rtH, "~tL, "(~. 

rml, "~'m2, f ,  M9, MI9 

Equations 
Preliminary computations: 

FAIR (1, O, To, ho, Pro, ~Po Cpo, Ro, )to, ao) 
Vo = mo ao 

hto = ho + V~ 
2gc 

FAIR (2, 0, Tto, hto, Prto, C~to, cmo, Rto, Yto, aro) 
"Or = hto/ ho 
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Y~'r = Prto/ Pro 
OR spec ~-- 1 

0l¢ we~ = 1 - 0 .075(Mo - 1) 1'35 

2"gd : YfdmaxOR spec 

ht2 = hto 

ert2 = Pr,  o 

Set initial values: 

forMo < 1 

fo r l  < M o  < 5  

7rJtH : 9TtHR, YgtL : TftLR, ~'tH ~--- "gtHR, "gtL : "~tLR 

7g f ~ 7gfR , 7gcL : YgcLR, 7~cH : 7gcHR 

T f  : TfR, TcL ~ "CcLR, "~cH : "~cHR 

15ml "~- TmlR, Tm2 = Tm2R, f = fR 
M4 = 1, M4.5 = 1, M 9 = M 9 R  , M 1 9 = M 1 9 R  

F A I R  (1, f ,  Tt4, ht4,  Prt4, ~bt4, Cpt4, e t4 ,  Yt4, at4) 

ht4.5 = ht4  rml TtH Tin2 

f4.5 = f ( 1  - - /3  -- el -- e2) / (1  - - /3 )  

F A I R  (2, f4.5, Tt4.si, ht4.5, Prt4.5 ¢t4.5, cpt4.5, Rt4.5 Yt4.5, at4.5) 

ht5 : ht4.5 "gtL 

F A I R  (2, f4.5, Ttsi, hts, Prts, fbts, cpts, Rts, Yts, ats) 
ht3 = hto'gcL'~cH 

FAIR (2, 0, Tt3, ht3, Prt3, ¢t3, Cpt3, Rt3, Yt3, at3) 
F A I R  (1, f ,  Tt4, ht4, Prt4, ¢t4, Cpt4, Rt4, Yt4, at4) 
f4.5 = f ( 1  -- 13 -- el  -- e2)/(1 - - /3 )  

TURBC (Tt4, f ,  A4/A4.5, M4, M4.5, OtH, Tt4.si, Tt3, fl, ~1, e2, YrtH, rtH, Tt4.5) 

T U R B  (Tt4.5, f4.5, A 4 . 5 / ( A 9 ~ n ) ,  M4.5, M9, OtL, Tt5i, ~tL, 15tL Tt5) 

"Ok = ht4/ ho 

rf = l + { (1-- VtL)OmL [ ( 1 -  / 3 - e l  - e2) ( l  + (el vtn + e2)vcL'ccn 

(lq'-ot) P r o L } /  
TrOmpg /noho {(TcL -- 1 ) R / ( ' C f  - -  1)R + a} 

( r c L -  1)R 
"gcL ~-" 1 + ( r f  - 1 ) ~ f  Z 1)R 

= 1 + (1 -- VtH)OmH[(1 --/3 -- el -- e2)(1 + f )  VX rcH 
[ Vr VcL 

(1 + Ot ) PrOH 

Vr ~cL OmPH l~loho 
ht2 = hto  

Prt2 = Prto 

h t l  3 = ht2"c f 

ht2.5 =- htzZ'cL 

ht3 = ht2.5~cH 

-~- SI TcH} 
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2 

htl3i = ht2{1 + ~ f ( T f  - 1)} 
ht2.5i = ht2{1 + rlcL(rcL -- 1)} 
ht3i = h/2.5{1 + rlcH(rcH -- 1)} 
FAIR (2, 0, Ttl3, htl3, Prtl3, ~/13, Cptl3, gtl3,  Ytl3, all3) 
FAIR (2, 0, Ttl3i, htl3i, ertl3i, ~t13i, Cptl3i, Rtl3i, )"t13i, atl3i) 
FAIR (2, 0, Tt2.5, ht2.5, Prt2.5, ¢t2.5, Cpt2.5, Rt2.5, Yt2.5, at2.5) 
FAIR (2, 0, Ttz.si, ht2.5i, ert2.5i, ~bt2.5i, ¢pt2.5i, Rt2.5i, Yt2.5i, at2.5i) 
FAIR (2, 0, Tt3, ht3, Prt3, q~t3, Cpt3, Rt3, Yt3, at3) 

FAIR (2, 0, Zt3i, ht3i, Prt3i, ~t3i, Cpt3i, et3i,  Yt3i, at3i) 

yr f = ertl3i / Prt2 
TfcL = Prt2.5i / Prt2 
zrci~ = Prt3i / Pr,2.5 

7g" c ~ 7~cLYrcH 

Tc = ~cL"CcH 

f temp = f 
FAIR (1, f, Tt4, ht4, Prt4, ~t4, Cpt4, gt4, Yt4, at4) 

ht4 - ht3 
f - -  

hpROb -- ht4 

i f  I f  - fiempl > 0.0001 goto 2 

Ptl9 
~- 7"(r ~d Yr f 7rnf 

Po 

RGCOMP (3, Tt13, O, M19, Ttl9/ To, PtI9/Po, MFP19) 
i f  M19 > 1 then 

M19 = 1 
RGCOMP (1, Tt13, O, M19, Ttl9/T19, e t l 9 /  el9,  MFP19) 

Ptl9/P19 
Po/  P19 -- - -  

Pt l9/Po 
Ttl3 

T19__ - -  
TtI9 / TI9 

else 

Po/  P19 = 1 

P,19/P19 = P .9 /Po  

T,13 
TI9-- 

Ttl9/T0 
endif 

FAIR (1, 0, Tl9, hi9, Prl9, q~19, Cpl9, R19, Y19, alg) 

(1 --,8 -- ~___~1 -- ~2)(___.~1 + f ) j  Tt4 MFP19 A19 

Olnew = T(cLTt'cHTt;b/(Tt'fTtJnf) ~ T t l 3  MFP4 A4 

i f  ~ - ot,~e., > 0 . 0 0 1  then 
OtR 
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O[ ~ Olne W 

goto 1 

endif 

Pt9 
- -  ~-- 7t'r 7~d 7~cL 7~cH ~b  ~tH ~tL ~n 
Po 

RGCOMP (3, Tts, f4.5,349, Tt9/To, Pt9/Po, MFP9) 
if  M9 > 1 then 

M 9 = l  

RGCOMP (1, Tt5, f4.5, M9, Tt9/T9, Pt9/P9, MFP9) 
Pt9 / P9 

Po/P9 - - -  
Pt9 / Po 

T,5 
T9--  

Tt9 / T9 
else 

Po/P9 = 1 

Pt9/ P9 = Pt9/ Po 
r~5 

r g - -  
r,9 / ro 

endif 

FAIR (1, f4.5, Tg, h9, Pr9, ~9, Cp9, R9, Y9, a9) 

RGCOMPR (1, Tt4, f ,  M4, TtT, PtP, MFP4) 

1 + fR Po(1 "q- Ol)Ygr YCd YgcL 7rJcH MFP4 Tf~t4R 
rhOnew : /~t0R 1 + - ~  {Po(1 + Ol)Ygr 7~d Y~cL YCcH}R M F P 4 R  . I Tt4 

• I~lOnew - -  m o  
mOerror ~ thOR 

if lhOerror > 0.001 then 

lfVl 0 = l~Onew 

goto 1 

endif 

V9 = M9a9 
El9 = M19a19 

fo = f (1  --/3 -- el -- e2)/(1 + or) 
V~9 [1 + fo(1 + a)  - fl] V9 + a - -  - (1 + a)Mo 

ao ao 
F 

_ ao + [1 + fo(1 + a) - ~]~o 
T9 / To (1 Po/Pg) 

tho gc(1 + or) V9/ao Yo 
R19 TI9/To (1 - Po/P19) 

+ o t - -  
RO V19/ao YO 
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fo S - -  
F/rho 

2gcMo(1 + oOF /(rhoao) 
TIp : 

{1 + fo(1 + el) - fl} (V9/ao) 2 + ot (Vl9/ao) 2 - (1 + a)Mg 

1 { [ [ l + f o ( l + o O - f l ] v Z + o t V 2 9  ] 
= - v g  

riO : r l tHrlp 

RGCOMPR (1, Tto, O, Mo, TtT, PtP, MFPo) 

Yh o ~C-T t o 
A O - - - -  

PtoMFPo 

1 0 0 /  ho 'cr ( rg f  - 1) %NL 
V [h0rr(rf - 1)JR 

1 0 0 /  hor,.rcL(rcH -- 1) %NH 
V [horrrcL(rcH- 1)]R 

If any of  the control limits (7rc, Tt3, Pt3, etc.) are exceeded, then reduce Tt4 and 
go to 1. A Newtonian iteration scheme is used to rapidly converge on the value of  
Tt4 that meets the most constraining control limit. 

Example Performance Results 

Consider a turbofan engine designed for a Mach number of  0.8 at a standard day 
altitude of  30 kft using the variable specific heat (VSH) gas model with a compres- 
sor pressure ratio of  30 (7rcL ---- 4, Zr,H ----- 7.5), a fan pressure ratio of 1.5, a bypass 
ratio of 8, and the other inputs given here: ey = 0.89; 7rdmax = 0.99; 0b = 0.995; 
Tt4  = 2860°R; eeL = 0.90; zrh = 0.96; Tim L = 0.995; her = 18,400 Btu/lbm; 
ecH = 0.90; Jr, = 0.99; ~mH = 0.995; fl = 0.03; etH = 0.89; Ygnf = 0.99; C T O L  = 

0.00; rlmeL ---- 1.0; etL = 0.91; el, e2 = 0.05; CTOH = 0.005; and ;lmPH = 0.99. The 
performance variation of the fan pressure ratio, the compressor pressure ratio, and 
the bypass ratio with changes in flight Mach number and altitude are presented in 
Figs. J.4-J.6, respectively, for full throttle operation with maximum compressor 
pressure ratio of 30 and maximum Zt4  of 3200°R. These are the same trends 
observed in Figs. 4.9, 4.10, and 4.11. Because the component performance curves 
of Figs. J.4-J.6 break at about a Mach number of 0.45 at sea level on a standard 
day, this engine has a theta break (App. D) and throttle ratio (TR) of  about 1.04. 

Figure J.7 shows the variation in full throttle uninstalled thrust with changes 
in Mach number and altitude for an engine sized for a static sea level thrust of 
50,000 lbf. The variation of the uninstalled thrust specific fuel consumption at 
full throttle is shown in Fig. J.8. The partial throttle performance at an altitude of 
30 kft is presented in Fig. J.9 for selected flight Mach numbers. 
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Fig. 3.4 Fan pressure ratio of exam ~le turbofan engine at full throttle (standard day). 
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Fig. J.5 Compressor pressure ratio of example turbofan engine at full throttle 
(standard day). 
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Fig. J.6 Bypass ratio of example turbofan engine at full throttle (standard day). 
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Fig. J.7 Thrust of example turbofan engine at full throttle (standard day). 
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Fig. J.8 Thrust specific fuel consumption of example turbofan engine at full throttle 
(standard day). 
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Fig. 3.9 Partial throttle performance of example turbofan engine at 30 kft (standard 
day). 



Appendix K 
Turboprop Engine Cycle Analysis 

This material is included in case turboprop engine cycles are under considera- 
tion. They are strong candidates for any application where high thrust and low fuel 
consumption are required and the flight Mach number never exceeds about 0.8. 
Consider the turboprop engine shown in Figs. K. 1 a and K.lb. The station numbers 
of locations indicated there will be used throughout this appendix and include the 
following: 

Station Location 

3 
3.1 
4 

4.1 

4.4 

4.5 

5 
7 
9 

Far upstream or freestream 
Inlet or diffuser entry 
Inlet or diffuser exit 
Compressor entry 
Compressor exit 
Burner entry 
Burner exit 
Nozzle vanes entry 
Modeled coolant mixer 1 entry 
High-pressure turbine entry for rrtn definition 
Nozzle vanes exit 
Coolant mixer 1 exit 
High-pressure turbine entry for "Ctn definition 
High-pressure turbine exit 
Modeled coolant mixer 2 entry 
Coolant mixer 2 exit 
Low-pressure turbine entry 
Low-pressure turbine exit 
Core exhaust nozzle entry 
Core exhaust nozzle exit 

The component r, zr, efficiencies, and assumptions of Chapter 4 apply to this 
engine with the exception of those referring to the exhaust mixer and afterbumer. 
Unlike the engine of Chapters 4 and 5, this engine has neither a fan nor a bypass 
airflow. The mass flow ratios of Eqs. (4.8a-4.8e) and (4.8i) apply as does the 
turbine cooling model of Chapter 4 shown in Fig. 4.2. 

The compressor of this turboprop engine and high-pressure spool power takeoff 
are powered by the high-pressure turbine, while the low-pressure turbine provides 

589 
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p r o p e l l e r  

bleed air 

Fig. K.la Reference stationsmturboprop engine. 

mechanical power to both the propeller and the low-pressure spool power takeoff. 
The engine's nozzle is modeled as a fixed convergent nozzle. 

The following sections outline development of both parametric and performance 
cycle analysis equations for this turbofan engine. 

Parametric Analysis 
The "work interaction coefficient" (C) is introduced for use in analysis of 

the work interaction of this engine with the vehicle rather than the thrust. The 
dimensionless coefficient is defined by 

Total power interaction with vehicle /ho (K. 1) 
C - -  

Mass flow of air through core engine / 

power extraction 

P! Ol PTOH 

2 
3 

~ - - - - P  bleed air cooling air #2 

nozzle 

] coolant 

high-pressure spool 

high-pressureturbine 

low-pressure spool 

Fig. K.lb Reference stations--bleed and turbine cooling airflows. 
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The use of such coefficients is commonplace in the turboprop industry because 
turboprop designers see themselves as converting engine power into flight power. 

Please note that the bypass ratio (a) does not appear in this development because 
the propeller is treated as a power exchange device. For the propeller, the total work 
interaction with the vehicle is given by rlpropPprop/rh 0 where Oprop is the efficiency 
of the power transfer from the propeller to the air and eprop is the power transferred 
to the propeller. The total power interaction of the propeller is also equal to the 
effective thrust of the propeller (Fprop) times the velocity of the vehicle (V0) or 

Total work interaction of the propeller = rlpro p Pprop = Fprop Vo 

Thus from Eq. (K.1) 

Oprop Pprop Fprop Wo 
Cprop- l~loho -- rhoh~ (K.2)  

Similarly, the work interaction coefficient for the core engine is defined with respect 
to the power transferred to the vehicle (thrust × velocity) or 

FcV0 
cc -' ~ (K.3) 

The total work interaction coefficient of the turboprop engine is the sum of Cprop 
and Cc, or 

CTOTAL = Cprop q- Cc (K.4) 

Thus, CTOTAL is related to the total power transferred to the vehicle. The effective 
uninstalled thrust (F) of the engine can be found from Eqs. (K. 1) and (K.4) to be 

C TOTAL I'hoho 
F - -  Fprop + Fc -- (K.5) 

Vo 

The uninstalled specific thrust (Fc/~no) of the core is given by 

Fc / a0 Vo 
{(1 + f o  - f l ) ~  - M0 + (1 + f o  - f l )  

r'no gc [ ao 
R 9 T9/T 0 (1 - Po/P9) I 

! Ro V9 / ao Y0 

where fo = f (1 - fl - el -- E2). Thus, the work interaction coefficient of the core 
can be written as 

{ R 9 T 9 / T ° ( 1 - P ° / P 9 ) I  
Cc = (Yo - 1)Mo (1 + fo - fl) V9a0 -- Mo + (1 + fo - fl) R--oo V9/ao Yo ] 

(K.6) 

The velocity and temperature ratios required in Eq. (K.6) are obtained using the 
methods of Chapter 4. We have 
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where h9 is determined from ht9 and the pressure ratio 

Pt9 ( e o ' ~ r ~  d 
= I --~9/] 2rc yl'b 2"ttH ~tL 7fn 

The independent design variables for this engine are the compressor pressure 
ratio (ztc) and the turbine total enthalpy ratio (rt). The enthalpy ratio across the 
low-pressure turbine is obtained from 

Z'tL = "tt / ( rm l T;tH'tm2 ) 

The enthalpy ratio across the compressor (re) is related to its pressure ratio by 
Eq. (4.9c). The enthalpy ratio across the high-pressure turbine (rtH) is obtained 
from the power balance of the high-pressure spool, which gives 

PTOH 
/h4.1(ht4.1 -- ht4.4)OmH = Ihc(ht3 - ht2) 4- - -  

~mPH 

and rearrangement allows the calculation of the high-pressure turbine total enthalpy 
ratio 

"tr('r c -- 1) + CTOH/JTmPH 
rtH = 1 -- (K.7) 

r/mHrX{(1 -- fl -- el -- e2)(1 + f )  + elrrrc/rX} 

The enthalpy ratios across the two cooling air mixing processes (rml and rm2) are 
given by Eqs. (4.20a) and (4.20b). The pressure ratios across the high-pressure 
turbine (ZttH) and low-pressure turbine OrtL) are related to their respective enthalpy 
ratios and polytropic efficiencies by Eqs. (4.9d) and (4.9e). The fuel-air ratio ( f )  is 
given by Eq. (4.18). Thus, the only unknown for solution of Eq. (K.6) is the static 
pressure ratio, Po/P9. 

Two flow regimes exist for flow through a convergent nozzle, unchoked flow 
and choked. For unchoked flow, the exit static pressure (P9) is equal to the ambient 
pressure (P0) and the exit Mach number is less than or equal to one. Unchoked 
flow will exist when 

To <-- 7M=1 
then P9 = Po, and the exit Mach number (M9) is determined using the compres- 
sible flow functions. On the other hand, choked flow will exist when 

Pt9 > ( P t )  

Po e M=I 

thus 

) P~9/P9 
Pt__99 = Pt , and P o / P g -  P t9 /~  

M 9 = l ,  P9 P" M=I 

where Pt9/Po is obtained by the product of the ram and component zt for the core 
airstream. 
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Development of an expression for the propeller work interaction coefficient 
(Cprop) starts with a power balance on the low-pressure spool, which gives 

PTOL 
tn4.5(ht4.5- ht5)~TmL = Pprop + _  

Og I~mPL 

Solution for the power of the propeller (Pprop) in terms of enthalpy and mass flow 
ratios and using Eq. (K.2) yields 

Cprop = 17propOg I rlmL (1 + fo -- t)rX'CmlrtH72m2 ( 1 -  Z'tL)- CTOL [ (K.8) 
/ r~meL I 

The uninstalled specific power of the engine (P/rho) is given by 

P 
- -  = CTOTAL ho (K.9) 
rh0 

and the uninstalled power specific fuel consumption (Sp) is given by 

Se = /n__.f_f _ fo (K.10) 
P CTOTALho 

The uninstalled equivalent specific thrust of the turboprop engine (F /mo)  is 
given by 

F CTOTALh 0 
- -  - -  ( K . 1 1 )  

rho Vo 

and the uninstalled thrust specific fuel consumption (S) is given by 

S -  l~lf _ foVo (K.12) 
F CrorALho 

The propulsive efficiency (0e) of the turboprop engine is defined as the ratio 
of the total power interaction with the vehicle producing propulsive power to the 
total energy available for producing propulsive power. Thus, 

rnohoCToTAL 

+ (m9V4- moVg)/Zgc 
or 

/ { C p r o p  ~ - - ~ I  ( V g ~ 2 - M g ] }  (K.13) rip = CrOrAL - -  + (1 + fo -- t )  - -  
rlprop \ ao / 

The thermal efficiency (~TH) of the turboprop engine is defined as the ratio of 
the total power produced by the engine to the energy made available by the fuel. 
Thus, 

rhoho( CToTAL + CTOL -~- CTOH) 
rlT H 

rh f hpR 

or 

CrorAL + CrOL + Cron 
O TH = (K.14) 

foheR/ho 
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All of the equations needed for parametric cycle analysis of this turboprop 
engine have now been identified. The following section presents these equations 
in the order of solution. 

Summary of Turboprop Engine Parametric Cycle Analysis Equations 
This section presents the complete parametric cycle analysis equations for the 

turboprop engine with bleed, turbine cooling, and power extraction. For conve- 
nience in computer programming, the required computer inputs and principal com- 
puter outputs are given. These are followed by the cycle equations in their order 
of solution. Please note that iteration is required to calculatef. 

Inputs 
Flight parameters: 
Aircraft system parameters: 
Design limitations: 

Fuel heating value: 
Component figures 

of merit: 

Design choices: 

Mo, To, eo 
t ,  CroL, CrOH 

hpR 

El ,  ,~2 

7r b, 71"dmax , 7( n 

ec, etH, etL 
rib, tiroL, rlmH, OmPL, OmPH, rlprop 
2Tc, 7:t, Tt4 

Outputs 
Overall performance: 
Component behavior: 

Equations 

F /rho, S, P /rho, Sp, fo, Cc, Cprop, I"]p, OTH, V9/ao 
7"gtH , 7"gtL 

"re, "~tH, "(tL , "gX 

f 
Oc, rhn, rhL 
M9, Pt9 / P9, P9 / Po, T9 / To 

FAIR (1, 0, To, h0, Pro, ¢0, Cpo, R0, g0, a0) 
Vo = Moao 

hto = ho + V2 
2gc 

FAIR (2, 0, Tto, hto, Prto, (Pro, cpto, Rto, Yt0, ato) 
rr = hto/ ho 
7Or = Prto/ Pro 
~d=rCamox fo rMo< 1 
h t2  = h to  

Prt2 = Prto 

Prt3 = D 1/ee rr t2Jtc  
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A 

F A I R  (3, 0, Tt3, ht3, Prt3, (bt3, Cpt3, Rt3, Yt3, at3) 

-CcL= h t3 /  ht2 
Prt3i = ert27t'c 

F A I R  (3, 0, Tt3i, ht3i, Prt3i, (bt3i, Cpt3i, Rt3i, )/t3i, at3i) 
ht3i - ht2 

r l c -  
ht3 - ht2 

Set initial value of fuel/air ratio at station 4 = f4i 

F A I R ( I ,  f4i ,  Tt4, ht4, Prt4, (bt4, Cpt4, Rt4, Yt4, at4) 
ht4 -- ht3 

f - -  
rlbhpR -- ht4 

I f  [ f  - f4i[ > 0.0001, then f4i = f and go to A; else continue. 

*:k = h t4 /  ho 
(1 - / 3  - e I --  ez)(1 + f )  + el'Cr'Cc/rZ 

27ml = 
(1 - / 3  - E 1 - -  82)(1 + f )  + E 1 

"t'r('f c -- 1) + CroH/~mPH 
"~tH = 1 -- 

rlmHZ'X{(1 --  /3 --  el  --  e2)(1 + f )  + elrrZc/ZX} 

ht4.1 = ht4"Cml 

f 
f4.1 ~" 

1 + f + el/(1 - / 3  - el - e2) 
F A I R  (2, f4.1, Tt4.1, ht4.1, Prt4.1, t~t4.1, Cpt4.1, gt4.1, ~/t4.1, at4.1) 

ht4.4 = ht4.1ztH 

F A I R  (2, f4.1, Tt4.4, ht4.4, Prt4.4, t~t4.4, Cpt4.4, Rt4.4, Yt4.4, at4.4) 

Prt4.4i = 7rtH Prt4.1 

F A I R  (3, f4.1, Tt4.4i, ht4.4i, Prt4.4i, q~t4.4i, Cpt4.4i, Rt4.4i, Yt4.4i, at4.4i) 
ht4.1 - ht4.4 

l~t H --  
ht4.1 --  ht4.4i 

(1 - / 3  - el - e2)(1 + f )  + el + S2{'Cr'Cc/(r~,.75ml'CtH)} 
"Cm2 ~--- 

(1 - / 5  - E 1 - -  82)(1 + f )  + El -~- E2 

ht4.5 ~" ht4.4"Cm2 
f 

f4.5 ~--- 
1 + f + ( E  1 "{- e2)/(1 - / 5  - e 1 - e2) 

FAIR (2, f4.5, T,4.5, ht4.5, Prt4.5, ~bt4.5, Cpt4.5, Rt4.5, Yt4.5, at4.5) 
rt 

rtL --  
"~m 1 "~'tH Tm2 

ht5 = ht4.5"CtL 

F A I R  (2, f4.5, Tt4.5, ht4.5, Prt4.5, ~t4.5, Opt4.5, Rt4.5, Yt4.5, at4.5) 

= ( Prt5 ~ 1/etL 

\ P ,4.5 / 
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ert5i = 2"(tL ert4.5 

FAIR (3, f4.5, Ttsi, ht5i, Prt5i, ~bt5/, cpt5i, et5i, Yt5i, at5i) 
ht4.5 - ht5 

OtL-- 
ht4.5 - ht5i 

ht9 = ht5; Tt9 = Tt5; Prt9 = Prt5; f9 = f4.5 
M 9 = l  
RGCOMPR (Tt9, Mg, f9, (Tt/T)9, (P t /P)9 ,  MFP9)  

Pt9 
- -  -~- ~r 7"(d 7gc Yfb ~tH ~tL 7gn 
eo 

i f P t 9  (Pt) - -  > t h e n  
P o -  P 9  

r~9 
r 9 - -  - -  

( r t / T ) 9  

F A I R ( l ,  f9, T9, h9, Pr9, qb9, Cp9, R9, Y9, a9) 

Po (Pt /P)9  

P9 Pt9 / Po 

E l s e  

Prt 9 
P r 9 - - - -  

P,9 / Po 
FAIR (3, f9, T9, h9, Pr9, ~b9, Cp9, g9, Y9, a9) 
Po 
- - = 1  
P9 

E n d  i f  

V9 = ~/2gc(ht9 - h9) 
M9 = V9/a9 

fo = f ( 1  - fl - el - e2) 

CTOTAL = fprop + CC P 
- -  = CrorALho 
rho 

fo 
S p - -  

CrorzL ho 
F CroraLho 

r'no Vo 

foVo 
N - -  - -  

C TOTAL h o 
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fo 
S - -  

F/r'no 

rIp=CTOTAL/ICpr°p q - ~ - - - [ ( l - I -  \ao / 

CTOTAL + CrOL + CTOH 
t iT H = 

fohpR/ ho 

Example Design Point Results 
Consider a turboprop engine to be designed for a Mach of 0.8 at a standard day 

altitude of 25 kft with the inputs listed here: ec = 0.90; Zrd = 0.97; T~b ~ 0.995; 
Tt4 = 3200°R; etH = 0.89; Zrb = 0.96; rlmL = 0.99; hpR = 18,400 Btu/lbm; etL = 
0.91; Zrn = 0.99; rlmH = 0.98; gIpro p = 0 . 8 2 ;  Og = 0.99; el = e2 = 0.05; Yc = 1.4; 
Cpc = 0.240 Btu/lbm-°R; fl = 0; CroH = CrOL = 0; Yt = 1.4; and Cpt = 0.295 
Btu/lbm-°R. Figures K.2 and K.3 present the parametric performance results for 
variation in the two design variables, Zrc and ft. These results were obtained using 
the methods of the preceding sections for values of  5 _< Zrc _< 35 and 0.45 _< rt _< 
0.75. Of the three thermodynamic models available with the ONX program, we 
have chosen to use for this exercise the modified specific heat model MSH. 

Figures K.2 and K.3 reveal that for any rrc there is a turbine enthalpy ratio 
( r t )  for which F/rho is maximized and S is minimized. This is referred to as the 
optimum turbine enthalpy ratio. 

Example Design Point ResultsmOptimum "rt 
The design point performance of a family of optimum turboprop engines was 

calculated for values of  5 _< nc _< 35 using the inputs from the preceding section. 
The performance results are plotted as a dashed line in Figs. K.2 and K.3 vs the 
compressor pressure ratio. The optimum turbine enthalpy ratio (zt*) for each com- 
pressor pressure ratio is plotted in Fig. K.4. 

Performance Analysis 
The performance of a selected design point turboprop engine of the type shown 

in Figs. K. 1 a and K. lb is desired at off-design flight conditions and throttle settings. 
In this off-design problem, there are 10 dependent and four independent variables 
as shown in Table K. 1. 

The assumptions of  Sec. 5.2.2 apply, except those referring to the exhaust mixer 
and afterburner, and the exit nozzle has a fixed area. As a result of  these assump- 
tions, Eqs. (5.1) and (5.2) apply to this engine. Because the high-pressure turbine 
drives the compressor, the power balance of the high-pressure spool yields the 
expression for calculating the total temperature ratio of  the compressor (rc) at 
off-design conditions. The power balance of the high-pressure spool gives 

PTOH 
/ ~ / 4 . 1 ( h t 4 . 1  - ht4.4)rlmH = r'nc(ht3 - ht2) -~ - -  

llmPH 
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Fig. K.4 Optimum turbine enthalpy ratio. 

Table K.1 Performance variables 

Component 

Variable 

Independent Constant or known Dependent 

Engine Mo, To, P0 fl hi0 
Diffuser ~rd = f(Mo) 
Compressor r/c Zrc, rc 
Burner Tt4 T( b 

Coolant mixer 1 sl "gml 
High-pressure turbine ~hn ~tn, rtn 
Coolant mixer 2 s2, 2"t'm2 "t'm2 
Low-pressure turbine ~/tL ~rtL, rtL 
Nozzle ~r. M9 
Propeller r/prop = f(Mo) 
Total number 4 10 
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which can be written as 

rc = l _q_ rimH{(l _ fl _ e l  _ e z ) ( l  + f )  + el}'CX r m l ( 1 - -  "CtH) CTOH (K.15) 
75r OmPH 

The total pressure ratio of the compressor (zrc) is determined from Eq. (4.9c) 
and the ideal exit state t 3 i ,  or 

ht3i = ht2{1 + Oc(rc - 1)} and rc = Prt3i/Prt2 (K.16) 

An expression for the mass flow rate of air through the turboprop engine (rh0) 
at any conditions can be obtained by using Eq. (5.17) for the case when ot = 0 and 
rrc = rrcC ZrcH, yielding 

rn0 = (1 -- fl - e l  - -  e2)(1 + f ) P o  rCr red rCc ZrbA4MFPn/~/-T~t4 (K.17) 

The power produced by the low-pressure turbine at off-design is determined by 
its total pressure ratio (rrtr). The total enthalpy ratio of the low-pressure turbine (rtL) 
is related to its dependent variables by the uncooled turbine subroutine (TURB) 
of Chapter 5 and Appendix F written as 

T U R B  [(Tt4.5, f4.5, A4.5 / (A9Yrn) ,  M4.5, M8, ritL, Tt5i, 7E'tL, rtL, Tts)] (K.18) 

This subroutine includes the conservation of mass between stations 4.5 and 9, 
constant turbine efficiency, and the variation of gas properties with temperature 
and fuel-to-air ratio. For a calorically perfect gas, this relationship becomes 

rtc = 1 - rill { 1 - (TgtL) (Yt-1/Y') } (K.18-CPG) 

The work interaction coefficient for the propeller (Cprop) is obtained by a power 
balance of the low-pressure spool. For a constant value of PrOL, Cprop is given by 

(CToL)R /J'tOR hoR 
- -  ( K . 1 9 )  Cpr°p=ripr°prig{rimL(l"~-f°--t~)7~)~TmlTtHlSm2(1--'gtL)}-- rimPL r'no ho 

Determination of the value of Cprop thus depends mainly on Tta(rz) and rtL 
because riprop, Og, and rime, rml,  7:tH, and rm2 are constant or essentially constant 
in Eq. (K.19). Equation (K.18-CPG) shows the direct dependence of rtL on ZrtL 
for a constant ritL. The off-design ~rtL depends on the total pressure ratio imposed 
across the low-pressure turbine. Note that the flow is choked at the entrance to 
the low-pressure turbine (station 4.5) and is normally unchoked at the engine exit 
(station 9). 

The total pressure at station 4.5 is related to the flight condition and throttle 
setting by 

Pt4.5 = eo Nr Ygd 7[c 7gb TEtH 

The total pressure at station 5 is related to the nozzle operation by 

= 
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and thus 

and 

et91Po 
TEtL = (K.20) 

TEr TEd TEc TEb TEtH TEn 

The pressure ratio Po/P9 is determined by the nozzle operation with 

Pt9 (Pt) andPOPt9/P9 
--~-9 = T M=I P9 P,9/""'~O 

for choked flow 

P0 1 and Pt9 ( P t )  forunchokedflow 
V99 = -if9 = 7 M = ,  

Equating the mass flow rate of air at stations 4.5 and 9 yields the following 
equation for the total pressure ratio of the low-pressure turbine in terms of the exit 
Mach number and the total temperature ratio of the low-pressure turbine: 

TEtL A4.5 MFP(M4.5, Tt4.5, f4.5) 
- -  - -  ( K . 2 1 )  

~/Tt5/Tt4.5 TEnA9 MFP(M9, Tt5, f4.5) 

where M9 is determined by the conditions at the exit. Thus, M9 = 1 for choked 
flow, and M9 is given by the compressible flow function RGCOMP for Pt/P, Tt, 
and f at station 9. 

Determination of the conditions downstream of station 4.5 requires an iterative 
solution of Eqs. (K. 18), (K.20), and (K.21). The method used is as follows: 

1) Initially assume = TEtL = TEtLe. 
2) Calculate rtL using Eq. (K.18). 
3) Calculate Pt9/Po and conditions at exit including M9. 
4) Calculate new TEt~, using Eq. (K.21). 
5) Compare new TEtL with earlier value. If the difference is greater than 0.0001, 

then go to step 2 using the new zrtL. 
The performance of the propeller can be simply modeled as a function of the 

flight Mach number (see Appendix L); one such model, which is used in the 
AEDsys computer program of this textbook, is shown in Fig. K.5 and expressed 
algebraically as 

l~pro p = lOMorlpropmax 

17prop ~ 17propmax 

(1  0 07) 
~-- 0p rop max 

3 / 0 < 0 . 1  

0.1 < M0 _< 0.7 

0.7 < M0 < 0.85 

The equation for the Mach range of 0.7-0.85, just given, models the drop in TIpro p 
experienced in this flight regime as a result of transonic flow losses in the tip region 
of the propeller. 

The following section summarizes the performance equations in the order of 
calculation. 
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Fig. K.5 Propeller efficiency vs Mo. 

of Turboprop Engine Performance Cycle Analysis Summary 
Equations 

This section presents the complete performance cycle analysis equations for 
the turboprop engine with bleed, turbine cooling, and power extraction. For con- 
venience in computer programming, the required computer inputs and principal 
computer outputs are given. These are followed by the cycle equations in their 
order of solution. Note that iteration is required for solution. 

Inputs 
Performance choices: 

Flight parameters: 
Throttle setting: 

Design constants: 

~/: 

A: 
Others: 

Reference condition: 
Flight parameters: 
Component behavior: 

Others: 

Engine control limits: 

Mo, To, Po 

7rd max, Yrb, Yfn 

~c, TItH, 17tL, Ob, OmL, T]mH, OmPL, OmPH, Opropmax 

A4, A4.5, As 
/3, el, e2, hpic, ProL, ProH 

moR, Tog, PoR 
7"(cR, 7ftHR, ~tLR 
"~cR, 75tHR, 75tLR 
Tt4R, frolic, rmZic, fic, Moic, Msic, CvoI~ic, CTOI-IR 
FIC, ~:noic, Sic 

7t'cmax, Tt3max, lPt3max, %NL, %NH 
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Outputs 
Overall performance: 

Component behavior: 

F, P, rho, S, Se, fo, rTe, 0TH, 00, Cc, Cprop 
V9 / ao, Pt9 / P9, P9 / Po, T9 / To 
Tf c , YgtH , 7"f tL ~ "f'c ~ "gtH , "~tL , 7j)~ 

rml, rm2, f ,  g8 ,  g9  

Equations 
Preliminary computations: 

FAIR (1, 0, To, ho, Pro, ~bo, cpo, Ro, Fo, ao) 

Vo = Moao 

hto = ho + V~ 
2gc 

FAIR (2, 0, Tto, hto,  Prto, C~to, CptO, R to ,  )'to, a to)  

rr = h t o /  ho  

rCr = P.o/  Pro 

Tfd = ~dmax 

tiptop = l O Morlpropmax 

rlprop = lTpropmax 

r lprop= ( 1  M°30"7 ) 

ht2 = hto 

ert2 = Prto 

Set initial values: 

~tH ~ 9TtHR, 

T( c = 7"gcR , 

~gml ~ "gmlg, 

M 4 = l ,  

~] prop max 

YgtL ~ TgtLR, ~gtH ~ 15tHR, 

~c = 7JcR, fflo ~ l~loR 

rm2 = 75m2R , f = f R 

M4.5 = 1, M 9  = M s  = MsR 

M o < I  

Mo _< 0.1 

0.1 < M0 < 0.7 

0.7 < Mo < 0.85 

"CtL ~ ~tLR 

High-pressure and low-pressure turbines: 

FAIR( l ,  f ,  Tt4 , h t4 ,  Prt4, ill)t4, Cpt4, R t4 ,  Yt4, a t4)  

ht4.5 = ht4"Cml'CtHTm2 

f4.5 = / ( 1  - / 3  - el - e2)/(1 - / 3 )  

FAIR (2, f4.5, Tt4.5i, ht4.5, Prt4.5, ~bt4.5, Cpt4.5, Rt4.5, Yt4.5, at4.5) 
ht5 = ht4.5"CtL 

FAIR (2, f4.5, Ttsi, hts, Prts, qStS, Opt5, Rts, YtS, ats) 
1 ht3 = ht2"cc 

FAIR (2, 0, Tt3, ht3, Prt3, fbt3, Cpt3, Rt3, Yt3, at3) 
FAIR (1, f ,  Tt4, ht4, Prt4, ~t4, Cpt4, Rt4, Yt4, at4) 
f4.5 = f ( 1  -- fl -- el -- e2)/(1 -- t )  

TURBC(Tt4, f ,  A4/A4.5, M4, M4.5, OtH, Tt4.5i, Tt3, t ~, el, e2, zrttt, ~tH, Tt4.5) 
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T U R B  (Tt4.5 , f4.5, A4.5 /A8,  M4.5, M8,  rhL, Tt5i, 2"f'tL, 7"~n, Z'tL, Tt5) 

VX = h t4 /  ho 

Compressor and engine mass flow: 

vc = 1 + Omn{(1 -- fl -- el -- e2)(1 + f )  + el} rXrml(1 -- rtu) 
Zr 

ht3 = htzrc 

ht3i = ht2{l  + rlcH(rcH -- 1)} 

F A I R  (2, 0, Tt3, ht3, Prt3, flPt3, Cpt3, Rt3, Yt3, at3) 

F A I R  (2, 0, Zt3i, ht3i, Prt3i, ~)t3i, Cpt3i, Rt3i, )/t3i, at3i) 

Jrc = Pr,3i / Pr,2 

2 f iemp=f 

FAIR( l ,  f,  Tt4, ht4, Prt4, fl/)t4, Cpt4, Rt4, Yt4, at4) 

ht4 - ht3 
f - -  

heROb - ht4 

if I f  - ftemp[ > 0.000l goto 2 

P,9 
- -  ~ 7rr Tfd 2"fc 71"b ~tH 7rdtL 2"fn 
eo 

RGCOMPR (3, Tts, M9 ... .  f4.5, TtT9, Pt9/ Po, MFP9) 

M9error = [M9 - M9new[ 

i f  M9error > 0 . 0 l  then  

Mg = Mg.ew 
goto 1 

end if 

if M 9 >  1 t h e n M 8 = l  e l s e M 8 = M 9  

RGCOMPR (1, Tt4, M4, f, TtT, PtP, MFP4) 

1 + fR PoTrrTrdTrc MFP4 
l'l'lOnew : #lOR 1 +-----f {PoTrrTfd7"(c} R M F P a R  l Tt4 

• = l~tOnew _~ #to 
mOerr°r [ ~tOR 

if rh0e . . . .  > 0.001 then rh0 = ghOnew goto 1 

Tt9 = T~5 
RGCOMPR (1, Tt9, M9, f4.5, TtT, Pt9/P9, MFP9) 

1,9/t"9 
Po/P9  --  - -  

P,9 / Po 

T9 = Tt9/TtT9 
F A I R  (1, f4.5, T9, h9, er9, ¢9, cp9, R9, )/9, a9) 

V 9 = M 9a  9 

fo = f ( 1  - / 3  - el - E2) 

CTOH 

OmPH 
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CrOL = (CroH)R thor hoR 
r'no ho 
thor hoR 

CroH = ( C r o H ) R - -  
rho ho 

C~ = (Yo - 1)Mo [(1 + fo - ,B) V9 - Mo + (1 + fo - ~) 
/ ao 

R9 T9/To (1 - Po/P9) I 

x Ro V9/ao )/0 I 
Cpr°p~pr°prig{ rImL(l-'}- f°--t~)~k~'CmlTtH~m2(1--TtL)--CToL}rimPL 

CTOTAL = Cprop "JI- Cc 
P 

- -  = CTOTALho 
rho 

P = rhoCToTALho 

fo S p - - - -  
CrorALho 

F CrorALho 

tho Vo 

F = fnoCTorAtho Vo 

fo S - -  
F/fno 

/ [Cprop ~0~2 11 (V9~ 2 ]1  rlP = CTOTAL [ ~]prop -[- (1 + fo - / ~ )  \ao--/  - M°2 

CTOTAL "4- CTOL "1- CTOH 
ri TH 

foheR/ ho 
riO = ~rHOP 
RGCOMPR (1, Tto, O, Mo, TtT, PtP, MFPo) 

th o ~/C-T t o 
A o - - - -  

PtoMFPo 

FAIR(l ,  f4.5, Tt4.5, ht4.5, Prt4.5, ~t4.5, Cpt4.5, Rt4.5, )/t4.5, at4.5) 
f4.5R = fRO --/~ -- el -- e2)/(1 --/~) 

FAIR(l ,  fR, TtaR, htaR, Prt4R, dPtnR, Cpt4R, Rt4R, )/taR, ataR) 
ht4.5R ~ ht4R'CmlR'CtHR'gm2R 

1 0 0 /  ht4.5(1 -- "¢tL) %NL 
V [ht4.5(1 - rtC)]R 

~ horr(rc-  1) 
%NH = 100 [horr(Zc - 1)]n 
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If any of the control limits (rrc, Tt3, Pt3, etc.) are exceeded, then reduce Tt4 and 
go to 1. A Newtonian iteration scheme is used to rapidly converge on the value of 
Tt4 that meets the most constraining limit. 

Example Performance Results 

Consider a turboprop engine designed for a Mach number of 0.8 at a standard day 
altitude of 25 kft with a compressor pressure ratio of 30, a turbine enthalpy ratio of 
0.6, and the other information given in the Example Design Point Results Section. 
Engine controls limit the compressor pressure ratio to 30, the combustor exit 
temperature (Tt4) to 3200°R, and the compressor exit temperature (Tt3) to 1600°R. 
The performance of the engine is desired at other altitudes, Mach numbers, and 
partial throttle. The variation of the compressor pressure ratio (Zrc) with changes in 
flight Mach number and altitude is presented in Fig. K.6 for full throttle operation. 
This is the same trend as observed before and corresponds to a 00 break of 0.933. 

Figure K.7 shows the variation in full throttle uninstalled thrust with changes 
in flight Mach number and altitude for an engine sized for a static sea level thrust 
of 14,000 lbf. The variation of uninstalled thrust specific fuel consumption at full 
throttle is shown in Fig. K.8. The sharp break at M0 = 0.1 in Figs. K.7 and K.8 is 
due to the assumed Oprop of Fig. K.5. The partial throttle performance at an altitude 
of 15 kft is presented in Fig. K.9 for selected flight Mach numbers. Note that S is 
very low compared with other turbine engine cycles. 

32 

30 

28 

~c 
26 

24 

22 

20 

18 
0 

Fig. K.6 

' ' I ' ' ' I  ' ' I  

Alt (kft) 
3O 

20 

15 

10 

5 

SL 

0.2 0.4 0.6 0.8 1 
Mo 

Compressor pressure ratio variation at full throttle (standard day). 
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Fig. K.7 Example turboprop's  thrust at full throttle (standard day). 
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Appendix L 
Propeller Design Tools 

When turboprop cycles are being studied, it is important to have realistic design 
tools for the propeller because most of the thrust is provided by the propeller and 
because the behavior of propellers is far from simple. The emphasis here is on the 
efficiency of conversion of mechanical or shaft power to thrust power because that 
is the main function of the propeller. 

The propeller accomplishes its purpose by spreading the mechanical energy 
that would otherwise reside in the core jet exhaust flow over a much greater 
flow of the oncoming air (Fig. L. 1). This greatly increases the propulsive efficiency 
of the turboprop cycle and gives it the characteristics of a very high bypass ratio 
turbofan engine. However, the absence of a diffuser to reduce the Mach number of 
the approaching flow leads to supersonic relative speeds at the propeller blade tips 
while the flight speed is still subsonic. This, in turn, leads to unacceptably high 
propeller drag losses as the speed of sound is neared. 

Propeller technology has been pursued by outstanding aerodynamicists for more 
than a century, including W. J. M. Rankine, R. E. Froude, S. Drzewiecki, L. Prandtl, 
A. Betz, H. Glauert, 1 S. Goldstein, and T. Theodorsen. 2'3 One of their legacies to 
us is a number of extremely clever analyses with fascinating results. It is worth- 
while understanding what they have accomplished, whether or not you care about 
propellers. 

Propeller Momentum or Actuator Disk Theory 

This analysis is remarkable for the wealth of information brought forth by the 
simple, but insightful, model shown in Fig. L.2. 

The assumptions are as follows: 
1) The flow is everywhere inviscid; in particular, the slipstream allows a discon- 

tinuity between the freestream velocity and the velocity of the air that has passed 
through the propeller disk. 

2) The entire effect of the propeller is a uniform increase in the static pressure 
across the "actuator disk" (which represents the smeared-out influence of the 
propeller) of magnitude A pp. 

3) Because the propeller spreads the available mechanical power over a rel- 
atively large quantity of air, the density of the air may be taken as constant 
at P0. 

4) Because the streamlines are parallel at sections far upstream and far down- 
stream, the static pressure there equals P0. This is not true near the propeller disk 
where there is considerable streamline curvature. 
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Fig. L.1 Turboprop engine. 
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Fig. L.2 Propeller momentum theory nomenclature. 
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Conservation of Mass 
Since 

then 

po VoAo = po VpAp 

VoAo 
A p - -  Vp 

Incompressible Bernoulli Equation 
Since 

and 

then their difference is 

po V~ po V~ 
P p - - - - P o + - -  

2 2 

poVJ poV  
P+ = P o + - -  

2 2 

PO(- 2 
P+ - P ;  "-- APp = ~ , V e - Vg) 

Propeller Thrust 
The thrust of the propeller can be obtained either from using Eq. (L.2) 

= A p A P p  -- poAp (V f  - Vg) F 
z~ 

or from 

(L.1) 

(L.2) 

F = rhp(Ve - Vo) = PoVoAo(Ve - Vo) (L.3) 

Setting these equal yields 

( ) A p =  I + Ve/Vo Ao <_Ao (L.4) 

which may be combined with Eq. (L. 1) to produce the very useful result: 

Vp = (Ve + V0)/2 (L.5) 

In words, the flow velocity at the propeller actuator disk is the exact average of the 
far upstream and far downstream values. 
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Ideal Propulsive Efficiency 017,) 
Using the definition 

Propulsive power 

r/~ = Rate of  kinetic energy input 

FVo 
rl*p = poVoAo(V2_ V2)/2 

and Eq. (L.3) gives 

(L.6) 

F 
C~ -- poVZAp/2 

This may be combined with Eqs. (L.3) and (L.4) to yield 

( V ~  2 - 1 -- 4(1 - r/~) 
c7 = \ Vo / 

Ideal Thrust Coefficient (C~) 
This quantity is a measure of the thrust per unit actuator disk area (or thrust 

loading). As it grows larger, the required propeller diameter for a given thrust 
grows smaller, in accordance with the definition 

(L.8) 

Ideal Power Coefficient (C~) 
This quantity is a measure of  the ability of  the propeller to transfer power to the 

airstream and is defined as 

Rate of  kinetic energy input 
C*p = poV3Ap/2 

po VoAo(V 2 - V2)/2 
C*p = poV3ap/2 

which becomes, using Eq. (L.4), 

't } C ; = ~  1 + ~ o  ° [k, V o ] - 1  

C~. 4 ( 1  - 0~) 
(L.9) 

2 Ap 
- -  < 1 ( L . 7 )  r /~ - -  -- _ 

1 + Ve/Vo Ao 

This is a familiar result that confirms the earlier assertion that the more air the 
propeller power is distributed amongst, the more thrust power is generated. 
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Fig. L.3 Ideal propeller performance indicators. 

The three ideal propeller performance parameters are displayed together in 
Fig. L.3. Comparison reveals that high r/~o can be obtained only at the cost of large 
size of Ap. Putting this in more precise, quantitative terms, in order for ~7~ to be at 
least 0.80, then Ve/Vo must be less than 1.5, C~. must be less than 1.25, C~ must 
be less than 1.56, and Ap/Ao must be greater than 0.8. 

These expressions represent the ideal performance--something that can never be 
fully achieved in practice. The underlying assumption is that the propeller generates 
only the kinetic energy of axial velocity. In reality, several sources of energy loss 
occur, including frictional drag on the propeller blades, kinetic energy of rotation 
of the wake, and nonuniform axial velocities in the wake. Actual efficiencies are 
about 85% of the ideal value, with the most important loss mechanism being 
frictional drag. The next section will shed more light on this subject. 

Propel ler  Blade Element  or Strip T h e o r y  

This amounts to the equivalent of two-dimensional or infinite aspect ratio theory 
for propeller blades and is closely related to wing airfoil theory. It deals with the 
local conversion of mechanical power into thrust power of the propeller exhaust jet. 
To determine the behavior of the entire propeller, it is necessary to integrate from 
hub to tip across all blade elements and then to make corrections for end effects. 
The purposes of this section are completely served, however, by considering only 
one infinitesimal radial increment or blade element. 

An important feature of this analysis is that the moving propeller blades do not 
"see" the undisturbed, freestream velocity V0. Equation (1.5) has already shown 
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Tip 

Cross- ~ B l a d e  

E l e m e n t ~  ~'dr 

Total Airfoil Force Tangential Force 
~ dR  ~ d Q / r  

Lift/__ I ~ \  I ~ Drag 

I 
I 4 ~  ~k I / /  / / Geometric 

 s,i Pitch 

~ - ~ = Angle of Attack 

•• Pitch or 
Advance 

Relative Wind, V~ Angle 
a ')J2r 

tan y = D/L = CD/CL 
(l+a) V0 

tan # = Vo(l+a)/(1-a')Or 
Fig. L.4 Blade element theory nomenclature. 

that the axial component of velocity is larger than V0 and is, in the general case, 
represented by (1 + a)Vo, where a is known as the "axial interference factor." 
Similarly, it has been found that the trailing vortex system reduces the relative 
tangential velocity to (1 - a')rfL where a' is known as the "rotational interference 
factor." Whereas a depends primarily upon Ve/Vo and can have a wide range of 
values (it can even be negative when the thrust is reversed), a' is merely of the 
order of 1%. 

The thrust on the blade element (Fig. L.4) follows directly from 

dF = dL c°s(~ + y) -- P0 {(1 + a)V0} 2 cos(~b -F Y)CLcdr (L.10) 
cos y 2 sin2~ cos y 

so that the total thrust is 

frf tip F = dF (L.11) 
ub 
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The tangential torque on the blade element follows directly from 

dQ = rdL sln(q~ + y)  _ 
cos y 2 sin 2 ~b cos y 

p0{(1 + a)V0} 2 sin(~b + Y)CLC rdr (L.12) 

so that the total torque is 

frh 'tip Q = dQ (L.13) 
ub 

The most interesting relationship, which allows the evaluation of the local or blade 
element efficiency of conversion of mechanical power into thrust power, comes 
from the definition of the blade element efficiency Oe. 

.__VodF ( V 0 ) (  dd@/r ) 
Oe 

which, from the relative wind velocity and total airfoil force triangles of  Fig. L.4, 
becomes 

1 - a '  tan 4, 
~ e  • (L.14) 

1 + a tan(4~ + y)  

The local conversion efficiency therefore depends primarily upon a, y,  and q~. 
If  a and ~b are held constant, t/e must decrease as y increases, which certainly 
makes sense because that decreases d F  while increasing dQ/r.  The behavior of  
Eq. (L.14) with constant a and y and changing q~ is more complex, as indicated in 
Fig. L.5. It can be shown, for example, that there is a maximum at q~ = 45 ° - y/2, 
at which point 

1 - a '  tan(45 - y /2 )  
t ] e m a  x = (L.15) 

1 + a tan(45 + y / 2 )  

The curve also passes through zero at ~b = 0 and 90 ° - y,  which correspond to no 
thrust power (V0 = 0) and the total force being in the tangential direction, respec- 
tively. Finally, it should be noted that, as the propeller aerodynamics approach the 
ideal situation where a' and y are zero and a is (Ve - Vo)/2Vo, then Oe approaches 
the ~ of Eq. (L.7), an outcome having great intuitive appeal. 

Real propeller blade elements do not, of course, have constant y because 4) at 
a given radius varies as a result of flight and propeller speed changes, but have 
their lowest y and best performance in the vicinity of  4, = /~ (design angle of  
attack). One way to improve the range of operation near minimum y,  at the cost 
of  mechanical complexity, has been to provide "variable pitch" in order to match 
/3 to q~ as flight and propeller speeds change. If  sufficient turning is provided, this 
also makes "reverse thrust" possible. 

It should also be noted that the naturally occurring values of q~ are in the range 
of 10-15 deg, which has prompted the use of geared propellers in order to reduce 
f2 and therefore increase both q~ and Oe. 
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Radial Variations 
Because the propeller moves in solid body rotation, ~ must decrease, and Vr 

must increase with radius. The first result of this fact is that fl is designed to 
decrease with radius in order to maintain the design angle of attack near zero. This 
gives the propeller its twisted appearance and makes it impossible to maintain zero 
angle of attack at all radii at off-design conditions. 

More importantly, the relative Mach number Mr given by 

Mr = (1 + a)Mo/sin (L.16) 

increases with freestream Mach number M0 and radius and always exceeds M0. 
When Mr approaches unity, blade element shock wave and boundary layer separa- 
tion drag cause F to rapidly increase and Oe to decrease below any reasonable value. 
Turboprop operation must therefore be restricted to subsonic forward speeds. This 
condition is also relieved somewhat by gearing down f2 and thereby increasing ~b. 

Real Propeller Behavior 
Two questions that often arise while designing propellers cannot be answered 

using these fundamental methods, namely, the size and off-design performance. 
Sizing is usually done on the basis of static thrust and often uses experimental or 

empirical information. Thanks to the brilliant work of Theodorsen 2 on the vortex 
theory of propellers, it is possible to understand and compute the observed behavior 



APPENDIX L: PROPELLER DESIGN TOOLS 617 

of the "standard" correlation parameters for thrust 

and horsepower 

F 
Cr - (L.17) 

660a (N / 1000)2 (D / 10) 4 

HP 
Cp - (L. 18) 

2000a (N/1000)  3 (D/10)  5 

where F, N, D, and l i p  are in units of lbf, rpm, fl, and hp, respectively. Note that 
these have little to do with C~. and C~o defined earlier, but are used by engineers 
to correlate real propeller behavior. 

The complete calculations of Theodorsen, done by Amatt et al.,4 show that the 
quantity 

C3/2 2000 F 3/2 T 
Cp (6605)3/2tr1/2(D/lO)HP 

is not only independent of N, but is nearly constant over the usual range of operating 
parameters. As a result, it is possible to solve the preceding equation for D and 
use the resulting approximate correlation 

D = 589aHp2(blades)l/3 (L.19) 

as a starting point. This clearly shows that the same thrust can be obtained from 
less l i p  by increasing the airflow, i.e., D! 

Example 
Suppose a four-bladed propeller is to be designed to produce 15,000 lbf of thrust 

from 4000 hp at standard sea level static conditions. Then Eq. (L. 19) shows that 

{ (15,000)3 }1/2 
D = 589(1)(4000)2(4)1/3 = 15.0ft 

If the same job were to be done with two rows of propellers, each producing half 
the thrust and using half the power, whether on the same or separate engines, then 

/ (15'000/2)3 }1/2 
D ---- [ 5 8 9 ( ~ 4 ) 1 / 3  = 10.6ft 

Propeller Map 
The most accurate method for computing off-design propeller behavior, which 

also requires the most initial data, is the "propeller map" containing contours of 
constant Oprop, an obvious relative of the well-known compressor map. A typical 
propeller map is shown in Fig. L.6. 

The type of propeller map to be used in any situation depends on which input 
parameters are known. In the typical propulsion case of selecting propellers for 
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Fig. L.6 Typical propeller map. 

turboprop cycles, it is most advantageous to employ Ce [Eq. (L.18)] and the 
"advance ratio" or "slip function" 

I10 
J ---- - -  (L.20) 

ND 

as the independent variables. The reason for the choice of Cp and J is simply that 
HP and Vo are usually known and the propeller design goal is to determine values 
for D and N (which are often fixed for mechanical and control reasons) that result 
in acceptable values of the propeller efficiency rlprop over the entire mission. Each 
set of Cp and J uniquely determines D and N. 

An example of this method can be found in Fig. L.6, which is data representative 
of a counterrotating, tandem (or dual) propeller operating below the critical relative 
Mach number. The benefits of variable pitch have been included by presenting the 
highest attainable value of 17pro p at each point and the effects of gearing appear 
directly in both Ce and J. Such data can and should be obtained from the propeller 
manufacturer. 

The general features of this map can be understood in terms of propeller blade 
element theory. The highest efficiencies occur in the vicinity of J = Jr, which 
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Table L.I Example turboprop design 

Flight M0/Alt, Power Thrust rlprop, Thrust 
Label condition kft (avail) (required) % (actual) J / C e  

A Takeoff 0.088/0 2387hp 66601bf 43.0 66601bf 0.60/1.50 
B Sealeveldash 0.529/0 2259 3452 85.0 3576.1 3.88/1.38 
C Low cruise 0.454/0 1411 2540 83.7 2570.3 3.30/0.85 
D High cruise 0.5/35 619 1152 90.0 4067.8 3.20/1.24 
E Loiter 0.2/10 218 916 81.9 1229.3 1.45/0.18 

D = 14 ft and N = 663.4 rpm. 

corresponds to 4' = 45 deg. Beyond this, the efficiency "islands" are the result of 
angle of attack effects on the propeller blades. In the regions where llpro p falls off 
rapidly, it is clear that stall is occurring because the relative angle of attack is too 
positive or too negative. 

Five points labeled A through E have been spotted on Fig. L.6 and portray the 
"best" solution for the multipurpose transport aircraft of Table L. 1 with many 
conflicting requirements, including short takeoff, high-speed sea level dash, and 
great range. Also shown in Fig. L.6 are the locations to which each of these five 
points would move if D were reduced 5% (longer lines) and if N were reduced 
5% (shorter lines). Although tiptop could be slightly increased at the four flight 
conditions (B through E), particularly by reducing the diameter D, sufficient thrust 
for takeoff would no longer be available at condition A. Reversing this reasoning 
quickly leads to the conclusion that providing excessive takeoff thrust will unnec- 
essarily penalize Oprop at the four flight conditions. Other propellers, with different 
performance maps, should also be explored for any such application. 

Structural Design 
The method of designing propeller blades for a specified service life follows 

the lines already described for compressor rotor airfoils with one overwhelming 
change: Because propeller blades have the protential for so much destruction, they 
cannot be allowed to separate. In the jargon of the trade, they must be "prime 
reliable." This only increases the need for good analytical tools, exhaustive and 
realistic testing, and high-quality manufacturing. 

Beyond this, there are significant differences because bending and twisting 
moments can be more important than centrifugal forces and because composite 
materials with nonisentropic properties (such as wood) are frequently employed. 

The net result is that propeller structural design, 4 like many other things, is a field 
that requires its own special expertise. Nevertheless, there are certain structural 
aspects that warrant some discussion here. 

In reviewing the typical turbofan or turbojet engine, a number of components and 
design features are readily apparent that optimize inflow angle and flow velocity. 
Such is the case with inlet ducts, inlet guide vanes, and variable compressor stator 
vanes. As a result of these design features, the engine is nearly impervious to aircraft 
altitude changes. The propeller, however, always operates in the freestream and 
aircraft pitch, yaw, and roll motions constantly change the inflow angle into the 
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blades. More often than not, the inflow angle is such that the velocity vector is 
not normal to the propeller blade plane of rotation. This condition results in cyclic 
aerodynamic loads that peak one time per (1XP) revolution. This cyclic loading 
is known as the "IXP" moment and is directly proportional to the product of 
inflow angle and dynamic pressure. In aft-mounted (pusher) propeller, the wing 
and nacelle flowfield interactions result in other moments, referred to as "2XP," 
etc., that must be considered. These cyclic loads are of paramount importance to 
the structural integrity of propellers, especially in view of their "prime reliable" 
requirements. 

It was just mentioned that the twisting and bending moments on propeller blades 
are more significant than those on axial compressor blades. A typical compressor 
rotor has upward of 100 blades, giving high solidity (which means greater ability 
to absorb power), with a low aspect ratio on the blades (of the order of 1 to 2). In 
contrast, a typical propeller has four blades of high aspect ratio (greater than six). 
This means that fewer blades must absorb all the power, which translates into very 
high loading. This has an impact on the severity of bending moments, which grow 
rapidly with radius and are greatest at the root. The high loading also affects the 
twisting moments because the pressure distribution on the highly twisted blades 
is asymmetric. 

These differences between compressor blades and propeller blades highlight the 
complexity of structural considerations in propellers. These problems are made 
more acute by the need to install anti-ice or de-ice devices on the leading edge of 
propeller blades. In compressors this is done by injecting hot air bleed from the 
compressor into the inlet, but this is not easily accomplished with a propeller blade 
rotating in the freestream. Although there are various methods, such as circulation 
of hot oil along the leading edge, the most common is the resistive heater, in which 
an electrical heating element is installed along the leading edge of the blade. 

Variable Speed vs Constant Speed 
One of the advantages of turboprop and turboshaft engines lies in the fact that 

their purpose allows for operation at constant speeds. By simply changing the 
blade pitch, and hence the load, a pilot can control thrust. Throttle movements 
will increase or decrease fuel flow to the engine, with a consequent tendency to 
increase or decrease rpm. The propeller governor will sense the change and adjust 
propeller pitch, thereby adjusting the load corresponding to engine power output 
and hence maintaining constant rpm. Such a mode of operation allows for rugged, 
simple engines, constructed with a single compressor tied to the turbine by just 
one shaft, which also drives the propeller reduction gearbox. On the other hand, 
constant speed does not allow for most efficient propeller operation at all aircraft 
airspeeds. Under constant N conditions, given that the diameter is constant, the 
advance ratio will vary only with flight airspeed. At the same time, power setting 
will change the value of the power coefficient. The end result is that, at low flight 
speeds and power settings, the propeller is not operating at optimum efficiency 
for the flight condition. To remedy this problem, given a set at low airspeed, the 
rotational speed must be decreased in order to increase the value of the advance 
ratio. At greater values of J, the operating point on the propeller map moves to the 
right and up on efficiency. This can have a significant impact on fuel consumption 
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and aircraft loiter time. The drawback of the variable speed propeller is that the 
engine must now operate in a more conventional way, that is through an extended 
range of rotational speeds. This will increase the complexity of controls, structures, 
and manufacture, and ultimately cost. It is thus extremely important to take into 
consideration the intended duty cycle or mission profile in order to make the most 
advantageous choice---constant speed or variable speed. 

Turboprop Cycle Performance Characteristics 
A novel feature of turboprop engines is the simplicity with which their general 

behavior can be understood. Returning to the initial view of the propeller as a 
device for converting engine-generated mechanical power into thrust power and 
ignoring the usually negligible amount of thrust generated by the core flow, then 
from the definition of T/pro p 

Thrust power F Vo 
T/prop "z- 

Propeller shaft power Pprop 
(L.21) 

there follows 

F -- T/prop Pprop -- l'lprop eprop (L.22) 
Vo aoMo 

Recognizing that Pprop is only slightly affected by M0, but does decrease faster 
than a0 with altitude, it is possible to conclude immediately that F decreases with 
altitude and varies almost inversely with M0 at constant altitude (see Fig. K.7). 
The latter has tremendous implications for high-speed turboprop flight. Because 
aircraft drag increases in proportion to M E and T/prop diminishes with M0, the Pprop 
required to fly faster at fixed altitude varies at least as M 3. Small wonder that the 
record speed for a turboprop-powered aircraft, which was set in 1960 by the Soviet 
TU-114, is a Mach number of only about 0.77. 

Something about static thrust can be learned by differentiating Eq. (L.22) using 
UHospital's rule, whence 

FIMo=0 Pprop ( dT/prop ~ (L.23) 
= a-7- /Mo=O 

Even though this thrust is often too great for some other part of the propulsion 
system, such as the gears or shafts, it allows the maximum thrust capability of the 
engine to be calculated only from the slope of propeller efficiency at M0 = O. An 
important conclusion about turboprop thrust behavior, as noted at the outset, is 
that it provides high thrust at low speed. 

The other important performance parameter is specific fuel consumption, which, 
using the definition of overall efficiency (T/prop × T/TH), is given by 

S = thf = .  aoMo (L.24) 
F T/propT/THhpR 
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where OrH = Pprop/(lhfhpR) and is largely proportional to Vc~ or a0, so that 

M0 
S c< - -  (L.25) 

~prop 

which means that S worsens as Mo increases (see Fig. K.8), particularly as Mo = 1 
is approached and Oprop decreases rapidly. Again, the turboprop is an excellent 
device at low Mo- - in  fact the lower the better. 

To find the static specific fuel consumption, Eq. (L.24) is differentiated using 
L'Hospital 's  rule to yield 

a0 

SIMo=0 = rlrHhpR(d~prop/dMO)Mo= 0 (L.26)  

Example 
Suppose that ~prop 

0.1 < M0 < 0.8. How do F and S vary with Mo? 
From Eq. (L.22) 

F = lO~lpropmaxPprop 

ao 
F - -  ~prop max Pprop 

aoMo 

From Eq. (L.24) 

= lOMoOpropma x for M0 _< 0.1 and Oprop = Opropmax for 

M0 < 0.1 (constant) 

0.1 < Mo < 0.8 ( ~ l / M o )  

a0 
S = M0 < 0.1 (constant) 

10ITpro p max hpRrlTH 

aoMo 
S = 0.1 < Mo < 0.8 (~M0)  

Oprop max h pR lTTH 
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Appendix M 
Example Material Properties 

Our purpose here is to provide the basis for representative structural properties 
of materials typically found in aircraft engines for use in component design cal- 
culations of Sec. 8.2.3. The amount of information that might be displayed can 
truly be called bewildering for a number of reasons. To begin with, the material 
for each separate engine part is carefully selected, taking into account its usage, 
environment, and required durability. Furthermore, for each part there are many 
competing materials that have similar capabilities, but different compositions, 
processing methods, and brand names. Finally, many properties of a candidate 
material must be known before a confident design can be contemplated, such as 
allowable tensile and compressive strengths, cyclic strength, creep rates, oxidation, 
erosion, and corrosion rates, fracture toughness, crack propagation rate, ductility, 
allowable deformation, hardness, modulus of elasticity, thermal conductivity, ther- 
mal growth coefficient, and Poisson's ratio (all as a function of time, temperature, 
and heat treatment). The permutations are endless. 

To cope with this in a textbook, drastic reductions must be made. They are 
achieved by only including materials for critical parts (see Sec. 8.2.3), giving 
only one example for each generic application, and, most importantly, concen- 
trating mainly upon allowable creep strength as required by the considerations of 
Sec. 8.2.3. 

Although not used directly in the design examples, special attention is drawn 
here to the so-called fatigue or cyclic strength of these typical engine materi- 
als. This has been done because the life of engine parts is often consumed by 
fatigue--or at least by a combination of steady-state and cyclic stress. Exactly 
how this combination is accounted for in practice is usually a proprietary 
matter. The general nature of the jet engine is such that the major source of cyclic 
stress at the "cold end" (i.e., fan and compressor) is vibratory excitation, it and 
therefore occurs at about 1000 cycle/s, whereas at the "hot end" (i.e., burner and 
turbines) it is a result of pressure and temperature transients and therefore occurs 
at about 1 cycle/h. Vibratory and pressure or thermal fatigue are therefore often 
referred to as high-cycle and low-cycle fatigue, respectively. The example mate- 
rial properties gathered here contain fatigue strength data appropriate to the usual 
application of each material, while illustrating the perplexing behavior of this 
characteristic. 

The information assembled here has been abstracted from the Battelle Memo- 
rial Institute's Aerospace Structural Metals Handbook. 1 The seven examples are 
presented more or less as in their usual order of appearance from the inlet to the 
exit of the engine. 

623 
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A l u m i n u m  2 1 2 4  A l l o y  (p = 5 . 2 9  s lug / f t  3) 

This is one of a series of premium aluminum alloys that were developed as a 
result of studies into the micromechanisms of fracture in high-strength aluminum 
compositions. It is normally produced in plate form in a thickness range up to 
6 in. and has been thoroughly characterized. 

Figure M.1 contains traditional yield and ultimate tensile strength data for 
A1 2124 as a function of test temperature and exposure time. Using yield strength 
as a design criterion, one would conclude that a part having a required life of 1000 
hours while exposed to a temperature of 400°F could withstand tensile stresses up 
to 25,000 psi. This, however, would not be a conservative design practice because 

Fig. M.1 
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Effect of temperature and exposure time on tensile properties of 2124-T851. 
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Fig. M.2 Creep and creep-rupture curves at temperatures from 75 to 600°F for 
2124-T851 plate. 

the part will undergo permanent deformation during the exposure time, which 
could cause unacceptable distortion and/or interference. 

Consequently, it is preferable to base designs on creep and creep-rupture data, 
such as those shown in Fig. M.2. The common practice is to allow less than 1% 
creep during the life of the part, which, for the preceding example, would allow a 
tensile stress of about 15,000 psi. This is generally the more restrictive criterion, 
and, therefore, no further yield or ultimate strength data will be presented for any 
material. 

Figure M.2 reveals that the useful tensile strength of A12124 diminishes rapidly 
above a temperature of 200°F; thus, it would seldom find engine application above 
400°F. It must also be remembered that the value obtained from Fig. M.2 rep- 
resents an upper limit that cannot be directly used as a design criterion. Reduc- 
tions must be made to account for cyclic stress, uncertainties in load calculations, 
property variations, and safety margins. Experience indicates that a reasonable 
estimate of the "allowable working stress" is 80% of the 0.2% creep value ob- 
tained from Fig. M.2. 

Some idea of the ability of A1 2124 to tolerate cyclic stress can be found on 
Figs. M.3 and M.4. A turbine engine part will experience several thousand LCF 
cycles caused by throttle motions, but literally billions of HCF cycles caused by 
vibrations. Hence, the so-called "run-out" stress, which the material can apparently 
withstand forever, becomes an important factor. 

Among the conclusions to be drawn from Figs. M.3 and M.4 are that a notch 
reduces the alternating stress capability of A12124 dramatically and that it is less 
tolerant of bending than longitudinal cyclic stress. The latter point could be critical 
for cantilevered airfoil applications. 
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Table M.1 Variations in creep deformation with different creep exposures 

Time to 0.1% Time to 0.2% Total plastic 
Creep exposure creep, h creep, h deformation, % 

Temp, °F Stress, ksi Time, h ee-fl forged at 1650°F 

750 90 1228 270 840 0.251 
750 89 150 0.101 
800 75 504 105 420 0.217 
800 85 241 40 210 0.234 
800 85 150 0.180 

1000 20 51 6 27 0.246 
1000 30 72 2 8 0.760 
1000 30 150 0.820 

Form: disc forging, 3 in. thick x 11 in. diameter. 

Titanium 6246 Alloy (p = 9.08 slug/ft 3) 

This alloy was designed to combine long-time, elevated-temperature strength 
characteristics with markedly improved short-time strength properties at both room 
and elevated temperatures. It is intended for use in forgings for intermediate- 
temperature-range sections of gas turbine engines, particularly in disk and rotor 
airfoil components of  the fan and compressor. 

Ti-6246 is not thoroughly characterized, but is recommended for gas turbine 
applications up to 750°E The data of  Table M.1 suggest that the allowable stress 
based on 1% creep for 1000 hours use at 750°F is about 90,000 psi, whereas at 
800°F it is only about 75,000 psi and at 1000°F it is below 20,000 psi. 

The data of  Fig. M.5, although taken at room temperature, show that Ti-6246 
does well with cyclic stress. However, Ti-6246 has poor fracture toughness 
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• DA COND: 1600F, I HR, AC+I000F, 8HR, AC 

R=0.1 
A=0.82 

K t =1 

103 104 105 
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Fig. M.5 Axial fatigue properties of c ~ - / ~  forged materials in two heat-treated 
conditions. 
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Fig. M.6 Minimum creep rate at various temperatures and stresses. 

and is very susceptible to minor damage. Therefore, either a damage-tolerant 
processed version of Ti-6246 or a slightly different alloy is required for practical 
applications. 

Inconel 601 (p = 15.6 slug/ft 3) 
This is a general-purpose alloy for applications requiring resistance to both heat 

and corrosion at temperatures up to about 2100°E It has been used in burner liners, 
diffuser assemblies, containment rings, exhaust liners, and burner igniters. 

The data of Fig. M.6 may be used to show, for example, that Inconel 601 will 
creep 1% in 1000 hours at 1600°F if the stress is about 3000 psi. For the higher- 
temperature applications it must, therefore, be kept unloaded. In stark contrast with 
Ti-6246, however, it retains much of its room temperature strength well beyond 
1000°E 

Because Inconel 601 is not commonly employed where vibrations matter, 
Fig. M.7 shows that it has more than adequate fatigue strength. 

Hastelloy X (p = 16.0 slug/ft 3) 
This is a nickel-base superalloy with good oxidation resistance at temperatures 

up to 2200°F and moderately good strength properties up to 1600°E It has been 
used in jet engine exhaust nozzles, afterburner components, and structural parts in 
the burner and turbine components. 

Referring to Fig. M.8 and using the 1% creep at 1000 hours criterion, one would 
conclude that the upper limit to tensile stress at 1200°F is 22,000 psi and at 1500°F 
is 7000 psi for Hastelloy X. 

Because Hastelloy X is generally used in situations where only low-cycle fa- 
tigue caused by pressure or thermal cycles matters, its fatigue characteristics are 
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Fatigue properties of annealed sheet. 

presented in terms of strain range rather than stress range, as in Fig. M.9. This 
must obviously be obtained from a thermal stress calculation involving at least 
a knowledge of the coefficient of thermal expansion and modulus of elasticity, 
given in Figs. M.10 and M.11, respectively. Note that in the 1200-1600°F range 
the modulus of elasticity is approximately 20 million psi. Consequently, the stress 
corresponding to a 1% strain range equates approximately to 200,000 psi. This 
makes it evident that such materials can tolerate only a small fraction of a percent 
strain. 
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Fig. M.8 Creep-deformation curves for plate and bar at temperatures of 1200-- 
1800°F. 
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Fig. M.9 Fatigue life of plate at various temperatures in air and impure helium at 
atmospheric pressure. 

M a r - M  5 0 9  (p  = 1 7 . 2  s l u g / f t  3) 

This is a high-chromium, carbide-strengthened, cobalt-base superalloy. It was 
designed for use in the gas turbine industry, primarily as an investment-cast stator 
airfoil alloy to operate at temperatures of 1800°F. Mar-M 509 has high inherent 
oxidation and sulfidation resistance and is, therefore, sometimes used without a 
protective coating. It also has superior thermal shock characteristics. 

The most relevant design tensile stress data for Mar-M 509 are given in Fig. M. 12. 
A logical criterion would be 0.5% creep deformation in 500 hours, which would 
lead to a stress of approximately 9000 psi at 1800°F. No data were given for 
alternating stress. 
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Fig. M.10 Effect of elevated temperature on thermal expansion coefficient. 
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Fig. M.12 Mar  M 509 design curves for typical stresses required to produce creep 
strains of 0.5, 1, and 1.5% in 500 hours at temperatures of 1300-2000°F. 
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Fig. M.13 Creep strain and creep-rupture curves at 1400, 1600, and 1800°F for fully 
treated cast alloy. 
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Fig. M.15 Creep and rupture curves for Nimonic 105 extruded bar. 

Rene' 80 (p = 15.9 slug/ft 3) 
This is a cast, precipitation-hardenable, nickel-base superalloy. It has excellent 

creep-rupture strength up to 1900°F, combined with good elevated temperature 
ductility and superior hot corrosion resistance. The main use of Rene' 80 is in 
investment-vacuum-cast turbine stator and rotor airfoils, which are coated for any 
jet engine applications. 

Using the 1% creep deformation at the 1000 hour criterion, Fig. M.13 reveals 
that Rene' 80 has the remarkably high tensile stress capability of about 32,000 psi 
at 1600°F and 13,000 psi at 1800°E 

Alternating stress considerations are often important in cooled turbine rotor 
airfoils, which are usually cantilevered and subject to the aerodynamic buffeting 
(as a result of both random turbulence and organized wake passage) that produces 
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vibratory loads. It is especially important to avoid resonance between a regular 
upstream disturbance and a natural frequency of the rotor airfoils. 

Thermal stresses can cause low-cycle fatigue failure if the limits given in 
Fig. M.14 are reached. This means that cooled airfoils must be designed with the 
greatest care so that no local areas of large thermal stress are created at any time 
during the normal engine operation. In particular, it can be readily seen that a thin 
airfoil "skin" with a large temperature difference between coolant and mainstream 
will not last long. 

Nimonic 105 (p = 15.5 slug/ft 3) 
This is a wrought nickel-cobalt-chromium-base superalloy having creep and 

oxidation resistances that make it suitable for service at temperatures up to 1750°E 
It is used for turbine rotor airfoils, disks, forgings, ring sections, bolts, and fasteners. 

The data of Fig. M.15 show that Nimonic 105 falls between Rene' 80 and 
Hastelloy X in tensile strength. Under the same ground rules, one finds a stress of 
about 17,000 psi at 1600°F and perhaps 3000 psi at 1800°E No data were given 
for the low-cycle fatigue behavior of Nimonic 105. 

Reference 
IAerospace Structural Metals Handbook, Battelle Memorial Inst., Columbus Lab., 

Columbus, OH, 1984. 



Appendix N 
Turbine Engine Life Management 

N.1 Introduction to the Engine Lifing Process 
While performing their intended aerodynamic tasks, the rotating compressor and 

turbine parts must also be almost certain to last the design lifetime of the engine. The 
turbine engine lifing (pronounced "life"-ing) process is evolutionary and has been 
unfolding over the past 50 years. In various degrees it is affected today by many 
of the factors depicted in Fig. N. 1. These factors have all evolved through lessons 
learned and state-of-the-art changes. Some of the most notable advances that have 
been made are in the areas indicated by the shaded blocks in Fig. N. 1. Some 
of these include: 1) finite element modeling techniques used in stress analysis; 
2) improved materials (strength, temperature capability, life, fracture toughness); 
3) engine controls; 4) testing techniques; 5) manufacturing and inspection; 6) sur- 
face treatments that instill beneficial residual stresses such as laser shock peening; 
7) data recording systems for usage monitoring; and 8) usage tracking systems. 

When taken together, all of these advances in the "state of art" have had a very 
positive effect on the ability to predict engine component life and on safety. 

N.2 Engine Life Management 
N.2.1 Lessons Learned 

Through many development programs (commercial and military) and customer 
engine problems the following summary of generic lessons learned has been 
collected: 

1) It is dangerous to assume defect-free structures in safety of flight components. 
2) Critical parts and potential failure modes must be identified early in devel- 

opment and appropriate control measures implemented. 
3) Thermal and vibratory environments must be identified early in engine 

development. 
4) For complex components analytic stresses must be verified by testing. 
5) Materials and processes must be adequately characterized (particularly, the 

fracture properties). 
6) Design stress spectra, component test spectra, and full scale engine test 

spectra must be based on the anticipated service usage of the engine. 
7) Potential engine/airframe structural interactions must be defined and taken 

into account. 
8) Closed-loop management procedures must be defined and enforced through 

the application of realistic inspection and maintenance requirements, individual 
engine tracking procedures, deficiency reporting, and updates in procedures based 
on actual usage. 

635 
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Fig. N.I Turbine engine lifing factors. 

N.2.2 Life Management Scope 
Life management is important because its goal is to ensure the safe operation of 

engines subjected to complex usage. This is accomplished through the calculation 
of the lives of high-energy rotating and pressurized components, which would not 
be contained if they were to fail in an engine. The goal of life management is to 
safely maximize the use of critical parts to minimize ownership costs. The cost of 
some of these parts, because of the use of high-temperature exotic materials, com- 
plex design and manufacture, and rigid quality control, is considerable. Examples 
of some of these high-energy components would be rotating disks, spools, airfoils, 
spacers, shafts, and seals and high-pressure cases. 

Life management requires the selection of one of the lifing concepts that will 
be discussed in Sec. N.4, Lifing Concepts, or the lifing concepts may be dictated 
by the customer and stated in the Request for Proposal (RFP). 

For example, a typical commercial engine flight usage shown in Fig. N.2 would 
lean heavily on the commercial safe life management concept. The stress response 
of a typical turbine rim from this usage is shown in Fig. N.3. In simple terms, the 
maximum stress range at the critical location is used to enter the low cycle fatigue 
(LCF) minimum life material curve at the corresponding operating temperature to 
give the component minimum life. 

In contrast, Fig. N.4 shows engine usage that would be common to a military 
fighter aircraft. In this case, to life manage would require combining the safe life 
concept with damage tolerance (required by the military customer in the RFP) and 
involve a more rigorous thermal, stress, and fatigue and facture analysis to establish 
minimum life and safe inspection intervals. 

In addition to the effects of usage on engine life, the effects of mission mix and 
the effects of an ambient temperature mix and warm and cold starts would also 
require an evaluation. 

N.2.3 Definitions 

N.2.3.1 Damage tolerance approach. The damage tolerance approach is 
a structural philosophy that recognizes that undetected metallurgical defects 
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Fig. N.4 Typical F-16 flight recorder data. 

and/or manufacturing flaws or damage (knicks, voids, tears, laps, burrs, etc.) can 
progress to failure. It assumes that damage, in the form of a crack of minimum 
detectable size, is present at all locations and should not grow to critical size in 
two inspection intervals for the intended usage. 

N.2.3.2 Fracture critical components. Fracture critical components are 
those whose failure would result in loss of the aircraft, and for single-engine 
aircraft, prevention of sustained flight. This includes all major rotating structures 
such as disks, shafts, and rotating seals. For single-engine applications this also 
includes blades, bearings, and critical external accessories. Damage tolerance re- 
quirements are applied only to fracture critical components and not, in general, to 
durability critical components. 

N.2.&3 Durability critical components. These are components whose 
cracking or failure could cause significant engine structural damage or perfor- 
mance/reliability/maintainability problems. 

N.2.&4 Hot parts. Hot parts are those parts in the hot gas stream. Usually 
the life requirement is one-half that of cold parts life. 

N.2.3.5 Coldparts. Cold parts are all parts not in the hot gas stream. This 
includes turbine disks, spacers, etc. Usually the life requirement is the same as that 
required for the aircraft system in which the engine is to be used. 

N.2.3.6 Initial flaw size. Initial flaws are assumed to exist in fracture crit- 
ical components. Experience has shown that premature cracking occurs at high 
stressed areas, and initial flaw conditions have included both material and man- 
ufacturing related quality variations. Damage tolerance uses a sharp crack initial 
flaw assumption to characterize these abnormal initial conditions. Assumed initial 
embedded flaw sizes are based on the intrinsic material defect distribution or the 
nondestructive evaluation (NDE) methods to be used during manufacture. An in- 
spection reliability of 90% probability of detection (POD) at the lower bound 95% 
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confidence level (CL) is required for the assumed initial flaw sizes. The basis for 
these flaw sizes is the data on the various nondestructive evaluation methods. 1 

N.2.3.7 Residual strength. Residual strength is defined as the load car- 
rying capability of a component at any time during service exposure period con- 
sidering the presence of damage and accounting for the growth of damage as a 
function of exposure time. The requirement is to provide limit load or maximum 
expected service load residual strength capability throughout the service life of the 
component. One example of this is normal or expected overspeed caused by control 
system tolerance. 

N.2.3.8 Inspection interval The inspection interval for damage tolerance 
considerations should be compatible with the overall engine maintenance plan. 
It is highly desirable that the inspection interval be equal to the hot part design 
service life as this is the expected minimum maintenance interval for the engine 
or module. The damage tolerance inspection interval should be contained in the 
contract specification or RFP. 

N.2.3.9 Flight data recorder. An in-flight recorder records usage time his- 
tory of aircraft and engine, is used to sample usage, and is not required on every 
aircraft. 

N.2.3.10 Engine life monitor. This monitor is an in-flight counter that 
tracks certain engine parameters for life purposes and is required on every engine. 

N.2.3. 11 Creep. Creep is permanent deformation that occurs as the result 
of the prolonged application of stress. The applied stress is below a level that would 
be expected to cause plastic deformation. Creep occurs at temperatures that are 
high relative to the melting point of the metal. 

N.2.3.12 Low cycle fatigue (LCF). LCF is damage that is related to stress 
cycles that lead to component failure in less than 10,000 cycles. 

N.2.3.13 High cycle fatigue (HCF). HCFisdamagethatisrelatedtostress 
cycles that lead to component failure in more than one million cycles, caused 
primarily by vibration. 

N.2.3.14 Stress rupture. Rupture is failure when a component has been 
statically loaded at elevated temperature for a long period. 

N.2.3.15 Laser shock peening (LSP). LSP is a new process for using 
compressive residual stress to desensitize airfoil leading edges to foreign object 
damage (FOD). This process is available and is in production on some military 
engines. The process is so effective that retired blades have had leading edges laser 
shock peened and severely damaged, simulating FOD in a critical area, and when 
tested have shown remarkable high cycle fatigue strength and life that was even 
higher than new undamaged blades. The process uses a high-energy pulsed split 
laser beam to create a high amplitude shock wave on both sides of the blade or 
vane simultaneously, as shown in Fig. N.5. 
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Fig. N.5 Pulsed laser beam used in peening. 

Figure N.6 shows the airfoil with ablative material on the area to be laser shock 
peened with a water curtain flowing over the area to be processed. The laser is 
focused on the blade surface and when fired passes through the water and quickly 
vaporizes the ablative material. The rapid vaporization of the albative material is 
contained by the water curtain and causes a large spike in pressure, which drives 
a shock wave into the host material. Yielding of the material occurs on both sides 
of the airfoil, and deep residual compressive stresses are formed in the spot by the 
reactive response of the elastic material that surrounds the laser spot. 

N.2.3.16 Crack initiation life. Crack initiation life is used in fatigue anal- 
ysis to establish a component life based on the attainment of a 0.030-in. crack 
length used in safe life analysis. 

N.2.3.17 Crack propagation fife. This is the cyclic life of a component 
where a crack from an initial flaw size (usually determined by NDE) grows to a 
critical size and failure occurs. 2 
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Fig. N.6 Airfoil with ablative material in laser shock peening. 
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N.3 Engine Failure Modes 

Each component of the engine can react differently, from a life standpoint, 
to the duty cycle to which the engine is subjected. For example, turbine blades 
and vanes can be critical in creep or stress rupture if the usage requires long 
periods of time at maximum power. On the other hand, a large number of throttle 
transients in this duty cycle can alter the failure mode of the same turbine blade 
and vanes to that of LCF. Because of this sensitivity, engine usage must be moni- 
tored for significant changes relative to that assumed for design. Table N. 1 shows 
the failure modes for various components in the engine for typical usage. 

N.4 Lifing Concepts 

Lifing concepts have evolved and improved since the early period of the gas 
turbine engine. Early on, passing a 150-h test was the main "pass or fail" criteria 
used to qualify a new engine design to enter production and service. Engine life 
development and life prediction techniques evolved mostly in response to dura- 
bility problems, customer demands, and/or regulatory involvement. The safe life 
(see Fig. N.7) and damage tolerance concepts have been the two most widely 
used design methods for producing components to meet life requirements. More 
recently, however, the combination of both life concepts, as shown in Fig. N.8, is 
the preferred lifing method for both commercial and military and is required by 
the military in their engine structural development programs. 

N.4.1 Safe Life Criterion 

The safe life fatigue design approach is shown in Fig. N.7. Components are 
designed so that the LCF limit exceeds the required usage interval. The life limit 
is usually based on minimum or minus 3-sigma value of the material life property 
curve for crack initiation. The main concern with this safe life concept is that there 
is no recognition or provision for what effect initial defects can have on component 
life such as machining errors, burrs, nicks, etc. 

CRACK 
SIZE 

DISTRIBUTION OF CRACK 
LCF INiTIATiON TIMES 

I 

ENGINE USAGE (CYCLES, EFH, ETC.) 

CRITERIA: LOW CYCLE FATIGUE (LCF) LIMIT BASED ON LOWER BOUND 
(-3G OR 1/1000) DISTRIBUTION OF CRACK INITIATION TIME 

ACTION: 100% PART REPLACEMENT AT LCF LIMIT 

Fig. N.7 Safe life fatigue design. 



642 
A

IR
C

R
A

F
T

 E
N

G
IN

E
 D

E
S

IG
N

 

0 
r,) 

©
 e~ 

E 
~ 

• ~ 
©

 

0 r,.) 

o 0 

r~
 

0 ©
 

I 

0 o 

r..) 

"
0
 

0
 

.t- 

o 
o 

• .~
 

-~
 



APPENDIX N: TURBINE ENGINE LIFE MANAGEMENT 643 

DAMAGE TOLERANCE APPROACH FORCES PERIODIC INSPECTION OF CRITICAL FEATURES 

Safety Limit = 
I Avg. Crack Prop. Life to Critical 

Inspect at Durability 
~-- Limit -"1/2 Safety Cr tica I . , 

Crack Jr- Limit ,, 
Length l , /  , s ~ s  

/ " , '  p/s" \ Crack 
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Fig. N.8 Damage tolerance plus safe life. 

Miniml 
Detectable 
Flaw Size 

Implementation of this life philosophy requires that all like components be 
removed from service upon reaching the minimum life even though, with fatigue 
life scatter what it is, the component may have 10 times more life remaining. Safe 
life philosophy 3 is strongly driven by the premise that the material and finished 
components are free of any defects. 

N.4.2 Safe Life Plus Damage Tolerance 
The purpose for using damage tolerance with the safe life concept, as shown 

in Fig. N.8, is to economically provide maximum product safety through reg- 
ulated focused inspections on critical points of critical parts. It is a safety fea- 
ture designated to provide protection from numerous uncertainties or rogue flaws 
that can exist, that is, LCF generated, intrinsic, or induced (handling, machining, 
etc.) flaws, and for material imbedded flaws. When using damage tolerance in 
design, components are designed for crack growth using average crack growth 
material data so that the safety limit exceeds two times the required inspection 
interval. 

Successful application of damage tolerance-based procedures depends on sup- 
porting technologies. These technologies include nondestructive inspections, me- 
chanical testing of coupons and components, structural analysis based on a verified 
thermal environment and gradients, mission profile analysis, and cyclic tracking 
of components. Extensive material testing at room and elevated temperatures must 
be performed to obtain crack growth rate data. 

The damage tolerance requirement only applies to fracture critical parts and will 
usually impact component design in the manner as shown in Fig. N.9. 
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Damage tolerance requirement impacts component design. 

N.4.3 Retirement-for-Cause 

Damage tolerance is used to its fullest extent when the retirement-for-cause 
(RFC) lifing concept is employed. As shown in Fig. N.10, disks designed to safe 
life philosophy are typically retired at the time where one disk in 1000 could be 
expected to have initiated a 0.030-in. fatigue crack. By definition then, 99.9% of 
the retired disks still have useful life remaining at the time they are removed from 
service. 

Under the retirement-for-cause concept, each of these disks could be inspected 
and returned to service. The return to service interval is determined by a fracture 
mechanics calculation of remaining propagation life from the largest crack that 
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Fig. N.10 Retirement-for-cause applied to disk failure. 
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could have been missed during inspection. This procedure could be repeated until 
the disk has incurred measurable damage, at which time it is retired for a cause. 
Retirement-for-cause, then, is a methodology under which an engine disk would be 
retired from service when it had incurred quantifiable damage, rather than because 
an analytically determined minimum design life had been exceeded. Its purpose 
is not to extend the life of the rotor disk, but to use safely the full life capacity 
inherent in each part. In many cases, the decision as to whether or not RFC can 
be applied to a component will be predicated upon the ability of available NDE 
approaches to detect the initial flaw with sufficient sensitivity and reliability. 

N.5 Inspection and PODs 
The concept of damage tolerance is strongly based on the ability of fracture 

mechanics analysis to predict crack growth life with reasonable accuracy coupled 
with the capability of NDE to reliably find defects. The capability of NDE to 
reliably find defects is quantified through test data to determine the flaw size 
defined by a POD of 90% with a CL of 95%. The generation of these data is 
accomplished for each NDE technique (dye penetrant, eddy-current, ultrasonic, 
etc.). The technique for generating surface cracks in specimens, with and without 
original cracks, to be inspected to obtain data is shown in Fig. N. 11. The specimens, 
with and without cracks, are then inspected by trained inspectors, and the hit/missed 
data are gathered. The estimated POD and CL are determined statistically and 
plotted, as shown in Figs. N.12 and N.13. Comparison of mean crack detection 
capabilities of several NDE methods for Titanium 6A1-4V materials is shown in 
Fig. N.14. 

N.5.1 Fluorescent Penetrant Inspection 
Liquid penetrant inspection is used to detect small discontinuities that cannot be 

easily found during simple visual inspection. The method depends on the ability of 
a highly penetrating liquid to seep, through capillary action, into any discontinuity 
in the material to which it is applied. It can only be used to detect surface defects 
and subsurface defects that are open to the surface. There are six critical steps in 
the penetrant inspection of a part: 

1. EDM Starter Notch 

2. Fatigue In 3-Point Bend 

3. Grind Off Starter Notch 

4. Grow Crack To Desired Size 

Fig. N.11 Fatigue crack generation. 
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Fig. N.14 Crack detection in titanium 6AI-4V. 
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1) Surface preparation: The part surface must be cleaned of all contaminants 
(such as rust, scale, oil, paint, plating, etc.) to ensure that any defect is open to the 
surface of the bare material. 

2) Penetrant application: A properly selected fluorescent or nonfluorescent pen- 
etrant is applied either over the entire part or extending at least 1 in. around a 
particular area to be investigated. 

3) Removal of excess penetrant: Excess penetrant is removed to minimize the 
possibility of false indications. 

4) Developer application: The developer acts like a blotter and draws the pen- 
etrant out of any discontinuity and brings it to the surface. It also spreads out 
and amplifies the penetrant to make it more readily seen. Because the penetrant is 
diffused on the surface, the indication will be larger than the real discontinuity. 

5) Inspection: A true indication occurs when penetrant bleeds back to the surface 
from a discontinuity. 

6) Post-test cleaning: Remove residual developer and penetrant for return to 
service or additional inspection. 

N.5.2 Eddy Current Inspection 
Eddy current inspection is used to interrogate surface and/or near-surface mate- 

rial for discontinuities in the form of defects or cracks. This method is dependent 
on the electrical conductivity of the material to be inspected. When electrically 
conductive material is exposed to an alternating magnetic field that is generated 
by a coil of wire (transducer) carrying an alternating current, eddy currents are 
induced on the material surface or in the near-surface material (see Fig. N. 15). The 
effect of eddy currents, generating magnetic fields that interact with the magnetic 
fields of the transducer to change its electrical impedance, can be measured. These 
measured changes in the impedance of the transducer can be used to detect surface 
or near-surface discontinuities that affect the current carrying properties of the test 
material. 

Eddy current inspection has several advantages and disadvantages. The advan- 
tages of eddy current are that it 1) can detect both surface and subsurface discon- 
tinuities; 2) can be used on ferrous and nonferrous material; 3) is more versatile 

~ POWER 
COIL 

COIL GENERATED 
EDDY CURRENT MAGNETIC FIELD 
GENERATED -....~ A 

Induced Eddy Currents on Conductive Material 

Fig. N.15 Eddy current inspection. 
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than fluorescent penetrant inspection methods; 4) has adjustable sensitivity, and 
5) is portable. 

The disadvantages are as follows: 1) the applications are limited to electrically 
conductive material, 2) they require reference standards and specific operator train- 
ing, and 3) there is difficulty in some cases in interpreting results. 

Very little part preparation is needed for eddy current inspection. The surface of 
the area to be inspected may need to be cleaned or otherwise exposed so that the 
eddy current probe has adequate access. The inspection is accomplished in real 
time, where the probe-sensed variations in impedance are displayed on a meter or 
computer screen. This allows the inspector to reinspect to confirm the presence of 
an indication prior to further interpretation. 

Eddy current inspection has become a highly reliable method for detecting 
surface and near-surface defects, and has been used to enhance other surface 
inspection methods (visual and fluorescent penetrants) in evaluating the presence 
of defects, or for inspecting areas where visual observation is impracticable. To 
maintain high reliability in detecting defects, particular care must be taken in the 
setup of the eddy current system and in the interpretation of displayed signals. It 
is therefore necessary to ensure that the inspector is properly trained to operate an 
eddy current system. 

N.5.3 Ultrasonic Inspection 
Ultrasonic inspection applications include 1) thickness checks, 2) billet in- 

spection for internal defects, 3) forging inspection for internal defects, 4) weld 
examination, 5) surface defects on blades and engine-run hardware, and 6) com- 
posite inspection for delaminations and porosity. 

The basis for ultrasonic inspection is the detection of reflected or absorption of 
acoustic energy. It records amplitude and distance to echo and can be used to find 
surface and subsurface defects. 

High-frequency mechanical vibrations are introduced to the part through a cou- 
pling medium, and energy reflected is detected and displayed on a computer screen. 
Figure N.16 shows ultrasonic signal displays using unfiltered signals as well as 
the type of signal that is caused by the use of coarse grain material. 

N.6 Engine Structural Development Plan 
A typical layout of a structural development plan required by the U.S. Air Force 

Engine Structural Integrity Program (ENSIP 4) that is included in a military RFP 
is shown in Fig. N.17. ENSIP is an organized and disciplined approach to the 
structural design, analysis, development, production, and life management of gas 
turbine engines. The goal is to ensure engine structural safety, increase service 
readiness, and reduce life cycle costs through reducing the occurrence of structural 
durability problems during service operations. The plan would require the type of 
detail as stated in the following subsections. 

N.& 1 TASK I--Design Information 
N.6.1. I Master plan. The contractor shall prepare a time-phased plan for 

the accomplishment of the required tasks. 
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Fig. N.16 Ultrasonic signal analysis. 
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N.6.1.2 Design service fife and usage requirement 
The design service life. Cold parts shall be designed to a service life equal to 

that specified by the customer or of the intended airframe. Estimated test cell and 
installed ground run time shall be included in the designed life. Hot parts shall be 

the cold part life. designed to a service life equal to 
Usage. The design usage in terms of mission profiles and mission mix shall be 

that used in the design of the aircraft. The mission profiles and mission mix shall 
be supplied by the customer and shall include, as a minimum, estimates of the 
number of major throttle transients, time at/or above intermediate power settings, 
number and type of A/B lights, and run time. 

N.6. 1.3 Design criteria. Key criteria for safety, durability, maintainabil- 
ity, compatibility, quality, diagnostic, materials, and processes are given in the 
following: 

1) Safety: Damage tolerance criteria shall be used for critical parts whose failure 
would a) result in direct loss of aircraft or b) result in engine power loss preventing 
sustained flight either by direct part failure or by causing other progressive part 
failure. 

2) Fracture critical parts: Design for "slow crack growth" from maximum 
nondetectable flaw size to critical in two depot inspection periods or two design 
lifetimes if the part is not inspected at depot. 

3) Field level inspectableparts: It shall be shown by analysis and test (or test only 
where analysis is not feasible) that maximum undetectable damage, using the field 
inspection procedure, shall not grow to critical size in two field inspection intervals. 

4) Durability: The economic life of the engine structural components shall ex- 
ceed the design service life. Average engine performance margins and performance 
deterioration shall be considered in the engine design. 

5) Maintainability: a) Old parts shall fit and function with new parts; b) depot 
level repairs shall have a demonstrated life of at least two inspection periods; c) the 
engine and its components shall be designed for inspectability; and d) structural 
diagnostics shall be designed into and developed with the engine. 

6) Engine~airframe compatibility: The engine/airframe shall be compatible from 
a strength and dynamic standpoint. 

7) Damage tolerance and durability controlplans: These will control the quality 
of the delivered engine critical parts. 

8) Structural diagnostics: Diagnostics shall be used in the development program 
to protect the development engine as well as to build a diagnostic database for 
production engines. 

a) Internal diagnostic sensors shall be designed for external installation and 
removal from the engine where possible. 

b) Structural diagnostic sensors shall include but not be limited to bearing- 
mounted accelerometers and turbine blade optical pyrometers. 

9) Instrumentation system: The engine shall be designed to accommodate the 
development instrumentation system (for example, telemetry). 

10) Materials and process characterization plan: A comprehensive materials 
and process characterization plan will be required and contain minimum data 
requirements and quantity for each engine development. 
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N.6.2 TASK II--Design Analysis, Component and Material Charac- 
terization 

N.6.2. I Design duty cycle. From the mission profiles, mission mix, and 
throttle data supplied by the customer, the contractor is to derive a design duty 
cycle. A sensitivity analysis on engine life shall be prepared on usage variables. 

IV.6.2.2 Materials and process design data characterized. Final design 
data shall consider the full-scale material heats, the correlation of material data 
with that from the "as produced part," and the effect of special processes on final 
design properties. 

N.6.2.3 Structural~thermal analysis. 
1) Thermal environment: The thermal environment for steady-state and transient 

conditions will be analytically determined on major components for key points in 
the flight envelope. Sensitivity analyses will identify critical cooling circuit leakage 
points affecting major structural component temperatures. 

2) Component stress~environment spectra: For each major structural component, 
a plot of stress and temperature vs time for the design duty cycle shall be developed. 
Effects of performance deterioration, shutdown, and cooldown shall be included. 

3) Strength analysis: The engine structure (static and rotating) shall be shown 
to withstand ultimate internal and external acceptable critical clearances under 
limit load conditions. Ultimate stress = 1.5 × limit stress except for intemally 
pressurized cases, which shall be 2.0 × max operating stress. 

4) Vibration~flutter analysis: An analytical dynamic model of the engine and 
accessories will be used to identify critical system modes, potential forcing func- 
tions, resonance, and instability conditions including flutter. Detailed analysis aug- 
mented by bench testing shall be made to determine component vibrational mode 
shapes and frequencies. 

5) Damage tolerance analysis: This analysis shall protect the safety-of-flight 
engine structure from deleterious effects of material, manufacturing, and process- 
ing defects, through proper material selection and control, control of stress levels, 
use of fracture-resistant design concepts, manufacturing and process controls, and 
the use of careful inspection procedures. 

Initial flaw or defect sizes that shall be used in these damage tolerance analyses 
(or tests) shall be established by the contractor based on the results of an evaluation 
of nondestructive inspection (NDI) capabilities and recognizing the probability of 
flaw occurrence associated with the specific material and manufacturing processes 
used. These initial sizes shall be subject to customer approval. 

6) Durability analysis: The analysis shall ensure that the specified economic 
life of the engine is attained through addressing the major failure modes of the 
engines, that is, low-cycle fatigue, high-cycle fatigue, stress rupture, protective 
coating strain compatibility, creep, salt stress corrosion, etc., when used to the 
approved designed duty cycle. 

7) Critical parts list: Each of the safety and durability critical components (and 
specified critical locations on components) as identified by analysis and/or previous 
experience shall be listed and categorized with regard to degree of criticality. 
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8) Safety fault analysis: A fault analysis shall be performed to assess the 
consequences and probability of occurrence of the engine system (for example, oil 
system, fuel system, control system, etc.) malfunctions on engine structural safety 
and durability. As a minimum, the following items shall be included: a) oil fire 
assessment, b) control system malfunctions, c) fuel system malfunctions, d) rotor 
hot gas inflow margins and sensitivities, e) combustor pattern factor and radial 
profile variations, f) A/B transient effect on rotor speed, g) low-pressure power 
turbine shaft failure and consequences, h) HPT nozzle burnout and consequences, 
and i) titanium fire risk. 

9) Field inspectability analysis: All parts designed as "field inspectable" per 
the criteria specified under "Design Criteria" shall be readily inspectable without 
engine disassembly. For example, a sufficient number of boroscope points shall be 
designed into the engine. 

The capability and limitations of the field inspection equipment (for example, 
boroscope, visual, penetrant, etc.) shall be established. 

10) Structural diagnostic analysis: Sensor durability limits will be established, 
and a built-in test for functionality will be developed. 

N.6.2.4 Manufacturing and quafity control A manufacturing and quality 
plan shall be prepared showing concepts and procedures. A NDI evaluation and 
demonstration for field depot and factory use shall be conducted to verify design 
flaw sizes for damage tolerance analysis. 

N.6.3 TASK IIImComponent and Core Engine Testing 
N.6.3.1 Strength testing. All major structural components (static and 

rotating) shall be tested to design ultimate strength (for example, design burst 
speed for bladed disks) with deflections ensured at design limit load. Correlation 
with analysis shall be accomplished. 

N.6.3.2 Damage tolerance tests. Safety critical parts shall be preflawed 
and tested as components in rigs and/or spin pits and correlated with analysis prior 
to any full-scale damage tolerance engine testing. 

N.6.3.3 Durability tests. Component life testing (for example, low-cycle 
fatigue tests) will be conducted to failure or as a minimum to two design service 
lives. 

IV.6.3.4 Thermal survey. From core engine tests, steady-state and transient 
temperature profiles shall be determined for critical structural parts. Measured data 
shall be altered by analysis for full-scale engine conditions and for critical points 
in the flight envelope. The probable variation in radial profiles and pattern factor 
between combustors and component temperatures as a function of combustion 
system variability shall be established. 

N. 6. 3.5 Vibration strain and flutter boundary survey. Vibration data and 
flutter boundary investigation will be conducted on the core engine under ram 
conditions with simulated fan distortion. 
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N.6.4 TASK IVmGround and Flight Tests 
N. 6.4. I Environmental verification testing 
1) Thermal survey: An instrumented engine shall determine the steady state 

and transient temperature profiles for critical parts to correlate with thermal 
analysis. 

2) Ground vibration strain and flutter verification survey: An instrumented 
engine will measure vibratory stress at all critical points in the flight envelope 
with aircraft simulated inlet distortion in an altitude/ram facility with nominal and 
off-nominal IGV schedules to ensure sufficient vibratory stress margins. Flutter 
boundary exploration shall be conducted. 

3) Rotor dynamic survey: A full-scale engine rotor dynamic test shall be con- 
ducted on an instrumented engine with deliberate rotor unbalance. Bowed rotor 
characteristics with clocked rotor out-of-balance shall be investigated. 

4) Installed vibrations survey: An installed engine vibration survey shall be 
conducted to ensure dynamic compatibility between the engine, its accessories, 
and the airframe. The engine should have each rotor unbalanced to the maximum 
allowable limit for this test. 

5) External component resonance search test: A vibration survey shall be con- 
ducted on all externally mounted components to identify resonance frequencies. 
Resonance shall not occur at operating speeds. 

6) Clearance control: Critical clearances (blade tip clearances and seal clear- 
ances) shall be understood through the following test programs: a) high-energy 
X-ray (HEX) testing, b) installed engine/nacelle thermal survey, c) flight test data 
from clearance indicators, and d) optimized final green run cycle. 

7) Individual engine vibration characteristics database: All development en- 
gines shall have their vibration signatures characterized. Engine acceptance bands 
shall be derived from this data. 

N.6.4.2 Accelerated Mission Test spectrum derivation. Accelerated 
Mission Tests (AMT) shall be derived initially based on design mission profiles 
and mix and continually updated based on real usage from the usage program in 
Task V (lead the fleet with flight recorder data). When it is necessary, altitude 
and/or ram testing shall be included. (See Sec. N.7.2 for definition of AMT.) 

N.6.4.3 Durability tests 
1) Flight readiness verification tests (to be completed before first flight): 

a) overspeed and overtemperature test; b) resonance search and installed vibra- 
tion survey; and c) a limited AMT test to verify engine durability for the length of 
the planned flight test program plus incremental running. 

2) Product verification AMT: Product verification (PV) engine run to one lifetime 
prior to production release. 

3) Production AMT#1: Test hard-tooled B/M engine to one lifetime using design 
mission usage spectra. 

4) Production AMT #2: Test hard-tooled B/M engine to a minimum of one 
lifetime with spectra updated to real usage obtained from flight recorder data. 

5) Overhauled engine AMT: Test random overhauled engine to remaining life- 
line. 
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N.6.4.4 Damage tolerance tests. An instrumented PV configured engine 
shall be employed for damage tolerance tests of safety critical structure: 

1) Critical parts will be prefiawed at those critical points judged by analysis 
and prior component tests to be critical and using the AMT test spectrum shall be 
tested to one inspection period. Flaw growth will be monitored, fractographically 
examined subsequent to testing, and correlated with the damage tolerance analysis 
component tests. 

2) FOD, ingestion, and containment tests will be tested to demonstrated com- 
pliance with design criteria. 

3) All repairs will be tested by AMT methods to two inspection periods. 

N.6.4.5 Flight test strain survey. Selected engine components known to 
be sensitive to installation-induced vibratory stresses (for example, the fan) shall 
be instrumented, and data shall be taken for ground and flight operational loading 
conditions, such as gunfire or rocket exhaust gas ingestion, thrust reverse reinges- 
tion, cross wind, and high angle of attack. 

N.6.4.6 Update durability and damage tolerance control plan. The re- 
sults of Task III and IV shall be used to update. 

N.6.4.7 Performance deterioration, structural impact assessment. 
One of the most undesirable effects of deterioration is that combustion temperatures 
must be increased in order to maintain engine thrust, thus reducing hot section parts 
life. 

N.6.4.8 Critical part update. 

N.6.5 TASK V--Production Quality Control and Engine Life Manage- 
ment 

N.6.5. 1 Production engine analysis. The Task II analysis shall be updated 
to account for redesign components, changes in usage, material properties, and 
results of TASK III and IV tests. The updated analysis shall form the basis for 
preparation of the engine structural maintenance plan. 

N.6.5.2 A summary report on safety and durability shall be prepared. 

N.6.5.3 Engine structural maintenance plan. The structuralmaintenance 
plan shall include the inspection requirements for critical parts for both field and 
depot. Critical part safety and economic life limits shall be supplied for use with 
the individual engine tracking system. Diagnostic logic and procedures shall be 
supplied. 

N.6.5.4 Individual engine tracking. Damaging events such as significant 
power transients and time at and above intermediate power levels will be recorded 
with exceedance-type counters so that inspection and part replacement can be 
accomplished to preclude structural failures. Critical parts shall be serialized for 
tracking purposes. 
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N.6.5.5 Lead the force program (usage). A "lead the force program" 
shall be implemented and will provide early maintenance and operational usage 
data. Usage data shall be recorded on the Service Loads Monitoring Program 
(SLMP) recorder and shall include at least N1, N2, PLA, T2, and T4 vs time. 
These data will be used to update analysis and AMT tests. 

N.6.5.6 Durability and damage tolerance control plan implementation. 
The updated durability and damage tolerance control plan shall be implemented 
on the production program. 

N.6.5. 7 Technical order update. Technical orders are the principal means 
by which changes in logistic and maintenance procedures are implemented in the 
field. They are essential to solving field problems and improving availability and 
life. 

N.7 Development and Qualification Testing 

N.7.1 Historical Perspective--The 150-H Test 
From 1950 to 1970 turbine engine structural life qualification/verification was 

mostly based on engine running tests that involved a 150-h formal qualification 
test that was, in turn, the legacy of the qualification testing of piston engines. This 
test, shown in Fig. N.18, was not mission oriented but did put emphasis on the 
engine hot section by having appreciable time at high power settings to ferret out 
high temperature-induced creep and stress rupture failure modes. Some partial 
throttle transients were included but were far too few to drive a low-cycle fatigue- 
type of failure mode in either the compressor or turbine sections of the engine. 
Throttle stair steps were added to incite possible high cycle fatigue weakness, but 
have proven inadequate. The major throttle cycle of "zero to max/mil power to 

MIL - 

IDLE 

MANY ENGINE DEVELOPMENTS IN THE PAST DID NOT REVEAL 
SERVICE RELATED PROBLEMS 

TYPICAL 150 HOUR TEST 

MQT TYPE 
CE 

 UVUU[/ IllU 
6 HOURS- REPEAT 25 TIMES 

CYCLE DEFINITION 
150 HR 2000HR 
TEST USAGE 

IDLE-MIL-IDLE 300 20,000 
0-MIL-0 25 1,900 

Fig. N.18 Typical 15O-h qualification test spectrum. 
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zero" with some cooldown, which is prevalent in every mission, does contribute 
substantially to engine low-cycle fatigue damage and was virtually missing. Also 
shown in Fig. N. 18 is a block showing a comparison between the qualification test 
and the throttle usage of a typical modern fighter for 2000 flight hours. 

Recognizing the shortcomings of the formal 150-h test requirement contained 
in the coordinated Tri-Service Mil Spec 5007C (contains military requirements 
for development of new turbine engines) written in 1966, the military revised 
the specification to include additional structural component and engine tests in 
1974. This revision was Mil Spec 5007D (Ref. 5), which still retained the 150-h 
qualification test but also added an engine running mission related low-cycle fatigue 
test requirement. In addition, this revision also contained a structural program 
that required structural analysis and component testing along with a usage and 
tracking system and contained many elements of the early ENSIP Program. This 
revision, however, did not contain damage tolerance requirements. It was not until 
1984 that damage tolerance requirements were introduced through ENSIP (Engine 
Structural Integrity Program) in the Military Standard 1783. The mission-related 
test is now known as the AMT, which is a formal engine qualification/verification 
test to demonstrate full design engine life prior to full scale production. 

N.7.2 AMT (Military) 
The AMT 6 is a mission-related test that has all the nondamaging throttle cycles 

and power levels, such as idle and cruise, removed from the mission flight profile as 
shown in Fig. N. 19. This process uses severity analysis tools as shown in Fig. N.20 
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Fig. N.20 Use of severity analysis tools. 

in order to reduce the test and calendar time required to reproduce the damage over 
the life of the engine. 

It is possible to balance or adjust the severity of an AMT cycle to better match 
the most severe mission for each component by adjusting the magnitude of tran- 
sients and hold time to control thermally induced stresses] This can be done 
as shown in Fig. N.21 by adjusting hold time at maximum power, or if total 
time at maximum power needs to be maintained, by altering hold time at idle or 
subidle. 

Certain qualification tests may require the use of ground facilities for run- 
ning conditions to better simulate the flight envelope, such as duplicating high 
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Fig. N.22 Low altitude high speed ram tests. 

Mach number at altitude or low-altitude, high-speed ram tests as depicted in 
Fig. N.22. 

The RFP typically may require a series of AMT tests such as Mil Standard 1783 
that involve a series of formal tests for flight clearance release points such as the 
IFR, FFR, ISR, and OCR as shown and defined in Fig. N.23. 

Component structural special engine testing has also become a formal qualifica- 
tion requirement. The following verification tests and measurements are examples: 
1) turbine and compressor over-speed engine running tests usually to 115 %; 2) disk 
bust testing to a minimum of 122% of the maximum allowable steady-state speed; 
3) overtemperature of the first stage turbine rotor by 8 I°F and engine static load 
tests; 4) low-cycle fatigue and crack testing of critical engine components including 
high-pressure cases, engine mounts, and spin pit testing of rotors and correlated 
with analysis; and 5) engine AMT testing is usually accompanied by HCF stair-step 
tests up and down. 

A fighter engine typical AMT structural verification ground test is shown in 
Fig. N.24. The mission mix is usually dictated by the customer or derived from a 
usage survey. 

N.7.3 1000 Simulated Service Cycle ("C" cycle) Test (Commercial) 
Figure N.25 shows an example of two "C" type cycles used as a verification test 

for engine integrity and reliability that must be passed for commercial engine cer- 
tification. This test cycle is tailored to fit the expected usage such as time at takeoff, 
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Fig. N.23 Mil Standard 1783 formal test. 

reverser throttle transient power levels expected, and cooldown times. A minimum 
of 1000 cycles is to be generated prior to certification, and in many cases, many 
more cycles are generated prior to initiation of revenue service. Additional tests 
are also required for certification such as blade out, blade containment, overtem- 
perature and rotor overspeed tests, bird ingestion tests, and rotor burst speed com- 
ponent tests. 

N.8 Summary 
The current turbine engine lifing process has evolved over the past 50 years with 

many of the factors that control life changing based on lessons learned from the 
engine development programs and customer field problems. Some of the changes 
were driven by state-of-the-art improvements such as finite element modeling, 
improved material, engine controls, testing techniques, manufacturing, inspection 
capability, surface treatments, usage monitoring, and tracking systems. Life man- 
agement techniques and philosophies have changed, as well, with recent changes 
involving the addition of damage tolerance lifing concepts. Lifing concepts such as 
the safe life concept combined with damage tolerance requirements are now being 
employed, which will ensure safety even in the event of a rogue flaw. In addition, 
engine design development programs now contain improved design criteria and a 
better understanding of intended usage, thorough understanding of material char- 
acteristics, more specimen and component analysis and testing, and comprehensive 
engine environmental and formal verification testing. 

When taken together, these advances have had a very positive effect on our 
ability to life manage turbine engine components, even in situations that involve 
complex usage, which will, through better utilization of engine components, al- 
low the customer to see benefits in the cost of ownership, improved service lives, 
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and on safety. Currently, there is a major, national high-cycle fatigue (HCF) ini- 
tiative under way that will alter ENSIP so that more emphasis is placed on HCF 
development. 
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Appendix 0 
Engine Controls 

0.1 Control System Requirements 
The operation of an aircraft gas turbine engine is certainly complex. It is a 

mixture of aerodynamic, thermodynamic, chemical, and mechanical processes 
functioning together as a single unit. The control of these processes can be quite 
challenging, and the potential for unstable behavior abounds. As an example, 
consider the operation of the high-pressure compressor, or the fan. In normal 
operation for these components, the air discharges at a higher pressure. The func- 
tion can be likened to pushing water uphill--it  is forcing the fluid in a direc- 
tion it does not want to naturally go. The potential for instability exists, and, 
indeed, it is not uncommon for fan or compressor surges and stalls to occur in 
operation. 

For the purposes of this description of the engine control function, it will be 
assumed that we are describing the control system for a current state-of-the-art 
fighter aircraft engine, which is characterized as a low-bypass-ratio, twin-spool, 
mixed flow, afterburning turbofan engine. The basic principles would also apply 
to a high-bypass-ratio, nonafterburning engine, as used in a commercial airliner 
or military transport, as well, with some minor differences. 

The primary functions of the engine's control system are to 1) maintain con- 
sistent, stable thrust levels; 2) maintain smooth, repeatable performance during 
transient operation from one requested thrust level to another; 3) maintain stable 
airflow, internal pressures and temperatures, and rotor speeds within safe operating 
limits; and 4) avoid stalls and surges, and significant speed, pressure or temperature 
variations. 

In addition to these primary functions, there are secondary functions that the 
engine control system must perform. These secondary functions include engine 
startup and shutdown; engine bleed and power extraction; inlet anti-icing; hot gas 
ingestion protection; and fan and compressor tip-clearance control, among others. 
These secondary functions will not be described in detail, but it should be noted 
that they are necessary functions and they can result in significant mechanical 
complexity. 

The first two primary functions of the engine control system focus on main- 
taining and modulating engine thrust levels. To understand how the engine control 
system accomplishes these functions, consider the equation for uninstalled engine 
thrust: 

F = (rh9g 9 - -  rhoVo)/gc + (P9 - Po)A9 (4.1) 

663 
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The equation contains an element of propulsive force caused by the momentum 
transfer between the inlet mass flow and the exhaust mass flow and an element of 
force caused by the pressure differential between the inlet airflow and the exhaust 
gases acting through the engine exhaust nozzle. An actual measurement of engine 
thrust in flight is not practical because of the difficulty in directly measuring mass 
flows within the engine in real time. Consequently, engine thrust levels must be 
inferred through the known thermodynamic relationships with other measurable 
parameters within the engine. The regulation of engine thrust through a controller 
evolved from the discipline of process control, most notably within the chemical 
industry where chemical processes were difficult to monitor directly. The most 
practical and repeatable method of "measuring" engine thrust is to relate it to the 
engine operating line on a fan map (see Fig. O.la). If the controller is able to 
regulate the engine's performance to the same corrected mass flow and pressure 
ratio for a given throttle setting, the engine's thrust will be maintained. It is a fairly 
simple task to measure the engine's operating condition on a fan or compressor map 
because the operating environment of the fan is relatively benign. For example, 

Fan 
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Fan 
Pressure 

Ratio 

Surge Line 

Engine 
I Operating 

J Line 

Corrected Mass Flow Rate 
(a) 

Surge Line ~~ EPR 
(P, olP,2) 

Corrected Mass Flow Rate 

(b) 

Fig. O.1 Typical fan map and the relationship of engine pressure ratio (EPR) and 
turbine inlet temperature (Tt4). a) Typical fan map; b) Relationship of EPR and Tt4. 
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mechanical rotor speeds are easily measured by a magnetic pickup located in 
proximity to a passing gear tooth. The fan rotor speed N1, corrected for inlet 
temperature and pressure, correlates very well to engine mass flow. Likewise, 
a differential pressure measurement within the engine correlates very well with 
fluid velocities (see Fig. O.lb). As a result, fan rotor speed and engine pressure 
ratio correlate to the two most significant variables in the equation for uninstalled 
thrust [Eq. (4.1)]. Hence, reliable thrust setting parameters for the engine control 
system can be found through the measurements of fan rotor speed N1 and engine 
pressure ratio (EPR), and these two parameters can be directly plotted directly 
on a fan or compressor map. EPR is defined as the tailpipe exhaust pressure Pt6 
divided by engine inlet pressure Pt2. This assumption holds under the assumption 
of choked flow within the turbine, which is the case for most of the engine's normal 
operation. The exception being for very low-power throttle settings, when the flow 
in the turbines is not always choked. 

This relationship is shown in Fig. O. lb. The engine control system translates the 
throttle position command from the pilot into a rotor speed command N and an en- 
gine pressure ratio (EPR) command as a means of controlling engine thrust levels. 

The other primary control functions--maintaining stable airflow, internal pres- 
sures, temperatures, and rotor speeds within safe operating limits; and avoiding 
stalls, surges, and significant speed, pressure or temperature variations--are ad- 
dressed in a similar manner. In addition to being a good thrust setting parameter, 
another desirable feature of engine pressure ratio is that lines of constant engine 
pressure ratio are roughly parallel to the fan stall line. Therefore, using engine 
pressure ratio as a thrust control variable offers the additional benefit of providing 
adequate stability margin for the engine. Figure O.lb also shows how values of 
constant turbine inlet temperature Tt4 relate to fan inlet corrected airflow and fan 
pressure ratio. Therefore, using these two parameters in the engine control also 
offers a means of overtemperature protection. 

Of course, corrected fan rotor speed and engine pressure ratio are not the only 
variables that correlate well to engine thrust. Over the years, many other measured 
variables have been used as thrust setting parameters. Some other steady-state 
control modes that have been used are shown in Table O. 1. Early control modes 

Table 0 .1  Common engine control modes 

Regulated variables Effectors Comments 

Fan rotor speed--N 1 
Core rotor speed--N2 

Exhaust area 
Fuel flow 

Fan rotor speed--N 1 Fuel flow 
EPR'--Pt6/Pt2 Exhaust area 

Fan rotor speed--N l 
Fan exit Mach no.--A P~ Pt2 

Fuel flow 
Exhaust area 

Requires field trim because of 
performance shift caused by 
degradation. 

No trim is required; EPR is 
proportional to fan discharge 
pressure (for constant bypass ratio). 

No trim is required; variable cycle 
engines (variable bypass ratio) 
require a direct fan measurement 
of fan exit Mach number. 
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used the fan and compressor rotor speeds to set engine thrust. Blade tip clearances 
will expand as a result of bending and flexing of the engine shafts during flight 
maneuvers, and other wear encountered during normal flight operation will cause 
the engine's performance to degrade. As a result, using rotor speeds as the control 
variables will result in a loss of thrust. Periodically, the engine controls would have 
to be "trimmed" by the maintenance personnel to account for this loss of perfor- 
mance. For high performance fighters, the frequency of these maintenance actions 
became unbearable. For bomber and transport aircraft these maintenance actions 
were not as frequent and, therefore, were more tolerable. This lead to the need 
to develop so-called "trimless" control modes, where engine thrust levels could 
be maintained in spite of engine degradation. Two of these modes are shown in 
Table O. 1. One is the N1/EPR mode already discussed. The other is the N1 / A P/Pt2 
control mode. AP/Pt2 is fan pressure rise divided by fan inlet total pressure, and 
it is proportional to fan exit Mach number (velocity). This mode is appropriate for 
variable cycle engines where the engine bypass ratio can be modulated, through the 
use of internal variable geometry, to a high-bypass-ratio configuration for good 
fuel economy at cruise, or to a lower bypass ratio for high specific thrust during 
combat maneuvers. With these trimless control modes thrust regulation will be 
maintained as the engine degrades, but at the expense of increased fuel burn and 
increased turbine inlet temperature. As further degradation occurs, a turbine inlet 
temperature limit will be reached, and the engine will be pulled from service for 
maintenance--usually a complete overhaul at a maintenance depot. 

The fan map depicted in Fig. O. lb offers a glimpse of the permissible operating 
regime of the engine during transient and steady-state operation with respect to ro- 
tor speeds, engine pressure ratio, surge or stall limits, and temperature limits. These 
limits represent upper thresholds of operation. There are also minimum thresholds 
for fan pressure ratio, below which combustion cannot occur, and for minimum 
inlet airflow to sustain continuous operation. Figure 0.2 shows, notionally, the 
complete operating envelope for the engine as it relates to the fan map. 

Oo 1.1 Control Logic and Processing 
The engine control system relies on a number of inputs to accomplish its func- 

tion. Some are input commands from the pilot or flight control system, and others 
are direct measurements from the aircraft and the engine. Output commands are 
then sent on to the actuators that control main engine and afterburner fuel flows, 
exhaust nozzle area, etc. Since the early 1990s, the heart of the military aircraft 
gas turbine engine control system has been a digital electronic controller. The 
electronic processor performs all of the control system calculations and logical 
functions based on sensors located on the aircraft and within the engine. It of- 
fers significantly more flexibility in defining control schedules and such compared 
to previous hydromechanically based control units used up to the early 1970s. 
A simplified schematic of the engine control system is shown in Fig. 0.3. The 
power lever angle (PLA), or throttle position, command from the pilot is the pri- 
mary input to the controller. This command is coupled with sensed values of inlet 
temperature and pressure. The inlet temperature and pressure signals are used to 
infer information on the aircraft's altitude and Mach number, in addition to pro- 
viding data to compute corrected rotor speeds, etc. Other inputs may be fed into 
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Fig. 0.2 Engine operating limits as related to the fan map. 

the control system from the aircraft flight control system and flight data system, 
such as aircraft attitude, air speed, and angle of attack. For example, in certain 
flight conditions, such as during extreme combat maneuvers, the inlet air to the 
engine may be highly distorted, and the engine may be more susceptible to stall 
or surge. With the appropriate information from the flight data system, the engine 
controller can make the necessary adjustments to the engine's operating condition 
to accommodate these flight maneuvers. 

The input commands from the pilot and flight data system are fed into a control 
logic function that translates this information into the required operating condition 
for the engine to produce the thrust requested by the pilot. In the example chosen 
for this discussion, the output of this logic function would be a required fan rotor 
speed and a required engine pressure ratio. Table 0.2 shows the input variables, 
output variables, and sensed parameters typically used by the engine controller for 
this particular steady-state control mode. The engine control system is character- 
ized by open-loop and closed-loop control elements. The position of the variable 

[ . ~  Logic ~ ~Lo;ic" r,~ Actuator ~ Sensors 

I l l ] Pressure~ T e m p e r a t ]  inlet Pressure, ffe~flPrea~re 

Fig. 0.3 Engine control system schematic. 
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Table 0.2 Input variables, output variables, and sensed parameters 

Control 
input 
variables 

Sensed parameters 
N1 N2 Pt3 Tt5 Tt2 Pt2 M13 Pt6 L O D  a P L A  

Controlled 
variables 
(outputs) 

Main X X X 
burner 
fuel flow 

Exhaust X 
nozzle 
thrust 
area 

Fan, HPC X X 
variable 
geometry 

Engine X X 
bleed 

A/B fuel X 
flow 

X X X 

X X X X 

X 

X N1 Closed 
loop 

X EPR Closed 
loop 

X Vane Open 
position loop 

X X Valve Open 
position loop 

X X X X X Fuel Open 
valve loop 

a L O D  = l ight -of f  detector.  

geometry stator vanes in the fan and compressor are usually open-loop scheduled as 
a function of the respective corrected rotor speeds to provide the airflow an optimal 
incidence angle with respect to the leading edge of the blades. This ensures optimal 
aerodynamic efficiency of these components. Likewise, compressor bleed flow is 
usually open-loop scheduled as a function of corrected compressor rotor speed to 
ensure good starting characteristics and good low-speed performance. The most 
important closed-loop variable is main burner fuel flow. It has the greatest impact 
over the largest dynamic operating range of any other variable in the engine. 

The basic dynamics of the engine are characterized by the polar moment of 
inertia of each rotor and by the volume of the afterburner tailpipe. Figure O.4 shows 
a general state-space representation of the principal gas turbine engine dynam- 
ics and the corresponding root locus plot in the frequency domain. State-space 
equations are written in the time domain and are ordinary differential equations 
describing the physical motion of the engines dynamic elements. Using Laplace 
transforms, time domain differential equations can be written and analyzed in the 
frequency domain. Designers may use either time domain methods or frequency 
domain techniques, or both when designing and analyzing a control system for an 
engine (see Ref. 1). The root locus plot shows the rotor inertias to be close to the ori- 
gin, meaning they have the dominant effect on the dynamic response of the engine. 
The root associated with the tailpipe is higher in frequency and has a limited effect 
on the overall engine dynamic response. There is a weak, but discernable coupling 
between the tailpipe pressure and fan rotor speed through the pressure associated 
with the fan duct and afterburner volume. Because this coupling is weak, the two 
principal closed-loop control functions can be viewed as being independent of one 
another. In other words, the main engine fuel flow will control fan rotor speed, and 
the exhaust nozzle area will control engine pressure ratio. In reality, the coupling 



APPENDIX O: ENGINE CONTROLS 669 

State Space Equations: I  ,a0 o1[ ] i o]i l 
P,6J L O  -ap6 Pt6 bFpbAe 

Root Locations 

X X R 
Rotor 

Pressure Speeds 

Frequency Separation Indicates 
Tailpipe Dynamics Decoupled 

From Rotor Speeds 

Fig. 0.4 Governing dynamics of the gas turbine engine. 

between fan rotor speed and exhaust nozzle area is accounted for by the control 
logic. 

The rotor inertia, or rotational mass, determines the dynamic response of the 
engine. For a large diameter, high-bypass-ratio engine, a typical acceleration from 
a low power setting to a high power setting may take 10 or more seconds. Con- 
versely, for a small diameter, single spool turbojet, an acceleration may take only 
1 or 2 s. The excess energy produced by increasing the fuel flow to the combustor 
is transferred to the rotor through the turbine. The result of this excess torque is 
a change in rotor speed. To accelerate the engine quickly, the fuel flow input to 
the engine should be raised quickly. There is an inherent problem with this ap- 
proach, however. As shown in Fig. 0.2, the engine operating line is bounded by 
various operational limiting conditions. Raising fuel flow too rapidly could cause 
an engine overtemperature condition or a fan or compressor stall, if not properly 
regulated. The appropriate operating limits are built into the engine control sys- 
tem in the form of acceleration and deceleration schedules. These acceleration 
and deceleration schedules come into play when large and sudden changes in 
thrust are requested. A typical rotor speed/fuel flow control loop logic diagram, 
showing the appropriate limits for acceleration and deceleration, is depicted in 
Fig. 0.5. Figure 0.5 is greatly simplified. The acceleration schedule accounts for 
multiple limits, as depicted in Fig. 0.2. Rapid accelerations require the engine 
to operate transiently far from the normal operating line very close to the engine 
stall line. The acceleration limits incorporated in the control system enable the 
engine to make large, rapid thrust transients safely, without encountering a stall 
or over temperature condition. During transient operation, the variable geometry 
vanes in the fan and compressor will be positioned to follow a prescribed schedule 
as a function of rotor speed. By limiting the variable vanes to track a precise 
schedule, high frequency aerodynamic instabilities, such as blade flutter, are 
avoided. 

The control logic employed during an engine deceleration is very simple: cut 
fuel flow to the lowest possible level that will sustain combustion and keep the main 
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Fig. 0.5 Rotor speed control schematic. 

burner lit. Acceleration schedules, on the other hand, are more complicated and 
more sophisticated, because, as shown in Fig. 0.2, multiple operation limits are 
encountered during a large thrust excursion. Just as there were different approaches 
to defining engine steady-state control modes, there are different approaches to 
defining acceleration, or transient, control modes. Some of the more common 
transient control modes and the operational advantages and disadvantages of each 
are listed here: 

l) rnf VS rpm: This requires temperature biasing to account for varying ambient 
conditions and requires accurate measurements. 

2) rnf/Pt3 vs rpm: This is a simple concept (fuel flow divided by compressor 
exit pressure directly relates to fuel-to-air ratio) but tends to increase required 
performance margins; has potential instability with pressure fluctuations; and has 
good response to engine stalls. (As compressor discharge pressure drops during 
a stall, the controller will correspondingly reduce engine fuel flow, which is the 
safest response to a compressor stall or surge.) 

3) Tt 4 vs rpm: Only one biasing parameter is required (inlet temperature); is 
intolerant to varying fuel type (varying heat content); has consistent accels, but 
requires high response measurement. 

4) N vs rpm: Closed-loop accel control provides consistent, repeatable response. 
It does not require biasing parameters, but provides superior performance with 
temperature and pressure biasing. 

From a performance standpoint the N, or the rotor speed rate of change transient 
control mode, has evolved to be a preferred choice for military applications. This 
mode would not have been possible without the advent of digital electronic con- 
trols. The principal advantage of this control mode is that is provides repeatable and 
consistent accelerations over a very broad range of engine operating conditions. 
Pilots like it for that reason. 
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0.1.2 Advanced Control Logic 
Protection of the engine hardware is one of the primary responsibilities of the 

control system. This consists of avoiding all of the limits discussed earlier. To 
avoid reaching these limits, margins (safety factors) that consist of a worst-case 
stackup of undesirable effects which could cause the engine to exceed one or more 
of the limits are established. In the case of stall margin, this consists of effects 
caused by, but not limited to, values associated with inlet distortion, engine tran- 
sients, tip wear, Reynolds number effects, engine-to-engine variations, and control 
tolerances. Historically, the amount set aside for design margins has not changed. 

It is important to realize that the control system cannot create performance that 
the engine does not already have built into it. To further improve engine perfor- 
mance from a control viewpoint, the engine design process must be considered. 
During the engine design process, a design point is selected, and the requirements 
for each engine component are established. Then, each component proceeds on 
an independent path until all of the components are assembled into a final engine 
for test. During the component development program, safety factors are added to 
the component design for safe operation. The inclusion of these margins reduces 
potential engine performance. 

To understand these concepts, consider Fig. 0.6. In this plot, thrust ratio is plotted 
as a function of temperature ratio. Temperature ratio is defined as the ratio of turbine 
inlet temperature limit to turbine inlet temperature at stoichiometric temperatures. 
This axis then shows the growth of turbine engine material limitations and cooling 
technologies over time (increase in temperature ratio). Thrust ratio is then defined 
as the thrust produced at a given stall margin and temperature ratio divided by the 
thrust at no stall margin and stoichiometric temperatures. The line labeled stall line 
is the line of zero margin, and the one labeled operating line is a line of constant 
design stall margin. The area between these two curves denotes the performance 
that is lost as a result of constant design stall margins. The ellipses represent engine 
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Fig. 0 .7  Model-based control architecture. 

generations or levels of engine technology as time progresses. The wedge labeled 
recaptured performance is shown to illustrate the effects of the parameters that 
make up the margin stackup which are not fully understood. As we gain further 
understanding of the phenomena that reduce stall margin and how they can be 
controlled, the amount of performance that can be regained will increase. 

It is possible for the control to recapture some of this loss performance by actively 
controlling these margins. To do this, the propulsion control is moving from the 
classical feedback control that has been used for decades, shown in Fig. 0.3, to 
model-based control that has been used in the process control industry. The model- 
based control architecture is shown in Fig. 0.7. The remainder of this section will 
discuss model-based control. 

During the engine development process, a detailed nonlinear simulation of the 
engine is created. The control engineer usually starts this work after the simulation 
is created. He or she first linearizes the model and checks linear model responses 
against the nonlinear model to ensure they have the same response characteristics. 
If responses are acceptable, the control design can begin with the linear models. 
At this point significant benefits can be achieved by rethinking the design. The 
nonlinear model contains all of the knowledge and expertise available for that 
engine at that time. However, it is never used for anything more than evaluation of 
proposed changes to control logic or engine hardware. Model-based control uses 
this knowledge to regain some lost performance. 

The key aspect of model-based control is the addition of the nonlinear model of 
the engine into the control approach. This model is a reduced order or simplified 
version of the detailed nonlinear model created during development. This model 
is fed the same commands from the control as the actual engine, and the sensed 
engine outputs are then compared to the same outputs computed by the model. 
Model computed values can now be used for feedback, including values that cannot 
be directly sensed. 

The addition of a model into the control scheme presents some difficult chal- 
lenges. For example, the model is a nominal or average engine representation 
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that may not match the specific engine in question. To overcome this, a tracking 
filter is added. The function of the tracking filter is to take comparisons between 
model outputs and sensor readings and adjust the model parameters so that the 
model outputs match the sensor readings. The model is then assumed to provide 
an accurate representation of that engine. The selection of a tracking filter is based 
upon what you are actually interested in controlling. For example, if you are inter- 
ested in controlling thrust, then you have a performance tracking filter. Similarly, 
when controlling stall margin an operability tracking filter may be appropriate, 
or if interested in extending engine life a life tracking filter may be selected. A 
multipurpose tracking filter that does well for all cases has not been found. There- 
fore, if all cases need to be covered, then separate tracking filters and models 
will be necessary. This is a significant hurdle to overcome as a result of memory 
and processing limitations in today's FADECs (Full Authority Digital Electronic 
Controls). 

0.2 Control System Components 
The preceding discussion on control logic touched on some of the control de- 

vices required for implementation. This is to be expected, because the description 
of a control mode provides strong clues as to the types of components involved. For 
example, control of engine pressure ratio (et6 / Pt2) suggests the need for measuring 
pressures at engine stations 2 and 6. Common sense tells us that modulation of fuel 
flow to control rotor speed is a fundamental control system function. Afterburning 
turbojets and turbofans require the ability to change nozzle throat area As. Some 
of the newest military engines also feature A9 control to allow optimization of 
nozzle expansion ratio at various power settings and flight conditions. Most mod- 
em engines have variable geometry and bleed valves in the compression system to 
maintain high efficiency and stability over a wide range of operating conditions. 
This high-level description of required functions suggests a categorization of en- 
gine control system components into one of three primary subsystems--electrical, 
fuel delivery, or actuation. 

0.2.1 Electrical Subsystem 
The electrical subsystem consists of power generation components (a gearbox- 

driven alternator and associated power control circuitry), sensors, ignition exciters 
and igniters, miscellaneous solenoids, an engine diagnostic computer, and a con- 
trol computer. Engine electrical subsystems have changed significantly over the 
years, driven by the evolution from hydromechanical to electrically based analog 
to digital electronic control. Over the last 30 years, these changes have produced 
tremendous increases in control system capability that have in turn enabled dra- 
matic improvements in engine performance and operability. 

Power for the electrical subsystem, as for the rest of the aircraft, is extracted from 
the engine. A bull gear on the engine's high spool drives a tower shaft connected to 
a case-mounted gearbox. The engine accessory gearbox typically has several drive 
pads for various engine accessories, and one of these is devoted to a 5 kW alternator 
that supplies the engines electrical needs. The alternator output is fed to ignition 
exciters and to some type of power conditioning unit. The ignition exciters store 
electrical energy to drive main combustor and augmentor spark igniters during 
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engine start and augmentor light-off. The power conditioning unit converts the 
alternator alternating current output to direct current and steps the voltage up or 
down to meet the needs of the other electrical loads on the engine. Because digital 
controls require continuous power, modern engines typically bring in an aircraft 
power bus to serve as backup in case of alternator failure. 

A standard engine sensor set includes devices to measure temperatures, pres- 
sures, rotor speeds, and actuator positions. Specialized diagnostic sensors (e.g., 
vibration, lubrication system chip detection) may also be included. The specific 
temperatures and pressures measured may vary slightly from engine to engine, 
depending on the engine manufacturer and the control strategies each employs. 
A typical sensor set for a two-spool turbofan will measure engine inlet temperature 
and pressure (Tt2 and Pt2), compressor inlet temperature (T/2.5), bypass duct pres- 
sure (Pt16), combustor inlet pressure (Pt3), tailpipe temperature (Ttr), and position 
feedbacks from the compression system variable stator actuators, fuel metering 
valve, and exhaust nozzle actuators. Because of the harsh environment, hot section 
sensing between the high-pressure turbine inlet and low-pressure turbine exit is 
generally avoided or limited to a non-intrusive method such as optical pyrometry. 
Optical pyrometers are not accurate enough to use for control purposes, but are 
useful as limiters to avoid excessive temperatures in the turbine system. 

The heart of the electrical subsystem, indeed of the control system, is the digital 
electronic controller. Depending on the manufacturer and engine, it may be re- 
ferred to as a DEC (digital electronic controller), DEEC (digital electronic engine 
control), DECU (digital electronic control unit), or FADEC (full authority digital 
electronic control). A typical FADEC (Fig. 0.8) consists of a computer running 
a program that implements the control algorithms described previously, analog 
sensor signal conditioning circuitry with analog-to-digital converters to feed in- 
formation into these control algorithms, and output signal conditioning circuitry 
interfaced to digital-to-analog converters that turn the computed commands into 
the current and voltage levels necessary to drive valves and actuators to the required 
positions. A modern FADEC will take readings, compute commands, and adjust 
actuator and valves settings up to 80 times per second. Because of the critical role 
the FADEC plays in the operation of the engine, digital control is typically imple- 
mented in a redundant architecture. Redundancy is usually limited to the electrical 
subsystem, since the mechanical portion of the control system is highly reliable. 
Millions of hours of field experience have demonstrated that dual, or duplex, redun- 
dancy raises electrical subsystem reliability to a level commensurate with that of 
the mechanical components. More recent military engines also have some type of 

Fig. 0.8 Full authority digital electronic control (FADEC). 
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health or maintenance diagnostic unit interfaced with the FADEC. Future engines 
will employ predictive or prognostic sensor and data processing to increase safety 
and improve logistic support. The level of sophistication ranges from simple data 
logging (limit exceedances, occasional performance snapshots, cycle counting, 
time at temperature) to complex health tracking with Fast Fourier Transform 
(FFT) based vibration analysis, automated failure diagnosis, and continuous per- 
formance trending. Although FADECs and diagnostic units are similar in many 
respects, there is one critical difference. FADECs are flight-critical (sometimes 
called safety-critical) devices, i.e. loss of FADEC function directly impacts safety 
of flight. Failure of a diagnostic unit will cause the loss of important maintenance 
information, but has no bearing on flight safety. Therefore, redundancy require- 
ments are not imposed on the diagnostic system in order to save weight and cost. 

0.2.2 Fuel Defivery Subsystem 
The fuel delivery subsystem consists of one or more pumps, filters, heat ex- 

changers, valves, and plumbing. Its primary functions are to deliver fuel to the 
main combustor (and angmentor, for afterbuming engines) at the appropriate mass 
flow rate and to cool, either directly or indirectly, engine or aircraft components. 
These tasks are complicated by the temperature limit of the fuel, around 350°F for 
the kerosene-based Jet-A, JP-5, and JP-8 fuels used in commercial and military 
engines. By the time fuel reaches the engine's main fuel pump from an aircraft 
tank, it has already cooled various vehicle subsystems (Fig. 0.9). Although current 
design practice is to keep fuel temperature below 200°F at the engine interface, 
higher temperatures are not uncommon. Between the pump discharge and com- 
bustor fuel nozzles, fuel is routed through a heat exchanger to cool engine oil. 
When the maximum operating temperature of approximately 350°F is exceeded, 
various compounds precipitate from the fuel. These solids deposit in fuel lines 
and nozzles, leading to performance deterioration and ultimately engine failure. 
At certain flight conditions maintaining fuel below this critical temperature at 
the main combustor nozzles (and angmentor spray bars in afterburning turbo- 
fan engines) is extremely difficult. This challenge has become more severe on 
newer military fighter aircraft, leading to the need for a disciplined systems engi- 
neering approach to the design of the aircraft fuel delivery system to ensure that 
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Fig. 0.9 Typical aircraft fuel delivery system. 
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fuel temperature is kept under control at all operating conditions. This has led 
to the search for fuels that can absorb more heat before destabilizing, as well as 
endothermic fuel that can absorb additional heat by cracking. Also fuel may be re- 
circulated to the aircraft tanks during periods of high heat rejection (see Fig. 0.9). 
For such systems pump thermal performance, that is, the change in fuel temperature 
between pump inlet and discharge, is critical. Variable geometry fuel pumps that 
minimize fuel heating over the entire flow range have been developed to address 
this critical thermal management issue. 

An engine fuel delivery system is required to supply the required mass flow of 
fuel at sufficient pressure to ensure proper mixing with compressor discharge air 
in the combustor. The main fuel pump is the critical element in this system. It is 
responsible for taking low pressure (less than 100 lbf/in. 2) fuel from the aircraft fuel 
delivery system and driving it through the engine fuel system such that it enters the 
combustor fuel injectors at much higher pressure, often in excess of 1000 lbf/in. 2 
Today's engines use various types of fixed geometry pumps to deliver main fuel 
flow to their combustors. Gear-type main fuel pumps are the most commonly 
used because of their simplicity and ruggedness. Centrifugal pumps have also 
begun to appear in newer engines. A fuel metering valve is located downstream 
of the pump and is used to vary flow to a manifold that supplies the combustor's 
individual fuel nozzles. The flow range of the main fuel pump and metering valve 
is related to the speed range of the pump drive system, contained in the engine 
accessory gearbox. Because of the relatively small variation in engine core speed, 
and therefore gearbox drive speed, compared to the huge difference in fuel flow 
between idle and full power, it is impossible to match delivered fuel flow to required 
fuel flow at all power settings. Thus, all engine fuel systems include a recirculation 
loop that takes flow in excess of requirement back either to the pump inlet or to 
the aircraft tanks. In addition, afterburning engines include a separate loop in their 
fuel systems to deliver fuel to their augmentors. This loop includes its own pump 
and plumbing, terminating at a manifold that feeds the augmentor spray bars. 

0.2.3 Actuation Subsystem 
The actuation system consists of valves and actuators required to manage fuel 

flows, secondary and bleed airflows, and variable stator positions. Depending on 
the type of engine, turbine system clearance, nozzle throat area, and thrust vec- 
tor angle are other potential control parameters of interest. Actuation power is 
supplied by readily available sources on the engine, usually hydraulic (from the 
high pressure fuel supply) and occasionally pneumatic (compressor interstage or 
discharge bleed). 

Linear actuators are used to position compression system variable stators and 
nozzle flaps (for engines with variable area exhaust). This device consists of 
a servo-valve controlled by a torque motor mounted on a cylinder and piston 
(Fig. O. 10). In certain applications the servovalve may drive more than one cylin- 
der. The servovalve modulates flow of high pressure hydraulic fluid (fuel) to either 
side of the piston head to control displacement from a predefined null position. 
Control of the actuated variable is accomplished by changing the position of the 
piston, which is mechanically linked to the control effector. For example, vari- 
able stator position is controlled by displacement of an actuator piston rod that is 
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Fig. 0.10 Inlet guide vane actuator. 

mechanically linked to a "synch" ring. The synch ring is mounted to the outer case 
of the engine and has individual tabs or levers that are connected to shafts that 
extend from each stator. Linear displacement of the actuator piston causes rotation 
of the synch ring, which in turn causes rotation of the variable stators. 

Turbine system clearance control, used in some high bypass commercial tur- 
bofans, uses an airflow modulation approach as opposed to the direct mechanical 
positioning method just described. This typically involves using a valve to route 
"cool" (relative to the turbine section) compression system bleed air across the 
turbine case to cause it to contract. The contraction reduces airfoil tip clearance, 
resulting in reduced specific fuel consumption via increased turbine system effi- 
ciency. This is done during cruise portions of the mission, where constant throttle 
settings are the norm for commercial engines. 

0 . 3  S u m m a r y  

This discussion addressed the basic and fundamental elements of the gas tur- 
bine engine control system. Developing control modes and logic for gas turbine 
engines have evolved over many decades of research and experiment from simple 
speed govemors to more elaborate, multivariable functions. As the application of 
digital electronic control systems to commercial and military gas turbine engines 
has become more accepted and widespread, more sophisticated, performance en- 
hancing control modes and logic have, likewise, evolved. The ability to optimize 
engine performance at various flight conditions is now possible. Adaptive control 
modes that can optimize engine performance based on a variety of requirements 
and conditions, such as the particular mission being flown or the health of the 
engine, are being aggressively pursued. 

Reference 
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Appendix P 
Global Range Airlifter (GRA) RFP 

This abbreviated Request for Proposal (RFP) is presented as the second design 
example of this textbook. It is based on anticipated global airlift needs of the 
Department of Defense and commercial carriers, including passengers and cargo. 
The solution is carded out on the accompanying CD-ROM. 

P,1 Background 
The C-5 Galaxy was developed in the 1960s to provide strategic airlift needs 

during the Cold War where the majority of material was prepositioned. The first 
high-bypass turbofan engine, the General Electric TF39, was developed to power 
this aircraft. Without aerial refueling, this aircraft can fly about 2,000 n miles with 
its maximum payload of 290,000 lbf and 6,300 n miles empty. 

Recent hostilities such as Desert Storm, Bosnia, and Afghanistan demonstrated 
that a new Global Range Airlifter (GRA) that could fly without being refueled 
anywhere in the world from the continental United States was needed. The follow- 
ing section lists specific requirements that will be the basis of the design exercise. 
Please note that several of the requirements have been imposed in order to allow the 
GRA to meet civilian flight restrictions, reflecting the modem reality that military 
aircraft are seldom exempt from peacetime considerations. 

P.2 Requirements 
1. Maximum gross takeoff weight (GTOW) of 1,000,000 lbf. 
2. Minimum payload of 150,000 lbf. 
3. Minimum unrefueled range of 10,000 n miles. 
4. Maximum fully loaded takeoff distance of 10 kft (no obstacle) at sea level on 

a hot day (90°F). 
5. Maximum landing distance (50% reverse thrust) of 6 lift at sea level on a 

standard day. 
6. Maximum takeoff distance (no payload, return fuel load) of 6 kft at sea level 

on a hot day (90°F). 
7. Maximum one engine out takeoff distance (no payload, 2,000 n miles fuel 

load) of 6 lift at sea level on a standard day. 
8. Maximum fully loaded distance for climb to 35 kft altitude of 200 n miles on 

a Mil Std 210 hot day. 
9. Minimum fully loaded takeoff climb gradient with one-engine out of 3 deg 

at sea level on a hot day (90°F). 
10. Minimum cmise ceiling of 35 lift at 95% GTOW on a standard day. 
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Aerodynamics 
aircraft, 24, 35 
compressor, 254 
turbine, 269 

Acceleration 
and climb, 62 
horizontal, 27, 62 
takeoff, 63 

Additive drag, 193 
Adiabatic flame temperature, 332 
AEDsys software, 11 

AEDsys program, 12 
constraint calculations, 39, 195 
contour plots, 48, 74, 92, 195 
mission calculations, 72, 195 
performance calculations, 41, 121,156, 

158, 170, 173, 190, 206, 234, 356, 
483,497 

AFTRBRN program, 13,384 
ATMOS program, 12, 515,516 
COMPR program, 12, 254, 264, 269, 292, 

295 
EQL program, 13,332, 335, 339, 

368, 384 
GASTAB program, 12, 443,454 
INLET program, 13, 443,457, 484 
KINETX program, 13, 339, 355, 368,372, 

384, 392, 402, 411 
MAINBRN program, 13, 368 
NOZZLE program, 13,479, 481,498 
ONX program, 12, 96, 115, 126, 173 
TURBN program, 12, 254, 292, 295 

Afterbody drag, 199 
Afterburner, 328 

design tools, 384 
efficiency, 108 
fuel-air ratio, 105, 111 
piloted, 390 
screech and howl, 385 
total property ratios, 103 
vee-gutter, 328, 391,415 

AFTRBRN program, 13,384 
Air partitioning, 369 
Air-to-Air Fighter (AAF) 

afterburner design, 404 
constraint analysis, 39, 185,222 
component 

operating lines, 249 
performance, 242, 249 

engine cycle analysis 
parametric, 126 
performance, 172 

engine 
design parameters, 178, 220 
performance, 224 

epilogue, 507 
exhaust nozzle design, 492 
fan design, 300 
global and interface quantities, 241 
high-pressure compressor design, 

313 
high-pressure turbine design, 307 
inlet design, 483 
installed performance, 504 
low-pressure turbine design, 317 
main burner design, 394 
operational envelope, 184 
Request for Proposal (RFP), 13 
sizing the engine, 207 
theta break, 245,299 
throttle ratio (TR), 47 
thrust loading, 47, 185 
uninstalled static performance, 

227 
weight, 80 
wing loading, 47 

Aircraft drag, 24 
Aircraft performance, 19 
Aircraft range, 59 
Airfoils, 254, 262 
Aluminum 2124 alloy, 624 
Annulus, 237, 263 
AN 2, 292 
ATMOS program, 12, 515,516 
Atmosphere 

cold, hot, and tropic day, 8, 511 
standard, 8, 511 

Augmentor (see afterburner) 
Axial interference factor, 538 

Best cruise altitude (BCA), 64 
Best cruise Mach number (BCM), 64 
Blade, cooling of, 281 
Blades, 254, 269 
Bleed air 

boundary layer, 382 
engine, 98, 104, 109, 240 

Blowout, 342, 391 
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Boundary layer 
control, 449 
separation, in diffuser, 360, 431 
shock separation of, 449 

Bragg criterion, 341 
Braking roll, 31 
Burner, main 

air partitioning, 369 
combustor loading parameter (CLP), 345 
components, 326 
design parameters, 369 
design tools, 368 
efficiency, 108 
exit temperature profile, 328 
flow path, 326 
fuel-air ratio, 105, 111 
liner cooling, 372 
map, 165 
total pressure loss, 380 
total property ratios, 103 
types, 577 

Bypass air of supersonic inlet, 369, 378 
Bypass ratio, 104 

mixer, 105 
optimum, 491 

Carter's rule 
compressor, 262 
turbine, 280 

Cascade, 254 
Carrier 

approach (wave-off), 35 
landing, 34 
takeoff, 34 

Ceiling, service, 33 
Centrifugal stress, 284, 290 
Chemical equilibrium, 332 

kinetics, 355 
reactor theory, 339 

Climb 
and acceleration, 62 
constant speed, 26, 61 

Combustion 
Bragg criterion, 341 
blowout, 342, 391 
efficiency, 108 
ignition, 368 
process, 330 
reaction rate, 337 
residence (stay) time, 341,391 
stability of, 339, 346 
systems, 325 

Combustor (see Burner, main) 
Combustor loading parameter (CLP), 345 
Component 

behavior, off-design, 163 
design performance parameters, 107 
flow path force on, 237 

matching, 168 
operating line (see Engine operating line) 
performance analysis, off-design, 148 

COMPR program, 12, 254, 264, 269, 
292, 295 

Compressible flow functions, 8, 547 
Compression, inlet, 419 
Compressor 

aerodynamics, 254 
airfoil geometry, 262 
design parameters, 269 
efficiency, 106 
flow path dimensions, 263 
performance map, 164 
radial variation, 265 
repeating stage/row, 255 
stage design, 254 
stall or surge, 164 

Constraint analysis, 19 
Control system (see Engine control system) 
Convergent nozzle, 465, 478 
Convergent-divergent nozzle, 465 
Coolant mixer, 98, 111,143 
Cooling air, 98, 104, 240, 281,372 
Corrected 

engine speed, 163 
mass flow rate, 163,236 
pressure, 163 
temperature, 163 

Creep, 287, 625,639 
Larson-Miller parameter, 289 

Cruise 
best Mach number and altitude, 64 
constant altitude/speed, 25, 63 

Cycle analysis (see Engine cycle analysis) 

Degree of reaction, 257, 271 
Design process, 3, 6 
Diffuser (also see inlet) 

afterburner, 328, 365, 387 
main burner, 326, 362, 375 
pressure recovery, 359, 362 
subsonic, 429 
supersonic, 435,460 
total pressure ratio, 102, 109 
total pressure recovery, 109 
total property ratios, 102 

Diffuser duct, 326, 328, 358, 429, 435, 460 
Diffuser, dump, 362 
Diffusion factor, 255 
Dilution zone, 327, 369 
Dimensionless engine performance 

parameters, 163 
Disk 

of uniform stress, 294 
shape factor, 295 
thermal differential stress, 286, 298 
torsional stress, 297 
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Dome, combustor, 327 
Domestic object damage (DOD), 286 
Drag 

additive, 193 
afterbody, base, or boattail, 199 
aircraft, 24, 35 
exhaust nozzle, 199 
forebody, 190, 361 
inlet, 190, 427, 429 
nacelle, 429 

Dynamic pressure, 10 

Efficiency 
afterburner, 108,330 
burner, 108, 313 
compressor, 106, 258 
diffuser, 359 
fan, 106 
inlet, 420 
mechanical power transmission, 109 
nozzle, 462 
power takeoff, 109 
propeller, 591,602, 621 
propulsive, 115, 538 
overall, 115,538 
thermal, 115, 538 
turbine, 106, 279 

Endurance (see Loiter) 
Endurance factor (EF), 66 
Energy height, 22 

constant, maneuver of, 68 
Engine 

back pressure control, 398 
control system, 125, 159, 233, 525,663 

components, 673 
logic and processing, 666 
requirements, 663 
schedules, 669 

cooling and bleed air, 98, 240 
data, 519 
design, 6, 7 
fuel system, 239 
global and interface quantities, 233 
installed thrust, 23, 38, 55, 189 
lubrication system, 239 
operating line, 164, 249, 467, 527, 664 
performance, 523 

measures, 539 
pressure ratio (EPR), 665 
speed, 157 
starting, 240 
shafts and bearings, 239 
static structure, 238 
systems design, 238 
uninstalled thrust, 97, 189 

Engine cycle analysis, Parametric (on-design), 
95 

high bypass ratio turbofan, 571 

mixed-stream turbofan, 96 
assumptions, 109 
component efficiencies, 106 
computational inputs and outputs, 115 
engine performance analysis, 110 
mass flow rates, 104 
performance, 117 
station numbering, 96 
summary of equations, 557 
total property ratios, 102 
turbine cooling model, 105 

turboprop, 590 
Engine cycle analysis, Performance 

(off-design), 139 
high bypass ratio turbofan, 577 
mixed-stream turbofan, 140 

assumptions, 141 
component behavior, 121,163 
component performance analysis, 148 
computational inputs and outputs, 152 
dependent variables, 158 
high-pressure turbine and coolant 

mixers--performance, 143 
independent variables, 141 
iteration solution scheme, 156 
summary of equations, 563 
variation in engine speed, 157 

turboprop, 597 
turbojet, 529 

Engine life, 283 
Engine life management, 635 

development and qualification testing, 655 
failure modes, 641 
fracture critical parts, 638 
inspection, 645 
laser shock peening (LSP), 639 
lessons learned, 635 
lifing concepts, 641 
nondestructive evaluation (NDE), 638 
retirement-for-cause, 644 

Enthalpy 
of formation, 332 
of reaction, 333 

Equilibrium, chemical, 332 
EQL program, 13,332, 335, 368, 384 
Equivalence ratio, 331 
Euler pump and turbine equation, 258, 270 

FAIR, 100 
Fan 

aerodynamics, 254 
efficiency, 106 
pertormance map, 164 
total property ratios, 102 

Fatigue, 285,623 
Flame spread, 393 
Flame stability, 324, 346, 389 
Flameholder, 328, 366, 390 
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Flameholding, 339 
Flow path force, 10, 237 
Flutter, 285 
Foreign object damage (FOD), 286, 636 
Free-vortex flow (see swirl distribution) 
Fuel nozzles, 379 
Fuels, 367 
Fuel-to-air mass flow ratio 

afterburner, 105, 111 
main burner, 105, 111 
overall, 105 
stoichiometric, 330 

Gas model 
calorically perfect gas (CPG), 99 
constant specific heat (CSH), 99, 116 
modified specific heat (MSH), 116 
variable specific heat (VSH), 99, 116 

compressible flow functions, 547 
Gas properties, variation of, 11 
GASTAB program, 12, 443,454 
Ground roll 

landing, 31 
takeoff, 28, 29 

Hastelloy X, 373,628 
Heat of reaction, 332 
Heating value, 334 
High cycle fatigue (HCF), 285,639 
Hot day fiat rating, 532 

Ignition, 368, 390 
Impulse function, 10, 114, 237, 441,460 
Inconel 601,628 
Inlet 

area, estimate of, 203,422, 454 
auxiliary area, 206 
boundary layer control, 449 
buzz, 448 
bypass air, 435, 439 
drag, 190, 192, 195 
efficiency, 420 
external compression, 195,435 
flow distortion, 425,458 
flow separation from lip, 431, 461 
functions, 191,422, 432 
installation loss, 190, 192, 195 
internal compression, 195, 433 
location, 429, 458 
mass flow characteristics, 443 
mixed compression, 195, 439 
off-design behavior of, 422, 433,453 
pressure recovery, 109, 142, 422, 440 
subsonic, 192, 421 
supersonic, 195, 431 

critical operation, 446 
start, 434 
subcritical operation, 436 

supercritical operation, 436 
throat area variation, 434 
unstart, 434 

total pressure ratio, 102, 109, 142, 422, 440 
zero flight speed, 431 

INLET program, 13,443, 457, 484 
Installed thrust, 23, 38, 55, 189, 191,206, 543 
Installed thrust specific fuel consumption, 55, 

60, 71,206 
Integral mean slope, 199 
Intermediate zone (see Secondary zone) 

Jets 
round, 347 
swirling, 352 

KINETX program, 13,339, 355,368, 372, 
384, 392, 402, 411 

Landing 
braking roll, 31 
carrier, 34 
terminology, 32 
total distance, 32 

Lapse, thrust, 23, 38 
Larson-Miller parameter, 289 
Level of technology, 107 
Lifing (see Engine life management) 
Lift, 24, 35 
Lift-drag polar, 25 
Liner, combustor, 326 
Loading, air, 345 
Low cycle fatigue (LCF), 286, 636, 639 
Lower heating value, 334 
Loiter, 66 

Mach number, best cruise, 64 
MAINBRN program, 13, 368 
Mar-M 509, 630 
Mass flow 

parameter, 9, 142, 237, 547 
rate, corrected, 163, 236 
rates, 104 
ratios, 104 

Master equation, 24 
Material properties, 287, 623 
Micromixing, 340 
Minimum climb time, trajectory for, 48, 74 
Minimum fuel climb, trajectory for, 59, 92 
Mission analysis, 55 
Mission terminology, 17 
Mixer 

afterburner, 386 
bypass ratio, 105 
constant area, 113, 551 
exit Mach number, constant area, 553 
influence oL 125 
off-design performance, 178 
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total enthalpy ratio, 113 
total pressure ratio, 114 
total property ratios, 103 

Mixer, coolant 
total enthalpy ratio, 111 
total pressure ratio, 103 
total property ratios, 103 

Mixing 
fuel-air, 379 
micro- and macro-, 339 
jet, 347 
shear layer, 355, 391 

Nacelle and interference drag, 429 
Nimonic, 634 
NOx, 331,370 
Nozzle, exhaust 

area, estimate of, 205 
area ratio, 467, 495 
coefficients, 472, 478 
convergent, 464, 478 
convergent-divergent, 465 
drag, 199 
efficiency, 462 
engine operating line, and, 467 
functions, 191,461,467 
gross thrust, 472, 476 

coefficient, 472 
installation loss, 190, 199 
pressure ratio, 467, 483 
thrust reversing, 468 
total property ratios, 103,471 
types, 464 

NOZZLE program, 13, 479, 481,498 

Off-design (see Performance analysis) 
On-design (see Parametric analysis) 
ONX program, 12, 96, 115,126, 173 
Optimum bypass ratio, turbofan engine, 577 
Optimum turbine ratio, turboprop engine, 597 

Parametric analysis, 95 
Pattern factor, 384 
Performance analysis, 139 
Plug flow reactor (PFR), 338 
Pollutants, 338, 371 
Polytropic efficiency, 106, 110 
Power, specific, 593 
Power specific fuel consumption, 593 
Power takeoff, 97, 109 
Pressure recovery (see Inlet, pressure recovery) 
Primary zone, 326 
Programs (see AEDsys software) 
Propeller, 609 

actuator disk theory, 609 
advance ratio, 618 
blade element efficiency, 615 
blade element theory, 613 

diameter, 617 
efficiency, 591,602, 621 
efficiency model, 621 
map, 617 
speed, 616, 620 
structural design, 619 
velocity diagram, 614 

Ps, 22, 48 

Radial variation (see swirl distribution) 
Range factor (RF), 65 
Ratio of specific heats, 11 
Ratios, total property, 100 
Reaction, degree of, 257, 271 
Recirculation, 326, 328 
Referencing, 142 
Rene' 80, 633 
Request for Proposal (RFP), 4, 636 

Air-to-Air Fighter (AAF), 13 
Global Range Airlifter (GRA), 679 

Residence time, 341,391 
Reverse thrust, 32, 468 
Rim web thickness, 268 
Rotation, takeoff, 28, 67 
Rotational interference factor, 614 

Secondary zone, 326 
Sensitivity analysis, 135 
Service ceiling, 33 
Shock 

detached, 367 
normal, 195, 374 
oblique, 195, 197, 437, 442 

Software (see AEDsys software) 
Solidity, 255,262, 272, 280 
Solution space, 19 
Space heat release rate, 325 
Specific excess power, weight, 22, 48 
Specific fuel consumption 

power, 593 
thrust, installed, 55, 60, 71 
thrust, uninstalled, 97, 120 

Specific heat (see Gas model) 
ratio, 11 

Specific power, 593 
Specific thrust, uninstalled, 96, 120 
Spool design speeds, 311 
Stage, turbomachinery, 254, 269 
Stage pressure ratio 

compressor, 258 
turbine, 279 

Stage parameters of turbine, 273 
Stagnation properties, 9 
Stall, aircraft, 29 
Station numbering 

high bypass ratio turbofan, 569 
mixed-stream turbofan engine, 97 
turboprop, 589 
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Stay time (see residence time) 
Stealth, 191,385,394, 422, 431,470 
Stoichiometric fuel-air ratio, 330 
Stoichiometry, 330 
Strength, specific, 289 
Stress 

centrifugal, 290 
rim web, 292 
rotor airfoil, 290 
thermal differential, 286, 298 
torsional, 297 
uniform, disk of, 294 

Summerfield criterion, 478 
Swirl distribution, 265 

comparison, 268 
exponential, 267 
first power, 267 
free vortex, 266 
non-free or controlled vortex, 281 

Swirling annular jets, 352, 381 

Takeoff 
acceleration, 63 
carrier, 34 
climb angle, 30, 33 
ground roll, 28, 29 
rotation, 30, 68 
terminology, 30 
total distance, 30 
weight, 55, 68 

Theta break, 117, 126, 245,525 
Throttle ratio, 38,527 
Thrust 

installed, 23, 38, 55, 189, 191, 
206, 543 

internal, 468 
lapse, 23, 38 
loading, 19, 21 
instantaneous, 57 
specific, 97 
uninstalled, 97, 190, 192, 541 

Thrust augmentation (see afterburner) 
Thrust reversers, 468 
Thrust scale factor, 158,207, 211 
Thrust specific fuel consumption 

installed, 55, 60, 71 
uninstalled, 97,572, 593 

Thrust vectoring, 469 
Titanium 6246 alloy, 627 
Total property ratios, 8, 100, 234 
Turbine 

aerodynamics, 269 
cooling, 281 
design, 269 
design parameters, 283 
efficiency, 106, 279 
high-pressure 

enthalpy ratio, 103, 106 

off-design performance, 144, 147 
pressure ratio, 103, 106, 108 
temperature ratio, 108 

impulse, 168 
low-pressure 

enthalpy ratio, 103, 106 
off-design performance, 145, 148, 178 
pressure ratio, 103, 107, 108 
temperature ratio, 108 

optimum turbine ratio, turboprop, 597 
performance, 143, 163 
reaction, 271 
stage, 270 
stage loading parameter, 283 

TURBN program, 12, 254, 278, 292, 295 
Turbofan 

high bypass ratio, 569 
parametric (on-design) analysis, 571 

equation development, 571 
example results, 576 
exit pressure, 572 
optimum bypass ratio, 577 
summary of equations, 572 

performance (off-design) analysis, 577 
assumptions, 577 
equation development, 579 
example results, 584 
exit pressure, 579 
summary of equations, 580 

mixed-stream 
parametric (on-design) analysis, 97 

assumptions, 109 
equation development, 110 
example results, 117 
summary of equations, 557 

performance (off-design) analysis, 140 
assumptions, 141 
equation development, 142 
example results, 121,224 
summary of equations, 563 
variation in engine speed, 157 

Turbojet (see Turbofan, mixed-stream) 
Turbomachinery, 237 

rotor nomenclature, 266 
Turboprop, 589 

parametric (on-design), 589 
assumptions, 589 
equation development, 590 
example results, 597 
optimum turbine ratio, 597 
summary of equations, 594 

performance (off-design), 597 
assumptions, 597 
equation development, 597 
example results, 606 
summary of equations, 602 

work interaction coefficient, 590 
Turn, constant velocity/speed, 25, 63 
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Units 
conversion factors, 509 
system of, 8, 509 

Velocity diagrams 
of axial flow compressors, 239 
of axial flow turbines, 253 
of propellers, 614 

Vortex generators, 431 

Warm-up, 67 
Weight, aircraft, 55 
Weight fraction 

empty to takeoff, 56, 71 

instantaneous, 23, 39 
mission leg, 57 
summary of equations, 60 
type A, 57 
type B, 59 

Weight specific excess power, 
22, 48 

Well-stirred reactor (WSR), 338 
Wheel speed, 295 
Wing loading, 19, 21 
Work interaction coefficient, 590 

Zero flight speed, inlet at, 431 
Zweifel coefficient, 278 


	Aircraft Engine Design. Second Edition
	Copyright
	AIAA Education Series
	Foreword
	Preface
	Acknowledgments
	Nomenclature (Chapters 1-3)
	Nomenclature (Chapters 4-10 and Appendices)
	Table of Contents
	PART I Engine Cycle Design
	1 The Design Process
	2 Constraint Analysis
	3 Mission Analysis
	4 Engine Selection: Parametric Cycle Analysis
	5 Engine Selection: Performance Cycle Analysis
	6 Sizing the Engine: Installed Performance

	PART II Engine Component Design
	7 Engine Component Design: Global and Interface Quantities
	8 Engine Component Design: Rotating Turbomachinery
	9 Engine Component Design: Combustion Systems
	10 Engine Component Design: Inlets and Exhaust Nozzles

	Epilogue
	Appendix A Units and Conversion Factors
	Appendix B Altitude Tables
	Untitled C
	Appendix D Engine Performance: Theta Break and Throttle Ratio
	Appendix E Aircraft Engine Efficiency and Thrust Measures
	Appendix F Compressible Flow Functions for Gas with Variable Specific Heats
	Appendix G Constant-Area Mixer Analysis
	Appendix H Mixed Flow Turbofan Engine Parametric Cycle Analysis Equations
	Appendix I Mixed Flow Turbofan Engine Performance Cycle Analysis Equations
	Appendix J High Bypass Ratio Turbofan Engine Cycle Analysis
	Appendix K Turboprop Engine Cycle Analysis
	Appendix L Propeller Design Tools
	Appendix M Example Material Properties
	Appendix N Turbine Engine Life Management
	Appendix 0 Engine Controls
	Appendix P Global Range Airlifter (GRA) RFP
	Index

