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Preface

�is book is designed and developed as an introductory text on the fun-
damental aspects of rocket propulsion for both undergraduate and grad-
uate students. It is believed that the practicing engineers in the �eld of 
space engineering can bene�t from the topics covered in this book. A basic 
knowledge of thermodynamics, combustion, and gas dynamics is assumed.

I have been teaching courses in aerospace propulsion to undergraduate 
and graduate students for the last 20 years. I felt a need to codify my accu-
mulated lecture notes, which have undergone considerable modi�cations, in 
a textbook form for the bene�t of students who have completed the course. 
�e main motivation for writing this book was to emphasize the basic prin-
ciples of rocket propulsion, which may encourage students to take up this 
subject, while inculcating in students con�dence in their innate capabilities.

Chapter 1 starts with a brief introduction to rocket propulsion, cover-
ing its application both in aerospace and nonaerospace branches. A bird’s-
eye view of nonchemical rocket engines is provided in this chapter so that 
students can gauge the entire gamut of rocket propulsion. Subsequently, 
Chapter 2 covers aerothermodynamics, which is essential for an analysis 
of rocket engines. �e basic principles of rocket propulsion, fundamentals 
of thermodynamics, chemistry and gas dynamics are discussed brie�y in 
this chapter. �e elements of rocket propulsion are discussed in Chapter 3. 
Performance parameters that are useful in characterizing rocket engines, 
namely, speci�c impulse, impulse-to-weight ratio, speci�c propellant �ow 
rate, mass �ow coe�cient, thrust coe�cient, characteristic velocity, and 
propulsive e�ciencies, are de�ned and discussed. �e main purpose of a 
nozzle in a rocket engine is to expand the high-pressure hot gases gener-
ated by the burning of a propellant to a higher jet velocity for producing 
the requisite thrust. �is important component of the rocket propulsion 
system is covered in Chapter 4.
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�e performance of space �ight is covered in Chapter 5. Several �ight 
regimes, namely, atmospheric �ight, near-space �ight, and deep-space 
�ight, are considered. Besides this, the atmospheric �ight regime is also 
considered for air–surface missile and sounding rocket applications, while 
near-space �ight is considered for satellites, space labs, and so on.

In Chapter 6, various kinds of chemical propellants consisting of fuel and 
oxidizer along with certain additives are discussed elaborately. Chapter 7 
deals with solid-propellant rocket engines (SPREs), covering all aspects of 
their design and development. Design aspects covering a wide range of 
applications in the form of various propulsive devices, namely, spacecra�, 
missiles, aircra�, retro-rockets, and so on, and gas-generating systems are 
also included in this book. �e liquid-propellant rocket engine (LPRE) is 
covered in Chapter 8. Several kinds of LPRE with their relative merits and 
demerits are included in this chapter. Analyses of LPREs for their various 
components are developed, which can be used for the design and develop-
ment of rocket engines. Chapter 9 is devoted to the hybrid propellant rocket 
engine (HPRE) with relative merits and demerits compared to SPREs and 
LPREs. Chapter 10 covers the injection systems and atomization processes 
involved in spray formation of liquid propellants, which �nd applications 
in LPREs and HPREs. Chapter 11 discusses nonchemical rocket engines, 
which are used in recent times for space applications.

Worked-out examples are provided at the end of each chapter to dem-
onstrate the fundamental principles and their applications to engineering 
problems. More emphasis is given to delineate the fundamental processes 
involved in chemical rocket engines. Adequate problems are given such 
that students can grasp the intricate aspects of rocket propulsion, which 
will help them design and develop rocket engines for peaceful purposes.

Several individuals have contributed directly or indirectly during the 
preparation of the manuscript. I appreciate the help rendered by many stu-
dents at IIT Kanpur and other institutes. I am indebted to my graduate stu-
dents, Drs. Swarup Jejurkar, P.K. Ezhil Kumar, S.J. Mahesh, and Manisha B. 
Padwal for suggesting corrections in the manuscript. I am also thankful to 
my other graduate students, Malena, Rohan, Deepthy, Pranav, Shruti, and 
Abhishek among others for helping me in several ways. �e o�cial support 
provided by Pankaj and Mohit is highly appreciated. Finally, the persistent 
support of my family in this time-consuming project is highly appreciated.

D.P. Mishra
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1

Introduction

�e rockets can be built so powerful that they would be capable of 
carrying a man alo�.

HERMAN OBERTH, 1923

1.1  INTRODUCTION
I enjoy looking at the star-studded sky particularly at night. Sometimes, 
I hum the childhood rhyme “twinkle twinkle little star, how I wonder what 
you are.” I am sure most of you must feel happy gazing at a dark clear sky. 
Besides, when you relax in the moonlight away from the din and bustle of 
a hectic life in a remote village during your vacation, you may look at the 
sky and feel like going to the moon in your imagination. You may wonder 
how to travel to outer space. It is not that you are attracted by the beauty 
of the moon or stars. Rather the charisma of celestial objects like the sun, 
stars, planets, and moon has impressed several poets and writers to create 
volumes of literary work since ages. Humans from time immemorial have 
been ba�ed by the exotic beauty of the celestial bodies in space. �e desire 
of modern humans to know more about these bodies in space has led to 
the invention of the telescope, which has been instrumental in unravel-
ing a plethora of knowledge about space. Today, humans are able to send 
spacecra� even to distant celestial bodies like the moon and mars. If one 
wants to travel above 25 km into space, one cannot use an air-breathing 
turbojet because of the nonavailability of su�cient oxygen. One must con-
sider using a non-air-breathing propulsive device, which can carry both 
fuel and an oxidizer. Such a device is known as a rocket engine. �us, a 

C H A P T E R  1
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rocket engine is a non-air-breathing jet propulsive device that produces 
the required thrust by expanding high-temperature and pressured gas in 
a convergent–divergent (CD) nozzle. �is book is devoted to the rocket 
engine, particularly one that uses chemical fuel and an oxidizer. However, 
a brief account of a nonchemical rocket engine is provided in Chapter 11. 
Interested readers can refer to other advanced books on rocket engines 
[1–3,6,7]. Let us now look at the basic principle of propulsion.

1.2  BASIC PRINCIPLE OF PROPULSION
Recall that propulsion is a method by which an object is propelled in a 
particular direction. �e word “propulsion” stems from the Latin word 
propellere, where pro means forward or backward and pellere means drive 
or push. In addition, we know that the verb “propel” means to drive or 
cause to move an object in a speci�ed direction. Hence, for the study of 
propulsion we will have to concern ourselves with this propelling force, 
the motion thereby caused, and the bodies involved. �e study of propul-
sion is not only concerned with rocket engines but also with vehicles such 
as aircra�, automobiles, trains, and ships. We may recall that the principle 
of Newton’s laws of motion is the basis for the theory of jet propulsion. 
Jet propulsion can be expounded mainly by the second and third laws of 
motion. For example, a spacecra� is �ying vertically at uniform speed. �e 
resultant force in the vertical direction must be zero to satisfy Newton’s 
second law of motion, according to which an unbalanced force acting on 
the body tends to produce an acceleration in the direction of the force 
which is proportional to the product of mass and acceleration. In other 
words, the spacecra� must produce thrust which must be equal to the drag 
force caused due to the �uid motion over the body of this spacecra� and 
the gravitational force. For accelerating the spacecra�, one needs to supply 
higher thrust than that of drag forces and gravitational force acting on it. 
According to Newton’s third law of motion, we know that for every acting 
force, there is an equal and opposite reacting force. �e acting force is the 
force exerted by one body on another, while the reacting force is exerted by 
the second body on the �rst. Although these forces have equal magnitude 
and occur in opposite directions, they never cancel each other because 
these forces always act on two di�erent objects.

1.3  BRIEF HISTORY OF ROCKET ENGINES
Interestingly, the Chinese Han Dynasty that prevailed around 200 BC had 
developed rockets which were used, of course, for �reworks at that time. 
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But the early invention of the basic principle for a jet engine goes back to 
the Hero of Alexandria (around AD 67), an Egyptian mathematician and 
inventor who had invented several machines utilizing water, air, and steam. 
Figure 1.1 shows a schematic of the aeropile of Hero, which is considered 
to be the �rst device in the world to illustrate the reactive thrust principle 
much before Newton, who established the third law of motion. �e name 
of this device derives from the two Greek words aeolos and pila, which 
mean the ball (pila) of Aeolus, the Greek god of the wind. �is device con-
sists of a metal boiler, a connecting pipe, and rotating joints that carry two 
opposing jets. It may be noted in Figure 1.1 that the heat from the burning 
fuel is utilized to convert water into steam. Two tubular pipes attached to 
the head of the boiler carry the steam to two nozzles. �e steam that issues 
from the two nozzles forms two opposing jets, which can make the system 
rotate. It is really an interesting device for demonstrating the principle of 
reactive thrust, which is the basis of rocket propulsion. It is also believed 

FIGURE 1.1 Schematic of the aeropile by Hero. (From Treager, I.E., Aircra� Gas 
Turbine Engine Technology, 3rd edn., McGraw-Hill Inc., New York, 1995.)
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that around the same period the Chinese had developed windmills based 
on the principle of reactive thrust.

However, the real rocket was invented by the Chinese around the tenth 
century AD while experimenting with gunpowder and bamboo. �e gun-
powder was discovered in the ninth century AD by a Taoist alchemist. 
Subsequently, Feng Jishen managed to �re a rocket using gunpowder and 
bamboo, and this is considered to be the �rst rocket engine to leave the 
ground. In the beginning, a bamboo tube closed on one side is �lled with 
gunpowder with a small opening in the tail end as shown in Figure 1.2a. On 
igniting the gunpowder, high-pressure hot gas, which had moved around 
in an erratic manner, is ejected from the small opening. Later, a bamboo 
stick was attached to the gunpowder-loaded bamboo rocket (see Figure 
1.2b) to give stability to the rocket, which is similar to our present-day �re-
works rocket. All these developments were used to make beautiful displays 
of color and light in the dark sky. It is also believed that around this time, 
a Chinese scholar, Wan Hu, had developed a rocket sled (see Figure 1.3), 
which comprised of a series of rockets attached to the seat. Unfortunately, 
he died while operating this device due to an explosion of the rockets. 
But later on, the concept behind these toy rockets was developed further 
for use as a deadly weapon in war. During the Japanese invasion around 
1275, Kublai Khan used gunpowder artillery to win the war. Around the 

(a) (b)

FIGURE 1.2 Schematic of (a) a bamboo rocket and (b) a bamboo rocket with a 
stick.
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thirteenth century, rockets were used as bombardment weapons even in 
Western countries like Spain and was generally brought by the Arabs and 
Mongol hordes. Later on, similar devices made of metal were used in India 
during wars mainly by Mughals and Marathas. Subsequently, Hyder Ali 
and his son Tipu Sultan created havoc in the British army by using mili-
tary rockets during several battles in the seventeenth century. Tipu Sultan 
had 5000 rocketeers in his army, which was about one-seventh of his total 
army’s strength. Learning from the battle experience with Tipu Sultan, the 
British army led by Sir William Congrieve began developing a series of 
barrage rockets ranging in weight from 8 to 136 kg. Congrieve-designed 
rockets were used at sea against Napoleon’s army in 1812.

Rocket technology based on a solid propellant was developed by various 
researchers across the globe up to the twentieth century. During the First 
World War, the work on rocket engines was expedited by various countries 
to win the war. For the �rst time, rockets were �red from aircra� to shoot 
down hydrogen gas–�lled balloons that were used for moving armies. 
During this period, it was found that solid propellants are di�cult to han-
dle and hence scientists across the globe started serious experiments for 
developing liquid fuel–�red rocket engines. Konstantin Tsiolkovsky was 
the �rst person to propose the idea of a liquid-propellant rocket engine 
(LPRE). Two young scientists named Robert H. Goddard in America and 
Wernher von Braun in Germany were successful in designing and devel-
oping LPREs. Goddard had initiated his experiments in rocket engines 
while studying for his doctorate in Clark University in Worcester, United 
Sates. In 1919, he published a paper titled “A Method of Reaching Extreme 
Altitudes,” in which he presented a mathematical analysis of his ideas on 
rocketry and suggested how to �y to the moon. Around 1927, Goddard 
launched a liquid-powered rocket, designed and developed by him at his 

Rocket motor

FIGURE 1.3 Rocket sled by Wan Hu. (From Treager, I.E., Aircra� Gas Turbine 
Engine Technology, 3rd edn., McGraw-Hill Inc., New York, 1995.)
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Aunt E�e Goddard’s farm in Auburn, Mass, which �ew only 46 m. In 1923, 
Hermann Oberth wrote a book titled as �e Rocket into Interplanetary 
Space, which attracted the attention of many youngsters who had dreams 
of space �ight. In 1925, Wernher von Braun came across this interesting 
book and got into rocketry. Five years later, von Braun had joined Oberth 
to assist him in his rocket experiments. Subsequently, around 1932, the 
German Army, accepting von Braun’s idea of rocketry, took many initia-
tives for developing rockets to win the war. By December 1934, von Braun 
scored his �rst success with an A2 rocket using ethanol and liquid oxygen. 
Between 1934 and 1941, Von Braun and his colleagues conducted several 
experiments on new designs with incremental success. With plenty of ini-
tial hiccups, he and his team managed to successfully launch the famous 
A-4 rocket engine, known in history as V-2 (vengeance weapon number 
two), on October 3, 1942, from Peenemuende. �e rocket followed its 
programmed trajectory perfectly, and landed on target 193 km away. �is 
launch is considered to mark the beginning of space age. Wernher von 
Braun was the �rst person along with his research group who had success-
fully launched a long-range ballistic missile. Of course, a�er World War II, 
the Americans and Russians scooped out the technology of the V2 rocket 
engine, based on which their space program �ourished at the time. A�er 
10 years, army colonel Sergei Korolev, who worked in Germany during 
World War II, became the chief designer of spacecra� and was respon-
sible for developing the Vostok, Voshkod, and Soyuz spacecra�, which 
had carried all Soviet cosmonauts into orbit. Even the entire research 
team of von Braun moved to the United Sates and provided leadership in 
the development of an ambitious American space program. In 1956, the 
Army Ballistic Missile Agency was established at Redstone Arsenal under 
von Braun’s leadership to develop the Jupiter intermediate-range ballis-
tic missile. Subsequently, von Braun, along with the entire Army Ballistic 
Missile Agency, joined NASA to augment the ambitious space program of 
America. Both Americans and Russians abandoned the V2 rocket design 
of Germany and developed their own design for the next generation of 
rocket engines. �e Russians launched their �rst satellite known as Sputnik 
and sent the �rst man, Yuri Gagarin, into space on April 12, 1961. A�er 
several years of struggle, American engineers and scientists landed on the 
moon on July 20, 1969, as part of the NASA Apollo II mission and created 
history in space exploration. Subsequently, several countries and agen-
cies, namely, the European Space Agency, France, Japan, China, Israel, and 
India, developed their own launch vehicles.
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1.4  CLASSIFICATION OF PROPULSIVE DEVICES
In the last century, several propulsive devices based on various principles 
were designed and developed, which are used in modern aircra� and space-
cra� [4 ,5]. �e propulsive devices can be broadly divided into two catego-
ries: air-breathing and non-air-breathing engines (see Figure 1.4). In the 
case of air-breathing engines, ambient air is used as an oxidizer for burn-
ing fuel. Air-breathing engines can be broadly divided into two categories: 
constant-pressure combustion and constant-volume combustion. �e �rst 
category is based on the Brayton cycle, which can be further divided into 
two categories: gas turbine and ramjet. �ere is another exotic jet engine 
known as the scramjet engine. �e gas turbine engine can be classi�ed 
broadly into three categories: turbojet, turbofan, and turboprop/turbosha�.

In non-air-breathing engines, the oxidizers are not taken from the atmo-
sphere but are rather carried onboard the vehicle. Most non-air-breathing 
engines are generally termed as rocket engines/motors. Note that the term 
rocket used in the literature is more broad-based, and its de�nition can be 
conceived as “the device in which mass contained in the vehicle is ejected 

Propulsive engines
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Liquid Nuclear
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FIGURE 1.4 Classi�cation of propulsive devices.
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rearward by which thrust is produced for its propulsion.” Hence, we will 
use rocket engine in place of rocket motor in this book. Rocket engines are 
broadly divided into two categories: chemical and nonchemical. Based on 
the type of energy used for propulsion, nonchemical rockets are divided into 
solar, electrical, and nuclear engines. �e nonchemical engines can be fur-
ther classi�ed into various engines, which will be discussed in Chapter�11. 
Chemical rockets, based on the type of propellant used, are divided into 
three categories—solid, liquid, and hybrid—as shown in Figure 1.4.

In this book, we are mainly concerned with chemical propulsive devices 
in which chemical energy resulting from the breaking or forming of chemical 
bonds is used to impart the requisite force for propulsion to take place. Other 
forms of energy—electrical, nuclear, plasma, and so on—have been used to 
propel rocket engines, which will be discussed brie�y as a separate chapter.

1.4.1  Comparison of Air-Breathing and Rocket Engines

We know that for propelling an aircra�, piston and gas turbine engines use 
air from the atmosphere as these vehicles are con�ned within the earth’s 
atmosphere. Besides, ramjet engines, employed mostly for missile applica-
tion, come under the category of air-breathing engines. We know that an 
air-breathing engine’s propulsive e�ciency drops down to low values when 
the �ying altitude exceeds 25 km. �erefore, one must think of a non-air-
breathing propulsive device that can carry both fuel and oxidizer along with 
it. Such a device is known as a rocket engine, as mentioned earlier. �us, a 
rocket engine is a non-air-breathing jet propulsive device that produces the 
required thrust by ejecting high-pressure and high-temperature gas from a 
propellant burning through a CD nozzle. Let us compare both air-breathing 
and non-air-breathing (rocket) engines as enumerated in Table 1.1.

TABLE 1.1 Comparison of Air-Breathing and Rocket Engine

Air-Breathing Engine Rocket Engine

 1. It uses atmospheric air for combustion. It carries its own oxidizer and fuel.
 2. It cannot operate in space (vacuum). It can operate in atmosphere and space.
 3. Its performance is dependent on altitude 

and �ight speed.
Its performance does not depend on 
altitude and �ight speed.

 4. �e thrus t developed by this engine is 
dependent on �ight speed.

�e thrust of this engine is 
independent of �ight speed.

 5. It cannot operate beyond supersonic speed 
(M = 5.0).

It can operate at any �ight velocity 
(Mach number: M = 0–25).

 6. Rate of climb decreases with altitude. Rate of climb increases with altitude.
 7. Flight speed is always less than jet velocity. Flight speed is not limited.
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1.5  TYPES OF ROCKET ENGINES
In the previous section, we have learnt that the rocket engine can be 
broadly classi�ed into two categories: (1) chemical rockets and (2) non-
chemical rockets. Based on the physical form of the chemical propellant, 
chemical rocket engines can be divided into three categories: (1) solid 
propellant, (2) liquid propellant, and (3) hybrid propellant. But the non-
chemical engines based on type of energy are further classi�ed into three 
categories: (1) nuclear rockets, (2) electrical rockets, and (3) solar rock-
ets. In this book, we will be mostly discussing chemical rocket engines. 
However, a brief account of other nonchemical rocket engines will be pro-
vided in Chapter�11. Both chemical and nonchemical rocket engines are 
described in the following section.

1.5.1  Chemical Rocket Engines

In case of chemical rocket engines, chemical energy released during the 
burning of fuel and oxidizer is used to raise the temperature and pressure 
of the gas which is expanded in a CD nozzle to produce thrust. Generally, 
the hot gases at high pressure are accelerated to high supersonic velocities 
in the range of 1500–4000 m/s for producing thrust. It may be noted that 
both fuel and oxidizer are being carried along with the engine unlike in 
air-breathing engines. Based on the physical state of the propellant (fuel 
and oxidizer), as discussed earlier, chemical rocket engines can be broadly 
divided into three categories: (1) solid propellant, (2) liquid propellant, 
and (3) hybrid propellant. �ese engines are described here brie�y.

1.5.1.1  Solid-Propellant Rocket Engines
We know that solid-propellant rocket engine (SPRE) is one of the oldest 
non-air-breathing engines as it is believed to have been used in China as 
early as the thirteenth century onward for war purposes. �e solid propel-
lant composition, which was initially black powder, underwent a series of 
changes with time. Currently, solid propellants have found a wider applica-
tion in various propulsion and gas-generating systems. It has a wide range 
of thrust levels ranging from a few N (Newton) to several hundred N. 
Besides having a solid form, this propellant can be stored in the combus-
tion chamber ready for use for a longer period of time, on the order of 
10–20 years, provided they are hermitically sealed. Compared to other 
types of chemical rocket engines, these are economical, reliable, and sim-
ple. Hence, these engines �nd a wider range of both civilian and military 
applications.
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Let us consider a simple SPRE as shown in Figure 1.5a which basically 
consists of the major components that are a solid propellant, a combustion 
chamber, an igniter, and a nozzle. Note that the propellant, which mainly 
consists of fuel, oxidizers, and various additives, is entirely stored within 
the combustion chamber in the form of blocks of de�nite shape called 
grain and is supported by the walls or by special grids, traps, or retainers 
(not shown in Figure 1.5a). Note that this grain contributes to around 80%–
95% of the total mass of an SPRE. Hence, the performance of this kind of 
engine and its payload capability are dependent on the optimal design of 
the grain, which will be discussed in Chapter 7. �e igniter initiates the 
combustion process on the surface of the propellant when actuated with the 
help of an electrical switch, whose details will be discussed in  Chapter 7. As 
a result, the propellant grains will start burning and �lling the empty com-
bustion chamber, hence building up the chamber pressure. Subsequently, 
the high-temperature and high-pressure gases are expanded in the super-
sonic nozzle to produce the requisite thrust. Generally, these nozzles are 
made of high-temperature materials, namely, metals with graphite coating, 
and are ablative materials that can take a high thermal load with minimal 
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FIGURE 1.5 �ree types of chemical rocket engines: (a) solid propellant, 
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corrosion. Generally, a �xed nozzle is preferred in SPREs as shown in Figure 
1.5a. Hence, a solid rocket engine is considered to be a non-air-breathing 
vehicle without any moving parts. But in recent times, the gimbaled nozzle 
is being used for controlling the direction of thrust.

As discussed earlier, the main characteristic of a solid propellant rocket 
engine (SPRE) is its simplicity. In view of its simplicity, the SPRE is particu-
larly well suited for developing very high thrust within a short interval of 
time, particularly in the booster phase. With recent advancements in pro-
pellant chemistry, it can be used for fairly long burning time (sustainers).

Advantages

 • It is simple to design and develop.

 • It is easier to handle and store unlike liquid propellant.

 • Detonation hazards of many modern SPREs are negligible.

 • Better reliability than Liquid Propellant Rocket Engine (LPRE) (>99%).

 • Much easier to achieve multistaging of several motors.

 • �e combin ation pressure in SPREs is generally higher than in LPREs 
since it is not subject to the limitation of a feed system.

 • Development and production cost of SPREs is much smaller than 
that of LPREs, especially in the high-thrust bracket.

Disadvantages

 • It has lower speci�c impulse compared to LPREs and hybrid propel-
lant rocket engines (HPREs).

 • It is di�cul t to turn o� its operation unlike in an LPRE.

 • Transport and handling of solid propellants are quite cumbersome.

 • It is di�cul t to use the thrust vector control and thrust modulation.

 • �e cracks on the propellant can cause an explosion.

 • Careful design of the nozzle is required as active cooling cannot be 
used.

 • �e erosion of t he throat area of the nozzle due to high-temperature 
solid particles can a�ect its performance adversely.
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1.5.1.2  Liquid Propellant Rocket Engines
Recall that around 1927, an American professor, Robert Goddard, had 
designed and developed an LPRE, which had �own only 46 m. Subsequently, 
the Germans took this technology to a mature level that culminated in the 
famous V2 rocket engine. Currently, the LPRE has found a wider applica-
tion in various propulsion and gas-generating systems. It has a wide range 
of thrust levels ranging from a few N (Newton) to several hundred N. In 
addition to having a liquid form, this propellant can be stored in a separate 
tank and can be controlled easily, and hence thrust can be varied easily 
unlike in an SPRE. As LPREs are stored in separate tanks unlike SPRE, 
one can achieve a higher level of thrust and is thus considered to be more 
powerful than an SPRE. �erefore, it is preferred for large spacecra� and 
ballistic missiles. However, the design of an LPRE is quite complex and 
requires specialized nozzles. Compared to other types of chemical rocket 
engines, LPREs are compact, light, economical, and highly reliable. Hence, 
they have a wider range of both civilian and military applications.

Let us consider a simple LPRE as shown in Figure 1.5b, which basi-
cally consists of major components, namely, a propellant feed system, a 
combustion chamber, an igniter system, and a nozzle. Note that both fuel 
and oxidizer propellants are stored separately in special tanks at high pres-
sure. Of course the propellant feed system along with the propellant mass 
contributes signi�cantly to the mass of the engine but it is signi�cantly less 
compared to the total mass of an SPRE. In fact, sometimes, the mass of the 
nozzle for deep-space applications is comparable to the propellant mass 
and its feed system in the case of an LPRE.

�e pressurized liquid propellants are converted into spray consisting 
of arrays of droplets with the help of atomizers as shown in Figure 1.5b. 
Of course, an igniter is used to initiate the combustion process on the sur-
face of the propellant. As a result, the propellant will start burning and �ll 
up the empty thrust chamber, thereby building up pressure in the cham-
ber similar to that of other chemical rocket engines. Subsequently, these 
high-temperature and high-pressure gases are expanded in a CD nozzle 
to produce the requisite thrust. As mentioned earlier, these nozzles are 
made of high-temperature materials, namely, metals with graphite coat-
ing and ablative materials that can take a high thermal load with minimal 
corrosion. It may be noted that propellant feed lines have several precision 
valves with whose help the operations of such kinds of rocket engine can 
be started and shut o� at will, and hence repetitive operation is possible for 
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this engine unlike the SPRE. �e advantages and disadvantages of an LPRE 
are enumerated as follows.

Advantages

 • An LPRE can be reused.

 • It provides greater control over thrust.

 • It can have higher values of speci�c impulse.

 • In case of emergency its operation can be terminated very easily.

 • It can be used on pulse mode.

 • It can be used for long-duration applications.

 • It is easy to control this engine as one can vary the propellant �ow 
rate easily.

 • �e heat los s from the combustion gas can be utilized for heating the 
incoming propellant.

Disadvantages

 • �is engine i s quite complex compared to the SPRE.

 • It is less reliable as there is a possibility of malfunctioning of the tur-
bopump injectors and valves.

 • Certain liquid propellants require additional safety precaution.

 • It takes much longer to design and develop.

 • It becomes heavy, particularly for short-range application.

1.5.1.3  Hybrid Propellant Rocket Engines
In order to achieve better performance, elements from SPREs and LPREs 
are combined to devise a new engine known as the HPRE. Note that this 
engine can use both solid and liquid types of propellants. All permutation 
and combination of propellants can be used for this kind of engine. But the 
most widely used propellant combination is a liquid oxidizer along with a 
solid propellant. Let us consider a simple HPRE as shown in Figure 1.5c, 
which basically consists of major components, namely, a propellant feed 
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system, a combustion chamber, a solid fuel grain, an igniter system, and 
a nozzle. Note that only the oxidizer propellant in the present example is 
stored in a special tank under high pressure. �e pressurized propellants are 
converted into spray consisting of arrays of droplets with the help of atom-
izers as shown in Figure 1.5c. Some of the propellant evaporates due to the 
recirculation of hot gases and comes into contact with the gaseous fuel that 
emanates from the solid fuel grains due to pyrolysis. �e combustion prod-
ucts start burning and �ll the empty thrust chamber, thereby building up 
pressure inside the chamber similar to that of other chemical rocket engines. 
In a similar manner, thrust is produced due to the expansion of these high-
temperature and high-pressure gases in a supersonic nozzle. It may be noted 
that the liquid propellant feed line has a few valves with which the operation 
of such rocket engines can be controlled at will. Hence, it can �nd applica-
tions in missions that need throttling, restart, and long range. It has similar 
features to an LPRE, namely, compact, light, economical, and highly reli-
able. Besides, these engines may have better performance compared to both 
solid and liquid engines. Hence, these engines may �nd a wider range of 
both civilian and military applications, although these are still in research 
stages. Let us learn the advantages and disadvantages of an HPRE.

Advantages

 • An HPRE can be reused.

 • It provides greater control over thrust.

 • It has relatively lower system cost compared to the LPRE.

 • It can have higher values of average speci�c impulse compared to the 
SPRE.

 • It has higher density of speci�c impulse than that of the LPRE.

 • It has higher volume utilization compared to the LPRE.

 • It has start–stop–restart capability.

Disadvantages

 • �is engine i s quite complex compared to the LPRE.

 • Its mixture ratio varies to some extent and hence it is quite di�cult to 
achieve steady-state operation.
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 • It has lower density of speci�c impulse compared to SPRE.

 • �ere is under utilization of solid fuel due to a larger sliver of residual 
grain at the end of the operation.

 • Certain liquid propellants require additional safety precaution.

 • It takes much longer to design and develop.

 • It becomes heavy, particularly for short-range application.

 • It has an unproven propulsion system for large-scale applications.

1.5.2  Nonchemical Rocket Engines

We use chemical rocket engines liberally for most applications, but non-
chemical rocket engines are being designed and developed for quite some 
time now as for certain missions it is undesirable to use chemical rocket 
engines due to their higher propellant mass per unit impulse. In some deep-
space applications, nonchemical rocket engines are much sought a�er. Of 
course, this book is mostly concerned with chemical rocket engines, but 
for the sake of completeness, we will brie�y discuss nonchemical engines 
in this section. Based on the source of energy, these engines can be broadly 
divided into three categories: (1) electrical rocket engines, (2) nuclear 
rocket engines, and (3) solar rocket engines. Of course, there are several 
other alternative rocket engines which are not being discussed in this sec-
tion due to their limited uses. We will discuss nonchemical rocket engines 
in detail in Chapter 11.

1.6  APPLICATIONS OF ROCKET ENGINES
In comparison to other air-breathing engines, rocket engines have very 
speci�c applications, which can be broadly divided into four types: (1) 
space launch vehicle, (2) spacecra�, (3) missile, and (4) miscellaneous.

1.6.1  Space Launch Vehicle

Space launch vehicles are meant for launching satellites or certain payloads 
into space or into spacecra�. �ey are generally designed and developed for 
certain speci�c applications. Starting from the �rst launch vehicle Sputnik 
in 1957 by the Russians, several space launch vehicles have been built by 
various agencies across the globe. Note that each space launch vehicle is 
designed for a speci�c mission, such as placing a satellite into a certain 
orbit, a mission to the moon, or space exploration. Space launch vehicles 
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have several kinds of payloads, namely, military, civilian satellite, space 
exploration, commercial, tourist, and so on. �e military applications 
span over command and control satellites, reconnaissance satellites, and 
so on. Similarly, civilian launch vehicles are used for weather forecasting, 
mapping of seismic zones, geo-positioning satellites (GPS), communicat-
ing satellites, and so on. Space exploration is another area for which space 
launch vehicles are being developed. In addition, satellites for commercial 
and touristic purposes are being launched in recent times. Of course, the 
con�guration of each space launch vehicle for these applications can di�er 
from the other. Even for the same mission requirement, the con�guration 
of the space launch vehicle will depend on the prior experiences of design-
ers, available resources, the involved agency in the development of such 
vehicles, and so on. Based on the number of stages, these can be classi�ed 
as single-stage, double-stage, triple-stage, and so on. �e number of stages 
depends on the speci�c space trajectory, types of maneuvers, types of pro-
pellant, and so on. Generally, the �rst stage is called the booster as it pro-
vides the initial thrust to overcome the initial inertia of the launch vehicle. 
Subsequently, this stage is separated from the moving vehicle. By staging 
launch vehicles, its payload capability increases signi�cantly. Such kind of 
staging is essential for placing a satellite into a higher orbit. It is a must 
for manned space mission. Hence, the vehicles may be labeled manned or 
unmanned vehicles. As mentioned earlier, based on the types of propellant, 
they are classi�ed as solid, liquid, or hybrid launch vehicles. Of course, in 
real space launch vehicles, both solid and liquid engines can be used either 
together or individually in a single stage. Moreover, space launch vehicles 
can use both non-cryogenic and cryogenic engines as in the case of the 
geo-synchronous launch vehicle (GSLV) of India. In recent times, a reus-
able single-stage device to orbit the launch vehicle is being designed and 
developed across the globe which may be adopted in the future.

1.6.2  Spacecraft

A spacecra� is a vehicle that is designed and developed to travel in space. 
It can be piloted like a space shuttle or be unpiloted. Spacecra� can be 
employed for various applications, namely, earth observation, meteorology, 
navigation, planetary exploration, and space colonization. Depending on 
its application, it can be classi�ed as interplanetary, manned/unmanned 
spacecra�, or trans-solar vehicle. Some of the primary functions of a 
spacecra� are orbit insertion and orbit change maneuvers and space �ight. 
Besides this, the spacecra� has several secondary functions such as attitude 
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control, spin control, momentum wheel and gyro unloading, and stage 
separation. In order to execute these functions, a spacecra� can carry a 
number of rocket engines. Pulsed small rockets with short bursts of thrust 
are also being used for attitude control. It may be noted that most spacecra� 
use an LPRE along with a solid rocket engine as a booster at the time of 
their launch. Generally, electric rocket engines are used for both primary 
and secondary functions during the �ight of spacecra� in the space region 
as they can enable long-duration �ights.

1.6.3  Missile

A missile is a self-propelled guided weapon system that is propelled by a 
rocket engine. �e �rst missile known as the V1 �ying bomb was built and 
used by the Germans during World War II. A modern missile has four 
major components: a rocket engine, targeting, guidance, and warhead sys-
tems. Several kinds of missile have been developed in various countries for 
winning wars and colossal amounts of taxpayers’ money are being misused 
in fear of war. In other words, science and technological knowledge are 
being abused while misusing natural resources that could have been used 
for the development of humanity on this beautiful earth. A missile can be 
broadly divided into two categories: (1) ballistic and (2) cruise. A ballistic 
missile follows a ballistic �ight path to deliver the warheads to a particular 
target. Its �ight path is mainly guided by gravity except in the initial period 
brie�y a�er its launch. Ballistic missiles are preferred for long-range and 
land attack missions where accuracy is not very important. �ese missiles 
can be launched from mobile launchers, ships, submarines, and under-
ground silos. In recent times, long-range intercontinental ballistic missiles 
(ICBMs) are being designed and developed by several countries for carry-
ing nuclear warheads. If some of these missiles are used by militants just 
imagine what could happen to life on this beautiful earth. I wish and hope 
that designers and scientists keep in mind the onset of a possible holocaust 
during their research work.

In order to win a war, several kinds of cruise missiles are being designed 
and developed that can deliver warheads accurately to the predetermined 
target as their �ight paths are guided and controlled unlike ballistic mis-
siles. Based on their launch and application, several kinds of cruise missiles, 
namely, surface-to-surface, air-to-surface, surface-to-air, and air-to-air, are 
being evolved which are propelled by chemical rocket engines. Most of 
the missiles use SPREs as they are quite simple to design and develop. Of 
course, LPREs are also used in missile, as in Bramos (India).
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1.6.4  Other Civilian Applications

Rocket engines have been used for several other civilian applications 
depending on the imagination of people. Rocket engines that are used 
routinely for collecting weather predictions are commonly known as 
“sounding rockets.” Rocket engines are also used for research in airplanes, 
in rocket-assist takeo�, and for providing lifelines to ships under distress. 
Besides this, they are considered for use in developing propulsion belts. 
Rockets can be used in the future for providing relief materials to inacces-
sible places during natural calamities.

REVIEW QUESTIONS

 1. Explain the concept of jet propulsion.

 2. Recount the history of rocket propulsion.

 3. What was the progress made in the development of rocket engines 
during AD 1900–2000?

 4. What are the di�erences between a rocket and a gas turbine engine?

 5. What is meant by a photon engine? How is it di�erent from a jet 
engine?

 6. What is the di�erence between rocket engine and photon engine?

 7. What do you mean by solar sail? What is the basic principle of this 
engine? How is it di�erent from photon engine?

 8. Enumerate the relative advantages and disadvantages of solid-
propellant and liquid-propellant engines?

 9. What are the relative advantages and disadvantages of chemical and 
non-chemical rocket engines?

 10. What are the di�erent applications of rocket engines?
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Aerothermochemistry 
of Rocket Engines

Great spirits have always encountered violent opposition from 
mediocre minds.

ALBERT EINSTEIN

2.1  INTRODUCTION
�e knowledge of thermochemistry and gas dynamics is essential for the 
understanding of rocket engine. Some of these topics might have been 
covered in your previous courses. However, it is important to recapitulate 
these topics for better understanding of rocket propulsion. Hence, the pur-
pose of this chapter is to review brie�y the rudiments of thermochemistry 
and gas dynamics from the perspective of rocket engine. Firstly, we will 
review the basics of classical thermodynamics, starting with its de�nition 
and its various terminologies.

2.2  BASIC PRINCIPLES OF CHEMICAL THERMODYNAMICS
�e term thermodynamics is a combination of two Greek words, namely, 
therme, meaning “heat,” and dynamics, meaning “work.” �us, thermody-
namics deals with work and heat and their interaction between system and 
surrounding. Recall that thermodynamics is based mainly on three con-
cepts: energy, equilibrium, and entropy. �e detailed treatments of ther-
modynamics are given in textbook [1] and certain fundamental aspects are 
discussed brie�y here.

C H A P T E R  2
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2.2.1  Basic De�nitions

We know that a system is regarded as a collection of materials with �xed 
identity in a region of space with certain boundaries. �e system bound-
ary can be �exible or rigid, across which energy in the form of heat or 
work can be transferred. Note that the system boundary can change its 
size, shape, or position, as in a piston cylinder arrangement, when the sys-
tem interacts with its surrounding. �e boundary need not necessarily be 
real; it may even be an imaginary one. Everything external to the system 
is known as the surrounding. Usually, the term surrounding means those 
things outside the system boundary that interact in certain ways with the 
system. A system and its surrounding are known as a universe. �e system 
can be conveniently classi�ed into three categories: (1) closed system, (2) 
open system, and (3) isolated system. If a system consists of a particular 
quantity of matter such that no matter will cross its boundary, we can call 
it a closed system. But in an open system, both matter and heat energy can 
�ow across the system boundary. Note that no matter but heat energy is 
transferred across the boundary of a closed system. In case of isolated sys-
tem, neither mass nor energy is transferred through the system boundary. 
�e rocket engine can be considered as an open system in which propel-
lants a�er getting burnt leave as exhaust gas. Hence the control volume 
approach rather than control mass approach is used for analyzing the 
various components of rocket engine, namely, combustion chamber and 
nozzle in the present book.

During the aerothermochemistry analysis of any component of a rocket 
engine, we have to deal with the macroscopic properties of gas such as 
pressure, temperature and volume, density, and mass fraction. For gaseous 
phase system, we need to invoke the ideal gas law. Besides this, the concept 
of equilibrium needs to be invoked during the thermodynamic analysis 
of rocket engine. Note that a system is said to be in the state of thermody-
namic equilibrium only when its mechanical, thermal, and chemical equi-
librium are satis�ed.

2.3 THERMODYNAMIC LAWS
�e various components of rocket engines can be analyzed using the 
laws of thermodynamics. �e �rst, second, and third laws of thermo-
dynamics are brie�y discussed in the following. For the details of these 
laws and derivations, one can refer to some standard thermodynamic 
books [1–3].
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2.3.1  First Law of Thermodynamics

� e �rst law of thermodynamics states that energy can be neither created 
nor destroyed but only transforms from one form to another. In other 
words, whenever energy transfer takes place between a system and its sur-
rounding, there will be a change in the system. To illustrate this, let us con-
sider gas con�ned in a piston cylinder as a closed mass system, as shown 
in Figure 2.1. Let �Q be the heat added to the system and �W be the work 
done by the system on the surrounding by the displacement of boundary. 
�e heat added to the system and work done by the system cause a change 
in energy in the system. According to the �rst law of thermodynamics, this 
is given by

 dE Q W dE dU dKE dPEt t� � � � �� � ;  (2.1)

where
dEt is the total energy content of the system
Et is the internal energy (U) + kinetic energy (KE) + potential energy (PE)

Note that dEt is the exact di�erential that exists for state function and its 
value depends on the initial and �nal states of the system. In contrast, �Q 
and �W depend on the path followed by the process. Keep in mind that the 
�rst law of thermodynamics is an empirical relation between heat, work, 
and internal energy, �rst put forward by Joule in 1851 through conduct-
ing a series of experiments. Of course, it has been veri�ed thoroughly by 
subsequent experimental results. To date, nobody has managed to disprove 
this law.

Piston

System

CV

i
e

(a) (b)Energy

FIGURE 2.1 Schematic of thermodynamic systems: (a) piston cylinder arrange-
ment and (b) rocket engine.
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2.3.2  First Law for Control Volume

In order to analyze various components of rocket engine, we need to con-
sider a control volume (CV), as shown in Figure 2.1b. Hence the control 
volume approach rather than control mass approach is used for analyzing 
the various components of rocket engine, namely, combustion chamber 
and nozzle in the present book. Before applying the �rst law of thermody-
namics, let us consider the assumptions being made for deriving this law:

 • �e co ntrol volume is �xed with respect to the coordinate system.

 • No need to consider the work interactions associated with the 
 moving body.

 • Uniform �ow conditions over the inlet and the outlet �ow areas.

By invoking these assumptions, the �rst law of thermodynamics for the 
CV is given by

 
dE
dt

m h V gZ m h V gZ Q Wi i i i o o o o sh� � �� � � � �� ��
�

�
� � �� � � �2 22 2/ /

 
(2.2)

where
�m is the mass �ow rate
h is the enthalpy
V is the velocity
Z is the height
E is the total energy
�Q is the energy transfer rate as heat
�Wsh is the sha� power

�is form of the �rst law of thermodynamics for CV is very useful for the 
analysis of components in the rocket engine. �e reader can refer to certain 
standard thermodynamics books [3–5] to get acquainted with this impor-
tant thermodynamic law.

2.3.3  Second Law of Thermodynamics

We know that the �rst law of thermodynamics does not say anything about 
the feasibility of direction in which the process may proceed. However, 
the second law of thermodynamics stipulates the direction of the process. 
According to the famous scientist Kelvin Plank, the second law of ther-
modynamics states that it is impossible to construct a cyclically operat-
ing device such that it produces no other e�ects than absorbing energy as 
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heat from a single thermal reservoir and performs an equivalent amount 
of work. In other words, it is impossible to have a heat engine with thermal 
e�ciency of 100%. Further, the second law of thermodynamics de�nes an 
important property of a system, known as entropy, which is expressed as

 
dS

Q
T

� � ��
reversible process

 
(2.3)

where dS is the change of entropy of the system during an incremental 
reversible heat exchange �Q, when the system is at temperature T. �e 
entropy being a state variable can be used either for reversible or irrevers-
ible process. An alternative, more general, relation for the entropy is

 
dS

Q
T

dSirrev� � � ��
irreversibleprocess

 
(2.4)

where
�Q is the actual amount of heat added to the system during which 

entropy change
dSirrev is generated due to the irreversible, dissipative phenomena

Note that irreversible processes are caused due to friction, heat transfer 
with �nite temperature gradient, and mass transfer with �nite concentra-
tion gradient. �ese irreversible processes due to their dissipative nature 
always result in increase of the entropy as given in the following:

 dSirrev �t 0 (2.5)

Combining Equations 2.4 and 2.5, we have

 
dS

Q
T

�
�

 
(2.6)

For adiabatic process (�Q = 0), Equation 2.6 becomes

 dS�t 0 (2.7)

Note that this expression derived from the second law of thermodynamics 
(Equation 2.7) indicates the direction in which the process can proceed. A 
process can proceed either in the direction of increasing entropy or constant 
entropy of the system and its surrounding. �e process cannot proceed in 
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the direction of decreasing entropy. Engineers attempt to reduce the irre-
versibility to a large extent to enhance the performance of any practical 
device. �e change in speci�c entropy of a system, ds, can be determined 
by assuming the heat interaction to be taking place in reversible manner by 
using the following relation:

 � q Tds�  (2.8)

where
q is the heat per unit mass
s is the entropy per unit mass

Substituting Equation 2.8 in the energy equation (Equation 2.1), we get

 Tds du Pdv� �  (2.9)

From the de�nition of enthalpy, we have

 dh du Pdv vdP� � �  (2.10)

For thermally perfect gas, we can assume dh = Cp dT. Substituting this rela-
tion in Equation 2.10 and using Equation 2.9, we get

 
ds C

dT
T

R
dP
P

p� �
 

(2.11)

For an isentropic (reversible and adiabatic) process, ds = 0, we can inte-
grate Equation 2.11 between state (1) and (2):

 

P
P

T
T

C Rp

2

1

2

1

�
�

�
�

�

�
�

/

 
(2.12)

However, for a calorically perfect gas, speci�c heat can be expressed in 
terms of speci�c heat ratio �, as follows:

 

C

R
p �

�
�

� 1 
(2.13)

Using Equation 2.13, we may express Equation 2.12 in the form

 

P
P

T
T

2

1

2

1

1
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�

�
�

�

�
�

�
�

�

 
(2.14)
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By employing the perfect gas law, we can write the isentropic relation as

 

P
P

T
T

2

1

2

1

2

1

1
�

�

�
�

�

�
� �

�

�
�

�

�
�

��
�

� �
�

 
(2.15)

We will use this equation very o�en while dealing with rocket engine. �is 
expression for isentropic process can be easily applicable for the �ow out-
side the boundary layer. As in the case of nozzle �ow, since the thickness of 
boundary layer is very thin in comparison to entire �ow domain, one can 
easily analyze it by assuming the �ow to be isentropic except in its bound-
ary layer. �us, this isentropic relation (Equation 2.15) can be used for the 
analysis of a wide range of practical problems in rocket engine.

2.4  REACTING SYSTEM
In a rocket engine, propellant is burnt to produce high-temperature and 
high-pressure gas while undergoing chemical reactions. In the chemical 
reaction, mass balance describing exactly how much oxidizer has to be 
supplied for complete combustion of certain amount of fuel is generally 
termed as stoichiometry. �e details of the reacting system discussed in 
specialized books on combustion [2,3] are reviewed in this section.

2.4.1  Stoichiometry

�e word “stoichiometry” basically originates from the Greek stoikhein, 
which means element, and metron, which means measure. In other words, 
the term “stoichiometry” literally means the measure of elements. Hence, 
an elemental balance is to be carried out to estimate stoichiometric ratio 
for a chemical reaction. In other words, stoichiometry is the relationship 
between the mass of the reactants and the products of a chemical reaction. 
Let us consider an example in which certain amount of methane is burnt 
in the presence of certain amount of oxygen undergoing chemical reaction 
and liberating certain amount of heat energy. �e chemical reaction that 
represents such a reaction is shown in the following:

 H2 + 1/2O2 �  H2O + �H R (2.16)

 (2�g) + (16�g) �  (18�g)
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It can be observed from this reaction that 1 mol of hydrogen is reacted 
with 1/2 mol of oxygen to produce 1 mol of water. Note that this is a bal-
anced equation in which numbers of chemical elements are balanced. It is 
interesting to note that 2 g of hydrogen can react with 16 g of oxygen to 
produce 18 g of water. �at means the mass in the le� side of reaction is 
the same as that in the right side, thus stating that mass is conserved. �is 
is the underlying principle of chemical reactions that no mass is created or 
destroyed in a chemical reaction. In contrast, number of moles need not be 
conserved. Such a reaction is known as stoichiometric reaction. Hence the 
quantity of oxidizer just su�cient to burn a certain quantity of fuel com-
pletely in a chemical reaction is known as stoichiometry. It is known as the 
ratio of oxidizer to fuel that is su�cient to burn fuel, leading to the forma-
tion of complete products of combustion. In the example cited, the stoichi-
ometry, (mox/mfuel) would be 8. In combustion, oxidizer/fuel ratio always 
may not to be in stoichiometric proportion. On several occasions, excess 
oxidizers are supplied to ensure complete combustion of fuel in practical 
devices. When more than a stoichiometric quantity of oxidizer is used, the 
mixture is known as fuel lean or lean mixture. In contrast, if less quantity 
of oxidizer than a stoichiometric quantity is present, then the mixture is 
known as fuel-rich or rich mixture. On several occasions, hydrocarbon 
fuels are burnt in the presence of air. For a hydrocarbon fuel represented 
by CxHy, the stoichiometric relation is given as

 CxHy + a(O2 + 3.76N2) �  xCO2 + (y/2)�H2O + 3.76a�N2 (2.17)

In this reaction, the air is assumed to be consisting of 21% O2 and 79% N2 
by volume for simplicity and this will be considered throughout this book. 
When the reaction is balanced, “a” turns out to be x + y/4(a = x + y/4). 
�en, the stoichiometric air–fuel ratio would be

 A F m m a MW MW
stoic ox fuel air fuel/ / /� � � � � � � �4 76.  (2.18)

where MWair and MWfuel are the molecular weights of air and fuel, respec-
tively. �e stoichiometric air-fuel ratio can be obtained using Equation�2.18 
for any hydrocarbon fuels such as for methane, propane, butane, and so on. 
It can be noted that the stoichiometric air–fuel ratio for methane is 17.16, 
while for higher hydrocarbons such as propane and butane, it is around 15. 
Also, it must be appreciated that many more times of oxidizer than fuel 
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has to be supplied for complete combustion of fuel even theoretically. 
But in practice, one has to supply the oxidizer in a larger proportion than 
the stoichiometric ratio to ensure complete combustion. When the ratio 
other than stoichiometric air–fuel ratio is used, one of the useful quantities 
known as equivalence ratio is employed to describe the air–fuel mixture. 
�e equivalence ratio � is de�ned as

 
� ��

� �
� �

� � � � � �
F A

F A
F A F A

stoic
stoic

/

/
/ /;

 
(2.19)

Note that the equivalence ratio is a nondimensional number in which 
fuel–air ratio is expressed in terms of mass. �is ratio describes quanti-
tatively whether a fuel–oxidizer mixture is rich, lean, or stoichiometric. 
From Equation 2.19, it is very clear that the stoichiometric mixture has an 
equivalence ratio of unity. For fuel-rich mixture, the equivalence ratio is 
greater than unity (� > 1). Lean mixture has less than unity (� < 1). By lean 
and rich mixture, we mean basically the extent of fuel in the mixture. 
In several combustion applications, the equivalence ratio is one of the 
most important parameters that dictate the performance of the system. 
Another parameter used very o�en to describe relative stoichiometry is 
the percent stoichiometric air, which can be related to the equivalence 
ratio as

 
%

%
stoichiometric air �

100
�  

(2.20)

�e other useful parameter to de�ne relative stoichiometry of mixture is 
percent excess air:

 
%excess air �

�� �
�

1
100

�

�  
(2.21)

Example 2.1

Ethyl alcohol is burnt with oxygen. �e volumetric analysis of 
products on dry basis is CO2 = 92.51%, O2 = 6.76%, CO = 0.73%. 
Determine (i) F/A ratio, (ii) equivalence ratio, and (iii) % stoichio-
metric air.
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Solution

 XC2H5OH + aO2 �  92.51CO2 + 0.73CO + 6.76O2 + bH2O

By mass balance, we can have

C : 2X = 92.51 + 0.73 ;  �  X = 46.62

H : 6X = 2b ;  �  b = 139.86

O : 2a + X = 92.51 × 2 + 0.73 + 2 × 6.76 + 139.86

a = 146.25

� en, the balance equation becomes

46.62C2H5OH + 146.25O2 �  92.51CO2 + 0.73CO + 6.76O2 + 139.86H2O

Let us recast the preceding chemical reaction in terms of 1 mol of 
fuel, as follows:

C2H5OH + 3.14(O2 + 3.76N2) �  1.98CO2 + 0.016CO + 0.15O2 + 3H2O

�en the fuel/air ratio by mass becomes

 

F
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m
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F

A

�
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�

�

�
� � �
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�
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In order to calculate the equivalence ratio, we will have to obtain the 
stoichiometric fuel–air ratio by considering a balance equation, as 
follows:

 C2H5OH + 3O2 �  2CO2 + 3H2O

�en, the stoichiometric fuel–air ratio becomes
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Note that the stoichiometric air–fuel ratio is 15.05. �en, the equiva-
lence ratio becomes
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Hence, this mixture is a slightly rich one. �en, let us calculate per-
cent of stoichiometric air, as follows:

 
%

%
.

. %stoichiometric air � � �
100 100

0 95
105 26

�  
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2.4.2  Ideal Gas Mixture

We have learnt that the fuel and oxidizer can occur in three forms, namely, 
solids, liquids, and gases. �e actual measured properties of solid and liq-
uid substances can be used, which can be expressed in the form of the 
thermodynamic equation of state. But one might assume that such kind 
of equation of state may be quite restrictive in nature. But the thermody-
namic equation of state for ideal gaseous fuel and oxidizer is quite broad 
and can be applied for combustion systems even though it deals with a 
mixture of gases. Note that the properties of a mixture can be found out by 
assuming it to be an ideal gas. We know that an ideal gas obeys equation of 
state, which is given in the following:

 PV nR Tu�  (2.22)

where
P is the pressure
V is the volume of the gas
T is the temperature of the gas
n is the number of moles of gas
Ru is the universal gas constant (Ru = 8.314 kJ/kmol K)

But when we are dealing with a mixture of gases, we can �nd out the 
properties of the mixture from individual gases by applying the Gibbs–
Dalton Law.

Let us consider a container C, which contains multicomponent mixture 
of gases composed of mA grams of species A, mB grams of species B, and mi 
grams of ith species. �en, the total number of moles, mtot, in the container 
would be given by

 m m m mtot A B i� � � ��  (2.23)

By dividing Equation 2.23 by total mass mtot, we will get

 1� � � � � � �Y Y Y Y YA B C i i�  (2.24)

where YA(= mA/mtot) is the mass fraction of species A. It can be noted that 
the sum of all mass fraction of individual species in a mixture is equal to 
unity. Similarly, we can have a relationship for total number of moles:

 n n n ntot A B i� � � ��  (2.25)
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By dividing Equation 2.25 by total number of moles, ntot, we will get

 1� � � � � � �X X X X XA B C i i�  (2.26)

where XA(= nA/ntot) is the mole fraction of species A. It can be noted that 
the sum of all mole fraction of individual species in a mixture is equal to 
unity.

�e mole fraction X i and mass fraction Yi can be related easily, as follows:
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(2.27)

where MWi is the molecular weight of ith species. �e mixture molecular 
weight can be easily estimated by knowing either species mole or mass 
fractions, as follows:

 
MW X MWmix
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(2.28)
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We can express the pressure of a mixture of gases such as species A, B, C, …, 
as follows:

 
P

n R T
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n R T
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n R T
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i� � � � � � � � � � � �u u u u� �
 

(2.30)

where p is the partial pressure of individual species by de�nition. Keep in 
mind that in this case, we have assumed that individual species are in the 
same temperature and volume of that of the mixture. �is is known as the 
Dalton’s law of partial pressure, which is as follows:

�e pressure of gaseous mixture is the sum of the pressure that 
each component would exert if it alone occupies the same volume 
of mixture at the same temperature of the mixture.
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It must be kept in mind that the partial pressure of a species can be deter-
mined by knowing mole fraction of the corresponding species and total 
pressure of the mixture by the following relation:

 p X Pi i�  (2.31)

�e s peci�c internal energy u of the mixture can be determined from a 
knowledge of their respective values of the constituent species by invoking 
the Gibb’s theorem, which states the following.

�e internal energy of a mixture of ideal gases is equal to the sum 
of the internal energy of individual component of the mixture at 
same pressure and temperature of the mixture.

�en, the speci�c internal energy u of mixture can be obtained by either 
mole fraction or mass fraction weighted sum of individual component’s 
speci�c internal energy, given as follows:

 
u X umix

i

i i� �
 

(2.32)
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(2.33)

where
ui is the internal energy of ith species per unit mole
ui is the internal energy of ith species per unit mass

Similarly, the speci�c enthalpy h of the mixture can be obtained by similar 
relations, given as follows:

 
h X h h Yhmix
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i i mix
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(2.34)

�e en thalpy of a species can be expressed as
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(2.35)
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Note that the enthalpy of any species at particular temperature is com-
posed of two parts: (1) the heat of formation, which represents the sum 
of enthalpy due to chemical energy associated with chemical bonds; and 
(2)�sensible enthalpy, as it is associated with temperature. �e other speci�c 
properties of the mixture such as entropy s, Gibbs free energy g, speci�c 
heat CP , can be obtained by similar relation from the individual species.

2.4.3  Heats of Formation and Reaction

In the combustion process, several chemical reactions take place simulta-
neously. In some reactions, heat will be evolved and in others, heat will be 
absorbed. Hence, it is important to evaluate the heat liberated or absorbed 
in a chemical reaction. Let us take an example of a burner in which 1 mol 
of propane is reacting with 5 mol of oxygen to produce 3 mol of carbon 
dioxide and 4 mol of water, as per the following chemical reaction:

 C3H8 + 5O2 �  3CO2 + 4H2O (2.36)

We need to determine the amount of heat liberated during this reaction, 
for which we must know heat of formation of each participating species. 
In other words, heat of formation of each species must be known to evalu-
ate the heat of reaction. �e heat formation of a particular species can be 
de�ned as the heat of reaction per mole of product formed isothermally 
from elements in their standard states. It must be kept in mind that the heat 
of formation of elements in their standard states is assigned a value of zero 
as per international norms. For example, nitrogen gas at standard tempera-
ture and pressure is the most stable whose heat of formation at standard 
state is zero. In contrast, the heat of reaction can be de�ned as the di�er-
ence between the enthalpy of the products and enthalpy of reactants at the 
speci�ed states. Note that the heat of reaction is stated in the standard state. 
If one of the reactants happens to be fuel and other one is the oxidizer, then 
combustion takes place, liberating certain amount of heat, then the heat 
of reaction is known as the heat of combustion. �e heat of formation of 
some important pure substances is given in Table 2.1, at standard condi-
tions. �e main advantage of standard heat of formation is that one only 
needs to keep track of heat of formation of only few numbers of species to 
calculate heat of reaction of several reactions.

In combustion calculation, we need to deal with thermochemical sys-
tems that can be handled easily invoking the Hess Law, which is also 
known as constant heat summation. �e Hess Law states that the resultant 
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heat evolved or absorbed at constant pressure or constant volume for a 
given chemical reaction is the same whether it takes place in one or many 
steps. In other words, it does not depend on the intermediate paths that 
may occur between the reactants and products. Hence we can manage to 
add or subtract thermochemical equations algebraically for obtaining �nal 
heat of reaction by using the Hess Law.

Example 2.2

Estimate the higher and lower heating values at 298 K of LPG 
(Propane = 70%, Butane = 30%) per mole and per kilogram of fuel.

Solution

0.7C3H8 + 0.3C4H10 + a(O2 + 3.76N2) = xH2O + yCO2 + zN2

C : 0.7 × 3 + 0.3 × 4 = y ; �  y = 3.3

H : 0.7 × 8 + 0.3 × 10 = 2x ; �  x = 4.3

O : 2a = 24 + x

TABLE 2.1 Heat of Formation of Some Important Species

Chemical 
Formula Species Name State

Standard Heat of 
Formation (kJ/mol)

O2 Oxygen Gas 0.0
O Element oxygen Gas 247.4
H2 Hydrogen Gas 0.0
H Element hydrogen Gas 218.1
OH Hydroxyl Gas 42.3
H2O Water Gas �242.0
H2O Water Liquid �286.0
C Graphite Solid 0.0
CO Carbon monoxide Gas �110.5
CO2 Carbon dioxide Gas �394.0
CH4 Methane Gas �74.5
C3H8 Propane Gas �103.8
C4H10 Butane(n) Gas �124.7
C4H10 Butane(iso) Gas �131.8
C2H2 Acetylene Gas 226.9
N2 Nitrogen Gas 0
H2O Water Gas �242.0
H2O Water Liquid �272.0
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�a  = 5.45
0.7C3H8 + 0.3C4H10 + 5.45(O2 + 3.76N2) =  4.3H2O + 3.3CO2 + 3.76 

× 5.45N2

Energy balance:
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2.4.4  Adiabatic Flame Temperature

We need to know the theoretical/ideal �ame temperature during combus-
tion process for a particular fuel–air ratio, provided no heat liberated can 
be transferred from its system boundary. Let us consider the combustor 
in which certain amount of fuel and air in certain ratio is reacted, which 
leads to completion (equilibrium state) by constant pressure and adiabatic 
process. �en, the �nal temperature attained by the system is known as 
adiabatic �ame temperature Tad. Note that Tad depends on initial pres-
sure P, initial unburnt temperature Tu, and composition of the reactants. 
Only when the �nal compositions of the products are known, then the 
�rst law of thermodynamics is su�cient to determine the adiabatic �ame 
temperature Tad. Let us consider the physical boundary of the combustor 
as the control volume. �e process is considered to be adiabatic as it is 
insulated perfectly. Under this condition, the �rst law of thermodynamics 
turns out to be

 H T P H T PP ad R u� � � � �  (2.37)

where
Hp is the total enthalpy of products at adiabatic temperature Tad and 

pressure P
HR is the total enthalpy of reactants at initial temperature Tu and ambi-

ent pressure

Hp and HR are expressed in terms of heat of formation and sensible enthalpy 
of participating species, given as follows:
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(2.39)

where
hf i,

0  is the heat of formation of ith species, which is available in Table 2.1
ni is the number of moles of ith species
Cpi is the speci�c heat of ith species that are dependent on temperature
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Note that the appropriate value of the speci�c heats of the products 
must be chosen judiciously to get the correct adiabatic temperature. 
In Equation�2.39, the �nal composition of the product must be known. 
Otherwise, we cannot evaluate the adiabatic �ame temperature Tad. 
Generally, the �nal equilibrium composition is used for the evaluation of 
adiabatic temperature Tad. Unfortunately, the �nal equilibrium composi-
tion is dependent on the �nal temperature Tad. Hence, one has to resort to 
an iterative technique for determining both Tad and equilibrium composi-
tion. Let us consider an example for the determination of adiabatic tem-
perature Tad, in which the �nal compositions are known.

�e adiabatic �ame temperature data for stoichiometric mixture of cer-
tain fuel–oxidizer system at their respective initial temperature and pres-
sure are shown in Table 2.2. It can be noted that adiabatic �ame temperature 
does not depend much on the nature of hydrocarbon fuel as long as air 
is used as oxidizer. It can also be observed from Table 2.2 that the �ame 
temperature of hydrocarbon–air is around 2200 + 100 K. However, if the 
air is replaced by oxygen, the �ame temperature increases by 500�600 K. 
Besides this, an increase in initial temperature enhances the �ame tem-
perature by almost the same amount.

Example 2.3

Determine the adiabatic �ame temperature of the stoichiometric 
C4H10–air mixture at 298 K, 0.1 MPa, assuming no dissociation of the 
products for the following two cases: (1) evaluating CP of each species 
at 298 K, and (2) evaluating CP of each species at 2000 K.

Solution

C H O N CO H O N4 10 2 2 2 2 2
13
2

3 76 4 5 24 44� �� � � � �. .

TABLE 2.2 Adiabatic Flame Temperature 
of�Typical Fuels at Stoichiometric Mixture

System at Tu (K) P (MPa) Tad (K)

CH4–air, 300 K 0.1 2200
CH4–air, 300 K 2.0 2278
CH4–air, 600 K 2.0 2500
CH4–O2, 300 K 0.1 3030
C4H10–air, 300 K 0.1 2246
H2–air, 300 K 0.1 2400
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Applying the �rst law of thermodynamics for CV, we have from 
energy balance
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For standard heat of formation see Reference 1

 1. We can consider Cp at 298 K
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Substituting these values in LHS of Equation E1.2

 4 37 129 5 35 590 24 44 29 12 288 26542 103� � � � �� � �� � � �. . . . .Tad  

Tad � 2844 64. K

 2. By considering the Cp value at 2000 K, we can have
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Substituting these values in Equation E1.2, we can determine 
the adiabatic �ame temperature Tad as

4 60 350 5 51 180 24 44 35 971 298 26542 103� � � � �� � �� � � �. . . . .Tad

� �Tad 2226 41. K

Note that this estimated adiabatic temperature of 2226.4 K is closer 
to the adiabatic temperature obtained from the equilibrium calcu-
lation (see Table� 2.2), as compared to 2844.6 K obtained for case 
(a). Hence, it is important to choose speci�c heat values at appropri-
ate temperature.
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2.4.5  Chemical Equilibrium

In Section 2.4.4, we have analyzed the chemical process by assuming 
the�chemical reactions to be capable of going to completion. However, 
in� rocket engine, gases being at high temperature and pressure, the 
 saturated molecules, namely, O2, H2, H2O, CO2, undergo dissociation 
reactions, as follows:

 H2 �  H + H (2.40)

 O2 �  O + O (2.41)

 2H2 + O2 �  2H2O (2.42)

Note that dissociation is highly endothermic in nature, which will be 
a�ecting the adiabatic �ame temperature when evaluated using this 
procedure. It can be observed from these reactions that the opposite of 
dissociation, known as recombination, does take place. �e extent of dis-
sociation and recombination can be determined by invoking the criteria 
for chemical equilibrium.

We can explore the criteria of chemical equilibrium by considering the 
example of reaction system containing H2, O2, and H2O as chemical com-
positions at a particular pressure and temperature, as given earlier. Note 
that the chemical composition of this mixture would change only when 
there is a change in pressure and temperature. Hence, let us consider a 
reacting system at a particular �xed temperature and pressure for the 
development of a general criterion for chemical equilibrium. One might be 
tempted to invoke the increase in entropy principle relationship stipulated 
by the second law of thermodynamics as the criterion for chemical equi-
librium. Unfortunately, this entropy principle cannot be applied for rocket 
engine as it is inherently a nonadiabatic system. �erefore, we will have to 
develop another criterion of equilibrium for nonadiabatic reacting system.

Let us consider a simple compressible system of �xed mass at particular 
temperature T and pressure P. By invoking the �rst and second laws of 
thermodynamics, we can have

 dU PdV TdS� � � 0 (2.43)

We know that the Gibbs function is given by

 G H TS� �  (2.44)
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By di�erentiating the Gibbs function at constant pressure and temperature, 
we can have

 

dG dH TdS SdT dU PdV VdP TdS
dU PdV TdS

T P� � � � � � � �� � �
� � �

,

 (2.45)

Since dT = 0 and dP = 0, then, from Equations 2.43 and 2.45, we can get 
(dG)T , P �  0. �is indicates that a process cannot proceed when (dG)T , P > 0. 
In other words, the process can only proceed in the direction of decreasing 
Gibbs function until it reaches its minimum value, as shown in Figure 2.2. As 
per this criterion of minimum Gibbs free energy, a chemical reaction cannot 
proceed in the direction of increasing Gibbs function as it violates the sec-
ond law of thermodynamics. In other words, no further change in chemical 
composition can take place at the minimum value of Gibbs function.

Let us now consider a homogeneous system involving chemical reac-
tions for four chemical compounds, A, B, C, and D, at a given pressure and 
temperature. Let nA, nB, nC, and nD be the number of moles of respective 

Violation of
the second law

G

100%
reactants

100%
products

Equilibrium
composition

dG> 0

dG= 0

FIGURE 2.2 Illustration of the criterion of chemical equilibrium at a speci�ed 
P and T.
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compounds. �e chemical reaction among these four compounds can be 
represented by the following global reaction:

 v A v B v C v DA B C D� � � ��  (2.46)

where v are stoichiometric coe�cients. We can designate degree of reac-
tion by d� and change in the number of moles of any species during a 
chemical reaction can be expressed as

 dn v d dn v d dn v d dn v dA A B B C C D D� � � � � �� � � �; ; ; ; (2.47)

Note that the minus sign indicates a decrease with the progress of the reac-
tion. Similarly, the positive sign indicates an increase with the progress of 
the reaction. Now we can evaluate the change in the Gibbs function to 
evaluate the chemical equilibrium for the preceding  reaction as

 

dG dG g dn
g dn g dn g dn g dn

T P i T P i i T P

C C D D A A B B

� � � � � � � � � �
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, , ,

0 (2.48)

where g is the molar Gibbs function of respective species at speci�ed tem-
perature and pressure. Substituting the values of change in the number of 
moles of each component from Equation 2.47 in Equation 2.48, we will get

 g v g v g v g vC C D D A A B B� � � � 0 (2.49)

Considering the mixture of gases stated earlier to be an ideal gas, we can 
derive a criterion of chemical equilibrium by using the above Gibbs func-
tion relation. We know that the Gibbs function values are dependent on 
both temperature and pressure. But the Gibbs values at a �xed reference 
pressure P0 (0.1 MPa) are generally as a function of temperature. �e Gibbs 
function of ith component of ideal gas mixture at its partial pressure pi and 
temperature T will become

 g T p g T R T pi i i u i,� � � � � �0 ln  (2.50)

where
g Ti

0� �  is the Gibbs function of ith component at 0.1 MPa and tempera-
ture T

pi is the partial pressure of ith component in the mixture
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Substituting the relation for the Gibbs function (Equation 2.50) for each 
species in Equation 2.49, we can get
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(2.51)

By de�ning � GT
0 as the standard state Gibbs function change, we can 

rewrite Equation 2.51 as
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(2.52)

where KP is the chemical equilibrium constant based on pressure, which 
is dependent on the temperature for a particular reaction. For an ideal gas 
mixture, we can express it as
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(2.53)

Hence, the equilibrium constant KP of an ideal gas mixture at a �xed 
temperature can be easily computed by knowing the change in the stan-
dard Gibbs function. �e values of KP for certain important reactions 
are listed in Table B.1. By knowing the equilibrium constant KP, we can 
evaluate the composition of reacting ideal gas mixture, which is illus-
trated in Example 2.4.

We know that the partial pressure of the species in a mixture can be 
expressed in terms of their respective mole friction as given by
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(2.54)

where
P is the pressure of the mixture
ntot is the total number of moles present in the mixture
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Substituting the partial pressure of each species in Equation 2.53, we 
will get
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(2.55)

�e preceding expression given for KP has been derived for a simple reac-
tion involving two reactants and two products. However, similar expres-
sion can be obtained for any reaction involving more number of reactants 
and products. Note that the value of KP depends on the temperature for 
a particular chemical reaction. For a negative value of Gibbs free energy 
change (� GT

0 � � ve), Kp will be more than one, indicating that products 
will be favored. On the other hand, when the change in Gibbs free energy 
is positive, the reactants will be favored at equilibrium.

Example 2.4

At 0.1 MPa, hydrogen gas is dissociated into H by H2 �  2H. Determine 
the equilibrium constant, KP at (1) 3000 K and (2) 298 K.

Solution

 1. By using Equation 2.55, we can determine the equilibrium con-
stant KP as
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However, by using data from Appendix B of combustion book 
[2], the change in Gibbs function at 3000 K can be evaluated as

 � G g gT
0 0 02 2 46 007 0 92 014

2
� � � � � �H H kJ/mol. .  

�en t he equilibrium constant KP can be evaluated as
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 2. By following similar procedure, the equilibrium constant KP 
can be evaluated at 298 K as

 K e eP

G

R T
T

u� � � �
�

�

�

�
�

�

�

�
� �

�
�

�
�

�

�
� �

� 0
406 580

8 314 298 725 37 10
,

. .  

It indicates that the equilibrium constant KP for hydrogen dis-
sociation reaction at 298 K is quite small as compared to the 
equilibrium constant KP at 3000 K. Hence, equilibrium compo-
sitions will be negligibly small at 298 K as compared to that of 
the 3000 K case.

2.4.5.1  Evaluation of Equilibrium Composition 
of Simultaneous Reactions

In practical systems, reactive mixture involving more than one reaction 
is routinely encountered. For example, 5 mol of hydrogen is reacted with 
2 mol of oxygen at 2500 K and 1.8 MPa. We know that when chemical 
equilibrium is reached, certain species will be formed. We need to guess 
possible species at equilibrium. Let us identify possible species, namely, 
H2 , H , O , O2 , OH , H2O at equilibrium. �en, the following reaction can 
be expressed as

 5H2 + 2O2 �  aH2 + bH + cO2 + dO + eOH + fH2O (2.56)

In order to determine the �nal equilibrium composition, we can invoke 
(1) equilibrium constant and (2) conservation of elements of the reactants. 
For this purpose, we can identify the possible elementary reaction steps, 
as follows:

 
H H H

H
2

0

2
2

� �K
X P
X

p

 
(2.57)

 
O O O

O
2

2 0

2
2

2

� �K
X P
X

P

 
(2.58)

 
H O OH OH

O H

� � �K
X

X X P
P3 0

 
(2.59)

 
H O H O H O

H O
2 2 4 0

2

2

� � �K
X

X X P  
(2.60)



46   �    Fundamentals of Rocket Propulsion

It can be noted that the same components, for example, O, H, and H2 are 
involved in four reactions. Each species would not take part to the same 
extent in each reaction. In other words, it is very much needed to apply the 
equilibrium criterion to all equations in the present example. In general, the 
equilibrium criterion must be applied to all possible reactions along with con-
servation of mass for each chemical species. As a result, a system of simulta-
neous equation are formed that must be determined to evaluate the chemical 
composition. Of course, the chemical equilibrium criterion (dG)T,P = 0 must 
be satis�ed for each and every reaction involved in the reacting system. We 
can now strike an element conservation balance for each element, as follows:

 5H2 + 2O2 �  aH2 + bH + cO2 + dO + eOH + fH2O (2.61)

 H :  2nH2 + nH + nOH + 2nH2O = NH (2.62)

 O :  2nO2 + nO + nOH + nH2O = NO (2.63)

Note that the total numbers of elements for H and O in Equation 2.61 are 
equal to 10 and 4, respectively (NH = 10; NO = 4). By dividing Equation 2.62 
by the total number of moles, we can have
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Similarly, from Equation 2.63 we can get
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(2.65)

Divide Equation 2.64 by Equation 2.65 and we can have
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(2.66)

We need to get another equation as six equations are required to �nd out 
solutions for six unknown variables. For this let us invoke one more con-
servation equation, as follows:

 � � � � � � � �X X X X X X Xi 1 1
2 2 2

, then H H OH H O O O  (2.67)

�u s, we have a well-constituted set of six simultaneous equations to get equi-
librium composition. But the solution is not straightforward, as Kp involves 
nonlinearly. �us, an iterative technique like the Newton–Raphson method 
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can be used to solve the equation to arrive at equilibrium composition. 
Besides this, one needs to know the adiabatic �ame temperature. �e follow-
ing procedure is to be adopted for estimating the adiabatic �ame temperature.

Given data: P, Tin, initial mixture ratio

Step 1: Assume a value of Tad
�

Step 2: Compute equilibrium composition at P Tad, �

Step 3: Estimate � H n h nhR

i p

i f i

i R

i f� �
� �
� �,

0 0

Step 4: Estimate new temperature Tad

Step 5: If 
T T T T

T T T T

ad ad ad ad

ad ad ad

� � � � � � �
� � � � �

�

� �

�

�

�error stop/end

error aad ad aT T� �� � � �� Go to step 2

where � is the under relaxation parameter.
For a reacting mixture involving more number of species and relations, 

the number of simultaneous equations to be solved is quite large. �en, 
one has to go for iterative numerical method using a computer. Nowadays, 
several powerful numerical techniques are being developed for estimat-
ing chemical equilibrium composition. Among these programs, the com-
puter code developed by NASA-SP-273 is noteworthy, which is based on 
the minimization principles of Gibbs function. As mentioned earlier, itera-
tive techniques like Newton–Raphson method can be used to solve the 
equations to arrive at equilibrium composition. Besides this, one needs 
to know the adiabatic �ame temperature. Note that both adiabatic �ame 
temperature and equilibrium composition of any fuel–oxidizer system can 
be determined simultaneously by the following iterative calculation proce-
dure. For more details, readers can refer books on combustion [6].

2.5  BASIC PRINCIPLES OF GAS DYNAMICS
In the analysis of rocket engine we will be dealing with the gas dynamics 
aspect of the �ow �eld. Gas dynamics is a highly developed subject and 
cannot be covered in this chapter. �e main objective of this section is 
to review certain aspects of gas dynamics that can be used for analyzing 
various components of rocket engine. Interested readers can refer to the 
standard textbooks [4–6] for an exhaustive treatment.
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2.5.1  Conservation Equations

Let us recall that the gas dynamics is governed by the equations of conti-
nuity, momentum, and energy, along with the equation of state. In case of 
rocket engine, the gas �ow can be safely assumed to be perfect in nature. In 
this section, we will derive the conservation equations of �ow for a calori-
cally perfect gas.

2.5.2  Steady Quasi-One-Dimensional Flow

�e �ow across various components of rocket engine is inherently three-
dimensional and unsteady in nature. However, it is quite di�cult to handle 
three-dimensional characteristics of �uid �ow for the �ow analysis of rocket 
engine. Hence, we need to simplify the actual problems with certain assump-
tions so that it can be handled easily. One can assume the �ow in various 
components of rocket engine to be a quasi-one-dimensional steady �ow. 
For example, �ow in nozzle can be assumed to be quasi-one-dimensional 
steady �ow as it is basically a varying area duct that changes in a gradual 
manner, as shown in Figure 2.3, along its length. If this rate of increase of 
area for subsonic �ow is quite small, then we can assume �ow properties 
to be function of x-direction only which remain uniform across any given 
stream tube. Such kind of �ow is known as quasi-one-dimensional �ow. 
We can apply the equations of mass, momentum, and energy, along with 
the equation of state for perfect gas to a quasi-one-dimensional di�erential 
CV, as shown in Figure 2.3, with the following assumptions:

 • Steady quasi-one-dimensional �ow

 • Inviscid �ow

 • No body forces

 • Ideal gas with constant thermophysical properties

x

P

V

A

�x

P� dP

� � d�

V � dV

� w

A � dA

�

FIGURE 2.3 Control volume for one-dimensional steady �ow.
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�e integral form of mass conservation equation for steady �ow in CV is 
given by

 
� V n dA�� � ��� 0

 
(2.68)

For steady one-dimensional �ow in the CV, as shown in Figure 2.3, preced-
ing Equation 2.68 becomes to

 

d dA
A

dV
V

�
�

� � � 0
 

(2.69)

Similarly, the integral form of momentum equation for steady 
one-dimensional �ow in CV can be expressed as

 
� V V n dA Fx�� � � ���  

(2.70)

where �F x is the sum of forces due to pressure, body force, wall shear, and 
so on. From this equation, the di�erential form of momentum equation for 
quasi-one-dimensional �ow can be derived as follows:

 
�

� �V
dV
dx

dP
dx

C
dA

� � ��

�
�

�

�
�
 

(2.71)

where
� �  is the wall shear stress
C is the duct circumference

In the same way, the integral form of the energy equation can be deduced 
for the present case:

 dh VdV dq dw� � �  (2.72)

where q and w are the heat and work transfer per unit mass. Assuming the 
gas to be perfect, the equation of state (Equation 2.73) will be

 P RT� �  (2.73)

Generally, these equations cannot be solved easily. However, the closed 
form solution to these equations can be obtained for some special cases. 
We discuss isentropic �ow through varying area duct in the following.
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2.5.3  Isentropic Flow through Variable Area Duct

�e isentropic �ow through a variable area duct is analyzed in this subsec-
tion. By using momentum equation (Equation 2.71), we can derive expres-
sion for quasi-one-dimensional steady �ow as follows:

 � VdV dP� � 0 (2.74)

Combining continuity (Equation 2.69) and momentum equations 
(Equation 2.74), we can get

 
dP V

dP
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dA
A

� � �
�
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�
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�
� ��

�
2

2
0
 

(2.75)

As per the de�nition of speed of sound, we know that

 
d

dP
a

� �
2  

(2.76)

By rearranging Equation 2.75, we can have

 
dP M V

dA
A

1 2 2�� � � �
 

(2.77)

where M is the Mach number. Note that Equation 2.77 describes the e�ect 
of the Mach number on compressible �ow through a duct of varying cross 
sections. For subsonic �ow (M < 1), the term in the le� side of Equation 
2.77, (1 � M2), is positive. Hence, the pressure increases with cross-sectional 
area (dA = +ve). We can also derive an expression relating area with veloc-
ity using the momentum equation (Equation 2.74), as follows:

 
dA
A

M
dV
V

� �� �2 1
 

(2.78)

�is i s known as the area–velocity relation. �is important relation is quite 
helpful to understand various regimes of �ow. For subsonic �ow (0 < M < 1), 
the velocity decreases in divergent duct and increases in convergent duct. 
For supersonic �ow (M > 1), the velocity increases in divergent duct and 
decreases in convergent duct, which happens to be opposite to that of the 
subsonic �ow. For sonic �ow (M = 1), Equation 2.78 indicates that change 
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in area becomes zero (dA = 0). In order to accelerate the �ow to high sub-
sonic speed from sonic condition, one has to use a convergent duct, as 
shown in Figure 2.4. Note that convergent–divergent duct is also known 
as de Laval nozzle, which is used extensively in rocket engine. Note that 
this de Laval nozzle was designed, and developed for the �rst time, by the 
Swedish engineer Carl G.P. de Laval for a single-stage steam engine used in 
marine applications. �e minimum area of this nozzle is known as throat.

2.5.4  Mass Flow Parameter

In the last section, we discussed brie�y the expansion process in a CD 
nozzle. We will now discuss the mass �ow parameter, which will be use-
ful for designing various components of rocket engine. Besides this, we 
will derive a relation between ratio of duct area to the sonic throat area 
and Mach number, which will be useful for designing a CD nozzle. For 
this purpose, let us consider a varying area duct as shown in Figure 2.4. 
Considering isentropic quasi-steady one-dimensional �ow, we can invoke 
the continuity equation as follows:

 �m VA V A� � �� � * * * Constant (2.79)

where �, V, and A are density, velocity, and area, respectively. Note that 
asterisk mark, (*) corresponds to sonic �ow condition. �en, by using 
Equation 2.79, we can derive an expression for mass �ux, as follows:
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(2.80)
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Reservoir de Laval Nozzle

FIGURE 2.4 Schematic of de Laval nozzle.
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By simplifying Equation 2.80 and expressing density in terms of pressure 
and temperature, we can have

 

MPR
m T
AP R

M
M

f Mt

t

� �
�

�

�

�

�
�
��

�

�

�
�
��

� � �

�
�� �

� �
�

�
�

1

1
1

2
2

1
2 1

 

(2.81)

Note that �m T APt t/  is known as mass �ow parameter (MFP), which is 
unique function of Mach number and speci�c heat ratio � for calorically 
perfect gas. �e variation of mass �ow parameter with Mach number for 
air is plotted in Figure 2.5. It can be observed that maximum MFP occurs 
at sonic condition for given stagnation condition, which is expressed as
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(2.82)

Dividing Equation 2.82 by Equation 2.81, we can get
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(2.83)
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FIGURE 2.5 Variation of mass �ow parameter (MFP) with Mach number.
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�is is known as the Area–Mach number relation. It can be noted that 
the Mach number at any location of the duct is a function of ratio of local 
cross-sectional area to sonic throat area and speci�c heat ratio � . Note that 
for a particular area ratio (A/A* > 1), two values of Mach number, namely, 
(1) subsonic and (2) supersonic values can be obtained from Equation 
2.83, depending on the pressure ratio between the inlet and exit of the 
duct. �e variation of A /A* is plotted in Figure 2.6 with Mach number 
for air (�  = 1.4). It can be observed that for subsonic �ow, A/A* decreases 
with increase in Mach number, indicating that the duct is convergent. 
Note that at M = 1, A/A* attains unity value, indicating it to be a throat. 
On the other hand, for supersonic �ow, A/A* increases with Mach num-
ber, indicating the duct to have a divergent section. By knowing the local 
Mach number, one can determine the variation of pressure ratio P/Pt and 
temperature ratio T/Tt, as shown in Figure 2.6.

Example 2.5

A CD nozzle is to be designed for exit Mach number of 3.5. �e com-
bustion products with � = 1.25 are entering from combustion cham-
ber at pressure 12 MPa and temperature 2500 K. If the exit diameter 
of nozzle is 1.45 mm, determine (1) throat and exit area ratio and (2) 
maximum mass �ow rate.
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FIGURE 2.6 Variation area ratio A/A*, temperature ratio T/Tt, and pressure ratio 
P/Pt with Mach number for air (� = 1.4 and 1.3).
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We can estimate area throat and exit area ratio as follows:
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�e exi t area of nozzle is estimated as
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We can estimate maximum mass �ow rate through the nozzle as 
follows:
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2.5.5  Normal Shocks

A rocket engine does experience shock and expansion waves during its 
�ight as it �ies at supersonic speed. Recall that the shock wave is a com-
pression wave caused by supersonic motion of body in the medium. It 
can occur either in internal or external supersonic �ow �eld. �e proper 
understanding of shock behavior is very important in designing various 
components of rocket engine. Hence, the next section is devoted to analyz-
ing the �ow containing normal shock. Before analyzing the normal shocks, 
it is essential to get a clear physical picture of the shock itself. Note that the 
thickness of the shock is very thin, around 0.3 �m. We know that the �nite 
changes in �uid properties such as temperature, pressure, and velocity lead 
to large gradients across the small distance of the shock, making the pro-
cess to internally irreversible. Hence, we are interested in this analysis to 
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predict the changes that occur across the shock rather than its detailed 
structure. Let us apply the basic governing equations to the thin control 
volume containing a normal shock, as shown in Figure 2.7. �e following 
assumptions are made for this analysis:

 1. Steady �ow

 2. Uniform �ow at each section

 3. A1 = A2 = A (as the shock is quite thin)

 4. Negligible friction at channel wall as the shock is quite thin

 5. Negligible gravity force

 6. Adiabatic reversible �ow

 7. Ideal gas with constant thermodynamic properties

By mass conservation between station (1) and (2), we can have

 � �1 1 2 2V V�  (2.84)

Similarly by invoking momentum conservation between station (1) 
and (2), we can have

 P V P V1 1 1
2

2 2 2
2� � �� �  (2.85)

By energy conservation between stations (1) and (2), we can have
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FIGURE 2.7  Schematic of CV for analysis of normal shock.
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Note that the total energy of the �ow remains constant as there is no energy 
addition. For an ideal gas, the equation of state is given by

 P RT� �  (2.87)

Let us �rst obtain property ratios in terms of M1 and M2. �e temperature 
ratio can be expressed as
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(2.88)

For calori�cally perfect gas, the total enthalpy equation becomes

 h h T Tt t t t1 2 1 2� � � � �for an ideal gas  (2.89)

Note that the stagnation temperature remains constant across the shock. 
�en static temperature ratio can be expressed in terms of Mach num-
ber using isentropic relationship between total and static temperature, 
as follows:
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(2.90)

We can �nd a relationship for velocity ratio, as
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From Equations 2.90 and 2.91, we have
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From the continuity equation, a relationship between the density ratios can 
be obtained, as follows:
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(2.93)

Similarly, from the momentum equation, we can obtain a relationship 
between pressure ratio, as follows:
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As V 2 = �RTM 2, we can have
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Now we will have to �nd a relationship between M1 and M2. For this, let us 
use equation of state and express the temperature ratio as
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Using Equation 2.96 and the expression for static temperature ratio, we get
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(2.97)

Squaring this equation, we can get
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By solving this equation, two solutions can be obtained as follows:

 M M2 1� ( )trivial solution  (2.99)
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�is r esult can be plotted in Figure 2.8 for � = 1.25. It indicates that for 
supersonic �ow at inlet (M1 > 1), the Mach number M2 at downstream of 
shock will be subsonic (M < 1) and a compression shock will be produced. 
But, when inlet �ow is subsonic (M1 < 1), then an expansion wave will be 
formed (M1 > 1).

We can �nd the relationship between stagnation pressure across the 
shock wave, as given in the following:
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Combining Equations 2.89 and 2.94, we can express static pressure ratio in 
terms of inlet Mach number, M1:
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By simplifying this equation, we can get density and temperature ratio as 
given in the following:
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Similarly, we can get expression for
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By using Equations 2.103 and 2.104, we can derive an expression for T2/T1 as
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�e en tropy across the shock can be determined as
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�e p receding expression indicates that entropy change across the nor-
mal shock wave is only a function of M1 and �. It can be noted that when 
�ow is supersonic (M1 > 1), then change in entropy across the normal 
shock (s2 � s1) becomes positive. But if the �ow is subsonic, then change in 
entropy across the normal shock (s2 � s1) becomes negative, which violates 
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the second law of thermodynamics. Hence, it is not possible to acceler-
ate the �ow across a shock wave. �at means the shock can appear only 
when the �ow is supersonic. �e property ratios Pt2/Pt1, T2/T1, P2/P1, and 
V2/V1 are provided in table (Appendix B: Table B3-4) in terms of M1 for a 
�ow of an ideal gas through a normal shock (� = 1.4 and 1.33), which can 
be used easily for solving the problem.

2.5.6  Oblique Shocks

We know that the normal shock wave is more likely to occur in one-dimen-
sional �ow, in which a compression wave can occur normal to the �ow 
direction. However, in actual nozzle �ow in rocket engine, the supersonic 
�ow is two-/three-dimensional, and a compression wave is likely to occur 
inclined at an angle to the �ow, which is known as oblique shock. �is is a 
special case of an oblique shock wave that occurs in supersonic �ow.

When the �ow is passed through a wedge and de�ected through an 
angle � , an oblique shock wave is formed having a wave angle � with respect 
to upstream velocity V1, as shown in Figure 2.9. �e velocity behind the 
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FIGURE 2.9 CV for an oblique shock wave.



Aerothermochemistry of Rocket Engines   �    61

shock wave is V2, which is parallel to the wedge surface with an angle �. 
Let us consider a CV as indicated by the dashed lines in Figure 2.9. �e upper 
and lower sides of this CV coincide with the �ow stream lines to the le�-, 
and right-hand sides are parallel to the oblique shock. Note that the veloc-
ity component perpendicular and parallel to the shock wave are Vn and Vt, 
respectively, as shown in Figure 2.9. We will apply the conservation equa-
tions to this oblique shock wave. By integrating the mass conservation equa-
tion across the CV between stations (1) and (2), we can have

 � � � �1 1 1 2 2 2 1 1 2 2 1 2V A V A V V A An n n n� � � �for  (2.107)

Let us �rst apply momentum equation in normal and tangential directions. 
Invoking momentum balance along tangential direction, we can have

 � �� � � � �� V dA V PdA (2.108)

For CV shown in Figure 2.9, this equation becomes
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�e t angential component of momentum equation would be

 � � �� �1 1 1 2 2 2 0V V V Vn t n t  (2.110)

Note that tangential component of PdA is zero as the momentum due to 
pressure component on “b” and “c” cancels that of on faces “f” and “e,” 
respectively. By using the preceding equation and continuity equation, 
we can have

 V Vt t1 2�  (2.111)

Note that the tangential velocity component remains constant across an 
oblique shock. Hence, an oblique shock can be easily considered as a normal 
shock relative to the coordinate system moving with velocity V1t. Hence, 
the normal shock relations in terms of normal component of upstream 
Mach number M1n can be applied easily for this analysis. However, the nor-
mal Mach number is given by

 M Mn1 1� sin�  (2.112)
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By determining the angle between wedge centerline and shock �, the prop-
erties’ ratios across oblique shock waves are obtained easily by using the 
following normal shock relationships:
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�e M ach number at the downstream of the shock can be easily evaluated 
by using geometry, shown in Figure 2.9, as
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Note that to �nd out M2, the �ow de�ection angle � has to be evaluated. 
However, the �ow de�ection angle � is uniquely related to M1 and �. �e 
relation between �, �, and M1 can be derived by considering the velocity 
triangle, shown in Figure 2.9, as follows:
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By using these two equations and noting that V1t = V2t, we can have
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But from the continuity, we know that

 

V
V

n

n

2

1

1

2

�
�
�  

(2.121)

Now, by using Equations 2.117, 2.114, and 2.119 and simplifying it further, 
these equations can be expressed in terms of inlet Mach number as
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Note that this is an explicit relation for � in terms of M1 and � that is o�en 
termed as the �–�–M relation, which is very important for the analysis of 
oblique shock. �e variations of � with � for a wide range of Mach  numbers 
are plotted in Figure 2.10. Note that for a given upstream Mach  number�M1, 
the de�ection angle has a maximum value, beyond which (� > �max) no 
solution exists for a straight shock wave. Beyond this condition, the shock 
gets detached and curved. On the other hand, for a given upstream Mach 
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FIGURE 2.10 �–�–M diagram for air (� = 1.4) for an oblique shock wave.
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number M, if the de�ection angle is less than �max (� < � max), two values of 
� can be obtained from the �–�–M relation (see Figure 2.10). For example, 
for given � = 20°, M1 = 3.0, � can either be 37.76° (weak solution) or 82.15° 
(strong solution). Note that the strong shocks do not occur very o�en 
except for special situations, where the back pressure is increased by some 
independent mechanisms. When the de�ection angle becomes zero, then 
oblique shock becomes a normal shock wave. Note that for a particular 
de�ection angle �, the wave angle � increases for the weak solution with a 
decrease in free stream Mach number from high to low supersonic value.

Example 2.6

Air with M1 = 2.5, P1 = 85 kPa, and T1 = 228 K approaches a wedge 
with an included angle of 30°. Determine (1) shock angle �; (2) exit 
Mach number M2.

Solution

From �–�–M (Figure 2.10), � = 15°, we can get shock angle � = 37°. 
�en we can estimate the normal component of inlet Mach number as

 M Mn1 1 2 5 37 1 37� � �sin� �. sin .  

From normal shock (Table B.2) for M1n = 1.37, we can get
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Hence, we can easily evaluate properties’ ratio across oblique shock 
wave as follows:
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It is interesting to note that the Mach number at the downstream 
of oblique shock is less than inlet Mach number M1, but remains in 
supersonic �ow regime.
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REVIEW QUESTIONS

 1. What do you mean by calorically perfect gas? Explain it invoking 
kinetic theory of gas. Can it be employed for the analysis of compo-
nents of rocket engine?

 2. Draw the variation of speci�c heats of monatomic, diatomic, and tri-
atomic species with temperature and explain the di�erence among 
the three types of species.

 3. Derive an expression of the �rst law of thermodynamics for a control 
volume system by stating the assumptions.

 4. Why is the second law of thermodynamics important for the analysis 
of various components of rocket engine?

 5. What do you mean by equivalence ratio? Why is it used very o�en 
while dealing with gas turbine engine?

 6. What do you mean by adiabatic �ame temperature? How can it be 
estimated? Explain it by an example.

 7. Draw the variation of adiabatic �ame temperature with equivalence 
ratio for C2H5OH–air mixture at ambient temperature and pressure.

 8. How does the adiabatic �ame temperature vary with an increase 
in initial temperature? Why is it so? Explain it by providing proper 
argument.

 9. Enumerate the procedure to estimate adiabatic �ame temperature 
under a constant volume condition.

 10. What do you mean by incompressible �ow? How does it di�er from 
compressible �ow?

 11. Explain why it is desirable to locate normal shock at the throat of the 
CD nozzle.

 12. What is the di�erence between compression and expansion wave in a 
compressible �ow?

 13. Under what circumstances does a compression wave change into a 
shock wave?

 14. What do you mean by shock strength? Explain it physically.

 15. What are the di�erences between normal and oblique shock?
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PROBLEMS

2.1 �e combustion products with speci�c heat ratio of 1.25 from a 
rocket engine at T1 = 3200 K and P1 = 2.5 MPa enter into a nozzle. 
Assuming the �ow is isentropic, estimate density and temperature at 
a point when pressure attains 0.02 MPa.

2.2 �e co mbustion product (Cp = 1.145 kJ/kg K, and MW = 25) is 
expanded from initial state (P1 = 3.5 MPa, T1 = 3050 K) to �nal state 
(P2 = 0.1 MPa, T2 = 1300 K). Determine the speci�c enthalpy change 
between these two states. Assuming ideal gas behavior, evaluate and 
show that entropy change between two given states is same for both 
isochoric and isobaric processes.

2.3 �e compositions of natural gas at 0.1 MPa are CH4 = 95.5%, 
C2H6 = 1.2%, C3H8 = 1.5%, CO2 = 1.8%. If this gas enters into stor-
age tank at 400 K, �nd out the mass fraction of each component, the 
absolute enthalpy of the mixture in both a mole (kJ/kmol) and a mass 
basis (kJ/kg).

2.4 �e n atural gas from Mahanadi �eld is used in a combustor that 
operates with an oxygen concentration of 5% in the �ue gas. If the 
composition of this natural gas is H2 = 2%, CH4 = 95%, CO = 1.9%, 
N2 = 1.1%, determine the operating air–fuel ratio and the equivalence 
ratio.

2.5 Ethyl alcohol is burnt with oxygen in a combustion. �e volumet-
ric analysis of products on dry basis is CO2 = 15.5%, O2 = 6.76%, 
CO = 0.93%. Determine (1) A/F ratio, (2) equivalence ratio, and 
(3)�percentage of stoichiometric air used.

2.6 If 1.5 kg of hydrogen is burnt with certain amount of oxygen leading 
to complete combustion in a burner, determine the amount of heat 
released and change in mass due to the heat release during this com-
bustion process.

2.7 In a burner, propane gas is burnt with oxygen with stoi-
chiometric proportion. Estimate the adiabatic tempera-
ture at 1� atm� when the initial reactant is at 298 K. Take 
Cp, .CO kJ/kmol K

2
56 21� , Cp, .H O= kJ/kmolK

2
43 87 . If the reactant 

temperature becomes 1000 K, determine its adiabatic temperature 
and comment on it while comparing with previous value.
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2.8 Determine the adiabatic �ame temperature of the stoichiometric iso-
butane–oxygen mixture at 298 K, 0.1 MPa, assuming no dissociation 
of the products, for the following two cases: (1) evaluating CP of each 
species at 298 K, and (2) evaluating CP of each species at 2000 K.

2.9 In a vessel, the equilibrium reaction O2 � 2O occurs. Estimate 
the mole fraction of O2 and O for (1) T = 2300 K, P = 0.1, and (2) 
T = 3000 K, P = 10 MPa. Assume that there is no dissociation during 
this reaction.

2.10 In a vessel, 3 mol of hydrogen and 2 mol of oxygen are allowed to 
react at T = 1800 K and P = 10 MPa. Determine equilibrium compo-
sition assuming their action to be H2 + 0.5 O2 �2 H 2O. If the pressure 
is reduced by 10 times from 10 to 0.1 MPa, what will be its equilib-
rium composition. Comment on your results. You may have to use 
trial-and-error method for solving this problem. Please indicate all 
steps of this method.

2.11 Hydrogen gas tank at pressure of 100 MPa and temperature 300 K 
has a hole of 1 mm. Determine the velocity and the mass �ow rate of 
hydrogen through this tiny hole.

2.12 �e com bustion products from thrust chamber of rocket engine at 
4.5 MPa and 3100 K is expanded through a CD nozzle. If the back 
pressure is maintained at 50 kPa, determine (1) Ae/Ath, (2) Ve. Take, 
� = 1.33.

2.13 A spacecra� moving through the atmosphere (288 K) with velocity 
of 1000 m/s has a detached bow shock formed ahead of it. Determine 
the pressure ratio across the bow shock, assuming the central portion 
of this bow shock to be a normal shock � = 1.33.

2.14 A spacecra� moving through the atmosphere (288 K) with velocity 
of 1020 m/s has an attached oblique shock with a full wedge angle of 
30°. Determine the static pressure ratio, temperature, and total pres-
sure ratio across the oblique shock.
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Elements of Rocket 
Propulsion

It all looked so easy when you did it on paper—where valves never 
froze, gyros never dri�ed, and rocket motors did not blow up in 
your face.

MILTON W. ROSEN, ROCKET ENGINEER

3.1  INTRODUCTION
We learnt in Chapter 1 that both air-breathing and non-air-breathing 
(rocket) engines work on the principle of jet propulsion, but the air-
breathing engine is di�erent from the rocket engine in the sense that 
it carries both fuel and oxidizer during its �ight. As a result, it can �y 
beyond the earth’s atmosphere even to the deep-space region. In order to 
understand the basic principles of rocket propulsion, the fundamentals of 
thermodynamics, chemistry, and gas dynamics are reviewed in Chapter 2. 
In this chapter, the elements of rocket propulsion are discussed in detail. 
As the processes involved in rocket engine are quite complex, certain 
assumptions are made for an ideal engine. Subsequently, thrust equation 
for rocket engine is derived. �e performance parameters, namely, spe-
ci�c impulse, impulse to weight ratio, speci�c propellant �ow rate, mass 
�ow coe�cient, thrust coe�cient, characteristic velocity, and propulsive 
e�ciencies are de�ned and discussed, which are useful in characterizing 
rocket engines.

C H A P T E R  3
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3.2  IDEAL ROCKET ENGINE
We know that the processes involved during the operations of the chemical 
rocket engine are quite complex in nature. �e �ow is inherently three-
dimensional in nature. Besides, �ow is likely to be unsteady and highly 
turbulent, but the �uctuations in propellant supply line may vary from 1% 
to 4% of average value. Of course, if combustion instability occurs in the 
combustion chamber, there might be higher levels of �uctuation in the 
rocket engine. Generally, the combustion instability should be avoided at 
any cost as it may lead to failure of the entire rocket engine system itself. 
As a large amount of heat is released during the combustion of solid/ liquid 
at a very fast rate, heat transfer does take place through the walls of the 
combustion chamber and nozzle. �e total loss of heat from a typical 
rocket engine varies only between 1% and 2%. As solid/liquid propellants 
are used in the chemical rocket engine, it is more likely that two-/three-
phase �ow can occur in the combustion chamber and nozzle itself. Besides, 
shock and expansion waves are likely to occur during expansion of gas in 
the exhaust nozzle. �ere will be interactions between shock/expansion 
wave and boundary layers during its operation. Hence, it can be concluded 
that it is quite complex to deal with such a complex �ow conditions in the 
rocket engine. In order to make these complex problems tractable, certain 
simplifying assumptions can be made for obtaining a general understand-
ing of the main features in the chemical rocket engine. Although the the-
ory developed under the following assumptions for the ideal rocket engine 
may not depict the complex features in an actual chemical rocket engine, it 
is good enough to arrive at certain solutions that can handle the majority of 
chemical rocket engine systems. �is is because the di�erence between the 
performance parameters obtained by the idealized model and actual mea-
surements lies only between 1% and 5%. In this idealized model, rocket 
�ow is essentially considered as steady quasi-one-dimensional and isentro-
pic in nature with the following assumptions [1,2]:

 1. Steady one-dimensional inviscid �ow.

 2. Details of combustion are ignored.

 3. �e wo rking �uid is homogeneous in nature. �e amount of mass 
due to condensed phase (solid/liquid) is negligible as compared to 
gaseous �uid.

 4. Ideal gas law with constant speci�c heat can be applied.
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 5. No heat transfer from the rocket engine.

 6. Flow is isentropic except across the shock.

 7. Uniform chamber conditions at the nozzle entrance; �ow properties, 
namely, pressure, temperature, and density remain constant.

 8. Velocity at the nozzle entrance is negligibly small as compared to its 
exit.

 9. Gas composition across the nozzle remains constant. Frozen �ow in 
the nozzle.

 10. Gas leaves nozzle exit along axial direction only.

�ese simplifying assumptions are quite useful in deriving simpli�ed per-
formance parameters that are helpful in characterizing the chemical rocket 
engine. Subsequently, we will discuss the correction factors by which this 
idealized model can be improved further.

3.3  THRUST EQUATION OF ROCKET ENGINES
An expression for the thrust developed by a rocket engine under static 
condition can be obtained by applying the momentum equation. For this, 
let us consider a control volume (CV), as shown in Figure 3.1. �e pro-
pulsive thrust “F” acts in a direction opposite to Ve. �e reaction to the 
thrust “F” on the CV is opposite to it. �e momentum equation for such 
CV is given by [4]

 

d
dt
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FIGURE 3.1 Control volume of rocket engine.
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As the �ow is steady in nature, we can neglect the unsteady term in 
Equation 3.1:

 

d
dt

V dV
cv

x� �� 0

 

Let us now evaluate the momentum �ux term and sum of forces acting on 
CV of Equation 3.1, as given in the following:

 cs
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(3.2)
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(3.3)

where
F is the thrust
Vx is the velocity component in x-direction
Ve is the velocity component at exit of nozzle
�m is the mass �ow rate of propellant
Pe is the pressure at exit plane of nozzle
Pa is the ambient pressure

By combining Equations 3.3, 3.2 and 3.1 for steady �ow, we can have,

 F mV P P Ae e a e� � �� ��  (3.4)

where the �rst and second terms represent the momentum contribution 
and pressure components of thrust, respectively.

3.3.1  Effective Exhaust Velocity

We know that velocity pro�le at the exit of nozzle need not be one-
dimensional in nature in the practical situation. It is quite cumbersome 
to determine the velocity pro�le at the exit of a rocket nozzle. In order 
to tackle this problem, we can de�ne e�ective exhaust velocity by using 
Equation 3.4 as given below:
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(3.5)

where Veq is the e�ective exhaust velocity that would be produced equiva-
lent thrust which could have produced due to both momentum and pres-
sure components of thrust. Note that when the exit pressure is same as that 
of the ambient pressure, the e�ective exhaust velocity Veq becomes equal to 
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nozzle exit velocity Ve. Otherwise, the e�ective exhaust velocity Veq is less 
than the nozzle exit velocity Ve. Note that the second term in Equation 3.5 
is smaller than the nozzle exit velocity Ve. Hence, the e�ective exhaust 
velocity Veq is quite close to the nozzle exit velocity Ve. Note that the e�ec-
tive exhaust velocity Veq is o�en used to compare the e�ectiveness of dif-
ferent propellants in producing thrust in rocket engine. It can be applied 
to all mass expulsion systems that undergo expansion through a nozzle. It 
can be evaluated experimentally by measuring the thrust and total propel-
lant �ow rate. Keep in mind that it can be easily related to speci�c impulse 
and characteristic velocity, which will be discussed in a subsequent section. 
In recent times, some groups are advocating the use of e�ective exhaust 
velocity Veq in place of speci�c impulse for the purpose of comparison.

3.3.2  Maximum Thrust

We need to evaluate the condition under which maximum thrust can be 
achieved for a given chamber pressure and mass �ow rate with a �xed 
throat area of nozzle. We can obtain this condition by di�erentiating the 
thrust expression, Equation 3.4, given in the following:

 dF mdV P P dA A dPe e a e e e� � �� � ��  (3.6)

Note that mass �ow rate remains constant (�m). By invoking momentum 
equation for one-dimensional steady inviscid �ow, we can have

 �mdV A dPe e e� �  (3.7)

By clubbing Equations 3.6 and 3.7, we can get

 dF P P dAe a e� �� �  (3.8)

�e con dition Pe = Pa is called optimum expansion because it corresponds 
to maximum thrust for the given chamber conditions. �e maximum 
thrust can be obtained only when the nozzle exhaust pressure is equal to 
the ambient pressure (Pe = Pa), as given in the following:
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(3.9)

�en, thr ust expression for maximum thrust can be expressed as

 F mVe� �  (3.10)
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�is condition provides a maximum thrust for a given chamber pressure 
and propellant mass �ow rate. �e rocket nozzle in which this condition is 
achieved is known as optimum expansion ratio nozzle.

3.3.3  Variation of Thrust with Altitude

We can also note from Equation 3.4 that the thrust of a rocket engine is 
independent of the �ight velocity, unlike the gas turbine engine. However, 
the thrust varies with altitude particularly while operating within the earth’s 
atmosphere, as there will be changes of ambient atmospheric pressure with 
altitude. When the rocket propels, the thrust increases with increase in alti-
tude because the atmospheric pressure decreases with increase in altitude. 
It can be noted that around 10%–30% of overall thrust changes may occur 
due to change in altitude. Let us see the variation of the thrust and the 
speci�c impulse Isp with altitude, shown in Figure 3.2, for a typical rocket 
engine. It can be observed that the thrust and speci�c impulse increase 
with altitude to respective asymptotic value at high altitude, indicating that 
thrust remains invariant beyond the earth’s atmosphere envelope.

3.3.4  Effect of Divergence Angle on Thrust

Recall that we have derived the thrust expression (Equation 3.4) assuming 
the exhaust velocity at nozzle exit to be parallel to its axis. It would not 
be true particularly for conical nozzle as divergence angle in the range of 
10°–20° [3,4] is used in rocket nozzle. In order to determine the e�ects 
of divergence angle on the ideal thrust, we can consider �ow in diver-
gent portion of nozzle as shown in Figure 3.3, in which all streamlines 

Thrust

Specific impulseT=10
5 k

N

T = 128 kN

Isp= 310 s

Isp= 275 s

Altitude (km)

FIGURE 3.2 Variation of thrust of a typical rocket engine with altitude.
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are considered to be straight that intersect at the point O, in the upstream 
region of nozzle exit. Note that mass �ow crosses only through the spheri-
cal exit segment of nozzle, as shown in Figure 3.3. �e cross-sectional area 
segment at nozzle exit can be evaluated as

 dA R Rd� 2� � �sin  (3.11)

�e ve locity at nozzle exit in the axial direction would be Ve cos �. By using 
Equations 3.1 and 3.10, we can have expression for thrust under steady-
state condition:
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By integrating this equation, we get
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where � d is the divergence correction factor whose values are closer to 
unity. For example, for nozzle divergence angle of 15°, �d happens to be 
around 0.983. Hence, for preliminary calculation of the rocket engine, the 
divergence correction factor can be taken to be unity.

Example 3.1

A booster rocket engine with nozzle exit diameter of 225 mm is 
designed to propel a satellite to altitude of 20 km. �e chamber 
pressure at 12 MPa is expanded to exit pressure and temperature of 

Ve

�

D/ �

�
�

� � Vx= Ve ���� �   

FIGURE 3.3 Schematic of divergent �ow in a conical nozzle.
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105�kPa and 1400 K, respectively. If the mass �ow rate happens to 
be 15 kg/s, determine the exit jet velocity, e�ective jet velocity, and 
thrust at Al = 20 km. MW = 25 kg/kmol.

Solution

At 20 km altitude, Pa = 5.53 kPa.
Assuming one-dimensional �ow at the exit of nozzle, and assum-

ing ideal gas law, we can evaluate exhaust velocity from mass �ow 
rate at exit as
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By using Equation 3.5, we can evaluate e�ective velocity as

 

V V
P P

m
Aeq e

e a
e� �

�� �

� �
�� � �

� �
�

�

1673 65
105 5 53 10

15
3 14

4
0 225

1

3
2

.
. .

.

6673 65 2635 1937 15. . .� � m/s  

Note that the equivalent velocity is almost the same as the exit veloc-
ity, indicating that thrust due to momentum will be predominant. We 
can evaluate total thrust as

 F mVeq� � �� 29057 25 29 06. . kN. 

3.4  ROCKET PERFORMANCE PARAMETERS
In order to characterize the performance of the rocket engine, several 
parameters are being used by engineers. Some of the important perfor-
mance parameters are speci�c impulse, propellant consumption, thrust 
coe�cient, and characteristic velocity. �e importance of volumetric spe-
ci�c impulse and impulse e�ciency is also de�ned and discussed. Besides 
these parameters, several e�ciencies, namely, propulsive, thermal, over-
all e�ciencies are being devised to characterize the performance of the 
rocket engine. All these parameters are de�ned and discussed in the fol-
lowing [1–4].
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3.4.1  Total Impulse and Speci�c Impulse

We know that the thrust force by the rocket engine imparts motion to the 
spacecra� due to momentum change caused by expansion of propellants in 
the exhaust nozzle. Impulse is imparted due to this change in momentum 
over a certain period of time. In other words, total impulse I, imparted to 
the vehicle during its acceleration can be obtained by integrating over the 
burning time tb:
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(3.14)

Note that we have obtained the equation by assuming Veq to be constant 
with time.

�e speci�c impulse is an important performance variable. �e speci�c 
impulse Isp can be de�ned as the impulse per unit weight of the propellant:
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where
I is the total impulse imparted to the vehicle during acceleration
mp is the total mass of expelled propellant
g is the acceleration due to gravity at earth’s surface

�e denominator m p g in Equation 3.15 represents the total e�ective propel-
lant weight, which is generally evaluated with gravitational acceleration at 
sea level. In SI units, the unit speci�c impulse Isp happens to be in seconds. 
�at does not mean that it indicates a measure of elapsed time. Rather, it 
represents the time during which the thrust delivered by the rocket engine 
is equal to the propellant weight. It also indicates how much impulse can 
be generated per unit weight of propellant. Note that speci�c impulse Isp 
represents the time average speci�c impulse over entire period of opera-
tion of the rocket engine. �e value of speci�c impulse Isp does vary during 
transient operations, namely, start, shutdown period.

�en,
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It must be noted that Isp does not depend on the �ight velocity. �e presence 
of g in the de�nition of Isp is arbitrary. But it makes the unit of Isp uniform in 
all common systems of units. Note that the speci�c impulse depends on both 
the type of propellant and the rocket engine con�guration. Besides this, the 
speci�c impulse Isp can be stated as the amount of impulse imparted to vehi-
cle per kilogram of e�ective propellant. Note that Isp can also be de�ned as 
thrust per unit weight �ow rate consumption of propellant. Hence, lower �mp 
implies higher Isp, which is desirable for chemical rockets. A higher speci�c 
impulse Isp is directly related to long �ight range, which indicates superior 
range capability of air-breathing engine over chemical rockets at relatively 
low speeds. Note that in liquid-propellant engine, propellant �ow rate and 
thrust can be measured easily and thus speci�c impulse Isp can be easily 
estimated experimentally. But in case of solid-propellant rocket engine, it 
is quite cumbersome to measure the propellant �ow rate accurately and 
hence speci�c impulse Isp can be determined from the total impulse and 
propellant weight using Equation 3.15. Typical values of speci�c impulse 
Isp for various types of rocket engines are given in Table 3.1. It can be noted 
that speci�c impulse Isp of solid-propellant rocket engine varies between 
200 and 300 s, while liquid-propellant rocket exhibits its value between 
300 and 400 s. �e values of Isp for hybrid rocket engine are higher than that 
of solid-propellant rocket engine. Of course, nonchemical rocket engines 
have higher values of Isp. But these engines have capability of producing 
very less thrust. �erefore, it is only preferred for deep-space applications.

3.4.2  Speci�c Impulse Ef�ciency

We have learnt that speci�c impulse can be determined from the experi-
mental data. It can also be determined from aerothermodynamical cal-
culation theoretically. Note that so�ware SP273 developed by NASA is 
routinely used for theoretical calculation of Isp. �e measured value of 

TABLE 3.1 Typical Values of Speci�c Impulse Isp 
for Various Kinds of Rocket Engines

Rocket Engines Isp (s)

Solid 200–310
Liquid 300–460
Hybrid 300–500
Solar 400–700
Nuclear 600–1000
Electrical (arc heating) 400–2000
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speci�c impulse Isp will be lower than the theoretical value as several kinds 
of losses, namely, friction, gas dynamic, incomplete combustion, and so 
on, can occur during actual operation of the rocket engine. In order to 
ascertain the extent of di�erence between theoretical and measured val-
ues of speci�c impulse Isp, we can de�ne speci�c impulse e�ciency, which 
is the ratio between measured speci�c impulse Isp and theoretical speci�c 
impulse Isp, as given in the following:

 
� I

sp

sptheory
sp

I

I
=

,  
(3.17)

where Isp,theory is the theoretical speci�c impulse. Note that speci�c impulse 
e�ciency, � Isp

 for well-designed rocket engine varies from 0.95 to 0.99, 
indicating that theoretical calculation can be used easily for design 
calculation.

3.4.3  Volumetric Speci�c Impulse

In order to ascertain the e�ect of engine size on the performance of rocket 
engine, it is important to consider volumetric speci�c impulse IV in place 
of speci�c impulse. Generally, it is de�ned as the total impulse per unit 
propellant volume, which can be expressed mathematically as
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where
Vp is the propellant volume
� p is the average density of propellant

It is desirable to have higher volumetric speci�c impulse as volume 
required for propellant storage in the spacecra� will be smaller. In other 
words, for propellant with particular density, higher volumetric speci�c 
impulse calls for higher speci�c impulse. Hence, it is essential to have 
higher propellant density to have higher volumetric speci�c impulse for a 
constant speci�c impulse system. �at is the reason why solid-propellant 
rocket engine is preferred over liquid-propellant engine even though it 
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has lower speci�c impulse. We will discuss it in detail in Chapter 4, while 
dealing with the rocket equation.

3.4.4  Mass Flow Coef�cient

In the case of the rocket engine, mass �ow rate through the nozzle is gov-
erned by the chamber pressure and throat area of the nozzle. Hence, it is 
important to have a parameter that can represent all these variables. �is 
parameter, known as the mass �ow coe�cient Cm� , is de�ned as the ratio 
between mass �ow rate of propellant �mp, and product of chamber pressure 
Pc and throat area At, given as follows:
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Note that mass �ow coe�cient  Cm�  can be estimated easily from experimen-
tal data for parameters, namely, mass �ow rate of propellant �mp, chamber 
pressure Pc, and throat area At. �e mass �ow coe�cient Cm�  can be deter-
mined from experimental data and documented in the form of design charts, 
which is quite useful for the design and development of rocket engine.

3.4.5  Thrust Coef�cient

In Section 3.3, we have derived the expression for thrust (Equation 3.4) 
that indicates that thrust is dependent on exhaust velocity Ve, and exit pres-
sure Pe and ambient pressure Pa, and mass �ow rate of propellant �mp. But 
we know that exhaust velocity Ve, exit pressure Pe, and mass �ow rate of 
propellant �mp are a�ected by chamber pressure Pc and throat area At of 
the nozzle. Hence, in case of the rocket engine, thrust is dependent on 
�mp, chamber pressure Pc, and throat area At of the nozzle. �erefore, let 
us relate the thrust F with �mp, chamber pressure Pc, and throat area At of 
the nozzle through a parameter known as thrust coe�cient CF, which is 
de�ned as the ratio of thrust F, and product of chamber pressure Pc and 
throat area At of the nozzle, given in the following:
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Note that thrust coe�cient CF can be determined easily from the experi-
mental data of chamber pressure Pc and throat area At. Generally, the 
design chart for thrust coe�cient CF in terms of pressure ratio Pc/Po and 
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area ratio Ae/At is generated, which can be used for design and develop-
ment of the rocket engine. Besides this, thrust coe�cient CF as a function 
pressure ratio Pc/Po and area ratio Ae/At can be determined theoretically 
by carrying out aerothermodynamic analysis, which will be discussed in 
Chapter 4. We will also prove in Chapter 4 using theoretical analysis that 
the thrust coe�cient CF represents the performance of the nozzle only.

Let us relate speci�c impulse Isp to the thrust coe�cient CF and mass 
�ow coe�cient Cm�  by using Equations 3.19 and 3.20, as given in the 
following:
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It can be noted that speci�c impulse Isp can be easily estimated from the 
thrust coe�cient CF and mass �ow coe�cient Cm�  data.

3.4.6  Speci�c Propellant Consumption

In modern times, it is important to know how much fuel is being burnt for 
unit power produced in heat engines. Similarly, it is important to know how 
much propellant is consumed per unit impulse. Hence, speci�c propellant 
consumption (SPC) for the rocket engine can be de�ned as the amount of 
propellant weight consumed per total impulse delivered. It is similar to the 
thrust-speci�c fuel consumption (TSFC) for air-breathing jet engine and 
brake-speci�c fuel consumption for automobile engines. Unfortunately, 
speci�c propellant consumption (SPC) is not commonly used in the rocket 
engine. It is basically reciprocal of speci�c impulse, as given by
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3.4.7  Characteristic Velocity

Another experimental performance parameter used routinely for rocket 
engine is the characteristic velocity C*, which is de�ned as the ratio of 
equivalent exit velocity Ve and the thrust coe�cient CF , given as follows:
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Let us express this equation in terms of measurable parameters, namely, 
�mp, chamber pressure Pc, and throat area At by using Equations 3.23 and 
3.20, given as follows:
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It is interesting to note that this characteristic velocity is reciprocal of the 
mass �ow coe�cient as discussed in Section 3.4.8. Note that it does not 
depend on the thrust produced by the rocket engine. It represents the 
e�ectiveness with which combustion takes place in the combustion cham-
ber of the rocket engine. �e characteristic velocity C* can be expressed in 
terms of thrust coe�cient and speci�c impulse Isp by using Equation 3.21, 
given as follows:
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Note that the characteristic velocity C* is dependent on thrust coe�cient 
and speci�c impulse. We can rewrite Equation 3.25 as
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It can be observed from this equation that speci�c impulse is dependent 
on two independent parameters, namely, the characteristic velocity C* and 
thrust coe�cient CF . Note that the characteristic velocity, C* represents the 
combustion e�ciency while thrust coe�cient CF  indicates the e�ectiveness 
with which  high pressure hot gases are expanded in the nozzle to produce 
requisite thrust. We will discuss further these two parameters in Chapter 4.

3.4.8  Impulse-to-Weight Ratio

In order to �nd out the e�cacy of overall design of rocket engine, it is pru-
dent to use impulse–weight ratio, which is de�ned as the total impulse to 
the initial vehicle weight as given by
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where
W is the total weight of the vehicle
mp is the propellant mass
ms is the structural mass of the vehicle
ml is the payload mass

It is desirable to have higher value of impulse–weight ratio.

Example 3.2

A rocket engine with chamber pressure of 4.5 MPa and nozzle throat 
diameter of 110 mm produces thrust of 17 kN by consuming pro-
pellant �ow rate of 7.5 kg/s with calori�c value of 25 MJ/kg. If the 
�ight velocity happens to be 850 m/s, determine the speci�c impulse, 
e�ective exhaust velocity, speci�c propellant consumption and thrust 
power, and thrust coe�cient.

Solution

�e speci�c impulse can be calculated by using Equation 3.21 as
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�e e�e ctive velocity can be determined using Equation 3.16, given 
as follows:

 V I geq sp� � � �231 06 9 81 22667. . . m/s 

�e sp eci�c propellant consumption can be determined using 
Equation 3.22, as
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�e thr ust power can be determined as

 P FVF � � � � �17 850 14 450 14 45, .kW MW 
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�e thrust coe�cient can be evaluated using Equation 3.21, as
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�e ch aracteristic velocity can be evaluated using Equation 3.23, as
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3.4.9  Energy Balance and Ef�ciencies

We need to evaluate the various kinds of e�ciencies, namely, propulsive, 
thermal, overall e�ciencies, and others for the rocket engine to analyze 
the performance of energy conversion during its operation. �ese e�cien-
cies are to be de�ned and used while carrying out aerothermodynamics 
analysis of components of propulsive devices. Note that although these 
e�ciencies are used seldom for rocket engines, they are routinely used in 
air-breathing engines to evaluate their performance. For this purpose, let 
us consider the energy balance of the rocket engine as shown in Figure 3.2. 
It can be noted that �Ein is the total rate of energy supplied to the propulsion 
system. �us, this rate of energy input, �Ein to the chemical rocket engine 
can be expressed as

 
� �E m Hin p p� �  (3.28)

where
�mp is the mass �ow rate of propellant
�H p is the heat of combustion of propellant

As illustrated in Figure 3.2, a small fraction of this input energy during 
combustion process is lost due to incomplete combustion. �us, the com-
bustion e�ciency �C can be de�ned as the ratio of the rate of heat energy 
liberated during combustion �Et  and the rate of chemical energy input from 
the propellant �m Hp p� .
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Basically, it is a measure of losses during the combustion of propellant. 
Generally, the combustion e�ciency �C of a typical rocket engine varies 
from 95% to 99%. Around 1%–3% of total energy input to the rocket engine 
can be lost through walls of the combustion chamber and nozzle, as indi-
cated in Figure 3.4. Besides, 2%–3% of the total energy input to the rocket 
engine could not be available for exhaust nozzle to harness thrust power, 
which is due to mixing and gas dynamic losses. Around 92%–98% of the 
total energy input to the rocket engine will be available for the exhaust 
nozzle to produce the thrust. Unfortunately, not all energy per unit time 
available for the exhaust nozzle can be converted into thrust power. A sig-
ni�cant amount of total energy input in the range of around 40%–50% can 
be lost as the residual kinetic energy from the exhaust energy. �e remain-
ing portion of energy of the total energy input to the rocket engine denoted 
as Ep can be converted into propulsive power. Based on this energy balance, 
we can de�ne three e�ciencies, namely, propulsive, thermal, and overall 
e�ciencies, as de�ned and discussed in the following.

3.4.9.1  Propulsive Ef�ciency
We know that the thrust power is the product of thrust and �ight veloc-
ity. In order to ascertain the e�cacy of the rocket engine producing this 
propulsive power, we can take the help of propulsive e�ciency, which is 
de�ned as the ratio of thrust power to the rate of kinetic energy available at 
the inlet of exhaust nozzle, given as follows:
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FIGURE 3.4 Energy balance of a typical rocket engine.
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where
V is the �ight velocity
Ve is the exit velocity of exhaust nozzle
�mp is the �ow rate of propellant

In Equation 3.30, it is assumed that the nozzle is expanded fully and the 
pressure term in thrust equation becomes zero. It can be observed from 
Equation 3.30 that propulsive e�ciency is dependent only on the ratio 
between �ight velocity V and exhaust jet velocity Ve, (V/Ve). �e varia-
tion of propulsive e�ciency with (V/Ve) is shown in Figure 3.5. It can 
be noted that propulsive e�ciency increases with (V/Ve) and attains a 
maximum value of 100% when the �ight velocity is equal to jet velocity. 
Subsequently, it recedes to a lower value with further increase in (V/Ve) 
due to ine�cient energy conservation. It must be noted that the rockets 
do operate at �ight speed much higher than exhaust velocity unlike the 
air-breathing engine, because, the thrust does not depend on the �ight 
velocity, unlike in the air-breathing engine.

3.4.9.2  Thermal Ef�ciency
Another useful performance parameter of the rocket engine is the ther-
mal e�ciency, which is de�ned as the ratio of the rate of kinetic energy 
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available at the inlet of exhaust nozzle to the total chemical energy con-
sumption rate from the propellant, as given by
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where �H p is heat of combustion per kilogram of propellant. It indicates 
the e�ectiveness of converting chemical energy in the propellant into 
kinetic energy for harnessing thrust power.

3.4.9.3  Overall Ef�ciency
�e overall e�ciency is the ratio of thrust power to the total chemical 
energy consumption rate from the propellant, as given by
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It can be noted that thermal e�ciency is basically the product of propulsive 
and thermal e�ciency.

Example 3.3

A rocket engine with nozzle exit diameter of 125 mm produces 7.5�kN 
by consuming propellant �ow rate of 3.5 kg/s with calori�c value of 
35 MJ/kg. �e chamber pressure at 6.5 MPa is expanded to exit pres-
sure of 85 kPa. If the �ight velocity happens to be 1250 m/s at altitude 
of 20 km, determine nozzle exhaust velocity, propulsive e�ciency, 
overall e�ciency, and thermal e�ciency.

Solution

At 20 km altitude, Pa = 5.53 kPa.

By using Equation 3.4, we can evaluate total thrust as
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By using Equation 3.30, we can determine propulsive e�ciency as
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By using Equation 3.32, we can determine overall e�ciency as
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By using Equation 3.32, we can determine thermal e�ciency as
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Note that thermal and overall e�ciency of the rocket engine are quite 
low as compared to gas turbine engines.

REVIEW QUESTIONS

 1. Derive an expression for the static thrust of a rocket engine by stating 
assumptions.

 2. What do you mean by thrust power? How is it di�erent from propul-
sive power?

 3. What is the condition under which maximum thrust can be obtained?

 4. What do you mean by e�ective exhaust velocity? What is its utility?

 5. What do you mean by propulsive e�ciency? How is it di�erent from 
thermal e�ciency?

 6. How is the speci�c impulse varied with altitude for a typical rocket 
engine?

 7. What do you mean by total impulse? How is it di�erent from speci�c 
impulse?
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 8. What do you mean by volumetric impulse? How is it di�erent from 
speci�c impulse?

 9. De�ne thrust coe�cient. How is it related to speci�c impulse?

 10. What is the di�erence between thrust coe�cient and mass �ow 
coe�cient?

 11. De�ne speci�c fuel consumption. What is its signi�cance?

 12. What do you mean by characteristic velocity? Can it be related to 
thrust?

 13. Why is impulse to weight important for a rocket engine?

 14. What do you mean by propulsive e�ciency? Derive its expression for 
rocket engine and compare it with that for an air-breathing engine.

 15. What is thermal e�ciency? How is it related to overall e�ciency?

PROBLEMS

3.1 A rocket engine produces a thrust of 800 kN at sea level with a pro-
pellant �ow rate of 300 kg/s. Calculate the speci�c impulse.

3.2 A rocket having an e�ective jet exhaust velocity of 1100 m/s and �y-
ing at 8500 km/h has propellant �ow rate of 6 kg/s. If the heat of 
reaction of propellants is 43 MJ. Calculate the propulsive e�ciency, 
thermal e�ciency, and overall e�ciency.

3.3 If the thermal e�ciency of a rocket engine is 0.5, fuel–air ratio is 0.3, 
e�ective jet velocity is 1200 m/s, and �ight to jet speed ratio is 0.8, 
calculate the heat of reaction per kilogram of the exhaust gases.

3.4 A rocket vehicle has the following data:

 Init ial mass = 300 kg

 Final mass = 180 kg

 Payload mass = 130 kg

 Burn duration = 5 s

 Speci�c impulse = 280 s
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 Determine the mass ratio, propellant mass fraction, propellant 
�ow rate, thrust-to-weight ratio, and impulse-to-weight ratio of the 
vehicle.

3.5 A certain rocket has an e�ective exhaust velocity of 1550 m/s; it con-
sumes 5 kg/s of propellant mass, each of which liberates 7000 kJ/kg. 
�e rated �ight velocity equals 2600 m/s. Calculate (1) propulsion 
power (2) engine output.

3.6 A spacecra�’s engine ejects mass at a rate of 32 kg/s with an exhaust 
velocity of 3200 m/s. �e pressure at the nozzle exit is 6 kPa and the 
exit area is 0.7 m2. What is the thrust of the engine in a vacuum?

3.7 In a rocket engine with nozzle exit diameter of 105 mm, hot gas at 
2.5�MPa is expanded to exit pressure and temperature of 85 kPa and 
1200 K, respectively. If the mass �ow rate happens to be 75 kg/s, 
determine the exit jet velocity, e�ective jet velocity, and thrust at an 
altitude of  25 km. Take calori�c value of propellant as 22 MJ/kg.

3.8 �e hot pro pellant gas at chamber pressure of 3.5 MPa with a �ow 
rate of 5.5 kg/s is expanded fully through a CD nozzle with throat  
diameter of 80 mm to produce thrust of 12 kN. If the �ight veloc-
ity happens to be 750 m/s, determine the speci�c impulse, e�ective 
exhaust velocity, speci�c propellant consumption and thrust power, 
and thrust coe�cient. Take calori�c value of propellant as 22 MJ/kg.

3.9 A rocket engine nozzle (De = 105 mm) produces 8.2 kN by expand-
ing gas from 7.5 MPa to 95 kPa by consuming propellant �ow rate of 
3.75 kg/s. If the �ight velocity happens to be 1650 m/s at an altitude of 
20 km, determine the nozzle exhaust velocity, propulsive e�ciency, 
overall e�ciency, and thermal e�ciency. Take calori�c value of pro-
pellant as 30 MJ/kg.
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Rocket Nozzle

Great spirits have always encountered violent opposition from 
mediocre minds.

ALBERT EINSTEIN

4.1  INTRODUCTION
�e main purpose of the nozzle in a rocket engine is to expand the high-
pressure hot gases generated by burning the propellant to a higher jet 
velocity for producing the requisite thrust. In order to have a large value of 
speci�c thrust, the kinetic energy of the exhaust gas must be large enough 
to produce a higher exhaust velocity. Keep in mind that the pressure ratio 
across the nozzle controls the expansion process. We can achieve maxi-
mum thrust in an engine only when the exit pressure Pe is the same as the 
ambient pressure, Pa. Generally, two types of nozzles, namely, (1) conver-
gent nozzle and (2) convergent–divergent (CD) nozzle, are used to pro-
duce thrust in the jet engine [1,2,4–6]. However, CD nozzles are mostly 
used for producing thrust in rocket engines.

4.2  BASICS OF CD NOZZLE FLOW
We know that when the pressure ratio across the nozzle becomes greater 
than its critical value, the maximum gas velocity attained is equal to the 
speed of sound. In this situation, a divergent nozzle is added to enhance its 
velocity further because, in the convergent section, the gas velocities cannot 
be increased above the speed of sound. �is CD nozzle is basically a con-
vergent duct followed by a divergent duct as shown in Figure 4.1. Note that 

C H A P T E R  4
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there is a minimum cross-sectional area between the convergent and diver-
gent portions which is known as throat. �e gas attains a sonic speed at the 
throat under supersonic �ow conditions. �is is also known as “de Laval” or 
sometimes simply “Laval” nozzle as it was devised for the �rst time by the 
Swedish engineer de Laval. Hence, this CD nozzle is employed in a rocket 
engine to achieve a higher exhaust velocity beyond sonic speed.

�e �ow through a CD nozzle as shown in Figure 4.2 is governed by 
the ratio of total pressure to back pressure. For a particular total pressure 
Pt2 at the upstream chamber, when the back pressure is reduced below the 
upstream Pt2, the pressure decreases in the nozzle as shown by the curve 
“A” in Figure 4.2 and the �ow remains subsonic throughout the nozzle. If 
the back pressure is reduced further as shown by the curve “B,” sonic �ow 
will be attained at the throat section for a certain value of Pb. �is condition 
at the throat is called a choked condition as the mass �ow rate through the 
nozzle attains a maximum value. In other words, the mass �ow cannot be 
increased by any further decrease in Pb for a constant Pt2 and Tt2. If the back 
pressure Pb decreases further, say to PbC, then the �ow cannot attain isen-
tropic conditions since the throat is already choked. Rather, the pressure 
decreases further from the throat until a normal shock is formed in the 
divergent portion of the CD nozzle as shown by the curve “C” in Figure 4.2. 
Note that once normal shock is formed, the �ow decelerates in the diver-
gent duct. When Pb is decreased further, the normal shock moves down-
stream and at a certain PbD, it gets located exactly at the nozzle exit plane as 
shown in Figure 4.2. Note that isentropic expansion takes place (see curve 
E in Figure 4.2) only when the back pressure matches with the correct one 
for which the nozzle is designed. �is situation corresponds to the nozzle 
being expanded fully. Besides this, the nozzle can be overexpanded and 
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y

(2) (th) (e)

Convergent duct Divergent ductCombustion chamber

Throat

A*
M = 1

CD nozzle 

FIGURE 4.1 Flow through convergent–divergent nozzle.
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underexpanded under certain back pressure conditions, which will be dis-
cussed in Section 4.4 in detail.

4.2.1  Exhaust Velocity

Generally, the �ow in the CD nozzle is three-dimensional in nature and the 
temperature, pressure, and composition of gas vary along the length of the 
nozzle. Besides this, the �ow becomes more complex due to the presence 
of shock and �ow separation in the nozzle. Hence, the shape of the nozzle 
plays a very important role in dictating the �ow and heat transfer from its 
wall, which a�ects the thrust produced by the rocket engine. In order to 
analyze the �ow in the nozzle, we may consider the �ow to be ideal with 
the following assumptions:

 1. Steady one-dimensional isentropic �ow.

 2. �e work ing �uid is homogeneous in nature. �e amount of mass 
due to condensed phase (solid/liquid) is negligible compared to gas-
eous �uid.

 3. Ideal gas law with constant speci�c heat can be applied.
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0.0

A

B

C

D

F

1.0

P
Pt2

Throat

Pt2

Inlet Exit Throat

Normal
shock

E

FIGURE 4.2 Flow features in a CD nozzle.
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 4. No heat transfer from the rocket engine.

 5. Uniform �o w properties, namely, pressure, temperature, and density, 
at the nozzle entrance.

 6. Velocity at the nozzle entrance is negligible compared to its value at 
the exit.

 7. Gas compositions across the nozzle remain constant.

 8. Gas leaves the nozzle exit along the axial direction only.

We need to analyze the rocket nozzle by simplifying the complex �ow with 
these assumptions. By applying the energy equation between station (2) 
and exit (e) as shown in Figure 4.1, we have
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(4.1)

Note that this relationship indicates that total temperature remains invari-
ant although static temperature and local velocity vary along the length of 
the adiabatic nozzle. Recall that total/stagnation temperature is de�ned as 
the temperature when the �uid element is brought to rest isentropically. 
We have assumed that velocity in the reservoir at station (2) is almost zero. 
�en the exit velocity can be expressed with Equation 4.1 as follows:

 V C T Te p t e� �� �2 2  (4.2)

Assuming the �ow to be isentropic and invoking the isentropic relation 
(Equation 2.14), we can express Equation 4.2 in terms of the pressure ratio 
across the nozzle as follows:

 

V
R T
MW

P
P

e
u t e

t

�
�� �

�
�

�
�

�

�
�

�

�

�
�
�

�

�

�
�
�

�

2
1

12

2

1

�
�

�
�

 

(4.3)

where
Pt2 and Pe are the reservoir and nozzle exit pressures, respectively
Ru is the universal gas constant
MW is the molecular weight of gas
� is the speci�c heat ratio
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It may be noted from Equation 4.3 that the nozzle exit velocity is 
dependent on the reservoir (combustion chamber) temperature, pressure 
ratio (Pe/Pt2), MW, and � of the �owing gas. �e nozzle exit velocity gets 
enhanced by increasing the combustion chamber temperature. Hence, it is 
desirable to choose a propellant that has a higher value of adiabatic �ame 
temperature. However, the designer faces two limitations. One has to choose 
a proper material with higher thermal stress at high pressure for a sustained 
period of time. Besides this, cooling of the nozzles and combustion cham-
ber is to be considered for a longer period of time, which makes the rocket 
engine bulky and complex. However, if the duration of the �ight is small, 
one can avoid using a complex cooling system by employing a certain high-
temperature coating of heated parts of a rocket engine. Another limitation 
is the dissociation of combustion products, due to which desired high tem-
perature would not be attained as a large amount of heat is absorbed during 
the dissociation process. For general propellants, this limitation due to dis-
sociation lies between 2800 and 3500 K. However, for a �uorine-hydrogen 
system, one can easily achieve a higher temperature of 5000 K. Note that 
the exhaust velocity increases with the pressure ratio across the nozzle. �e 
maximum nozzle exit velocity can be attained only when the pressure ratio 
(Pe/Pt2) is tending toward zero, corresponding to the vacuum condition 
(Pe�=�0). �us, the expression for the maximum nozzle exit velocity Ve,max 
can be obtained from Equation 4.3 as follows:
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Let us derive an expression for the velocity ratio Ve/Ve,max by dividing 
Equation 4.3 with Equation 4.4 as follows:
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(4.5)

�e vari ation in the velocity ratio Ve/Ve,max for three speci�c ratios is 
plotted in Figure 4.3 with the pressure ratio across the nozzle. It may be 
observed that the exhaust velocity ratio increases initially at a faster rate 
till it reaches a pressure ratio of 25. Subsequently, it also increases beyond 
a pressure ratio of 25 but at a slower rate and reaches almost an asymp-
totic value at a pressure ratio of 1000, indicating its diminishing e�ect. 
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Of course, with an increase in chamber pressure, the dissociation of chem-
ical species decreases, leading to a higher combustion temperature. In spite 
of this advantage, a higher chamber pressure cannot be favored from a 
practical point of view as this would increase the dead weight, leading to 
lower performance. Hence, a moderate range of pressure ratios across the 
nozzle of 25–50 is preferred, particularly when the rocket is designed for 
medium altitude. However, for deep-space applications, higher values of 
pressure ratio across the nozzle are preferred for achieving a higher perfor-
mance level. Exhaust gases with a smaller molecular weight MW produce 
a larger exhaust velocity for the same pressure ratio. Hence, a higher per-
centage of hydrogen in the exhaust products is preferred in order to have 
an overall lower molecular weight MW so that a higher nozzle exhaust 
velocity can be obtained. Note that the speci�c heat ratio � can a�ect the 
exhaust velocity in two ways. First, it can a�ect the maximum nozzle exit 
velocity Ve,max signi�cantly as the initial enthalpy CpTt2 is highly depen-
dent on �, as depicted in Figure 4.4. It may be noted that the maximum 
nozzle exit velocity Ve,max decreases with an increase in speci�c heat ratio 
�  of the exhaust gas. �e second factor is the expansion governed by the 
pressure ratio across the nozzle (see Equation 4.5), which is signi�cantly 
in�uenced by the speci�c heat ratio �. Both these e�ects get nulli�ed and 
thus the nozzle exit velocity Ve varies insigni�cantly with the speci�c heat 
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FIGURE 4.3 E�ect of pressure ratio on Ve/Ve,max.
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ratio �  as depicted in Figure 4.4. Note that these inferences are drawn and 
discussed assuming that the �ow is frozen. In other words, the gas com-
positions remain almost invariant in the nozzle. But in an actual system, 
the gas compositions undergo changes which may lie between frozen and 
equilibrium �ow conditions. Although the expression for the nozzle exit 
velocity Ve is derived under ideal conditions, its predicted value di�ers 
from experimental values by 5%–6%. Hence, it can only be used for pre-
liminary design calculation.

4.2.2  Mass Flow Rate and Characteristics of Velocity

� e mass �ow rate through the CD nozzle under steady-state condition 
is dependent on the pressure, temperature of combustion chamber, and 
cross-sectional area. By considering one-dimensional and steady isentro-
pic �ow, we can invoke the continuity equation as follows:

 �m AV� �� constant (4.6)

where
� i s the density
A is the cross-sectional area
V is the �ow velocity at any location in the nozzle
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As the �ow is isentropic in nature, we can use the isentropic relation for 
density in terms of pressure as follows:
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By using Equations 4.7 and 4.3 along with the ideal gas law, we obtain an 
expression for mass �ux through the CD nozzle at any location as follows:
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(4.8)

Note that the mass �ux through the CD nozzle will be dependent on the com-
bustion chamber conditions, pressure ratio P/Pt2, and speci�c heat ratio �. 
�e nondimensional mass �ux can be derived from Equation 4.8 as follows:
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(4.9)

�e varia tion in the nondimensional mass �ux through the nozzle is plot-
ted in Figure 4.5. It may be observed that mass �ux increases from zero 
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value at pressure ratio P/Pt2 to a maximum value at critical pressure ratio 
and subsequently decreases to zero value again when the pressure ratio 
P/Pt2 becomes unity. As there is no pressure gradient across the nozzle at 
unity pressure ratio P/Pt2, no �ow occurs in the nozzle, thus making the 
mass �ux zero. However, when the pressure ratio P/Pt2 is zero, mass �ux 
can be zero due to in�nite area, as gas has to be expanded to vacuum pres-
sure. Note that maximum mass �ux is attained at minimum cross-sectional 
area of the nozzle. �e pressure ratio corresponding to maximum mass 
�ux can be obtained by di�erentiating Equation 4.9 and equating it to zero 
as follows:
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We know that this relation corresponds to the critical condition under 
which �ow is considered to be aerodynamically choked. �e relation for 
choked mass �ux can be easily obtained by substituting Equation 4.10 in 
Equation 4.8 as follows:
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where At is the throat area of the CD nozzle. It may be noted that critical 
mass �ux is dependent on At, chamber pressure, temperature, and speci�c 
heat ratio. Generally, in such cases, the rocket engine nozzle is choked for 
the major portion of its operation. Hence, the chamber pressure Pt2 can be 
expressed easily in terms of mass �ux and RTt2 /�  by using Equation 4.11 
as follows:
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where the term RTt2 /�  represents the relationship between mass �ux and 
chamber pressure Pt2 and is measured in m/s. �is indicates the capacity 
of the propellant to generate a certain pressure in the combustion cham-
ber for a given mass �ow rate per unit throat area, and hence it is o�en 
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known as the characteristic velocity C�. �en the mass �ow rate through 
the nozzle can be expressed by using Equation 4.11 as follows:
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Note that the characteristic velocity C�  increases with adiabatic �ame tem-
perature and decreases with molecular weight of gases. It increases with 
decreasing value of speci�c heat ratio �. �e e�ect of adiabatic �ame tem-
perature Tt2 on the characteristic velocity C�  is depicted in Figure 4.6 for 
three di�erent cases of speci�c heat ratio � and a gas molecular weight of 
21 kg/kmol. It may be observed that the characteristic velocity C�  increases 
with temperature. �e e�ect of speci�c heat ratio � on C�  is more promi-
nent at a higher temperature range compared to a lower temperature range.

Example 4.1

In a convergent–divergent nozzle with a throat area of 0.5 m2 of a 
rocket engine, gas at 5.75 MPa and temperature of 2800 K is expanded 
fully to 5.5 kPa for producing thrust. Assuming �ow to be isentropic, 
determine (1) the exit Mach number, (2) the maximum exit mass 
�ow rate passing through this nozzle, and (3) the exit area. Assume 
��= 1.25 and MW = 25 kg/kmol.

500 1000 1500 2000 2500 3000 3500
400

600

800

1000

1200

1400

1600

1800

2000

� = 1.2
� = 1.4

C
* 

(m
/s

)

Tt2 (K)

FIGURE 4.6 Variation of characteristic velocity C� with adiabatic �ame tem-
perature Tt2.



Rocket Nozzle   �    101

Solution

Assuming the �ow to be isentropic, the expression for the exit Mach 
number can be expressed as follows:
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Note that we have assumed that the total pressure in the chamber is 
the same as the nozzle exit total pressure. We know that the nozzle 
exit velocity can be obtained from Me as follows:

 V M RTe e e� �  

We need to evaluate Te by using the following isentropic relation:
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Now we can determine Ve as follows:

 V M RTe e e� � � � �� � �� 4 9 1 25 8314 6839 25 2612 66. . . / . m/s 

For maximum �ow to occur in the nozzle, the throat of the nozzle 
must be choked. Let us evaluate the choked mass �ow rate through 
the nozzle’s throat:

 �m A V A RT� �� � � � � �� � �  

But the density at the throat for a choked condition can be estimated 
as follows:
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�en, the temperature T � for a choked condition can be determined 
as follows:
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�en the ve locity at the throat can be estimated as follows:

 V a RT� � �� � � � �� � �� 1 25 8314 6839 25 5332. . / . m/s 

By using the ideal gas law, we can evaluate the density at the exit of 
the nozzle:
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�en the no zzle exit area is determined as follows:
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4.2.3  Expansion Area Ratio

By using Equations 4.11 and 4.8, we can obtain an expression for the expan-
sion area ratio A/At as follows:
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(4.14)

�is equa tion depicts the relation between the expansion area ratio and 
the local pressure ratio. We can evaluate the area ratio directly for a given 
pressure ratio and the speci�c heat ratio �. Note that for a given pressure 
ratio, two solutions of Equation 4.14 exist for subsonic and supersonic 
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�ow. However, for a given area ratio, the pressure ratio can be evaluated 
only by using an iterative method. �e variation in the local pressure 
ratio with the expansion area ratio A/At is plotted in Figure 4.7 for three 
speci�c heat ratio cases for a supersonic �ow in the CD nozzle. �e rela-
tionship for the area ratio between the throat and the exit for the CD 
nozzle can be obtained from Equation 4.14 by setting A = Ae and P = Pe 
as follows:
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(4.15)

We can easily determine the �ow variables, namely, pressure, temperature, 
velocity, and density, along the nozzle length provided we know the local 
expansion ratio by using the theory developed earlier. �e variations in 
pressure, temperature, velocity, and Mach number along with the length 
are shown in Figure 4.8. It may be noted that pressure and temperature 
decrease with length while velocity and Mach number increase as depicted 
in Figure 4.8.
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4.3  CD NOZZLE GEOMETRY
Generally, both combustion chamber and nozzle with circular cross section 
are used in rocket engine applications although several other con�gura-
tions have been evolved over the years which will be discussed brie�y in the 
subsequent sections. In this section, we mostly discuss the conical nozzle. 
Note that a typical CD nozzle consists of a converging section emanating 
from the combustion chamber, a throat section, and a diverging section as 
shown in Figure�4.1. Generally, the converging section between the combus-
tion chamber and the nozzle throat does not a�ect the performance of the 
rocket nozzle. As the subsonic �ow prevails in this converging section, it can 
incur low pressure losses although a higher apex angle of the converging sec-
tion in the range of 60°–90° is preferred in the nozzle design. Of course the 
pressure gradient will be very high for a converging section with a higher 
apex angle. Flow is less likely to get separated within this range of converging 
angle as �ow accelerates in this zone with a favorable pressure gradient. �e 
inlet cross-sectional area of a CD nozzle in the rocket engine is the same as 
that of the combustion chamber. �e throat area can be calculated by using 
Equation�4.11 for a particular chamber pressure and mass �ow rate. Note 
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that the shape of the throat does not a�ect the performance of the nozzle 
signi�cantly. But the radius of curvature of the pro�le for the throat section 
must be chosen such that a smooth decrease of static pressure along with an 
increase in velocity is ensured. In practice, the pro�le of the convergent sec-
tion is joined with the throat section with the help of the radius of curvature, 
which is equal to 1.5 times the throat radius Rt, as shown in Figure�4.9. In 
some cases, a small cylindrical tube with a [4] constant diameter is used as 
the throat. Subsequently, with a smooth increase of the cross-sectional area, 
the divergent section emanates from the throat for generating a supersonic 
�ow in the rocket nozzle. �e exit area Ae and the exit diameter De of the 
CD nozzle can be obtained for a particular pressure ratio across the noz-
zle by using Equation�4.15. �e length of the nozzle can be determined by 
using a suitable divergence angle. Generally, the divergence angle of a CD 
nozzle is restricted to 30° to avoid �ow separation in the divergent section. 
Unfortunately, the �ow in this kind of conical nozzle will no longer be one-
dimensional in nature. Rather the �ow becomes two-dimensional in nature 
due to �ow divergence at its exit, which incurs thrust losses. Besides this, a 
larger area nozzle is used for high-altitude applications, which results in a lon-
ger and heavier nozzle, leading to a lower performance of the rocket engine.

In order to enhance the thrust, the exhaust gas in the nozzle can be 
expanded fully to ambient pressure with parallel and uniform exit �ow. �is 
kind of nozzle can be designed using the method of characteristics [1,2], 
which happens to be quite lengthy and heavy in nature. In order to reduce the 
length Ln of the diverging section in the CD nozzle, the �ow can be expanded 
at a faster rate compared to an ideal nozzle by providing a higher divergence 
angle from the sonic throat. Subsequently, the divergent �ow can be straight-
ened along the length of the divergent section into an approximately axial 
�ow at its exit, as shown in Figure 4.10. Such a kind of CD nozzle is known as 
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FIGURE 4.9 Schematic of a conical CD nozzle.
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a bell-shaped nozzle, which was designed by Rao using semiempirical para-
bolic approximation methods [3] for obtaining maximum thrust. �e opti-
mum contour depends on ambient pressure, nozzle curvature in the throat 
region, length, and gas composition. Generally, a circular arc with a radius of 
1.5 Rt is used for the nozzle contour immediately upstream of the throat while 
a circular arc of 0.382 Rt is used for the divergent section of the contour from 
the throat and point N, as shown in Figure 4.10. From this point N, a parab-
ola is formed till the nozzle exit that matches the expansion ratio. It may be 
noted that the angle downstream of the throat of a bell-shaped nozzle is much 
larger than 30°. �e length of the bell-shaped nozzle is reduced considerably 
by around 20% compared to a conical nozzle with the same divergent angle.

4.4  EFFECT OF AMBIENT PRESSURE
In Section 4.2, we initiated a discussion on the e�ect of ambient pressure, 
which is also known as back pressure Pb that a�ects the nozzle �ow signi�-
cantly. During the �ight of a rocket engine, ambient pressure is the same as the 
back pressure acting on the exhaust nozzle. Recall that for constant chamber 
pressure and �xed nozzle area ratio, gas �ow is said to be fully expanded only 
when the nozzle exit pressure Pe is equal to the ambient pressure at a particu-
lar altitude for which it is designed. When the nozzle is operated at a higher 
altitude, the ambient pressure is less than the nozzle exit pressure Pe, and the 
gas is expanded from Pe to Pa beyond the nozzle exit as a free jet. �is �xed 
nozzle area operating under constant chamber pressure is said to undergo 
underexpansion. In contrast, when the nozzle operates at a lower altitude than 
the designed one, the exit pressure Pe will be less than the ambient pressure 
Pa, and the nozzle is said to undergo overexpansion. We will discuss further 
about underexpansion and overexpansion in the subsequent sections.

Ln

Rt

� N

� e

����R t
�����R t

Re� � �Rt

��������

����
��
	

�

FIGURE 4.10 Schematic of a bell-shaped CD nozzle.
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4.4.1  Underexpansion in CD Nozzle

As discussed, for a fully expanded nozzle, isentropic �ow in the divergent 
section of the nozzle will be supersonic in nature. As a result, when the 
nozzle exit pressure Pe is higher than the ambient pressure Pa, at a higher 
altitude during its �ight, there will not be any change in the upstream pres-
sure as the pressure change due to the change in altitude cannot propagate 
upstream because of its sonic velocity. As a result, the nozzle exit pressure 
remains the same as that of the design value for isentropic �ow and the 
supersonic �ow expands further from Ped to Pa, through a fan of Prandtl–
Meyer-type expansion downstream of the nozzle exit in the free jet wave as 
shown in Figure 4.11a. In order to adjust this phenomenon, these expansion 
waves get re�ected from the free jet boundary downstream of the nozzle 
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FIGURE 4.11 Flow pattern downstream of the nozzle exit under (a) underexpan-
sion and (b) overexpansion.
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exit and get converted into compression waves as shown in Figure 4.11a. 
Subsequently, these compression waves get re�ected, unlike expansion 
waves from the free jet boundary. �is kind of �ow pattern of the expansion 
wave followed by compression waves is repeated downstream of the nozzle 
exit till its e�ect reduces. In such a situation, the gas is not expanded com-
pletely inside the nozzle and the kinetic energy of the jet �ow at the nozzle 
exit is lower compared to that of the complete isentropic expansion of gas 
from Pt2 to Pa. As a result, the thrust produced by the nozzle under this 
condition will be lower than the one corresponding to complete expansion.

4.4.2  Overexpansion in CD Nozzle

We know that overexpansion in a CD nozzle takes place when the nozzle 
is operated at a lower altitude than the designed one. In other words, at a 
lower altitude, the gas is expanded in the nozzle such that its exit pressure 
Pe is less than the ambient pressure Pa. �is increase in back ( ambient) pres-
sure will not cause any change in the upstream pressure as the nozzle �ow 
moves at supersonic speed. As a result, the nozzle exit pressure remains the 
same as that of the design value for isentropic �ow. However, the change 
in back pressure can propagate upstream with sonic velocity through the 
boundary layer as subsonic �ow prevails within it. On the other hand, at 
the exit plane, the nozzle exit pressure gets adjusted to the ambient pres-
sure with the formation of a normal shock. Region “C” in Figure 4.2 
discussed in Section 4.2 indicates the formation of a normal shock with 
abrupt changes in the �ow properties in the divergent portion of the CD 
nozzle. Downstream of this normal shock, the �ow is subsonic and hence 
decelerates with an increase in static pressure at the nozzle exit to match 
the ambient pressure. With a further increase in altitude, the ambient pres-
sure decreases, which results in relocation of the normal shock toward its 
exit. Note that the strength and location of a normal shock are dependent 
on the magnitude of back pressure. Region “D” in Figure 4.2 indicates 
the formation of a normal shock at the exit of the CD nozzle in which 
isentropic supersonic �ow prevails in the divergent section of the nozzle, 
during which the nozzle exit pressure before the shock is almost equal to 
the design pressure. But the pressure downstream of the shock happens 
to be subsonic and almost equal to the ambient pressure. When the back 
(ambient) pressure decreases slightly due to an increase in altitude, oblique 
shock waves are formed at the lip of the nozzle exit. In order to adjust to 
this phenomenon, these oblique shock waves get re�ected from the free jet 
boundary downstream of the nozzle exit and are converted into expansion 
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waves as shown in Figure 4.11b. Subsequently, these expansion waves get 
re�ected from the free jet boundary and coalesce to form a compression 
wave. �is kind of �ow pattern of expansion waves followed by compres-
sion waves is repeated downstream of the nozzle exit till its e�ect becomes 
reduced. In this situation, the gas is not expanded completely inside the 
nozzle and the kinetic energy of the jet �ow at the nozzle exit is lower com-
pared to that of the complete isentropic expansion of gas from Pt2 to Pa. As 
a result, the thrust produced by the nozzle under this condition is lower 
than that corresponding to the complete expansion case.

Note that sudden compression by the formation of shocks may lead to 
the separation of �ow from the wall of the nozzle as shown in Figure�4.12. 
�e extent of �ow separation is dependent on the rate of acceleration noz-
zle divergence angle and local pressure. But the location of �ow separa-
tion will be dependent on the contours of divergent section and oblique 
shock. It has been observed that �ow separation point moves back and 
forth with time at nozzle exit particularly for contour nozzle. Hence cer-
tain �nite angle at nozzle exit is provided even for a bell nozzle. When the 
�ow separation occurs in the presence of an oblique shock at the nozzle 
exit, the shock may move upstream into the divergent section, as shown in 
Figure 4.12. Downstream of an oblique shock, slight recompression of gas 
can occur, which may move further upstream with an increase in ambient 
pressure Pa. �e compilation of several experimental data by Summer�eld 
[4] for conical CD nozzle with divergence angle of 30° indicates that �ow 
separation is likely to occur when exit pressure is less than or equal to 
0.4 times the ambient pressure, provided Pt2/Pa is greater than 16. �is is 
known as the Summer�eld criterion for �ow separation in a conical  nozzle. 
For higher-divergence-angled nozzle, �ow separation is likely to occur at 
a lower value than the Summer�eld criterion (Pe/Pa < 0.4). Besides, it has 
also been found that �ow separation is in�uenced by local conditions, 

Oblique shock wave

Exit section

AeAt
Nozzle axis

Throat section
Flow separation

FIGURE 4.12 E�ect of shock–boundary layer interaction in a CD nozzle under 
overexpanded condition.
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namely, wall pressure, Mach number, wall roughness, and so on. Another 
criterion for �ow separation is the following semiempirical relationship 
relating Pe, Pa, and Me [5]:
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where Me is the Mach number at the nozzle exit. In order to avoid �ow 
separation, the nozzle exit area is chosen such that Pe must be greater 
than Pa(1.88Me �  1)�0.64 for a particular nozzle exit Mach number. In other 
words, an adverse pressure gradient is less likely to occur in the divergent 
section of the nozzle to avoid �ow separation. With separation of �ow, the 
nozzle may adapt to any altitude change as it provides higher pressure at 
the nozzle exit. Hence, it is expected to have a higher thrust under the �ow 
separation condition for the same nozzle area ratio. However, �ow separa-
tion does not occur in a symmetrical manner, as shown in Figure 4.12. 
Rather �ow separation in a practical system is found to occur in an asym-
metrical manner, giving rise to side thrust. Hence, �ow separation must be 
avoided for rocket propulsion applications.

4.5  ADVANCED ROCKET NOZZLE
We have already discussed two conventional rocket nozzles, namely, 
(1) the conical nozzle and (2) the bell-shaped nozzle, in Section 4.3. Recall 
that the bell-shaped nozzle is preferred over the conical nozzle due to its 
divergence losses, and reduced length and weight. However, both nozzles 
do su�er from losses due to their nonadaptability with altitude as discussed 
in Section 4.4. In order to enhance a nozzle’s adaptability with altitude for 
augmenting its performance over an entire range of �ight, several noncon-
ventional nozzles have been developed over the last few decades. Note that 
most of these advanced nozzles are intended to reduce nozzle length and 
weight which can adapt well to under/overexpansion conditions encoun-
tered along with altitude. We will restrict our discussions to the follow-
ing types of nozzle: (1) extendible nozzle, (2) dual bell–shaped nozzle, 
(3) expansion–de�ection nozzle, and (4) plug nozzle.

4.5.1  Extendible Nozzle

�e ar ea ratios of the nozzle need to be changed continuously to adapt the 
nozzle performance with altitude. As it is quite di�cult to change the exit 
area of the nozzle, the extendible nozzle consisting of two or three segments 
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has been designed and developed. A two-step extendible bell nozzle con-
sisting of two segments is shown in Figure 4.13a. Initially, the extendible 
nozzle with a smaller exit area Ae1 is used for a certain range of low altitude. 
Subsequently, a second segment is actuated using a special mechanism such 
that the nozzle exit area is increased to Ae2 at higher altitude for better per-
formance. �is kind of extendible nozzle has been employed successfully in 
several solid rocket engines and few liquid-propellant engines, particularly 
before initiation of ignition. A three-segment extendible nozzle has been 
devised but has not yet been used during �ight due to additional complexi-
ties. Some of the pertinent problems with the actuation mechanism, the 
seal between the nozzle segments, and the added weight are to be solved to 
make the extendible nozzle viable for future application in rocket engines.

4.5.2  Dual Bell–Shaped Nozzle

In order to overcome the problem of actuation mechanism of the extend-
ible nozzle, a dual nozzle has been designed and developed by combining 
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(a)

(b)

Bump point

FIGURE 4.13 Schematic of (a) an extendible nozzle and (b) a dual bell–shaped 
nozzle.
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the two segments of the nozzle with a hump between them as shown in 
Figure 4.13b. During low-altitude �ight, the �rst bell nozzle segment with 
the smaller exit area Ae1 is operated for the expansion of gas as the �ow 
separation occurs at the hump point and does not adhere to the larger exit 
area Ae2. In other words, the thrust is developed by the expansion of gas 
up to the exit area Ae1. In contrast, at higher altitude, due to lower ambi-
ent pressure, gas expands further for a particular chamber pressure even 
beyond the hump point by getting attached up to the larger exit area Ae2. 
As a result, the nozzle operates at a higher area ratio and enhances perfor-
mance even at higher altitude. However, there will be marginal decrease in 
performance compared to that of the extendible nozzle. �is type of nozzle 
has been used to improve the performance of cryogenic engines on the 
space vehicle Araine 5.

4.5.3  Expansion–De�ection Nozzle

Both extendible and dual bell–shaped nozzles cannot adapt with changes 
in altitude in a continuous manner, but rather in a discrete manner dur-
ing the �ight of a rocket engine, and hence will have lower performance 
level. In order to adapt the nozzle to the changes in altitude in a continu-
ous manner, two di�erent types of nozzles have been developed, namely, 
(1) the expansion–de�ection nozzle and (2) the aerospike nozzle, in which 
the free jet boundary helps in adjusting the expansion process automati-
cally and in a continuous manner with changes in ambient pressure along 
with the altitude. A schematic of a typical expansion–de�ection nozzle with 
annual cross section with the central body/plug is shown in Figure�4.14a. 
In this case, gas �ow from the combustion chamber is turned around the 
curved contour of the plug and moves outward away from its central axis 
along the curved and diverging surface of the bell nozzle. �e purpose 
of the plug is to force the �ow to remain attached to, or to stick to, the 
nozzle walls. An aerodynamic interface is formed between the inner gas 
layer along the curved diverging section and the ambient air. When ambi-
ent pressure changes with altitude, hot gases �ll the larger portion of the 
diverging section of the nozzle. In other words, this nozzle adapts well to 
altitude in a continuous manner.

4.5.4  Aerospike Nozzle

In the case of an aerospike nozzle, an aerospike/aerodynamic plug is placed in 
the center of the nozzle as shown in Figure 4.14b. Note that the �ow moves 
inward toward its axis guided by the centrally placed aerospike. �e outer gas 
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boundary is interfaced directly with ambient air. �e expansion of gas �ow 
around the aerospike gets adjusted directly with the changes in ambient pres-
sure due to changes in altitude. At the designed pressure, the boundary will be 
almost parallel to the axis with similar performance as that of a conventional 
bell nozzle. But for higher ambient pressure, the boundary moves inward 
raising the exhaust pressure. On the other hand, if the boundary moves out-
ward, it allows the gas to expand to a lower pressure. As a result, this kind of 
nozzle can perform in a far superior way than the designed condition com-
pared to the conventional bell nozzle. �e full parabolic contoured nozzle is 
much longer in order to achieve minimum �ow losses when �uid is turned 
o� around the aerospike. Hence, the nozzle with a truncated aerospike, as 
shown in Figure 4.14b, is designed to overcome this problem. Generally, the 
aerospike in the nozzle is truncated to such an extent that it provides least 
performance loss. Of course, with the use of a truncated aerospike, the nozzle 
becomes shorter and sturdier with minimum problems due to heat transfer.

4.6  THRUST-VECTORING NOZZLES
We know that the rocket nozzle produces thrust by expanding hot gases 
only in a certain direction. But we need to change the direction of the thrust 
at the time of maneuver for which proper provisions have to be made in 
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FIGURE 4.14 Schematic of (a) an expansion–de�ection nozzle, (b) an aerospike 
nozzle, and (c) a truncated aerospike nozzle.
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the nozzle design. �is is commonly known as thrust vectoring. Several 
methods of thrust vectoring have been designed and developed over the 
years. We will now discuss �ve kinds of thrust vectoring:

 1. Gimballing system: In the gimballing system, the entire engine is 
rotated using a universal joint as shown in Figure 4.15a. A hinge is 
permitted to rotate around each axis only using proper bearing such 
that thrust vectoring can be achieved. �is calls for smaller control 
forces to execute the thrust vector, particularly for small changes in 
angle. Hence, it incurs negligible losses in its performances in terms of 
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FIGURE 4.15 Schematic of (a) a gimballing system, (b) jet vanes and jetavator, 
(c) a side liquid injection system, (d) a Vernier rocket nozzle, and (e) a �exible nozzle.
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thrust and speci�c impulse, and is being used profusely. It is preferred 
in liquid rocket engines, particularly when �exible supply lines are 
being used. It is less preferred in solid rocket engines as it is heavier 
and larger in size. Most U.S. spacecra� (e.g., space shuttle) use the 
gimballing system while Russian spacecra� prefer the hinge system.

 2. Jet vanes and jetavator: In this method, the exhaust jet from the nozzle 
can be de�ected by using a pair of heat-resistant vanes as shown in Figure 
4.15b. �ese aerodynamic-shaped vanes are placed at the exit of a �xed 
nozzle, which causes a certain drag that reduces the speci�c impulse 
from 2% to 5% with severe vane erosion. In order to reduce the vane ero-
sion, graphite is used for the fabrication of jet vanes. Germany’s V2 mis-
siles and Iraq’s Scud missiles use graphite jet vanes. But these can crack 
and break easily. Recently, glass-phenolic molded vanes have been used 
for this purpose. �ese can provide maximum side thrust as large as 20% 
of the axial thrust with higher reliability. Besides, jet tabs are used for 
thrust vectoring due to their low actuating power and light weight. But 
these are also subject to erosion and thrust loss. Nozzles with an extend-
ible portion are known as jetavators, which are used for thrust vectoring 
purpose on demand. In other words, these devices can allow jets to be 
de�ected whenever thrust vectoring is required. As a result, losses due to 
thrust vectoring are reduced drastically compared to jet vanes.

 3. Side liquid injection: In this method, a secondary liquid is injected 
through the side wall into the main gas stream which forms an 
oblique shock in the diverging portion of the nozzle, as shown in 
Figure 4.15c. �e liquid jet must have su�cient jet momentum com-
pared to the gas momentum in the diverging portion of the nozzle. 
�is bow shock upstream of the cross jet causes the �ow to sepa-
rate from its wall due to a large pressure gradient. A recirculation is 
formed upstream due to this large pressure gradient. Note that the 
liquid jet gets broken and forms a region of vapor and droplets down-
stream of the bow shock. As a result, asymmetrical distribution along 
the azimuthal direction will occur and hence a side force is produced 
e�ecting thrust vectoring of the rocket engine. Axial force is reduced 
marginally, particularly for small �ow rate of injectant, because any 
decrease in axial thrust due to the formation of oblique shock is 
compensated by gain due to liquid injection. �is method has been 
used for a few large solid-propellant rocket engines (e.g., Titan IIIC). 
Generally, high-density liquid is preferred to reduce the storage tank 
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volume. Strontium perchlorate with water solution (30:70) is pre-
ferred as a liquid injectant. It is mostly preferred for small de�ection. 
It is not favored for large side forces as large amounts of injectants 
have to be used. Note that liquid requirement for the worst-case sce-
nario has to be carried for a successful mission.

 4. Vernier rocket: Small auxiliary nozzles known as Vernier rockets are 
used to provide roll control of the rocket engine. �ese Vernier noz-
zles are small and can be actuated easily to de�ect the exhaust nozzle 
�ow. Note that these nozzles are supplied from the same feed system 
of the main rocket engine. A typical Vernier rocket system for thrust 
vectoring is shown in Figure 4.15d in which four small rocket nozzles 
can be used to impart vectoring of thrust produced by the engine. 
Vernier rockets were used routinely in early Atlas missiles. �e space 
shuttle has six Vernier rockets for its reaction control. In recent times, 
it is not much used because of its weight and complex feeding system.

 5. Flexible nozzle: Among the recent types of nozzles, the �exible noz-
zle has found wider application for thrust vectoring, particularly for 
solid-propellant rocket engines as it does not reduce thrust and spe-
ci�c impulse signi�cantly compared to other methods. A typical �ex-
ible nozzle submerged in solid propellant is shown in Figure 4.15e. 
It consists of an actuator, a thermal boot, a throat hosing, a �ex seal 
an assembly, a throat insert, and a divergent liner. In this submerged 
�exible nozzle, a number of high-temperature composite sheath-
ing joints are used which can move when the nozzle is actuated by 
a mechanical/hydraulic actuator by reorienting its angle. As a result, 
the nozzle is rotated by an angle from 4° to 7°, thus making the noz-
zle �exible. In recent times, �exible nozzles have become popular in 
India, Japan, the United States, and Europe.

4.7  LOSSES IN ROCKET NOZZLE
We have already discussed at length about rocket nozzle losses under ideal 
conditions. �e e�ects of ambient pressure (altitude) on rocket performance 
have also been discussed in detail. Besides this, several losses are incurred dur-
ing the operation of the nozzle. Some of the major losses are enumerated here:

 1. Flow divergence in a conical nozzle causes losses in the axial momen-
tum, leading to lower speci�c impulse. Losses can be minimized by 
using a bell-shaped nozzle.
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 2. Generally, the area ratio between the combustion chamber and the 
throat must be greater than 4 to have low velocity in the combustion 
chamber. But a smaller combustion chamber area is preferred due 
to constraints of rocket engine design. As a result, the velocity in the 
combustion chamber will be considered to be almost zero under ideal 
conditions and will thus incur more pressure losses due to accelera-
tion caused by heat addition during the combustion process, leading 
to lower thrust.

 3. Extended combustion in the nozzle can change the �ow properties, 
which can alter the production of the ideal nozzle.

 4. Nonuniform gas composition can cause losses due to incomplete 
mixing and combustion.

 5. Performance of the rocket nozzle becomes slack during takeo� and 
burnout period due to transient pressure operation.

 6. A boundary layer develops on the nozzle wall, leading to slower 
exhaust velocity (0.5%–1.5%), which can result in less thrust.

 7. Solid particles/droplets in the nozzle �ow can cause losses.

 8. Non-optimum nozzle expansion can cause losses in exhaust velocity, 
leading to lowering of speci�c impulse. As overexpansion and under-
expansion of nozzle �ow do take place during its �ight, this can incur 
losses as high as 15% compared to an ideal nozzle. Hence, advanced 
nozzles are being developed to compensate their performance with 
altitude, as discussed in Section 4.5.

 9. Unsteady combustion and pressure �uctuation can lower nozzle 
performance.

4.8  PERFORMANCE OF EXHAUST NOZZLE
�e performance of an exhaust nozzle can be characterized by several per-
formance parameters reported in the literature. However, we will restrict 
our discussion to three parameters, which are used profusely by designers:

 1. Isentropic nozzle e�ciency �in

 2. Discharge coe�cient CD

 3. �rust coe�cient C F
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4.8.1  Isentropic Ef�ciency

�e expansio n process in a nozzle is shown in an T-s diagram in Figure�4.16. 
It may be noted that the velocity at the nozzle exit under isentropic expansion 
condition is higher than that in the non-isentropic condition due to increased 
entropy caused by friction, and turbulence e�ects. In order to ascertain the 
performance of the nozzle, e�ciency is de�ned as the ratio of actual to isentro-
pic enthalpy drop across the nozzle. By using the station numbers of the rocket 
engine, the expression for isentropic e�ciency can be derived as follows:

 
� in

t e

t es

t e

t es

h h
h h

T T
T T

�
�
�

�
�
�

2

2

2

2  
(4.17)

�is equa tion can be expressed in terms of pressure ratio across nozzle and 
actual exit velocity as follows:
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Note that the isentropic e�ciency can be evaluated knowing the pressure 
ratio, chamber temperature, and actual nozzle velocity. It takes care of vari-
ous kinds of losses that make the �ow non-isentropic. Its value lies from 90% 
to 95% depending on the �ow condition, nozzle size and shape, and so on.
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FIGURE 4.16 �e expansion processes in a T-s diagram.
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4.8.2  Discharge Coef�cient

We know that the actual e�ective �ow area of the nozzle is always slightly 
less than the geometrical area due to the presence of the boundary layer 
on the wall of the nozzle. Hence, we must de�ne a discharge coe�cient as 
follows:
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where CD is assumed to be constant if the nozzle is fully expanded. Note 
that the discharge coe�cient CD is dependent on Reynolds number of the 
�ow, which eventually is dependent on the pressure ratio Pt2/Pe across the 
nozzle. �e variation of CD with the pressure ratio Pt2/Pe for a typical CD 
nozzle is shown in Figure 4.17. Interestingly, it may be observed from 
this �gure that the CD does not vary with Pt2/Pe due to venturi e�ects 
during initial subsonic �ow. With an increase in Pt2/Pe the CD decreases 
due to increasing losses and attains a minimum value when the nozzle is 
choked.

4.8.3  Mass Flow Coef�cient

In the case of a rocket engine, the mass �ow rate through the nozzle is gov-
erned by the chamber pressure and throat area of the nozzle. Hence, it is 
important to have a parameter which can represent all these variables. �is 
parameter, known as the mass �ow coe�cient Cm� , is de�ned as the ratio of 
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FIGURE 4.17 Variation in CD versus pressure ratio Pt7/P9 across a CD nozzle.
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mass �ow rate of propellant �mp to the product of chamber pressure Pc and 
throat area At as follows:
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Note that the mass �ow coe�cient Cm�  can be estimated easily from experi-
mental data for the following parameters: mass �ow rate of propellant �mp, 
chamber pressure Pc, and throat area At. �e mass �ow coe�cient Cm�  can 
be determined from experimental data and documented in the form of 
a design chart, which is quite useful for the design and development of 
rocket engines.

4.9  THRUST COEFFICIENT
We know that in an actual nozzle, the �ow streamlines would not be paral-
lel to the axis of the nozzle. In other words, there will be a velocity vector 
angularity in the �ow, leading to lowering of the actual thrust from the 
ideal one. In addition, there will be a reduction in thrust due to a decrease 
in velocity caused by the presence of boundary layers over its surface. Due 
to all these reasons, the actual thrust will be di�erent than the ideal one. 
In order to ascertain this e�ect, the thrust coe�cient CF was de�ned in 
Section 3.4.5 as the ratio of thrust F to the product of chamber pressure Pc 
and throat area At of the nozzle as follows:
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Recall that in Section 3.3, we had derived the expression for thrust F 
(Equation 3.4), which indicates that thrust is dependent on exhaust velocity 
Ve, exit pressure Pe, ambient pressure Pa, and mass �ow rate of propellant �mp. 
From Equation 4.3, we know that exhaust velocity Ve for an ideal nozzle is 
expressed in terms of exit pressure Pe, chamber pressure Pt2, speci�c heat ratio 
� , and CP of exhaust gas. Moreover, Equation 4.8 indicates that mass �ow rate 
�m is related to chamber pressure Pt2, chamber temperature Tt2, throat area At 
of the nozzle, and speci�c heat ratio �. By using Equations 4.3, 4.8, and 4.21, 
we can derive an expression for the thrust coe�cient CF as follows:
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Note that thrust coe�cient CF is dependent on nozzle geometry, namely, 
nozzle exit area Ae and throat area At, apart from operating pressure 
ratios and speci�c heat ratio �. Note that the term (Pe � P a)/Pc indicates 
how well the nozzle is suited to expansion due to the actual pressure 
ratio. It is interesting to note that the thrust coe�cient does not depend 
on �ame temperature Tc and gas constant R. Note that expansion area 
ratio Ae/At is dependent on Pe/Pc. Hence, let us plot the variation of CF 
against Ae/At in Figure 4.18 for various Pt2/Pa and representative speci�c 
heat ratio of�1.2. It is interesting to note that the value of CF varies from 
0.85 at Pt2/Pa =�2.5 to 1.8 at Pt2/Pa = 500 in this plot. Let us consider the 
case of Pt2/Pa = 8 in Figure�4.18 for the value of CF which increases to a 
peak value at an area ratio of 2 and drops subsequently. �e peak value of 
CF occurs when the nozzle is completely expanded (Pe = Pa). But for both 
underexpansion (Pe > Pa) and overexpansion (Pe < Pa) for a particular 
chamber pressure Pt2, CF is lower than the peak value. Recall that over-
expansion in the nozzle must be avoided to achieve higher performance 
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New�York, 2001.)
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in the nozzle, because strong oblique shocks can form inside the diver-
gent portion of the nozzle as shown in Figure 4.12. If the strength of 
the oblique shock is high, then the boundary layer is likely to separate, 
resulting in exorbitant losses in thrust. Hence, the area ratio Ae/At for 
a CD nozzle has to be properly selected so that the �ow separation in 
the nozzle can be avoided during overexpansion. Note that when the 
nozzle is expanded to near vacuum corresponding to a large area ratio, 
the asymptotic value of CF is around 2.25 (not shown in Figure 4.18). 
Note that such an area ratio is not used for practical applications as the 
nozzle size and weight will be quite large. Generally, a nozzle pressure 
ratio from 5 to 100 is used for rocket engines. Note that the design chart 
for thrust coe�cient CF in terms of pressure ratio Pc/Pa and area ratio 
Ae/At is generated which can be used for the design and  development of 
rocket engines.

Example 4.2

In a rocket engine, a CD nozzle is designed to expand gas fully from a 
chamber pressure of 5.4 MPa and a temperature of 3000 K to ambient 
pressure 15 kPa. Assuming �ow to be isentropic, determine (1)�the 
area ratio and (2) the thrust coe�cient. If this engine is operated at 
sea level, what will be the percentage of change in the thrust coef-
�cient. Assume � = 1.2.

�e area ratio for optimum expansion can be evaluated using 
Equation 4.15:
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�e thrust coe�cient can be determined for a fully expanded nozzle 
(Pe = Pa) by using Equation 4.21:
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When the engine is operated at sea level (Pa = 101.325 kPa), the 
thrust coe�cient can be determined by using Equation 4.21:
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�e percent age of change in the thrust coe�cient can be determined 
as 28.65.

REVIEW QUESTIONS

 1. What are the types of exhaust nozzles used in rocket engines?

 2. Show schematically the variations in total enthalpy, pressure, and 
temperature across a convergent nozzle. How are these comparable 
with their respective static quantities?

 3. What is meant by back pressure control? Explain it.

 4. What is meant by thrust vectoring. Describe various methods used in 
practical systems.

 5. When is the CD nozzle preferred? Can you suggest methods to have 
a variable throat area in a CD nozzle?
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 6. What is meant by underexpansion in a CD nozzle? When is it likely 
to occur?

 7. Describe the �ow processes involved during the overexpansion of a 
CD nozzle.

 8. Is the variable-geometry nozzle preferred in a rocket engine? Justify 
your answer.

 9. Is it possible to have an arrangement of variable-geometry CD? 
Describe its operating principle.

 10. What are the advanced nozzles used for rocket engines. Which is 
 preferred among all? Why is it so?

 11. What is meant by thrust vectoring? What are the types of thrust vec-
toring used currently for rocket engines?

 12. What are the performance parameters used for nozzles? De�ne 
isentropic e�ciency. What are the parameters that a�ect isentropic 
e�ciency?

 13. De�ne discharge coe�cient. How does it vary with pressure ratio 
across a CD nozzle?

 14. What is meant by mass �ow coe�cient? What is its physical meaning?

 15. What is thrust coe�cient? What are the parameters that a�ect thrust 
coe�cient?

PROBLEMS

4.1 In a CD nozzle with a throat area of 0.75 m2 of a rocket engine, gas at 
7.5 MPa and temperature of 3200 K is expanded fully to 10.5 kPa for 
producing thrust. Assuming �ow to be isentropic, determine (1)�the 
exit Mach number, (2) the maximum exit mass �ow rate passing 
through this nozzle, and (3) the exit area. Assume � = 1.2 and MW = 
24 kg/kmol.

4.2 In a rocket engine, a CD nozzle is designed to expand gas fully from a 
chamber pressure of 6.4 MPa and temperature of 3200 K to an ambi-
ent pressure of 2.5 kPa. Assuming �ow to be isentropic, determine 
(1)�the area ratio and (2) the thrust coe�cient. If this engine is oper-
ated at sea level, what will be the percentage of change in the thrust 
coe�cient. Assume � = 1.2.
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4.3 A nozzle is fully expanded in a CD nozzle from a chamber pressure 
of 7.5 MPa and temperature of 3200 K to sea-level pressure. If the 
mass �ow rate happens to be 4.3 kg/s, determine the exit velocity, 
exit temperature, and thrust coe�cient. Assume � = 1.25 and MW = 
20 kg/kmol.

4.4 A nozzle is fully expanded in a CD nozzle from a chamber pressure 
of 2.5 MPa and temperature of 3200 K to 10 kPa. If the throat area 
happens to be 0.0006 m2, determine the throat velocity, throat den-
sity, mass �ow rate, speci�c impulse, and thrust. Assume � = 1.3 and 
MW�= 22 kg/kmol.

4.5 For a rocket engine, a CD nozzle with an exit to throat area ratio of 10 is 
designed to expand the hot gas with �  = 1.25 and MW = 20 kg/kmol at 
2950 K to ambient pressure at an altitude of 20 km. Determine the cham-
ber pressure, exit Mach number, exit temperature, and exit pressure.

4.6 A rocket engine has the following data:

Mass �ow rate of propellant 5 kg/s

Nozzle exit diameter 10 cm

Nozzle exit pressure 1.02 bar

Ambient pressure 1.013 bar

Chamber pressure 20 bar

�rust 7 kN

  Calculate the e�ective jet velocity, actual jet velocity, speci�c impulse, 
and speci�c propellant consumption.

4.7 A rocket nozzle has a throat area of 18 cm2 and combustion chamber 
pressure of 25 bar. If the speci�c impulse is 127.42 s and weight �ow 
rate is 44.145 N/s, determine the thrust coe�cient, propellant weight 
�ow coe�cient, speci�c propellant consumption, and characteristic 
velocity.

4.8 �e da ta for a rocket engine are as follows:

Combustion chamber pressure 38 bar

Combustion chamber temperature 3500 K

Oxidizer �ow rate 41.67 kg/s

Mixture ratio 5.0
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  If the expansion in the rocket nozzle takes place at an ambient pres-
sure of 533.59 N/m2, calculate the nozzle throat area, thrust, thrust 
coe�cient, characteristic velocity, exit velocity of exhaust gases, and 
maximum possible exhaust velocity. Take � = 1.3 and R = 287 J/kg ��K.

4.9 Calculate the thrust, e�ective jet velocity, and speci�c impulse of a 
rocket operating at an altitude of 20 km with the following data:

Propellant �ow rate 1 kg/s

�rust chamber pressure 27.5 bar

Chamber temperature 2400 K

Nozzle area ratio 10.2

  Take � = 1.3 and R = 355 J/kg ��K.

4.10 A rocket engine burning liquid oxygen and kerosene operates at a 
mixture ratio of 2.26 and a combustion chamber pressure of 50 
atmospheres. If the propellant �ow rate is 500 kg/s, calculate the area 
of the exhaust nozzle throat.

4.11 A convergent–divergent nozzle has an area ratio of 4 and is designed 
to expand the hot gases at total pressure and temperature of 5.5 MPa 
and 3230 K, respectively. What is the location of the normal shock 
wave and exit Mach number if the back pressure becomes 0.1 MPa?

4.12 A convergent–divergent nozzle is designed to expand the hot gases at 
total pressure and temperature of 4.5 MPa and 2830 K, respectively. 
�is nozzle has an exit area of 0.86 m2. If the isentropic e�ciency 
of the nozzle is 0.95, estimate (1) the exit Mach number and (2) the 
mass �ow rate, and Ae/At when the nozzle is operated under designed 
conditions (50 kPa and 226 K).

4.13 A nozzle with an inlet diameter of 50 mm, semi-convergence angle 
of 25°, and semi-divergence angle of 7° is to be designed to deliver 
0.2 kg/s mass �ow rate with Mach number of 2.2 at its exit. If the 
chamber pressure and temperature happen to be 1.5 MPa and 30°C, 
respectively, determine the exit diameter, throat diameter, and length 
of the nozzle. If the back pressure is the same as the atmospheric pres-
sure, determine the expansion/compression waves and their angles at 
the nozzle exit and the maximum theoretical Mach number that can 
be achieved at its exit. Take � = 1.33.
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Spacecraft Flight 
Performance

If there is a small rocket on top of a big one and if the big one is 
jettisoned and small one is ignited, their speeds are added.

HERMAN OBERTH, ROCKET EXPERT

5.1  INTRODUCTION
In the last few chapters, we have learnt about the various fundamentals 
which are required for understanding rocket propulsion. By expanding 
the high pressure and high temperature in a convergent–divergent (CD) 
nozzle, thrust is produced which is imparted to the vehicle for achiev-
ing the requisite �ight velocity. Hence, it is important to understand the 
e�ect of exhaust nozzle jet velocity on the �ight performance of space 
vehicles. �e thrust imparted by the rocket engine is to overcome the 
drag forces and accelerate/decelerate the vehicle and change its direction 
in a controlled manner. For space applications, several �ight regimes, 
namely, (1) atmospheric �ight and (2) near-space �ight and deep-space 
�ight, are being considered. Note that the atmospheric �ight regime is 
to be considered for air–surface missile, sounding rocket applications 
while near-space �ight is considered for satellites, space labs, and so on. 
But the deep-space regime is to be considered for lunar, mars, and other 
planetary �ight missions. We will be restricting our discussions to the 
simpli�ed �ight performance of a rocket engine in this book. Interested 

C H A P T E R  5
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readers are advised to refer to advanced books for detailed information 
on space �ight performance [1,2].

5.2  FORCES ACTING ON A VEHICLE
Several external forces, namely, thrust, aerodynamic forces (drag), gravi-
tational forces, centrifugal forces, and coriolis forces, act on �ying objects 
like a missile. �e centrifugal and coriolis force being small in compari-
son to other forces can be neglected in the present analysis. �e thrust 
produced by the rocket motor usually acts in the opposite direction of 
the high-temperature, high-pressure gas that expands and exits from the 
rocket nozzle. We know that thrust can be expressed as a function of the 
propellant mass �ow rate �mp and e�ective exhaust velocity of the propel-
lant in the nozzle. For a fully expanded nozzle, thrust from Equation 3.4 
can be expressed mathematically as

 F m Vp e� �  (5.1)

In most cases, the propellant mass �ow rate remains almost constant and 
thus can be expressed in terms of initial mass of propellant in the space-
cra� and the burning time of the propellant tb, neglecting of course the 
starting and ending transients, as follows:

 
�m
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t
p
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(5.2)

�e insta ntaneous mass of the vehicle m can be expressed as a function 
of the initial mass of the full vehicle m0 and the propellant mass mp at an 
instantaneous time t as follows:

 m m m to p� � �  (5.3)

5.2.1  Aerodynamic Forces

We are aware of two aerodynamic forces, namely, drag and li�. �e drag 
force acts in the direction opposite to the �ight of the vehicle due to the 
resistance of the vehicle to the �ight motion through a �uid (air) medium, 
whereas li� is the aerodynamic force acting in the direction normal to the 
�ight of the vehicle. �e li� L and the drag D can be expressed as functions 
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of �ight speed V, density of �uid, and a typical surface area which can be 
expressed as follows:
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where
CD is the drag coe�cient
CL is the li� coe�cient
A is the frontal cross-sectional area

Note that the frontal area must be chosen properly as it varies from system 
to system. For example, in a missile system, the frontal area A is the maxi-
mum cross-sectional area normal to the missile axis. �e drag and li� coef-
�cients are mainly functions of �ight measured in Mach number and angle 
of attack. �e variation of CD and CL with changes in �ight Mach number 
is depicted in Figure 5.1 for a typical missile for two angles of attack (� = 3° 
and 10°). It may be noted that the e�ects of Mach number can be neglected 
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FIGURE 5.1 Variation of CD and CL with Mach number for a typical missile for 
two angles of attack � = 3° and 10°.
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for low �ight speed. �e values of CD and CL reach a maximum around 
unity Mach number (M � 1.1).

5.2.2  Gravity

We know that gravitational attraction acts on a space vehicle by all ter-
restrial bodies which pull the vehicle toward their center of mass. But 
when the vehicle is in the immediate vicinity of the earth, the gravitational 
attraction of other planets and bodies is negligibly small compared to the 
earth’s gravitational force. �e variation of local gravitational acceleration 
with altitude can be estimated by the following expression:

 
g g

R
R

g
R

R h
e

e
e

e� �

�
�

�

�
� �

�
�

�
�

�

�
�

2 2
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where
ge is the acceleration on the earth’s surface
g is the local gravitational acceleration due to gravity
h is the altitude (km) from the earth’s surface
Re is the radius of the earth

Note that Equation 5.6 can be derived easily by using Newton’s law of 
gravitation. Generally, the value of the radius of the earth Re and the accel-
eration on the earth’s surface ge evaluated at the equator of the earth are 
6378.5 km and 9.81 m/s2, respectively, which can be used for calculating 
the local gravitational acceleration due to gravity. Note that the duration of 
�ight in the earth’s atmosphere is quite small and will not a�ect the e�ect 
of gravitational acceleration on the estimation of thrust and velocity incre-
ment. We will discuss this further in the subsequent section.

5.2.3  Atmospheric Density

We know that the density of atmosphere around the earth varies along with 
altitude. Hence, it has to be considered during a rocket engine’s �ight, par-
ticularly within earth’s atmosphere. �e approximate expression for atmo-
spheric density � with altitude h is as follows [4]:

 � �
� � �Ae

Bh1 15.

 (5.7)

where A and B are constants whose values are 1.2 and 2.9 × 10�5  when den-
sity and altitude are expressed in SI units. Besides this expression, density 
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data with altitude can be used from the data table for international stan-
dard atmospheric properties as given in Appendix C1. Note that the air 
density in the atmosphere at an altitude of 30 km gets reduced to 1% of its 
value at sea level and can be neglected for this regime.

5.3  THE ROCKET EQUATION
We know that during a �ight the mass of the vehicle changes a great deal 
due to consumption of the propellant. When the rocket vehicle �ies nearer 
the earth’s surface, the gravitational pull of other distant heavenly bodies 
is small enough to be neglected. During this motion of the rocket vehicle, 
several forces, namely, thrust, gravitational force, drag, li�, control forces, 
and lateral force, and all moments will be acting on it, which might cause 
the vehicle to turn in a certain direction. As a result, the motion of the 
vehicle is inherently three-dimensional in nature. However, for simplic-
ity, we will assume a two-dimensional motion of the rocket vehicle. �is 
is possible only when control forces, lateral forces that result in producing 
moments, are zero. In other words, this can happen only when the vehicle 
is having a rectilinear equilibrium �ight. Let us assume the �ight trajec-
tory is two-dimensional and is constrained in the x–y plane as shown in 
Figure 5.2. However, we will consider the aerodynamic forces, namely, drag 
and li�, that are acting on the vehicle along with gravitational force from 
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mg
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F

FIGURE 5.2 Free body force diagram in a two-dimensional plane for a �ying 
rocket engine vehicle.
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the earth. Note that we assume that the direction of �ight is the same as 
that of the thrust.

In the direction of the �ight path, we know that the product of mass and 
acceleration is equal to the sum of all acting forces:
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(5.8)

where
m is the instantaneous mass of the vehicle
g is the acceleration due to gravity
D is the drag force acting on the vehicle
� is the angle between the vehicle path and horizontal direction

We know that the vehicle mass is reduced as the propellant is ejected 
through the nozzle of the rocket engine for producing thrust. Hence, the 
instantaneous mass of the vehicle can be related to the propellant mass 
as follows:
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where
t is the instantaneous time
tb is the total burning time
mp is the initial propellant mass
mo is the initial mass of the vehicle
PF = mp/mo is the propellant fraction

By substituting Equation 5.9 for instantaneous mass in Equation 5.8, 
we obtain
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By simplifying Equation 5.10, we obtain

 

dV
dt

m V

t m PF
t
t

D

m PF
t
t

gp eq

b o
b

o
b

�

�
�

�
�

�

�
�

�

�
�

�

�
�

�

�
�

�
�

�

�
�

�

�
�

�

�
�

�

1 1

ccos�

 

(5.11)



Spacecraft Flight Performance   �    135

By expressing Equation 5.11 in terms of PF and substituting Equation 5.5, 
we obtain
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�is equa tion is o�en known as the rocket equation. Note that the �rst 
term on the right-hand side representing acceleration due to applied thrust 
can be integrated easily. But the angle � can vary continuously. �e sec-
ond term in Equation 5.12 that represents deceleration due to aerodynamic 
drag is di�cult to integrate because we know that the drag coe�cient CD is 
a function of Reynolds number and Mach number. Besides this, CD varies 
continuously with altitude, vehicle speed, and ambient density. Of course it 
can be integrated graphically or by numerical method. Its value can be des-
ignated as B1CDA/mo. �e third term that represents the deceleration due 
to gravitational drag force of the earth is also equally di�cult to evaluate as 
the value of g varies with altitude as per Equation 5.6. �is term can be inte-
grated with time provided we assume a mean value of cos �. �is assump-
tion can be valid if the duration of thrust is quite short. �is is possible 
as the thrust given to the vehicle is usually in the early part of its ascent, 
particularly for certain missile applications, and the rest of the journey is 
in ballistic (free �ight) mode. �us, we can take �g cos �� as the mean value 
for calculation. Note that the drag term can contribute signi�cantly only if 
the vehicle spends a considerable portion of its total time within the atmo-
sphere. �erefore, we will neglect this term for simplicity for space �ight. 
�en, on this simpli�cation, Equation 5.13 can be expressed as follows:
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By integrating Equation 5.13 between interval t = 0 and t = tb (V = V0 to 
V = Vb), we obtain
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By integrating and simplifying Equation 5.14, we obtain

 � V V V V PF g tb eq b� � � � ��� �� �0 1ln cos�  (5.15)

But we know that the propellant fraction PF can be expressed in terms of 
mass ratio MR as follows:
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where
mb is the burnout mass of the vehicle a�er all the propellant is consumed
MR is the mass ratio of the vehicle

We can express Equation 5.15 in terms of Isp and MR as follows:

 � V V V V MR g t I g MR g tb eq b sp b� � � � � � � � � �0 ln cos ln cos� �  (5.17)

For larger �V, we need to have higher Isp and MR and short burning dura-
tion when the vehicle is traveling through the gravitational �eld of any 
planet. As the time is too short to have a larger �V for the same Isp and MR, 
the vehicle must be impulsive in nature. But if the vehicle is traveling in 
space, then the change in velocity due to gravitational force will be almost 
zero. �en Equation 5.17 for gravity-free �ight becomes
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ln ln ;
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�is equa tion was derived �rst in 1903 by the Russian scientist Konstantin E. 
Tsiolkovsky, who had advocated the use of rocket engines for space travel. 
�is equation is known as Tsiolkovsky’s rocket equation, which is the 
basis of rocket propulsion. It indicates that velocity change of the vehi-
cle is dependent on the MR, which is the ratio of initial mass and burn-
out mass and the exhaust velocity. Note that it is not dependent on the 
applied thrust or the size of the rocket engine vehicle, or on the duration 
of propellant burning. Rather the velocity of the rocket vehicle increases as 
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the propellant gets consumed for a particular value of Isp. Besides, it also 
depends on the exhaust velocity for a particular value of mass ratio MR, 
indicating how fast a propellant can be ejected from the exhaust nozzle. In 
other words, to have higher rocket velocity, the mass ratio MR must have a 
higher value. For example, if the mass ratio happens to be 10, then the pro-
pellant mass would be around 90% of the total vehicle. In other words, the 
10% total mass of the vehicle is used for structure, empty propulsion sys-
tem mass, payload, guidance, and control and control surfaces. It calls for 
careful design acumen of the rocket engine designer. In order to appreciate 
the dependence of Isp and MR better, the variation in velocity increment is 
plotted for di�erent and shrewd values of Isp and exhaust velocity. It may 
be observed that the vehicle velocity increases asymptotically for a certain 
value, particularly at higher MR for a particular value of Isp. In other words, 
it would not be prudent to have higher MR beyond a certain limit as an 
increase in its value will have diminishing return. Of course, with further 
increase in the value of Isp, vehicle velocity increases in a similar manner as 
that of lower Isp values as shown in Figure 5.3 for �g cos ��tb = 825 m/s. It 
may also be noted from this �gure that a rocket vehicle can travel at a faster 
rate than its exhaust velocity. Of course, a rocket vehicle’s velocity can be 
increased by increasing its exhaust velocity. Note that in earlier days the 
gun powder–propelled rocket engine had an exhaust velocity in the range 
of 2000 m/s, which could not be used for space application. But in modern 
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cryogenic LPREs, an exhaust velocity of 4000 m/s can be achieved easily. 
As a result, the capability of a chemical rocket engine vehicle’s velocity has 
increased to 11.98 km/s for an MR of 20 under ideal condition.

5.3.1  Burnout Distance

When the rocket is �red vertically, we can neglect both the drag force 
and gravitational force acting on the rocket engine. We can determine the 
distance covered during the burnout period of the propellant, known as 
the burnout distance hb, by integrating Equation 5.18 into time duration 
tb as follows:
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Note that the exhaust velocity is assumed to remain constant during this 
�ight. It can be concluded from the relationship in Equation 5.19 that 
the burnout distance is dependent on the speci�c impulse Isp and mass 
ratio MR and is independent of the size of the rocket engine. However, 
if the drag and gravitational forces are considered for this analysis, the 
burnout distance will depend on the size of the rocket engine in addition 
to Isp and MR.

5.3.2  Coasting Height

Once the entire propellant of a rocket engine is burnt out, the rocket will 
travel further till all its kinetic energy is consumed by the vehicle. �is 
vertical height achieved by the rocket engine is commonly known as the 
coasting height. Note that this height has to be determined routinely for 
the sounding rocket engine. By neglecting the drag and gravitational forces 
on the vehicle, the coasting height hc can be determined by equating the 
kinetic energy possessed by the vehicle at burnout to the increase in poten-
tial energy due to the gain in vertical height as follows:
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Assuming that acceleration due to the earth’s gravity remains almost 
constant, we can integrate Equation 5.20 to get an expression for the 
coasting height hc:
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�e tota l vertical height ht traveled by the vehicle can be determined as 
follows:
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5.3.3  Flight Trajectory

It is important to estimate the �ight trajectory for guidance purpose. Of 
course, in an actual rocket vehicle, the �ight trajectory can be three-dimen-
sional in nature. However, for simplicity, we will consider the �ight trajec-
tory as two-dimensional in nature which will be on a single plane. �is is 
possible only when the vehicle is not a�ected by the wind, thrust misalign-
ment, solar attraction, and so on. In this case, the �ight direction angle is 
the same as the thrust direction angle. �e li� force can be assumed to be 
negligible as it is a wingless and symmetrical rocket engine vehicle. �e 
simpli�ed equation for velocity change in Equation 5.17 can be applied 
particularly when the vehicle is traveling through the earth’s atmosphere 
as gravitational force will play a signi�cant role in shaping the �ight trajec-
tory. However, Equation 5.11 can be invoked for determining the �ight 
trajectory in a two-dimensional plane as it contains both drag and gravita-
tional force terms. In order to integrate this equation, the calculation can 
be carried out over a small time interval compared to the burnout time. 
During this time interval, �t, g, �, and D/m can be assumed to remain con-
stant. Note that if the vehicle is launched vertically, it will not have a gravi-
tational turn. However, if the vehicle has a certain initial angle of turn �1, 
the vehicle gradually takes a turn, known as the gravitational turn, and fol-
lows a curve path as shown in Figure 5.4. For a time interval �t, the overall 
vehicle increment �V is the vector sum of �VF due to thrust, �Vg due to 
gravity, and �VD due to drag, as shown in Figure 5.4a. Note that �VD due 
to drag and cosine component of �Vg due to gravity are opposite in direc-
tion to �V F due to thrust. In the subsequent time interval, the vehicle will 
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travel at a di�erent turning angle. By obtaining the velocity as a function 
of time, we can easily evaluate its trajectory in the two-dimensional plane. 
Note that the accuracy of this procedure for the evaluation of �ight trajec-
tory will depend on the length of the time interval �t, which must be small 
compared to the burnout time.

5.4  SPACE FLIGHT AND ITS ORBIT
Rocket engines are employed to launch a spacecra� from the surface of the 
earth. �e spacecra� moves around an orbit of the earth or of any other 
planet which is governed by the local gravitational �eld and momentum 
of the spacecra�. �is orbit can be either circular or elliptic in shape. For 
the motion of the spacecra� in a circular orbit as shown in Figure 5.5, the 
gravitational force Fg holding the spacecra� can be determined by using 
Newton’s law of gravitation:
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where
M is the mass of the planet (earth)
m is the mass of the space vehicle
R is the distance between the two masses
G is the universal gravity constant (G = 6.67 × 10�11  m3/kg s2)
� is the angular velocity of the mass m
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FIGURE 5.4 Flight trajectory calculation procedure for a vehicle with a 
 gravity turn: (a) vector sum of all velocities for a small time interval, �t 
(b) flight trajectory of vehicle.
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Note that the gravitational force Fg is balanced by the pseudo-centrifugal 
force m� 2R. �e angular velocity � and orbital velocity Vo from 
Equation 5.23 can be evaluated easily as follows:
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�e orbit al velocity decreases nonlinearly with the radius of the orbit. 
�e time period required to revolve around this orbit can be determined 
as follows:
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�e time per iod per revolution increases with the radius of the orbit at a 
higher rate compared to the orbital velocity.

Example 5.1

A satellite is placed at a height of 250 km from the surface of the earth 
in a circular orbit. Determine the orbital velocity Vo of this satellite.

Solution

�e orbital velocity V o can be determined from Equation 5.24 as
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FIGURE 5.5 Flight trajectory around a circular orbit.
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5.4.1  Elliptic Orbit

We have discussed the circular orbit in which a spacecra� can orbit around 
a planet. But orbits need not to be circular always; rather they can be ellip-
tic. When a spacecra� is orbiting in a circular orbit, if its velocity decreases, 
it can enter into an elliptic orbit. It may be noted that a planet is located 
at the focal point of the ellipse (Figure 5.6) while the satellite is orbiting at 
an orbital velocity of Vo. In a polar coordinate system, an elliptical orbit is 
described by the instantaneous radius R from the center of the planet, and 
the major axis a and minor axis b as shown in Figure 5.6. �e motion of the 
satellite around the elliptical orbit is governed by Kepler’s laws of planetary 
motion as follows:

 1. Law of ellipse: �e path of the satellite about the planet is elliptical in 
shape, with the center of the planet being located at one focus.

 2. Law of equal area: �e imaginary line joining the center of the planet 
shown in Figure 5.6 to the center of the satellite sweeps out an equal 
area of space in equal amounts of time.

 3. Law of harmonies: �e ratio of the squares of the periods of any two 
satellites is equal to the ratio of the cubes of their average distances 
from the planet.

By using these laws, the orbiting velocity of a satellite on an elliptic orbit in 
a polar coordinate system (see Figure 5.6) can be obtained:
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Note that the orbital velocity of the satellite (Vp) attains maximum value at 
perigee while it attains minimum value at apogee (Va). We can de�ne the 
shape of the ellipse, which is de�ned as the ratio of the distance between 
the center of the ellipse and each focus to the length of the semi-major axis. 

�is is known as the eccentricity of the ellipse e a b a� �( )2 2 / . It is consid-
ered as a measure of how much the ellipse deviates from the circular orbit. 
Note that the circular orbit is a special case of the elliptical orbit, particu-
larly when eccentricity is equal to zero. Note that the product of orbiting 
velocity and instantaneous radius remains constant for any location on the 
elliptical orbit (VaRa = VpRp = VR). Hence, the magnitude and direction of 
the injection velocity will dictate the path of the satellite around a planet.

Several types of orbits are used to place satellites around the earth. If a 
satellite is placed in an equatorial orbit along the line of the earth’s equator, 
it is called an equatorial orbit (see Figure 5.7a). In order to have an equato-
rial orbit, a satellite must be launched from a location on the earth closer 
to the equator. �is kind of orbit is used for satellites observing tropical 
weather patterns, as they can monitor cloud conditions around the earth. 
When the inclination angle between the equatorial plane and the orbital 
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plane becomes 90° as shown in Figure 5.7b, it is known as a polar orbit as 
it passes through the northern pole to the southern pole. Polar orbits are 
preferred when mapping of an entire planet is required as the satellite has 
access to all the points on the surface of the entire planet. Interestingly, if 
the polar orbit around the earth can be precessed at the same period dur-
ing which the earth precesses with the solar orbit, it is known as a polar 
sun-synchronous orbit. As a result, it can provide continuous illumination 
from the sun at a given point on the surface of the earth when viewed from 
a polar satellite. If the inclination angle of the orbit happens to be 180° with 
the equatorial plane, the satellite will be on the equatorial plane but in the 
opposite direction of rotation of the planet, which is known as a retrograde 
equatorial orbit (see Figure 5.7c).

Besides this, along the height of the altitude, the geocentric orbit can be 
classi�ed into three types: low earth orbit (LEO: <2000 km), medium earth 
orbit (MEO: 2,000–37,786 km), and high earth orbit (HEO: 35,786 km). 
Note that for the orbit at an altitude of 37,786 km from the earth’s surface, 
the period of the orbit happens to be equal to the period of the earth, as 
discussed earlier. Hence, this orbit is known as the geosynchronous orbit.

5.4.2  Geosynchronous Earth Orbit

It is important to place the satellite which can rotate around the earth 
in its equatorial plane at the same angular velocity as the earth’s (see 
Figure 5.7d). As a result, the orbiting satellite will appear to be station-
ary to an observer on the earth’s surface at all times. Hence, this is known 
as the geosynchronous earth orbit (GEO), which was �rst proposed by 
Arthur Clarke in 1945. �e radius of the GEO RG can be obtained by using 
Equation 5.24:
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By substituting the values of �E = 7.27 × 10�5  rad/s, G = 6.67 × 10�11  N m2/kg2,  
and ME = 5.97 × 1024 kg, RG can be calculated as 42,164 km. Hence, the GEO 
occurs at an altitude of 35,786 km. Note that synchronous orbits do occur for 
other planets and their satellites as well [3,4].

5.4.3  Requisite Velocity to Reach an Orbit

We need to place a satellite/space vehicle/space station on a particular orbit 
around a planet. For this purpose, the requisite velocity must be provided 
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to the vehicle by using a rocket engine such that it can overcome the gravi-
tational pull of the planet. For a particular circular orbit of radius R from 
the center of a planet with mass M, energy must be imparted to the vehicle 
mass m so that it can move from the surface of the planet with a radius of 
Rp to the desired orbit. �e energy required to reach the orbit can be deter-
mined as follows:
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Besides this, energy must be provided to obtain the orbital velocity Vo. 
�en, the total energy Et becomes
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Note that we have used Equation 5.24 for the orbital velocity Vo to obtain 
Equation 5.29. But note that when R = Rp + h, where h is the altitude from 
the surface of the planet, this expression becomes
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Considering that the total energy will be available to the vehicle as kinetic 
energy, we can determine the total velocity required for orbiting a body 
as follows:
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Note that the total velocity required for orbiting a body increases with alti-
tude compared to the orbiting velocity as shown in Figure 5.8. It may be 
noted that both the total velocity and orbiting velocity remain almost con-
stant and the same until an altitude of around 100 km. Beyond this, the 
orbital velocity decreases while the total velocity increases with altitude as 
shown in Figure 5.8.



146   �    Fundamentals of Rocket Propulsion

5.4.4  Escape Velocity

In order to escape the gravitational pull of a planet, the rocket engine must 
provide su�cient amount of velocity to the vehicle which is known as 
escape velocity Ves. �is escape velocity can be estimated by equating the 
kinetic energy of the moving body to the work needed to overcome the 
gravitational force of a planet:
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By integrating and simplifying this equation, we obtain
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Note that the escape velocity decreases with altitude. For the earth, the 
escape velocity is equal to 11.2 km/s. �e escape velocity is equal to �2 
time the orbital velocity Vo.
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5.5  INTERPLANETARY TRANSFER PATH
In modern times, several agencies across the globe conduct interplanetary 
space �ight, which is mostly con�ned between the planets of the solar 
system. Of course in the future man will be able to send space vehicles 
beyond the solar system. For this interplanetary space �ight, the vehicle 
has to overcome the gravitational �eld of a planet, for example the earth, 
with the requisite escape velocity, which is known as circumnavigation. 
Subsequently, the space vehicle has to follow a low-thrust trajectory to 
enter into an orbit around another planet/satellite. �is kind of �ight 
must involve circumnavigation, landing, and return �ight if required, like 
in a lunar mission. Generally, for an ideal transfer path, a simple transfer 
elliptical path based on minimum energy principle can be used. �is is 
known as Hohmann’s transfer orbit as shown in Figure 5.9, because Walter 
Hohmann, a German engineer, has demonstrated that an elliptical path 
is the minimum-energy path between two orbits. In this calculation, the 
pointless mass of two planets is considered. Besides an interplanetary mis-
sion, this kind of transfer path can be used for transferring the satellite into 
a geosynchronous orbit from the low earth orbit (LEO).

For this interplanetary transfer, the requisite velocity increment at 
perigee and apogee of the elliptical path between two circular orbits must 
be provided by a higher thrust of the rocket engine. Note that when the 
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FIGURE 5.9 Schematic of Hohmann’s transfer orbit path.
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spacecra� arrives at the desired orbit of a target planet, the rocket engine 
must apply the requisite thrust to inject into the circular orbit with the 
necessary orbital velocity. �is path is dictated by the relative position of 
the launch planet and target planet. Note that Hohmann’s transfer orbit is 
reversible in nature and can be used to bring back the spacecra� from the 
target planet to the launching planet orbit easily by �ring the rocket engine 
in the opposite direction [3,4]. Note that the space �ight along Hohmann’s 
transfer orbit takes around 259 days from the earth back to the earth. In 
order to reduce the transfer time, one can opt for a fast orbit by expending 
more energy as shown in Figure 5.9.

5.6  SINGLE-STAGE ROCKET ENGINES
Let us consider whether a single chemical rocket engine can provide suf-
�cient velocity increment for various aerospace applications. Before initi-
ating a meaningful discussion, we need to consider certain parameters in 
terms of mass of various components of the rocket engine which will be 
helpful in describing the performance of both single-stage and multistage 
rocket motors. As the main objective of the rocket engine is to place the 
payload, we need to consider the payload mass ml. In a chemical rocket 
engine, the major portion of the mass is the propellant mass mp. �e struc-
tural mass ms, which consists of engine structure, supporting structure, 
tankages, valves, guidance, and control, must be reduced to have higher 
velocity increment. �en, the total initial mass of the rocket engine m0 is 
the sum of all the quantities:

 m m m ml p s0 � � �  (5.34)

When the entire propellant is being burnt during its operation, the burn-
out mass mb as de�ned earlier is equal to the sum of the structural and 
payload masses:

 m m m m mb p l s� � � �0  (5.35)

Let us now de�ne three mass ratios, namely, payload fraction LF, structural 
fraction SF, and propellant fraction PF, by dividing Equation 5.34 with the 
total initial mass m0:
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As mentioned earlier, the mass ratio MR can be de�ned as follows:
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Similarly, this mass ratio MR can be expressed in terms of propellant frac-
tion PF as follows:
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Let us de�ne another important parameter known as payload coe�cient:
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It indicates the mass of the payload that can be carried compared to the 
propellant and structural masses. Unfortunately, this payload coe�cient 
happens to be small for aerospace applications. Hence, engineers strive 
to obtain a higher payload fraction for meaningful space applications 
although it is very di�cult to achieve in reality. Another important param-
eter known as structural coe�cient � is de�ned as the ratio of structural 
mass to the sum of structural and propellant masses as follows:
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Note that this expression is true only when the entire propellant is burnt 
out without any residual unburnt propellant mass. It is desirable to have 
a smaller value of structural coe�cient for space applications because the 
smaller is its value, the lighter will be the vehicle. In other words, the struc-
tural coe�cient indicates how far the designer can manage to reduce the 
structural mass. When the structural coe�cient is small and the rocket 
engine is quite huge, then the total engine mass including its structural 
mass will be dictated by the initial propellant mass. Hence, under this 
condition, the structural coe�cient can be considered to remain constant, 
indicating that it would not be dependent on the vehicle size and, in turn, 



150   �    Fundamentals of Rocket Propulsion

velocity increment. By using the two mass ratios, namely, payload ratio � 
and structural coe�cient �, we can express the mass ratio MR as follows:
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For achieving higher attainable velocity increment as per Equation 5.17, 
with limited Isp, higher MR must be used. In order to have a higher 
MR, lower mb is to be used for a given initial engine mass. �us, a very 
careful structural design is essential for a given payload. Generally, the 
payload capacity can be enhanced further for a given mp and MR, by 
reducing structural mass (see Equation 5.37). �us, it is advantageous 
to reduce the structural fraction SF as much as possible in consistence 
with the strength requirements of the vehicle. Let us understand further 
how payload mass can be related to velocity increment by considering 
Equations 5.17 and 5.37:

 
� V V MR V

LF SF
eq eq� � � �

�
�

�
�

�

�
�ln ln

1

 
(5.42)

�e pay load fraction can be expressed in terms of velocity increment 
and Veq and SF:

 LF e SF
V Veq� �

� � �� /
 (5.43)

Note that the payload fraction LF gets enhanced when higher Veq is used 
for a lower value of velocity increment and structural fraction SF. In other 
words, when the velocity increment demand is high for a given value of 
structural mass fraction SF and Veq, the payload fraction will be small. 
�e variation in LF is plotted in Figure 5.10 with velocity increment ratio 
�V/V eq for three values of SF. It may be noted that a higher payload fraction 
can be achieved only when the vehicle has a higher jet velocity and lower 
SF for a certain demand of velocity increment �V. Hence, the designer of 
a rocket engine has to enhance jet velocity while decreasing the payload 
fraction SF.

Example 5.2

A single-stage chemical rocket with Isp = 250 is designed to escape 
with the following mass: ml = payload mass = 200 kg; ms = structural 
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mass = 800 kg; m0 = total mass = 30,000 kg. Determine the mass ratio, 
velocity increment, payload, and structural fraction for this rocket 
engine assuming there are no drag and gravity e�ects.

Solution

�e burntout mass mb can be determined as

 mb � � �200 800 1000kg 

By using Equation 5.16, the mass ratio MR can be determined as

 MR m mb� � �0 30 000 1 000 30/ , / ,  

�en the pr opellant fraction can be estimated using Equation 5.16:

 PF MR� �1 1 0 97� / .  

�is indicat es that only 3% of the total mass can be used for structure 
and payload mass. In other words, a tiny payload can be carried into 
space by a monstrous rocket.
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SF= 0.1
SF= 0.15

FIGURE 5.10 Variation in LF with velocity increment ratio �V/Veq for two values 
of SF.
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�e payload fraction LF and structural fraction SF are determined as

 LF m� � �l /m /0 200 30 000 0 0066, .  

 SF m ms� � �/ /0 800 30 000 0 0266, .  

�e veloci ty increment for an ideal case can be determined by using 
Equation 5.42:

 � V � � � � �9 81 250 30 8 34. ln . /km s 

�e veloci ty can be attained ideally without taking into account drag 
and gravitational pull. In actual sense, it will be quite a low value. 
In order to escape the earth’s gravity, velocity increment should be 
11.2 km/s. Hence, it would not be possible to escape the earth’s grav-
ity with this rocket engine. One solution would be to use a multistage 
engine, which is discussed in the following section.

5.7  MULTISTAGE ROCKET ENGINES
We have already learnt from the rocket equation (Equation 5.17) and 
Example 5.1 that it would not be possible to have enough velocity incre-
ment with current chemical rocket engine technology (limited Isp) for a 
rocket engine to place a satellite with a certain payload even if we neglect 
gravity and drag losses because the structural mass cannot be reduced 
beyond a certain minimum value. For example, the escape velocity 
required to overcome the earth’s gravitational pull is around 11.2 km/s. 
For a rocket engine with a speci�c impulse of 350, this velocity can be 
achieved with a mass ratio of 24 and propellant fraction of 0.96 even with-
out taking into account gravitational and drag losses, which are inevi-
table during its �ight in the earth’s atmosphere. In other words, 4% of 
the total weight will be used for payload, structural mass, guidance, and 
control, which is quite di�cult to achieve. Besides this, we need to pro-
vide additional velocity increment for accommodating gravitational and 
drag losses apart from the velocity increment required for orbit injection, 
which is required for satellite application. In order to overcome this prob-
lem, we can use a multistage rocket engine as suggested by the Russian 
 scientist K.E. Tsiolkovsky in 1924.
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5.7.1  Multistaging

Instead of a single large rocket, a series of rocket motors each with its own 
structure, tanks, and engines are used to enhance the velocity increment 
for the entire vehicle for the same Isp. As the propellant is consumed in each 
stage, its tank is dropped from the vehicle, at intervals. �us, the propellant 
is not wasted in accelerating the unnecessary structural masses to attain 
a higher velocity. As a result, a launch vehicle can achieve higher velocity 
by using staging. Several kinds of staging have evolved over the years as 
shown in Figure 5.11 which will be discussed later. Now let us consider 
a tandem type shown in Figure 5.11a in which all the stages are placed in 
series on one another in the order of size. Generally, the �rst stage needs 
to impart higher thrust and total impulse as it is the largest mass to carry 
during launching operation. Hence, it is also known as the booster stage. 
Lower thrusts are to be provided in subsequent stages. Note that the pay-
load for the �rst stage would be equal to the total mass of all upper stages 
along with the actual payload to be placed in the orbit. �e second stage 

(b)

Two droppable
strap-on booster 
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stage

Second  
stage

Payload 

Droppable rocket
with booster engines

and controls 
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stage

Second  
stage

Third  
stage

Payload 

(a)

Booster 

Sustainer 

(c )

(B
oo

st
er

)

FIGURE 5.11 �ree types of multistaging: (a) tandem, (b) parallel, and (c) 
piggyback.
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gets started when its velocity is almost equal to the velocity increment pro-
vided by the �rst stage and releases the structural mass of the �rst stage, 
thus enhancing the mass ratio for getting higher velocity increment. If the 
velocity increment �V1 is contributed by the �rst stage and �V2 is contrib-
uted by the second stage, then the total velocity increment at the end of the 
second stage of the operation would be equal to �V1 + �V 2. We can gener-
alize the total velocity increment for n stages of a rocket engine as follows:

 
� � � � �V V V V Vn i

i

n
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�
�1 2

1

�
 

(5.44)

Let us consider n rocket stages without considering the drag and grav-
ity e�ects. �e net ideal velocity increment for n rocket stages from 
Equation 5.44 becomes
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(5.45)

By assuming the exit velocity of all stages to be the same, Equation 5.45 
becomes
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(5.46)

By noting that the initial mass of the successive stage is equal to the burnt-
out mass of the previous stage, as discussed earlier, Equation 5.46 becomes
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(5.47)

Note that mo ,1/mb ,n is the ratio of the initial mass to �nal mass of the nth 
stage which represents the overall mass ratio of a multistage rocket engine. 
If the mass ratio of each stage is the same, Equation 5.46 becomes
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(5.48)
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Index

A

Adiabatic �ame temperature, 37–39, 47, 
100, 247

Aerogas turbine engine combustor, 269
Aeropile, 3
Aerospike nozzle, 112–113
Air-breathing engines, 7–8
Air-breathing turbojet, 1
Arcjets, 411–413
Area mean diameter (AMD), 352
A-4 rocket engine, 6
Augmented electrothermal hydrazine 

thruster (AEHT), 410

B

Ballistic evaluation motor (BEM), 204–205, 
216

Ballistic missile, 17
Bell-shaped CD nozzle, 105–106
BEM, see Ballistic evaluation motor
Bipropellant LPR engines, 265–266
Bulk mode combustion instability, 

283–287
Burning rate modi�ers, 218
Burning/regression rate, solid propellant

acceleration e�ect, 215–216
BEM, 204–205, 216
burning rate modi�ers, 218
chamber pressure e�ect, 206–209
Crawford bomb method, 204–205
erosive burning, 216
gas �ow rate e�ect, 211–214
grain temperature e�ect, 209–211
high-velocity/high-mass �ow, 216

particle size e�ects, 217
transients e�ect, 214–215

Burnout distance (hb), 138

C

Catalytic igniter, 290–291
CD nozzles, see Convergent–divergent 

nozzle
Chemical arcjet thruster (CAJT), 413
Chemical equilibrium

dissociation reactions, 40
equilibrium composition, 45–47
equilibrium constant based on pressure 

(Kp), 43–45
Gibbs function, 40–43
homogeneous system, 41–42
for ideal gas mixture, 43
mole friction, 43
recombination, 40

Chemical rocket propellants
additives, 161
characteristics, 163–164
classi�cation

�ow diagram, 162
gel, see Gel propellants
hybrid, 191–192
liquid, see Liquid propellants
solid, see Solid propellants

Chemical rockets, 8
HPRE, see Hybrid propellant rocket 

engine
LPRE, see Liquid-propellant rocket 

engine
SPRE, see Solid-propellant rocket 

engine
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