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Foreword

Introduction to Aircraft Flight Mechanics: Performance, Static Stability,
Dynamic Stability, and Classical Feedback Control by Thomas R. Yechout
with Steven L. Morris, David E. Bossert, and Wayne F. Hallgren as contribu-
tors, all from the Department of Aeronautics of the U.S. Air Force Academy, is
an outstanding textbook for use in undergraduate aeronautical engineering
curricula. The text evolved from lecture notes at the Academy and it incorpo-
rates many suggestions literally from hundreds of cadets to improve its peda-
gogical value. The text reflects a wealth of experience by the authors. It covers
all the essential topics needed to teach performance, static and dynamic
stability, and classical feedback control of the aircraft at the introductory level.

The ten chapters of this text cover the following topics: (1) Review of Basic
Aerodynamics, (2) Review of Basic Propulsion, (3) Aircraft Performance, (4)
Aircraft Equations of Motion, (5) Aircraft Static Stability, (6) Linearizing
Equations of Motion, (7) Aircraft Dynamic Stability, (8) Classical Feedback
Control, (9) Aircraft Stability and Control Augmentation, and (10) Special
Topics (mainly additional analysis techniques for feedback control and the
various types of aircraft flight control systems). This text should contribute
greatly to the learning of the fundamental principles of flight mechanics that is
the crucial requirement in any aeronautical engineering curricula.

The AIAA Education Series of textbooks and monographs, inaugurated in
1984, embraces a broad spectrum of theory and application of different disci-
plines in aeronautics and astronautics, including aerospace design practice. The
series also includes texts on defense science, engineering, and management.
These texts serve as teaching tools as well as reference materials for practicing
engineers, scientists, and managers. The complete list of textbooks published
in the series can be found on the end pages of this volume.

J. S. PRZEMIENIECKI
Editor-in-Chief (Retired)
AIAA Education Series

Vi
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Preface

This textbook was created as a resource for teaching aircraft performance,
static stability, dynamic stability, and classical feedback control as part of an
undergraduate aeronautical engineering curriculum. Chapters 1 through 5 are
intended for a one-semester course in performance and static stability, while
Chapters 6 through 9 are intended for a sequential one-semester course in
dynamic stability and feedback control. The text is intended to provide an
understandable first exposure to these topics as well as a logical progression of
subject matter. These courses are normally taken during the junior year follow-
ing a fundamental course in aeronautics. This text in draft form was used as
the course text for the first two courses in aircraft flight mechanics at the U.S.
Air Force Academy during a four-year period preceding publication. The
experience and student feedback obtained was used to improve and expand the
text. The text was also used at the Air Force Academy for an undergraduate
aeronautical engineering elective course in aircraft feedback control systems,
normally taken after completion of the aircraft dynamic stability and feedback
control course. Chapters 6 through 9 were covered at a fairly rapid pace and
Chapter 10 provided new material and additional depth. This text may also
serve as a reference for the practicing engineer.

Thomas R. Yechout
January 2003
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1
A Review of Basic Aerodynamics

Lift, drag, thrust, and weight are the four primary forces acting on an
aircraft in flight (refer to Fig. 1.1).

Lift and drag are “aerodynamic forces” arising because of the relative
motion between the aircraft and the surrounding air. Thrust is provided by the
propulsive system, and the force due to gravity is called “weight.”

Ultimately, we want to adequately predict an aircraft’s motion. An under-
standing of lift, drag, and thrust is essential to this end. This chapter provides
the basics of lift and drag, while Chapter 2 introduces propulsion. These chap-
ters are not designed to replace an aerodynamics or propulsion course, but do
provide a baseline we can build on.

1.1 Fundamental Concepts and Relationships

We will begin our discussion with a review of fundamental aerodynamic
concepts and relationships. A sound understanding of these concepts is neces-
sary to establish a solid foundation for the study of aircraft flight mechanics.

1.1.1 Properties of a Flowfield and a Discussion of Units

The study of aerodynamics deals with the flow of air. As a body moves
through air, or any fluid (liquid or gas) for that matter, the surrounding air is
disturbed. The term “flowfield” is common in the language of aerodynamics
and is used to refer to the air in the vicinity of the body.

Pressure, density, temperature, and velocity are the key physical properties
of aerodynamics. A goal of the aeronautical engineer is to quantify these prop-
erties at every point in the flowfield. We will begin by defining each of these
properties:

1) Pressure (p) “is the normal force per unit area exerted on a surface due to
the time rate of change of momentum of the gas molecules impacting the
surface” (Ref. 1). At sea level, atmospheric pressure is approximately
2116 psf. Pressure distributions on an aircraft, caused by the same physical
mechanism (namely an exchange of momentum between air molecules and
a body) will be discussed elsewhere in this book.

2) The density ( p) of air is its mass (weight/acceleration due to gravity) per
unit volume. A high-density flow implies closely compacted air molecules.

3) Temperature (7)) is a measure of the average kinetic energy of the air
molecules. A high temperature indicates that the air molecules are moving
randomly at relatively high speeds.

1
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2 INTRODUCTION TO AIRCRAFT FLIGHT MECHANICS

Lift (L)

Thrust (7) < Drag (D)

Weight (W)

Fig. 1.1 Simplified illustration of the four forces acting on an aircraft.

4) Velocity (V) is a vector quantity; it has both magnitude and direction. The
velocity at any point in the flowfield is the velocity of an infinitesimally
small fluid element (differential “chunk” of air) as it sweeps through that
point.

The English Engineering System is used in this text. Based on a consistent
set of units (from Newton’s 2nd law), this system is typically chosen in the
study of flight mechanics. Assuming constant mass, Newton’s 2nd law is:

F = ma

A pound force (Ib) is defined as the force necessary to accelerate one slug (our
unit of mass) one foot, per second squared. Table 1.1 displays the dimensions
and units used for our fundamental properties.

Consider a flowfield as shown in Fig. 1.2. Our four properties are called
“point properties.” In general, they vary from point to point within the flow-
field. Additionally, these properties can be a function of time; this is called
“unsteady” flow. Pressure can be a function of not only location, but also of
time, for example p = p(x, y, z, ).

A “steady flow” assumption removes the time dependency; therefore,
p = p(x, v, z). Obviously, this makes our analysis more simple. For the case of

Table 1.1 Dimensions and units used in this book

PROPERTY DIMENSIONS UNITS
Pressure (p) force/area Ib/ft? (psf)
Density (p) mass/volume slug/ft*
Temperature (7) n/a deg Rankine (°R)

Velocity (V) length/time ft/s (fps)
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® pxyzh

z

Fig. 1.2 Point in a flowfield.

straight, level, and unaccelerated flight, steady flow is a reasonable assumption.
It would be unreasonable to assume steady flow for a rapid pitch-up maneuver.

Another important concept, which relates to velocity, is the definition of a
“streamline.” A streamline is a curve that is tangent to the velocity vectors in
a flow. For example, refer to Fig. 1.3.

Consider two arbitrary streamlines in the flow, as shown in Fig. 1.4. A
consequence of the definition of a streamline in steady flow is that the mass
flow (slug/s) passing through cross section 1 must be the same as that passing
through 2. By definition, there is no mechanism for mass to cross a stream-
line—the mass flow rate must be conserved between the two streamlines.
Shortly, the significance of this will become more clear.

For flow over an airfoil, the distance between streamlines is decreased as
they pass over and above the airfoil. As we will see, this indicates an increase
in velocity.

v

Streamline

Fig. 1.3 Streamline in a flowfield.

\\\

v

e

Fig. 1.4 Two streamlines in a flowfield.
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1.1.2 Equation of State for a Perfect Gas

A perfect gas assumes that intermolecular forces are negligible. For the
pressures and densities characteristic of flight mechanics applications, this
assumption is extremely reasonable. The equation governing a perfect gas is:

where R is the specific gas constant, a function of the gas considered. For
example, its value for air is different than for argon. For normal air (not, for
example, chemically reacting air) the value of R is:

ft-1b J
R = 1716 ——————[English Units] = 287
Glug)(R) "8 =27 0®

[Metric Units]

Looking at the units of R, temperature must be in degrees Rankine [English
Units] or Kelvin [Metric Units] to properly use the equation of state.

Example 1.1

An aircraft is flying at an air pressure of 10psi and a temperature of
—20°F. What is the air density for these conditions?
Using the equation of state and solving for density, we have:

p

p:R_T

We must next convert to consistent units.

p = 10 psi = (10 psi)(144 psf/psi) = 1440 psf
T = —20°F = 460 + (—20°) = 440°R

Finally,

1440

=—— =10.00191slug/ft’
P = (1716)(440) slug/

1.1.3 Hydrostatic Equation

Consider a differential fluid element of air shown in Fig. 1.5. Its mass is dm,
and it has dimensions as shown below. In the vertical direction there are two
forces—weight and the forces due to pressure acting on the top and bottom
surface areas (dA).

Consider a force balance in the vertical, or z, direction,

XF, = pd4 — (p + dp)d4 — (pdAdh)g
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‘ (p + dp)d4

v

+z

l [ pa

W=dm(g)= pdddn(g)

Fig. 1.5 Differential fluid element of air.

or

dp = —pgdh

Called the hydrostatic equation because it was originally derived for water, this
differential equation relates a change in A, or altitude, with a change in pres-
sure. Note, a positive increase in altitude corresponds to a negative change in
pressure. As altitude increases, pressure decreases. Integrating between heights
1 and 2 in the vertical direction yields

2 2
Jdpz—j pgdh
1 1

Assuming constant p and g,

P2 —p1 = —pglhy — hy) (1.1)

This relationship is known as the manometry equation and is valid for a fluid
(typically a liquid) of constant density in a uniform gravitational field.

Example 1.2

A lake is 50 ft deep. What is the difference in pressure between the bottom
of the lake and the surface given that the density of water is 1.94 slug/ft>?
Using the manometry equation [Eq. (1.1)], we have

P2 —p1 = —pglhy — hy)

We will designate position 1 as the surface of the water (4, = 0) and position
2 as the bottom of the lake (4, = —50 ft). We then have

Py —p1 = —(1.94)(32.2)(—50 — 0) = 3123.4 psf
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Fig. 1.6 Three-dimensional stream tube.

Thus, the pressure at the bottom of the lake is 3123.4 psf higher than at the
surface.

1.1.4 Continuity Equation

The laws of aerodynamics are governed by physical principles. When these
principles are applied to an appropriate model, useful equations can be derived.
The continuity equation is based on the physical law that mass is conserved.
Consider the “stream tube” in Fig. 1.6, which can be thought of as a bundle
of streamlines. Let us also recall that mass cannot cross a streamline.

If we assume a steady flow, such that the properties everywhere in the flow-
field are time independent, then the mass flow rate across 1 and 2 must be the
same. Now, we will define a one-dimensional flow, which is a flow in which
the properties are assumed constant at each cross section (perpendicular to the
flow’s velocity) of the flow. To help your understanding, consider Fig. 1.7 in
which 1 and 2 are arbitrary points on a cross section of the flow.

By assuming one-dimensional flow, we neglect any variation in the velocity
across a specific cross section. The amount of incremental mass, dm, that
enters the stream tube during the incremental time, dz, can be defined as

dm = pAdx = pAVdt

where A is the cross-sectional area of the stream tube. The following expres-
sion then follows for the mass flow rate through the stream tube:

(ii—n: =m = pAV
. > Py =P,
1 ? P =P
Streamtube A . T] = F:
2e T, =T,
f >

> e dv

Fig. 1.7 Illustration of one-dimensional flow.
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Because mass is conserved, the mass flow rate is the same at any cross section
in the stream tube and the continuity equation reduces to the following simple
result:

1AV = p Ay V) (1.2)
or, pAV = constant.

The dimensions are mass per time. It should make sense that the mass flow
rate is a function of density, velocity, and cross-sectional area.

Example 1.3

Consider the following nozzle.

/

f
”

\v
Sy
o=

Find the velocity ¥, at the nozzle exit given that

V, =35ft/s p, = 0.002 slug/ft’ A, =0.5 ft?
p, = 0.0015 slug/ft’ A, = 0.05 ft?

Using the continuity equation [Eq. (1.2)] and solving for V5,

AT (0.002)(0.5)(35)
" pydy,  (0.0015)(0.05)

= 466.7 ft/s

1.1.5 Incompressible and Compressible Flow

Under certain conditions, it is reasonable to assume the flowfield is essen-
tially incompressible, or constant density flow. This assumption is typically
made for low-speed flowfields, where velocities everywhere (all x,y,z loca-
tions) are less than 330 ft/s. Later we will define Mach number (M) and note
that this threshold corresponds to a Mach number of 0.3 at sea-level, standard-
day conditions.

Note that the continuity equation reduces to the following for the case of a
one-dimensional, steady, and incompressible flow. The dimensions have, of
course, changed—they are now ft’ /s, or volumetric flow rate.

AV = Constant



JAIAA.

The Worlds Forum for hemspos Lssdwesip - Purchased from American Institute of Aeronautics and Astronautics

8 INTRODUCTION TO AIRCRAFT FLIGHT MECHANICS

As an aside, water (another fluid) is virtually incompressible. For this reason,
flowfield density variations are typically ignored for water and other liquids.

Example 1.4

For the nozzle of Example 1.3, assume the fluid is incompressible water and
V| remains at 35 ft/s. Find V, and the volumetric flow rate.

Using the incompressible form of the continuity equation and solving for
V,, we have

_ V4, _ (35)(0.5)

V. =
274, 0.05

=350 ft/s

The volumetric flow rate would be,
volumetric flow rate = V,4, = V,4, = (35)(0.5) = 17.5 ft*/s

1.1.6 Bernoulli’s Equation

Newton’s 2nd law is used again (refer to the hydrostatic equation) to derive
another extremely useful equation. Consider a differential fluid element moving
along a streamline, as shown in Fig. 1.8.

In general, the forces acting on the fluid element are (refer to Fig. 1.9)

1) Weight, or force due to gravity
2) Normal forces (pressure times surface area) acting on all six sides
3) Tangential forces due to the friction between adjacent fluid elements

For the purpose of this discussion, only the forces in the streamline direc-
tion are shown. In fact, forces due to pressure and friction act on all six
surfaces.

Assume a steady flow and neglect the weight of the fluid element—in
essence, we are assuming the fluid element’s weight is small (for air) in
comparison to the pressure forces “pushing” the element along the streamline.
Furthermore, neglect the effects of friction. By applying Newton’s 2nd law,

Fig. 1.8 Differential fluid element moving along a streamline.
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frictional forces

<—— (p + dp)d4

pdd ——p|

v
_t w

Fig. 1.9 Forces acting on a fluid element.

F = ma reduces to the following differential equation (for details, refer to Ref.
2), called Euler’s equation:

dp = —pVdr

Euler’s equation is not convenient for easily solving problems. If we make one
more assumption, incompressible flow, density is assumed constant, and the
equation is easily integrated between two points along a streamline.

2 2
Jdp:—[ oVdv
1 Ji

I LG
Pr—Pr=—pP 2 >

1 1
171'|‘§;0V12 =p; +§PV22 (1.3)

or

1
p+ Ep V2 = constant (along a streamline)

static pressure dynamic pressure (g)

As long as the assumptions are valid, the summation of static pressure (p)
and dynamic pressure (7 =31pV/?) remains constant along the streamline.
Frequently, “total pressure” (p,) is used to identify the constant, or

Po = p + q = total pressure

Equation (1.3) is called Bernoulli’s equation or the momentum equation and is
one of the classics of aerodynamics. The equation is algebraic. Remember, this
only applies for incompressible flow. Additionally, the four assumptions behind
Euler’s equation are still buried in the result—the equation is applied along a
streamline, steady flow is assumed, and forces due to weight and friction are
neglected.
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Let’s pause for a moment. Note that both the continuity and the momentum
equations relate properties (pressure, density, and velocity) between points in a
flow, say A and B. On the other hand, the equation of state can only be applied
at a single point; it says nothing about how the properties at point B relate to
the properties at point A.

Example 1.5

An F-15 on approach to Tyndall Air Force Base is flying at 120kn. The
atmospheric pressure and density are 2116 psf and 0.00238 slug/ft’, respec-
tively. At a point on the upper surface of the wing, the pressure is measured as
2060 psf. Find the velocity of the flow at this point on the wing and the total
pressure acting on the aircraft.

We can use Bernoulli’s equation [(Eq. (1.3)] since the flow is incompres-
sible:

T
P1 2P1—P2 2/02

We will designate a point out in front of the aircraft as position 1 and the
point on the wing as position 2. First find the total pressure based on position
1 conditions. We will convert the airspeed to consistent units.

ft
Vy, =120 kn = (120 kn)(1.69k—1/1S

) =202.8 ft/s
and then find the total pressure.
1, 1 )
Po=pr + Ele =2116 + 5(0.00238)(202.8) = 2165 psf

Because total pressure is constant,

1
Po =P ‘|‘§PV22

we can solve for V,:

2o —py) 22165 — 2060)
v, = | - — 297 ft
2 P 0.00238 /s
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1.1.7 The Speed of Sound

For a perfect gas, the speed of sound (@) is calculated from the following
equation (refer to Ref. 3 for a detailed derivation):

In this equation y is the ratio of specific heats. For most aerodynamic applica-
tions, it is assumed to be a constant equal to 1.4 for air. Note that the speed of
sound for a perfect gas is only a function of temperature. The propagation of a
sound wave takes place through molecular collisions. If the air molecules are
moving faster, because they are excited by high temperatures, then the speed
of the sound wave is faster. Temperature must be in °R to obtain a speed of
sound in ft/s.

Example 1.6

What is the speed of sound if the air temperature is 70°F?
First, we convert to absolute temperature.

T =70°F =70 4 460 = 530°R

Using Eq. (1.4),

a=/yRT = /(1.4)(1716)(530) = 1128 ft/s

1.1.8 Mach Number and Aerodynamic Flight Regimes

Figure 1.10 presents a representative streamline around an aircraft. At any
point in the flowfield, the local Mach number (M) can be defined as the ratio
of the local flow velocity to the local speed of sound,

14
M =

a

(1.5)

Fig. 1.10 Local Mach numbers for a streamline around an aircraft.
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The Mach number at point 2 is probably larger than the Mach number at point
1 because of the acceleration of the flow velocity around the contours of the
aircraft. Point 1 is sufficiently far ahead of the aircraft such that the properties
at that point have not been disturbed by the presence of the aircraft. With the
aircraft as the reference frame, V;, becomes the aircraft’s true airspeed. The
conditions at point 1 are called freestream conditions and denoted by a
subscript co.

If the local speed of sound is the same as the local velocity, the Mach
number is 1.0 (or “sonic”) at that point in the flow.

Figure 1.11 defines aerodynamic flight regimes based on freestream Mach
number. Four regimes are defined:

1) When the local Mach number is less than 1.0 everywhere in the flowfield,
the flow is “subsonic.”

2) When the local Mach number is greater than 1.0 everywhere in the
flowfield, the flow is “supersonic.”

3) When the flowfield has regions of both subsonic and supersonic flow, the
flowfield is “transonic.” Depending on airspeed and geometry, transonic
flow typically occurs at “freestream” Mach numbers between approxi-
mately 0.8 and 1.2.

4) A flow is called “hypersonic” when certain physical phenomena become
important that were not important at lower speeds. These include, for
example, high temperature effects and relatively thin shock layers. Typi-
cally, Mach 5 is used as the hypersonic threshold, but this value is greatly
dependent on the shape of the body of interest. Refer to Ref. 4 for more
detail.

The dynamic pressure, g, may easily be defined in terms of Mach number
using Egs. (1.4), (1.5), and the equation of state for a perfect gas.

1 1 1
g ==pV?=-pMa)’ == pM*)RT
q=5p 7 P(Ma)” =5 pMy

From the equation of state,

po P
RT
We thus have an alternate form for g:
_o 1
g =5mwM’ (1.6)
Subsonic Supersonic
| — , M.
0 8 12 5.0
<> -
Transonic

Hypersonic

Fig. 1.11 Aerodynamic flight regimes.
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1.2 The Standard Atmosphere

A discussion of aerodynamics would not be complete without introducing
the concept of a standard atmosphere. Air pressure, temperature, and density
(also viscosity) are functions of altitude. The standard atmosphere, typically
presented in a tabular form, assigns values to these properties as they change
with altitude. It provides a common reference for Department of Defense
(DoD), academia, and industry.

For example, suppose the Air Force wants to purchase an interceptor. To
compare climb performance (critical to an interceptor mission) between
competing aircraft, manufacturers present data based on their aircraft operating
on a standard day, which is an imaginary day when the pressure, temperature,
and density behave exactly as defined in the standard atmosphere. Otherwise, it
would be nearly impossible to accurately assess how one aircraft performs
against another.

The standard atmosphere was generated by starting from an assumed
(easiest property to measure) temperature distribution. Figure 1.12 shows an
ideal variation of temperature with altitude based on many experimental
samplings. The temperature is assumed to remain constant between approxi-
mately 36,000 and 82,000 ft; this is called the isothermal region.

With a known temperature profile, two laws of physics (hydrostatic equation
and the equation of state) were used to mathematically “build” the standard
atmosphere. A current version of the standard atmosphere is presented in
Appendix B, and a more detailed discussion of the standard atmosphere devel-
opment is presented in Ref. 5. The standard atmosphere properties of tempera-
ture, density, and pressure may be presented in the form of ratios, as defined in
Eq. (1.7). Note: 0, g, and ¢ all have the value of 1.0 at sea level conditions:

T

0=—

Tg,

p
g=— (1.7)

PsL

s— P

PsL

Empirical equations have been developed to predict the temperature and
pressure ratios as a function of altitude. These predictions are aligned with the

Altitude 1

36,000 Fp e

.
Ll

Temperature

Fig. 1.12 Standard atmosphere temperature variation.
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1962 U.S. Standard Atmosphere. They are divided into the altitude regions

below and above approximately 36,000 ft (the troposphere region where

temperature decreases at a linear rate, and the isothermal stratosphere region).
For altitudes (%) less than or equal to 36,089 ft, we have

0=1-6.875x10"%h

_ _6 7452561

0=(1—-6.875x107°h) h < 36,089 ft (1.8)
0

779

For altitudes from 36,000 ft to approximately 65,600 ft, we have

0=0.75189
x1073(36,089—
0 = 0.2234A80010TCODTN 36 089 ft < h < 65,600 (1.9)
5
°=3

The altitude (#) must be input in feet in the previous equations. The relation-
ship shown for density ratio can be derived using the equation of state for a
perfect gas.

Frequently, in the language of flight and aeronautical engineering, the terms
pressure, temperature, and density altitudes are used. Consider an aircraft
flying at 10,000 ft above sea level, as shown in Fig. 1.13.

For the ambient pressure and temperatures shown, we use the standard
atmosphere table to find these values. The standard atmosphere altitude corre-
sponding to a pressure of 1484 psf is 9500 ft, and the aircraft is said to be
flying at a pressure altitude (/,) of 9500 ft. Pressure altitude says nothing
about how high the aircraft is above the ground. Rather, the aircraft is
“seeing” an air pressure as though it were flying at 9500 ft on a standard day.

Similarly, a temperature altitude (%;) can be defined. For example, with
an ambient temperature of 479.5°R, the aircraft is said to be at an 11,000-ft
temperature altitude because 479.5°R is the standard atmosphere temperature
for 11,000 ft.

Density altitude (/) follows the same approach. Pressure, temperature, and
density altitude relate pressure, temperature, and density, respectively, to the
standard atmosphere model. Simply stated, density altitude is the standard

§<,—

10,000 ft e
1484 psf
479.5°R

= S
]
o

sea level

Fig. 1.13  Aircraft at specified flight conditions.
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airfoil section

(infinite wing)

Fig. 1.14 Airfoil section.

atmosphere altitude that has the same value of density as the conditions under
consideration.

1.3 Airfoil Fundamentals

Figure 1.14 presents a sketch of an airfoil, or the cross section of a wing.
By definition, the flow over the airfoil is assumed to vary only in the x and z
(z is perpendicular to the surface) direction. The span (in the y-direction) is
assumed to approach infinity. Frequently, airfoils are also called two-dimen-
sional wings or infinite wings because wing-tip effects (refer to Sec. 1.4) are
ignored.

1.3.1 Source of Aerodynamic Forces and Relative Motion

In Fig. 1.15, an airfoil is shown in a flowfield. The only way nature can
transmit an aerodynamic force is through pressure and shear stress distributions
acting on the airfoil surface. Pressure and shear stress act at every point on the
body, for example, points 1 and 2 in Fig. 1.15. Pressure always acts perpendi-
cular to the surface. Shear stress (t,) acts tangentially to the surface (or
“wall”)—Tlike pressure, it has the dimensions of force per unit area (refer to
Sec. 1.3.3.1). The net effect is an aerodynamic force (F,,,). Later, we will
break F,.., into lift and drag components and consider the moment created by

acro
the pressure and shear stress distributions.

aero

P>

Fig. 1.15 Pressure and shear stress vectors on an airfoil.
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—
V., =300 (Vs EIE V = 300 ft/s

Fig. 1.16 Airfoil on a test stand and an airfoil in flight.

Incidentally, the same is true of any body in a flowfield, be it an automobile,
a ski jumper, or a cyclist—pressure and shear stress are the only physical
mechanisms that generate an aerodynamic force.

As you might expect, aerodynamic forces depend on the relative velocity
between the body and the air. Consider two cases, as shown in Fig. 1.16.
Shown is an airfoil on a test stand with air blowing over it at 300 ft/s and an
identical airfoil flying at 300 ft/s through still air.

The two airfoils have the same aerodynamic force, which is why wind
tunnels work.

1.3.2 Lift

As shown in Fig. 1.17, lift (L) and drag (D) are the components of the aero-
dynamic force perpendicular and parallel, respectively, to the relative wind
(V). In this section, we will focus on lift.

Recall that nature transmits an aerodynamic force through pressure and
shear stress distributions. The pressure distribution over an airfoil, or wing for
that matter, is primarily responsible for lift. Consider a pressure distribution as
shown in Fig. 1.18. The longer arrows denote pressures higher than freestream
pressure; shorter arrows are lower pressures.

Simply stated, lift is generated by creating a net pressure difference between
the upper and lower surfaces. As we will see later in this chapter, an airfoil’s
geometry is one of the keys to efficiently generating lift.

By referring to Fig. 1.19 and looking at continuity and Bernoulli’s equation,
we can gain some insight into how lift is generated. Although these two equa-
tions have several assumptions buried in them, they very nicely capture the
basic physics to explain lift. Air must speed up to get over the curved upper
surface of an airfoil. This can be viewed as an area constriction or nozzle
effect, with the continuity equation predicting an increase in velocity. As the

Drag

Lift

aero

—
V

Fig. 1.17 Lift and drag components of F, .
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Fig. 1.18 Pressure distribution over an airfoil.

air speeds up, the pressure goes down, as predicted by Bernoulli’s equation.
The reduced pressure on the upper surface, relative to the higher pressure on
the lower surface, creates a lift force in the upward direction.

Note that the streamlines get closer (cross-sectional area goes down) as they
pass over the upper surface. From continuity, we know velocity must increase
to pass the mass between the streamlines; this is no different than putting your
thumb over the end of a garden hose to speed up the water. From Bernoulli’s
equation, we know that if velocity increases, pressure decreases. Therefore, a
high velocity implies low pressure, low velocity implies high pressure, and a
pressure differential between the upper and lower surfaces leads to lift. As you
might expect, the amount of lift depends on a number of parameters, for exam-
ple flow velocity and airfoil shape. This is discussed in subsequent sections.

1.3.3 Drag

Refer again to Fig. 1.17 in which drag is the component of the aerodynamic
force parallel to V.. To gain an appreciation for drag, where it comes from
and its consequences, we need some more tools. We will start with the concept
of a viscous flow.

1.3.3.1 Introduction to viscous flow. A viscous flow is one in which the
effects of viscosity, thermal conduction, and/or mass diffusion are important. As
a particle moves about in space, it carries with it its momentum, energy, and mass
(its identity). Viscosity is due to the transport of momentum—it is important if a
flowfield has large velocity gradients. Thermal conduction results from the

—//,//——%

-—/\_’/,//—-}

——/_V//’/’%
C\

Fig. 1.19 Flow streamlines over an airfoil.
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transport of energy and similarly is significant in regions of strong temperature
gradients. Mass diffusion is due to the transport of mass—it is important in
regions of strong concentration gradients, for example, in a chemically reacting
flowfield.

For the purpose of this book, we will ignore the effects of thermal conduc-
tion and mass diffusion. The airspeeds we are concerned with do not yield
flowfields where these effects are important. Therefore, in this book, a viscous
flow implies regions in which there are strong velocity gradients. Velocity
gradients cause shear stress. Remember from Sec. 1.3.1 that pressure and shear
stress distributions generate aerodynamic forces.

To understand why shear stresses exist, consider a shear flow as sketched in
Fig. 1.20.

The streamlines are horizontal; however, velocity varies in the y direction.
Therefore, a velocity gradient, in the y-direction, exists. Because there is a
velocity gradient, a fluid element above the plane a—b is moving faster than a
fluid element below the plane. There is a rubbing action, or friction, between
the fluid elements because of the different velocities. Because of an exchange
of momentum (mass times velocity) between the fluid elements, a force is
exerted on the plane a—b. We give it a special name, shear stress (t,_,), where
the subscript denotes the stress is acting on the plane a—b.

As you might expect, shear stress (7) is proportional to the strength of the
velocity gradient. The constant of proportionality is called the coefficient of
viscosity and is given the symbol pu.

(1.10)

Physically, viscosity is a measure of a fluid’s resistance to shear and has the
dimensions of mass/(length - time). The standard day sea level value for viscos-

ity is

w=23.7373 x 10~ slug/(ft - s)

V)

—
—>

Fig. 1.20 Illustration of a shear flow.
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M

T

Fig. 1.21 Coefficient of viscosity as a function of temperature.

The coefficient of viscosity is a function of temperature. Qualitatively, its value
changes as shown in Fig. 1.21.

From the figure, it is apparent that the viscosity of air increases as tempera-
ture increases. Recall, viscosity is due to the transport of momentum. Air
molecules have more velocity and, hence, more momentum in high-temperature
flowfields.

1.3.3.2 The concept of a boundary layer. Consider the flow over an
airfoil, as shown in Fig. 1.22.

There is a relatively small region adjacent to the airfoil where the effects of
viscosity (or friction) must be taken into account. Called a boundary layer, the
concept was introduced by Ludwig Prandtl in 1904. Outside this region, the
flowfield is assumed to be inviscid or frictionless.

Within a boundary layer, velocity gradients are severe—the flow is retarded
because of the presence of the body. From our previous discussion, this implies
that viscous effects are important. As presented in Fig. 1.23, a boundary-layer
profile describes how the flow velocity changes in a direction normal (in the y
direction as shown) to the surface of a wing, fuselage, or any solid surface
exposed to an air stream.

Note that the velocity is zero at the surface, which is the so-called “no slip
boundary condition.” Frequently, the subscript w (for “wall”) is used to denote
the surface boundary conditions. The effect of friction, between the air and the
body, diminishes in the y direction. Hence, the velocity increases through the
boundary layer (in the y direction) until eventually the presence of friction is

Inviscid Region

Boundary Layer
(viscous region)

Inviscid Region

Fig. 1.22 Flow over an airfoil with boundary layer region.
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—» 6 = Boundary Layer Thickness

e 4
Surface @ y =10
=0

Fig. 1.23 Boundary-layer profile.

no longer felt, and the velocity gradient approaches zero. The boundary layer
thickness is denoted by o.

Two types of boundary layers exist: laminar and turbulent. A laminar
boundary layer is characterized by smooth and regular streamlines, or smoothly
layered flow. In contrast, a turbulent boundary layer is “random, irregular, and
tortuous.”” Laminar and turbulent velocity profiles are different. To gain some
insight into the differences, consider the flow over a flat plate. At some stream-
wise distance, two representative velocity profiles are shown in Fig. 1.24:

The turbulent profile does not imply a nice, orderly boundary layer. Rather,
what is really shown is how the average velocity changes in the y direction.
From the figure, note the following

1) A turbulent boundary layer is thicker than a laminar boundary layer
(Ourp > Opam)- For a flat plate, the freestream velocity (V) is 99.9%
recovered at the edge of the boundary layer.

2) The velocity gradient at the wall is greater for a turbulent boundary layer.
For a given y distance, the turbulent velocity is greater than the laminar

velocity.
y
A A0
40%; ————»
——>»
>
6|urbulcn|
-
S —»
—» ——»
T
/ Laminar Turbulent
Y 1
dav T

Fig. 1.24 Laminar and turbulent boundary layer profiles.
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3) The shear stress at the wall is higher for a turbulent boundary layer
[T)wrb > Tw)iaml- This implies a higher skin friction drag for a turbulent
boundary layer.

1.3.3.3 Reynolds number and transition. Consider the flow over a
sharp flat plate as shown in Fig. 1.25; the distance “x” is measured from the
leading edge.

The Reynolds number, based on a characteristic length (in this case x), is

defined as

%
Re, = Poo’oet (1.11)
Hoo

Physically, the Reynolds number is a ratio of inertia forces to viscous forces—
it is nondimensional. For nearly all our applications, the Reynolds number is
relatively high (on the order of 10*—10%) and inertia forces dominate.

The Reynolds number is useful in predicting if a boundary layer is laminar
or turbulent. Transition is defined as the point (in reality a relatively small
region) where the boundary layer changes from laminar to turbulent. Once
again, consider the flow over a sharp flat plate as shown in Fig. 1.26.

Typically, a boundary layer starts as laminar. Eventually, for a variety of
reasons, it will transition to being turbulent. The distance x; locates the transi-
tion point. In reality, there will be a transition region, where the boundary layer
has pockets of both laminar and turbulent flow. A Reynolds number, based on
Xit» 1S defined as

Xerit :uoo
or
e.
g = —ntlo (1.13)
PooVoo

For the case of flow over a smooth flat plate, the critical Reynolds number is
approximately 500,000. Therefore, given the freestream conditions, the critical

Boundary Layer
_> s ‘—@_g

% > \
o X
Flat Plate

Fig. 1.25 Flow over a flat plate.
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Laminar Turbulent

V. x=0 E
Karit Transition Point

From Laminar to
Turbulent Flow

Fig. 1.26 Typical boundary layer transition from laminar to turbulent flow.

Reynolds number provides a means to predict where transition will occur,
which is very handy, but very arbitrary.

Various factors influence where transition takes place. For example, surface
roughness will trip a boundary layer and cause it to go turbulent earlier than
expected. Additionally, surface temperature, Mach number, and pressure gradi-
ents all affect transition. Because of its significant ramifications, researchers
will continue working to find better ways to predict transition.

Example 1.7

A flat plate with a 1-ft length in a wind tunnel test section is being tested at
150 and 300ft/s at standard sea-level conditions. If the critical Reynolds
number is 500,000, find the location where the flow transitions from laminar to
turbulent for each velocity.

Using Eq. (1.13), we have at 150 ft/s:

Re, 1y (500,000)(3.737 x 1077)

Ferit =7V (0.00238)(150)
At 300 ft/s we have:
Re, 500,000)(3. 107
gy = P (500.000)3.737 x 107) _ , 65
PV (0.00238)(300)

Thus, we can see that the transition point moves forward as the velocity is
increased. The 300 ft/s case is illustrated next.

Laminar Turbulent
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1.3.3.4 Skin friction drag. Because of the presence of friction between an
aerodynamic body and the flowfield, two forms of drag are created: skin friction
drag and pressure drag. We will discuss skin friction drag first.

Consider the flowfield in Fig. 1.27.

=

y
1)

EREA
V)’ /ﬂ ! \:_Iy/l - dle ]
.

angent to Velocity
Profile at Surface

Fig. 1.27 Boundary layer velocity profile.

Within the boundary layer, the velocity increases from zero at the surface.
This velocity gradient causes a shear stress (t,,) at the surface, or wall—recall
Eq. (1.10) for shear stress, which has the dimensions of force per unit area.
When integrated over the entire surface area, the result is called skin friction
drag and given the notation D;.

The skin friction coefficient, Cr, is defined as

Dy
9> Swet

¢ = (1.14)

Syet 1S the so-called “wetted area,” which is a surface area that would get wet
if the aerodynamic body were in water. C; is obviously going to depend on
freestream conditions and boundary layer type. For the simple case of flow
over a flat plate, experimental/theoretical values of skin friction coefficient are

presented in the following equations:

~ 1.328 0.074

C,=—— (laminar Cr=—+
A JRe, ( ) f (ReL)l/S

(turbulent)

The equations assume a fully laminar or turbulent boundary layer from the
leading edge (that is, with no transition).

Although simple relationships, the results give some valuable physical
insight. Note the Reynolds number dependence, where L is the characteristic
length (the total running length of the flat plate in this case). For a given
Reynolds number, C; is greater for the turbulent case. Because there is such a
close relationship between Reynolds number and boundary layer type (hence
shear stress), this result is not surprising. Regardless of the aerodynamic shape,
a laminar boundary layer will cause less skin friction drag than a turbulent
boundary layer.

Df)turbulent > Df)la.minar
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Example 1.8

A rectangular wing has a 5-ft chord and a 40-ft span. Estimate the skin fric-
tion drag acting on the wing at a velocity of 100 ft/s and sea-level conditions
assuming the critical Reynolds number is 600,000.

We will first calculate the transition location using Eq. (1.13).

Re, 1 (600,000)(3.737 x 107)

crit

— =0.942 ft
T Ve (0.00238)(100)

X

We will next assume turbulent flow for the entire wing and compute D, using
the second equation from Table 1.2.

1 2
Dy = Cf(g)PV s
0074

C,=—_
f Reg.z

For the entire wing, L = 5 ft, so that

pVL  (0.00238)(100)(5) ]
Re, =— = =3.18x 10
“ 3737 x 107 %
and
S~ (5 ft)(40 ft) = 200 ft* for the upper surface of the wing
0.074
7 (3.18 x 10%)*
1
D whuen = (0.0037) (5) (0.00238)(100)2(200) = 8.81 Ib (on one wing surface)
wing

However, the flow is not turbulent over the entire wing; therefore, we next
calculate the turbulent skin friction drag associated with the laminar region so
it can be subtracted out from the previous result. For the laminar region

_ pVL _ (0.00238)(100)(0.942)

5
3737 x 107 6.0 10

ReL

0.074

= 0.00517
776 x 105)°2

“Juurbulent
forward
wing

1
= (0.00517)<§>(0.00238)(100)2(0.942 x 40) = 2.32 Ib (one surface)
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The turbulent skin friction drag on the portion of the wing aft of x.; is thus:

) otent. = Dustens = Do = 8-81 —2.32 = 6.49 1b (one surface)

aft wing wing forward
wing

We must next calculate the skin friction drag on the forward portion of the
wing which is in laminar flow. Using the first equation from Table 1.2,

o 1328 13 o
I VRe,  J6.0x105
where
VL 0.00238)(100)(0.942
Re, = PVE_( )(100)(0.942) _ ¢ 105

1 3.737 x 107

The laminar skin friction drag on the upper wing surface is then,

ﬁaminar
forward
wing

1 1
= Cf(2>pV2S =0.00171 <2>(0.00238)(1OO)2(O.94 x 40) = 0.765 1b
and the total skin friction drag on the upper surface is

D = Dy + Dy = 0.765 +6.49 =7.255 Ib

forward aft wing
wing

For the upper and lower surface of the wing, we simply multiply by two.

Dy, =2(7255)=14.531b

A sketch (not to scale) of the wing is shown:

1 V=100 fus

Laminar X

Turbulent




JAIAA.

The Worlds Forum for hemspos Lssdwesip - Purchased from American Institute of Aeronautics and Astronautics

26 INTRODUCTION TO AIRCRAFT FLIGHT MECHANICS
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Fig. 1.28 Flow over a cylinder.

1.3.3.5 Pressure drag. As discussed, the presence of friction leads to
skin friction drag. Additionally, friction also causes another form of drag; this is
called drag due to the pressure field or simply pressure drag. To understand the
concept of pressure drag, consider the viscous flow over a cylinder, as sketched in
Fig. 1.28—two representative streamlines are shown.

Because the velocity is zero at point 1, it is called a stagnation point. Pres-
sure is a maximum here—recall the inverse relationship between velocity and
static pressure. Between 1 and 2, the flow accelerates to its maximum velocity
and achieves a minimum pressure. Aft of point 2, the pressure begins to
increase. In the meantime, friction has sufficiently reduced the flow’s energy
such that it cannot overcome the increasing pressure aft of point 2. The flow
separates and a wake is formed on the aft side of the cylinder. Pressure drag is
created.

Qualitatively, the pressure (p) on the cylinder’s surface is shown in Fig.
1.29—¢ (see Fig. 1.28) is 0 deg at the stagnation point, 90 deg at Point 2.
Note the difference between the high pressure on the front (pushing the cylin-
der to the right) and relatively lower pressure on the back (pushing to the left).
This leads to pressure drag.

Physically, the same thing happens for an airfoil. Consider Fig. 1.30. Once
again, the pressure is highest at the stagnation point. Over the upper surface,
the velocity increases to a maximum—a minimum pressure is reached. Aft of
this point, the pressure increases. When pressure increases in the streamwise
direction, the pressure gradient is called adverse. In contrast, if the pressure
gradient decreases in the streamwise direction, the gradient is favorable. When
the flowfield has insufficient momentum (or energy) to overcome the adverse

90 deg 1?}0 deg

NI
Adverse Pressure Gradient

< 5

Fig. 1.29 Pressure distribution on a cylinder’s surface.
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Fig. 1.30 Pressure regions on an airfoil.

Favorable

pressure gradient, it separates from the upper surface and the airfoil stalls.
Drag goes up; lift goes down.

Because the physics of flow separation is so important, we will look at it
again but from the perspective of the velocity profiles inside the boundary
layer. Consider the boundary layer on the upper surface of an airfoil as shown
in Fig. 1.31—x is a running length along the airfoil’s surface.

We will assume the boundary layer transitions to turbulent at x;,. Friction
takes its toll, and eventually the fluid particles near the surface have insufficient
energy to overcome the adverse pressure. The fluid particles slow down, and
then stop—this is the separation point. The velocity gradient at the wall is
zero. Downstream of this point, the fluid particles may actually backup (called
flow reversal) because of an adverse pressure gradient.

How can separation be delayed? We can energize the boundary layer by
increasing the momentum, or kinetic energy, of the fluid elements within it.
This is most easily accomplished by tripping the boundary layer to make it
turbulent. Recall, a turbulent boundary layer has a larger (than laminar) velo-
city gradient near the wall. Therefore, a turbulent boundary layer has more
momentum and thus is able to withstand an adverse pressure gradient longer
before separating. Vortex generators, and various other boundary layer control
(BLC) devices, are all designed to delay separation and consequently reduce
the penalties associated with pressure drag.

Obviously, the stronger the adverse pressure gradient, the more susceptible
an airfoil will be to flow separation and a stalled condition. Therefore, airfoil

X

erit

Turbulent

Laminar

Separation /

Point

dv Flow
— | =0 Reversal
dy ),

Fig. 1.31 Boundary layer velocity profiles.
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Fig. 1.32 Variation of base drag coefficient with Mach number for a missile shape
with 7.2 fineness ratio (see Ref. 6).

design and orientation to the freestream velocity are critical to an efficient lift-
ing surface.

Another type of pressure drag is referred to as base drag. Base drag is typi-
cally associated with long, slender shapes, such as missiles and fuselages,
which have relatively blunt aft ends. For example, a cylindrical missile of
constant diameter may simply end at the rear of the missile without tapering to
a point. A separated flow region will exist at the base or aft area of the missile
because the flow will not be able to stay attached around the sharp corner of
this base region. Base drag can account for up to 50% of the total drag on a
missile or projectile. Fig. 1.32 presents a variation of base drag with Mach
number for a missile with a length to diameter ratio of 7.2.

1.3.3.6 Profile drag. The combined drag because of skin friction and
flowfield separation (pressure drag) is called profile drag.

D =Dy +D,

We have arrived at one of the great compromises of aerodynamics. A laminar
boundary layer decreases skin friction drag but very likely will increase pres-
sure drag. A turbulent boundary layer will typically reduce pressure drag, but
will increase skin friction drag. Ultimately, the shape/orientation of the body
will dictate which type of drag is dominant. As you might expect, skin friction
is dominant for slender bodies, while pressure drag dominates blunt or bluff
bodies.

Consider the flow over a sphere. Qualitatively, a graph of profile drag vs
Reynolds number is shown in Fig. 1.33. Incidentally, the easiest way to change
Reynolds number is to change velocity. Note the dramatic decrease in drag
when the Reynolds number is sufficiently large enough to cause the laminar
boundary layer to transition to turbulent. Although skin friction drag increases
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Fig. 1.33 Drag variation with Reynolds number.

with a turbulent boundary layer, pressure drag is clearly dominant for a sphere
(bluff body). A turbulent boundary layer, with its higher energy flow, can
better overcome the strong adverse pressure gradient, thereby reducing the
overall profile drag.

Example 1.9

An illustration of two spheres in flow at the same velocity is shown below.
There’s only one difference between the two cases—the one on the left has a
smooth surface and the one on the right has a dimpled surface to trip a turbu-
lent boundary layer. Which ball has lower separation drag?

a) Smooth Surface b) Dimpled Surface

Separation is significantly delayed on the ball on the right. As a result, the
overall profile drag is reduced because separation drag is significantly larger
than skin friction drag. For this same reason, golf balls have dimples so that
the ball will travel farther in the air. In Sec. 1.3.5, we’ll examine airfoil data
and reinforce the impact a boundary layer has on profile drag.

1.3.4 Airfoil Terminology

Airfoils are the fundamental building block for aircraft wing and tail surface
design. In this section we will discuss the definition of airfoil configurations
and aerodynamic characteristics.
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Fig. 1.34 Airfoil geometry.

1.3.4.1 Geomelry and nomenclature. The concept of an airfoil (wing
cross section) was introduced at the beginning of Sec. 1.3. Defining the geometry
of an airfoil can get complicated (refer to Ref. 7). In this book, we will use a few
common definitions to grasp the basics of airfoil geometry. Consider Fig. 1.34.

Leading edge and trailing edge are self-explanatory. Other definitions
follow:

1) A straight line, passing through the leading and trailing edge, is called the
chord line. The straight-line distance between the leading and trailing edge
is the chord.

2) The mean camber line is the locus of points halfway between the upper and
lower surfaces, as measured perpendicular to the mean camber line itself—
positive camber is shown (typical for wing sections).

3) The max camber (sometimes called simply camber) is the maximum
distance between the mean camber line and the chord line, as measured
perpendicular to the chord line.

4) The thickness is the distance between the upper surface and lower surface,
as measured perpendicular to the mean camber line.

5) The angle of attack (x) is the angle between the chord line and the
freestream velocity (V), or relative wind.

6) The airfoil in Fig. 1.34 is cambered. For the case of an uncambered, or
symmetric, airfoil the top and bottom surface are identical—the mean
camber line is the same as the chord line.

For convenience, government and industry have devised numerous ways to
geometrically describe, with numbers and letters, various airfoil shapes. One
extremely common airfoil designation is the National Advisory Committee for
Aeronautics (NACA), a precursor to NASA, four-digit series. Four digits
define an airfoil shape: the first is the amount of maximum camber in percent
of chord, the second is the location of the maximum camber in tenths of chord,
the last two digits are the maximum thickness of the airfoil in percent of
chord. For example, a NACA 2412 airfoil would have a two percent
(0.02xchord) maximum camber, the maximum camber would occur at the
40% chord location (x = 0.4xchord), and the maximum thickness would be
12% of the chord length (0.12 xchord). There are several other NACA designa-
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tions to describe airfoil shapes. A good reference is Theory of Wing Sections
by Abbot and Von Doenhoff.

Data for the four-digit series was published by NACA in the 1920s and
1930s and is still widely used to verify computer code and experimental
results. We’ll use NACA four-digit graphs in Sec. 1.3.5 to demonstrate how to
read and interpret airfoil data. Appendix C presents data for selected NACA
airfoils.

1.3.4.2 Lift, drag, and moment coefficients. Consider an airfoil, at some
angle of attack, as shown in Fig. 1.35. Again, lift and drag are the components of
the aerodynamic force perpendicular and parallel to the freestream velocity,
respectively. In general, the pressure and shear stress distributions also cause a
moment (M), where pitch up (as shown) is considered positive. When comparing
airfoil (or for that matter, aircraft) performance, values of lift, drag, and moments
are somewhat meaningless. For example, one aircraft might generate twice the
lift, but do so very inefficiently, in terms of its design and airspeed.

Therefore, dimensionless coefficients are used. Lift, drag, and moment coef-
ficients lend themselves beautifully when comparing aerodynamic performance.
Their definition and significance stem from a principle called dynamic similar-
ity. Consider the flow over two bodies. By definition, the flows are dynamically
similar if

1) Geometric similarity exists (the bodies look alike, scale models) and
2) Similarity parameters are the same.

If the flows are dynamically similar, then the force and moment coefficients will
be equal and the streamline pattern over each body will be geometrically similar.

The key is determining the governing similarity parameters. Dimensional
analysis (for example, the Buckingham Pi theorem) provides a mechanism. By
applying dimensional analysis to an aircraft,® the following force/moment coef-
ficients are defined:

C = 1.15

L= s (1.15)
D

Cp=—— 1.16

b=7 (1.16)
M

Cy= 1.17

V=g (1.17)

Fig. 1.35 Aerodynamic forces and moments on an airfoil.
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S is a reference area—planform (top view) area of the aircraft’s wing, g., is
the freestream dynamic pressure (3p¥2), and ¢ is the aircraft’s mean aero-
dynamic chord (MAC) as defined in Sec. 1.4.1.

When discussing airfoils, these forms of the coefficients are inconvenient.
Recall from Sec. 1.3, wing tips are considered to approach infinity, thus
making the planform area meaningless. To avoid this, airfoil data are presented
in terms of lift, drag, and moment, per unit span. Refer to the airfoil section in
Fig. 1.36.

The distance between wing tips is called the span (b). When collecting
airfoil data, this is the width of the wind tunnel’s test section, ensuring that
wing tip effects are not included in the force and moment results. Because
airfoil sections are not tapered, the mean chord is just the airfoil’s chord.
Therefore, the planform area is simply

S=bxc
Substituting the above for S, and manipulating the equations, leads to the

following form of the coefficients. Note that the numerator is now lift per unit
span, for example. A lower case is also used to denote airfoil (not aircraft)

data.

L

C = Ljb (1.18)
GooC
D

C,= b/b (1.19)
GooC

Cn= {Wi (1.20)
GooC

These coefficients, regardless of which form, are a function of three similarity
parameters: Mach number, Reynolds number, and angle of attack. Therefore, if
a scale model is tested in a wind tunnel, with Reynolds number, Mach number,
and angle of attack equal to those in a flight test, the coefficients should accu-
rately predict the forces and moments in flight, which is an extremely powerful

experimental tool!
>
V.
b
<>

c=7C

Fig. 1.36 Airfoil characteristics.
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F,

Fig. 1.37 Pressure distribution about an airfoil.

How do lift, drag, and moment coefficients change with these similarity para-
meters? The answer is discussed in later sections.

1.3.4.3 Center of pressure and aerodynamic center. Any point can be
chosen on an airfoil to represent the aerodynamic forces (lift and drag) and
moment. Before defining two special points, the center of pressure and the
aerodynamic center, we will discuss how a moment arises. Figure 1.37 shows the
pressure distribution about an airfoil (ignoring shear stress contributions). F is
the net downward force because of the pressure distribution on the upper surface
of the airfoil. Likewise, F, is the net upward force. If we choose to support
the airfoil about an arbitrary point at the quarter chord location (indicated by
the black dot), an aerodynamic moment also results about this point. In this
case, the airfoil will tend to pitch down about the quarter chord point because of
the aerodynamic pressure distribution. For a given angle of attack and Reynolds
number, there is one location, called the center of pressure where the aerodynamic
moment about that point is zero. Refer to Fig. 1.38.

The center of pressure is not a very convenient reference point, in that a
change in either angle of attack or Reynolds number (visualize as a change in
freestream velocity) will cause the center of pressure location to shift.

In contrast, there is one point on the airfoil, called the aerodynamic center,
where the moment coefficient about that point remains constant with changes

D
L
v Frag
M=0
—_—

A

N cnrer
center of
pressure

Fig. 1.38 Illustration of center of pressure.
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aerodynamic center
L #L,

D, # D,

o #a,

V., = const

Fig. 1.39 Illustration of aerodynamic center for subsonic flow.

in angle of attack and Reynolds number. It is fixed on the airfoil and located at
approximately the quarter chord for subsonic flow. If you supported an airfoil
at the aerodynamic center, the aerodynamic moment about the aerodynamic
center would stay constant as angle of attack was changed (and velocity was
held constant). Likewise, if both angle of attack and velocity were changed, the
aerodynamic moment coefficient about the aerodynamic center would stay
constant. See Fig. 1.39.

Again, pitch up is positive by our convention. For an airfoil with positive
camber in subsonic flow, the moment about the aerodynamic center will be
negative (nose down). In transonic and supersonic flow conditions, the location
of the aerodynamic center moves aft.

1.3.5 Airfoil Data

Recall that airfoil force and moment coefficients are a function of angle of
attack, Reynolds number, and Mach number. In this section, we will focus on
how angle of attack and Reynolds number affect these coefficients. Mach
effects will be discussed in the next section.

A typical lift curve (graph of lift coefficient vs angle of attack), for a posi-
tively cambered airfoil, is presented in Fig. 1.40.

A plot of C; vs o is one of the classics of aerodynamics. A couple key
points about a lift curve follow:

1) At some angle of attack, o, lift dramatically decreases and the airfoil
stalls because of flow separation.

2) Just before stalling, the airfoil reaches a maximum lift coefficient; this is
denoted by C; .
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Fig. 1.40 Airfoil lift curve.

3) The lift curve slope (denoted by C, ) is typically linear below stall; its slope
is about 0.11/deg.

4) At some angle of attack, the lift coefficient is zero; this is called the zero lift
angle of attack, or o;_,. This occurs at a negative angle of attack (chord
line oriented below the freestream velocity) for an airfoil with positive
camber. At o;_,, no lift is generated.

5) Lift is generated when an airfoil with positive camber is at zero degrees
angle of attack. This is usually desirable in aircraft design.

6) An increase in Reynolds number tends to increase max lift and delay the
onset of stall. Does this make sense? (Hint: think about the physics of
stall.)

The lift curve for a symmetric airfoil looks basically the same. However,
there is one significant difference: the curve passes through the origin. Con-
vince yourself that this makes sense. The equation for predicting C; in the linear
region is

C=C (x—0;-) (1.21)

This equation is used to predict C; as a function of angle of attack when C;
and o;_, are known.

A typical drag polar, or graph of drag coefficient vs lift coefficient, is
shown in Fig. 1.41. Because lift coefficient and angle of attack vary linearly
(before stall), it is easier to interpret these graphs if lift coefficient is visualized
as an angle of attack. High C; implies high o.

C, is the airfoil’s profile drag coefficient—it includes skin friction and pres-
sure drag. Like the lift curve, it is critical to understand what a drag polar is
“saying.” Key points:
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Fig. 1.41 Airfoil drag polar.

1) When C; is plotted against C;, the graph is parabolic in nature. As lift
increases, drag increases in a parabolic fashion. To explain this, consider
what the oncoming flow “sees” at low and high lift coefficients (or «’s).
a) Drag is a minimum at the smaller lift coefficients (small o). Here, the

oncoming flow “sees” a slender body—skin friction dominates and
there is very little pressure drag.

b) Drag reaches a maximum at the larger lift coefficients (high a). The
airfoil is no longer slender—it is a blunt body! Skin friction drag is still
present, but pressure drag becomes increasingly important!

2) This drag polar is for a symmetric airfoil. The data are symmetric about the
y axis, with minimum drag at a lift coefficient equal to zero (o = 0). For a
positively cambered airfoil, the curve shifts to the right.

3) As with the lift curve, Reynolds number has little effect at the low lift
coefficients. However, as the angle of attack increases, Re becomes
important. Why?

Fig. 1.42 Moment coefficient about the aerodynamic center lift coefficient.
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Figure 1.42 is a graph of the moment coefficient about the aerodynamic
center vs lift coefficient (or angle of attack) for a positively cambered airfoil.
The key points are

1) The moment coefficient about the aerodynamic center remains constant
with Reynolds number and angle of attack variation.

2) The moment coefficient about the aerodynamic center for an airfoil with
positive camber is negative—the airfoil has a pitch-down tendency. Later,
we will see that this has important ramifications in terms of longitudinal
stability.

Example 1.10

A NACA 4412 airfoil with a 2-ft chord and a 5-ft span is being tested in a
wind tunnel at standard sea-level conditions and a test section velocity of 240
ft/sec and an angle of attack of 8 deg. What is the airfoil’s maximum thick-
ness, maximum camber, location of maximum camber, and zero-lift angle of
attack? Also, calculate the lift, drag, and pitching moment about the aero-
dynamic center.

The airfoil maximum thickness, camber, and location of maximum
camber depend only on the NACA 4412 airfoil shape and length of the
airfoil chord. The first digit of the 4412 designation specifies a maximum
camber, which is 4% of the 2-ft chord or 0.08 ft. The second digit indicates the
chordwise location of the point of maximum camber which is 0.4 ¢ or 0.8 ft aft
of the leading edge. The last two digits specify a 12% thick airfoil, and there-
fore the maximum thickness is 0.12 ¢ or 0.24 ft. The aecrodynamic properties of
the airfoil may depend on Reynolds number, which for the given test condi-
tions is

oVe  (0.00238)(240)(2) ]
Re=PYC —3.06x 1
=" 3737 x 107 0610

We will thus use the airfoil curves for Re = 3 x 10°. The value of the zero lift
angle of attack does not, in fact, vary significantly with Reynolds number as
we check the first NACA chart. The C; at an angle of attack of 8 deg does
show some slight variation with Reynolds number. These values are obtained
from the NACA 4412 airfoil charts’ as

g = —4

C, . =12

=8
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The profile drag coefficient and pitching moment coefficient about the aero-
dynamic center are obtained from the second chart just shown for a C; of 1.2
and a Reynolds number of 3 x 10°.

C,=0.013 and C, = —0.1

We can then determine the lift, drag, and moment about the aerodynamic
center given that S is 10 ft* (2 ft chord x 5 ft span).

1 1
L=C (5 pV2>S = 1.2[5 (0.00238)(240)2:|(10) =82251b
D=C, GpIﬂ)S - 0.013[% (0.00238)(240)2}(10) =891 1b
1 1
My =G, <§ pV2>Sc =-0.1 [E (0.00238)(240)2](10)(2) = —137.1ft-1b

Note that the second chart also gives the exact location of the aerodynamic
center which is very close to the quarter chord, as previously discussed.

1.3.6 Compressibility (Mach) Effects

Earlier we said that lift, drag, and moment coefficients were a function of
Reynolds number, angle of attack, and Mach number. The airfoil data we
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examined in the previous section were for low speed or incompressible flow.
The influence of Reynolds number and angle of attack were shown, but no
compressibility (or Mach) effects were shown.

At Mach 0.3, our threshold for compressible flow, the density of air changes
approximately 5% from its static value. As Mach number increases beyond
0.3, it is no longer reasonable to ignore the effects of compressibility. Depend-
ing on the shape of the body, at Mach numbers approaching the speed of
sound and beyond, shock waves develop, significantly changing the aerody-
namic properties of the flowfield. Figure 1.43 identifies how the flowfield prop-
erties change across a normal shock. In this figure, station 1 is ahead of the
normal shock, and station 2 is behind.

A shock wave is very thin (on the order of 10~ cm) and very viscous.’
Velocity and Mach number abruptly decrease across a shock. Total pressure,
which is a measure of the flow’s energy, decreases. All the static properties
increase, including pressure. It is this “shock jump” in pressure that has the
most profound effect on the force/moment coefficients.

To understand how compressibility influences force and moment coeffi-
cients, we need to introduce the definition of the critical Mach number (M)
Consider an airfoil as shown in Fig. 1.44 and assume the freestream Mach
number is gradually increased.

As the Mach number increases, the properties in the flowfield surrounding
the airfoil will naturally change. At some freestream Mach number, called the
critical Mach number, sonic flow will first be achieved at a point in the flow-
field (usually close to the surface of the airfoil).

Figure 1.45 is a qualitative sketch showing the variation of an airfoil’s lift
coefficient with Mach number.

As you might expect from the rapid changes in lift coefficient, the flowfield
is changing dramatically as the Mach number is increased. Figure 1.46, based
on flow visualization, shows changes in shock wave formation for the points
labeled a through e in Fig. 1.45.

The following are the significant points from Figs. 1.45 and 1.46:

_— > | —

0 ®

shock wave
P, > Po,
ve>V,
P <P
M, > M,
P, < P,
T, < T,

Fig. 1.43 Property changes across a normal shock.
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Fig. 1.44 TIllustration of critical Mach number.

The flowfield is subsonic until point a. Typically, a compressibility
correction known as the Prandtl-Glauert rule is used in this region. The
equation is shown:

C
C=——»n (1.22)
1— M2

C,, is an incompressible lift coefficient (the subscript 0 signifies
Mach = 0.0). This is the lift coefficient found in typical airfoil data as
discussed in Sec. 1.3.5. The Prandtl-Glauert rule is a reasonable correc-
tion below the critical Mach number, M_;. A rule of thumb is to only
use Prandtl-Glauert to Mach 0.7.

At point b, the flow is supersonic over most of the upper surface,
terminating in a shock wave. Pressure increases across a shock, thus
causing increased likelihood of the flow separating from the airfoil’s
surface. An adverse pressure gradient is created by the presence of the
shock wave.

L L

M 1.0 M.,

erit

Fig. 1.45 Variation of airfoil lift coefficient with Mach number.
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Fig. 1.46 Airfoil shock wave formation.

3) At point c, the flow over the lower surface is essentially all supersonic. The
pressure on the lower surface is less than it was at condition b. The upper
surface is relatively unchanged. The net effect is a smaller lift coefficient.

4) Between points ¢ and d, the shock waves, on both surfaces, move aft and
the lift coefficient increases.

5) As the freestream Mach number increases, a bow shock (or bow wave)
forms. Because the velocity decreases across this initial shock, the shocks
at the trailing edge are relatively weaker. The pressure differential, between
the upper and lower surface, decreases and lift coefficient decreases.

It is important to recognize that the dynamic pressure, ., (1/2p.,V2) is
increasing with Mach number. Therefore, although the lift coefficient may be
decreasing, lift can actually be increasing through the dynamic pressure term.

L=CioS

At high Mach numbers, the lift coefficient is typically an order of magnitude
less than its value at low speeds.

A qualitative sketch of how an airfoil’s drag coefficient changes with Mach
number is shown in Fig. 1.47.

Note the increase in drag preceding Mach 1.0. This is where the term drag
barrier initially came from. At some freestream Mach number, beyond M,
drag increases rapidly. This is called the drag divergence Mach number, M.
Drag divergence is primarily because of the formation of shock waves on the
airfoil’s surface. This, in turn, causes drag because of flowfield separation. A
typical definition of where the drag divergence Mach number occurs is
aCp/oM > 0.1 (Ref. 10).

High speed flow and the accompanying compressibility have introduced a
new form of drag called wave drag, D, (C, in coefficient form). This form of
drag is only present at transonic and supersonic speeds. In addition to the drag
associated with shock-induced flow separation, drag is created simply by the
pressure increase across shocks. For example, consider the supersonic flow
over a wedge, as shown in Fig. 1.48.
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Fig. 1.47 Variation of airfoil drag coefficient with Mach number.

Because the pressure behind the oblique shock wave is higher than the free-
stream pressure (p.,), an adverse pressure gradient exists that can result in
flow separation and additive drag (wave drag). In summary, the airfoil drag
coefficient now consists of three contributors: skin friction drag (C, ), pressure

A
drag (Cdp), and wave drag (C, ).

Cd == Cdf + Cdp + de (123)

Finally, what happens to the moment about the aecrodynamic center as Mach
number increases? As you might expect, the coefficient will typically change
in the transonic region. The most important Mach effect, however, is the fact
that the location of the aerodynamic center shifts from roughly the quarter-
chord to the mid-chord as supersonic Mach numbers are achieved. As we’ll
see later, this shift has a tremendous effect on pitch stability.

1.4 Finite Wings

To this point, we have only addressed airfoils, or infinite span wings.
Before we attack a complete airplane, this section introduces the aerodynamics
associated with wing tips and finite span wings. First, however, we will define
some terms used to describe a wing’s geometry.

Shock
/ Wave
—> Wave Drag
M, >1.0 \

<P,

Fig. 1.48 Supersonic flow over a wedge.
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1.4.1 Finite Wing Geometry

In our discussion of force and moment coefficients we introduced wing area
(S) and span (b). Figure 1.49 (top view of a finite wing) shows these again.
The following are some other useful definitions:

1) A wing’s aspect ratio (4R) is defined in Eq. (1.24). It is dimensionless.
AR = b*/S (1.24)

2) The root chord (c,) and the tip chord (c,) are the distances of the chord line
at the root and tip, respectively. The ratio of the tip to root chord is called
the taper ratio, /.

P
C

(1.25)

I3

A rectangular wing has no taper; a delta wing approaches a taper ratio of
Zero.

3) A wing’s sweep angle is often defined at the leading edge (A;j), the
quarter-chord (A,/4), or the mid-chord (A, ;).

4) A wing’s mean aerodynamic chord (MAC), or ¢, is defined as

2 b/2
¢=MAC = —J ctdy

where y is as shown in Fig. 1.49 and c is the chord at any y position.
The MAC can be interpreted as the representative chord length for the
forces and moments acting on a wing. For a straight, tapered wing, the
MAC can be shown to be

Areca

)
<>
<o —p

Fig. 1.49 Finite wing geometry.
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Fig. 1.50 Generation of wing tip vorticies and downwash.

1.4.2 Induced Drag

Induced drag is the penalty paid for generating lift on a finite wing.
Consider a finite wing as shown on the T-38 aircraft in Fig. 1.50.

A wing generates lift by creating a pressure differential between the upper
and lower surfaces. Wing tip vortices are generated as the high-pressure air on
the lower wing surface near the wing tip seeks the relatively lower pressure on
the upper surface. These small “tornadoes” induce a downward component of
velocity, called downwash (w). The freestream velocity is displaced through
the induced angle of attack (o;), as shown in Fig. 1.51.

The wing “sees” V), . Figure 1.52 shows a wing’s cross section. L’ is the
component of the aerodynamic force perpendicular to the local velocity. In
effect, the lift vector has been rotated aft—a new form of drag, induced drag

(D;), is introduced.
|-
Ll
(643 l w
Vlocal

Fig. 1.51 Induced angle of attack.

v

Tocal

Fig. 1.52 Induced drag description.
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The wing effectively “sees” a lower angle of attack, o.g. Therefore, less lift
is generated. Deriving an equation for induced drag is relatively easy (for
example, see Ref. 11). The result is presented (Note: A D subscript is used to
distinguish this from airfoil drag):

D; = CpgsS (1.26)
where
Ci
= 1.27
Di ™ nedR ( )

A few important points about [Egs. (1.26) and (1.27)]

1) The span efficiency factor is e. A value of 1.0 is optimum and applies for
the case of constant downwash along the wing’s span (obtained from an
elliptical lift distribution). For other planforms the efficiency is less,
typically ranging between 0.95 and 1.0.

2) A high aspect ratio wing reduces induced drag. For this reason, high aspect
ratio wings are used on the U-2 reconnaissance aircraft and gliders.

3) Induced drag is proportional to the lift coefficient, squared. Therefore, at
high angles of attack (high lift), induced drag dominates. High lift implies
greater pressure differentials, thus stronger vortices, and thus more induced
drag.

1.4.3 Drag Summary

Finite wing geometry (wing tips) introduces a fourth form of drag—induced
drag. Skin friction drag, pressure drag, and wave drag (if above the drag diver-
gence Mach number) still exist. In summary, the drag coefficient for a finite
wing is written as:

i

C,=C
b d+7reAR

(1.28)

where

Cq=Cy +Cy +Cy,
——
profile drag

This information is typically presented graphically as a drag polar, as shown in
Fig. 1.53 (again, capital subscripts distinguish this from airfoil data). Note the
effect of decreasing aspect ratio.

1.4.4 Lift Coefficient for a Finite Wing

We modified airfoil drag (C;) data to account for the effect of wing tips.
Similarly, this section describes how airfoil data are used to predict the lift
coefficient for a finite wing. Qualitatively, the effect of aspect ratio on the
lift curve slope is shown in Fig. 1.54, where C; is used to denote a finite wing
lift coefficient.
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C, *+— AR
Decreasing
C‘L

Fig. 1.53 Effect of aspect ratio on the drag polar.

Note the following

1) As aspect ratio decreases, the lift-curve slope (C; ) decreases. For the same
angle of attack, the lift coefficient is smaller for the finite wing.

2) The zero lift angle of attack (o;_,) does not change. Because the wing is
not generating lift, wing-tip vortices are not formed. In effect, the finite and
infinite cases behave the same.

3) Given an angle of attack, the lift coefficient for the finite wing can be
calculated from the following equation, which takes into account a reduced
lift-curve slope:

Cp=Cp (x— ) (1.29)

44— Infinite Wing

Finite Wing

a/,:()

Fig. 1.54 Lift curves for infinite and finite wings.
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where
c, = u_ 1.30
SN T Te (1.30)
neAR

Again, a capital L (C;) distinguishes this lift coefficient from that of an airfoil.
As mentioned, the zero lift angle of attack can be obtained from airfoil data.
As we have seen, the lift curve slope for an airfoil (C;) is approximately
0.11/deg. Unless otherwise specified, this is a reasonable number to use in
Eq. (1.30).

Example 1.11

An unswept flying wing has an aspect ratio of 10 and incorporates a NACA
4412 airfoil (as in Example 1.10). For a Reynolds number of 6 x 10° and a
span efficiency factor of 0.95, find C; and Cj, at an angle of attack of 4 deg.

Using the NACA 4412 airfoil charts in Example 1.10, we find

C; =085 and o;_y= —4deg

for the stated angle of attack and Reynolds number. The airfoil drag coefficient
is

C, = 0.0065

We next find C; for the finite wing using Eq. (1.30) and a C; = 0.11/deg.

C, = b _ 0.11 = 0.0908/d
BT830, T 5730.11)  — 00908/deg
t redR (3.14)(0.95)(10)

Equation (1.29) is used to determine C;.
C, = Cp (o —a;-9) = 0.0908[4 deg — (—4 deg)] = 0.7264

Cp is determined from Eq. (1.28).

C? (0.7264)*
Cp=C L —0.0065 +——————— =0.0242
p=Cat R * (3.14)(0.95)(10)

Notice that the lift coefficient decreases for a finite wing and that the drag
coefficient increases.

1.5 Aircraft Aerodynamics

We have discussed the aerodynamics of airfoils and finite wings. It is now
time to use this essential background to introduce aircraft aerodynamics. Here
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we will be discussing the aerodynamics of the entire aircraft, including the
wing, tail surfaces, and fuselage.

1.5.1 Load Factor, Aerodynamic Coefficients, and Stall Airspeed

To begin, we will define load factor (n), or cockpit g where # is the ratio of
an aircraft’s lift to its weight, or

n=_L/W (1.31)

For example: at 2 g, an aircraft is generating an amount of lift equal to twice
its weight.

The lift and drag coefficients for a complete aircraft are defined below,
where lift is replaced by nW to keep the equation in its more general form.

L nW
L ——-a~— =o
‘g 75 (1.32)
Ch=—
D S

Lift and drag include the contributions from not only the wing, but also the
fuselage, horizontal/vertical tail, strakes, and external stores. The reference
area, S, now typically includes a portion of the fuselage as shown in Fig. 1.55.

The slowest speed an airplane can fly in straight, level, and unaccelerated
flight is called the stall speed (V). For these flight conditions, lift is equal to
weight (n = 1). The equation for stall speed is derived as follows:

L=W=C,3S

1
=C,=pV?S
sz

Solving for velocity

(1.33)

Fig. 1.55 Illustration of aircraft wing reference area.
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At stall, C; becomes equal to C; .

2W
Vetatl = 7pSCL (1.34)

‘max

Cy, . 1s the maximum lift coefficient for the aircraft’s configuration. In the
above form, the stall speed is a “true airspeed.” As altitude increases, density
decreases, and an aircraft stalls at a higher true airspeed—not very convenient
in terms of flight operations. In Chapter 3, we’ll introduce other airspeeds

(indicated, calibrated, etc.) and see how to avoid this inconvenience.

Example 1.12

Determine the stall airspeed at sea level for a 10,000-Ib T-38 with 20-deg
flaps. The wing reference area is 170 ft*. Also, determine the load factor if the
same aircraft is at an angle of attack of 10 deg with the flaps up at sea level
with an airspeed of 265 kn. Use the following chart.

T=-38A "Lift Curve'
Coefficient of Lift vs Angle of Attack
(Rigid Wing-and-Body Model, Mach = 0.4

Out of Ground Effect)

flaps full down
°>

s
Coefficient o
o
of Lift ¢ >

‘o 2 4 é B 1o r2 4 V16T T ks

Angle of Attack (Degrees)

(Source: Department of Aeronautics, USAF Academy)
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To determine the stall speed, we first determine C;  for 20-deg flaps from
the chart.

C,. =0.88

Then, Eq. (1.34) can be used to find the stall speed.

W 2(10,000)
yoo_ _ =237 ft
stall \/E \/ (0.00238)(170)(0.88) &

To find the load factor, the lift coefficient for an angle of attack of 10 deg
(flaps up) is found from the chart.

C, =0.67

Then, Eq. (1.32) is solved for load factor.

(1 ( ft/s>2>
0.67) = (0.00238)( 265 x 1.69—") (170)
ey 2 kn

W 10,000 =272

At these conditions, the T-38 is pulling 2.72 g.

1.5.2 Aircraft Drag Polar

Typically, the aerodynamics of an airplane are presented as a drag polar—
this is in the form of an equation, a graph, or both. Recall from the airfoil and
finite wing discussions that a drag polar (by definition) shows the relationship
between lift and drag coefficients for a specific aerodynamic body. In equation
form, the drag polar of an aircraft is

CZ
Cp=Cp, + nejR (1.35)
or simply
Cp=Cp, +KC; (1.36)

Cp, 1s called the parasite drag coefficient or zero lift drag coefficient. Below
the drag divergence Mach number, it is approximated by a constant (indepen-
dent of lift) for a specific aircraft configuration. Included in this term are
profile drag (skin friction and zero lift pressure drag) and interference drag.
Interference drag is generated when more than one body (for example, stores
on a wing) is placed in the same flowfield, creating eddies, turbulence, and/or
restrictions to smooth flow. For example, if an external store is hung on a
wing, the combined drag will typically be more than the summation of the
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individual store and wing drag. Occasionally, the addition of blended surfaces,
as in the case of the F-15 conformal fuel tanks, will reduce the interference
drag.

The term C?/meAR in Eq. (1.35) is the drag due to lift, or induced drag
term and is sometimes referred to as Cp. The induced drag on all lifting
surfaces (wing, strakes, and horizontal tail)‘and the increment of pressure drag
when the aircraft is generating lift are included in this term. The term K in Eq.
(1.36) is referred to as the induced drag factor and can be seen to be equal to
1/meAR. If Mach effects are unimportant, K is a constant for a specific config-
uration. The term e is called the Oswald efficiency factor. It can be thought of
as a “fudge factor,” obtained through wind-tunnel and/or flight tests, which
takes into account such effects as a nonelliptical lift distribution and the varia-
tion of pressure drag with lift. Typically, e is on the order of 0.8, but no greater
than 1.0.

It is very convenient to present the drag polar graphically. Typically, this is
done in two ways, as presented in Fig. 1.56.

We have previously seen the parabolic presention of the drag polar. The
second graph is a linear presentation because Cj, is plotted as a function of
C?. This form of the drag polar is convenient for determining the induced drag
factor, K, which is simply the slope of the line. It is also a convenient format
for plotting individual flight test data points when determination of the drag
polar is the end objective. In this format, a linear curve fit to the data is
supported by theory.

Mach effects are typically defined through the values of Cp and K. For
example, Table 1.2 illustrates how these “constants” change for the F-16.

Another useful measure of drag used by aircrews is the drag count. A drag
count is defined as one ten thousandth of a drag coefficient, or

1 drag count = a Cp, of 0.0001

The drag count is simply a “user friendly” way to express the drag coefficient.
A Cp of 0.025 is equivalent to 250 drag counts. Drag counts are especially
useful when adding external protuberances to an aircraft. For example, the
addition of a forward radome on the AC-130H gunship adds approximately 23
drag counts to the total aircraft drag. This is equivalent to a drag coefficient

Fig. 1.56 Two ways of presenting the drag polar.
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increase of 0.0023, but 23 drag counts proves to be an easier number to
remember.

Example 1.13

Using Table 1.2, find the total drag counts for the F-16 at a lift coefficient
of 0.2 and Mach 0.86.
From Table 1.2, we have,

Cp, =0.0169 and K =0.117
Using Eq. (1.36),
Cp = Cp, + KC? =0.0169 + (0.117)(0.2)* = 0.02158

For this condition, the aircraft would have 215.8 drag counts.

1.5.3 Total Aircraft Drag
The total drag on an aircraft is simply

D =CpgS

It is useful to factor out velocity (V) in the previous equation, as shown:
R
D =[Cp, +KCL]§pV S

Substituting in

c _nW_ nw
LTgs T lpras

Table 1.2 Variation of Cp, and K with
Mach number for the F-16 (Ref. 2)

Mach Cp, K
0.1 0.0169 0.117
0.86 0.0169 0.117
1.05 0.0430 0.128
1.5 0.0382 0.252

2.0 0.0358 0.367
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We have

2K(nW)* | 1
pS V2

induced drag

1
D= [cDosz} V2 4+

parasite drag

(1.37)

From Eq. (1.37), it is clear that parasite drag is proportional to the square of
velocity. Induced drag behaves as the inverse of velocity squared. Qualitatively,
this is shown in Fig. 1.57. The total drag is the sum of parasite and induced
drag. From Eq. (1.37), it can be seen that changes in altitude (p), load factor
(n), configuration (Cp , S, and K), and/or weight will affect an aircraft’s total
drag. Reference 12 illustrates these effects.

We will see that the drag vs velocity curve is very important in defining
and optimizing aircraft performance characteristics such as range and endur-
ance.

1.6 Historical Shapshot—The AC-130H Drag Reduction Effort

In 1998, wind tunnel research was begun at the Air Force Academy Aero-
nautics Laboratory to investigate drag reduction approaches for the AC-130H
Gunship.'> The AC-130H is a C-130 aircraft modified with a 40-mm Bofors
cannon and a 105-mm Howitzer that fire out the left side of the aircraft, along
with a full complement of offensive and defensive avionics. The aircraft is
capable of performing various missions such as close air support and air inter-
diction. A picture of an AC-130H is presented in Fig. 1.58.

The numerous external protuberances required by these missions resulted in
a high level of drag on the AC-130H when compared to the standard C-130.
The primary focus of the drag reduction effort was to increase the aircraft’s
ceiling, range, and loiter time, and to decrease fuel consumption. The primary
objectives of this research included

1) determining the added drag counts of 14 external protuberances on the
AC-130H using a 1/48th scale wind tunnel model;

D total drag
\ parasite
e drag

induced

\\\\\ / | :

14

Fig. 1.57 Typical drag vs velocity curve for an aircraft.
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Fig. 1.58 AC-130H Gunship.

2) designing and evaluating drag reduction modifications that could be easily
installed and would not reduce the aircraft’s operational capability; and

3) projecting the operational impact of identified drag reduction modifications
in terms of loiter time, range, fuel savings, and ceiling.

To accomplish these objectives, wind tunnel testing was accomplished on a
variety of configurations and modifications using the Air Force Academy Sub-
sonic Wind Tunnel. A picture of this closed circuit wind tunnel is presented in
Fig. 1.59.

The 1/48th scale test model is shown mounted in the tunnel test section in
Fig. 1.60.

Drag coefficients resulting from the research were converted to drag counts
to make accurate comparisons and effective operational projections. The
program identified a maximum drag reduction potential of 53 drag counts
based on incorporation of nine recommended modifications. This translated to
a reduction in the parasite drag coefficient, Cp, , of 0.0053. Because the para-
site drag coefficient of a clean C-130 was approximately 0.03 as compared to
the AC-130H Cj, of 0.045, the identified drag reduction potential represented
approximately 35 percent of the added incremental drag (0.015) associated
with gunship modifications. To put this in perspective, the parasite drag portion
of the aircraft total drag curve as illustrated in Fig. 1.57 would be lowered by
35 percent which has important implications for aircraft performance improve-
ment. A performance simulation program projected a 1730-ft increase in ceil-
ing, and either a fuel savings of 14831b, a mission radius increase of 53
nautical miles, or a loiter time increase of 52 min for a 5-h combat mission.
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Type: Closed Cireut

Speed Range: SOfps-600fps

Lrrive Svsterm: 10004y Induction Motor
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pitek +/- 28 yaw +/- 25

Flenw Queality: < 2% dcrdulenes of all speeds
Tenpe roty tv: Adr Exchang

Fig. 1.59 U.S. Air Force Academy subsonic wind tunnel.

| Iy |

Fig. 1.60 AC-130 wind tunnel model.

These were significant improvements in combat capability resulting from a
reduction in parasite drag.
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Problems

1.1 Define the pressure, density, and temperature ratios. Based on these ratios
and the Perfect Gas Law derive an expression for density ratio (o) in
terms of pressure ratio () and temperature ratio (6).

1.2 A flight test engineer wants to obtain drag data at an ambient pressure of
1000 psf. (Use definitions of o,d, and 6. Interpolate to check your
answer.)

(a) At what altitude should the aircraft fly?

(b) What type of altitude is this?

(¢) The weather report shows the temperature is —15°C at this altitude.
Is it hotter or colder than standard and by how many degrees?

(d) What is the aircraft density altitude at these conditions?

1.3 An aircraft is flying at 88 ft/s at sea level on a standard day. Find the
velocity at a point on the wing where the static pressure is 2070 psf.

1.4 An aircraft is flying at a velocity of 50m/s at an altitude of Skm on a
standard day. At one point on the wing, the local velocity is 70 m/s. Find
the freestream dynamic pressure, the flowfield total pressure, and the
local static pressure at the point where the velocity is 70 m/s.
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1.5 Sketch a typical C; vs angle of attack curve and a Cp vs C; curve for
AR = oco. Show how the curves would change for an AR of 10 and 5.

1.6 Given a span efficiency of 0.95 and an aspect ratio of 10, find the three-
dimensional lift curve slope (C; ) and the slope of the Cj vs C? curve
(K).

1.7 The Fairchild Republic A-10 with the following characteristics is in level
unaccelerated flight.

Cp, = 0.032 S =506 ft? W = 23,200 1b
AR =6.5 e=0.87 C,. =20
Max Tg; = 9060 1b (each engine)

(a) Write the drag polar equation for the A-10 at this flight condition.
(b) Find the stall velocity in knots at sea level.
(c) What are the lift and drag of the A-10 at 300 knots at sea level?
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2
A Review of Basic Propulsion

To sustain flight for any appreciable amount of time, aircraft need some
type of propulsion system. The purpose of the propulsion system is to produce
a controllable force called thrust, which is made to act in concert with the
other forces on the aircraft (lift, drag, and weight) to produce the desired trans-
lational motion. In most cases thrust is used to accelerate the aircraft along the
flight path and to counteract drag; however, it is certainly possible for thrust to
be used in other ways such as to augment lift (for example, V-STOL aircraft
like the AV-8A Harrier).

2.1 Types of Propulsion Systems

A number of different propulsion choices exist for the aircraft designer.
This section provides a brief overview of different propulsion systems and their
advantages and disadvantages.

2.1.1 Piston—Propeller

The piston (or reciprocating) engine—propeller combination is probably the
most efficient propulsion system for low-speed aircraft (Fig. 2.1). This is true
because the propeller produces thrust by increasing the momentum of a rela-
tively large amount of air. Also, the reciprocating engine is efficient in terms
of fuel consumption. Fuel consumption is usually expressed as pounds of fuel
per hour per brake horsepower and given the name of brake-specific fuel con-
sumption (BSFC). Typical values of BSFC for aircraft reciprocating engines in
use today are 0.4 to 0.51b/bhp-h for cruise power. At flight speeds above
approximately Mach 0.3, the efficiency of the propeller starts to drop off
because of compressibility effects on the blades. The engine size necessary to
produce the required thrust makes other propulsion systems more attractive at
this point.

2.1.2 Turboprop

A turboprop propulsion system uses a gas turbine engine instead of a reci-
procating engine to power the propeller. A typical layout is shown in Fig. 2.2.
As air enters the engine, it is compressed somewhat by the ram effect of air
hitting the engine and being slowed down in the inlet. Most of the compression
is done in the compressor. Fuel is added and the mixture is burned in the
combustor. The hot gases are expelled to turn one turbine to drive the
compressor, and another turbine to drive the propeller. Because the turbine
speed is on the order of 16,000 rpm, a reduction gear is necessary to run the
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Direction of Rotation

Engine
Blade

Blade Element

Fig. 2.1 Piston—propeller.

propeller. The thermodynamic cycle on which the engine operates is known as
the Brayton cycle. Specific fuel consumption (SFC), similar to BSFC for reci-
procating engines, is expressed as pounds of fuel per hour per equivalent shaft
horsepower (ESHP). ESHP is the shaft power delivered to the propeller plus
effective power of any additional thrust produced by the exhaust gases. Cruise
SFC for modern turboprop engines is in the neighborhood of 0.61b/eshp-hr.
The extremely large airflow through the gas turbine engine, when compared to
that of the reciprocating engine, gives it a much larger power-to-weight ratio.
Also, the power output capability of a turboprop increases somewhat with
flight velocity because of the ram effect experienced by the air. These two
factors increase the efficiency of the system up to flight speeds of approxi-
mately Mach 0.6.

2.1.3 Turbojet

A turbojet is a gas turbine engine in which all of the thrust is produced by
the exit velocity of the exhaust gas. Only the power necessary to drive the
compressor (and a small amount to drive aircraft accessories, such as genera-
tors and hydraulic pumps) is extracted from the turbine. Figure 2.3 shows a

Propeller [4———— Gas Generator ——————

Compressor Burner Turbine

Fig. 2.2 Turboprop.
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Fig. 2.3 Turbojet engine.

typical turbojet. After leaving the turbine section, the high-pressure exhaust
gases are accelerated through the nozzle and exit the engine close to atmo-
spheric pressure. The thermodynamic cycle for a turbojet is a modified Brayton
cycle.

The most significant turbojet engine design criterion that limits the thrust
output (other than size) is the maximum allowable turbine inlet temperature.
The higher this temperature can be, the more energy that can be added to the
air, which means more energy is available to provide thrust after driving the
turbine. The maximum turbine inlet temperature depends on the material char-
acteristics of the turbine and whether or not blade cooling is used. A typical
value for maximum turbine inlet temperature is approximately 2000°F for
current high performance turbojets.

Fuel consumption for turbojet engines is referenced to thrust produced
instead of power produced and is called thrust-specific fuel consumption
(TSFC). It is usually expressed in pounds of fuel per hour per pound of thrust.
Typical values for a turbojet are usually in the neighborhood of 1.0 /h. Indivi-
dual engine component efficiencies and the compressor pressure ratio have a
major effect on the overall engine efficiency. Higher values of compressor pres-
sure ratio generally yield a greater efficiency. Typically this ratio varies from
5:1to 15:1.

2.1.4 Turbojet with Afterburner

In supersonic high-performance aircraft, turbojets are usually augmented
with afterburners. Figure 2.4 shows a schematic of this type of engine. Note
the only difference between this engine and Fig. 2.3 is the addition of a long
afterburner duct. After air passes through the turbine, additional fuel can be
selectively added and burned in the afterburner duct. The maximum allowable
temperatures are significantly higher than the maximum turbine inlet tempera-
ture, and as a result, a thrust increase of more than 50% is common for after-
burner use. A variable area nozzle is necessary because of the differences in
the volume of airflow, depending on whether or not the afterburner is in opera-
tion, as the exhaust gas is expanded to atmospheric pressure. Afterburner
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Fig. 2.4 Turbojet with afterburner.

operation causes a loss in efficiency, bringing the TSFC up to approximately
2.0 /hr. The turbojet, augmented as necessary by afterburning, serves most effi-
ciently in the Mach 1.0-2.5 range.

2.1.5 Turbofan

Spanning the speed regime between the turboprop and turbojet, the turbofan
provides the most efficient available propulsion. As expected, the turbofan can
be considered a cross between the ducted turboprop and a turbojet. Figure 2.5
provides a schematic of a typical turbofan engine. Figure 2.5(a) illustrates a
low-bypass ratio turbofan and Fig. 2.5(b) shows a high-bypass ratio turbofan.

A percentage of the air passes through the fan only and is expelled, provid-
ing some thrust. This is called the secondary or fan airflow. The rest of the air,
called the primary or core airflow, passes through the entire engine as in the
conventional turbojet. The ratio of the secondary mass flow rate to the primary
mass flow rate is called the engine bypass ratio (BPR) and is essentially
constant for a given engine.

Turbofans begin to lose their efficiency advantage over turbojets when
approaching sonic flight velocity because of their relatively large frontal area.
The actual velocity at which this occurs depends largely on the engine BPR, as
might be expected. The TF-39 has a BPR of approximately 8:1 and powers
the C-5, which cruises around Mach 0.8. The F-100 engine has a BPR of less
than one and powers the F-15 and F-16, whose missions require velocity
capabilities well into the supersonic region.

Fuel consumption of turbofans is measured by TSFC, just as with turbojets.
It generally runs approximately 0.5 /h for cruise conditions, although it can
vary significantly depending on the BPR. For example, TSFC for the TF-39 is
approximately 0.4 /h for normal cruise, where TSFC for the F-100 is close to
0.7 /h with afterburner.

2.1.6 Ramjet

At high flight velocities the air hitting the engine intake produces enough
compression for engine operation without having to power an active compres-
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Fig. 2.5 Turbofan bypass ratio diagrams.

sor. This enables the ramjet to operate without any moving parts. As shown in
Fig. 2.6, a turbine is not necessary because there is no compressor. These
engines have the advantage of being very simple. The obvious drawback is
that they must have sufficient flight velocity before they can produce thrust.
For this reason, they are used mainly on missiles augmented with rocket
engines. As far as efficiency is concerned, ramjets begin to surpass afterburn-
ing turbojets at flight speeds of approximately Mach 3 with TSFCs in the
neighborhood of 3 /h.

Fuel spray ring

Flame holder

i Inlet L Combustion zone —»L— Nozzle —»I

Fig. 2.6 Ramjet.
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Fig. 2.7 Operating regimes.

Figure 2.7 gives a qualitative summary of propulsion systems discussed in
this section.

Notice that there is considerable overlap in the altitude—airspeed envelopes
for these different propulsion systems, but Fig. 2.7 gives a general idea of the
specific areas of use.

2.2 Propulsion System Characteristics

Propulsion system characteristics can be predicted using a variety of meth-
ods. This text will present a simplified approach using the thrust equation and
corrected properties. These approaches are usually sufficient for analysis of
flight mechanics characteristics. Of course, more sophisticated approaches,
such as an engine contractor’s prediction program, can be used if these
resources are available and more accuracy is needed.

2.2.1 Thrust Equation

In understanding how an aircraft performs it is essential to develop the
aircraft thrust equation. To accomplish this, the engine can be modeled as a
control volume. The net force acting on the control volume can be thought of
as two separate forces. There is a force because of the change of velocity
(linear momentum) through the control volume, and there may be a differential
pressure force. Figure 2.8 shows a simple schematic of an engine. The thrust
force can be quantified by an application of Newton’s 2nd law. Newton’s 2nd
law in vector equation form is

d(mV)

SF =
dr

2.1)
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Fig. 2.8 Net thrust schematic.

The force exerted on the flow is in the same direction as the change of
momentum. Therefore, the force exerted on the flow in Fig. 2.8 acts to the
right assuming that V, > V. Newton’s 3rd law states that for every action
there is an equal and opposite reaction. In the analysis of a propulsion system,
this reaction is the thrust force. Because the force on the flow is to the right
(that is, force is exerted to speed the flow up), the thrust force (the equal and
opposite force on the propulsion system) acts to the left in Fig. 2.8. Assuming
steady, one-dimensional flow at the entrance and exit of the control volume,
the difference in linear momentum at the entrance and exit is represented by
the force equation:

d(mI7)=, i

IF = 5 = Ve = oV (2.2)

where

My, = PooAVy, (mass flow rate of air going into the engine)
m, = m, + m, (mass flow rate at the exit)
m, = the mass flow rate of the fuel
¥, = the nozzle exit velocity

V., = the freestream velocity entering the engine

The second force acting on the propulsion system is because of the differential
pressures at the entrance and exit, assuming that the entrance and exit areas are
parallel to each other. Therefore, the net pressure force (F),) perpendicular to
the areas in vector form is

FP = peAeHOml - pOOA iﬂOﬂTl (2 ° 3)
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where
4,

1:11‘ = the area of the inlet perpendicular to the engine centerline

norm

= the area of the nozzle exit perpendicular to the engine centerline

norm

The total net thrust, F,, expressed in vector form is therefore

Fn = _(mel;ve - moo VOO) +pelaenom1 _poolal (2.4)

norm

or

Fn = _[(moo + mf)Ve - moo Voo] +peAen°,m _pooAinmm (25)
The equation can be further simplified by making several additional assump-
tions. First, the mass flow rate of the air is assumed to be significantly greater
than the mass flow rate of the fuel (that is, m., > m,). Therefore, the mass
flow rate of the fuel will be neglected (that is, m, = 0). Second, it is also
assumed that freestream velocity vector is parallel to the nozzle exit velocity
vector (namely, [0 + ¢] &~ 0). Third, the area of the inlet and area of the
nozzle are assumed to act perpendicular to the freestream velocity. Finally, the
areas of the inlet and nozzle are assumed to be approximately equal (4, = 4,).
Pictorially, this is shown in Fig. 2.9.
These assumptions make the thrust vector equation into a scalar equation as
shown:

F,= moo Ve — moo Voo +peAe _poer (26)
or
F, = mooVe - mooVoo + (pe _poo)Ae (27)

If the nozzle is assumed to be operating on design, then p, = p,, and the
thrust equation simplifies to

F, =iV, — 1o Vo (2.8)

/\
F, < e =

v

Fig. 2.9 Thrust schematic after assumptions.
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This is by no means accurate enough for detailed jet engine analysis and thrust
calculations, but it serves as an approximation for determining net thrust pro-
vided the engine is operating close to its design point.

The first term, m. V,, is the gross thrust, F,, of the engine. F,, becomes the
static thrust at V,, = 0. Therefore, data collected on a static test stand yields
the gross thrust of an engine. Engine manufacturers provide data on an engine
in terms of this static thrust, usually presented for standard sea-level condi-
tions.

The second term, —m V., is known as the ram drag, F, (namely,
F, =m_ V). Therefore,

F,=F, — Vs (2.9)

Ram drag is not usually discussed in propulsion courses. Ram drag is the force
resulting from the change of linear momentum in bringing the flow from the
freestream velocity to a velocity near zero in the inlet. Recall the purpose of
an inlet to slow the velocity to near zero at the compressor face, which in turn
increases the pressure. This force opposes the gross thrust, so it causes the net
thrust to be less.

Typically, ram drag dominates in the incompressible flow regime at
M < 0.3. As the freestream velocity increases in this regime, ., increases in
both the gross thrust and ram drag term. However, V, is also present in the
ram drag term, causing that term to increase more. As a result, the net thrust
initially decreases with increasing velocity as shown in Fig. 2.10. In the
compressible flow regime (M > 0.3) ram effect, or ram recovery, is important.
In this regime there is an increase in the density and pressure as the velocity is
slowed down in the inlet because of compressibility effects. This higher pres-
sure at the compressor face results in a larger gross thrust that increases faster
than the rise in ram drag. As a result, there is an increase in the net thrust with
increasing velocities at the higher Mach numbers, as shown in Fig. 2.10.

2.2.2 Functional Relationship of Thrust

The net thrust of the engine depends on a number of parameters. These
include p, Poo> Too> Veor Moo, N, and D, where N is engine rpm based on

F Fy
L TR
=03
0 + M
- Ram drag

Fig. 2.10 Ram drag and ram effect for nonafterburning turbojet.
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throttle setting and D is the engine diameter. The number of variables can be
reduced because p,, and T, fixes the value of p_. These parameters also
make up mass flow rate. Therefore,

Fy =f(Poos Toos Voos N, D) (2.10)

As a result, the presentation of thrust data for an engine must reflect the condi-
tions at which the data were obtained. Often, data are presented for an aircraft
in thrust curves for a specific rpm setting and a given altitude based on stan-
dard conditions, such as the T-38 data shown in Fig. 2.11. Note that the plot
yields the net thrust as a function of Mach number for military power (100%
rpm) and maximum power (100% rpm with afterburner) at standard sea-level
conditions. This provides valuable information but does not tell what happens
if the aircraft is operating at any other throttle setting or a flight condition
other than standard sea-level values at that altitude. Therefore, an infinite
number of plots would be required to characterize the thrust performance at all
possible flight conditions. An alternate, and very useful, method of presenting
thrust information involves the use of corrected properties in conjunction with
the net thrust equation in Eq. (2.10).

2.2.3 Corrected Properties

Dimensional analysis shows, and is verified by experimental results, that the
number of variables can be greatly reduced by using corrected properties. The
primary corrected properties used are corrected gross thrust, corrected thrust-
specific fuel consumption (TSFC), and corrected airflow, which are usually
defined as a function of corrected rpm and M. These properties depend on the
temperature and pressure ratios (6 and ¢) defined in Eq. (1.7) and are summar-
ized as follows:

N
N, = 7@ is corrected rpm
Fy
F, = 3 is corrected gross thrust
w
f .
m is corrected TSFC based on gross thrust | g¢atic Case M, =0
W
—_ is corrected TSFC based on net thrust
F /0
o JO
Wa”éf is corrected airflow

2.11)
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For the turbojet, the gross thrust, TSFC, and airflow data can be obtained in
static tests (V,, = 0) on a test stand and corrected to standard sea-level condi-
tions for presentation. These corrected data can be plotted on a series of
nominal graphs as shown in Fig. 2.12 that can be used to analyze any possible
operating condition. These graphs are very powerful and can be used to deter-
mine the gross thrust, TSFC, and mass airflow for any atmospheric condition
and throttle setting.

Note that the aforementioned quantities are based on the static case
(Vo = 0). The corrected properties are the same for the in-flight case, V', > 0,
except that 6 and J are replaced in the equations with 6, and d, respectively,

where
T
0, ==2 2.12
r=7 2.12)
F_g wi
5 F,6
N N
Je N
Wair\fe
I}
N
Jo

Fig. 2.12 Corrected properties vs corrected rpm.
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and
5y = ) (2.13)
Dsi

Note that the total temperature, 7, and the total pressure, p,, are used in 0;
and O, respectively, instead of the static temperature, 7, and static pressure, p.
From the isentropic relations, 0, and J, are easily found to be

0, = 9(1 +%M2> (2.14)
=1, =
or =014+ 5—M (2.15)

For the static case (M = 0), § = 0, and 6 = J;, which means the static case is
just a subset of the in-flight case. Therefore, more general forms of the cor-
rected properties are

is corrected rpm

is corrected gross thrust

is corrected TSFC based on gross thrust

is corrected TSFC based on net thrust

is corrected airflow (2.16)

For the in-flight case (namely, V > 0), these total properties, 0 and oy,
replace the static properties, 6 and o, respectively, on the axes in Fig. 2.12.

Actual data for the J69 engine used in the T-37B aircraft are shown in Figs.
2.13 through 2.15. Figure 2.13 depicts the corrected gross thrust as a function
of corrected rpm. Note that the corrected gross thrust data provided are for a
single engine only; therefore, the results must be multiplied by two to reflect
the two engine T-37B.

Figure 2.14 shows the corrected TSFC as function of corrected rpm for the
J69 engine. Because TSFC is represented in pounds of fuel per hour per
pound of thrust produced, it will have the same value for one engine or two
engines. It is the actual flow rate of the fuel in pounds per hour, w,, which
must be doubled for two engines.

Figure 2.15 shows the corrected airflow as function of corrected rpm. Just
as in Fig. 2.13, the data presented are for only one engine and must be multi-
plied by two for the T-37B.
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Static Thrust J69-T-25 Engine

1000
900
800
Corrected
Gross 700
Thrust e e e
F, Fg 500
9 or- 9
) orT
400
ago o R R
ap0 Joi e e R e
100
0 - . - - - . - -
8 9 10 1 12 13 14 15 16 17 18 19 20 21 22
(x 1000)
N N

ﬁOI’E

Fig. 2.13 Corrected gross thrust vs corrected rpm for J69.

Note that the data are a function of both corrected rpm and Mach number.
For Mach numbers other than those listed, the user must interpolate to estimate
the corrected airflow.

The use of the corrected property plots (Figs. 2.13 through 2.15) is best
illustrated with the following T-37 example.

Example 2.1

A T-37 is cruising at 20,000 ft pressure altitude at 300 kn true airspeed. The
outside air temperature is —20°F and the actual engine speed is 18,000 rpm.
Assume that the angle between the ram drag and gross thrust is 180 deg. Deter-
mine the net thrust and the fuel flow rate.
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Fig. 2.14 Corrected TSFC vs corrected rpm for J69.

Solution: Because the aircraft is in flight, the corrected properties must be
determined based on the total temperature ratio and the total pressure ratio
(namely, 0, and d;, respectively). To determine these ratios it is first necessary
to determine the Mach number.

Voo (300 kn)(1.689 ft/sec/kn)

T4 RT ~ J(14)(1716 ft - Ib/slug - R)(_20°F 1 460°F)

0 is determined using

g T _(20°F+460°F) _ o ooo
T, 518.67°R

Y

and J can be read directly from the standard atmosphere table because the
aircraft is operating at a pressure altitude of 20,000 ft.

0 = 0.4595
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T-37B J-69-25 Engine
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Fig. 2.15 Corrected airflow vs corrected rpm.

The total properties are found using the isentropic relations,

-1 14 -1
0y = 9(1 + VTMZ) - (0.8483)[1 + (27)(0.493)2] — 0.8895
and
I\ 141 s
5 = 5(1 + V%Mz) = (0.4595)[1 + %(0.493)2} = 0.5425
The corrected rpm, N, is
N N 18,000 = 19,085 rpm

< Jo; 0889

Using Fig. 2.13, the gross corrected thrust, F, , is found to be approximately
610p for one engine. Therefore, the actual gross thrust, F,, for one engine is
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found using Eq. (2.11).
Fy = F, 07 = (610 1bf)(0.5425) = 330.9 Ibf
Therefore, for both engines
F, = (2 engines)(330.9 Ibf//engine) = 661.8 Ibf
The net thrust, £, is found using Eq. (2.9).
F,=F, —myVy
